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FOREWORD 


The  Helicopter  Engineering  Handbook  forms  a part  of  the  Engineering  Design 
Handbook  Series  which  presents  engineering  data  for  the  design  and  construction  of 
Army  equipment. 

This  volume,  AMCP  706-201,  Preliminary  Design,  is  Part  One  of  a three-part  Engi- 
neering Design  Handbook  titled  Helicopter  Engineering.  Along  with  AMCP  706-202, 
Detail  Design  and  AMCP  706-203,  Qualification  Assurance,  this  part  is  intended  to  set 
forth  explicit  design  standards  for  Army  helicopters,  to  establish  qualification  require- 
ments, and  to  provide  technical  guidance  to  helicopter  designers  in  both  the  industry 
and  within  the  Army. 

This  volume,  AMCP  706-201,  discusses  the  characteristics  and  subsystems  which 
must  be  considered  during  preliminary  design  of  a helicopter.  Additionally,  possible 
design  problems  encountered  during  helicopter  design  are  discussed  and  possible  solu- 
tions suggested.  The  volume  is  divided  into  14  chapters  and  is  organized  as  described 
in  Chapter  1,  the  introduction  to  the  volume. 

AMCP  706-202  deals  with  the  evolution  of  the  vehicle  from  an  approved  preliminary 
design  configuration.  As  a result  of  this  phase,  the  design  must  provide  sufficient  detail 
to  permit  construction  and  qualification  of  the  helicopter  in  compliance  with  the 
approved  detail  specification  and  other  requirements.  Design  requirements  for  all 
vehicle  subsystems  also  are  included  in  AMCP  706-202. 

The  third  volume  of  the  handbook,  AMCP  706-203,  defines  the  requirements  for 
airworthiness  qualification  of  the  helicopter  and  for  demonstration  of  contract  compli- 
ance. The  test  procedures  used  by  the  Army  in  the  performance  of  those  additional  tests 
required  by  the  Airworthiness  Qualification  Program  to  be  performed  by  the  Army  also 
are  described. 
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PREFACE 


This  volume,  AMCP  706-201,  Preliminary  Design,  is  (he  first  section  of  a three-part 
engineering  handbook,  Helicopter  Engineering,  in  the  Engineering  Design  Handbook 
series.  It  was  prepared  by  Forge  Aerospace,  Inc.,  Washington,  D.C.,  under  subcontract 
to  the  Engineering  Handbook  Office,  Duke  University,  Durham,  N.C. 

The  Engineering  Design  Handbooks  fall  into  two  basic  categories,  those  approved 
for  release  and  sale,  and  those  classified  for  security  reasons.  The  Army  Materiel 
Command  policy  is  to  release  these  Engineering  Design  Handbooks  to  other  DOD 
activities  and  their  contractors,  and  other  Government  agencies  in  accordance  with 
current  Army  Regulation  70-31,  dated  9 September  1966.  It  will  be  noted  that  the 
majority  of  these  Handbooks  can  be  obtained  from  the  National  Technical  Information 
Service  (NTIS).  Procedures  for  acquiring  these  Handbooks  follow: 

a.  Activities  within  AMC,  DOD  agencies,  and  Government  agencies  other  than 
DOD  having  need  for  the  Handbooks  should  direct  their  request  on  an  official  form 
to: 

Commander 

Letterkenny  Army  Depot 
ATTN:  AMXLE-ATD 

Chambersburg,  PA  17201 

b.  Contractors  and  universities  must  forward  their  requests  to: 

National  Technical  Information  Service 
Department  of  Commerce 
Springfield,  VA  22151 

(Requests  for  classified  documents  must  be  sent,  with  appropriate  "Need-to-Know  ' 
justification,  to  Letterkenny  Army  Depot.) 

Users  of  the  handbook  are  encouraged  to  contact  USAAVSCOM,  St.  Louis,  Mo., 
Flight  Standards  and  Qualification  Division  (AMSAV-EFI),  with  their  recommenda- 
tions and  comments  concerning  the  handbook.  Comments  should  be  specific  and 
include  recommended  text  changes  and  supporting  rationale.  DA  Form  2028,  Recom- 
mended Changes  to  Publications  (available  through  normal  publications  supply  chan- 
nels) may  be  used  for  this  purpose.  A copy  of  the  comments  should  be  sent  to  : 

Commander 

US  Army  Materiel  Command 
ATTN:  AMCRD-TV 
5001  Eisenhower  Avenue 
Alexandria,  VA  22333 

Revisions  to  the  handbook  will  be  made  on  an  as-required  basis  and  will  be  dis- 
tributed on  a normal  basis  through  the  Letterkenny  Army  Depot. 
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CHAPTER  X 

INTRODUCTION 


10  INTRODUCTION 

This  volume,  Preliminary  Design,  is  Part  One  of  a 
three-part  engineering  design  handbook  series  on  heli- 
copter engineering.  The  other  two  parts  are  AMCP 
706-202,  Detail  Design,  and  AMCP  706-203,  Qualifica- 
tion Assurance. 

Preliminary  design  is  the  initial  engineering  activ- 
ity in  the  development  of  any  new  weapon  system. 
The  capability  defined  by  the  U.S.  Army,  first  in  the 
Required  Operational  Capability  (ROC),  and  then, 
more  specifically,  in  a Request  for  Quotation  (RFQ) 
or  Request  for  Proposal  (RFP).  is  the  basis  for  the 
development  of  a new  system  During  preliminary 
design  the  characteristics  necessary  to  provide  the 
required  mission  capability  arc  combined  with  the 
characteristics  necessary  to  insure  an  acceptable  cost 
of  owner?  hip.  Since  these  characteristics  sometimes 
tend  to  conflict,  the  preliminary  design  process  com- 
prises many  tradeoffs  and  compromises,  offering  a 
challenge  to  the  creative  capability  of  the  contrac- 
tor's engineering  organizations. 

Detail  design  is  that  portion  of  the  design  cycle  that 
commences  upon  award  of  a development  contract. 
During  detail  design  all  subsystems  and  components 
must  be  defined  completely,  by  specifications  and/or 
drawings,  so  that  the  helicopter  can  be  assembled  and 
qualified.  The  requirements  unique  to  the  detail  design 
are  discussed  in  AMCP  706-202,  while  the  require- 
ments for  qualification  are  described  in  AMCP  706- 
203. 

Helicopters  are  defined,  for  the  purposes  of  this 
handbook,  as  those  aircraft  which  derive  both  lift  and 
propulsive  force  from  a powered  rotary  wing  and  have 
the  capability  to  hover  and  to  fly  rearward  and  side- 
ward, as  well  as  forward  Existing  configurations  used 
by  the  Army  include  a single  lifting  rotor  with  an  an- 
titorque rotor,  and  tandem  lifting  rotors.  A compound 
helicopter  is  a helicopter  which  incorporates  fixed-wing 
surfaces  to  partially  unload  the  lifting  rotor  and/or 
additional  thrust  producing  devices.  Such  devices  sup- 
plement the  thrust-producing  capability  of  the  lifting 
rotor(s). 


Army  helicopters  are  classified  with  respect  to  the 
general  mission  they  are  developed  to  accomplish. 
Classes  of  interest  are: 

1.  Attack  Helicopter  (AH).  A fast,  highly  ma- 
neuverable, heavily  armed  machine  used  for  combat 
fire  support  and  helicopter  escort  missions.  The  attack 
helicopter  may  well  be  a compound  vehicle,  i.e.,  with 
auxiliary  forward  propulsion  and/or  a stub  wing  used 
to  unload  the  main  rotor  in  high-speed  flight. 

2.  Cargo  Helicopter  (CH).  Medium-  and  heavy- 
lift  classes  that  are  intended  primarily  for  heavy  load- 
carrying missions.  The  loads  may  be  carried  internally 
or  externally.  These  helicopters  generally  have  a wide 
range  of  center  of  gravity  (CG)  travel. 

3.  Observation  Helicopter  (OH).  A small,  light 
machine  that  may  be  useful  for  a variety  of  missions 
including  surveillance,  target  acquisition,  command 
and  control,  etc.  Light  armament  may  be  installed. 

4.  Training  Helicopter  (TH).  A small  helicopter 
usually  with  seating  only  for  instructor  and  student- 
pilot,  or  a helicopter  of  one  of  the  other  mission  classes 
specifically  assigned  to  the  training  mission. 

5.  Utility  Helicopter  (UH).  A class  that  is  assigned 
a wide  variety  of  missions  such  as  medical  evacuation, 
transporting  personnel,  and/or  light  cargo  loads.  Speed 
and  maneuverability  are  required  in  order  to  minimize 
vulnerability  when  operating  over  hostile  territory. 

This  handbook  discusses  the  design  requirements  ap- 
plicable to  Army  helicopters  for  all  missions  under 
visual  flight  rule  (VFR)  operation,  day  or  night.  As 
such,  the  scope  of  this  document  has  been  limited  to 
cover  the  basic  aerial  vehicles.  Design  requirements  for 
mission-essential  equipment — e.g.,  weapons,  sensors, 
cargo-handling  equipment — are  beyond  this  scope  and 
are  not  discussed,  although  the  helicopter -integral  in- 
terface requirements  for  such  equipment  are  included. 
The  design  of  power  plants,  batteries,  generators  or 
alternators,  and  similar  components,  are  also  beyond 
the  scope  of  the  handbook. 

The  US  Army's  mission  assignments  in  land  war- 
fare result  in  an  operational  environment  that  is  severe. 
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almost  infinitely  variable,  and  yet  unique.  The  Army 
must  be  prepared  to  operate  anywhere  in  the  world  in 
climate  that  is  hot  or  cold,  in  atmosphere  that  is  humid 
or  dry,  and  on  terrain  that  is  rugged  or  level.  The 
Army’s  materiel  and  equipment,  including  its  helicop- 
ters, must  be  capable  of  effective  performance  in  any  of 
these  environments.  Furthermore,  the  helicopters  must 
operate  with  the  combat  force,  making  regular  use  of 
unprepared  or  rapidly  cleared  sites.  Servicing  and  or- 
ganizational maintenance  will  be  performed  in  similar 
surroundings.  The  Army  helicopter,  therefore,  must  be 
sufficiently  rugged  to  perform  its  mission  effectively 
under  such  diverse  operating  conditions,  yet  be  me- 
chanically simple  in  order  to  be  maintained  easily  with- 
out specialized  facilities  and  equipment  or  highly 
skilled  personnel. 

In  addition  to  being  able  to  perform  its  assigned 
mission  effectively  in  a variety  of  operational  environ- 
ments, the  Army  helicopter  must  be  designed  for  safety 
and  survivability.  Safety  can  be  enhanced  by  design. 
Hazards  must  be  identified  and  appropriate  action 
taken  to  minimize  both  the  probability  of  occurrences 
and  the  consequences  of  equipment  failure  and/or  hu- 
man error.  Provision  must  be  made  for  the  protection 
of  personnel  following  damage  to  the  helicopter 
whether  as  a result  of  combat-related  accidents,  or  nor- 
mal peacetime  operations.  Therefore,  as  this  handbook 
is  concerned  with  design  and  development  of  helicop- 
ters for  the  U.S.Army,  it  discusses  not  only  the  methods 
of  providing  the  performance  characteristics  essential 
to  assigned  missions,  but  also  those  additional  design 
requirements  and  characteristics  necessary  for  surviva- 
bility and  safety. 

This  preliminary  design  volume  is  organized  in  a 
functional  manner.  The  design  process  requires  the 
coordinated  activities  of  a number  of  engineering  disci- 
plines. In  order  to  facilitate  the  evaluation  of  the  suita- 
bility or  adequacy  of  a given  design  by  specialists  in 
each  applicable  discipline,  this  volume  has  been  ar- 
ranged to  discuss  the  various  disciplines  in  separate 
chapters.  The  integration  of  individual  mission  and  de- 
sign requirements  into  a complete  and  coordinated  de- 
sign is  treated  from  two  important,  but  different,  points 
of  view  in  separate  chapters.  This  document  may  be 
used  as  a guide  for  the  development  and/or  review  of 
a proposed  response  to  a Government  solicitation. 

In  Chapter  2 the  definition  and  determination  of 
mission  effectiveness  are  discussed.  The  performance 
capabilities  must  be  combined  with  the  availability  for 
assignment  to  obtain  a meaningful  measure  of  mission 
effectiveness.  The  design  alternatives  available,  mean- 
while. permit  a given  level  of  effectiveness  to  be 
achieved  at  various  levels  of  cost.  The  final  criterion  for 
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selection  of  a candidate  design  is  its  cost  effectiveness, 
with  the  cost  of  prime  interest  being  life-cycle  cost. 

Chapter  3 discusses  helicopter  performance.  In- 
cluded are  the  fundamentals  of  rotary-wing  aerody- 
namics and  the  inherent  relationships  between  basic 
design  parameters  with  specific  mission  performance 
requirements  defined.  A parametric  analysis  can  be 
performed  to  select  or  define  the  geometric  and  aerody- 
namic characteristics  of  the  design.  With  these  charac- 
teristics known,  detailed  performance  can  be  calculated 
over  the  entire  operational  envelope. 

Chapter  4 treats  structural  design.  The  applicable 
design  criteria  are  defined  and  discussed.  The  applica- 
tion of  these  criteria  to  a given  design  with  specific 
performance  results  in  the  definition  of  loads  pertinent 
to  alt  structural  components.  The  static  strength 
adequacy  of  the  components  is  then  determined  by 
stress  analysis.  A large  number  of  helicopter  compo- 
nents are  subject  to  oscillatory  or  repeated  loadings  of 
sufficient  magnitude  that  fatigue  rather  than  static 
strength  is  the  critical  structural  design  consideration. 
Methods  of  fatigue  life  determination  are  discussed. 

Chapter  5 discusses  the  dynamics  of  helicopters.  Of 
particular  concern  are  the  potential  instabilities  of 
those  parts  of  the  helicopter — both  rotating  and  non- 
rotating— that  are  subject  to  oscillating  loads.  Methods 
of  analysis  of  the  responses  of  these  systems  and  the 
design  requirements  and  techniques  for  preventing 
these  instabilities  are  discussed. 

Chapter  6 discusses  handling  qualities,  or  those  char- 
acteristics of  the  helicopter  which  result  from  and  de- 
pend upon  the  interrelation  between  its  stability  and 
control  characteristics.  Design  requirements  are  de- 
fined separately  for  stability  and  control,  but  the  intent 
is  the  achievement  of  flying  qualities  appropriate  to  the 
assigned  mission  of  the  helicopter. 

Chapters  7,  8,  and  9 discuss  the  design  requirements 
pertinent  to  those  subsystems  not  previously  described 
in  detail  that  are  fundamental  to  the  operation  and 
performance  of  the  helicopter.  These  are  the  drive  sys- 
tem, the  power  plant  and  its  supporting  subsystems, 
and  secondary  power  subsystems. 

Chapter  10  discusses  the  subject  of  weight  and  bal- 
ance which  is  essential  to  any  aircraft.  Included  are 
discussions  of  weight  and  balance  determination  meth- 
ods and  weight  control  guidelines  pertinent  to  prelir 
nary  design. 

Chapter  11  discusses  maintainability  requirements. 
Included  are  those  considerations  essential  during  the 
design  phases  to  assure  maximum  maintainability  of 
the  helicopter.  Chapter  12  discusses  the  characteristics 
of  reliability  and  availability.  Those  design  considera- 
tions and  requirements  that  contribute  to  the  achieve- 
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ment  of  required  levels  of  reliability  and  availability 
also  are  reviewed. 

In  Chapter  13  the  integrated  design  is  discussed.  The 
selection  of  an  arrangement  and  configuration  includes 
the  consideration  of  ail  pertinent  design  require- 
ments— whether  they  pertain  to  the  complete  helicop- 
ter, the  individual  subsystem,  or  the  personnel  who  will 
operate  and  maintain  it.  The  requirements  applicable  to 
the  complete  helicopter  depend  upon  the  assigned  mis- 
sions and  the  operational  environment,  and  also  upon 
the  capability  to  be  delivered  to  the  assigned  duty.  There- 
fore transportability  may  impose  restraints  upon  opera- 
tional characteristics  or  upon  the  methods  of  manufac- 
ture and  assembly  of  the  helicopter. 

The  final  chapter  (Chapter  14)  of  this  part  of  the 
handbook  defines  the  documentation  which  may  be 
required  to  define  the  proposed  design.  A given  heli- 
copter program  will  probably  not  require  all  the  docu- 


AMCP 706-201 


mentation  listed.  The  intent  of  this  chapter  is  to  provide 
a definition  of  the  information  needed  to  permit  a de- 
tailed evaluation  of  all  possible  ehnractcristics  of  a pro- 
posed design. 

Throughout  this  volume,  the  mandatory  design  re- 
quirements have  been  identified  with  the  contractual 
language  that  makes  use  of  the  imperative  word 
“shall".  To  assist  in  the  use  of  this  document  in  the 
planning  of  a helicopter  program,  the  word  ** shalF ' has 
been  italicized  in  the  statement  of  each  such  require- 
ment. 

. Since  the  preliminary  design  requirements  for  in- 
dividual programs  may  vary  from  the  level  of  detail 
described  in  this  volume,  the  procuring  activity  will 
specify  in  its  Request  for  Proposal  the  extent  to  which 
these  requirements  are  applicable  to  the  design  of  a 
given  helicopter. 
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CHAPTER  2 

MISSION  EFFECTIVENESS 


2*1  INTRODUCTION 

The  ultimate  measure  of  the  value  of  a helicopter  is 
its  effectiveness  in  performing  its  assigned  mission(s). 
Until  recent  years  quantitative  treatment  of  the  system 
value  concept  usually  has  resulted  in  considerable  disa- 
greement as  to  what  constitute  meaningful  measure- 
ment criteria  and  evaluation  techniques.  The  demand 
for  greater  performance  and  the  corresponding  escala- 
tion of  costs,  however,  have  necessitated  the  develop- 
ment of  better,  more  useful  mission  effectiveness  es- 
timating methodologies. 

Although  most  actual  computations  normally  are 
performed  as  a part  of  requirements  derivation  and  are 
refined  further  during  concept  formulation,  an  under- 
standing of  mission  effectiveness  provides  design  engi- 
neers and  program  management  personnel  with  essen- 
tial guidance  during  preliminary  design.  Thejr 
technical  decisions  must  reflect  careful  consideration  of 
the  many  parameters  and  trade-offs  that  contribute  to 
the  ultimate  effectiveness  of  the  resulting  helicopter. 

This  chapter  provides  the  general  background  infor- 
mation about  and  discusses  the  philosophy  of  the  mis- 
sion effectiveness  concept,  along  with  a number  of  ap- 
proaches and  methodologies  used  in  quantification 
thereof.  Detailed  instructions  relative  to  application  of 
the  techniques  have  been  omitted,  however,  as  being 
inappropriate  for  the  preliminary  design  phase  and 
hence  beyond  the  scope  of  this  handbook.  Refs.  1-27 
and  AMCP  706-191  provide  depth  of  detail  with  re- 
spect to  specific  analytical  methods. 

2-2  MiLiTARY  SYSTEM 

REQUIREMENTS  AND  MISSION 
EFFECTIVENESS 

The  helicopter  must  interface  with  the  other  relevant 
elements,  e.g.,  combat,  logistic  (or  support),  command, 
control,  and  communication  subsystems,  within  the 
parent  organization  or  system.  In  other  words,  a heli- 
copter must  perform  its  mission  as  a completely  inte- 
grated component,  providing  support  for  and  acting  in 


conjunction  and  in  balance  with  associated  subsystems 
and  components.  This  concept  is  depicted  in  Fig.  2-1. 

The  inputs  to  the  helicopter  are  figurative  rather 
than  literal  in  this  example;  they  refer  to  the  require- 
ments and  constraints  placed  upon  the  vehicle  by  its 
association  with  the  other  elements.  In  a sense,  the 
helicopter  output  is  its  mission  performance.  This  out- 
put contributes  in  part  to  the  overall  output  of  the 
parent  system,  which,  in  turn,  represents  mission  per- 
formance. 

Mission  effectiveness,  then,  becomes  the  measure- 
ment of  this  performance,  be  it  for  the  parent  system 
or  any  of  its  components.  Actually,  the  component 
variables  have  the  same  relevance  to  this  larger  system 
as  they  do  to  the  subsystem;  the  primary  differences  are 
the  degree  and  level  of  definition.  Although  the  subse- 
quent paragraphs  are  oriented  toward  the  helicopter, 
the  overall  applicability  of  the  concept  to  weapon  sys- 
tem design  should  be  borne  in  mind. 

2-2.1  MILITARY  SYSTEM  REQUIREMENTS 

Military  system  requirements  may  emanate  from 
several  sources.  Among  these  sources  are: 

1.  The  potential  for  improved  r"  Mlities  offered 
by  state-of-the-art  advancement., 

2.  Recognized  deficiencies  based  upon  operational 
experience 

3.  An  identified  threat  for  which  no  counterthreat 
exists 

4.  Concepts  evolved  from  long-range  studies  of 
postulated  future  operations  and  from  long-range  tech- 
nical forecasts. 

The  requirements  normally  will  specify  what  types  of 
missions  and  levels  of  performance  the  system  should 
be  capable  of  delivering.  For  example,  an  observation 
helicopter  may  be  required  to  perform  surveillance, 
artillery  adjustment,  command  and  control,  and  simi- 
lar missions.  In  performing  these  missions,  the  helicop- 
ter should  be  capable  of  attaining  given  levels  of  range, 
speed,  and  payload  for  each  type  of  mission.  The  speci- 
fication also  may  require  provisions  for  weapon,  sur- 
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veillance,  and/or  communication  equipment  installa- 
tions. 

It  is  the  task  of  the  designer  to  analyze  and  assimilate 
the  specifications  and  to  produce — through  technical 
skill,  trade-offs,  and  optimization — the  system  that  has 
the  highest  probability  of  satisfying  the  military  system 
requirements  at  the  lowest  possible  cost  (Ref.  1). 


2-2.1. 1 Operations  Research  (OR) 


In  most  instances  the  development  of  quantitative 
design  objectives  from  the  sources  listed  in  par.  2-2. 1 is 
characterized  by  a series  of  broad  and  highly  iterative 
analytical  studies.  The  science  of  operations  research 
(OR)  is  one  of  the  principal  tools  in  this  effort. 

The  generalized  procedural  steps  used  in  OR  studies 
are: 

1.  Formulation  of  the  problem 

2.  Establishment  of  measures  of  effectiveness 

3.  Determination  and  collection  of  relevant  data 

4.  Construction,  exercise,  and  analysis  of  a repre- 
sentative mode! 

5.  Derivation  and  interpretation  of  the  solution(s) 

6.  Verification  of  the  solution(s)  by  experiment 

7.  Recommendations  and  implementation  (Refs.  2 
and  3). 


1.  Mathematical  modeling 

2.  Simulation  (manual  or  automated) 

3.  War  gaming 

4.  Field  experiments 

5.  Troop  testing 

6.  Cost-effectiveness  analysis 

7.  Human  factors  analysis  and  testing 

8.  Systems  analysis  studies. 


Selection  of  the  appropriate  technique  is  dependent  to 
a large  degree  upon  the  nature  of  the  particular  prob- 
lem, the  available  resources,  and  the  skill  and  philoso- 
phy of  the  analyst. 

In  general,  OR  attempts  to  project  a quantified  over- 
view of  the  entire  system  so  that  its  sensitivity  to  the 
particular  subsystem  or  component,  e.g.,  the  helicop- 
ter, can  be  measured.  Estimates  of  expected  mission 
performance,  requirements  for  operational  and  sup- 
porting force  structures,  and  system  costs  are  typical 
outputs  of  the  analyses. 


2-2. 1.2  Budgetary  Considerations 


Tae  actual  analytical  techniques  and  methodologies 
that  are  used  in  each  step  are  far  too  numerous  to 
catalog  or  define  here.  For  example.  Step  4 could  be 
implemented  by  one  or  a combination  of  the  following 
OR  procedures: 


The  continual  demand  for  improved  performance 
capabilities,  which  usually  translate  into  increased 
complexity  with  an  attendant  growth  in  total  system 
cost,  has  magnified  the  importance  of  budgetary  con- 
siderations in  recent  years.  The  use  of  cost-effectiveness 
methodologies  in  OR  normally  allows  the  projection  of 
a first-order  estimate  of  the  costs  necessary  to  the  pos- 
tulated mission  objectives. 
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Fig.  2-1.  Helicopter  as  a Subsystem 
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J It  is  important  that  the  fiscal  requirements  of  the 
^ system  in  question  be  tempered  by  the  demands  of 
other  systems  within  the  overall  military  structure.  In 
turn,  the  military  requirements  must  be  weighed 
against  other  national  objectives.  In  other  words,  some 
degree  of  balance  must  be  achieved  within  budgetary 
constraints.  It  is  not  unusual,  therefore,  to  find  that 
many  desirable  proposed  military  system  requirements 
must  be  relaxed  or  abandoned  bemuse  of  budgetary 
considerations.  This  circumstance  forces  the  establish- 
ment of  priorities  to  insure  that  the  essential  character- 
istics of  the  system  are  retained  without  undue  degra- 
dation of  its  capabilities. 

Setting  priorities  is  one  of  the  most  critical  tasks  in 
the  formulation  of  military  system  requirements.  The 
user  must  be  made  to  realize  that  practical  constraints 
exist.  For  example,  a particular  desired  capability 
might  result  in  severe  weight  penalties,  exceed  the  cur- 
rent state-of-the-art,  or  be  prohibitively  costly.  Thus, 
the  trade-offs  must  be  weighed  before  a firm  statement 
of  need  is  finalized.  The  user  should  be  expected  to 
temper  the  statement  of  requirements  accordingly,  but 
this  should  not  imply  a stifling  influence  upon  the  ulti- 
mate conceptual  design.  Rather,  it  demands  that  sound 
I bases  and  rationales  be  developed  to  justify  and  validate 

' each  of  the  system  requirements.  Further,  evidence 
must  be  presented  to  indicate  that  appropriate  inter- 
faces with,  and  sensitivities  of,  other  systems  and  the 
budget  have  been  analyzed. 


2-2.2  DESIGN  CYCLE 

In  the  preliminary  design  phase,  the  user’s  mission 
requirements  are  translated  into  a general  configura- 
tion. The  purpose  is  to  determine  whether  the  military 
system  requirements  are  obtainable  within  the  con- 
straints of  money  and  state-of-the-art.  A degree  of  risk 
or  uncertainty  usually  is  present  .1  new  designs.  This 
risk  can  be  tolerated  when  the  budget  will  permit  ade- 
quate supporting  research  and/or  development  concur- 
rently. 

Corporate  design  philosophy  and  experience  influ- 
ence the  preliminary  design  phase  to  a considerable 
extent.  Normally,  a number  of  configurations  are  de- 
signed, with  each  incorporating  the  proprietary  fea- 
tures for  which  the  particular  company  is  noted.  In 
addition,  each  design  reflects  the  company’s  interpreta- 
tion and  understanding  of  the  military  system  require- 
ments and  design  criteria. 

Fig.  2-2  depicts  conceptually  the  manner  in  which  all 
elements  of  a design  are  brought  together  to  satisfy  the 
user’s  requirements.  This  process  is  repeated  separately 
for  each  proposed  configuration  and  consists  of  consid- 
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erable  trade-off,  iteration,  and  compromise,  even  in  the 
preliminary  design  phase.  The  result  is  the  basis  for  an 
optimized  configuration  that  can  be  translated  into 
preliminary  hardware  design. 

The  next  step  is  to  compare  the  candidate  designs  in 
order  to  select  the  one  that  best  appears  to  meet  the 
user  or  military  system  requirements. 

Practical  or  “real-world*’  constraints,  e.g.,  cost, 
state-of-the-art,  threat,  and  complexities  arising  from 
the  .ade-offs  associated  with  hardware  design,  may 
render  some  of  the  military  system  requirements  infea- 
sible or  incompatible.  Provisions  must  be  made  to  per- 
mit re-evaluation,  modification,  or  revisions  as  neces- 
sary. Unreasonable  adherence  to  unrealistic  or  obsolete 
requirements  eventually  may  cause  serious  degradation 
of  mission  effectiveness  by  unduly  compromising  the 
helicopter. 


2-2.3  MISSION-EFFECTIVENESS  EQUATION 

One  standard  approach  to  the  problem  of  measuring 
the  mission  effectiveness  of  a helicopter  is  to  consider 
four  primary,  measurable  factors  or  variables — three 
operational  and  one  economic.  The  operational  factors, 
as  defined  in  AMCP  706-134,  are  mission  readiness 
survivability,  and  overall  performance;  the  economic 
variable  is  cost. 

The  operational  factors  are  defined  as  follows  (Ref. 

5): 

1.  Mission  readiness.  A measure  of  the  degree  to 
which  an  item  is  operable  and  committable  at  the  start 
of  a particular  mission,  when  the  mission  is  called  for 
at  an  unknown  (random)  point  in  time. 

2.  Survivability.  A measure  of  the  degree  to  which 
an  item  will  withstand  a hostile,  manmade  environment 
without  suffering  abortive  impairment  of  its  ability  to 
accomplish  its  designated  mission. 

3.  Performance  (overall).  A measure  of  how  well 
an  item  executes  its  designated  mission,  i.e.,  the  output 
resulting  frotn  the  use  of  the  item. 

The  economic  factor,  or  cost,  essentially  is  an  expres- 
sion of  the  resources — measured  in  dollars — required 
to  design,  produce,  test,  and  operate  an  item  during  its 
life  cycle. 

The  ultimate  objective  of  the  design  cycle  is  the  op- 
timization of  all  helicopter  system  components  to  maxi- 
mize the  contribution  of  each  factor  to  mission  effec- 
tiveness. In  this  form  the  objective  appears  to  be 
somewhat  abstract  and  difficult  to  visualize  in  con- 
crete, quantitative  terms.  The  design  phases,  however, 
demand  that  mission  readiness,  survivability,  perform- 
ance. and  cost  be  translated  into  terms  that  will  guide 
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Fig.  2-2.  Configuration  Composition  and  Optimization  (Ref.  4) 


Fig.  2-3.  Contribution  of  Operational  Factors  to 
Mission  Effectiveness 


the  detailed  development  of  a helicopter  with  maxi- 
mized mission  effectiveness. 


2-2.3. 1 


Operational  Factors 


The  operational  factors — mission  readiness,  surviva- 
bility, and  overall  performance — are  the  primary  con- 
tributions to  mission  effectiveness.  The  relationship 
may  be  visualized  by  the  schematic  shown  in  Fig.  2-3. 

Mathematically,  this  relationship  may  be  illustrated 
by  the  following  conceptual,  probabilistic  equation 

Mission  KITcctivcncss  = /(Mission  Readiness, 

Survivability, 

Perfoimancc)  (2-1) 

Mission  effectiveness  is  stated  as  the  product  of  the 
factors,  each  of  which  can  be  expressed  as  a probability 
P.  Each  factor  must  be  maximized  independently  with 
respect  to  the  requirements,  i.e.,  P approaches  1.  Be- 
cause in  practice  the  ideal  P — l can  never  be  reached. 


the  importance  of  maximizing  the  contribution  of  each 
factor  during  design  is  emphasized. 

2-2.3.2  Economic  Factor 

The  economic  factor,  or  cost,  associated  with  mis- 
sion-effectiveness considerations  conceptually  assumes 
the  role  of  a common  denominator  that  relates  the 
operational  factors.  In  other  words,  a specific  amount 
of  mission  effectiveness  per  dollar  can  be  obtained  from 
the  contribution  of  specific  values  of  mission  readiness, 
survivability,  and  performance.  Similarly,  levels  of  each 
are  achieved  at  a dollar  cost,  e.g.,  mission  readiness  per 
dollar,  survivability  per  dollar.  This  concept  is  illus- 
trated by  Eq.  2-2: 


Mission  Kffectiveness 
Dollar 


'Mission  Readiness 
^ Dollar  ' 
Survivability 
Dollar  ’ 

Performance 

Dollar 


^ (2-2 


Here  again,  the  equation  is  conceptual  and  cannot 
necessarily  be  quantified.  It  does  illustrate,  however, 
the  necessity  of  bringing  all  facets  of  the  design  effort 
into  an  overall  degree  of  technical  harmony  and  eco- 
nomic balance,  so  that  the  end  result  can  be  considered 
a successful  configuration.  For  example,  excessive  per- 
formance at  the  expense  of  mission  readiness  clearly  is 
undesirable,  especially  if  the  costs  of  achieving  the  un- 
called-for level  of  capability  are  high. 

Techniques  have  been  developed  that  attempt  to 
bring  all  of  the  relevant  operational  and  economic  fac- 
tors into  acceptable  compatibility.  A most  useful  con- 
cept in  this  regard  is  the  application  of  the  cost-effec- 
tiveness methodologies  that  are  detailed  in  subsequent 
paragraphs. 
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Eqs.  2-1  and  2-2  are  conceptual  and  somewhat  ab- 
stract. Each  of  the  operational  factors  is  far  too  com- 
plex and  consists  of  too  much  detail  to  be  reduced  to 
such  a simplistic  mathematical  model.  Furthermore, 
the  assumption  of  independence  of  terms  implicit  in 
these  equations  is  questionable  from  a practical  view- 
point: e.g„  decisions  concerning  survivability  generally 
will  have  considerable  effect  upon  mission  readiness 
nnd  performance,  and  vice  versa.  Therefore,  it  is  neces- 
sary to  make  a more  detailed  examination  of  the  opera- 
tional factors  and  the  relevant  subfactors  in  order  to 
present  a system  overview  to  the  helicopter  designer. 

2-3.1  MISSION  READINESS 


t 


In  the  broadest  sense,  mission  readiness  can  be  con- 
strued to  have  two  separate,  identifiable  facets.  One 
may  be  termed  “mission  capability"  and  is  defined  to 
mean  a configuration  containing  all  of  the  equipment 
and  facilities  necessary  to  allow  conduct  of  the  mis- 
sion(s)  for  which  it  was  designed.  The  other  facet  is 
\ "availability”  in  the  classical  sense,  i.e.,  readiness  based 
J upon  the  operational  condition  of  the  configuration. 
The  designer  is  concerned  primarily  with  enhancing  or 
maximizing  the  availability  of  specified  equipment  on 
the  basis  of  mission  capability  requirements. 


2-3.1. 1 Mission  Capability  (MC) 


I 


Mission  capability  (MC)  refers  to  those  design  provi 
sions  that  will  permit  the  helicopter  to  be  available  for 
specific  missions  required  of  the  military  system.  For 
example,  it  may  be  desirable  that  the  helicopter  have 
multimission  capabilities,  such  as  armed  scout  and 
medical  evacuation;  provisions  for  rapid  and  simplified 
conversion  from  one  mission  configuration  to  another 
promote  readiness  of  the  vehicle  to  accept  new  assign- 
ments. 

Strategic  deployability  is  another  example  of  MC.  In 
the  event  that  deployment  is  desired  at  a distance 
beyond  the  design  performance  range,  provisions  either 
for  rapid  disassembly  /assembly  with  maximum  dimen- 
sions that  will  permit  air  transportability  or  for  in-flight 
refueling  equipment  may  be  required.  Note:  Ferry 
range  is  a performance  factor  rather  than  a mission 
readiness  factor. 

Another  aspect  of  MC  might  be  a requirement  for 
rapid  response.  The  designer,  therefore,  must  weigh 
self-start  capability,  freedom  from  extensive  preflight 
checkout  and  warmup,  etc. 
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As  an  MC  effectiveness  measure,  the  probabilistic 
approach  does  not  apply.  The  helicopter  either  has  the 
required  provision  P = 1,  or  it  does  not,  symbolized 
as  P = 0.  The  only  realistic  measurement  that  might 
be  applied  from  the  MC  standpoint,  therefore,  is  time; 
i.e.,  how  rapidly  can  the  design  provisions  be  used  when 
called  upon? 

If  the  effectiveness  of  MC  items  is  to  be  measured, 
the  user  should  endeavor  to  establish  design  criteria  in 
the  statement  of  military  system  requirements.  The  use 
of  OR  (par.  2-2. 1.1)  can  assist  in  setting  reasonable 
design  objectives. 

2-3. 1.2  Availability 

Availability  in  the  classical  sense  has  two  primary 
subfactors:  reliability  and  maintainability.  Reliability, 
in  turn,  is  related  to  mean-time-between-maintenance- 
actions  (MTBMA),  which  is  defined  as  the  total  func- 
tioning life,  for  a particular  interval,  of  an  item  divided 
by  the  total  number  of  maintenance  actions  within  the 
population  during  the  measurement  interval.  Maintain- 
ability is  related  to  mean-time-to-repair  (MTTR),  and 
is  defined  as  the  total  corrective  maintenance  time  di- 
vided by  the  total  number  of  corrective  maintenance 
actions  during  a given  period  of  time  (Refs.  5 and  6). 

Availability  A,  therefore,  may  be  derived  as  a proba- 
bility from  the  equation 


A - /(Reliability.  Maintainability) 


MTBMA 

MTBMA  + MTTR 


. dimensionless 


(2-3) 


Fig.  2-4  depicts  the  typical  trade-off  between  reliabil- 
ity and  maintainability  as  it  affects  availability.  It 
should  be  noted  that  increasing  maintainability  actu- 
ally is  the  inverse  of  MTTR  in  this  figure.  Also,  as  the 
MTBMA,  and  therefore  reliability,  are  improved  for  a 
given  MTTR,  the  availability  increases.  Improved 
maintainability,  or  reduced  MTTR,  also  improves 
availability  (AMCP  706-134). 

The  designer's  task,  therefore,  is  clear-cut;  any 
means  available  should  be  used  to  improve  both  subfac- 
tors, provided  that  unreasonable  costs  or  degradation 
to  the  other  aspects  of  mission  effectiveness  are  not 
incurred.  Where  possible,  the  user  should  identify  mini- 
mum limits  of  acceptable  availability  for  the  system  as 
shown  in  Fig.  2-4. 

Unfortunately,  rapid  technological  advances  and  the 
corresponding  demands  for  greater  mission  capabilities 
and  higher  levels  of  performance  have  resulted  in 
marked  increases  in  system  complexity,  i.e.,  more  ele- 
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where 

A,  = system  availability, 
dimensionless 

A,  = subsystem  availability, 
dimensionless 

Theoretically,  the  subsystem  availability  could  be  com- 
puted as  a function  of  the  component  availability 


n 

a = n a 

Fig,  24.  Tradeoffs  in  Reliability  and  ‘ V cj 

Maintainability  (AMCP  706-134)  
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Fig.  2-5.  Illustration  of  System  Complexity 


merits,  which  may  result  in  losses  in  availability  (Ref. 
6).  The  proliferation  of  subsystems,  components,  etc., 
is  illustrated  in  Fig.  2-5.  This  illustrative  breakdown 
could  be  extended  to  the  most  basic  element. 

System  X is  composed  of  a series  of  subsystems,  with 
each  subsystem  comprising  a series  of  components, 
which  in  turn  involve  a series  of  basic  elements.  The 
overall  system  availability  is  computed  as  the  product 
of  each  subsystem  availability  (assuming  independent 
A,  for  simplicity). 


The  implications  of  complexity  are  clear;  the  greater 
the  number  of  components,  the  higher  the  probability 
of  reduced  availability.  The  designer’s  objective  is  to 
provide  the  desired  levels  of  mission  performance  and 
other  factors  without  an  undue  proliferation  of  subsys- 
tems and  to  provide  improved  availability  through  in- 
creased reliability  and  maintainability. 

2-3. 1.2.1  Reliability 

Reliability  may  be  defined  as  the  probability  that  an 
item  will  perform  satisfactorily  for  a specified  period  of 
time  when  operated  under  prescribed  conditions  (Ref. 

6) .  In  a sense,  reliability  is  a measure  of  the  deviation 
of  an  item  from  perfection;  i.e.,  a perfect  item  would 
never  fail  and,  thus,  would  have  a reliability  probability 
of  P - 1.  The  usual  history  of  failure  rates  is  shown 
in  Fig.  2-6.  After  initial  debugging  during  the  develop- 
mental test  period,  the  failure  rate  for  a given  item 
tends  to  stabilize  at  a constant  level  until  the  item 
approaches  the  end  of  its  designed  lifetime,  when  the 
failure  rate  increases  due  to  wearout.  During  the  period 
of  normal  useful  life,  the  failure  rate  is  relatively  con- 
stant and  occurs  by  chance. 

Generally,  as  operational  time  or  complexity  of  an 
item  increases,  the  failure  rate  becomes  exponential. 
The  complexity  relationship  is  shown  in  Fig.  2-7 
(Refs,  4 and  8). 

The  relationship  between  reliability  R.  failure 
rate,  and  mean-time-betweeti-failures  (MTBF).  (Ref. 

7) .  is  given  by: 

R(t)  = e~u,  dimensionless  (2-6) 
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Fig.  2-6.  Failure  Rate  History  During  Operating  Lifetime  of  Items  (Ref.  7) 


where 

t = time,  hr 

X = failure  rate  = 1/MTBF,  hr-1 
The  effect  of  complexity  upon  a system  is  cumula- 
tive — dependent  upon  the  collective  reliabilities  of  its 
subsystems  and  components — in  the  same  manner  as 
for  availability  (Eq.  2-4). 
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Fig.  2-7.  Reliability  as  a Function  of  Complexity 
(Ref.  7) 


where 

R,  = subsystem  reliability, 
dimensionless 

X,  = subsystem  failure  rate , hr"1 
X,  = system  failure  rate,  hr-1 
R,  — system  reliability,  dimensionless 

The  prediction  of  reliability  for  a system  actually  is 
a far  more  complex  process  than  Eqs.  2-5, 2-6,  and  2-7 
would  indicate.  The  implications  of  Eq.  2-7,  however, 
are  clear;  the  designer  must  maximize  the  degree  of 
reliability  of  each  subsystem  to  achieve  satisfactory 
overall  system  reliability. 

The  user,  too,  has  the  burden  of  establishing  defini- 
tive reliability  design  objectives  as  a part  of  the  military 
system  requirements.  The  problem  is  basically  one  of 
balancing  the  cost  of  achieving  the  desired  level  of 
reliability  against  the  costs  and  effects  of  failing  to  per- 
form an  assigned  mission  because  of  in-service  break- 
down. The  trade-offs  are  exceedingly  difficult  in  that  all 
potential  operational  applications  and  operating  envi- 
ronments must  be  considered. 

In  order  to  satisfy  established  reliability  require- 
ments, the  designer  must  optimize  his  reliability  re- 
sponse in  terms  of  weight,  size,  and  cost.  To  assist  in 
this  process,  he  may  select  one  or  more  of  the  reliability 
design  techniques  listed  in  Table  2-1. 

Table  2-1  indicates  that  most  techniques  involve  a 
weight  penalty.  The  net  result  of  increased  system 
weight,  especially  when  applied  to  helicopters,  is  an 
adverse  effect  upon  weight-sensitive  performance  fac- 
tors such  as  payload,  range,  and  speed.  Degradation  of 
performance  may  lead  in  turn  to  reductions  in  helicop- 
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ter  survivability.  This  points  up  again  the  necessity  for 
considering  all  elements  of  a system  during  design. 

The  quest  for  increased  reliability  continues  far 
beyond  the  development  of  the  first  prototype.  Im- 
provements are  sought  throughout  the  service  life  of 
the  system,  up  to  the  point  at  which  improvements  no 
longer  are  cost-effective.  A continuing  reliability  pro- 
gram has  other  beneficial  aspects  as  well.  It  provides: 

1.  A check  on  the  accuracy  of  the  initial  design 
requirements,  assumptions,  decisions,  and  predictive 
techniques 

2.  An  empirical  data  base  for  future  design 

3.  A technique  for  improving  initial  design  short- 
comings. 

The  mechanisms  for  establishing  and  operating  a relia- 
bility improvement  program  should  be  planned  as  an 
integral  part  of  the  helicopter  system  life  cycle. 

2-3. 1.2. 2 Maintainability 

Maintenance  is  defined  as  all  actions  necessary  for 
retaining  an  item  in,  or  restoring  it  to,  a specified  condi- 
tion. Maintainability,  the  companion  term  of  reliability 


in  determining  system  availability  (Eq.  2-6),  is  a meas- 
ure of  maintenance  effectiveness  and  is  defined  us  a 
characteristic  of  design  and  installation  expressed  as 
the  probability  that  an  item  will  be  retained  in.  or  re- 
stored to.  a specified  condition  within  a given  period  of 
time  when  the  maintenance  is  performed  in  accordance 
with  prescribed  procedures  and  resources  (Ref.  5), 
Maintainability  is  related  to  the  term  MTTR  (Ref.  6). 

These  definitions  indicate  the  impact  of  maintenance 
considerations  upon  military  operations.  First,  success 
in  performing  an  assigned  mission,  i.e..  mission  effec- 
tiveness, is  a function  of  maintainability:  for  example, 
a reconnaissance  helicopter  requiring  excessive  mainte- 
nance may  miss  vital  time-sensitive  mission  objectives 
due  to  downtime.  Second,  ill-designed  maintenance 
concepts  lead  to  intolerable  costs  during  the  life  cycle 
of  the  system.  Third,  faulty  maintenance  design  provi- 
sions have  tremendous  impact  upon  the  entire  logistic 
support  and  technician  training  systems,  requiring 
greater  spare  part  siockage  and  distribution  and  the 
training  of  greater  numbers  of  personnel  (AMCP  706- 
134). 


TABLE  2-1 

SUMMARY  OF  RELIABILITY  DESIGN  TECHNIQUES 


TECHNIQUE 

DESCRIPTION 

ADVANTAGES 

DISADVANTAGES 

REDUNDANCY 

USES  PARALLEL  OR  MULTIPLE 
SUBSYSTEMS  'COMPONENTS  TO 
PERFORM  SOME  TASK  FUNC  - 
TION. 

ASSURES  CONTINUITY  OF  OPERA- 
TION IN  THE  EVENT  OF  A SUB 
SYSTEM  < OMRONENT  FAILURE. 

INCREASES: 

1.  SYSTEM  COMPLEXITY 

2.  MAINTENANCE  REQUIREMENTS 

3.  SIZE  AND  WEIGHT 

OERATING 

IS  THE  NORMAL  OPERATION  OF 
SUBSYSTEMS  'COMPONENTS 
CONSIDERABLY  BELOW  MAX 
IMUM  DESIGN  OUTPUT  CA- 
PABILITY 

OPERATES  SIGNIFICANTLY  BE- 
LOW DESIGNED  STRESS  LEVELS. 

LESSENS  OPERATING  EFFIC- 
IENCY. INCREASES  SIZE  AND 
WEIGHT  PER  DEGREE  OF  OUT- 
PUT ((!.().,  Ih.  h(>) 

DIAGNOSTIC 

AIDS 

USES  INSTALLED  MONITOR- 
ING DEVICES  TO  SENSE  IN- 
CIPIENT FAILURES 

WARNS  OF  POSSIBLE  FAILURE 
BEFORE  OCCURRENCE 

INVOLVES  COST  OF  MONITOR 
EQUIPMENT  REQUIRES  SPECIAL- 
IZED MAINTENANCE  OF  MONITORS. 

CONSERVATIVE 

OESIGN 

UTILIZES  TIME-PROVEN  COM- 
PONENTS IN  LIEU  OF  NEW 
DEVELOPMENTS. 

UTILIZES  EXTRA  SAFETY  MAR- 
GINS IN  AREAS  OP  STRESS. 

REDUCES  CHANCE  OF  FAILURE 
DURING  BREAKIN  PERIOD  - 
LESS  EXPENSIVE 

PROV.DES  ADDITIONAL  ASSUR- 
ANCE OF  FAILURE  - FREE  OP- 
ERATION 

OLDER  COMPONENTS  MAY  NOT 
BE  AS  EFFICIENT  - INCREASED 
WEIGHT. 

MIGHT  INCUR  A WEIGHT  PENALTY. 

COMPONENT 

DEVELOPMENT 

REFINES  DESIGN  BY  ITERA- 
TION. i."..  TESTING  COM- 
PONENT, THEN  REDESIGN 

PROVIDES  MORE  ASSURANCE 
OF  RELIABLE  INSERVICE  OP- 
ERATION. 

TESTING  MAY  NOT  DUPLICATE 
ALL  INSERVICE  OPERATING 
CONDITIONS  ENVIRONMENTS 
INCREASES  TIME,  COSTS  REQUIRED. 

SERVICING 

PROMOTES  EASE  OF  SERV- 
ICING/ROUTINE MAIN- 
TENANCE. 

EXTENDS  LIFE  OF  COMPONENTS 
ITEMS,  THUS  ENHANCING  RELI- 
ABILITY. 

INCREASES  TIME,  LABOR  REQUIRED. 

2-8 


' n ' rn'7>7^'(''^,n "1  » iT',r^i,"\TV^lJTpTVv- ‘-^>^,'nvLr-M>v  V,v7T7*"*j'F.**'’''V’,i/r'r'r,<'i  • »•'>•  ■<* 


AMCP  706-201 


TABLE  2-2 

SUMMARY  OF  MAINTAINABILITY  DESIGN  CONSIDERATIONS 


lECHNKX'F  • 

DEFINITION 

IMPLICATION 

accessibility 

A MEASURE  Or  THE  RELATIVE  EASE  OF  AD- 
MISSION TO  THE  VARIOUS  AREAS  OF  AN 
ITEM  REF.  3 . 

HIGH  ACCESSIBILITY,  WHICH  ALLOWS  FOR  MORE 
RAPID  CHECKING,  SERVICING,  REMOVAL, AND 
REPLACEMENT  , LOWERING  OF  MTTR. 

'DFVinc-\?'0\ 

ADEQUATE  UAHKIVj  OF  ITEMS,  PARIS, 
ETC., TO  FAOLITA'F.  REPAIR  AND  RE- 
PLACEMENT .REF,  1 . 

REDUCTION  OF  CIRCUIT  TRACING  AND  RELAT- 
ING ITEMS  10  INSTRUCTIONS.  LOWERING  OF 
MTTR,  PROMOTION  OF  SAFETY, 

'VEICwANviE  ABILITY 

ABILITY  TO  SUBSTITUTE  FUNCTIONALLY 
AND  OR  PHYSICAL  LV  LIXE  item  FOR 
DEFECTIVE  ITEM. 

ABILITY  TO  REPLACE  ITEMS  WITHOUT  DIFFICULTY; 
LOWER  MTTR. 

SAFETY 

PROVISION  OF  BUILTIN  SAFETY  PRE- 
CAUTIONS TO  SEDUCE  SERVICE  ' 
REPAIR  RISKS. 

MORE  UNDIVIDED  ATTENTION  TO  TASK  BY 
TECHNICIAN. 

SIMPLIFICATION 

REDUCTION  IN  THE  DEGREE  OF  COMPLEXITY 
PRESENT  IN  SYSTEM  SUBSYSTEM. 

FEWER  MAINTENANCE  TASKS  TO  PERFORM. 
LOWER  MTTR  i ALSO  IMPROVED  RELIABILITY'. 

STANDARDIZATION 

ESTABLISHMENT  OF  DESIGN  TECHNIOUES 
TO  ACHIEVE  THE  GREATEST  PRACTICAL 
UNIFORMITY. 

REDUCTION  OF  NONSTANDARD  ITEMS  AND 
BURDEN  ON  LOGISTIC  SUPPORT. 

UNITIZATION 

AND 

MODUI.  ARIZATION 

PACKAGING  OF  DIFFICULT-TO- MAINTAIN 
OP  UNMAINTAINABLE  COMPONENTS  FOR 
EASY  REMOVAL  AND  REPI  ACEMENT; 
RELATED  TO  INTERCHANGEABILITY  AND 
STANDARDIZATION. 

REDUCTION  OF  REPAIR  TIME  IN  FIELD.  THUS 
PERMITTING  RAPID  TURNAROUND. 

IMPROVED 

MAINTENANCE 

EQUIPMENT 

USE  OF  ■'QUICK -TO  USE  " FASTENERS 
TRANSPARENT  PANELS  BETTER  LUBRI- 
CANTS ETC. 

REDUCTION  OF  SERVICE  TIME  OR  REQUIREMENT 
TO  SERVICE. 

' Ref  AMCP  706-134 


The  prime  responsibility  for  reducing  maintenance 
requirements  lies  with  the  system  designer  because  fea- 
tures that  significantly  enhance  maintainability  must 
be  incorporated  into  the  design  at  the  outset.  Improve- 
ments introduced  after  fabrication,  especially  on  com- 
plex systems,  have  only  marginal  or  diminishingly  ef- 
fective results  when  measured  against  the  efforts 
expended  (Ref.  9). 

Some  of  the  principal  maintainability  design  consid- 
erations available  to  the  system  designer  are  summa- 
rized in  Table  2-2. 

The  complex  and  important  subject  of  maintainabil- 
ity is  discussed  at  length  in  Chapter  11.  The  purpose  of 
introducing  the  subject  here  is  to  emphasize  that  the 
designer’s  successful  application  of  maintainability 
techniques  can  have  an  impact  far  beyond  that  of  pure 
mission  effectiveness.  A helicopter  system  that  reduces 
spare  part  inventories,  that  can  be  serviced  with  ordi- 
nary mechanic-tools,  that  requires  no  specialized  sup- 
port equipment,  and  that  requires  no  additional  person- 
nel with  specialized  training — all  without  sacrificing 


performance — can  bring  about  measurable  improve- 
ments in  and  savings  for  the  entire  military  system. 

2-3.2  SURVIVABILITY 

Another  primary  factor  of  the  mission-effectiveness 
equation  (Eq.  2-1)  is  survivability  which  for  purposes 
of  this  equation  was  defined  in  par.  2-2.3. 1 

Because  mission  accomplishment  is  of  primary  con- 
cern, it  follows  that  protection  of  the  lives  and  well- 
being of  the  crew  and  of  the  mission-sensitive  equip- 
ment (fire  controls,  sensors,  etc.)  is  mandatory.  Also,  if 
the  concept  of  mission  effectiveness  extends  over  the 
lifetime  of  the  helicopter,  rather  than  only  for  a single 


1 The  term  sutvivability,  from  the  mission-effectiveness  point  of 
view,  should  not  be  confused  with  “crash  survivability"  m "crash- 
worthiness” considerations.  Although  "crash  sutvivability"  is  a 
vital  factor  in  helicopter  design,  and  normally  is  included  as  a 
portion  of  the  survivability  program  during  development,  it  does 
not  contribute  directly  to  mission  effectiveness.  Furthermore, 
quantitative  treatment,  if  possible,  is  inconsistent  with  the  basic 
approach  to  mission  effectiveness. 
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sortie,  any  design  feature  that  might  prolong  system 
usefulness  by  minimizing  incurred  damage  must  be 
considered.  For  purposes  of  discussion,  those  aspects  of 
survivability  having  to  do  with  combat  environments 
will  be  referred  to  as  “vulnerability”. 

Two  primary  aspects  of  vulnerability  must  be  consid- 
ered from  the  design  point  of  view:  (I)  the  avoidance 
of  detection  by  hostile  forces,  and  (2)  the  minimization 
of  the  possibility  that  crippling  or  catastrophic  failure 
will  be  induced  by  hostile  fire. 

Existing  design  techniques  and  devices  can  reduce 
vulnerability;  however,  resultant  effectiveness  must  be 
measured  through  interaction  with  a predicted  threat 
environment,  e.g.,  hostile  defensive  sensors  and  weap- 
ons, or  weather. 

Detection  avoidance  involves  reduction  of  the  heli- 
copter signature  in  order  to  render  the  vehicle  less  no- 
ticeable to  enemy  sensors,  both  human  and  electronic. 
Several  types  of  signatures  are  common  to  helicopters 
— acoustics,  infrared  (IR)  radiation,  and  radar.  Engi- 
neering design  techniques  have  been  developed  that 
mitigate  the  undesirable  effects  of  each  type  of  signa- 
ture (see  Chapters  8 and  13);  however,  these  techniques 
usually  result  in  some  loss  of  performance  and/or  a 
weight  penalty.  For  example,  a typical  IR  suppression 
device  for  a helicopter  power  plant  might  cool  the  ex- 
| haust  duct  and  provide  shielding  to  restrict  the  hostile 
j viewing  angle  of  the  sensor.  The  penalties  associated 
j with  such  a device  for  a 1500-hp  gas  turbine  engine 
might  be  as  much  as  SO  lb,  and  could  cause  a loss  of 
more  than  2%  in  shaft  horsepower.  While  the  penalty 
seemingly  is  small,  it  should  be  accepted  only  after 
careful  consideration  of  alternatives. 

Under  some  conditions,  both  static  and  dynamic, 
camouflage  and  special  nonreflectivc  treatments  for 
windscreens  and  curved  surfaces  may  be  specified  to 
reduce  the  possibility  of  visual  acquisition.  There  nor- 
mally is  a relatively  minor  weight  penalty  associated 
j with  these  treatments. 

The  ability  to  operate  a helicopter  at  extremely  low 
j altitudes,  i.e.,  nap-of-the-earth,  is  another  means  of 

avoiding  detection.  This  technique  normally  demands 
| a high  degree  of  maneuverability  and  excellent  flight 

handling  qualities,  both  of  which  are  performance  sub- 
factors. This  type  of  operation  presents  difficulties  in 
navigation  and  in  the  avoidance  of  unforeseen  obstruc- 
tions. In  some  types  of  operations  these  difficulties  can 
be  allayed  by  using  specialized  navigation  devices  and 
terrain  following/avoidance  equipment,  but  this  equip- 
ment imposes  a weight  penalty  and  increases  system 
complexity  (Ref.  10). 

Once  the  helicopter  has  been  detected  by  an  enemy, 
a combination  of  both  active  and  passive  measures  can 
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be  employed  to  reduce  system  vulnerability.  Maneuver- 
abilivy  (the  ability  to  take  rapid  evasive  action),  the  use 
of  suppression-fire  or  counterfire,  and  the  use  of  elec- 
tronic countermeasures  are  typical  active  measures. 

Various  design  techniques  can  be  employed  to 
reduce  the  vulnerability  of  a helicopter  to  hostile  fire. 
Providing  armor  and  shielding  for  the  crew  and  for 
certain  critical  components  is  a highly  effective  means, 
but  one  that  imposes  mq'or  weight  penalties.  Redun- 
dant or  backup  subsystems  and  components,  especially 
those  that  are  separated  widely  within  the  structure, 
prevent  catastrophic  loss  when  severe  battle  damage  is 
received  by  one  system  (see  Chapters  9 and  13).  Multi- 
ple load  path  design  prevents  immediate  or  progressive 
failure  due  to  impact  by  distributing  loads  in  other 
parts  of  the  structure.  An  analogous  technique  is  the 
use  of  ballistic-resistant  components,  e.g.,  bell  cranks 
or  rods  that  deform  but  do  not  fail  when  struck  by 
fragments  or  high  velocity  debris.  Self-sealing  fuel  cells 
and  fire-retardant  materials  are  other  preventive  meas- 
ures (Refs.  1 1 and  12). 

The  degree  to  which  vulnerability  reduction  capabili- 
ties should  be  incorporated  into  a design  must  be  speci- 
fied by  the  user  in  the  military  system  requirements. 
Achieving  balance  among  the  available  alternatives  is 
an  extremely  difficult  trade-off  task.  Where  significant 
design  differences  exist,  among  alternatives,  however,  it 
is  possible  to  obtain  some  measure  of  the  relative  vul- 
nerability of  each  design  by  inserting  each  into  models 
of  threat  environments.  These  models  essentially  are 
combat  scenarios  representing  possible  situations  in 
which  the  helicopter  might  be  expected  to  operate. 
Based  upon  empirical  data  and  theoretical  calculations, 
an  evaluation  of  the  relative  vulnerability  is  possible. 
This  technique  is  satisfactory,  provided  the  threat  envi- 
ronment is  recognized  to  be  artificial  and  may  have 
little  or  no  relevance  to  the  eventual  operating  situa- 
tion. 


2-3.3  PERFORMANCE 

Basically,  performance  is  the  output  of  a system.  In 
the  mission-effectiveness  equation  (Eq.  2-1),  the  per- 
formance factor  is  essentially  a Figure  of  Merit  in 
probabilistic  form,  representing  an  assessment  of  the 
relative  worth  of  system  output  during  the  conduct  of 
assigned  tasks.  The  performance  factor  also  may  be 
considered  as  an  overall  indication  of  capabilities:  i.e., 
the  performance  levels  that  are  expected  to  be  achieved 
when  the  system  is  committed  to  a mission. 
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2*3.3. 1 Performance  Requirements 

Until  the  early  1960s,  the  overall  performance 
capabilities  of  helicopters  were  relatively  limited.  Tech- 
nological improvements — including  reduction  of  para- 
sitic drag,  improved  rotor  systems,  auxiliary  propul- 
sion, and  lighter  weight  structures  and  engines — have 
resulted  in  considerable  growth  in  almost  all  aspects  of 
helicopter  operational  capability.  Figs.  2-8  and  2-9  de- 
pict the  improvements  achieved  in  cruise  speed  and  the 
reductions  mude  in  structural  weight  (Ref.  13). 

The  increase  in  the  spectrum  of  obtainable  perform- 
ance has  had  a major  impact  upon  military  planning.. 
Whereas,  in  the  past,  use  of  helicopters  for  certain  mis- 
sions was  considered  impossible  because  of  perform- 
ance deficiencies,  new  operational  applications  such  as 
attack  and  heavy-lift  missions  now  have  become  feasi- 
ble. It  is  possible  today  to  optimize  configurations  for 
particular  classes  of  missions,  rather  than  to  use  the  one 


Fig.  2-8.  Trends  in  Helicopter  Cruise  Speeds  (Ref. 
13) 


Fig.  2-9.  Trend  of  Structural  Weights  for 
Helicopters  (Ref.  13) 


or  two  available  helicopter  types  for  the  entire  range  of 
applications  as  used  to  be  the  practice. 

To  take  advantage  of  increased  performance 
capabilities,  it  has  become  necessary  for  the  user  to  be 
highly  specific  and  definitive  with  respect  to: 

1 . Identification  of  the  classes  of  missions  that  lend 
themselves  effectively  to  helicopter  applications;  e.g., 
attack,  observation,  utility  tactical  transport,  and 
heavy-lift 

2.  Identification  of  the  significant  operational 
parameters  for  each  class  of  mission 

3.  Statements  of  minimum  acceptable  perform- 
ance for  each  class  of  mission 

4.  Statements  of  priorities  to  be  considered  in  con- 
duct of  performance  parameter  trade-off  analyses 

5.  Statements  of  requirements  for  mission  aug- 
menting/enhancing equipment  to  be  installed;  e.g., 
weapons,  fire  control  systems,  sensors,  cargo-handling 
equipment,  and  navigation  and  communication  equip- 
ment. 

The  statement  of  performance  criteria  evolves  during 
the  formulation  of  the  military  system  requirements 
(par.  2-2.1).  Normally,  the  criteria  take  the  form  of 
minimum  acceptable  levels  of  performance  for  each 
flight  parameter  that  is  significant  for  the  mission  class. 
Certain  parameters  are  extremely  sensitive  to  mission 
type;  e.g.,  design-limit  speed  is  an  important  parameter 
for  the  attack  mission  but  of  little  value  to  the  heavy-lift 
helicopter,  and  maneuverability  may  be  significant  to 
the  attack  and  light  observation  missions  but  of  lesser 
importance  to  the  utility  mission. 

To  augment  the  statement  of  requirements,  the  user 
may  devise  a mission  profile  (or  several  profiles  for 
multimission  capabilities)  to  assist  the  designer.  A mis- 
sion profile  essentially  is  a synthesized  scenario  repre- 
sentative of  the  possible  functions  the  helicopter  is  to 
perform.  Fig.  2-10  depicts  a hypothetical  mission  pro- 
file for  a heavy-lift  mission.  The  mission  normally  is 
designed  to  extract  the  maximum  desired  performance 
capability  from  the  configuration. 

2-3.3.2  Performance  Effectiveness 

Traditionally,  the  performance  of  helicopter  systems 
has  been  described  in  terms  of  standard  flight  parame- 
ters; e.g.,  speed,  rate  of  climb,  range,  and  payload.  With 
respect  to  military  applications,  however,  the  trend  has 
been  toward  the  establishment  of  more  operationally 
oriented  measures  such  as  productivity,  target  acquisi- 
tion and  engagement  capabilities,  and  maneuverability. 
The  latter  terms  are  quantified  by  manipulating  the 
aforementioned  flight  parameters  according  to  mission 
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profiles  (par.  2-3.3)  or  by  inserting  the  candidate  con- 
figuration into  complex  simulations. 

As  mentioned  previously,  the  flight  parameters  are 
dependent  upon,  and  extremely  sensitive  to,  the  in- 
tended class(es)  of  mission(s).  In  some  instances  the 
entire  design  may  be  established  on  the  basis  of  a single 
mission  performance  requirement;  e.g.,  the  heavy-lift 
mission  may  specify  the  vertical  lift  of  a specific  weight 
at  4000  ft  altitude,  9S*F,  out-of-ground  effect.  Al- 
though details  may  vary  during  the  parametric  analy- 
sis, such  a requirement  probably  will  fix  the  amount  of 
installed  power  and  the  general  size  and  configuration 
of  the  helicopter  system  (Ref.  14).  The  designer  must 
analyze  each  mission  and  military  system  requirement 
to  determine  the  critical  design  parameters.  This  step 
is  his  point  of  departure. 

Certain  functionally  oriented  aspects  of  performance 
effectiveness,  e.g.,  target  acquisition  and  engagement 
capabilities,  do  not  lend  themselves  to  direct  measure- 
ment. Regardless  of  the  inherent  and  augmented 
capabilities  of  the  helicopter,  its  ultimate  effectiveness 
really  is  dependent  upon  the  hostile  environment 
— enemy  battlefield  array,  organization,  deployed  of- 
fensive and  defensive  equipment,  and  battle  plans.  The 
enemy  disposition  only  can  be  hypothesized  from  the 
best  available  intelligence.  Considerable  abstraction  or 
deviation  from  available  data  may  be  necessary  or 
desirable.  If  suitable  enemy  arrays  can  be  constructed, 
it  is  possible  to  insert  the  helicopter  or  groups  of  heli- 
copters represented  by  the  inherent  and  augmented 
performance  parameters  into  computer  simulation 
models  of  varying  degrees  of  complexity.  Various  tech- 
niques exist  for  treating  significant  unknown  variables. 
Monte  Carlo  techniques  (successive  comparisons  of 


computed  or  input  probabilities  with  series  of  random 
numbers)  commonly  are  used,  but  techniques  also  have 
been  developed  for  providing  complete  distributions  of 
possible  results  without  recourse  to  Monte  Carlo  meth- 
ods. The  parametric  approach  can  be  used  in  cases  in 
which  some  semblance  of  boundary  conditions  is 
known  (Ref.  1). 

This  type  of  simulation  process  provides  an  assess- 
ment of  the  probability  that  targets  can  be  acquired  and 
engaged  under  certain  sets  of  design  conditions.  This 
information  not  only  is  helpful  in  evaluating  perform- 
ance, but  also  can  be  used  in  design  trade-off  analyses. 

The  designer  may  employ  user-supplied  profiles  to 
assist  in  the  optimization  of  candidate  configurations. 
When  the  user  has  specified  the  installation  of  perfor- 
mance-enhancing equipment,  the  designer  may  resort 
to  sophisticated  simulations  (computer  models)  to  de- 
termine maximum  expected  effectiveness.  From  such 
techniques  it  should  be  possible  to  derive  a probabilistic 
Figure  of  Merit  representative  of  the  value  of  the  par- 
ticular configuration. 

Another  technique  used  to  evaluate  performance  fac- 
tors is  an  item-by-item  comparison  of  each  candidate 
configuration.  Both  the  designer  and  the  user  normally 
employ  some  matrix  of  this  type  in  their  respective 
evaluations.  Where  significant  differences  in  parameter 
levels  exist,  the  selection  often  is  easy.  It  would  be 
assumed  that  a configuration  having  the  highest  levels 
for  each  parameter  would  provide  the  best  overall  level 
of  performance  (Ref.  4).  Problems  arise,  however, 
when  the  order  changes  from  one  parameter  to 
another,  and/or  when  the  differences  in  performance 
level  are  small.  For  example,  Configuration  A may 
have  a 3%  advantage  in  payload  over  Configuration  B, 


START  ENGINES  AT  BASE 

VERTICAL  TAKEOFF  WITH  MAXIMUM  FUEL  AND  CREW 
CLIMB  TO  CRUISE  ALTITUDE  a FEET 

FLY  d,  MILES  AND  LAND  TO  TAKE  ON  FULL.  EXTERNAL  PAYLOAD  OF  Y TONS 
VERTICAL  TAKEOFF 

FLY  d?  MILES  AND  HOVER  OUT-OF-GROUND  EFFECT,  DISCHARGE  PAYLOAD 
RETURN  TO  BASE 

LAND  WITH  I MINUTES  FUEL  RESERVE 

NOTE  REPRESENTATIVE  BOUNDARY  CONDITIONS  OR  STATE  OF  OPERATION  MUST 
BE  STATED. i!.Q  . CRUISE  AT  99%  AIRSPEED  FOR  BEST  RANGE. 
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Fig.  2-10.  Representative  Mission  Profile,  Heavy-lift  Helicopter 
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while  B may  be  2 ft  taster  than  A.  Thus,  unless  the  user 
can  indicate  a priority  of  importance  for  each  required 
parameter,  the  comparison  method  may  be  of  marginal 
value. 

2-4  ECONOMIC  ANALYSIS 

2-4.1  GENERAL 

This  paragraph  discusses  the  use  of  economic  analy- 
sis. often  termed  cost-effectiveness  analysis,  as  an  aid  in 
design  trade-off  decisionmaking.  Elements  of  an  eco- 
nomic analysis  are  presented,  along  with  detailed  dis- 
cussions of  criteria  cost  concepts,  cost  estimation,  and 
the  use  of  simulation  models  in  economic  analysis. 

2-4.2  ELEMENTS  OF  ECONOMIC  ANALYSIS 

The  elements  of  an  economic  analysis  are: 

1.  Statements  of  the  design  objective  and  of  the 
effectiveness  measures  to  be  used  to  determine  accom- 
plishment of  the  objective 

2.  Specification  of  the  candidate  means  (alterna- 
tives) by  which  the  objective  might  be  accomplished 

3.  Measurements  of  the  costs  associated  with  the 
potential  use  of  each  candidate  means 

4.  A set  of  relationships  (a  model)  that  relates  the 
cost  of  each  candidate  means  to  its  corresponding  effec- 
tiveness 

5.  A criterion  or  criteria  with  which  alternatives 
are  compared  and  upon  which  selection  may  be  made. 

Further  discussion  of  the  elements  of  an  economic 
analysis  are  contained  in  Refs.  15  and  16. 

2-4.3  FORMS  OF  CRITERIA 

Normally,  a fixed  effectiveness  or  fixed  cost  form  of 
criterion  is  established  first,  and  then  the  sensitivity  of 
the  fixed  level  upon  the  most  promising  choices  is  ex- 
amined. A fixed  effectiveness  criterion  would  minimize 
the  cost  to  attain  a given  effect.  A fixed  cost  criterion 
would  maximize  the  effectiveness  attainable  at  a fixed 
cost. 

Fig.  2-11  presents  continuous  plots  of  effectiveness 
versus  cost  of  ownership  for  two  versions  of  a cargo 
helicopter  design,  where  the  objective  is  to  choose  be- 
tween two  alternative  engines. 

The  measure  of  effectiveness  is  the  payload  range 
capability,  defined  as  the  maximum  ton-miles  attaina- 
ble at  the  best-range  speed.  Each  curve  on  the  chart 
represents  a continuous  locus  of  points,  with  each  point 
being  a single  airframe  design  configuration  for  a given 


engine.  In  general,  an  increase  in  ton-mile  performance 
is  attained  for  a given  engine  only  with  increasing  so- 
phistieation  of  airframe  design  e.g.,  drag  reduction  or 
lighter  weight  structure  , which,  of  course,  is  reflected 
in  higher  costs. 

Note  that  the  information  given  in  Fig.  2-11  is  insuf- 
ficient to  allow  a specific  design  choice  to  be  made  until 
a criterion  is  applied.  Some  knowledge  of  what  level  of 
performance  actually  is  needed  must  be  incorporated. 
Thus,  if  a fixed  effectiveness  level  of  5000  ton-miles  of 
cargo-carrying  capability  is  considered  sufficient,  a de- 
sign using  Engine  A clearly  would  be  less  expensive 
than  a design  using  Engine  B to  attain  the  same  5000- 
ton-mile  capability.  On  the  other  hand,  if  a fixed  effec- 
tiveness level  of  at  least  7000  ton-miles  of  capability  is 
required,  only  a configuration  that  uses  Engine  B can 
meet  the  requirement. 

Consider  also  the  adjustment  of  the  fixed  cost  crite- 
rion level  in  determining  the  final  choice.  For  example, 
if  $5  billion  initially  is  considered  a reasonable  fixed 
cost  to  the  Army  for  a cargo  helicopter  fleet,  then  a cost 
approximating  $6  billion  using  Engine  B also  should  be 
considered  because  this  alternative  offers  a substantial 
increase  in  cargo  transport  capability  over  that  attaina- 
ble from  either  the  Engine  A or  B designs  at  the  $5 
billion  level. 

One  additional  criterion,  dominance,  is  valid  equally 
for  decisionmaking.  This  is  the  rare  but  preferred  situa- 
tion in  which  one  design  always  is  more  effective  than 
all  other  choices  at  all  cost  levels. 

Further  treatment  of  criterion  forms  is  found  in  Refs. 
17  and  18. 

2-4.4  COST  ANALYSIS 

This  discussion  provides  the  designer  with  a basic 
introduction  to  cost  concepts,  methods  of  cost  estima- 
tions, and  the  role  of  cost  estimation  in  the  decision 
process. 

The  term  "cost  analysis"  means  many  things.  Foi 
the  purposes  of  this  handbook,  cost  analysis  shall  be 
concerned  with  the  resources  (usually  expressed  in  dol- 
lars) required  to  design,  produce,  and  operate  Army 
helicopters.  The  results  of  such  analyses,  together  with 
effectiveness,  will  aid  designers  in  arriving  at  design 
trade-off  decisions. 

Cost  analyses  developed  during  a concept  design 
phase  normally  are  less  accurate  than  those  developed 
in  a system  procurement  or  operational  phase.  The 
reason  is  that  planning,  or  design,  involves  projections 
for  programs  that  reach  further  into  the  future  and  are 
specified  less  clearly  than  are  programming  or  budget- 
ing actions.  In  general,  a far  higher  degree  of  uncer- 
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tainty  in  cost  data  can  be  tolerated  in  design  planning 
than  would  be  acceptable  in  the  later  phases.  Recogni- 
tion of  this  fact  is  important  to  both  the  designer  and 
the  cost  analyst  in  selecting  an  appropriate  level  of 
detail  and  precision  to  be  applied  in  design  decisions. 

Two  rn^jor  sources  of  uncertainty  exist  in  cost  analy- 
sis: 

1.  Inadequate  or  inaccurate  specification  of  the 
system  being  costed 

2.  Statistical  inaccuracies  in  the  cost-estimating  re- 
lationships (CERs). 

Cost  estimates  characteristically  err  on  the  low  side, 
often  underestimating  total  system  costs  by  factors  of 
two  or  more.  Post-examination  of  several  sets  of  pro- 
gram cost  estimates  (Ref.  19)  has  shown  that  the  major 
reason  for  underestimation  is  a significant  change  in 
system  specification.  Thus,  the  system  subjected  to  cost 
analysis  is  quite  unlike  the  system  that  eventually  is 
procured  and  enters  the  Army  inventory.  This  fact 
should  not  discourage  the  designer  from  using  costs  to 
aid  his  decisions  regarding  design  approaches,  how- 
ever. The  important  consideration  in  the  use  of  cost  in 
decisionmaking  is  that  all  data  used  to  aid  a given 
decision  must  be  attained  consistently  and  arrayed  on 
a comparative  basis.  Thus,  decisions  made  upon  the 
basis  of  such  data  are  valid  within  the  context  in  which 
they  are  made.  They  will,  in  most  cases,  remain  so  for 
a given  system  even  where  other  system  factors  change. 


Ref.  20  presents  a technique  for  quantitatively  eval- 
uating the  impact  of  uncertainty  in  cost  analysis. 

2-4.4. 1 Cost  Concepts 

2-4.4. 1 . 1 Life  Cycle  Cost 

One  cost  concept  generally  used  to  select  among 
competing  designs  is  life  cycle  cost,  which  is  the  sum- 
mation of  all  expenditures  required  from  conception  of 
a system  until  it  is  phased  out  of  operational  use.  The 
life  cycle  cost  (also  termed  total  system  cost  or  “cradle- 
to-grave”  cost)  of  an  Army  helicopter  may  be  divided 
into  the  following  time-phased  parts:  research  and  de- 
velopment, initial  investment,  and  annual  operating 
costs.  Another  way  of  dividing  these  costs  is  into  non- 
recurring and  recurring  expenditures.  Briefly,  these 
categories  are  defined  as  follows: 

1.  Nonrecurring: 

a.  Research  and  development.  Includes  all  costs 
of  hardware,  engineering,  test,  and  other  ac- 
tivities necessary  to  qualify  a system  for  use 

b.  Initial  investment.  Includes  all  costs  of  pro- 
ducing an  item  and  procuring  the  operating 
personnel  necessary  for  its  use  by  the  Army. 

2.  Recurring: 

a.  Operations.  Includes  all  costs — such  as  fuel, 
operations,  personnel,  replacement,  and  train- 
ing— of  operating  the  system  throughout  its 
service  life 

b.  Maintenance.  Includes  all  costs  of  spares,  re- 
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pair  parts,  maintenance  personnel,  etc.,  re- 
quired to  maintain  a system  in  operational 
readiness. 

For  example,  this  cost  concept  might  be  used  to  aid 
selection  of  one  from  among  two  or  more  competing 
helicopter  engines.  Given  equal  survivability,  availabil- 
ity, and  performance  factors,  a determination  would  be 
made  of  which  engine  installation  offers  the  least  life 
cycle  cost  to  the  Army  for  a selected  service  life. 

The  designer  should  be  warned,  however,  that  use  of 
the  life  cycle  cost  concept  involves  some  difficulties. 
The  first  is  the  magnitude  of  the  task  of  assembling 
sufficient  historical  data  on  similar  systems  and  force 
structures  to  generate  meaningful  cost-estimating  rela- 
tionships for  the  new  system  concept.  Such  a task  re- 
quires extensive  and  continual  effort  in  data  collection, 
analysis,  and  update.  A second  problem  area,  institu- 
tional constraints,  involves  the  difficulty  experienced 
by  groups  other  than  top-level  Army  agencies  in  ob- 
taining access  to  relevant  and  sometimes  sensitive  his- 
torical information  with  which  to  assemble  an  adequate 
cost  data  bank.  Finally,  there  is  the  problem  of  the 
perspective  of  the  cost  analysis  organization;  e.g.,  a 
private  contractor  cannot  be  faulted  for  displaying 
more  concern  for  initial  costs  (the  contractor’s  price  to 
the  Army),  in  the  face  of  competition,  than  for  the 
Army’s  costs  of  operating  and  maintaining  the  deliv- 
ered item. 

2-4.4. 1.2  Incremental  Cost 

The  concept  of  incremental  cost  involves  the  com- 
parative use  of  the  increment  (difference)  in  costs  be- 
tween alternatives.  This  amounts  to  a “top-of-the- 
iceberg"  analysis  and  eliminates  the  need  for  the  large 
effort  required  for  a total  system  cost  comparison. 

Thus,  for  example,  if  all  engines  being  considered  as 
candidates  for  a helicopter  design  already  were  quali- 
fied fully,  the  prior  incurred  R&D  costs  would  not  need 
to  be  considered  in  the  selection  process  because  there 
is  no  way  to  recover  prior  expenditures  (“sunk’’  costs). 
By  the  same  token,  if  all  engines  had  demonstrated  that 
they  essentially  were  equal  in  maintenance  factors, 
there  likewise  would  be  no  reason  to  convert  this  infor- 
mation to  dollar  costs  because  the  impact  would  be  the 
same  for  each  engine  choice.  In  other  words,  the  de- 
signer need  use  only  costs  that  differ  among  the  en- 
gines, e.g.,  initial  procurement  costs  and  annual  operat- 
ing costs.  The  total  difference  would  allow  the  analyst 
to  rank  the  engines  in  terms  of  incremental  costs.  For 
example,  the  incremental  tO-yr  Cost  of  Ownership  for 
a 2000-engine  fleet,  assuming  a baseline  cost  for  Engine 
A,  might  be  baseline  cost  plus  $40  million  for  Engine 


B,  and  baseline  cost  minus  $95  million  for  Engine  C, 
where  there  is  no  need  to  evaluate  the  baseline  cost  in 
absolute  terms. 

Although  it  can  be  argued  that  such  data  provide  no 
basis  for  determining  the  total  cost  of  any  of  the  pro- 
gram choices,  nor  do  they  give  any  indication  of  per- 
centage differences  among  alternatives,  it  also  can  be 
argued  that,  in  the  absence  of  any  better  information, 
the  incremental  cost  information  can  aid  a selection 
among  alternatives.  Forms  of  selection  criteria  are  dis- 
cussed in  par.  2-4.3. 

2-4. 4. 1.3  Real  Resource  Utilization 

Cost  analysis  also  could  be  called  "resource  analy- 
sis" because  it  involves  the  estimation  of  the  resource 
implications  of  alternative  courses  of  action.  Resource 
utilizations  may  be  expressed  in  terms  such  as  mainte- 
nance hours  per  flight  hour,  pounds  of  fuel  consumed 
per  flight  hour,  or  number  of  quality  control  inspec- 
tions required  per  component  assembly.  The  utility  of 
such  measurements  should  not  be  ignored  in  making 
design  decisions.  The  need  to  convert  such  physical 
resource  measurements  into  dollar  costs  arises  out  of 
the  desirability  of  putting  differing  resource  measure- 
ments into  commensurate  terms  as  a basis  for  weighing 
the  relative  importance  of  each.  The  potential  con- 
sumption of  resources,  expressed  as  dollar  costs,  allows 
unlike  resource  uses  to  be  compared  or  totaled;  a dollar 
consumed  for  fuel  is  equal  in  value  to  a dollar  con- 
sumed to  pay  a mechanic.  In  this  way,  the  designer  ca 
make  comparative  and  unbiased  choices  among  re 
source  expenditures. 

In  some  cases,  however,  the  analyst  will  encountei 
physical  resources  that  are  constrained  by  other  thar. 
dollar  costs  and  that  cannot  be  expressed  meaningfully 
in  dollar  terms.  Such  a constrained  resource  might  be 
the  production  capacity  of  an  existing  manufacturing 
facility.  Management  business  risk  decisions,  insuffi- 
cient time  to  build  new  facilities,  or  similar  factors  may 
exclude  a given  design  alternative,  even  if  no  explicit 
limitation  is  placed  upon  dollar  resources. 

Another  example  is  the  consideration  of  the  value  of 
human  life  during  a survivability  trade-off  study.  The 
value  of  human  life  is  not  commensurate  with  other 
resource  measurements  and.  hence,  its  value  cannot  be 
expressed  in  terms  of  payment  of  survivor  benefits,  or 
the  costs  of  training  and  travel  of  replacement  person- 
nel. While  dollar  costs  consumed  for  such  activities  are 
commensurate  in  every  way  with  other  dollar  costs, 
their  use  would  tend  to  mask  the  implications  of  the 
trade-off  of  human  lives  for  dollars. 
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2-4. 4. 1.4  Joint  Costs 

Joint  costs  are  generated  when  more  than  one  system 
uses  a specific  resource.  Normally,  joint  resources  are 
those  involved  in  the  functions  of  command  or  support. 
Joint  costs  that  can  be  considered  as  “overhead"  may 
he  classified  as  either  fixed  or  variable.  The  use  of  fixed 
joint  resources  does  not  change  with  the  systems  or 
organizations  using  them;  as  a result,  no  incremental 
costs  need  be  allocated  to  the  system  designs  being 
compared.  Variable  joint  costs,  on  the  other  hand,  oc- 
cur when  a change  in  the  system  design  results  in 
changes  in  the  joint  resource  requirements  or  uses.  As 
such,  an  appropriate  proportion  of  the  change  in  the 
incremental  variable  joint  cost  properly  should  be  al- 
located to  the  change  in  system  design. 

An  example  of  such  an  unequal  allocation  of  incre- 
mental joint  costs  in  a design  trade-off  analysis  is  the 
difference  in  the  number  of  support-services  personnel 
necessary  to  support  the  maintenance  personnel  re- 
quired by  a fleet  of  one  helicopter  model  versus  a fleet 
of  another  design  that  requires  fewer  maintenance  per- 
sonnel to  maintain  an  equal  level  of  availability. 

2-4. 4. 1.5  Other  Cost  Concepts 

Additional  cost  concepts,  such  as  discounted  costs 
and  time-phased  costs,  routinely  an-  ecountered  in 
force  structure  and  programs.  How  ' is  unlikely 
that  they  will  be  needed  while  anal  vzu,,  "or  design 
trade-off  planning.  Concrpt>  ,i  d dHu.  with 
which  the  cost  analyst  sh  lu  e tamiliar  i 

1.  Amortized  costs.  ■ mu-d  by  dividing  , 
costs  by  the  estimated  service  life  of  the  system. 

2.  Constant  dollar  cost.  A cost  whose  value 
throughout  time  may  be  affected  by  inflation  or  defla- 
tion, but  these  effects  are  segregated.  The  cost  is 
“frozen"  in  time  and  expressed  in  dollars  of  a particular 
year. 

3.  Direct  cost.  That  cost  related  solely  to  the  sys- 
tem that  generates  it.  This  term  often  is  used  to  distin- 
guish operating  unit  costs  from  support  costs  (see  item 
6). 

4.  Discounted  cost.  U„  ' to  show  the  time  prefer- 
ence for  postponed  commitments  to  expenditures.  Dis- 
counted cost  also  may  be  termed  present  cost  and  is 
obtained  by  the  formula 


PC  = C(\  +r)~m  .dollars 


present  value  of  cost , dollars 


C -■  cost  at  end  of  m time  periods, 
dollars 

m "her  of  time  periods, 
iomess 

/■  - m>  rate  (expressed  ; 
decimal)  per  time  period, 
dimensionless 

5.  Inflated  cost.  That  which  uses  an  estimated  in- 
flation factor  to  increase  present-day  estimates  of  ex- 
penditures to  be  made  in  later  years. 

6.  Indirect  cost.  Not  identified  with  the  unit  or 
system  that  generates  it.  Indirect  costs  are  joint  costs; 
i.e.,  they  reflect  the  use  of  resources  that  support  more 
than  one  unit  or  system. 

7.  Investment  cost.  Nonrecurring  costs  required  to 
take  a system  from  the  developmental  stage  to  operat- 
ing capability  within  a force.  These  consist  of  costs  for 
initial  procurement  of  the  system  and  initial  training, 
and  allowances  for  mair  tenance  and  combat  parts  in- 
ventory. 

8.  Operating  cost.  Recurring  cost  required  to  keep 
a system  in  an  active  force. 

9.  Opportunity  cost.  Cost  of  resources  consumed 
in  following  one  course  of  action  and,  therefore,  una- 
vailable to  any  alternative  course  of  action. 

10.  Price.  The  dollar  amount  paid  to  a seller.  The 
price  is  only  part  of  the  cost  to  the  buyer  because  the 
buyer  also  must  pay  the  cost  of  ownership. 

11.  Residual  value.  The  estimated  current  worth  of 
remaining  assets  when  a system  is  removed  from  the 
active  inventory  (also  termed  salvage  value). 

2-4.4.2  Cost  Estimation 

This  paragraph  defines  cost-estimating  relationships 
(CER)  and  describes  how  they  are  obtained  and  the 
purposes  they  serve.  The  objective  is  to  supply  the  de- 
sign engineer  with  sufficient  knowledge  to  judge  the 
value  and  individual  validity  of  CERs  as  aids  in  making 
design  trade-off  decisions.  A discussion  of  the  statisti- 
cal analysis  techniques  used  to  derive  these  relation- 
ships is  beyond  the  scope  of  this  handbook. 

A CER  may  be  defined  as  a statement  of  how  the 
costs  of  a system  are  influenced  by  changes  in  one  or 
more  variables  of  that  system. 

In  certain  cases,  a simple  factor  type  of  CER  may  be 
possible.  For  example,  in  estimating  fuel  consumption 
costs,  a simple  multiplier  can  be  applied  to  the  number 
of  pounds  of  fuel  consumed  to  obtain  the  annual  cost 
of  fuel.  Quite  often,  however,  CERs  can  become  far 
more  complex,  especially  where  an  interdependency 
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| exists  between  the  number  and  size  of  engines  selected 

j for  use  on  u single  helicopter  and  the  cost  of  mainte- 
_ / nance  of  that  vehicle. 

2-4. 4. 2.1  Data  Development 

The  most  fundamental  step  in  deriving  cost -estimat- 
ing relationships  is  the  collection  of  data  related  to 
current  models  used  in  operations  and  environments 
similar  to  those  for  which  the  new  design  is  being  pro- 
cured. Historical  records  are  the  most  common  source 
of  such  data.  Other  data  are  obtained  from  tests  and 
specially  designed  field  experiments. 

Two  types  of  data  are  collected.  First  is  the  informa- 
tion that  defines  the  dependent  variable,  i.e.,  costs  of 
various  operations.  Second  are  those  data  that  define 
the  independent  or  interdependent  variables,  i.e.  those 
that  describe  how  the  costs  were  generated.  The  dif- 
ficulty here  is  that  most  influential  factors  seldom  are 
apparent.  The  principal  task  of  the  cost  analyst  is  to 
assess  the  independent  variables  and  to  test  the  strength 
of  the  relationships  between  cost  and  the  operations 
that  generate  cost.  Those  that  prove  to  have  both  strong 
and  reliable  relationships  are  selected  as  the  CERs  to 
be  used  in  predictive  analyses.  For  example,  in  the  case 
of  helicopter  depot  maintenance  costs,  data  might  be 
collected  on  maintenance  cost  versus  flying  hours, 

) numbers  of  takeoffs  and  landings  or  helicopter  gross 
weights.  The  relationship  that  offered  the  highest  pre- 
dictive reliability  would  be  the  preferred  CER  for  es- 
timating cost  of  depot  maintenance  for  similar  helicop- 
ter operations. 

2-4. 4.2  2 CER  Display  Formats 

Ther ; arc  three  principal  methods  used  to  display 
cost-estimating  relationships:  graphical  formats,  tabu- 
lar formats,  and  mathematical  formulas.  The  simplest 
form  of  mathematical  CER  is  the  multiplying  factor. 
The  CERs  used  to  estimate  the  pay  and  allowances  of 
military  personnel  normally  are  expressed  with  such  a 
factor.  Thus,  the  total  cost  for  pay  and  allowances  of 
direct  military  personnel  associated  with  a given  heli- 
copter fleet  equals  the  number  of  personnel  assigned 
directly  to  the  fleet  times  the  average  pay  and  allow- 
ance factors  (dollars  per  man). 

A similar  CER  presentation  takes  the  form  of  the 
linear  equation.  For  example,  the  cost  of  support  per- 
sonnel sometimes  is  expressed  as  a function  of  the  num- 
ber of  direct  personnel  in  the  form 


where 


Y = aX  + b , dollars 


(2-9) 


Fig.  2-12.  Typical  Curvilinear  CER 


dollars 

a - the  amount  by  which  Y 

increases  for  a unit  increase  in 
X,  dollars 

X — the  number  of  direct  personnel 
b - constant  cost,  dollars 

In  this  example  there  is  a minimum  cost  of  support 
personnel  b that  must  be  assumed  even  if  the  number 
of  direct  assignees  is  minimal  or  zero.  Obviously,  this 
relationship  also  could  be  expressed  graphically  as  a 
straight  line  (linear)  variation  of  Y as  a function  of  X 
with  a ^intercept  value  of  b.  In  either  case,  the  inter- 
pretation should  be  straightforward.  The  choice  of  dis- 
play format  is  strictly  for  the  convenience  of  the  ana- 
lyst. 

There  are  certain  CERs — the  nonlinear  and  often 
irregular  relationships — that  do  not  lend  themselves 
readily  to  mathematical  form.  In  this  case  the  graphical 
format  is  preferred.  One  of  the  more  common  forms  of 
graphical  displays  of  CERs  is  that  shown  in  Fig.  2-12. 
A typical  curvilinear  CER  is  plotted  on  log-log  graph 
paper.  Note  that  this  curve  is  somewhat  curvilinear 
rather  than  a straight  line,  and  thus  would  prove  dif- 
ficult to  express  directly  in  mathematical  form.  Fre- 
quently, a simplification  is  applied  to  such  a relation- 
ship that  makes  the  assumption  either  that  the  curve  is 
linear  or  that  it  can  be  dealt  with  as  a series  of  linear 
segments.  In  any  event,  it  often  is  easier  in  the  case  of 
irregular  relationships  to  plot  the  results  graphically 
and  then  read  required  values  directly  from  (he  result- 
ing plot. 

The  third  common  form  of  CER  is  the  tabular  pre- 
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TABLE  2-3 

CONSTRUCTION  COST  AS  MULTIPLE  OF 
EQUIVALENT  U.S.  COST  (U.S.  = 1.0) 


KOREA 

0.90 

FEDERAL  REPUBLIC  OF  GERMANY 

1.10 

FRANCE 

1.35 

VIET  NAM 

1.40 

PANAMA 

1.60 

PHILIPPINES 

2.35 

sentation.  Several  CERs  lend  themselves  well  to  this 
format,  as  shown  in  Table  2-3. 

Other  less  common  forms  of  CERs  are  nomograms 
and  multivariate  equations;  the  former  is  a type  of 
graphical  display,  while  the  latter  can  be  used  only 
when  aided  by  computer. 

2-4.4. 2. 3 CER  Derivation 

The  first  step  in  CER  derivation  is  the  collection  of 
historical  data  on  similar  operations  (par.  24.4.2.1). 
The  second  step  is  to  assess  the  strength  of  the  interde- 
pendencies between  cost  and  the  physical  data  that 
describe  a system  or  operation.  This  step  is  aided  prin- 
cipally by  statistical  analyses. 

For  example,  assume  that  a significant  degree  cf 
analysis  has  been  made  of  several  types  of  helicopters 
for  three  years  of  operations  in  both  U.S.  Army  and 
related  military  operating  organizations.  The  analyses 
have  shown  that,  for  a selected  subset  of  the  data  that 
relate  most  directly  to  the  design,  depot  maintenance 
costs  are  related  to  the  continuous  maximum  power 
level  of  the  engines,  to  the  airframe  empty  weight,  and 
to  the  maximum  design  gross  weight.  Now  the  factor 
must  be  selected  that  offers  the  best  CER  for  prediction 
of  depot  maintenance  costs.  The  data  for  this  hypo- 
thetical example  are  shown  in  Table  2-4. 

The  next  step  is  to  plot  the  depot  maintenance  cost 
for  the  three  years  versus  the  independent  variables. 
These  plots  are  shown  in  Fig.  2-13,  and  it  is  apparent 


that  the  empty-weight-versus-cost  relationship  is  the 
most  consistent  trend  of  those  examined.  The  statistical 
technique  for  quantifying  the  quality  of  fit  of  a straight 
line  drawn  through  these  data  is  termed  correlation 
analysis;  a perfect  fit  yields  a correlation  coefficient  of 
unity,  and  no  correlation  yields  a zero  correlation  coef- 
ficient. A coefficient  of  variation  is  a second  statistical 
measure  and  is  a quantification  of  the  degree  of  scatter 
of  the  data;  i.e.,  the  lower  the  coefficient  of  variation, 
the  better  the  relationship.  The  coefficients  of  correla- 
tion and  variation  for  the  three  relationships  examined 
are  shown  in  Table  2-5.  In  the  cases  examined  the 
relationship  between  depot  maintenance  cost  and  heli- 
copter empty  weight  offers  the  highest  coefficient  of 
correlation  and  the  lowest  coefficient  of  variation. 
Therefore,  it  clearly  is  the  best  of  the  three  CERs  for 
predicting  depot  maintenance  costs  on  similar  helicop- 
ters. 

Another  statistical  technique,  regression  analysis, 
now  is  applied  to  this  relationship.  Regression  analysis 
is  used  to  express  the  trend  line  and  the  confidence 
bands.  The  trend  line  is  the  best  fit  linear  relationship 
that  can  be  put  through  the  data  points.  In  this  case  the 
trend  line  for  CER  is  Cost  (S/flt-hr)  — 3.06  -F  7.20 
(empty  weight  X 10  ~J).  The  95%  confidence  bands 
are  shown  in  Fig.  2-14  and  represent  a statistical  calcu- 
lation that  yields  a subjective  confidence  that  95%  of 
all  measured  values  will  fall  between  the  bands. 

2-4.4. 2. 4 Use  of  CERs 

Like  any  predictive  relationship,  a CER  is  a tool  for 
determining  that  which  we  wish  to  know  based  upon 
that  which  already  is  known  or  which  can  be  measured. 
Where  a sufficient  body  of  historical  data  exists  for 
analysis,  a variety  of  CERs  can  be  developed. 

The  degree  to  which  costs  can  be  used  to  aid  deci- 
sionmaking is  as  sensitive  to  the  validity  of  the  CERs 
as  it  is  to  the  validity  of  the  physical  relationships  that 
describe  the  design  alternatives.  Similarly,  it  is  impor- 
tant to  avoid  using  the  direct  cost  of  producing  an  item 
of  hardware  as  the  sole  cost  criterion,  and  instead,  to 


TABLE  24 
CER  TEST  DATA 


HELICOPTER 

DEPENDENT  VARIABLES 
DEPOT  MAINTANENCE, 
COST.  S.'flt-hr 

INDEPENDENT  VARIABLES 

GROSS 
WEIGHT, 
lb  K 10  ’ 

EMPTY 
WEIGHT. 
Il>  x in  -1 

ENGINE 
POWER, 
no  x in  ■' 

FY'68 

FY'69 

FY'70 

CH 

A 

7 

8 

8 

1 1 

9 

2 

ch 

B 

6 

* 

11 

7 

2.6 

CH 

c 

V, 

- 

18 

?« 

21 

5 

CH 

D 

4 

3 

4 

11 

2.5 
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consider  the  total  cost  implications  of  selecting  one 
design  over  another. 

Par.  2-4.5  describes,  by  example,  how  CERs  can  be 
combined  with  a knowledge  of  the  effectiveness  of  vari- 
ous designs  to  aid  design  trade-off  decisionmaking. 
Simulation  modeling  and  the  decision  criteria  related  to 
cost-effectiveness  techniques  are  discussed. 

Further  data  concerning  cost-estimating  techniques 
and  cost  factors  useful  to  the  task  of  conducting  heli- 
copter design  trade-off  analyses  are  presented  in  Refs. 
19  through  27. 


POWER,  hp  x 10  3 


Fig.  2-13.  Scatter  Diagrams  for  Three  Test  CERs 


TABLE  2-5 

COEFFICIENTS  OF  CORRELATION  AND 
VARIATION 


GROSS  WT 

EMPTY  WT 

POWER 

COEFFICIENT  OF  CORRELATION 

0.93 

0.97 

0.86 

COEFFICIENT  OF  VARIATION 

0.24 

0.15 

0.32 

Fig.  2-14.  Selected  CER  With  Trend  Line  and 
Confidence  Bands 


2-4.5  SIMULATION  MODELING:  AN 
EXAMPLE 

Any  discussion  of  design  trade-off  analysis  must  in- 
clude simulation  modeling  because  of  the  importance 
of  such  modeling  in  relating  unit  effectiveness  to  total 
system  cost. 

This  paragraph  uses  an  example  of  choosing  between 
two  engines  for  a cargo  helicopter.  It  is  assumed  that 
a choice  of  either  engine  design  yields  insignificant  dif- 
ferences in  the  estimated  performance  and  survivability 
of  the  basic  helicopter.  Differences  exist  only  in  the 
estimated  vehicle  availability  and  the  initial  investment 
cost. 

There  are  five  elements  in  cost-effectiveness  analysis, 
as  specified  in  par.  2-4.2: 

1 . Objective.  To  provide  a capability  to  deliver  one 
million  flight  hours  of  helicopter  cargo  airlift  per  year 
for  a period  of  10  yr.  Thus,  the  measurement  of  effec- 
tiveness is  the  number  of  airlift  hours  available. 

2.  Measure  of  cost.  Ten-year  cost  of  ownership  of 
the  total  fleet  of  identical  cargo  helicopters. 

3.  Design  choices: 

a.  Helicopter  with  Engine  A 

b.  Helicopter  with  Engine  B. 

4.  Criterion  of  choice.  That  design  which  meets 
the  objective  at  the  least  cost  shall  be  preferred. 

5.  Model.  The  fifth  element,  the  model,  is  devel- 
oped herein. 

The  data  available  to  begin  the  analysis  are  shown  in 
Table  2-6.  In  addition,  it  is  known  that  the  mean  cost 
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of  helicopter  maintenance  is  $240  per  muintenar.ee 
hour. 

Two  important  facts  should  be  noted  for  the  con- 
struction of  the  model: 

1.  Helicopters  are  procured  by  the  Army  in  fleet 
quantities  and  not  as  individual  units.  As  such,  a com- 
mitment of  resources  to  one  design  or  method  can  be 
assessed  properly  only  in  terms  of  the  full  costs  and 
effects  that  the  commitment  yields. 

2.  The  design  of  a helicopter  is  specified  fully  in  a 
single  unit.  Therefore,  measurements  that  characterize 
the  capabilities  of  a given  design  arc  determined  and 
expressed  most  readily  for  a single  unit. 


per  year  per  helicopter  of 
design  type  .t,  hr 

Ax  = unit  availability  ratio  for  design 
type  x helicopter,  dimensionless 
An  equation  expressing  the  10-yr  cost  of  ownership 

C|„  is; 


r,„  A J//v»  * I (hr 


I (hr  • 


maim-lo  t .. 
Ill  •hr  ‘ ’» 


, dollars  (2-1 1 ) 


The  difference  in  measurement  levels  between  deci- 
sions regarding  program  resource  allocations  and  those 
involving  design  information  is  both  typical  and 
proper.  To  the  analyst,  however,  it  presents  a require- 
ment to  bridge  a gap  in  information.  The  solution  to 
this  need  is  to  construct  a model  or  series  of  relation- 
ships that  simulates  the  operational  use  of  the  helicop- 
ter fleet.  The  model  takes  information  that  is  known — 
single-unit  capability,  or  cost  and  maintenance 
data — and  structures  it  to  obtain  a semi-realistic  simu- 
lation of  a total  organization  use.  In  this  way  the 
desired  measures  of  fleet  effectiveness  and  fleet  cost  are 
obtained. 

A model  that  can  be  used  in  this  way  for  the  cargo 
helicopter  design  study  is  shown  in  logic  flow  form  in 
Fig.  2-15. 

The  same  can  be  expressed  mathematically  with  two 
equations.  An  equation  expressing  the  fixed  effective- 
ness criterion  is 


l-ye  = NxHxAx  , fit-hr/yr  (2-10) 


where 

Ej,.  — effectiveness  criterion,  fixed 
effectiveness,  fit-hr/yr 
Nx  = number  of  helicopters  in  the 
fleet  of  type  x helicopter 
Hx  = planned  flight  hours  available 


where 


//.  = initial  investment  cost  of  one 

helicopter  unit  of  design  type  x . 
dollars 

t ==  operating  cost  for  design  type 
x,  dollars/flt-hr 

C„a,„,  = organizational  cost  of 

maintenance,  dollars/maint-hr 
A quantitative  example  of  the  cost  calculations  for  the 
fixed  effectiveness  method  is  shown  in  Eqs.  2-12 
through  2-14.  This  example  is  based  upon  the  assump- 
tions that  E/r  = 106  fit-hr/yr  and  Hx  = 1000  flt- 
hr/helicopter-yr.  Combining  Eqs.  2-10  and  2-11  and 
solving  for  Cl0  we  obtain 


10  3 II> 


Cio  A 


+ 10  7C 


opr 


J majntjnA 
^ flt-hr 


, dollars  (2-12) 


Evaluating  this  equation  for  both  designs,  we  obtain 
for  Design  A 


TABLE  2-6 

TYPICAL  ANALYSIS  DATA 


ENGINE  A 

ENGINE  B 

INITIAL  INVESTMENT  COST  . MILLION  S 

2 

1.8 

MEAN  OPERATING  COST.  S PER  FLT-HR 

till 

80 

MT8MA,  HR 

12 

15 

MTTR,  HR 

RATIO  OF  MAINTENANCE  HOURS 

3 

5 

TO  FLIGHT  HOURS 

1.25 

1.67 

CI0^  = — -Jt23)l°3  [2.0  X 106]  + 1 07 (110) 
+ 107(1.25)  240 

= $6.60  X 109  (2-13) 

and  for  Design  B 
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SINGLE-UNI' 

AVAILABILITY 


NO.  OF 
HELICOPTERS 
IN  FLEET 


EFFECTIVENESS 
. INO.  OF  OPERATIONAL 
HELICOPTERSi 


NONRECURRING 
COST  UNIT 


OPERATING  COST  ' 


ANNUAL 

RECURRING  COST 


I COST  1 10  vf 
COST  OF  OWNERSHIP i 


MAI  NT.  COST 
m;imt -lir 


REOL’IRED 
•H-'k  \i 


ESTIMATED 
SERVICE  LIFE 


Fig.  2-15.  Logic  Flow  Diagram  for  Design  Trade-off  Model 


C.a  = (15  + 5)-1(?3  [1.8  X 106]  + 107(80) 


+ I07(1.67)  240 


= $7.20  X 109 


(2-14) 


Thus,  for  the  chosen  level  of  effectiveness  a $600  mil- 
lion saving  results  if  the  helicopter  design  that  uses 
Engine  A is  chosen. 

The  choice  of  Design  A was  not  apparent  readily 
from  the  original  data.  Indeed,  the  initial  unit  cost  of 
Design  A is  1 1%  higher  than  for  Design  B.  This  exam- 
ple points  out  the  danger  of  using  only  partial  cost  data 
to  evaluate  a design  trade-off  decision.  This  is  further 
emphasized  by  the  two  10-yr  cost  equations  as  evalu- 
ated for  the  two  helicopter  designs.  The  total  initial 
investment  cost  of  Design  A (Eq.  2-13)  is  $2.5  billion 
or  approximately  38%  of  the  total  10-yr  cost;  thus,  the 
recurring  costs  contribution  to  the  10-yr  cost  of  owner- 
ship amounts  to  62%.  For  Design  B these  recurring 
costs  are  67%  of  the  total.  In  either  case  they  have  a 
significant  impact  and  should  not  be  ignored. 


would  be  fundamentally  the  same.  A more  complex 
and  perhaps  more  realistic  model  might  be  constructed 
by  adding  further  elements  such  as  actual  crew  replace- 
ment policies,  part  stockage,  and  fuel  costs.  Similarly, 
the  effectiveness  simulation  might  be  portrayed  more 
realistically  by  using  a random  selection  of  typical  mis- 
sion profiles  or  a probabilistic  simulation  of  unsched- 
uled maintenance  action. 

A discussion  of  such  probabilistic  models  is  beyond 
the  scope  of  this  handbook.  However,  Ref.  21  describes 
such  a model  used  for  helicopter  design  trade-off  stud- 
ies. In  building  a simulation  model,  the  analyst  should 
make  sure  that  the  addition  of  further  detail  and  com- 
plexity not  only  will  improve  the  simulation  of  reality, 
but  also  will  improve  the  accuracy  of  the  simulation, 
consistent  with  the  needs  of  the  problem  and  the  inher- 
ent accuracy  of  the  input  data. 


2-5  LIST  OF  SYMBOLS 


A = availability,  dimensionless 


Ae  = component  availability, 


Although  the  example  used  was  simple,  the  actual 
process  of  model  building  for  more  complex  problems 


dimensionless 

A,  = subsystem  availability, 
dimensionless 
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A, 


a => 


b 

C 


•'meliu 


or. 


E, 


system  availability, 
dimensionless 

unit  availability  ratio  for  design 
type  x helicopters, 
dimensionless 

amount  by  which  Y increases 
for  a unit  increase  in  X, 
dollars 

= constant  cost,  dollars 
= cost  at  end  of  m time  periods, 
dollars 

s=  10  yr  cost  of  ownership,  dollars 
= organizational  cost  of 

maintenance,  dollars/maint-hr 
= operating  cost  per  hour  for 
design  type  x,  dollars 
= effectiveness  criterion,  fixed 


effectiveness,  flt-hr/yr 
Hx  = flight  hours  available  per  year 
from  helicopter  unit  of  type  x, 
hr 

IIX  = initial  investment  cost  of  one 
unit  of  design  type  x,  dollars 
m = number  of  time  periods, 
dimensionless 

Nx  = number  of  helicopters  in  the 
fleet  of  type  x,  dimensionless 
P = probability,  dimensionless 
PC  ~ present  value  of  cost,  dollars 
R = reliability,  dimensionless 
R,  - subsystem  reliability, 
dimensionless 

R,  = system  reliability,  dimensionless 
r » discount  rate  (expressed  as  a 
decimal)  per  time  period, 
dimensionless 
t = time,  hr 


X = number  of  direct  personnel, 
dimensionless 

Y — cost  of  support  personnel, 
dollars 

X = failure  rate  = 1/MTBF,  hr*1 


X,  = subsystem  failure  rate,  hr*1 
X,  = system  failure  rate,  hr*1 
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CHAPTER  3 

PERFORMANCE 


31  INTRODUCTION 

This  chapter  describes  procedures  for  the  prelimi- 
nary optimization  of  helicopter  performance.  In  the 
preliminary  design,  performance  evaluations  neces- 
sarily are  tentative,  but  proper  use  of  historical  data 
and  available  analytical  techniques  will  minimize  un- 
certainties and  avoid  difficulties  and  delays  in  the  detail 
design  and  qualification  assurance  phases. 

Aerodynamics  and  propulsion  are  the  primary  areas 
for  performance  optimization.  Methods  for  evaluating 
these  elements  are  described  in  this  chapter.  This  intro- 
duction describes  the  e1.  olution  of  the  theoretical  basis 
of  helicopter  performance  evaluation,  along  with  the 
major  preliminary  design  problems  and  the  potentials 
of  helicopter  performance. 

Although  the  conception  of  the  helicopter  preceded 
that  of  the  autogyro  by  at  least  several  centuries,  the 
discovery  by  Cierva  of  the  optimum  blade  angle  for 
autorotation  of  a freely  rotating  rotor  was  probably  the 
most  vital  step  toward  practicable  rotary-wing  flight.  It 
permitted  achievement  of  a slow  descent,  making  it 
possible  for  the  helicopter  to  land  safely  in  the  event  of 
engine  failure. 

The  reports  of  Glauert  (Ref.  1)  and  Lock  (Ref.  2) 
formed  the  earliest  theoretical  bases  for  investigating 
the  physical  principles  of  rotary-wing  flight.  Analysis 
at  first  was  confined  to  the  autogyro,  but  Glauert  later 
developed  a theory  of  helicopter  performance  during 
vertical  ascent  (Ref.  3)  that  was  extended  to  cover  hori- 
zontal flight  (Ref.  4)  with  the  rotor  axis  vertical.  Squire 
(Ref.  5)  extended  the  analysis  to  flight  with  the  rotor 
axis  inclined  forward  to  give  a component  of  rotor 
thrust  for  propulsion.  Wheatley  (Ref.  6)  made  further 
fundamental  contributions  to  the  early  literature  on 
helicopter  performance. 

The  era  of  the  autogyro  (Ref.  7)  merged  into  that  of 
the  helicopter  by  Focke’s  demonstration  (Ref.  8)  in 
1938  of  adequate  controllability  in  the  hover  mode.  A 
series  of  papers  by  Bennett  (Ref.  9)  on  rotary-wing 
aircraft  summarized  the  state  of  knowledge  in  1940;  it 
was  clear  then  that  there  were  three  main  categories  of 
rotary-wing  aircraft: 


1.  The  classic  or  “pure”  helicopter  that  had  no 
separate  means  of  propulsion;  i.e.,  all  of  the  power  was 
supplied  to  the  rotor  or  rotors  (Ref.  5) 

2.  The  autogyro,  whose  rotor  was  kept  in  rotation 
during  flight  by  aerodynamic  forces  only,  the  engine 
power  being  supplied  to  a propeller  that  provided  a 
forward  thrust  component  for  translational  flight.  The 
rotor  thus  was  wholly  a lifting  device. 

3.  The  compound  or  hybrid  helicopter,  in  which 
part  of  the  power  was  supplied,  to  the  rotor  for  produc- 
ing lift  and  part  to  a propeller  for  providing  propulsion. 
The  helicopter  was  enhanced  greatly  by  the  addition  of 
a fixed  wing  to  reduce  the  lift  component  provided  by 
the  rotor  in  translational  flight,  thereby  enabling  higher 
forward  speeds  to  be  achieved  without  encountering 
severe  fluctuations  in  rotor  lift.  Such  periodic  fluctua- 
tions had  been  responsible  for  high  rotor  drag  and  in- 
herent vibrational  problems. 

34.1  WORKING  STATES  OF  A ROTOR 

Glauert  (Ref.  10)  and  Lock  (Ref.  11)  have  analyzed 
the  working  states  of  a rotor  in  terms  of  two  parameters 
F and  f,  thrust  coefficients  defined  by  the  equation 

~~  4itrp(VD  — v)*F 

= 4nrpV*f  , lb/ft  (3-1) 

where 

dT  — thrust  of  the  blade  elements  at 
radial  distance  r,  lb  (i.e.,  the 
thrust  resulting  from  the 
momentum  imparted  to  the  air 
in  an  annulus  of  radius  r and 
thickness  dr) 

VD  = rate  of  descent,  fps 
v = rotor-induced  velocity  at  the 
annulus,  fps 

p = density  of  air,  slug/ft  ’ 
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Hence,  the  velocity  of  flow  through  the  annulus  is 
! (VD  — v)  when  VD  > v,  and  (o  — Vp}  when 
! Vp  < v. 

By  using  the  empirical  relationship  between  Fand 
j /given  in  Eq.  3-1  in  the  Region  where  there  is  recircula- 
i tory  flow  through  the  disk,  Bennett  (Ref.  12)  shows 
that  a rotor  autorotative  is  partially  a propeller  in  the 
“vortex  ring  state”  and  partially  a windmill  in  the 
“ windmill  brake  state".  The  “windmill  brake  state”,  in 
which  VD  > v,  i.e.,  where  there  is  an  upwash,  absorbs 
| more  torque  from  the  air  than  can  be  expended  in 
j profile  drag;  therefore,  the  autorotative  rotor  at  zero 
j torque  must  expend  excess  torque  in  the  “vortex  ring 
state”  where  VD  < v,  i.e.,  where  there  is  a downwash. 

In  powered  level  flight  or  in  a climb  the  rotor  is 
working  mainly  in  the  “normal  propeller  state”.  VD 
now  becomes  '/,  the  helicopter  speed,  and  the  velocity 
of  flow  through  the  annulus  at  radius  r is  ( V + v).  For 
j uniform  distribution  of  v over  the  disk — an  ideal  as- 
j sumption — the  rotor  can  be  considered  as  an  “actuator 

I disk”,  a useful  concept  with  which  to  compare  the 
j effects  of  nonuniform  distribution  and  the  effects  of 
! losses  due  to  profile  drag  and  unsteady  flow. 

Margler  and  Squire  (Refs.  1 3 and  14)  show  that  even 
in  powered  level  flight  there  are  regions  of  upwash  as 
1 well  as  downwash.  Thus,  the  blade  elements  are  sub- 
| jected  to  periodic  variations  in  angle  of  attack  due  to 
j the  distribution  of  induced  velocity  and,  therefore,  ex- 
! perience  periodic  variations  in  torque  that  may  fluctu- 
i ate  from  a negative  (windmill)  value  in  an  upwash  to 
i a strong  positive  (propeller)  value  in  a downwash.  Even 
with  uniform  distribution  of  v over  the  disk  (a  state  that 
is  unachievable  in  operation),  a downwash  results  in  an 
■ effective  “wash-in”  of  angle  of  attack  and,  therefore,  in 
increased  loading  toward  the  tip.  Conversely,  a uni- 
form upwash  results  in  an  effective  “wash-out"  and, 
therefore,  in  decreased  loading  toward  the  tip. 

The  velocity  distribution  over  the  disk  for  any  con- 
dition of  flight  can  be  calculated  from  Glauert's  em- 
pirical values  of  F and  /,  using  the  method 
established  by  Ref.  12  for  power-off  descent.  In  the 
“vortex  ring  state”,  the  rotor  power  ranges  from  zero 
in  autorotation  to  nearly  full  power  in  the  hover 
mode. 

Stewart  (Ref.  15)  has  determined  in  experimental 
flight  the  boundaries  between  the  three  main  working 
states  of  a rotor  for  a typical  helicopter.  His  work  has 
shown  that,  as  the  forward  speed  increases,  the  rotor 
remains  substantially  in  the  normal  propeller  state  up 
to  higher  sinking  speeds.  With  the  rotor  in  autorota- 
tion, the  “windmill  brake  state"  applies  to  lower  sink- 
ing speeds  as  the  forward  speed  increases.  Thus,  the 
rate  of  loss  of  potential  energy  in  a glide  is  approxi- 
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mately  equal  to  the  power  required  for  level  flight  at  a 
given  forward  speed. 

3-1.2  POWER  REQUIRED  FOR  LEVEL  FLIGHT 

The  energy  equation  of  a helicopter  is  derived  from 
the  assumption  that  the  power  expended  is  equal  to  the 
power  supplied  from  the  engine  or  engines.  This  power 
may  be  transmitted  wholly  to  the  rotor  or  rotors  (of  a 
pure  helicopter),  wholly  to  a propulsive  propeller  or  jet 
(of  an  autogyro),  or  partly  to  the  rotor  and  partly  to  a 
propulsive  propeller  or  jet  (of  a compound  helicopter). 
The  power  is  expended  mainly  in: 

1.  Induced  drag  of  the  rotor  or  rotors 

2.  Profile  drag  of  the  rotor  blades 

3.  Body  drag. 

The  induced  power  varies  inversely  with  forward 
speed.  The  profile  power  increases  from  its  value  in  the 
hover  mode  as  the  square  of  the  forward  speed  and  the 
power  due  to  body  drag  increases  as  the  cube  of  that 
speed. 

The  total  power  requirement  during  translational 
flight  from  hover  to  maximum  speed  initially  decreases 
to  a minimum  value  associated  with  best  endurance, 
then  increases  at  higher  forward  speeds.  At  these 
speeds  the  parasite  power,  which  is  expended  to  over- 
come body  drag,  becomes  predominant.  Typically,  the 
power  required  for  hovering  is  about  twice  that  re- 
quired for  maximum  endurance.  Hence,  at  low  transla- 
tional speeds  the  helicopter  operates  in  the  region  of  the 
power  curve  where  power  decreases  with  forward 
speed. 

It  is  evident  that  body  drag  must  be  kept  to  a mini- 
mum if  high  cruising  and  maximum  speeds  are  to  be 
attained.  Use  of  a propeller  or  propulsive  jet  for  for- 
ward propulsion  would  assist  in  maintaining  a small 
fuselage  angle  of  attack,  and  hence  keep  body  drag  to 
a minimum.  The  rotor  drag  at  high  speed  can  be 
minimized  by  using  a fixed  wing  to  off-load  the  rotor, 
thus  avoiding  periodic  blade  tip  stall. 

3-2  AERODYNAMICS 

3-2.1  BASIC  ANALYTICAL  METHODS 

In  this  paragraph  the  relationships  of  basic  theories 
used  in  classical  methods  for  calculating  rotor  perform- 
ance are  compared  to  show  the  considerations  and  pro- 
cesses required  in  building  a realistic  analytical  per- 
formance model. 
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3*2. 1.1  Hovering  Flight 

3*2. 1.1.1  Momentum  Theory 
The  most  elementary  analytical  model  for  estimating 
the  performance  of  a hovering  rotor  can  be  derived  by 
applying  the  momentum  and  energy  conservation  laws 
to  the  air  mass  influenced  by  a rotor  disk.  The  power 
applied  by  the  disk  equals  the  rate  of  change  with  time 
in  kinetic  energy  of  the  airflow  (A KE/bi),  which  is 
assumed  to  be  steady  and  uniform  over  the  disk  area: 

Tu=  ~~  = v\  , ft-lb/sec  (3-2) 


and  the  thrust  is  equal  to  the  change  of  momentum 
across  the  disk 


T=  (pAv)vj  ,1b 


(3-3) 


where 


A — rotor  disk  area,  ft2 
T — rotor  thrust,  lb 
v — rotor-induced  velocity  through 
the  rotor  disk,  fps 

v2  — rotor-induced  velocity  infinitely 
downstream,  fps 

Hence,  v2  — 2v,  indicating  that  the  induced  velocity 
infinitely  far  downstream  is  twice  that  at  the  actuator 
disk,  and 


fps 


(34) 


Finally,  the  induced  horsepower  ftp,  is  given  by 

, Tv  r3/2 
Pi  550  550y^T 


(3-5) 


This  expression  for  induced  horsepower  is  the 
theoretical  ideal.  In  reality,  of  course,  the  induced 
velocity  is  not  constant  over  the  disk  area  and  has  a 
rotational  component.  Also,  wake  vorticity,  three- 
dimensional  flow  at  the  blade  tip,  and  blade  profile  drag 
combine  with  other  power  losses  to  decrease  the  rotor 
efficiency  when  converting  shaft  power  to  thrust.  To 
estimate  a more  reasonable  lifting  rotor  power  demand; 
profile  drag  losses  and  energy  losses  incurred  because 
of  the  vorticity  effects  at  the  blade  tips  are  taken  into 


account  and  added  to  the  ideal  induced  power  of  Eq. 
3-5. 

In  general,  profile  power  hp0  is  given  by 


ftPo 


JL.  f* 

1100  I 


c(Or)3c.dr 


(3-6) 


where 

b = number  of  blades 
c = blade  chord  at  radius  r,  ft 
H = rotor  angular  speed,  rad/sec 
c4  = section  drag  coefficient  at 
radius  r,  dimensionless 
R — rotor  radius,  ft 

For  a blade  with  constant  chord  c,  but  varying  elemen- 
tal drag  coefficient  cit  we  use  the  mean  drag  coefficient 
(SD  and  the  profile  power  expression  becomes 


, -PbcR*n9~ 

npo  4400  £ 


(3-7) 


To  maintain  consistency  in  this  approach,  the  blade 
section  lift  coefficient  c;also  is  assumed  constant  along 
the  blade  (permitting  the  use  of  the  mean  lift  coefficient 
Q)  and  the  corresponding  expression  for  rotor  thrust 
is  obtained.  Normally,  thrust  T is  given  by 

T=fjRc(nr)*ctdr  ,1b  (3-8) 


and  for  the  conditions  stated,  this  becomes 

,1b 


r 


(3-9) 


Obviously,  lift  and  drag  coefficients  do  vary  along 
the  blade.  However,  if  a relationship  between  the  mean 
values  of  lift  and  drag  coefficients  can  be  established, 
the  power  and  thrust  relationships  of  Eqs.  3-7  and  3-9 
can  be  exercised.  Such  a relationship,  between  mean  lift 
and  drag  coefficients,  is  shown  in  Fig.  3-1  for  one  rela- 
tionship between  the  mean  lift  coefficient  CL  and  the 
ratio  Cr/c,  where  Cris  the  thrust  coefficient  and  cr  the 
rotor  solidity.  The  additional  refinement  required  to 
make  this  elementary  analytical  method  suitable  for 
approximating  simple-geometry-rotor  hover  perform- 
ance is  the  consideration  of  blade  tip  losses.  The  pres- 
sure differential  along  the  blade  span  is  dissipated  at  the 
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Fig.  3-1.  Typical  Mean  Drag  and  Lift  Coefficients 


tip  by  the  circulation  of  air  flowing  from  the  lower  to 
the  upper  surface  of  the  blade.  This  circulation  persists 
over  a portion  of  the  tip  area  that,  consequently,  gener- 
ates no  lift.  Semi-empirically,  this  condition  is  treated 
by  assuming  a tip  loss  factor  ft  that  reduces  the  effective 
radius  for  lift  calculations.  Typical  values  of  ft  range 
from  0.93  to  0.98,  depending  upon  rotor  blade  loading. 
This  parameter  is  discussed  further  in  par.  3-2.1. 1.4. 

The  total  power  hp  required  jy  a hovering  rotor 
includes  the  induced  power  of  Eq.  3-3,  modified  to 
include  the  tip  loss  factor  B,  and  the  profile  power  of 
Eq.  3-7: 


and  Eq.  3-10  can  now  be  reduced  to  the  simple  form 


! CQt  + CQ0  ~ CP 


CT12  °CD 

= + ~g“’  .dimensionless  (3-13) 


where 

C0i  = induced  torque  coefficient, 
dimensionless 

CQo  = profile  torque  coefficient, 
dimensionless 

tr  = rotor  solidify,  bc/(irR), 
dimensionless 

Empirical  corrections  to  the  mean  drag  coefficient  to 
account  for  Mach  number  effects  and  to  the  induced 
torque  coefficient  C0  to  account  for  nonuniform  down- 
wash  can  be  introduced  easily  to  make  the  theory  as 
exact  as  is  necessary  for  any  specific  rotor  for  which 
measured  results  are  available. 

3-2. 1.1. 2 Figure  of  Merit 

An  index  of  rotor  efficiency  for  converting  shaft 
power  to  thrust  is  given  by  the  ratio  of  the  theoretically 
ideal  power  to  the  actual  power  required.  This  index  is 
called  the  rotor  Figure  of  Merit  M,  expressed  nondi- 
mensionally  as 


^-5s£^A+J!^ren  «-“» 


c 3i2 

M=  0.707  — — .dimensionless  (3-14) 

ce 


For  convenience,  the  thrust  T,  torque  Q and  power  P 
expressions  can  be  nondimensionalized  into  coeffi- 
cients CT,  Cq,  and  CP  where 


r = 

T pirft’fllR)1 


.dimensionless 


(3-11) 


c - g 6 M 

0 pjrft3(nft)2  pvR3(SlR)2  \n) 

p 

= r = C„  .dimensionless  (3-12) 

pnR2(OR)3  p 

where 

Q = torque,  Ib-ft 
P = power,  ft-lb/sec 

3-4 


For  the  ideal  rotor,  tlie  Figure  of  Merit  would  equal 
unity;  however,  this  value  can  be  achieved  only  when 
blade  tip  and  profile  drag  losses  are  nonexistent.  One 
simple  method  of  evaluating  rotor  performance  is  to 
examine  a plot  of  thrust  tc  power  (power  loading 
T>,)  vs  *hrust  to  rotor  disk  area  (rotor  disk  loading 
w)  for  various  Figures  of  Merit.  This  relationship  is 
illustrated  in  Fig.  3-2.  The  value  M = 0.75  may  be 
considered  representative  of  a relatively  efficient  rotor. 
The  use  of  Figure  of  Merit  for  rotor  design  and  evalua- 
tion is  discussed  further  in  par.  3-2. 1.1.7. 

3-2. 1.1. 3 Blade  Element  Theory 

The  blade  element  theory  provides  a more  realistic 
method  of  analyzing  hover  performance  by  giving  due 
consideration  to  blade  profile  drag  losses.  The  rotor 
blade  is  analyzed  as  being  made  up  of  individual  blade 
elements,  each  of  which  contributes  to  performance. 
Each  spanwise  element  of  the  blade  then  may  be  con- 
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Fig.  3-2.  Disk  Loading  vs  Power  Loading 


sidered  as  a two-dimensional  airfoil  section,  and  the 
thrust  and  torque  can  be  determined  by  integration.  To 
derive  a better  representation  of  the  inflow,  and  the 
resultant  lift  and  inplanc  forces,  at  each  blade  element, 
this  method  is  complemented  by  use  of  momentum 
theory.  The  rotor  disk  then  is  divided  into  elemental 
annuli  and  the  change  in  momentum  (elemental 
thrust),  for  each  is  equated  to  the  blade  element  lift  for 
a given  blade  pitch.  This  approach  is  depicted  in  Fig. 
3-3  for  a hovering  rotor,  where  <f>,  a,  and  0 are  defined 
below  and  Kis  the  total  velocity  relative  to  the  blade 
element. 


This  represents  the  elemental  thrust  on  a annulus  of 
thickness  Arat  a radius  r.  From  momentum  considera- 
tions the  equivalent  expression  is 


AT  = p(2irrArX2v)  ,1b 


(3-16) 


Solving  Eqs.  3-13  and  3-16  simultaneously  gives 

t cos  <t>  — ca  sin  <j>)  | ' ,fps  (3-17) 


[1 berto \ . . „ 

— gj-  (c,  cos  p — crf  sin  ^)  ,fps  (3- 


AT  — AL  cos  4>  — AD  sin  <t> 
or 


(3-15) 


AT-  cos 0 — crf  sin  <p]  A r ,1b 


where 


L = lift,  lb 
D = drag,  lb 

4>  = inflow  angle.  Tan-1  fV/(ft/^,rad 


Both  c,  and  cd  vary  with  angle  of  attack  a,  and  angle 
of  attack  is  dependent  upon  induced  velocity  v,  i.e., 
a = 9 — Tan"‘[v/(flr)],  where  6 is  the  blade  section 
pitch  angle.  Eq.  3-17  is  transcendental  in  v,  requiring 
an  iterative  solution  if  nonlinear  variations  of  c,  and 
cd  with  a are  considered.  With  the  use  of  a digital 
computer,  this  is  accomplished  by  assuming  a value  for 
v,  computing  a and  the  corresponding  c,  and  cd  coeffi- 
cients from  appropriate  two-dimensional  airfoil  char- 
acteristics (accounting  for  local  stall  and  compressibil- 
ity effects),  thereby  obtaining  a new  value  of  v.  This 
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process  then  is  repeated  until  convergence  within  the 
required  tolerance  is  obtained.  Again,  tip  loss  is  in- 
cluded by  applying  a “tip  loss  factor”  that  assumes 
complete  loss  of  lift  over  a portion  of  the  blade  at  the 
tip.  Reasonable  accuracy  is  achieved  using  this  two- 
dimensional  approximation  of  a tip  loss  factor.  How- 
ever, three-dimensional  tip  effects  and  the  wake 
nonuniformity  caused  by  a finite  number  of  blades  limit 
the  usefulness  of  this  method  for  detailed  rotor  design. 

3-2. 1.1. 4 Tip  Loss  Factor 

The  value  of  the  tip  loss  factor  to  be  used  in  the 
calculations  described  is  dependent  upon  the  quantity 
being  computed,  i.e.,  thrust  or  power  for  a given  pitch 
angle  or  thrust  for  a given  power.  The  selected  mode 
of  application  attempts  to  predict  all  of  these  quantities 
with  the  same  tip  loss  factor.  It  is  assumed  that  the  lift 
and  induced  drag  are  integrated  from  root  to  radius 
BR  (integrated  from  r = 0 to  c = 0.97/?,  where 
B = tip  loss  factor  = 0.97)  while  the  profile  drag  is 
integrated  from  root  to  tip. 

Two  approximate  formulas  for  B are  offered  (Ref. 
16),  one  as  a function  of  blade  loading  and  one  as  a 
function  of  blade  geometry  (blade  radius  R,  and  tip 
chord  cllp): 


V2CV 

2?=1 — .dimensionless  (3-18) 

and 


B=  1 


, dimensionless 


(3-19) 


These  formulas  yield  similar  factors  for  conventional 
main  rotors  where  Bx: 0.97,  and  the  adequacy  of  these 


factors  is  confirmed  for  most  purposes  by  test.  For 
tall  rotors  with  low  aspect  ratio  AR  (AR  — 
radiusJ/blade  area)  and  high  solidity  cr,  both  Eqs.  3-18 
and  3-19  yield  values  for  B that  are  too  high  for  good 
correlation  with  test  results. 

3-2. 1.1. 5 Vortex  Theory-Three-dimensional 

Considerations 

The  methods  of  analysis  in  pars.  3-2.1. 1.1  and  3- 
2. 1.1.3  consider  three-dimensional  effects  only  to  the 
extent  of  including  a semi-empirical  tip  loss  factor. 
However,  to  evaluate  the  real  situation,  the  rotor  vortex 
pattern  and  the  character  of  the  generated  wake  struc- 
ture must  be  analyzed  because  these  factors  affect  the 
induced  velocity  distribution  along  a blade.  The  vortex 
theory  provides  the  basis  from  which  analytical  treat- 
ment of  three-dimensional  considerations  can  be 
derived  and  completes  the  list  of  classical  approaches 
used  in  the  development  of  methods  for  calculating 
realistic  rotor  hovering  performance. 

The  vortex  pattern  created  beneath  a hovering  rotor 
by  a blade  consists  of  a helical  vortex  sheet,  the  diame- 
ter and  helix  angle  of  which  change  as  the  slipstream 
contracts.  Fig.  3-4  illustrates  the  path  of  the  vortex 
sheet  at  the  blade  tip.  The  vortex  sheet  starts  behind  the 
blade  and  rolls  up  into  a pair  of  counter-rotating  vor- 
tices near  the  blade  tip  and  root.  The  induced  velocity 
distribution  at  the  rotor  and  the  resultant  rotor  loading 
are  determined  by  the  combined  influence  of  the  vortex 
patterns  generated  by  a number  of  blades.  At  the  same 
time,  the  exact  vortex  pattern  and  the  vortex  strength 
are  dependent  upon  the  magnitude  and  distribution  of 
the  rotor  loading.  A complete  analysis,  therefore,  re- 
quires consideration  of  the  coupled  effects  of  wake 
shape,  wake  vortex  strength,  and  rotor  lift.  Ref.  17 
provides  a detailed  description  of  the  various  theoreti- 
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Fig.  3-3.  Moments  and  Forces  of  a Hovering  Rotor 
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cal  approaches  used  to  develop  mathematical  models  of 
J the  vortex  system  and  identify  the  modifications  made 
to  the  theoretical  concepts  to  encompass  recent  physi- 
cal evidence  of  blade  vortex  interference  and  rotor 
wake  characteristics. 

The  position  of  the  vortex  generated  by  each  blade 
tip  relative  to  the  rotor  tip  path  plane  is  dependent 
upon  the  contraction  of  the  near  wake.  Consideration 
of  this  contraction,  therefore,  is  most  important  in  an 
analysis  of  the  rotor  blade  interference  caused  by  the 
proximity  of  the  shed  vortex  to  the  following  blades. 
The  distortion  in  local  angle  of  attack  at  the  blade  tip 
caused  by  the  passage  of  a strong  vortex  generated  by 
the  preceding  blade,  as  depicted  in  Fig.  3-5,  produces 
severe  profile  drag  tosses  not  predicted  by  the  pre- 
viously discussed  classical  methods.  Omission  of  this 
effect  can  result  in  highly  optimistic  performance  esti- 
mates especially  for  high  disk  loading,  high  solidity 
rotors.  Accurate  definition  of  the  wake  geometry  also 
is  necessary  to  obtain  correct  axial  and  radial  position- 
ing of  the  vortex  elements  in  the  wake,  which  is  essen- 
tial for  rotor  geometry  design  optimization. 

3-2.1.. 1.6  Theoretical  Three-dimensional 

Prediction  Method 

Excellent  agreement  between  theory  and  experimen- 
tal results  has  been  demonstrated  with  the  Prescribed 
Wake-momentum  Analysis  (PWMA)  (Ref.  18).  This 
analysis  uses  the  basic  strip  momentum  theory,  modi- 
fied to  include  the  effects  of  the  near  wake  by  adding 
a wake- induced  “interference”  velocity  to  the  strip 
momentum  calculated  inflow.  The  wake  geometry  used 
by  the  PWMA  is  defined  simply  in  terms  of  basic  rotor 
parameters  to  which  the  w*'"  is  particularly  sensitive. 
It  has  been  investigated  iiu..pendently  by  analytical 
and  experimental  studies,  all  of  which  indicate  basic 
agreement.  An  outline  of  the  major  iterative  methods 
for  use  in  the  PWMA  computer  program  is  presented 


Fig.  3-4.  Vortex  Pattern  Beneath  Hovering  Rotor 
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Fig.  3-5.  Vortex  Pattern 


in  Ref.  18.  The  airfoil  characteristics  used  in  conjunc- 
tion with  the  PWMA  are  shown  in  Figs.  3-6  and  3-7. 
These  data  originate  from  two-dimensional  wind  tun- 
nel tests  of  a production  blade  specimen  using  the 
NACA  0012  airfoil  section. 

3-2. 1.1. 7 Empirical  Prediction  Method 

A method  that  is  considered  to  give  excellent  results 
in  rapid  prediction  of  rotor  hovering  performance  at 
high  rotor  loadings  is  the  Figure  of  Merit  Ratio  (FMR) 
method.  This  method  is  based  upon  empirical  evalua- 
tion of  isolated  rotor  whirl  stand  test  data,  and  it  is 
useful  particularly  for  high  rotor  loading  conditions 
where  most  other  methods  are  highly  optimistic.  A 
significant  result  of  this  evaluation  is  that  rotor  solidity, 
rather  than  number  of  blades  or  individual  blade  geom- 
etiy,  appears  to  be  the  principal  factor  affecting  rotor 
performance  for  a given  tip  Mach  number  and  blade  lift 
coefficient. 

By  equating  rotor  thrust  (corrected  empirically  for 
blade  tip  losses)  to  rotor  lift,  it  can  be  shown  that  the 
mean  blade  lift  coefficient  Ct  is  proportional  to  the 
parameter  CT/tr.  This  more  readily  measured  pa  ’.me- 
ter, together  with  rotor  solidity  <r,  and  tip  Mach  num- 
ber M„  is  now  used  ^ a parameter  in  establishing  rotor 
performance. 

As  noted  in  par.  3-2  1.1.2,  the  Figure  of  Merit  for  the 
ideal  rotor  would  be  unity.  Realistically  the  maximum 
value  of  tht  Figure  of  Merit  ,lfTO  must  take  into  ac- 
count binds  profile  drag  and  tip  losses.  Using  the  torque 
coefficient  (Cp)  expression  of  Eq.  3-13  (which  takes 
into  account  profile  drag  and  tip  losses).  Eq.  3-14  win 
be  rewritten  as 
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, dimensionless  (3-20) 


The  maximum  realistic  Figure  of  Merit  can  now 
be  plotted  as  a (Unction  of  CT/<r  for  selected  values  of 
ar  (Fig.  3-8)  using  the  following  empirical  values: 

B = 0.97 

a — dc/da  = 5.73,  rad-1 
_a  — 6CT/((raBi),  rad 
C„  » 0.0087  ~ 0.0216a  + 0.4a2 


The  Figure  of  Merit  Ratio  (FMR)  is  now  defined  as 
the  ratio  between  the  actual  Figure  of  Merit  (taking 
into  account  tip  Mach  number  M„  blade  root  cutout, 
and  other  practical  considerations)  and  the  maximum 
Figure  of  Merit.  The  basic  FMR  is  established  empiri- 
cally by  normalizing  all  test  data  to  — 8 deg  linear  blade 
twist  and  20%  root  cutout  based  upon  derivatives  devel- 
oped from  strip  analysis  considerations.  Figs.  3-9,  3- 
10,  and  3-11  present  the  resulting  trends  of  FMR  with 
solidity  or  for  several  values  of  CT/<r  and  tip  Mach 
numbers  of  0.55,  0.60,  and  0.65,  respectively.  Actual 
data  points  for  these  trends  are  shown  to  illustrate  the 
level  of  uncertainty  inherent  in  the  faired  lines.  Figs. 
3-12  and  3-13  show  the  blade  twist  6,  and  blade  root 
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Fig.  3-6.  NACA  0012  Airfoil  Lift  Coefficient 
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Fig.  3-7.  NACA  0012  Airfoil  Drag  Coefficient 
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dimensionless 


Fig.  34.  Maxima*  Figure  of  Merit 


cutout  corrections.  In  reducing  the  test  data,  rotor 
whirl  stand  performance  is  adjusted  for  ground  effect 
using  the  Cheeseman  and  Gregory  correction  (par.  3- 
2.1. 1.8),  and  the  results  at  discrete  tip  Mach  numbers 
are  cross-plotted  to  provide  performance  at  the  three 
Mach  numbers  presented. 

There  are  inherent  variants,  which  should  be  recog- 
nized whenever  this  method  is  used,  and  which  contrib- 
ute to  the  scatter  on  the  plotted  data  points.  These 
include: 

1.  Tip  shap. 

2.  Airfoil  section 

3.  Leading  edge  abrasion  strip  geometry 

4.  Reynolds  number. 

Blade  planform  and  section  camber  are  two  other 
important  parameters  that  need  to  be  considered  in 
detail  rotor  design.  Blade  taper  has  an  effect  upon  rotor 
performance  similar  to  that  resulting  from  increased 
blade  twist.  Both  factors  tend  to  provide  a more  uni- 
form inflow  distribution;  this  relieves  the  blade  loading 
at  the  tip,  which,  in  turn,  reduces  tip  losses  by  decreas- 
ing the  strength  of  the  tip  vortex.  In  addition,  the  com- 
bined power  saving  derived  from  lower  induced  and 


Fig.  3-9.  Figure  of  Merit  Ratio  for  M,  = 035 


profile  drag  losses  can  be  significant  at  high  rotor  load- 
ings. 

<^|inn  ramher  design  considerations  usually  are 
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Fig.  3-11.  Figure  of  Merit  Ratio  for  M,  = 0.65 


geared  to  meet  specific  performance  requirements  for  a 
particular  flight  regime,  and  wind  tunnel  test  programs 
are  conducted  to  optimize  the  section  characteristics 
sought.  Section  pitching  moment  characteristics  nor* 
r ally  are  the  undesirable  side  effects  of  camber  in  a 
rotating  wing,  insofar  as  rotor  control  load  and  blade 
stiffness  requirements  are  concerned.  However,  means 
of  minimizing  inherent  pitching  moments  have  been 


demonstrated.  Effects  of  various  airfoils  upon  hov 
performance  (horsepower  required)  can  be  appro 
imated  by  use  of  Eq.  3-7  with  CD  adjusted  for  t: 
appropriate  section. 


Fig.  3*12.  Blade  Twist  Correction  — Baseline: 
0,  = —8  deg 
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Fig.  3-13.  Blade  Root  Cutout  Correction  — 
Baseline:  20%  Cutout 
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3*2. 1.1. 8 Ground  Effect 

When  a hovering  rotor  is  near  the  ground,  the 
velocity  is  resisted  and  reduced  by  the  presence  of  the 
ground.  This  factor  decreases  the  inflow  to  the  rotor  for 
a particular  disk  loading,  resulting  in  a thrust  increase 
for  a given  blade  pitch  angle.  Conversely,  at  a constant 
thrust  the  power  required  to  hover  is  reduced.  The 
additional  thrust  attainable  at  a given  power  level  per* 
mits  greater  payloads  in  cases  where  hover  out-of- 
ground effect  (OOE)  is  not  necessary,  and  where  trans- 
lational flight  can  be  initiated  from  the  in-ground 
effect  (IGE)  wheel  height.  Ground  effect  corrections 
have  been  attempted  theoretically  using  mirror  image 
rotor  systems  and  combinations  of  sources  and  sinks  to 
simulate  the  obstruction  of  the  wake.  One  such  ap- 
proach is  that  developed  by  Knight  and  Hefner  in  Ref. 
19.  In  this  analysis  the  rotor  is  replaced  by  a cylindrical 
vortex  of  strength  T and  the  ground  by  an  image  vortex 
cylinder  as  shown  in  Pig.  3-14.  The  resulting  induced 
velocities,  of  equal  magnitude,  act  in  opposite  direc- 
tions and  thus  cancel  each  other  at  the  ground.  This 
image  vortex  system  can  be  solved  by  potential  theory 
for  an  ideally  twisted  rotor  (circulation  constant  along 
the  blade  radius  and  independent  of  the  distance  above 
the  ground)  to  obtain  the  variation  of  the  induced 
velocity  along  the  blade  for  a range  of  rotor  heights. 
Then,  using  the  components  of  the  ideal  torque  equa- 
tion that  vary  with  thrust  and  inflow  velocity  (the  pro- 
file drag  component  <rCD/ Sis  omitted),  an  incremental 
torque  coefficient  A CQ  can  be  calculated.  The  value  of 
A Ctf  out-of-ground  effect  is  designated  A and  a 
ground  effect  correction  factor  A is  defined  as 

A CQ 

A = -rpr~  .dimensionless  (3-21) 


where  ACff  and  A CQm  are  given  by 


ROTOR  HEIGHT  1 


— j — '-^-GROUND  PLANE 
a__—~ a -r 

" » 1 1 V iaai 


c-£.J..-V;IMAGE 

Fig,  3*14.  Replacement  of  Rotor  aad  Ground  by 
Cylindrical  Vortex  aad  Image  Vortex 


AC, 


C 3/J  C 

By/2  3 a & 


, dimensionless 


AC 


A- 


2_  Si  CTm 
3 a b1 


, dimensionless  | 


where 

CT/  = thrust  coefficient  corrected  for 
reduced  inflow  due  to  ground 
effect,  dimensionless 
a ~ slope  of  lift  coefficient  vs  angle 
of  attack  curve  ( dc,/da ), 
rad-1 

8,,  8a  « coefficients  of  equation  cd  = 

80  + 8,a  + 82aa, 
dimensionless 

Calculation  of  A will  provide  a family  of  nondimen- 
sional  curves  for  selected  values  of  Cr/cr:  (Fig.  3-15). 
These  can  be  used  readily  to  compute  changes  in  power 
required  to  hover  as  a function  of  the  rotor  height 
above  the  ground  Z;  these  curves  can  be  approximated 
by  A = [Z/(2R)]'n.  This  theory  has  been  shown  to  be 
accurate  for  Z/R>  1;  empirical  methods,  discussed  in 
succeeding  paragraphs,  should  be  used  at  lower 
heights. 

Theoretical  ground  effect  corrections  involve  ideal 
rotors,  and  do  not  account ‘for  all  factors  that  influence 
the  rotor  wake.  To  develop  realistic  analytical  models, 
flight  test  data  and  small-scale  investigations  have  been 
used  to  determine  empirical  modifications  to  theoreti- 
cal ground  effect  equations.  Cheeseman  and  Gregory 
(Ref.  20)  have  used  a mirror  image  rotor  system 
theoretical  approach  and  single  rotor  helicopter  test 
data  to  develop  an  empirical  relationship.  By  use  of  the 
ideal  power  relationship,  which  states  that  the  main 
rotor  power  equals  the  product  of  the  rotor  thrust  and 
the  induced  velocity,  the  thrust  augmentation  ratio  can 
be  expressed  as  T/Tm  = vjv  at  a constant  power. 
The  velocity  induced  at  the  center  of  the  rotor  by  its 
mirror  image  is 
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Fig.  3-15.  Knight  and  Hefner  Ground  Effect 
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Av  = 


Av 

16irZ2 


,fps 


(3-23) 


Assuming  vm  and  Av  are  constant  over  the  disk,  v 
equals  (vM  — Av)  and 


JT 

T 


1 

1-(R2/16Z2) 


, dimensionless 


(3-24) 


To  determine  the  effects  of  blade  loading  on  ground 
effect,  the  OGE  thrust  Tm  from  blade  element  theory 
must  be  stated, 

Tm  = ggff-*3  (0/3 - A/2)  , lb  (3-25) 


where 

a — slope  of  lift  coefficient  versus 
angle  of  attack  curve  ( dc,/da ), 
rad-1 

A = inflow  ratio,  ( V sin  o — v)/ 
(flit),  dimensionless 

Using  Eqs.  3-23  and  3-25  and  the  inflow  ratio  A rela- 
tionship, Cheeseman  derives  the  following  equation: 


JL 

Tm 


S3 


+ 


, dless  (3-26) 


where 

t)c  = Cheeseman  forward  flight 
efficiency  factor 

In  hover  V = 0 and  when  [(0.25irjc,a  y/&S  / 
V2  CT / o’]  = 1,  Eq.  3-26  approximates  Eq.  3-24. 
The  Cheeseman  equation  correlates  well  for  lightly 
loaded  rotors.  For  higher  disk  loadings,  however,  the 
equation  is  somewhat  optimistic  and  flight  data  should 
be  used  if  available.  Ref.  20  also  includes  an  analysis  of 
tandem  ground  effect. 

Aircraft  IGE  vertical  drag  (par.  3-2. 1.1. 9)  decreases 
from  its  OGE  value.  This  decrease  normally  is  con- 
tained in  the  empirical  ground  effect  correlation.  Flight 
tests  of  a helicopter  at  a series  of  wheel  heights  provide 
a good  estimate  of  the  IGE  characteristics  of  that  par- 
ticular vehicle.  These  data  then  can  be  used,  in  conjunc- 
tion with  theoretically  or  empirically  derived  correc- 
tions, to  define  the  ground  effect  characteristics  for  a 
helicopter  similar  in  shape  and  vertical  drag  to  the 
flight-tested  aircraft. 


3-2. 1.1.9  Vertical  Drag/Thrust  Recovery 

Vertical  drag  Dv  is  the  drag  upon  the  aircraft  caused 
by  rotor-induced  velocities  and  is  analogous  to  the 
parasite  drag  that  occurs  in  forward  flight.  Vertical 
drag  is  added  to  gross  weight  to  determine  the  total 
vertical  thrust  to  be  provided  by  the  rotor.  In  vertical 
climb,  the  airflow  velocity  is  increased,  causing  greater 
vertical  drag.  Thrust  recovery  is  the  thrust  augmenta- 
tion resulting  from  the  proximity  of  the  airframe  to  the 
rotor,  which  creates  a partial  “ground  effect”.  Wake 
distortion  around  the  fuselage  usually  is  relatively  mi- 
nor; but  when  wings  or  bulky  equipment  are  incor- 
porated, the  wake  distortion  becomes  significant.  The 
downwash  is  increased  at  outward  radial  stations.  Ad- 
ditional power  required  due  to  the  distorted  wake  is 
included  in  the  thrust  recovery  term.  In  practice,  the 
net  vertical  drag,  which  is  the  net  effect  of  the  down- 
load and  the  thrust  recovery,  ranges  in  value  from  2% 
to  10%  of  the  gross  weight.  The  influence  of  the  net 
vertical  drag  is  even  more  important  when  considered 
in  terms  of  payload,  because  the  given  percentages  are 
doubled  or  tripled. 

The  analysis  of  vertical  drag  is  based  upon  empirical 
methods  at  the  present  time.  The  purely  theoretical 
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analysis  of  an  airframe  as  a three-dimensional  body 
immersed  in  a nonuniform,  accelerating,  and  separat- 
ing flow  would  be  a very  difficult  task.  Therefore,  a 
combination  of  simplified  theoretical  methods  and  test 
data  is  used  in  vertical  drag  prediction.  The  two  basic 
means  for  evaluating  vertical  drag  are  the  polar  area 
moment  of  inertia  ratio  method  and  the  strip  analysis 
method. 

1 . Polar  area  moment  of  inertia  ratio  method.  This 
method  is  based  upon  a simple  velocity  distribution 
beneath  a hovering  rotor  over  areas  of  characteristic 
shape. 

The  basic  assumption  underlying  this  approach  is 
that  the  rotor  has  a parabolic  spanwise  blade  loading, 
which  is  true  for  low  linear-twisted  blades.  For  a para- 
bolic loading,  the  velocity  distribution  is  triangular  and 
the  slipstream  dynamic  pressure  varies  parabolically 
along  a blade,  i.e.,  as  a function  of  r\  Since  the  vertical 
drag  of  an  element  is  the  product  of  the  slipstream 
dynamic  pressure,  drag  coefficient,  and  fuselage  (or 
wing)  element  area,  the  drag  is  proportional  to  (area  X 
r 1 ),  or  polar  area  moment  of  inertia  Ip  The  I„  ratio 
is  now  defined  as  the  ratio  between  7,and  the  polar  area 
moment  of  inertia  of  the  rotor  disk,  (it  R *)/2. 

Section  drag  coefficients  (normally  difficult  to  deter- 
mine directly),  thrust  recovery,  and  flow  peculiarities 
are  not  calculated  directly,  but  are  accounted  for  by 
using  test  results  for  the  variation  of  net  vertical  drag 
with  the  polar  area  moment  of  inertia.  Fig.  3-16  pre- 
sents the  net  vertical  drag  as  a percentage  of  rotor 
thrust  versus  Ip  ratio  for  the  extreme  body  geomet- 
ries— cylinders  and  flat  plates — and  an  average  heli- 
copter fuselage.  The  usefulness  of  this  figure  can  be 
enhanced  by  the  addition  of  comparable  lines  for  addi- 
tional fuselage  types. 

Use  of  this  method  is  rapid  and  includes  the  follow- 
ing steps: 

a.  Draw  the  planform  of  the  helicopter. 

b.  Assume  a nominal  wake  contraction  to  90%  at 
the  fuselage,  and  divide  the  helicopter  within  this  wake 
area  into  convenient  geometric  elements. 

c.  Calculate  the  polar  area  moment  of  inertia  for 
each  geometric  element  and  add  the  results. 

d.  Calculate  the  polar  area  moment  of  inertia  of 
the  rotor  disk,  nR*/2. 

e.  Obtain  the  ratio  of  airframe  to  rotor  polar  mo- 
ment of  inertia,  Ip  ratio  (Item  c divided  by  Item  d). 

f.  Enter  Fig.  3-16  at  the  total  aircraft  lp  ratio  and 
read  the  total  net  vertical  drag  percentage  on  a curve 
representative  of  the  fuselage  shape  under  considera- 
tion. 


The  method  also  can  be  used  by  obtaining  the  polar 
area  moment  ratio  of  each  element  separately,  entering 
Fig.  3-16  for  each  /,  ratio,  and  summing  the  elemental 
net  vertical  drag  values.  The  advantage  of  the  second 
method  is  that  the  relative  weighting  of  cylindrical  and 
flat  plate  elements  is  simpler.  However,  the  total  air- 
craft effect — including  representative  interference  and 
thrust  recovery  effects — as  determined  by  testing  is 
lost. 

The  method  as  presented  does  not  compensate  for 
the  effects  of  rotor  geometry,  rotor  characteristics,  and 
fuselage  (element)  vertical  position;  additional  correc- 
tion factors  must  be  applied  for  any  effect  that  will 
influence  the  wake  geometry  significantly. 

A sample  net  vertical  drag  calculation  for  a typical 
compound  helicopter  is  given  in  Fig.  3-17. 

2.  Strip  analysis  method.  A vertical  drag  predic- 
tion method  that  inherently  should  be  more  accurate 
than  the  polar  area  moment  of  inertia  method  is  strip 
analysis.  This  method  consists  of  the  determination  of 
the  slipstream  geometry  below  the  rotor  and  the  esti- 
mation of  element  two-  and  three-dimensional  drag 
coefficients  produced  by  the  interaction  of  this  wake 
with  the  airframe.  A thrust  recovery  factor  is  applied 
to  the  gross  drag  to  give  the  net  vertical  drag. 

Experience  has  shown  that  the  appropriate  drag  co- 
efficients are  difficult  to  determine  due  to  uncertaintier. 
in  actual  Reynolds  numbers  and  to  complexities  in 
body  shape.  Correlation  with  test  data  has  indicated 
that  drag  coefficients  higher  than  normal  two-dimen- 
sional steady-state  drag  coefficients  must  be  used. 

An  accurate  determination  of  the  wake  geometry  is 
necessary  for  reasonable  calculation  of  impingement 
velocities.  Wake  geometries  may  be  determined  using 
various  techniques;  e.g.,  analytical  free  wake  velocity 
distributions;  analytical  velocity  distribution  at  a blade, 
extended  below  the  rotor  using  the  results  of  smoke 
studies  or  wake  velocity  measurements  (Ref.  21);  or 
wake  surveys  using  hot  wire  or  pitot  static  probes.  A 
typical  isolated  rotor  wake  distribution  is  shown  in  Fig. 
3-18.  Experiments  have  shown  that  the  wake  is  dis- 
torted by  the  presence  of  a surface;  the  wake  is  ex- 
panded by  the  body,  causing  a greater  portion  of  the 
airframe  to  be  affected  by  the  downwash,  as  shown  by 
Fig.  3-19. 

Use  of  the  strip  method  involves  the  division  of  the 
aircraft  planform  into  small  elements.  The  velocity  at 
each  element  is  found  from  wake  velocity  charts,  and 
representative  drag  coefficients  are  assumed.  Using  the 
conventional  drag  equation  D = CppV  A/2,  the  total 
download  can  be  found.  This  value  is  increased  to  ac- 
count for  interference  and  protuberances  ( =:  10%)  and 
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reduced  to  reflect  the  thrust  recovery  (»30%),  giving 
the  net  vertical  drag. 

The  uncertainties  of  both  of  the  methods  cited  are 
large,  up  to  ±3%  of  the  gross  weight  at  a 95%  confi- 
dence level.  Small-scale  data  have  been  used  to  provide 
correction  fhctors  used  in  the  methods,  along  with  a 
limited  amount  of  flight  test  data.  In  the  latter  case, 
vertical  drag  is  derived  from  a comparison  of  isolated 
rotor  whirlstand  test  data  with  flight  test  information. 
The  uncertainty  of  prediction  can  be  removed  only 
when  present  methods  are  modified  by  results  from 
coordinated  full-scale  vertical  drag  tests,  out-of-ground 
effect,  conducted  expressly  to  examine  the  mechanisms 
of  thrust  recovery  and  download. 

Uncertainties  in  the  strip  analysis  method  result 
from  the  difficulty  of  determining  appropriate  drag  co- 
efficients and  the  proper  wake  profile.  The  strip  analy- 
sis method,  however,  is  very  useful  in  trending.  When 
the  approximate  base  vertical  drag  value  is  known,  the 
effects  of  changes  in  wake  geometry  due  to  alterations 
in  twist  distribution,  solidity,  or  fuselage  shape  can  be 
evaluated  with  relatively  good  accuracy. 

Wind  and  ground  effect  cause  additional  uncertain- 
ties due  to  wake  distortion,  and  these  factors  are  dif- 
ficult to  estimate  accurately. 

3-2.1.1.10  Power  Train  Effects 

Main  rotor  power  must  be  increased  to  allow  for 
other  sources  of  power  consumption.  Losses  from  these 
sources  normally  are  stated  in  an  overall  power  train 
efficiency  factor  vj.  Included  in  this  factor  is  power 
absorbed  by  accessories,  transmissions,  transmission- 
driven  oil  pumps  and  cooler  blowers,  generators,  hy- 
draulic pumps,  and  tail  rotor. 


Power  required  to  operate  each  piece  of  equipment 
is  determined  for  particular  flight  conditions.  The  total 
efficiency  can  be  summarized  in  two  convenient  for- 
mats, as  shown  in  Pig.  3-20.  The  format  of  Pig.  3-20(A) 
gives  a mean  efficiency  and  assumes  that  power  re- 
quired by  each  component  varies  linearly  with  main 
rotor  power  at  a given  advance  ratio,  jx,  where  jx  equals 
Pcos  a/(ClR).  Fig.  3-20(B)  accounts  more  accurately 
for  the  variation  in  gearbox  power  requirements  and  in 
the  tail  rotor  power  absorption,  but  does  not  account 
fiilly  for  the  variation  of  tail  rotor  power  with  velocity. 
If  greater  accuracy  is  required,  the  efficiency  must  be 
calculated  for  each  combination  of  power  level,  air- 
speed, and  atmospheric  condition. 

3-2. 1.2  Forward  Flight 

3-2. 1.2.1  Energy  Methods 

A relatively  simple  approach  to  forward  flight  rotor 
performance  calculation  is  the  energy  method.  The 
power  absorbed  by  the  rotor  may  be  divided  into  the 
following  elements: 

1.  Induced  power,  to  sustain  lift 

2.  Profile  power,  to  overcome  the  drag  of  the  rotor 
blades 

3.  Parasite  power,  to  pull  the  fuselage  and  rotor 
head  through  the  air 

4.  Climb  power,  to  change  the  aircraft  potential 
energy 

5.  Acceleration  power,  to  change  the  aircraft  or 
rotor  kinetic  energy 

6.  Power  required  to  overcome  vertical  drag. 
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Fig.  3-16.  Vertical  Drag 


AREA  NO. 

Ip,  ft* 

Ip  ROTOR, ft* 

Ip  RATIO 

1 

0.0667  x 106 

4.02  x 106 

0.0166 

2 

0,0375  x 106 

4.02  x 106 

0.0094 

3 

0.0068  x 106 

4.02  x 106 

0.0017 

4 

0.0985  x 106 

4.02  x 106 

0.0245 

5 

0.0037  x 106 

4.02  x 106 

0.0009 

6 

0.0728  x IQ6 

4.02  x 106 

0.0181 

TOTAL 


0,0712 
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METHOD  1 - USE  TOTAL  1P  RATIO,  VERTICAL  DRAG  Dv  =7.7% 
METHOD  2 - USE  ELEMENTS 


Ip  RATIO  OF  FUSELAGE  AND  NACELLES 
Ip  RATIO  OF  WING 

TOTAL 


ADD  1054  FOR  INTERFERENCE  Dv=  1.1  x 7.1?<  = 7.854 


0.0531,  Dv«38% 

0.0181,  Dy  a3.3% 


0.0712 


7.1% 


Fig.  3-17.  Sample  Net  Vertical  Drag  Calculation  for  Compound  Helicopter 

^=V(F“i'sln.<»)J  -f-  (t>  cos  a)2  ,fps  (3-27) 


In  steady,  level  flight  the  power  required  by  the  rotor 
can  be  grouped  into  the  following  elements: 

1.  Induced  power  to  sustain  a force  normal  to  the 
flight  path 

2.  Profile  power  to  overcome  the  drag  of  the  rotor 
blades 

3.  Parasite  power  to  sustain  a force  along  the  flight 
path. 

These  are  discussed  separately  in  the  paragraphs  that 
follow. 

3-2. 1.2. 1. 1 Induced  Power 

The  induced  power  in  forward  flight  is  the  power 
required  to  accelerate  air  downward  to  create  a force 
normal  to  the  flight  path.  An  induced  velocity  v is 
added  to  the  free-stream  velocity  V,  as  shown  in  Fig. 
3-21,  such  that  the  resultant  velocity  V 'is  given  by 


Similar  to  the  development  of  the  induced  power 
hpt  in  hover  (Eq.  3-5), 


hpi=  ^0°,“^sina> 


(3-28) 


and  can  also  be  expressed  as  the  changein  KE  of  the 
air  mass  (pA  V')  passing  through  the  rotor 


hpt  - Yloo  KK“*'a  sino)7 

+ (y2  cos  a)2  - V7  ] pA  V (3-29) 
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T,.'.‘’'''" '.WJ i.'j.f fl.W1'1,.'^.  »W.;W 'W:  "r 


T=pAV' v2  ,1b 


(3-30) 


Combining  Eqs.  3-28, 3-29,  and  3-30  results  in  the  same 
relationship  between  v,  and  v as  for  hover  flight, 
namely,  v2  = 2v.  Equating  the  right  hand  side  of  Eqs. 
3-28  tod  3-29,  and  substituting  for  v2,  we  obtain 


Fig.  3-21.  Calculation  of  Resultant  Velocity  K in 
Forward  Flight 
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Fig.  3-18.  Wake  Profile,  Out-of-ground  Effect, 
Isolated  Rotor 


u4  - 2Ku3  sin  a + KV  , ft4 /sec4  (3-31) 

Nondimensionalizing  by  introducing  the  induced 
velocity  in  hover  v0,  where  v0  equals  [77(2p/0]wi  (Eq. 
3-4),  we  arrive  at  Wald’s  Equation  (Ref.  22) 

(0 -2  (0  & 

+ = 1 » dimensionless  (3-32) 


This  equation  had  been  plotted  by  Coleman,  et  al.  (Ref. 
23)  and  has  the  form  shown  in  Fig.  3-22.  The  solution 
for  v in  Eq.  3-32  is  not  straightforward.  The  thrust  is 
assumed  vertical  for  the  computation  of  induced 


i 

,V 


Fig.  3-19.  Wake  Profile,  Out-of-ground  Effect,  With 
Aircraft  (Estimated) 


Since  the  thrust  T equals  the  change  in  momentum 
perpendicular  to  the  rotor  plane, 
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Fig.  3-20.  Formats  for  Total  Efficiency 
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power,  and  the  parasite  power  is  left  as  a separate  term. 
The  profile  and  the  parasite  powers  are  discussed  in 
pars.  3-2. 1.2. 1.2  and  3-2. 1.2. 1.3,  respectively. 

With  the  rotor  angle  of  attack  a — 0,  Eq.  3-27 
becomes 


K v I K 

hP,=>  550  u0  V 2pB3Aa 


(3-37) 


V - s/V2  + v2  , fps 


(3-33) 


and  Eq.  3-31  reduces  to 


To  make  use  of  Eq.  3-37,  v/v0  is  determined  from  Fig. 
3-22. 

3-2. 1.2. 1.2  Profile  Power 

The  profile  power  hp0  in  forwardjlight  is  computed 
assuming  a mean  drag  coefficient  CD.  In  general 


* 4-  fPu*  - (~~J  — 0 , ft4 /sec4  (3-34)  hp0  - y™  j 'j  £■  cD(Sir  + pnj<  sin  *)3  *</*  (3-38) 


Solving  Eq.  3-34  yields 


When  T/(2pA)<V2/2,  v is  approximately  equal  to 
T/(2pA  V ).  Using  Eq.  3-28,  we  arrive  at 


. _ T 2 

npt~  11  OOpA  V 


(3-36) 


where 

p.  = advance  ratio  using  only  the 
component  of  velocity  normal 
to  the  blade  in  the  plane  of 
rotation,  Fcosa/(ft  R), 
dimensionless 

i|»  = azimuth  angle  of  rotor  blade 
from  its  downwind  position, 
rad 

Nondimensionalizing  and  accounting  for  the  sign  of 
the  velocity  in  the  reversed  flow  region,  we  have 


which  is  the  induced  power  required  to  produce  lift. 
Assuming  that  the  thrust  Tis  equal  to  the  gross  weight 
lVg  and  considering  that  the  effective  blade  radius  in 
the  production  of  thrust  is  only  BR,  the  induced  power 
also  can  be  expressed  as 


CD{ x + p sin  4if  dxdii 


CD(x  + p sin  ^)3  dxdii 


, d’less 


(3-39) 


Fig.  3-22.  Wald’s  Equation 


where 

CP  = profile  power  coefficient, 
dimensionless 

x = generalized  radial  distance, 
r/R,  dimensionless 
Integrating  Eq.  3-39  gives 

fffn  / 1 \ 

CB  — —5—  (l  + 3p2  + — —I  , dimensionless  (3-40) 
Fo  8 \ 8m4  ) 

The  advance  ratio  p,  used  in  Eqs.  3-38  and  3-39  is 
defined  using  only  the  component  of  velocity  normal  to 
the  blade  in  the  plane  of  rotation.  Consideration  of  the 
radial  and  vertical  velocity  components  in  these  equa- 
tions would  be  very  difficult;  however,  it  has  been 
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shown  that  Eq.  3-40,  accounting  for  these  velocities,  is 
approximately 


Cp  *3  -5 — (1  + 4.65m1)  » dimensionless  (3-41) 

rO  O 


and,  using  the  basic  power  coefficient  equation  and 
substituting  for  cr  profile  horsepower  hp0  becomes 


**-(' 


fpbcR4n3Cr 


(1+ 4.6SM1)  (3-42) 


Eq.  3-42  equals  Eq.  3-7  whenji  = 0. 

The  mean  drag  coefficient  CD  is  found  from  Fig.  3-1 
when  the  mean  lift  coefficient  "CL  is  determined  by  cal- 
culating thrust  in  a manner  analogous  to  the  power 
integral 


5»|J*  ^ *5  CL  (Or  + nSW  *in  *)*  drdii 

iiwf-VRtM  "1 

I 2jCl  (nr  + uOR  Jin  ii)ldr  d<b  . lb  (3-43) 


Integrating  Eq.  3-43  and  using  the  basic  thrust_coeffi- 
cient  equation  yields  the  mean  lift  coefficient  CL 


all  elements,  assuring,  in  effect,  that  the  inflow  velocity 
cubed  is  always  positive. 

3-2. 1.2. 1.3  Parasite  Power 

The  power  required  to  overcome  all  drag  not  formed 
in  producing  lift  is  called  parasite  power.  The  method 
widely  used  to  calculate  this  power  is  that  of  summa- 
tion of  component  parasite  drag  contributions.  In  mak- 
ing an  assessment  of  aircraft  component  drag  by  this 
method,  it  is  convenient  to  use  the  equivalent  flat  plate 
concept,  where  the  drag  is  expressed  as  the  area  /of  a 
flat  plate,  with  a drag  coefficient  of  unity,  that  would 
produce  the  same  drag  force  as  the  component  under 
consideration.  The  drag  force  D normally  is  defined  as 


PV 2 


CDS  = qCDS  ,1b 


(345) 


where 


q — dynamic  pressure,  (pVt)/2,  psf 
CD  = drag  coefficient,  dimensionless 
S — component  reference  area,  ft2 
and  in  terms  of  an  equivalent  flat  plate  area  f 


D — qf  ,1b 


The  parasite  power  hpp  is,  therefore, 

. - DV  - qi tV 
hpp  550  ~ 550 


(346) 


(347) 


6 CTlo 

B>  + fv-ff 


, dimensionless  (344)  where 


fr  = the  total  equivalent  flat  plate 
area  of  all  components. 


At  high  forward  speeds  a significant  portior.  of  the 
rotor  disk  is  in  a region  of  reversed  flow,  where  the 
rotational  speed  of  the  inboard  blade  elements  is  less 
than  the  flight  velocity.  Hence  the  local  velocity  at  the 
blade  dement  \ impinges  the  blade  trailing  edge.  This 
occurs  near  «)/  = 270  deg,  within  an  area  defined  by 
r = — fisin  (Fig.  3-23).  The  effect  of  the  reversed 
flow  is  incorporated  into  Eqs.  343  and  3-39  for  thrust 
and  profile  power  coefficients,  respectively.  The  por- 
tion of  the  disk  in  reversed  flow  is  assumed  to  have  a 
negative  lift  equal  in  magnitude  to  the  lift  calculated  for 
that  region  by  Eq.  343.  The  profile  power  is  not  af- 
fected directly  by  the  direction  of  flow,  but  a correction 
is  required  to  maintain  a positive  drag  contribution  for 


180  deg 


270  deg 


Fig,  3-23.  Effect  of  Reversed  Flow 
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including  their  mutual 
interference  effects,  ft" 

From  Eqs.  3-45  and  3-46  the  value  of / for  a particular 
component  is 

/=  CDS  , ft 2 (3-48) 

The  value  of  the  component  drag  coefficient  CD  is  de- 
pendent upon  the  reference  area,  e.g.,  wetted  area,  pro- 
jected area,  etc.,  under  consideration  and  the  relative 
location  of  the  component,  which  may  be  under  the 
influence  of  secondary  flow  rather  than  freestream 
flow.  An  excellent  source  of  information  concerning 
the  drag  coefficients  of  aircraft  components  is  Ref.  24. 

One  major  source  of  drag  in  a helicopter  is  the  main 
rotor  head/pylon  assembly.  Important  facts  derived 
from  tests  to  date  include: 

1.  Significant  drag  reduction  is  attainable  with  a 
properly  configured  fairing. 

2.  The  rotor  head/pylon  combination  must  be 
considered  as  a whole.  Isolated  rotor  head  drag  is  not 
a true  measure  of  total  effect. 

3.  The  rotor  head  wake  and  associated  turbulence 
in  the  tail  area  can  be  influenced  significantly  by  rotor 
head/pylon  geometry. 

4.  A rotor  head  fairing  must  be  sealed 
aerodynamically,  particularly  at  the  junction  with  the 
pylon,  to  be  effective. 

The  total  drag  area  of  the  aircraft  usually  is  cal- 
culated for  a level  aircraft  attitude.  However,  an  esti- 
mate of  the  trim  attitude  for  various  forward  flight 
conditions  must  be  made,  and  drag  area  variation  with 
fuselage  angle  of  attack  established.  This  is  essential  to 
realistically  estimate  the  power  requirements.  The  ef- 
fect of  fuselage  lift  (positive  or  negative)  should  also  be 
established,  since  this  can  also  affect  the  power  require- 
ments to  maintain  a given  flight  condition. 

3-2. 1.2. 2 Blade  Element  Theory 

The  blade  element  theory  for  determining  the  char- 
acteristics of  a lifting  rotor  >n  forward  flight  has  been 
in  the  development  stage  for  a number  of  years.  The 
progress  in  the  early  years  is  summarized  in  Ref.  16, 
which  also  contains  a basic  treatment  of  the  theory. 
This  paragraph  deals  primarily  with  the  theory  and 
techniques  developed  by  Wheatley  (Ref.  25)  and  Bailey 
(Ref.  26).  The  Wheatley/Bailey  method  largely  has 
been  replaced  by  the  more  refined  theories  that  now  are 
possible  with  the  aid  of  digital  computers.  However,  it 
is  the  basis  upon  which  the  more  sophisticated  methods 
are  founded  and  still  is  useful  as  a means  for  obtaining 


relatively  quick  answers  when  computer  services  are 
unavailable. 

3-2. 1.2.2. 1 Wheatley  Method 

The  general  integral  expressions  for  thrust,  drag,  and 
torque  for  a rotor  using  the  blade  element  theory  are 
exceedingly  complex.  By  means  of  certain  simplifying 
assumptions,  Wheatley  developed  the  theory  to  the  ex- 
tent that  further  refinement  would  make  the  expres- 
sions unmanageable.  The  assumptions  used  are: 

1.  Induced  angles  of  attack  a„  inflow  angles  <j>, 
and  blade  flapping  angles  £ are  small  such  that 
sin  a,  = a, , sin  <f>  = (f>,  and  sin  (3  = /3 

2.  The  radial  component  of  the  resultant  air 
velocity  at  each  blade  element  may  be  neglected. 

3.  The  flapping  hinge  is  located  on  the  axis  of 
rotation. 

4.  The  profile  drag  coefficient  and  lift-curve  slope 
are  constant. 

5.  Blades  are  considered  rigid. 

6.  Blades  have  linear  twist;  i.e.,  pitch  is  of  the  form 
6 = 60  + (r/R)0 „ where  0,  is  the  difference  between 
root  and  tip  pitch  angles. 

7.  The  expression  for  blade  flapping  is  of  the  form 
/3  = % — cr,  cos  vj/  — 6,  sin  i|>  — a2  cos  2vJ / — 

hi  sin  2 4>,  where  <1*  is  the  azimuth  angle  of  the 
blade  from  its  downwind  position. 

8.  Powers  of  ju  of  the  fifth  magnitude  and  above 
are  neglected. 

In  addition  to  the  given  assumptions,  approximate 
methods  are  introduced  for  dealing  with  blade  tip 
losses  and  with  the  effect  of  reversed  flow  over  the 
retreating  blade. 

To  bring  the  resulting  Wheatley  expressions  for  rotor 
thrust  torque  and  drag  into  a manageable  form,  the 
method  of  “t-coefficients”  may  be  used  (Ref.  26).  For 
a given  rotor  tip  loss  factor  B and  a Lock  number 
y = cpaR*/I,  (where  I is  the  mass  moment  of  inertia 
of  a blade  about  the  flapping  hinge,  slug-ft*),  the 
theoretical  equations  for  thrust  coefficient,  flapping  co- 
efficients, torque  coefficients,  and  profile  drag-lift  ratio 
may  be  written  as  polynomials  in  terms  of  the  inflow 
ratio  \,  the  advance  ratio  p,  and  the  blade  pitch  angle 
parameters  0O  and  0,.  The  coefficients  in  these  expres- 
sions (the  “t-coefficients”)  have  been  evaluated  over  a 
range  of  p’s  for  B = 0.97  and  y = 15.  The  Lock 
number  y is  the  ratio  of  the  aerodynamic  forces  affect- 
ing blade  flapping  to  the  flapwise  moment  of  inertia  of 
the  blade.  The  “t-coefficients"  are  relatively  insensitive 
to  changes  in  B and  y (Refs.  16  and  26). 
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3-2.1. 2.2.2  Iterative  Procedure 

When  vising  the  Wheatley  equations  for  a particular 
flight  condition,  an  iterative  solution  is  necessary.  In 
general,  X and  90  are  not  known,  and  must  be  solved 
by  iterating  between  the  equations  that  contain  the  two 
known  dependent  variables. 

To  reduce  much  of  the  iterative  work  necessary  in 
deriving  forward  flight  performance,  a method  has 
been  developed  that  uses  charts  to  facilitate  the  proce- 
dure. The  approach  taken  is  a combination  of  blade 
element  analysis  and  energy  methods.  The  total  power 
hpr  in  unaccelerated  steady  level  flight  may  be  ex- 
pressed as 


hpT  = hp,  + hpo  + hpp  (3-49) 

where  subscripts  are 

T = total 
i = induced 
o = profile 
p = parasite 

The  total  effective  drag  D,  is  given  by 

De=Dt  + Do+Dp  ,1b  (3-50) 


or 


De  D{  Do  D 

7 — = t — +'y-^  + ~~ - .dimensionless  (3-51) 


where 

LR  = rotor  lift,  lb 

For  LMzzT,  as 0,  T/(2pA)<  V1/!,  and  v<  V,  using 
Eq.  3-36  we  have 


”,  pi  J t2  \(  i \ 

L*  L*v  V \^av)\lrv! 


' LR 


2pnR  2 V2  4 


, dimensionless 


(3-52) 


cause  the  induced  velocity  becomes  large  relative  to  the 
forward-flight  speed.  In  either  of  these  cases, 

”,  CT 

— = 5 , r IT  > dimensionless  (3-53) 

Lr  2p(M2 + \2)l/2 


From  Eq.  3-46 


_pV*f  _ / 

lr  Ur  ”&clr 


, dimensionless 


(3-54) 


D0/L„  may  be  obtained  from  the  Bailey  tables  for  any 
specific  combinations  of  X and  6 and  charts  have  been 
constructed  from  those  results  that  relate  D0/L„  to 
Cut/<r  at  specific  levels  of  Dr/LR.  These  charts  are 
given  in  Ref.  16  for  untwisted  blades  and  in  Ref.  27. 

The  basic  steady  forward  flight  performance  may  be 
evaluated  as  follows: 

1.  Given  a required  CLR/cr  and  \i.  assume 
Dt/LK. 

2.  Calculate  D,/L„  and  Dp  /LR. 

3.  Determine  DB/LR  from  charts. 

4.  Sum  the  (D/L/d's  to  get  Dr/LR  for  comparison 
with  that  assumed. 

5.  Repeat  Steps  1 through  4 for  another  assumed 
D/Lr  and  interpolate  to  find  Dr/LR  for  which  output 
matches  input. 

3-2. 1.2. 2. 3 Blade  Stall 

An  additional  important  result  of  simple  blade  ele- 
ment theory  is  the  prediction  of  section  angle  of  attack 
over  the  rotor  in  order  to  evaluate  the  extent,  if  any,  of 
blade  stall.  For  rotor  blades  the  maximum  blade  angle 
of  attack  occurs  at  the  blade  tip  near  v(,  = 270  deg. 
Consequently,  stall  usually  begins  at  that  point  and 
a,  0,270  0311  be  used  as  a criterion  for  the  onset  of  stall. 
At  the  retreating  tip,  the  angle  of  attack  is 


“i. 0,270 


= 0 + 


1 


, rad 


(3-55) 


where 

Q*  = rotor  lift  coefficient, 
dimensionless 

At  speeds  lower  than  u — 0. 10  or  at  large  rotor  angles 
of  attack,  this  expression  for  D,/Lf  breaks  down  be- 


where 

/j/n  = -0,  + 2 6,,  {3  = Oo  + 5,  4-  a2. 

Therefore,  using  the  Bailey  method,  o,  0.270  can  be 
found  for  any  given  9 and  X.  The  remaining  portions 
of  the  rotor  continue  to  function  normally,  but 
develop  more  than  their  share  of  thrust  to  com- 
pensate for  the  losses  experienced  in  the  stalled 
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region,  which  yields  less  lift  but  more  drag.  In- 
dications are  that  the  profile  power  factors  are  in- 
creased in  proportion  to  the  degree  by  which  the 
retreating  blade  tip  angle  exceeds  the  stalling  angle, 
thus 

oCDpnR2(nR)3  / 
hPo= 4400 (,+4-6f* 

(3.56) 

ast  °DD  ) 

where 

aOD  — angle  of  attack  for  drag 
divergence,  rad 
a„  = angle  of  attack  where 

objectionable  stall  occurs,  rad 

The  forward  speed  at  which  onset  of  blade  stall  first 
is  noted  generally  is  the  speed  for  best  range.  This  is  due 
to  the  marked  increase  in  profile  power  required  at 
higher  speed.  Vibration  levels  also  seem  to  increase  at 
the  higher  speeds  due  to  asymmetrical  loading. 

3-2.1. 2.2.4  Numerical  Methods 

High-speed  computers  permit  detailed  iterative  cal- 
culations using  element  theory  (par.  3-2. 1.2.2).  The 
theory  described  in  Refs.  25  and  26  can  be  used  without 
the  aid  of  advanced  numerical  methods  in  the  low- 
speed  flight  regime,  but  is  subject  to  inaccuracies  in 
moderate-  to  high-speed  flight  regimes. 

The  current  applied-element  theory  of  the  General- 
ized Rotor  Performance  (GRP)  Computer  Program 
eliminates  assumptions  of  the  simpler  methods,  includ- 
ing Mach  number  effects  on  c,  and  crf,  reversed  flow 
region  characteristics,  and  some  of  the  restricting  small 
angle  assumptions.  This  method  does  retain  some  as- 
sumptions, however,  among  which  are: 

1 . Steady-state  airfoil  data 

2.  Two-dimensional  flow  at  each  blade  section  (no 
spanwise  flow) 

3.  Constant  rotational  speed  about  the  shaft  axis 

4.  Uniform  rotor  inflow 

5.  Rotor  blade  rigid  in  bending  and  torsion. 

Numerical  methods  exist  to  eliminate  all  of  the  given 
assumptions  except  3,  with  an  associated  increase  in 
program  complexity.  A nonrigid  blade,  for  example,  is 
useful  for  stress  calculation  as  well  as  for  aerodynamic 
analyses. 

The  basic  numerical  method  is  useful  in  level  flight, 
climb,  or  descent  calculations.  In  addition  to  rotor  ge- 
ometry values,  the  GRP  computer  program  requires 


inputs  for  inflow,  advance  ratio,  collective  and  cyclic 
pitch  angles,  and  starting  values  of  the  flapping  angle 
and  its  derivatives.  Two-dimensional  airfoil  and  span 
data  (as  a function  of  angle  of  attack  and  Mach  num- 
ber) also  must  be  provided. 

The  GRP  computer  program  is  based  upon  the  solu- 
tion of  the  flapping  motion  from  highly  nonlinear  equa- 
tions for  the  sum  of  the  moments  about  the  flapping 
hinge  in  a shaft-axis  system.  These  moments  are  the 
aerodynamic  moment  M#  the  weight  moment  Mw,  the 
inertia  moment  M,,  and  the  elastic  flapping  hinge  re- 
straint Mg,  such  that  MA  + Mw  + M,  + ME  = 0. 
A numerical  solution  is  found  by  finite  differences  and 
a step-by-step  procedure,  knowing  that  the  steady-state 
flapping  is  periodic  /J(i|t)  = /?(»j i + 2rr). 

Time-averaged  values  of  rotor  forces  and  moments 
are  found  by  summing  along  a blade  and  averaging 
around  the  azimuth  the  aerodynamic  loads  on  the 
blade.  Iteration  to  specific  lift  and  drag  values  can  be 
accomplished  by  modifying  the  inflow  and  the  collec- 
tive pitch  or  longitudinal  cyclic  pitch  using  a Taylor 
series  and  partial  derivatives  with  respect  to  the  param- 
eters cited,  based  upon  the  Wheatley-Bailey  method. 
The  flapping  iteration  is  started  with  the  new  initial 
values  for  inflow  and  collective  pitch  or  longitudinal 
cyclic  pitch.  A solution  is  reached  when  the  drag  and 
lift  components  are  within  specified  tolerances.  The 
basic  flow  chart  is  presented  in  Fig.  3-24. 

3-2.1. 2.2.5  Graphical  Method -NASA  Charts 

The  charts  of  Ref.  28,  also  known  as  the  NASA 
Charts  or  Tanner  Charts,  are  a series  of  curves  devel- 
oped from  the  Generalized  Rotor  Performance  pro- 
gram (par.  3-2.1. 2.2.4).  The  numerical  procedure  was 
used  to  calculate  nondimensional  rotor  performance 
for  linear  blade  twists  9,  of  —8,  —4,  and  0 deg,  for 
advance  ratios  p.  from  0.25  to  1.4,  and  advancing  tip 
Mach  numbers  M,  between  0.7  and  0.9.  Use  of  the 
charts  is  recommended  where  high-speed  computers 
are  not  available.  Sufficient  information  is  obtainable 
from  them  to  evaluate  a rotor  system.  The  charts  are 
presented  in  terms  of  dimensionless  coefficients  of  rotor 
lift  CL,  drag  CD,  and  total  torque  CQ.  for  various  values 
of  rotor  control  plane  angle  of  attack  ac . 

Fig.  3-25  illustrates  a typical  pair  of  charts.  These 
curves  are  calculated  for  a nominal  configuration  con- 
sisting basically  of  rectangular-planform  blades  with  a 
25%  cut-out,  zero  offset,  and  a tip  loss  factor  of  0.97. 
A rotor  solidity  of  0. 1 is  used  in  the  charts  but  correc- 
tions to  other  solidities  can  be  calculated  readily.  De- 
tailed examples  of  the  use  of  these  charts  are  given  in 
Ref,  28. 
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Fig.  3*24.  Basic  Flow  Chart  for  Numerical  Method 


The  NASA  Charts  represent  the  performance  of  an 
isolated  rotor.  To  obtain  total  aircraft  performance, 
airframe  aerodynamics  also  must  be  considered.  The 
airframe  contributes  lift  and  drag  as  functions  of  body 
pitch,  yaw  attitude,  and  flight  velocity.  Expressions  for 
cfyfa/dV and  da^/dF  vcny  be  found  by  flight  testing 
and  then  used  to  select  the  proper  body  attitude  to  enter 
curves  showing  the  variation  of  lift  and  drag  with  body 
attitude  (where  4%,  and  oM  are  the  yaw  angle  and  angle 
of  attack,  respectively,  of  the  fuselage  reference  line). 
Examples  of  these  curves  are  shown  in  Fig.  3*26. 
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The  power  required  to  operate  aircraft  accessories, 
transmissions,  and  the  tail  rotor  can  be  combined  into 
a single  efficiency  factor  tj  (par.  3-2.1.1.10).  Total 
power  coefficient  CFf  is  calculated  by  dividing  the 
charted  torque  coefficient  C9ck  by  the  efficiency. 


, dimensionless 


(3-57) 


Tail  rotor  performance  can  be  obtained  from  the  charts 
to  establish  this  efficiency. 

.7 ’2. 1.2.2. 6 Radial  Flow  Corrections 

The  numerical  methods  and  the  charts  described  in 
pars.  3-2.1. 2.2.4  and  3-2.1. 2.2.5  do  not  consider  the 
radial  component  of  rotor  velocity  Ur  parallel  to  the 
blade  span.  The  radial  component  (7,  (Fig.  3-27),  which 
significantly  increases  the  profile  drag,  can  be  ex- 
pressed as 

Uf  = nOR  cos  4>  + Xfifl/ J , fps  (3-58) 

For  a first-order  approximation 

Xft/?0«*O  , fps  (3-59) 


adding  the  tangential  component  U,  equal  to  (fir  + 
71ft.fi  sin  »{/),  the  resultant  velocity  Uo f Ur  and  U,  can  be 
approximated 

U [(ftr  + jiftfi  sin  4>)2 


+ (juftfi  cos \l>)2 ],/2  , fps  (3-60) 


The  integration  and  averaging  of  expressions  for  the 
rotor  force  perpendicular  to  the  control  axis  H and  the 
decelerating  torque  provide  an  expression  for  the  pro- 
file torque  coefficient 


(l+n,jU2+»2M4) 


, dless 


(3-61) 


and  a,  and  nt  are  evaluated  numerically  from  the  com- 
plete expression.  The  sum  of  n,  and  n2  ranges  from  4.5 
at  p.  = 0.0  to  4.89  at  fi  = 0.50.  Ignoring  the  radial 
flow  yields 


Fig.  3-25.  Typical  Charts 


(2) 


(l+3jua)  .dimensionless  (3-62) 


J 


t -- 


The  diiTerences  between  Eqs.  3-61  and  3-62  must  be 
added  to  the  profile  power  assumed  by  the  NASA 
Charts  and  the  numerical  computation.  The  radial  flow 
correction  A CQo  then  is  equal  to 


(nti2  ) , dimensionless  (3-63) 


where  n has  the  following  values  (Ref.  29): 


M- 

0.00 

0.10 

0.20 

0.30 

0.40 

0.50 

0.60 

0.75 

1.00 


n 

1.50 

1.50 

1.57 

1.67 

1.78 

1.89 

2.03 

2.24 

2.62 


For  a given  value  of  drag  coefficient,  the  value  of 
A CQu  can  be  calculated  and  added  to  the  value  CQo  from 
the  charts. 


3-2.1.3 


Tandem-rotor  Interference 


Aerodynamic  interference  caused  by  the  overlap  or 
intermesh  of  tandem-rotor  systems  increases  the  power 
required  to  produce  a given  total  thrust  over  that  re- 
quired for  the  same  rotors  when  isolated.  Because  the 
profile  drag  coefficient  of  a rotor  operating  at  moderate 
thrust  coefficients  is  nearly  constant,  this  increase  in 
total  pow.;r  is  attributable  to  an  increase  in  induced 
power  only.  For  a given  tandem-rotor  overlap,  the  ratio 
of  the  induced  power  of  the  tandem-rotor  system  to  the 
induced  power  of  the  two  isolated  single  rotors  pro- 
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for  Estimating  Performance 


vides  an  index  of  the  level  of  aerodynamic  interference. 
This  ratio  is  referred  to  as  the  tandem  rotor  interference 
factor  K such  that: 


.dimensionless  (3-64) 


where 

= total  torque  coefficient  of  the 
tandem  rotor  system, 
dimensionless 

CQo  = profile  torque  coefficient  foe  the 
single  rotor,  dimensionless 

CQs  = total  torque  coefficient  of  each 
single  rotor,  dimensionless 
A Ce  = increase  in  tandem  torque 

coefficient  over  the  single  rotor 
torque  coefficient, 
dimensionless 

CQ  = induced  torque  coefficient  of 
the  single  rotor,  dimensionless 
The  theoretical  ideal  induced  power  hp,  required  by 
a tandem-rotor  system  to  generate  a given  thrust  then 
can  be  expressed  in  terms  of  simple  momentum  theory 
(Eq.  3-5)  s 


hp(  = 


Tv  KT*12 

550  A S50v/2 JA 


(3-65) 


In  this  case  A is  the  projected  disk  area  of  the  two  rotors 
(see  Fig.  3-28). 

In  the  hovering  regime  numerous  tests  have  resulted 
in  a power  correction  factor  as  a function  of  rotor  shaft 
spacing  ratio  sK  (see  Fig.  3-28)  that  agrees  reasonably 
well  with  theoretically  derived  trends  (Fig.  3-29).  The 
test  data,  obtained  with  rotors  employing  blades  with 
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NOTE:  TOTAL  BODY  DRAG  - DRAG,.  =0  „ = 0 ■*  [<'\D/q),;  + ( XD/qlJ  q 
TOTAL  BODY  LIFT  = LIFT^  = 0 a =0  + :(\L/q) , + (\L/q)Jq 


Fig.  3*26.  Airframe  Effects,  Effect  of  Fuselage  Pitch  and  Yew 


expected,  between  the  theoretical  curves  for  uniform 
and  parabolic  spanwise  blade  loading  derived  in  Ref. 
30.  The  estimation  of  vertical  drag  (par.  3-2. 1.1.9)  must 
include  the  effects  of  the  increased  downwash  of  the 
adjacent  or  overlapped  rotors. 

In  forward  flight,  the  effect  of  interference  on  in- 
duced power  is  considerably  greater  than  in  hover  be- 
cause the  air  inflow  is  nearly  horizontal,  reducing  the 
effective  aspect  ratio  of  the  lifting  system  by  about 
one-half  compared  with  two  isolated  rotors.  This  effect 
can  be  approximated  analytically  by  using  the  analogy 
of  two  wings  in  tandem,  with  appropriate  values  of  gap 


planforms  and  twists  consistent  with  standard  practice 
(not  assuming  “ideal”  twist  or  taper)  fall,  as  would  be 
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and  stagger,  and  defining  the  induced  downwash  rela- 


tionship in  the  system  (Ref.  31).  The  induced  power 
correction  factor  Ku  that  results  from  this  approach  is 
expressed  as 


ROTOR 


A =(At  - A2  - A3) 

C _ ROTOR  SHAFT  SPACING 

aR 


Fig.  3-28.  Projected  Disk  Area,  Overlapping  Rotors 


Ku- 


, dimensionless 


(3-66) 


where  df>  induced  power  interference  parameter,  is 
given  by 


n/1  +J*  + sR  cos  7 
df  \J\  +sR  ( 1 + j 2 sin2  7) 


, dless  (3-67) 


where 

sM  — ratio  of  the  distance  between 
rotor  shafts  and  rotor  radius  R, 
dimensionless,  (see  Fig.  3-28) 
y - wake  skew  angle,  rad 
and  the  wake  skew  angle  y is  calculated  approximately 
from 
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3-2. 1.4  Fixed  Aerodynamic  Surfaces 

Estimation  of  the  characteristics  of  a wing  or  fin 
surface  under  a given  set  of  conditions  can  be  accom- 
plished readily  provided  that  information  on  lift  and 
drag  coefficients  as  a function  of  angle  of  attack  is 
available  for  some  given  aspect  ratio.  At  a required  lift 
coefficient,  the  angle  of  attack,  drag  coefficient,  and  lift 
curve  slope  for  the  planform  under  consideration  are 
found  by  the  method  of  Ref.  32.  This  method  includes 
the  introduction  of  spanwise  efficiency  factors  into  the 
theoretical  relationship  between  two-dimensional  and 
three-dimensional  airfoil  characteristics  based  upon  an 
elliptical  distribution  of  lift  over  the  three-dimensional 
(finite  span)  wing.  Once  the  general  nondimensional 
aerodynamic  characteristics  of  the  wing  or  similar  sur- 
face are  established,  the  lift  and  drag  forces  at  any 
condition  are  calculated  by  the  conventional  relation- 
ships of  fixed-wing  aerodynamics, 


Fig.  3-30.  Tandem-rotor  Interference  Factors 


(3-68) 

where 

Tt  — thrust  of  forward  rotor,  lb 
Af  = area  of  the  forward  rotor,  ft3 
Eq.  3-67  is  presented  graphically  by  Fig.  3-30.  Note 
that  this  method,  at  reasonable  values  of  y(0 

!deg  <,y<  10  deg),  indicates  a value  for  df  of  the  order 
of  1.8,  which  represents  a 90%  increase  in  the  induced 
power  of  the  tandem  system  over  that  for  the  single 
rotor.  This  method  provides  a guide  to  the  order  of 
i magnitude  of  tandem-rotor  interference  in  forward 
| flight.  However,  consideration  of  tip  losses,  which 
v reduce  the  diameter  of  the  stream  tube  of  inflowing  air, 

| decreases  the  effective  aspect  ratio  even  more;  hence, 

\ induced  power  correction  factors  of  more  than  2.0  are 
f possible.  Actual  variation  of  Ku  with  forward  speed  is 

| difficult  to  establish  because  it  varies  with  aircraft  ge- 

j ometry.  Furthermore,  flight  techniques  such  as  sideslip 
I flight  have  been  developed  to  compensate  for  the  rotor 
, interference  penalty.  The  amount  of  sideslip  used  is 
1 determined  by  the  best  trade-off  between  the  reduction 
( in  power  losses  due  to  rotor  interference  and  the  in- 
} crease  in  parasite  power  that  results  from  sideslip 
j flight. 
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where 

S — planform  area  of  the  surface, 
ft3 

3-2.2  COMPOUND  CONFIGURATIONS 
3-2.2. 1 Speed  Capability  of  Helicopters 

A compound  helicopter  is  one  that  has  a wing  to 
relieve  the  rotor  of  its  lifting  requirements,  partially  or 
totally,  and  an  auxiliary  propulsion  device  to  relieve  the 
rotor  of  its  propulsion  requirements  partially  or  totally. 
Such  a helicopter  can  achieve  a higher  maximum  for- 
ward speed  than  can  a conventional  helicopter,  and 
retains  hovering  capability. 

The  maximum  speed  attainable  by  a conventional 
helicopter  is  limited  by  drag  divergence  on  the  advanc- 
ing blade  and/or  by  one  of  the  several  phenomena 
lumped  together  under  the  term  “blade  stall"  on  the 
retreating  blade.  To  obtain  the  highest  maximum  air- 
craft speed,  a rotor  speed  must  be  selected  that  allows 
the  retreating  blade  to  experience  blade  stall  at  the 
same  time  that  the  advancing  blade  experiences  drag 
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Fig.  3*31,  Retreating  Tip  Angle  of  Attack 


divergence.  Fig.  3-31  shows  the  retreating  tip  angle  of 
attack  (which  is  an  indicator  of  blade  stall)  as  a func- 
tion of  forward  speed  for  a conventional  helicopter,  a 
helicopter  with  a wing,  a helicopter  with  auxiliary  pro- 
pulsion, and  a helicopter  with  both  a wing  and  auxiliary 
propulsion  (compound  helicopter).  In  this  example,  the 
same  rotor  is  assumed  on  each  of  the  aircraft.  The  rotor 
has  a solidity  of  0.1,  a blade  twist  of  — 5 deg,  and  a 
hovering  disk  loading  of  5 lb/ftl  The  rotor,  and  hence 
tip,  speed  is  adjusted  with  forward  speed  so  that  the 
advancing  tip  Mach  number  is  kept  constant  at  0.92. 
Fig.  3-31  shows  that,  for  a retreating  tip  angle  of  attack 
of  12  deg,  both  the  conventional  and  the  winged  heli- 
copter can  fly  to  about  190  kt,  the  helicopter  with 
auxiliary  propulsion  an  fly  to  about  235  kt,  and  the 
compound  helicopter  has  no  speed  limitation  due  to 
blade  stall.  The  naximum  speeds  of  the  first  three 
types  might  be  raised  slightly  by  optimizing  solidity 
and  wist,  but  the  values  presented  are  typical  of  the 
present  state-of-the-art. 

3-2.2.2  PrtHmina.  y Design  Considerations 

Once  it  has  been  decided  that  a compound  helicopter 
configuration  is  necessary  to  satisfy  a given  speed  re- 
quirement, the  goal  of  the  preliminary  design  effort 
should  be  the  same  as  for  any  other  aircraft;  i.e.,  to 


obtain  the  smallest  physical  dimensions,  lightest 
weight,  and  most  efficient  design  that  can  satisfy  simul- 
taneously all  of  the  requirements  specified. 

For  any  aircraft  the  design  requirements  tend  to  be 
conflicting,  but  for  compound  helicopters  the  conflict 
is  dramatic  and  is  characterized  by  the  philosophy  that 
whatever  helps  the  high-speed  capability  hurts  the  hov- 
ering capability  and  vice  versa.  For  a given  payload  and 
mission  time,  the  size  of  the  aircraft  is  determined  by 
the  type  of  auxiliary  propulsion  and  the  rotor  disk 
loading  selected.  If  the  mission  requires  a relatively 
short  period  of  high-speed  flight,  a simple  turbojet  or 
fanjet  engine  may  be  used;  this  approach  is  attractive 
especially  when  a compound  configuration  evolves 
from  an  existing  helicopter  design.  For  relatively  long 
high-speed  mission  legs,  the  complexity  of  a propeller 
usually  will  prove  to  be  justified  by  its  higher  propul- 
sive efficiency.  Another  configuration  that  might  be 
considered  during  preliminary  design  is  a pressure-jet 
rotor  that  operates  in  autorotation  in  high-speed  flight 
while  the  driving  gases  are  ducted  to  a nozzle  for  for- 
ward propulsion. 

If,  for  the  sake  of  simplicity,  a separate  jet  engine  is 
selected  for  auxiliary  propulsion,  the  selection  of  the 
rotor  power  plant  rating  and  the  rotor  disk  loading  is 
based  upon  the  hovering  requirement  and  the  basic 
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tradc-off  is  the  same  as  for  a conventional  helicopter: 

i.e.t  the  larger  the  power  plant,  the  higher  the  disk 
loading  can  be.  thus  producing  a smaller  aircraft.  If  a 
propeller  is  chosen  for  auxiliary  propulsion  and  is  to  be 
driven  by  the  same  engine  as  the  rotor,  the  engine 
rating  usually  is  set  by  the  high-speed  requirement  and 
the  rotor  disk  loading  selected  is  the  highest  at  which 
the  hover  requirement  can  be  met.  In  some  cases  the 
disk  loading  is  not  determined  in  this  manner  but  is 
limited  to  some  smaller  value  by  a maximum  limitation 
upon  the  rotor  downwash  velocity  or  by  consideration 
of  good  autorotational  characteristics. 

3-2.2. 3 Selection  of  Configuration 

Parameters 

3-2. 2. 3.1  Wing 

The  wing  is  required  for  high-speed  operation,  but  it 
produces  performance  penalties  in  hover.  Therefore, 
the  definition  of  its  parameters  is  an  exercise  in  “least- 
worst  compromise”  rather  than  in  “optimization”. 
These  wing  parameters,  discussed  below,  include: 

1.  Area 

2.  Span 

3.  Incidence 

4.  Incorporation  of  flaps 

5.  Location. 

The  wing  area  will  depend,  to  a large  extent,  upon 
the  predicted  performance,  vibration,  and  stress  char- 
acteristics of  the  rotor.  From  a performance  stand- 
point, the  rotor  should  carry  as  much  load  as  possible 
at  high  speed;  but  from  vibration  and  stress  stand- 
points, the  rotor  should  be  unloaded  completely.  Thus, 
the  design  criterion  for  wing  lift  is  some  fraction  of  the 
aircraft  gross  weight  at  high  speed,  and  the  value  of  this 
fraction  is  dependent  upon  the  degree  of  confidence  in 
the  rotor  design.  Once  the  design  value  of  wing  lift  is 
selected,  primarily  upon  the  basis  of  experience  with 
similar  aircraft,  the  wing  area  can  be  calculated. 

Another  type  of  criterion  that  might  define  the  wing 
area  is  a specified  maneuver,  such  as  a 2-g  turn  at  1 SO 
kt.  If  the  combination  of  the  rotor,  as  defined  by  the 
specified  hover  capability,  and  the  wing,  as  defined  by 
the  high-speed  requirement,  is  not  sufficient  to  produce 
2 g’s,  either  the  rotor  blade  area  or  the  wing  area  must 
be  increased.  In  some  cases  it  will  prove  advantageous 
to  make  the  change  to  the  wing  rather  than  to  the  rotor; 
but,  to  minimize  the  wing  structural  weight  and  the 
download  in  hover,  the  wing  area  should  be  no  larger 
than  is  necessary  to  satisfy  the  most  critical  require- 
ment. Based  upon  theory  and  some  test  data,  the  wing 
download  in  hover  is  equal  approximately  to  one-half 
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the  disk  loading  times  the  wing  area  exposed  to  the 
rotor  wake. 

The  selection  of  the  wing  span  involves  a trade-off 
study.  Large  span  has  the  advantage  of  less  induced 
drag  in  forward  flight,  but  has  the  disadvantages  of 
higher  structural  weight  and  more  download  in  hover 
due  to  greater  rotor  wake  velocities  at  the  outer  sections 
of  the  wing.  The  selection  of  the  wing  span  must  be 
based  upon  a judgment  as  to  the  relative  importance  of 
the  conflicting  requirements  of  speed,  hover  perform- 
ance, and  empty  weight. 

The  selection  of  wing  incidence  with  respect  to  the 
rotor  shaft  will  be  influenced  by  the  desire  to  operate 
the  rotor  at  low  angles  of  attack  at  high  speeds  in  order 
to  minimize  the  oscillatory  rotor  loads.  Thus,  the  rotor 
disk  ideally  should  be  horizontal  at  high  speeds  and  the 
wing  incidence,  adjusted  for  the  rotor-induccd  down- 
wash  angle,  will  be  equal  to  the  angle  of  attack  at  which 
the  wing  develops  the  required  lift  coefficient. 

For  most  compound  helicopter  designs,  the  wing 
thickness,  taper  ratio,  and  airfoil  section  are  chosen  on 
the  basis  of  the  same  considerations  as  are  used  in 
designing  a fixed-wing  aircraft  to  be  flown  at  low  sub- 
sonic speed.  These  factors  are  structural  efficiency,  low 
drag,  and  a high  maximum  lift  coefficient. 

Flaps  on  the  wing  of  a compound  helicopter  might 
be  considered  for  several  reasons,  e.g.,  to  minimize  the 
basic  wing  area  if  the  required  area  is  dictated  by  a 
maneuver  requirement.  In  such  a case  the  additional 
complexity  of  a flapped  wing  and  its  increased  drag 
during  the  maneuver  would  have  to  be  weighed  against 
the  predicted  decreases  in  hover  download  and,  possi- 
bly, wing  weight.  Another  possible  application  of  a 
wing  flap  is  to  decrease  the  hover  download  by  deflect- 
ing the  flap  down  90  deg,  thereby  decreasing  the  wing 
area  exposed  to  the  rotor  wake.  An  additional  use  for 
a flap  is  to  decrease  wing  lift  during  entries  into  autoro- 
tation by  upward  deflection  of  the  flap.  This  require- 
ment applies  primarily  to  configurations  that  do  not 
use  propellers  for  auxiliary  propulsion;  the  phenome- 
non that  generates  this  requirement  is  discussed  in  par. 
3-2.2.4.3. 

Items  that  should  be  considered  in  choosing  the  ver- 
tical location  of  the  wing  generally  are  the  same  as  for 
a fixed-wing  aircraft.  These  include  crashworthiness, 
fueling  convenience,  crew  visibility,  landing  gear  ar- 
rangement, external  store  loading,  and  fie!d-of-fire  re- 
striction. In  addition,  the  designer  of  the  compound 
helicopter  must  provide  adequate  clearance  between 
the  wing  and  the  rotor  during  maneuvers  and  between 
the  wing  and  <the  ground  during  slope  landings.  In 
choosing  the  fore-and-aft  location  of  the  wing,  it  should 
be  recognized  that  the  wing  can  be  used  to  increase 
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longitudinal  stability  by  locating  the  aerodynamic  cen- 
ter of  the  wing  to  the  rear  of  the  most  aft  operational 
center  of  gravity  (CG)  position.  Sweepback  should  be 
considered  if  the  structural  design  dictates  that  the 
wing  spars  should  joi  '*  the  fuselage  forward  of  the  most 
aft  CG  position. 

3-2. 2. 3.2  Rotor 

The  broad  requirements  for  the  rotor  are:  in  hover, 
to  operate  efficiently;  at  moderate  speeds,  to  provide  its 
share  of  the  required  maneuvering  capability;  and,  at 
high  speeds,  to  produce  as  much  lift  as  possible  without 
producing  excessive  vibration  or  loads.  Once  the  disk 
loading  is  chosen,  either  on  the  basis  of  using  ail  of  the 
installed  power  to  hover  or  on  the  basis  of  maximum 
allowable  downwash  velocity,  several  other  rotor 
parameters  must  be  defined: 

1 . Tip  speed 

2.  Solidity 

3.  Twist 

4.  Airfoil  section. 


AIRSPEED  V,  kt 


Fig.  3-32.  Tip  Speed  Limitations  for  Operation  at 
Constant  Mach  Number 


The  rotor  tip  speed  will  be  established  by  the  combi- 
nation of  the  maximum  forward  speed  and  the  maxi- 
mum allowable  advancing  tip  Mach  number.  Current 
practice  places  this  Mach  number  at  0.85  to  0.95,  to 
avoid  drag  divergence,  depending  upon  the  tip  airfoil 
section  used.  Fig.  3-32  shows  maximum  tip  speed  as  a 
function  of  forward  speed  for  several  Mach  numbers. 
Whether  the  resulting  rotor  speed  should  be  used 
throughout  the  flight  envelope  is  dependent  upon  addi- 
tional design  considerations.  The  weights  of  the  rotor 
and  the  drive  system  can  be  minimized  by  designing  for 
a relatively  high  hover  tip  speed  (700-800  fps).  If  the 
maximum  tip  speed  dictated  by  the  high-forward-speed 
requirement  approaches  these  values,  then  the  same  tip 
speed  should  be  used  throughout  the  flight  envelope; 
but  if  the  tip  speed  for  high-speed  flight  is  considerably 
below  this  range,  a two-speed  design  should  be  consid- 
ered in  order  to  take  advantage  of  the  potential  weight 
saving.  Factors  that  must  be  considered  when  making 
this  decision  are  the  potential  problems  involved  in 
operating  the  rotor  over  a wide  rpm  range;  noise  due 
to  high  tip  speeds  in  hover;  and,  in  the  case  of  a com- 
pound with  a propeller,  the  desire  to  operate  the  pro- 
peller at  low  tip  speeds  in  hover  and  at  high  tip  speeds 
in  forward  flight  (the  opposite  of  the  requirement  for 
the  rotor).  The  latter  problem  can  be  eliminated  by 
declutching  the  propeller  from  the  drive  system  in 
hover  and  low-speed  flight.  The  power  thus  saved  in 
hover  should  be  enough  to  justify  the  weight  of  the 
clutch  and  perhaps  even  its  development  cost. 


The  rotor  solidity  is  determined  by  one  or  (he  other 
of  two  requirements,  hover  performance  or  maneuver 
capability.  For  a given  disk  loading  and  tip  speed,  the 
solidity  helps  to  define  the  hover  Figure  of  Merit.  It  has 
been  shown  that  the  Figure  of  Merit  is  also  a function 
of  CT/cr,  twist,  and  tip  Mach  number  (par.  3-2. 1.1.7). 
For  steady  turns,  the  rotor  must  supply  whatever  lift 
the  wing  cannot.  The  solidity  that  meets  this  require- 
ment is 


where 

n — load  factor  for  turn, 
dimensionless 

Wt  — helicopter  gross  weight,  lb 
LWmax  — maximum  lift  of  wing,  lb 
The  usable  value  of  ( CVAr )mai  for  a new  rotor  design 
is  not  defined  easily,  but  a compilation  of  wind  tunnel 
and  flight  test  data  leads  to  the  empirical  plot  of 
(CV/o-)^  as  a function  of  advance  ratio  fi,  of  Fig.  3-33, 
which  represents  the  boundary  above  which  the  rotor 
profile  power  rises  rapidly,  indicating  significant  areas 
of  blade  stall.  The  solidity  corresponding  to  the  best 
hover  Figure  of  Merit  and  the  solidity  that  satisfies  the 
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Fig.  3-33.  Maximum  Thrust  Coefflcient/Solidity  for 
Steady  Flight 


maneuver  requirement  should  be  compared  and  the 
highest  value  chosen  for  the  design. 

High  blade  twist  is  helpful  in  increasing  the  hover 
performance,  but  it  can  produce  large  oscillatory  blade 
loads  at  high  forward  speeds.  The  trade-off  is  difficult 
to  assess  during  preliminary  design  so  a moderate  value 
of  about  —5  to  —8  deg  usually  is  chosen  as  a compro- 
mise. 

In  order  to  operate  at  high  speed  with  high  advanc- 
ing tip  Mach  numbers,  the  airfoil  section  of  the  blades 
section  should  be  thin.  In  order  to  be  efficient  in  hover 
and  to  have  good  maneuvering  capability,  the  blades 
should  be  thick.  The  trends  of  critical  drag  divergence 
Mach  number  M0D  and  of  section  maximum  lift  coeffi- 
cient  ciht0x  with  thickness  ratio  arc  shown  on  Fig.  3-34. 
A partially  satisfactory  theoretical  solution  to  these 
conflicting  requirements  is  to  use  a blade  that  is  tapered 
in  thickness  from  the  root  to  the  tip  where  the  highest 
Mach  numbers  are  experienced.  Whether  or  not  this 
actually  can  be  done  is  dependent  somewhat  upon  the 
method  of  blade  construction  (par.  4-9.1).  Forward 
camber,  sometimes  called  “droop  snoot”,  may  be  used 
to  make  thin  sections  act  like  thicker  sections  with 
respect  to  maximum  lift  coefficient  by  giving  the  criti- 
cal upper  nose  a gentler  contour  that  keeps  the  airflow 
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from  separating  prematurely,  yet  does  not  affect  the 
critical  Mach  number  materially. 

3-2. 2. 3.3  Auxiliary  Propulsion 

If  a jet  engine  is  selected  for  propulsion,  the  choice 
of  its  location  is  relatively  flexible,  with  constraints 
imposed  by  balance  considerations;  the  necessity  to 
avoid  placing  critical  components,  ground  personnel, 
or  flammable  ground  objects  in  the  hot  exhaust;  and 
noise  levels  in  the  cockpit  and  passenger/troop  cabin. 
The  selection  of  the  best  location  for  a propeller  is 
more  difficult  and  involves  finding  a location  where 
the  propeller  will  not  be  in  the  way  of  the  rotor  in 
flight  and  landing  conditions,  of  the  ground  during 
slope  landings,  of  people  during  normal  and  emer- 
gency situations,  of  fire  from  flexible  weapons,  and  of 
debris  or  jettisoned  stores.  At  the  same  time,  the  com- 
plexity of  the  drive  train,  the  noise  in  the  cockpit  and 
passenger/troop  cabin,  and  the  structural  dynamic 
response  should  be  held  to  a minimum. 

The  basic  advantage  of  a propeller  over  a jet  engine 
is  that  the  propeller  moves  more  air.  For  the  same 
reason  large  propellers  are  preferred  to  small  propel- 
lers; the  larger  the  diameter,  the  higher  the  propulsive 
efficiency.  However,  an  increase  in  propeller  size  in- 
ceases  its  weight  and  the  weight  of  the  associated  drive 
train,  and  adds  to  the  difficulty  of  integration  into  the 
design.  Thus,  another  trade-off  decision  must  be  made 
in  choosing  the  optimum  propeller  diameter  based 
upon  high-speed  capability  versus  empty  weight.  Other 
propeller  parameters  that  must  be  selected  are  rpm  and 
total  activity  factor.  Propeller  selection  is  discussed  in 
par.  3-3.3.2. 

A propeller  usually  responds  more  rapidly  to  pilot 
demands  for  changes  in  thrust  than  does  a jet  engine. 
However,  this  is  a secondary  advantage  of  propellers 
because  rapidity  of  horizontal  thrust  control  normally 
is  not  a critical  consideration  for  compound  helicop- 
ters. 

3-2. 2. 3.4  Torque  Balancing  and  Directional 
Control 

Compound  helicopters  using  rotor  arrangements 
with  natural  torque  balancing — such  as  those  with  tan- 
dem, coaxial,  synchropter,  or  jet-powered  rotors- 
achieve  directional  control  in  the  same  manner  as 
do  conventional  helicopters  with  these  rotor  con- 
figurations. 

In  the  case  of  the  single-rotor,  shaft-driven,  com- 
pound helicopter,  however,  there  is  a possibility  of  us- 
ing the  auxiliary  propulsion  device  instead  of  a tail 
rotor  for  antitorque  and  directional  control.  When  this 
device  is  acting  as  a primary  control,  its  reliability  is  a 
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Fig.  3-34.  Effect  of  Airfoil  Thickness  Ratio  on  Limit  Airfoil  Section 

Characteristics 


major  consideration  which  precludes  the  use  of  a sepa- 
rate jet  engine  for  this  purpose. 

If  a single  propeller  is  used,  the  possibility  of  employ- 
ing it  either  as  a swiveling  tail  rotor  or  in  conjunction 
with  flow-turning  vanes  should  be  considered;  both  of 
these  systems  have  been  flown  on  prototype  aircraft. 
When  the  two  functions  are  combined,  the  swiveling 
tail  rotor  is  lighter  than  the  combination  of  a separate 
propeller  and  tail  rotor — but  at  the  cost  of  mechanical 
complexity  in  the  swiveling  mechanism  and  in  the  con- 
trol system,  which  must  make  the  transition  from  rud- 
der pedal  control  in  hover  to  a propeller  pitch  control 
in  forward  flight.  (In  high-speed  flight,  an  airplane  rud- 
der can  be  used  for  directional  control.)  The  pusher 
propeller  with  flow-turning  vanes  also  combines  the 
two  functions  but  involves  the  same  control  com- 
plexity. In  addition,  this  device  becomes  ineffective  at 
some  rearward  speed  that  may  be  below  that  required 
to  hover  over  a spot  in  a tail  wind. 

Another  possibility  for  using  the  auxiliary  propul- 
sion device  for  antitorque  and  directional  control  exists 
if  two  wing-mounted  propellers  with  differential  thrust 
are  used.  This  scheme  however,  while  feasible,  can  re- 
quire substantially  more  power  in  hover  than  the  tail 


rotor  it  eliminates.  The  power  would  be  essentially  the 
same  if  the  product  of  the  total  disk  area  and  the  dis- 
tance between  the  propellers  was  the  same  as  the  prod- 
uct of  the  disk  area  and  the  moment  arm  of  the  tail 
rotor.  For  most  practicable  configurations,  it  will  be 
found  that  this  product  for  wing-mounted  propellers  is 
one-third  to  one-quarter  that  for  a tail  rotor  and,  conse- 
quently, the  power  required  for  antitorque  is  three  to 
four  times  that  used  by  a tail  rotor.  However,  for  com- 
pound helicopters  having  a large  power  plant  because 
of  the  high-speed  requirement,  but  limited  to  a low  disk 
loading  by  downwash  considerations,  the  high  power 
required  by  this  antitorque  scheme  may  not  produce  a 
significant  penalty. 

If  a conventional  tail  rotor  is  to  be  used,  the  trade- 
offs are  the  same  as  for  a conventional  helicopter;  i.e., 
the  larger  the  tail  rotor,  the  less  power  it  requires  but 
the  more  it  weighs  and  the  more  awkward  the  design 
becomes.  Because  the  tail  rotor  experiences  the  same 
forward  speed  as  the  main  rotor  in  forward  flight,  it  is 
logical  to  use  the  same  tip  speed  unless  the  tail  rotor 
blade  tip  section  has  a different  critical  Mach  number 
than  that  of  the  main  rotor.  The  critical  thrust  condi- 
tion for  the  tail  rotor  will  come  either  in  balancing  main 
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rotor  torque  during  a full-power  vertical  climb  at  sea 
level  or  in  hover  under  a high-altitude,  hot-day  condi- 
tion. Both  situations  should  be  analyzed  and  the  one 
requiring  the  highest  solidity  should  be  preferred. 

3-2.2.4  Compound  Helicopter  Performance 

3-2.2.4.1  Wing/Rotor  Lift  Sharing 

It  is  useful,  in  developing  methods  for  calculating 
compound  helicopter  performance,  to  think  of  the  air- 
craft as  a biplane  having  an  upper  wing  with  an  adjusta- 
ble flap  corresponding  to  the  rotor  and  its  collective 
pitch  control.  If  the  upper  wing  of  a biplane  has  a larger 
span  than  the  bottom  wing,  it  pays  to  carry  most  of  the 
lift  on  the  upper  wing  to  take  advantage  of  its  lower 
span  loading  and,  thus,  its  lower  induced  drag.  The 
same  idea  applies  to  a compound  helicopter  if  the  rotor 
diameter  is  greater  than  the  wing  span.  This  is  illus- 
trated by  examining  the  following  basic  equation  for 
the  drag  D of  the  compound: 


D = Dn  + D +D 

Poo 


+ 


2pvR2  V2 


-,1b 


(3-72) 


where 


b as  wing  span,  ft 

Subscripts 

w — wing 
R — rotor 

If  it  is  assumed  that  the  first  three  terms  are  independ- 
ent of  lift,  then  the  variation  of  drag  with  lift  is  depend- 
ent only  upon  the  last  two  terms.  The  drag  then  is 
minimum  when 


W 

l - * 

R 1 + (b/2R)2 
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(3-73) 


3-2. 2.4.2  Calculating  Procedure  for  Power 
Required 

The  calculation  of  the  power  required  for  a com- 
pound helicopter  in  level  flight  is  more  complicated 
than  that  for  a conventional  helicopter  but  still  is  rela- 
tively straightforward.  The  following  procedure  can  be 
performed  by  hand  calculation  or  programmed  on  a 
computer: 

1.  Obtain  by  wind  tunnel  testing,  or  by  estimation, 
plots  of  effective  lift  and  drag  areas  and  pitching  mo- 
ment volume  (L/q  ft2.  D/q  ft2,  and  M/q  ft J,  respec- 
tively) versus  the  angle  of  attack  of  the  fuselage  refer- 
ence line  a/MJ  for  the  complete  aircraft  without  rotors. 

2.  For  the  selected  gross  weight  and  forward 
speed,  assume  a series  of  values  for  fuselage  angle  of 
attack.  Based  upon  small-angle  assumptions,  which  are 
valid  for  compound  helicopters  in  level  flight,  the  re- 
quired rotor  thrust,  or  lift  L„,  is: 

LR^Wg~  ~f~  * ’ ,b  <3-74> 


3.  Calculate  the  rotor  tip  path  plane  angle  of  at- 
tack aR  as 

aR  = afus  + 573  ~p “ + «!,  + /,  • dcS  0-75) 


where 

a,  = longitudinal  tilt  of  rotor  tip 
path  plane  relative  to  rotor 
shaft,  deg 

t\  = angle  of  rotor  shaft  relative  to 
a reference  perpendicular  to  the 
fuselage  reference  line,  deg 
and,  for  T/(2pA)<V2/2  Eq.  3-35  results  in 

’-w  ’fps  (3-76) 


For  the  highest  performance,  the  rotor  should  be  oper- 
ated up  to  the  above  stated  value  of  lift,  or  to  the  limit 
as  defined  by  excessive  oscillating  loads.  The  oscillatory 
load  trend  corresponds  roughly  to  the  product  of  col- 
lective pitch  and  the  cube  of  the  advance  ratio.  The 
point  at  which  these  loads  become  limiting  is  a function 
of  the  structural  and  dynamic  characteristics  of  the 
rotor  and  fuselage  and  may  not  be  known  fully  until  the 
aircraft  flies. 


(The  rotor-induced  downwash  at  the  wing  is  assumed 
to  be  equal  to  the  momentum  value  of  induced  velocity 
at  the  rotor  disk.) 
and 


~(M/q)q  ~ Wgjte'h) 
dMR/dals 


,deg 


(3-77) 
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where 

A stll  = distance  between  helicopter  CG 
and  rotor  shaft,  parallel  to 
fuselage  reference  line,  ft 
Mu  — rotor  pitching  moment,  lb-ft 

4.  Use  rotor  performance  charts  for  the  correct 
advance  ratio,  and,  knowing  rotor  thrust  (lift)  and  ro- 
tor angle  of  attack,  find  collective  pitch  and  plot  it  as 
a function  of  fuselage  angle  of  attack. 

5.  Select  even  increments  of  collective  pitch  and 
tabulate  the  corresponding  values  of  rotor  thrust,  rotor 
angle  of  attack,  and  fuselage  angle  of  attack. 

6.  Use  rotor  charts  to  find  rotor  shaft  power  and 
H force  for  the  selected  values  of  collective  pitch  and 
rotor  thrust. 

7.  Compute  total  power  associated  with  the  rotor 
as  the  sum  of  main  and  tail  rotor  requirements  and 
transmission  and  drive  system  losses. 

8.  Compute  the  required  propulsion  thrust  Tp  as 

tp=j«+h+lr  5§r  -lb  <3-78> 


where 

H = rotor  //-force  perpendicular  to 
control  axis,  lb 

9.  For  propeller-powered  compound  helicopters, 
the  propeller  power  hpp  is 


*v-5 <3-,9> 


where 


Hp  = propeller  efficiency  factor, 
dimensionless 


Subscript 

P = propeller 

The  upper  plot  of  Fig.  3-35  shows  the  results  of 
using  the  foregoing  procedure  to  compute  the  power 
required  for  a typical  compound  helicopter.  The  ad- 
vantage of  operating  at  high  collective  pitch  angles  is 
evident.  The  bottom  plot  of  the  figure  shows  the 
product  of  collective  pitch  and  the  cube  of  the  ad- 
vance ratio  (this  parameter  is  roughly  proportional  to 
the  oscillatory  loads)  and  indicates  the  disadvantage 
of  operating  at  high  collective  pitch.  Fig.  3-36  shows 
component  power  requirements  for  operation  at 
collective  pitch  values  of  4 and  10  deg.  The  primary 
effect  of  operating  at  a higher  collective  pitch  angle  is 
a more  significant  decrease  in  the  power  associated 


with  the  wing  as  compared  to  the  increase  in  power 
associated  with  the  rotor. 

3-2, 2.4.3  Autorotation  of  a Compound 
Helicopter 

Autorotation  of  the  rotor  of  a compound  helicopter 
requires  the  same  conditions  as  for  other  helicopters; 

i.e.,  the  lift  vectors  on  the  blades  must  be  tilted  far 
enough  forward  to  overcome  the  drag  of  the  blades.  A 
fully  unloaded  rotor  cannot  autorotate  because  it  has 
no  lift  vectors  to  tilt  forward.  For  this  reason  if  the  wing 
is  large  enough  to  support  the  entire  weight  of  the 
helicopter  during  entries  into  autorotation  at  high 
speeds,  it  is  difficult  to  load  the  rotor  enough  to  enable 
it  to  autorotate.  One  solution  is  for  the  pilot  to  perform 
steady  turns  at  a load  factor  high  enough  so  that  both 
the  wing  and  the  rotor  are  required  to  produce  lift. 
Another  solution  is  to  reduce  the  wing  lift  mechanically 
with  spoilers,  with  an  incidence  reduction,  or  with  an 
up-deflected  flap.  For  compounds  with  propellers,  it  is 
not  necessary  to  autorotate  the  rotor  initially  if  the 
propeller  pitch  can  be  reduced  sufficiently  to  operate 
the  propeller  as  a windmill;  this  procedure  allows 
power  to  be  extracted  from  the  airstream  at  high  speeds 
so  as  to  keep  the  entire  power  train  operating  until  the 
speed  is  low  enough  to  allow  the  rotor  to  be  used  in 
normal  autorotation. 

3-2.3  WIND  TUNNEL  TESTING 
3-2. 3.1  Objectives 

The  objectives  of  wind  tunnel  testing  are  one  or  more 
of  the  following; 

1 . To  support  a specific  design  project 

2.  To  perform  research  into  fundamental 
phenomena 

3.  To  investigate  advanced  concepts. 

This  paragraph  deals  with  the  preliminary  design  as- 
pects of  wind  tunnel  testing  that  are  included  in  the  first 
of  these  objectives. 

3-2.3.2  Support  of  a Project 

In  the  discussion  of  wind  tunnel  testing  that  follows, 
it  should  be  remembered  that  test  planning  should  con- 
sider the  reliability  of  the  resulting  data.  Dimensional 
similarity,  particularly  in  terms  of  Reynolds  number 
and  Mach  number,  is  desired,  but  the  relationship  be- 
tween model  size  and  tunnel  size  also  must  be  consid- 
ered because  of  the  significant  influence  of  wind  tunnel 
wall  effects  upon  helicopter  test  data. 
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3-2.3.2.  l Airframe  Drag  and  Stability  Studies 

Models  with  rotor  hubs,  but  without  rotor  blades, 
are  tested  during  preliminary  design  to  produce  early 
estimates  of  drag  and  stability  and  to  provide  an  oppor- 
tunity to  improve  these  parameters  before  the  design  is 
frozen.  Results  from  such  tests  are  extremely  sensitive 
to  Reynolds  number  and  it  is  unlikely  that  absolute 


values  of  drag  will  be  obtained  by  testing  small-scale 
models.  Drag  studies  conducted  on  small-scale  models 
usually  are  approached  on  the  basis  of  incremental  var- 
iations due  to  configuration  changes. 

Two  sources  of  drag,  discus'  Hi  for  illustrative  pur- 
poses, are  the  rotor  hub  and  the  aft  end  of  a typical 
cargo  compartment.  The  latter  often  is  designed  with 
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Fig.  3-35.  Effect  of  Collective  Pitch  on  Power  and  Oscillatory  Loads 


,iiV 


ilJJ.  VJJ  *?WH*iVf*V* ?r*n V *w» W*7  vy^wipr  ■ .-  ?•;-  r>  .-  .'s'm?y«-7'i*T^r»fr’wvt  r»,v*  t»  .yi;ii.w,;\v.v  • 


m*m*wm**Y>‘ 


AMCP  706-201 


) 


a very  large  closure  angle  because  of  the  tactical  advan- 
tage of  rear  ramp  loading.  The  rotor  hub  is  a bluff  body 
that,  although  difficult  to  fair  as  a unit,  can  benefit 
from  streamlining  of  individual  components.  During 
wind  tunnel  testing  the  hub  should  be  rotated  to  obtain 
proper  values  of  hub/pylon  drag. 

The  hub  not  only  produces  drag  of  its  own,  but,  in 
many  cases,  induces  flow  separation  on  the  portion  of 
the  fuselage  behind  it.  The  degree  of  separation  often 
can  be  reduced  through  the  use  of  some  form  of  a 
vortex  generator  or  boundary  layer  control  specifically 
tailored  through  wind  tunnel  tests.  In  a similar  manner, 
the  problem  of  separation  behind  a blunt  cargo  com- 
partment can  be  attacked  through  changes  in  fuselage 
lines  or  the  use  of  strakes  or  vortex  generators.  Wind 
tunnel  testing  of  high-performance  helicopters  inevita- 
bly involves  evaluating  the  reduction  in  drag  resulting 
from  a retractable  versus  fixed  landing  gear. 

3-2.3.2.2  Powered  Models 

The  second  phase  in  a complete  series  of  wind  tunnel 
tests  is  the  addition  of  a powered  rotor  to  the  airframe 
model.  The  resulting  model  is  useful  for  determining 
rotor-airframe  interference  effects  and  stability  deriva- 
tives but  has  not  proven  to  be  particularly  useful  in 
determining  the  performance  of  the  rotor  itself  because 
of  significant  aerodynamic  and  dynamic  scale  effects. 
In  extreme  flight  conditions  involving  significant  blade 


stall  or  compressibility  effects,  the  Reynolds  numbers 
and  the  oscillating  aeroelastic  twist — which  is  a func- 
tion of  blade  structural  and  centrifugal  stiffness  in 
bending  and  in  torsion — play  very  important  roles; 
matching  these  characteristics  with  small-scale  rotors 
so  far  has  not  been  practicable.  In  the  case  of  interfer- 
ence effects,  however,  useful  results  can  be  obtained 
with  a rotor  that  is  similar  geometrically,  but  not  neces- 
sarily dynamically,  to  the  full-scale  rotor.  The  interfer- 
ence effects  may  be  significant  especially  in  producing 
pitching  moments  during  the  transition  from  hover  to 
forward  flight  and  in  producing  rotor-fuselage  interfer- 
ence drag  in  all  flight  conditions. 

3-2. 3.2. 3 Dynamic  Models 

An  investigation  of  oscillatory  loads  and  of  the  dy- 
namics of  the  rotor  and  its  control  system  can  be  made 
with  a rotor  model  that  is  scaled  both  geometrically 
and  dynamically  in  terms  of  the  natural  frequencies  of 
its  flapping,  inplane,  and  torsional  blade  modes  and  of 
the  control  modes  associated  with  control  system  flexi- 
bility. Unfortunately,  the  knowledge  of  these  frequen- 
cies comes  near  the  end  of  the  design  effort,  and  it  is 
likely  that  the  actual  rotor  will  be  flying  before  the 
model  can  be  designed,  built,  and  tested.  Nevertheless, 
the  availability  of  a dynamic  wind  tunnel  model  during 
the  flight  test  portion  of  the  projeci  can  be  an  important 
factor  in  rapid  and  safe  investigation  of  critical 
phenomena  as  they  arise  (Ref.  33). 


Fig.  3-36.  Component  Power  at  Two  Values  of 
Collective  Pitch 


3-2. 3.2.4  Special  Models 

An  example  of  a special  wind  tunnel  test  that  might 
be  required  to  support  other  phases  of  the  design  effort 
is  the  measurement  of  engine  inlet  pressure  recovery 
and  flow  distribution  at  the  face  of  the  compressor.  For 
this  type  of  test,  it  is  necessary  to  install  a pump  in  a 
model  to  induce  the  correct  airflow  into  the  inlet.  A 
second  type  of  test  involves  measuring  pressures  on  the 
windshield  and  other  critical  components  through  use 
of  pressure  tubes  connected  to  a manometer  board  or 
to  a scanning  pressm  t transducer.  It  may  be  desirable 
to  measure  bending  moments  in  such  components  as 
wings  and  horizontal  stabilizers  to  allow  the  designers 
to  use  measured  values,  rather  than  theoretical  (which 
normally  tend  to  be  conservative).  The  resulting  design 
will  thus  have  minimum  structural  weight.  Also,  it  may 
be  necessary  to  conduct  external  store  jettison  tests 
wi  'i  the  wind  tunnel  model  to  establish  the  flight  enve- 
lope in  which  dropped  stores  fall  clear  of  the  aircraft, 
and  to  determine  whether  a positive  ejection  me- 
chanism— such  as  a spring  or  an  explosive  device — is 
required.  Wind  tunnel  jettison  i^sts  require  models  of 
stores  that  must  have  the  correct  aerodynamic  shape, 
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weight,  and  CO  location.  The  model  must  be  such  that 
the  ratio  of  aerodynamic  forces  to  inertia  forces  is  cor- 
rect for  the  model  scale  and  the  wind  tunnel  speed 
being  used  to  simulate  flight  conditions.  Results  ere 
recorded  with  movie  cameras  taking  front  and  side 
views.  The  model  need  not  have  rotors,  but  it  helps  in 
interpreting  film  results  if  the  tip  path  planes  of  the 
main  rotorfs),  tail  rotor,  and  propeller  are  defined  with 
wire  hoops. 

3-2.3.2.5  Two-dimensional  Airfoil  Tests 

For  a rotor  design  that  pioneers  in  the  use  of  a new 
airfoil  section,  it  is  desirable  to  obtain  the  airfoil  charac- 
teristics for  use  in  the  rotor  analysis,  in  a two-dimen- 
sional tunnel.  These  characteristics  should  include  lift, 
drag,  and  pitching  moments  throughout  the  angle  of 
attack,  Mach  number,  and  Reynolds  number  ranges  in 
which  the  blade  elements  operate.  Ref.  34  contains  a 
complete  description  of  a typical  steady-state,  two- 
dimensional  wind  tunnel  test.  A variation  of  this  type 
of  test  involves  testing  the  airfoil  while  it  is  subjected 
to  oscillating  plunge  and  pitch  motions  at  various  mean 
angle  of  attack  settings.  The  results  then  can  be  used  to 
evaluate  the  nonsteady  characteristics  of  the  airfoil  as 
represented  by  the  hysteresis  loops  in  lift,  drag,  and 
pitching  moment.  Another  type  of  two-dimensional 
testing  used  to  evaluate  three-dimensional  effects  is  the 
testing  of  the  airfoil  at  the  various  values  of  sweep  that 
can  occur  on  the  blade  and  that  have  been  found  to 
affect  the  maximum  lift  coefficient  significantly.  Three- 
dimensional  effects  can  be  obtained  by  testing  a blade 
tip  at  various  sweep  angles.  All  of  the  steady,  non- 
steady, and  three-dimensional  airfoil  characteristics 
can  be  used  in  the  sophisticated  rotor  analysis  pro- 
grams that  account  for  blade  element  sweep,  unsteady 
tip  vortex  induced  flows,  and  blade  flapping  and  tor- 
sional flexibility. 

3-2.3.2.6  Testing  of  Actual  Hardware 

Wind  tunnel  testing  of  component  hardware  often  is 
required  to  support  the  design  and  analysis  effort  fur- 
ther. For  example,  the  drag  of  antennas  and  external 
stores  and  the  aerodynamic  loads  opposing  the  motion 
of  rotating  weapon  turrets  and  gun-sights  are  difficult 
to  predict  analytically  or  with  small-scale  models,  but 
are  evaluated  easily  in  a wind  tunnel. 

The  testing  of  a complete  aircraft  in  a full-scale  wind 
tunnel  generally  is  not  included  in  the  early  project 
planning.  During  the  flight  test  phase,  however,  it  may 
become  desirable  to  investigate  one  or  more  specific 
problems  in  the  areas  of  rotor  dynamics,  stability,  or 
performance,  and  the  designer  may  determine  that 
these  problems  can  be  investigated  with  either  less  dan- 


ger or  more  precision  in  the  wind  tunnel  than  in  flight 
(Ref.  35).  Full-scale  tests  currently  are  limited  by  tun- 
nel capability  to  speeds  of  less  than  190  kt  and  to  rotor 
diameters  of  less  than  65  ft.  The  aircraft  should  be 
equipped  with  flight  test  instrumentation  for  measuring 
rotor  loads,  a real-time  monitoring  system,  and  a quick- 
acting remote  control  system. 

Mounting  the  helicopter  on  the  wind  tunnel  balance 
system  changes  the  dynamic  environment  from  that  of 
free  flight  in  two  significant  ways.  First,  the  balance 
system  has  its  own  set  of  modes  of  oscillation  that,  if 
excited  at  their  natural  frequencies  by  oscillating  rotor 
loads,  can  confuse  the  dynamic  data  being  measured  at 
the  rotor  and,  in  some  cases,  can  lead  to  structural 
failures.  To  avoid  such  problems,  the  natural  frequen- 
cies of  the  balance  system  should  be  predetermined  by 
shake  tests  and  rotor  speeds  then  selected  so  as  to  avoid 
them;  or  the  balance  natural  frequencies  should  be 
changed  by  modifications  to  the  mass,  damping,  or 
structural  stiffness.  The  second  significant  change  ir 
the  dynamic  environment  arises  from  the  ability  of  the 
wind  tunnel  supports  to  provide  essentially  immediate 
reactions  to  aircraft  loads  and  moments.  This  is  in 
contrast  to  the  aircraft  in  free  flight,  which  produces 
reactions  proportional  only  to  aircraft  inertia.  The 
consequence  of  this  difference  is  that  rotor  forces — 
which  in  free  flight  would  cause  the  aircraft  to  move 
and  to  relieve  the  forces — are  not  relieved  in  the  wind 
tunnel  but  may  build  up  to  catastrophic  magnitudes. 
For  this  reason  it  is  important  to  be  able  to  monitor 
critical  rotor  loads  and  to  relieve  them  quickly  with  the 
control  system. 

3-2. 3.3  Model  Design  Considerations 

3-2.3. 3.1  Models  Without  Rotors 

Models  without  rotors,  which  are  used  for  studies  of 
drag  and  stability  qualities,  should  be  designed  simi- 
larly to  comparable  fixed-wing  models.  The  model 
should  be  as  large  as  possible  and  the  test  tunnel  speed 
as  high  as  possible  to  enable  testing  at  high  Reynolds 
numbers.  Tips  is  important  especially  when  determin- 
ing the  drag  of  bluff  body  components  such  as  rotor 
hubs,  landing  gear,  or  weapons.  Consideration  must  be 
given  to  compressibility  effects,  which  frequently  can 
become  significant  due  to  high  local  Mach  numbers 
and  can  result  in  considerable  error  in  the  translation 
of  small-scale  results  to  full  scale. 

The  use  of  transition  strips  to  establish  the  turbulent 
boundary  layer  at  the  forward  part  of  each  component 
is  recommended.  Because  the  determination  of  hub 
drag  is  an  important  objective  of  this  type  of  testing,  the 
hub  should  be  built  as  accurately  as  possible.  Blade 
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stubs  with  a span  equal  to  the  chord  should  be  installed 
to  duplicate  the  hub-blade  junction.  If  practicable,  the 
hub  should  be  rotated  with  a motor  at  a speed  corre- 
sponding to  the  full-scale  advance  ratio  at  the  test  tun- 
nel speed.  Major  components  should  be  made  remova- 
ble and  the  model  should  be  designed  for  testing  both 
right  side  up  and  upside  down  to  evaluate  both  hub 
drag  and  landing  gear  drag  away  from  the  influence  of 
the  balance  supports. 

3-2.3.3,2  Models  With  Rotors 

3-2. 3. 3. 2. 1 Rotor  Design 


In  this  type  of  model,  the  rotor  diameter  should  be 
as  large  as  possible  to  allow  testing  as  closely  as  possible 
to  full-scale  Reynolds  numbers.  If  the  primary  focus  of 
interest  is  the  high-speed  regime,  the  rotor  diameter 
can  be  up  to  75%  of  the  tunnel  test  section  width.  If 
low-speed  problems  are  to  be  investigated,  the  rotor 
diameter  should  not  exceed  25%  of  the  test  section 
height  so  as  to  minimize  recirculation  of  the  rotor  wake 
from  the  tunnel  floor.  The  model  rotor  tip  speed  should 
be  the  same  as  that  proposed  for  the  full-scale  helicop- 
ter in  order  to  preserve  true  Mach  numbers  and  in- 
duced velocity  effects.  When  it  is  not  possible  to  oper- 
ate the  tunnel  at  such  a speed,  the  design  rotor  speed 
should  be  reduced  in  order  to  maintain  the  true  ad- 
vance ratio,  because  this  is  a primary  rotor  parameter 
while  Mach  number  and  induced  effects  are  secondary 
parameters. 

The  scaling  of  mass  and  structural  parameters  for 
dynamic  models  should  attempt  to  match  natural  fre- 
quencies and  ratios  of  atrodynamic-to-inertia  parame- 
ters so  as  to  allow  investigation  of  flutter,  mechanical 
vibration  and  stability,  performance,  and  flying  quali- 
ties (Ref.  33). 

3-2. 3. 3. 2. 2 Rotor  Control  Systems 

Depending  upon  the  objectives  of  the  model  test,  the 
rotor  control  system  may  be  either  nonexistent  or 
nearly  as  complete  as  that  of  the  actual  aircraft.  The 
simplest  models  have  flapping  or  teetering  rotors,  no 
cyclic  pitch,  and  collective  pitch  that  is  adjustable  only 
during  a model  change.  Data  points  taken  with  this 
type  of  model  always  will  have  the  tip  path  plane  tilted 
with  respect  to  the  shaft,  except  for  specific  combina- 
tions of  shaft  angle  of  attack  and  tip  speed  ratio  for  each 
collective  pitch  setting.  For  some  types  of  tests  these 
out-of-trim  data  are  valid  and  useful,  but  for  other  tests 
only  triin  conditions  r.rr.  of  interest.  The  incorporation 
of  a remote  control  system  for  both  cyclic  and  collec- 
tive pitch  allows  each  datum  point  to  represent  a trim 
condition  at  the  desired  rotor  thrust  and  hub  moment; 
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it.  other  words,  the  testing  time  can  be  duced  drasti- 
cally at  the  cost  of  model  complexity.  For  models  with- 
out cyclic  pitch,  the  flapping  of  the  tip  path  plane  must 
be  monitored  closely  to  prevent  tail  boom  strikes  at 
high  collective  pitch  and  tip  speed  ratios. 

3-2. 3. 3. 2. 3 Rotor  Power  Supply 

For  some  specialized  tests,  the  rotor  can  be  tested  in 
autorotation  and  therefore  no  power  supply  is  required. 
The  more  usual  test,  however,  requires  that  the  rotor 
be  powered.  The  model  power  plant  will  be  scaled 
down  from  the  actual  power  plant  by  a scale  factor 
dependent  on  the  specific  similarity  requirements  of  the 
test.  For  pressure-jet  rotors,  compressed  air  is  used 
from  the  shop  supply  or  from  a special  compressor, 
depending  upon  the  quantity  of  air  required.  Successful 
shaft-driven  model  tests  have  been  conducted  using 
electrical  and  hydraulic  power.  Many  wind  tunnels 
now  use  pneumatic  motors  for  scale  models. 

The  electrical  system  of  powering  models  usually 
consists  of  a variable-frequency  motor-generator,  set 
outside  the  test  section,  and  a synchronous  motor  in  the 
model.  Most  suitable  synchronous  motors  are  water- 
cooled  so  as  to  obtain' high  power  in  a small  envelope. 
The  wires  and  cooling  tubes  to  the  motor,  along  with 
any  instrumentation  wiring,  should  be  attached  to  the 
model  in  such  a way  as  to  introduce  minimum  forces 
and  moments  due  to  air  loads  or  changes  in  angles  of 
attack.  In  addition,  all  wiring  should  be  shielded  to 
avoid  interference.  Fig.  3-37  shows  how  this  may.be 
done. 

A hydraulic  system  that  has  been  used  satisfactorily 
consists  of  a constant  speed-constant  volume  pump 
with  a controllable  bypass  valve  outside  the  test  section 
and  a hydraulic  motor  in  the  model.  The  bypass  valve 
is  used  to  control  the  amount  of  fluid  going  to  the 
model  and,  hence,  its  speed.  To  prevent  hydraulic  pres- 
sure from  producing  excessive  balance  tares,  the  tubing 
running  from  the  pump  to  the  model  support  should  be 
straight  with  solid  elbow  fittings  as  shown  in  Fig.  3-38. 
It  still  will  be  necessary,  however,  to  evaluate  the 
balance — leading  tares  as  a function  of  hydraulic 
pressure  for  making  final  corrections  to  the  test 
results. 

3-2.33.2.4  Instrumentation 

The  sophistication  of  model  instrumentation  will  be 
dictated  by  the  objectives  of  the  test  program.  Simple 
tests  might  use  only  the  ?,ind  tunnel  balance  system, 
whereas  more  complicated  tests  might  require  instru- 
mentation on  the  order  of  that  used  for  flight  tests,  e.g., 
strain  gages  and  various  types  of  potentiometers  to 
measure  rotor  and  control  system  loads  and  positions. 
The  recording  of  measurements  in  the  rotating  system 
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requires  either  slip  rings  or  a radio  transmitter 
mounted  on  the  hub,  both  systems  having  been  used 
satisfactorily. 

For  many  types  of  tests,  it  is  necessary  to  differenti- 
ate between  the  thrust  of  the  rotor  and  the  lift  on  the 
rest  of  the  model.  Rotor  thrust  can  be  obtained  by 
measuring: 

1.  The  tension  in  the  rotor  shaft 

2.  The  average  bending  moment  in  the  rotor  hub 
or  blade  root 

3.  The  average  blade  coning. 

All  of  the  methods  require  measurements  in  the  rotat- 
ing system,  and  the  last  two  methods  rely  upon  a cali- 
bration that  may  be  difficult  to  perform  in  a wind 
tunnel.  (It  should  be  noted  that  measuring  rotor  thrust 
always  is  a difficult  task  whether  in  a wind  tunnel  or 
in  flight.)  As  an  alternative  approach,  the  possibility  of 


attaching  the  entire  rotor  system  to  the  rest  of  the 
model  with  a separate  strain  gage  balance  system 
should  be  considered.  This  attaching  method  has  the 
advantage  of  being  outside  the  rotating  system  (thus 
not  requiring  slip  rings),  and  it  can  be  used  to  measure 
not  only  thrust  but  shaft  torque,  rotor  pitching  and 
rolling  moments,  and  longitudinal  and  lateral  rotor 
forces  as  well.  Such  a balance  system  should  be  de- 
signed so  as  to  introduce  no  new  modes  of  vibration 
with  natural  frequencies  in  the  range  of  the  test  rotor 
speeds. 

For  model  rotors  in  which  dynamic  phenomena  are 
primary  considerations,  it  is  important  that  critical 
measurements  be  monitored  continuously.  Some  tests 
require  not  only  several  critical  displays  but  several 
observers  to  monitor  them.  No  compromise  should  be 
made  concerning  the  number  of  critical  loads  to  be 


Fig.  3-37.  Installation  of  Electrically  Powered  Model 
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FIs.  3-39.  Installation  of  Hydraulically  Powered  Model 


displayed  on  an  oscilloscope,  with  the  limits  clearly 
marked.  A maximum  of  information,  clearly  displayed 
in  a recognized  farhion,  and  alert  personnel  are  re- 
quired for  satisfactory  testing.  Any  dynamic  measure- 
ments that  are  important  to  decisions  that  must  be 
made  during  the  test  should  be  recorded  on  an  instant- 


developing  oscillograph  or  on  a Brush  recorder.  All 
data  should  be  recorded  on  permanent  oscillographs  or 
tape  recorders  for  subsequent  data  reduction.  It  is 
highly  desirable  in  critical  tests  to  have  continuous 
motion  picture  coverage.  A means  must  be  provided  for 
identifying  the  various  types  of  data  being  recorded 
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with  tunnel  run  number  and,  if  possible,  with  a stand- 
ard time  signal. 

Rotor  speed  can  be  determined  in  several  ways.  In 
rotors  driven  by  a variable-frequency  electrical  system, 
the  frequency  meter  on  the  motor-generator  set  can  be 
calibrated  to  read  rotor  speed  directly.  In  more  elabo- 
rate models,  a tachometer  generator  can  be  belt-  or 
gear-driven  by  the  rotor  shaft  with  a conventional  air- 
craft tachometer  at  the  operator’s  station.  For  very 
precise  measurement,  an  Event-Per-Unit-Time  Coun- 
ter can  be  used  to  count  the  electrical  impulses  gene- 
rated by  one  or  more  magnets  fastened  to  the  rotor 
shaft  as  they  pass  an  induction  coil  on  the  nonrotating 
portion  of  the  model.  The  same  electrical  impulse  can 
be  recorded  as  an  indication  of  rotor  azimuth  position 
on  any  system  that  is  being  used  to  record  loads  or 
dynamic  data. 

3-2.3.4  Tast  Procedures 

The  test  procedures  for  rotorless  helicopter  models 
are  the  same  as  those  for  models  of  fixed-wing  aircraft  : 
angle  of  attack  runs  at  zero  yaw  and  yaw  runs  at  repre- 
sentative angles  of  attack — all  at  the  highest  practicable 
tunnel  speed  that  results  in  the  best  available  correla- 
tion of  Reynolds  number  and  Mach  number  to  full- 
scale  conditions.  Configuration  changes  should  include 
stabilizer  incidence  changes  and  removal  of  of  in- 
dividual components.  In  some  cases,  flow  visualization 
using  tufts  or  oil  sublimation  will  be  useful  in  defining 
sources  of  drag. 

A model  with  a rotor  introduces  four  additional  test 
parameters:  advance  ratio,  collective  pitch,  longitudi- 
nal cyclic  pitch,  and  lateral  cyclic  pitch.  For  data  points 
representing  trim  conditions,  the  collective  pitch 
should  be  such  as  to  produce  the  desired  rotor  thrust 
and  the  cyclic  pitch  should  be  such  as  to  produce  the 
desired  pitching  and  rolling  moments  about  the  CG. 
Once  the  trim  point  has  been  established,  stability 
derivatives  can  be  determined  with  respect  to  angle  of 
attack,  forward  speed,  rotor  speed,  cyclic  pitch,  collec- 
tive pitch,  and  side  slip  angle. 

Tests  of  dynamic  or  full-scale  models  often  involve 
the  determination  of  stability  boundaries  for  certain 
modes  of  oscillation.  The  procedure  for  this  type  of 
investigation  is  to  establish  the  trim  conditions  and 
then  to  measure  the  time  the  model  requires  to  damp 
to  half-amplitude  following  a control  system  doublet. 
The  boundary  then  is  approached  by  increasing  rotor 
thrust  or  tunnel  speed  by  a small  increment  and  repeat- 
ing the  doublet.  A running  plot  of  the  inverse  of  the 
time  to  damp  to  half -amplitude  is  maintained.  As  soon 
as  the  plot  can  be  extrapolated  to  zero,  the  stability 


boundary  is  assumed  to  be  established  and  the  test  is 
concluded  without  actually  subjecting  the  model  to  the 
instability.  Determination  of  stability  boundaries  is  one 
of  the  most  dangerous  aspects  of  wind  tunnel  testing 
and  should  be  attempted  only  after  a maximum  effort 
has  been  made  by  analysis  to  predict  these  instabilities. 

3- 2.3.5  Data  Reduction 

3-2. 3. 5.1  Wind  Tunnel  Wall  Corrections 

Wind  tunnel  wall  corrections  for  rotors  are  a func- 
tion of  the  wake  skew  angle  and  the  dimensions  of  the 
tunnel  test  section  with  respect  to  the  rotor  diameter. 
For  cases  in  which  the  roto--  wake  skew  angle  is  near 
90  deg  (the  wake  is  going  straight  back  from  the  rotor), 
the  corrections  are  the  seme  as  for  a circular  wing  of 
the  same  span.  For  cases  in  which  the  skew  angle  is 
near  0 deg  (as  in  hover),  the  recirculation  inside  the  test 
section  probably  will  produce  unstable  test  conditions 
that  will  make  quantitative  measurements  useless.  For 
skew  angles  between  the  two  extremes,  wall  correction 
methods  are  given  in  Ref.  36  for  a variety  of  test  section 
dimensions  and  shapes. 

3-2. 3.5. 7 Presentation  of  Results 

The  preferred  form  for  the  presentation  of  results  of 
wind  tunnel  tests  of  helicopter  models  is  somewhat 
different  than  for  fixed-wing  models.  The  wing  is  the 
principal  source  of  aerodynamic  forces  upon  an  air- 
plane so  it  is  customary  to  nondimensionalize  mea- 
sured forces  and  moments  based  upon  the  wing  dimen- 
sions. This  procedure  allows  a quick  comparison  with 
other  airplanes  and  the  form  is  the  same  as  that  used 
in  the  analysis  of  performance  and  flying  qualities.  On 
a helicopter,  however,  the  rotor  is  the  principal  source 
of  forces  and  moments,  and  these  factors  are  related 
closely  to  the  forces  and  moments  on  the  rest  of  the 
aircraft.  For  this  reason  rotor  characteristics  are  nondi- 
mensionalized  based  upon  the  rotor  dimensions,  but 
the  forces  and  moments  of  the  remainder  of  the  aircraft 
are  presented  best,  in  the  form  of  D/q  and  M/q  as  a 
function  of  angle  of  attack  and  sideslip  angle  where 
these  quantities  refer  to  full-scale  forces  and  moments. 
Note  that  D/q  is  the  equivalent  flat  plate  area,  which 
is  the  normal  unit  of  drag  used  in  helicopter  analysis. 
Fig.  3-39  shows  a typical  set  of  test  data  for  a model 
without  rotor. 

Rotor  data — either  from  a rotor-alone  test  or  from  a 
complete  model-with-rotor  test — should  be  presented 
in  the  same  format  as  is  used  in  analysis.  The  independ- 
ent variables  that  specify  the  test  conditions  are  tunnel 
speed  V,  tip  speed  flR,  angle  of  attack  of  the  shaft 
aa,  collective  pitch,  longitudinal  cyclic  pitch,  and  lat- 
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) Fig.  3-39.  Typical  Remits  for  Model  Without  Rotor 


eral  cyclic  pitch.  The  corresponding  dependent  varia- 
bles of  most  interest  are  Cu/<r,  CXK/cr,  Cp/tr, 
Cpjcr,  and  ac  and  their  variations.  A typical  plot  of 
wind  tunnel  data  for  a rotor  is  shown  in  Fig.  3-40  as 
taken  from  Ref.  37. 

3-2.3.6  Other  Related  Tests 

3-2.3.6.1  Rotor  Whirl  Tower 
Whirl  towers  are  used: 

1.  To  measure  the  hover  performance  of  existing 
rotors 

2.  To  verify  the  structural  integrity  and  dynamic 
stability  of  new  or  modified  rotors 

3.  To  track  blades  to  a tolerance 

4.  To  do  specialized  research  into  such  factors  as 
airfoil  characteristics,  wake  structure,  noise,  and 
ground  effect. 

In  order  to  allow  testing  in  out-of-ground-effect  condi- 
tions, a conventionally  mounted  rotor  should  be  at  least 
one  diameter  above  the  ground.  If  the  rotor  can  be 
mounted  upside  down,  a tower  height  of  40%  of  the 
diameter  will  be  sufficient  to  make  the  ground  effect 


negligible.  Upside-down  mounting  is  not  always  practi- 
cable with  actual  helicopter  rotors,  but  it  usually  is 
feasible  for  model  rotors  designed  from  the  beginning 
for  whirl  tower  use.  Depending  upon  the  primary  pur- 
pose of  the  whirl  tower,  it  may  be  equipped  to  measure 
rotor  thrust  and  power,  blade  loads,  control  system 
loads  and  positions,  blade  track,  and  wake  characteris- 
tics. In  some  stability  investigations,  it  is  useful  to  gim- 
bal-mount  the  rotor  support  on  a frame  that  can  simu- 
late the  actual  pitch  and  roll  inertias  of  the  aircraft. 
Such  tests  should  be  conducted  in  near-zero  wind  con- 
ditions (under  3 kt),  especially  if  performance  charac- 
teristics are  desired. 

3-2. 3.6.2  Download  Test  Facilities 

Because  every  pound  of  fuselage  or  wing  download 
decreases  the  payload  capability  by  a pound  in  hover, 
it  is  important  to  be  able  to  determine  this  penalty 
accurately  during  the  preliminary  design  phase.  Ana- 
lytical procedures  using  calculated  wake  characteristics 
and  estimated  drag  coefficients  for  the  aircraft  compo- 
nents in  the  wake  are  useful  as  first  estimates,  but  these 
should  be  verified  by  using  the  model  designed  for  the 
wind  tunnel  and  a whirl  tower  using  a geometrically 
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scaled  rotor  (Fig.  3-41).  For  structural  simplicity,  and 
to  avoid  ground  effect,  the  rotor  can  be  mounted  with 
its  axis  horizontal  and  the  model  mounted  beside  it 
with  a separate  support  and  balance  system.  To  insure 
that  the  wake  characteristics  are  the  same  as  at  fall 
scale,  the  rotor  model  should  be  capable  of  developing 
the  same  disk  loading  and  tip  speed  as  the  actual  rotor. 
The  effect  of  the  ground  upon  download  can  be  deter- 
mined by  mounting  a ground  plane  next  to  the  model 


3-3  PROPULSION 

3-3.1  PROPULSION  SYSTEM  ANALYSIS 

3-3. 1.1  Propulsion  Techniques 

Two  types  of  helicopter  gas  turbine  engine  propul- 
sion techniques  will  be  discussed  in  this  paragraph: 


1.  Shalt  drive  system.  This  system  uses  a turbo- 
shaft engine(s),  either  a free  power  turbine  or  a coupled 
version,  to  supply  the  shaft  horsepower  necessary  for 
driving  the  helicopter  rotor(s)/prop«ller(s)  through  a 
shafting  and  gearing  system.  The  coupled  version  nor- 
mally is  not  used  due  to  the  superior  performance  char- 
acteristics of  the  free  turbine  in  a helicopter  environ- 
ment, such  as  better  fuel  consumption  at  part  loads  and 
better  power  control  under  fluctuating  load  conditions. 
In  the  free  turbine,  gas  generator  speed  is  independent 
of  helicopter  rotor  speed. 

2.  Reaction  drive  system  This  system  uses  a tur- 
bofan or  turbojet  engine  to  provide  reaction  force.  One 
method  uses  a series  of  ducts  to  carry  the  exhaust  gases 
to  the  helicopter  rotor,  where  they  are  expelled  through 
nozzles  in  the  trailing  edge  and/or  tips  to  drive  the 
rotor.  Another  method  uses  engines  mounted  at  the 
ends  of  the  helicopter  rotor  blades  to  drive  the  rotor. 
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Fig.  3-40.  Typical  Rotor  Results  from  a Wind  Tunnel  Test 
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Primary  emphasis  in  this  paragraph  will  be  on  the 
free  power  turbine  turboshaft  engine.  It  is  believed  that 
this  emphasis  properly  reflects  the  projected  helicopter 
design  trends  for  the  foreseeable  future.  Furthermore, 
the  thermodynamic  concepts  enunciated  generally  will 
be  applicable  to  the  reaction  systems  as  well. 

3-3.1. 2 Gas  Turbina  Engine  Characteristics 

The  gas  turbine  engine  cycle  variables  of  primary 
interest  to  the  helicopter  designer  are  specific  fuel  con- 
sumption SFC and  specific  power  SHP/Wt  .where  SHP 
is  the  shaft  horsepower  and  Wt  the  weight  flow  of  air. 
SFC  exerts  a primary  influence  upon  helicopter  range 
and  endurance.  The  major  effects  of  SHP/W,  are  upon 
engine  size  and  weight.  While  cycle  pressure  ratio,  de- 
sign philosophy,  and  engine  configuration  also  can  af- 
fect the  final  engine  size  and  weight  significantly,  the 
largest  single  influence  is  airflow  rate  Wm.  For  a given 
power  rating,  this  is  established  by  the  cycle  value  of 
SHP. 

Before  reviewing  the  cycle  analysis  for  gas  turbine 
engines,  it  may  l n helpful  to  provide  an  overview  of  gas 
turbine  engine  technology.  Figs.  3-42  and  3-43  show 
the  historical  improvements  in  engine  SFC  and  weight 
along  with  some  estimates  about  the  future.  The  major 
reasons  for  performance  improvements  have  been  in- 
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Fig.  3-42.  Engine  Weight  vs  Shaft  Horsepower 
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Fig.  3-41.  Arrangement  of  Download  Facility 


Fig.  3-43.  Engine  Specific  Feel  Consumption  vs 
Shaft  Horsepower 


creases  in  cycle  pressure  ratio  and  turbine  inlet  temper- 
ature. 

3-3. 1 .2. 1 Cycle  Description 

The  analytical  model  for  the  gas  turbine  engine  is  the 
Brayton  cycle  shown  in  Fig.  3-44.  A complete  analysis 
of  the  cycle  is  included  in  AMCP  706-285.  The  discus- 
sion here  is  limited  to  a review  of  the  critical  parame- 
ters and  of  their  effects  upon  the  performance  charac- 
teristics of  the  engine.  This  discussion  will  assume  an 
air  cycle;  i.e.,  the  working  fluid  is  assumed  to  be  air 
with  constant  values  of  specific  heat  and  molecular 
weight  throughout  the  cycle.  While  this  assumption 
does  not  reflect  accurately  the  real  conditions  in  a gas 
turbine  engine,  it  does  permit  a straightforward  devel- 
opment of  the  fundamental  engine  characteristics  in 
closed  analytical  form.  The  refinement  of  accounting 
for  variable  gas  properties,  while  essential  to  the  engine 
designer,  does  not  contribute  to  an  understand'ng  of 
the  turbine  engine  interrelations. 
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Fig.  3-44.  Gas  Turbine  Engine  Cycle  (Generalized) 


As  shown  in  Fig.  3-44,  the  ideal  turbine  engine  cycle 
is  made  up  of  two  isentropic(  constant  entropy)  and  two 
isobaric  (constant  pressure)  processes.  In  this  ideal  case, 
air  is  compressed  without  losses  from  State  2 to  3, 
heating  (fuel  addition)  takes  place  at  constant  pressure 
from  3 to  4,  followed  by  isentropic  expansion  through 
the  turbine  from  4 to  5.  The  cycle  is  completed,  concep- 
tually, by  cooling  the  exhaust  gases  from  4 to  2.  This, 
of  course,  takes  place  in  the  atmosphere,  external  to  the 
engine. 

For  the  free  power  turbine  engine  cycle,  the  power 
required  to  drive  the  compressor  is  provided  in  the 
expansion  from  4 to  4.3.  The  useful  or  output  power  is 
represented  by  the  expansion  from  4.5  to  5.  This  model 
assumes  that  the  gas  generator  turbine  is  located  up- 
stream of  the  output  turbine  (power  turbine).  While 
this  is  not  a necessary  constraint  for  free  power  turbine 
engines,  it  is  normal.  The  output  power  is  the  difference 
between  the  total  expansion  power  developed  (4  to  5) 
and  the  compressor  power  required  (3  to  2). 

3-3. 1.2.2  Specific  Fuel  Consumption  (SFC) 

The  gas  turbine  engine,  like  any  other  heat  engine,  is 
constrained  to  less  than  100%  thermal  efficiency  by 
two  factors.  First,  even  if  process  losses  (pressure 
losses,  inefficiencies  in  compression/expansion,  radia- 
tion heat  losses,  etc.)  could  be  prevented,  the  second 
law  of  thermodynamics  demands  that  only  a portion  of 
the  thermal  energy  (fuel)  added  to  the  cycle  can  be 
converted  into  useful  work.  For  the  ideal  case  of  no 
process  losses  and  constant  gas  properties,  the  SFC, 
expressed  as  lb  fuel/hp-hr,  is  only  a function  of  cycle 
pressure  ratio.  If  a second  set  of  constraints  relating  to 
individual  process  efficiencies  is  considered,  it  is  found 
that  an  optimum  pressure  ratio  exists  for  each  combi- 
nation of  efficiency  and  maximum  cycle  temperature 
(turbine  inlet  temperature).  This  optimum  pressure 


ratio  yields  minimum  SFC,  and  increases  beyond  op- 
timum give  corresponding  increases  in  SFC.  Typical 
results  are  shown  in  Fig.  3-45,  along  with  a comparison 
with  the  ideal  case. 

3-3. 1.2. 3 Specific  Power 

The  other  dependent  cycle  variable  of  interest  to  the 
helicopter  designer  is  specific  power,  i.e.,  the  power 
produced  in  the  cycle  by  each  lb/sec  of  airflow.  This 
cycle  variable  is  a major  index  of  engine  weight  for  a 
given  power  capability  because  it  establishes  the  engine 
envelope. 

For  the  idea)  air  cycle,  specific  power,  unlike 
SFC  is  a function  of  both  cycle  pressure  ratio  and 
turbine  inlet  temperature  T4 . From  the  definition  of 
SFC  it  follows  that 


SHP  WJW  c(T4  - T>) 

(3-80) 


where 

SHP  = shaft  horsepower 
Wt  — weight  flow  of  air,  Ib/sec 
W{  = engine  fuel  flow,  lb/hr 
SFC  - specific  fuel  consumption, 
lb/hp-hr 

cr  — specific  heat  at  constant 
pressure,  Btu/lb-*R 
T = total  temperature,  *R  ( T}  at 
turbine  station  3 etc.) 

This  relationship  is  plotted  in  Fig.  3-46.  Eq.  3-80  is 
valid  for  both  the  ideal  and  real  cases  because  it  is  an 
identity  by  definition. 


ENGINE  PRESSURE  RATIO  p3/p2 

Fig.  3-45.  Effect  of  Gas  Turbine  Cycl*  Parameters 
Upon  Specific  Fuel  Consumption 
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3-3. 1.3  Process  Analysis 

In  the  paragraphs  that  follow,  the  gas  turbine  engine 
is  broken  down  for  analysis  into  its  primary  elements/ 
processes: 

1.  Inlet 

2.  Compressor 

3.  Combustor 

4.  Turbine 

5.  Exhaust  (duct). 

For  each  element,  a simple  statement  of  the  first  law  of 
thermodynamics  (AMCP  706*283)  is  applied,  together 
with  appropriate  constraints,  to  yield  the  analytical 
basis  for  detailed  calculations. 

Results  for  each  major  engine  component  are  devel- 
oped subsequently.  Note  that  the  results  from  the  ap- 
plication of  the  first  law  are  energy  balance  statements. 
Other  thermodynamic  relationships  are  introduced  as 
required  to  translate  the  fundamental  equations  into 
statements  concerning  such  factors  as  component  pres- 
sure ratio  and  temperature  ratio. 

For  each  equation  developed,  a parenthetical  note  is 
added  when  the  result  applies  only  to  either  the  ideal 
or  the  real  case.  When  the  result  is  applicable  to  both, 
no  note  is  appended. 

The  individual  processes  discussed  subsequently  are 
diagrammed  for  convenience  in  Fig.  3-47  for  both  the 
ideal  and  real  cases. 


pass  the  required  flow  rate.  The  concept  is  useful,  how- 
ever, even  for  low-velocity  helicopters  because  it  pro- 
vides a convenient  method  of  accounting  for  induction 
system  losses. 

The  fundamental  constraint  for  the  energy  equation 
is  that  the  gross  energy  level  is  unchanged,  with  energy 
conversion  taking  place  between  velocity  and  static  en- 
thalpy. 

y2 

hi=Ao  + T-r-  . Btu/lb  (3-81) 


where 

g = acceleration  due  to  gravity,  fpsJ 
h = enthalpy,  Btu/lb 
J = mechanical  equivalent  of  heat, 
ft-lb/Btu  (1  ft-lb  = 778  Btu) 

Subscripts 

0 =»  freestream  conditions  at 
velocity  V 

1,  2 etc.  = conditions  at  cycle  stage  1,  2 
etc.  (see  Fig.  3-47) 

For  the  ideal  case  of  a reversible  process,  the  temper- 
ature ratio  and  pressure  ratio  relationships  are 

yi  / Jq  j V 

~ = 1 + 1 — - — jMo  , dimensionless  (3-82) 


3-3. 1.3.1  Inlet 

The  inlet  converts  the  kinetic  energy  associated  with 
the  free  stream  or  forward  flight  velocity  into  stagna- 
tion pressure  and  temperature.  In  a real  engine  the 
stagnation  state  (velocity  — 0)  is  never  reached,  be- 
cause an  infinite  cross  section  would  be  required  to 
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Fig.  3-46.  Effect  of  Gas  Turbiae  Cycle  Parameters 
Upon  Specific  Power 


, dimensic-nle«s 


(3-83) 


where 

k = ratio  of  specific  heats  c/c,, 
dimensionless 

M = Mach  number,  dimensionless 
p — total  pressure,  lb/ftJ 
A number  of  efficiency  or  loss  definitions  can  be  used 
to  describe  the  real  process.  Perhaps  the  most  straight- 
forward is  inlet  pressure  loss  ratio,  defined  as  Pressure 
Los®  = (P:  — Pi  Vp'i , where  the  prime  value  p':  is  the 
ideal.  Typical  values  range  from  1-3%  and  can  be  as- 
sumed constant  over  the  flight  and  power  ranges. 

3-3. 1.3.2  Compressor 

The  basic  assumption  for  the  compression  process  is 
that  it  takes  place  adiabatically  (no  heat  added  or  re- 
jected). Of  course,  some  heat  loss  to  the  environment 
does  occur.  Compressor  case  temperatures  of  1000*F 
and  higher  will  be  commonplace  with  high  ( > 13:1) 
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pressure  ratios,  and  it  is  clear  that  these  temperatures 
result  in  heat  loss  to  the  atmosphere.  However,  while 
this  heat  loss-expressed  in  Btu/hr— may  be  substan- 
tial, it  is  negligible  when  expressed  in  terms  relevant  for 
the  energy  equation  (Btu/hr)/lb  an . Similar  remarks 
concerning  external  heat  loss  are  releve  .t  for  both  the 
combustor  and  the  turbine  expansion  processes  dis- 
cussed later. 

With  this  assumption,  the  energy  relation  amplifies 
to: 


Pt  ~\Tt) 


.(£) 


, dimensionless  (3-86) 


= ~(Aj -As)  , Btu/lb 


(3-84) 


where 

W*  = shaft  work,  Btu/lb 

The  negative  sign  indicates  that  work  is  done  on  the 
system.  For  the  ideal  reversible  case,  the  pressure  ratio 
to  temperature  ratio  relationship  is: 


(A) 


, dimensionless  (3-85) 


In  the  process,  a compressor  polytropic  efficiency  rjf  is 
introduced  as 


A representative  range  of  compressor  polytropic  effi- 
ciency is  80-90%. 

3-3. 1.3.3  Combustor 
For  the  combustion  process  fv'M  =ftr  id  the  energy 
added  in  the  combustor  in  the  form  of  fuel  Q (Btu) 
equals  the  change  in  enthalpy  A A While  this  equation 
establishes  the  basic  energy  relationship,  a further  ex- 
pansion^ required  to  translate  this  into  more  signifi- 
cant terms  involving  fuel-to-air  ratio,  heating  value  of 
the  fuel,  compressor  exit  temperature,  and  turbine  inlet 
temperature.  The  combustion  process  is  a complex  one 
and  is  discussed  in  detail  in  AMCP  706-285.  The  ideal 
process  assumes  that  all  of  the  energy  released  from  the 
fuel  is  captured  in  the  air  streams  without  loss  It  also 
assumes  complete  combustion  and  hence  release  of  all 
ol  the  energy  available.  Because  neither  of  these  as- 
sumptions is  valid,  a combustion  efficiency  %is  intro- 
duced to  account  for  deviations  from  the  ideal  energy 
addition.  A representative  range  of  combustion  effi- 
ciency is  98-99%. 

In  addition,  stagnation  pressure  drop  takes  place 
during  combustion  and  has  two  components:  the  fric- 
tion pressure  drop  and  the  momentum  pressure  loss. 
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' ’~  3-3. 1.3.4  Turbine 

J This  expansion  process  also  is  assumed  adiabatic,  as 

I in  the  compressor,  resulting  in  the  energy  equation 

Wsh  —(*«“*•)“  cp(Ts  - r4)  , Btu/lb  (3-87) 


t. 


As  with  the  compressor,  a turbine  polytropic  efficiency 
tj,  is  introduced  such  that 

P±=:(P±\iht 
Ps  \Ps7 

, dimensionless  (3-88) 

3-3.7. 3. 5 Exhaust  Duct 

This  element  is  similar  to  the  inlet  in  terms  of  the 
energy  relationship.  Again  it  is  assumed  that  both  Q 
and  W,h  are  zero,  giving  an  energy  relationship  of  the 
same  form  as  for  the  induction  system  (Eq.  3-81). 

In  the  case  of  a turboshaft  engine,  the  exhaust  system 
normally  is  designed  to  diffuse  the  relatively  high  tur- 
bine exit  Mach  number  to  a low  value  in  the  it  plane. 
In  this  case,  the  ideal  and  real  processes  also  are  of  the 
same  form  as  for  the  ram  compression  process  of  the 
induction  system  (Eqs.  3-82  and  3-83). 

A turbojet  or  turbofan  engine  that  might  find  appli  - 
cation as  a turbojet  or  turbofan  tip  drive  power  plant 
would  use  an  accelerating  exhaust  nozzle  rather  than  a 
diffusing  duct. 

3-3. 1.3. 6 Other  Considerations 

The  preceding  paragraphs  developed  the  funda- 
mental descriptive  relationships  for  the  individual  com- 
ponents, as  well  as  the  overall  dependency  of  SFC  and 
SHP/W0 upon  cycle/component  characteristics.  These 
results  now  require  consideration  in  conjunction  with 
the  effects  of: 

1.  Air  leakage  from  the  engine 

2.  Turbine  cooling  air 

3.  Reynolds  number  effects 

4.  Gas  property  variations 

5.  Fuel  heating  valves. 

1 . Leakage.  The  performance  penalties  associated 
with  air  leakage  from  the  engine  are  severe.  While  every 
effor  is  made  to  minimize  leakage,  design  constraints 
never  permit  the  attainment  of  a leak-free  system.  The 
tendency  toward  higher  operating  pressures  and  tem- 
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Fig.  3-48.  Effects  of  Leakage  Upon  Specific  Fuel 
Consumption 


perature  levels  in  order  to  attain  minimum  SFC  and 
maximum  SHP/W compounds  this  difficulty  by  rais- 
ing static  force  levels  and  temperature  gradients 
throughout  the  engine. 

The  effects  of  leakage  are  shown  in  Fig.  3-48  for  a 
typical  engine  cycle.  It  can  be  seen  that  the  degradation 
in  SFC  varies  depending  upon  the  location  of  the  leak. 
Fundamentally,  the  losses  due  to  leakage  increase  as 
the  leak  point  moves  aft  in  the  compressor  (more  work 
is  done  on  the  air  and  then  lost  to  the  cycle).  As  the  leak 
point  moves  aft  from  the  combustor  exit  through  the 
turbine,  two  independent  effects  take  place.  First,  the 
fuel  that  has  been  burned  with  the  leakage  air  also  is 
lost.  Second,  as  the  leak  point  moves  aft  through  the 
turbine,  less  and  less  expansion  work  potential  is  lost 
and  the  SFC  and  SHP/Wa  degradation  decreases.  If  the 
leak  occurs  in  the  exhaust  duct,  no  important  effects 
are  apparent. 

Ar.  important  distinction  must  be  made  between 
these  effects  and  those  to  be  expected  from  an  engine 
that  suddenly  “springs  a leak”.  In  the  latter  case,  re- 
match effects  between  turbint  and  compressor  will  de- 
grade SFC  and  SHP/We  even  more  because  turbine 
geometry  optimization,  presumed  for  each  point  of  Fig. 
3-48,  no  longer  will  apply. 

2.  Cooling.  The  demand  for  better  engine  perform- 
ance, lower  SFC,  and  higher  SHP/Wa  leads  to  higher 
pressure  ratios  and  turbine  inlet  temperatures.  Because 
currently  available  materials  will  not  permit  operation 
at  temperatures  equal  to  required  gas  temperatures, 
turbine  cooling  is  used.  Cooling  air  from  the  compres- 
sor is  circulated  through  the  turbine  elements  to  main- 
tain material  temperatures  within  acceptable  limits. 
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Turbine  cooling  air  can  be  thought  of  as  a special 
form  of  leakage — where  the  leaked  air  is  lost  to  the 
cycle  temporarily,  throttled  to  a lower  pressure,  and 
then  reintroduced  into  a downstream  turbine.  The 
losses  associated  with  turbine  cooling  air  then  become 
a function  of  where  the  air  is  extracted  from  the  com- 
pressor (midpoint,  exit,  etc.)  and  where  it  is  introduced 
into  the  turbine. 

3.  Reynolds  number  effects.  The  discussion  to  this 
point  has  concentrated  upon  thermodynamic  consider- 
ations. It  should  be  recognized,  however,  that  a ther- 
modynamic approach,  while  giving  point-to-point  rela- 
tionships (compressor  work  = -A A),  usually  cannot 
address  the  details  of  how  the  process  takes  place.  In 
particular,  the  design  of  compressors,  turbines,  com- 
bustors, inlets,  and  exhaust  systems  is  largely  the  work 
of  the  engine  aerodynamicist.  It  is  this  discipline  that 
configures  the  detail  blading  and  sets  tip  speeds,  inci- 
dence angles,  and  flow  paths  to  meet  the  thermody- 
namic cycle  goals.  As  in  any  aerodynamic  device,  the 
flow  regimes  and  loss  characteristics  are  sensitive  to  the 
absolute  value  of  Reynolds  number.  The  significance 
for  an  aircraft  engine  is  that  the  operating  Reynolds 
number  in  the  engine  decreases  significantly  as  the  air- 
craft operating  altitude  increases.  Associated  with  the 
lower  Reynolds  number  at  increased  altitude  is  degra- 
dation of  compressor  efficiency  and  compressor  flow 
capacity,  and  possibly  a combustor  pressure  drop.  Al- 
though the  Reynolds  number  in  the  turbine  also  de- 
creases, efficiency  and  flow  characteristics  usually  arc 
not  affected  because  the  initial  sea  level  Reynolds  num- 
ber typically  is  very  high. 

The  subject  of  Reynolds  number  effects  has  been 
treated  extensively  in  the  technical  literature.  Defini- 
tive treatment  in  this  handbook  obviously  is  impossible. 
The  subject  is  mentioned  here  primarily  to  caution  heli- 
copter designers  that  sea  level  data  will  not  necessarily 
be  applicable  at  altitude. 

4.  Gas  properties.  As  noted  in  par.  3-3. 1.2.1,  the 
assumption  of  constant  gas  properties  leads  to  straight- 
forward and  quickly  available  analytical  results.  While 
these  give  valuable  insight  into  the  major  operating 
parameters  of  the  cycle,  they  will  not  be  sufficiently 
accurate  for  generating  engine  performance  data.  In 
particular,  the  specific  heats  vary  through  the  engine  as 
a function  of  local  gas  temperatures  and  composition. 
The  composition  changes  from  air  in  the  compressor  to 
a combination  of  products  of  combustion  and  air  at  the 
combustor  exit  and  through  the  turbine.  Modem,  high- 
speed, digital  computers  handle  these  variables  with 
ease,  usually  by  storing  the  applicable  thermodynamic 


data.  This  note  on  gas  properties  is  intended  primarily 
as  a caution  against  using  standard  air  data. 

3.  Fuel  heating  value.  The  heating  value  of  a given 
fuel  is  determined  in  calorimeter  tests  conducted  under 
“standard"  conditions;  the  reactants  (fuel  and  air)  are 
brought  to  77*F,  ignited,  and  the  products  cooled  to 
77*F.  The  heat  released  in  this  cooling  process  is  the 
heating  value  (HV).  To  use  accurately  the  HV  thus 
determined,  the  combustion  equation  must  reflect  that 
neither  the  reactants  nor  the  products  are  at  77*F  in  the 
gas  turbine  engine. 

3-3. 1.4  Partial  Power  Cycle  Analysis 

The  cruise  power  requirement  for  helicopters  nor- 
mally is  well  below  the  power  required  for  hover. 
Hence,  the  SFC  point  of  primary  interest  to  the  heli- 
copter designer  may  not  be  given  by  design  point  cycle 
results.  Fig.  3-49  shows  the  typical  variation  of  SFC 
with  SHP  as  a percentage  of  maximum  SHP  for  a gas 
turbine  engine.  The  typical  power  range  for  cruise  also 
is  indicated. 

The  degradation  in  SFC  at  partial  power  is  caused 
primarily  by  the  reduction  in  engine  pressure  ratio. 
Component  efficiency  variations  with  power  modula- 
tions are  not  a primary  influence  on  SFC  degradation, 
at  least  for  the  free  power  turbine  engine.  Careful  atten- 
tion to  detail  component  design  and  matching  actually 
can  result  in  component  efficiency  improvement  at  par- 
tial power. 

The  fundamental  characteristics  of  the  partial  power 
operating  mode  for  both  free  power  turbine  and  cou- 
pled turbine  designs  are  developed  in  the  paragraphs 
that  follow. 

For  this  analysis,  it  is  assumed  that  the  power  tur- 
bine nozzle  remains  choked  throughout  the  power 
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Fig.  3-49.  Variation  of  Specific  Fuel  Consumption 
With  Shaft  He  Te power  (Typical) 
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range,  and  that  component  efficiencies  remain  con- 
stant. Both  assumptions  are  excellent  approximations 
of  actual  engine  conditions.  Further  partial  power  pre- 
dictions based  upon  this  model  are  appropriate  to  two- 
rotor  compressor  designs.  In  this  case,  extension  of  the 
basic  reasoning  permits  accurate  prediction  of  the  in- 
dividual compressor  operating  lines. 

With  these  assumptions,  it  can  be  shown  that  partial 
power  turbine  inlet  temperature  ratio  and  engine  pres- 
sure ratio  are  related  by  Eq.  3-86.  An  alternative  ex- 
pression in  terms  of  compressor  temperature  ratio  is 


' A/A 

1 f A/A 

_(A/A)-1 

]p„  [(^/r,)-  ij0„ 

, d’less  (3-89) 


where 

Subscript 

des  = design 

par  = partial  power  or  load 
The  SFC  partial  power  operating  line  thus  can  be 
plotted  on  the  design  point  cycle  chart  once  the  design 
point  is  selected,  as  shown  in  Fig.  3-50  (baseline  data 
reproduced  from  Fig.  3-45). 

Partial  power  (as  a percentage  of  design  power)  also 
can  be  superimposed  upon  the  data  of  Fig.  3-50. 
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The  first  term  is  a function  of  T4/T2  and  T3/T2  and 
component  efficiencies,  and  therefore  can  be  calculated 


Fig.  3-50.  Variation  of  Cycle  Parameters  With 
Partial  Power  Operation  (Typical) 


for  each  point  along  the  SFCoperating  line.  As  a conse- 
quence of  the  assumption  of  a choked  power  turbine 
nozzle,  the  referred  flow  into  the  gas  generator  turbine 
remains  at  a fixed  value.  This  leads  to: 
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Hence,  each  point  along  the  operating  line  of  Fig.  3-50 
will  yield  a unique  value  of  partial  power  percent.  This 
also  is  presented  on  Fig.  3-50  when  the  percent  power 
data  are  shown  as  a family  of  lines.  The  intersection 
points  with  < TJ  T2)/[(  T}/  T2)  — 1]  = constant  give 
the  power  and  SFC  characteristic  shown  in  the  inset. 
The  technique  outlined  for  integrating  design  point 
with  partial  power/SFC  cycle  calculations  should 
prove  valuable  in  itself.  Perhaps  more  important,  how- 
ever, is  the  conclusion  that  partial  power  engine  per- 
formance at  helicopter  cruise  power  essentially  is  estab- 
lished by  the  engine  design  point  selection.  Some  fine 
tuning  of  partial  power  SFC  is  possible  through  tech- 
niques such  as  free  power  turbine  speed  selection  and 
component  efficiency  matching.  However,  there  are 
fundamental  constraints  operating  to  force  reduction  in 
the  primary  cycle  variables  (pressure  ratio  and  peak 
temperature)  and  hence  increase  in  SFC  at  partial 
power  settings. 

The  approximations  of  SFC  characteristics  will  dem- 
onstrate a distinct  advantage  for  the  free  power  turbine 
engine  over  the  coupled  type,  given  equivalent  design 
points  for  both.  While  this  trend  is  considered  valid  in 
general,  a particular  engine  design  could  show  the  ad- 
vantage to  be  negligible  after  other  engine  requirements 
are  imposed  upon  the  design  selection  process. 

3-3. 1.5  Reaction  Systems 

Drive  configurations  using  reaction  principles  are 
possible  and  have  been  built.  Two  such  reaction  sys- 
tems are: 

1 . Hot  (or  warm)  gas  system,  in  which  pressurized 
gas  is  carried  through  the  i-otor  and  exhausted  rear- 
ward at  the  rotor  tip.  The  thrust  developed  by  this 
high-velocity  exit  stream  provides  the  required  rotor 
drive  power. 

2.  Tip  drive  system,  in  which  a turbojet  or  turbo- 
fan  engine  is  mounted  at  the  rotor  tip.  The  jet  or  fan 
thrust  supplies  the  necessary  rotor  drive  power. 

The  selection  of  an  optimized  reaction  system  over 
a conventional  design  cannot  be  made  upon  the  basis 
of  the  system  thermodynamic  characteristics;  instead, 
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minion  performance  and  economics  are  the  mqjor  cri- 
teria guiding  such  decisions.  The  paragraphs  that  follow 
are  restricted  to  development  of  the  thermodynamic 
model  and  governing  equations  for  reaction  systems. 
No  attempt  is  made  to  indicate  where  such  systems 
might  prove  superior  to  conventional  designs. 


3-3. 1.5.1  Hot  Gas  Cycle 


The  hot  gas  cycle,  like  the  tip  jet,  eliminates  the  need 
for  a transmission  system.  Becau*?  conventional  trans- 
mission system  weight  represents  8-12%  of  helicopter 
grots  weight,  this  would  appear  to  be  a significant  ad- 
vantage. However,  a penalty  in  fuel  consumption  is 
incurred.  Also,  in  addition  to  mission  ftiel  weight,  other 
subsystem  weights  are  affected,  particularly  that  of  the 
rotor,  which  generally  becomes  heavier. 

With  conventional  power  transmission  systems, 
power  is  transferred  from  the  engine  to  the  rotor  at  an 
efficiency  of 95-97%.  For  the  ideal  hot  gas  system,  this 
power  transfer  efficiency  is  dependent  upon  the  kinetic 
energy  “losses”  of  the  exit  stream.  In  the  real  case, 
friction  and  heat  losses  through  the  rotor  duct  also 
must  be  considered. 


1.  Ideal  Gas  Flow.  The  helicopter  rotor  acts  as 
both  a compressor  and  a turbine.  As  the  gas  flows 
radially  outward,  it  is  compressed  in  proportion  to  the 
square  of  the  rotor  tip  speed.  When  the  gas  expands 
through  the  tip  jet  nozzle,  a propulsion  force  is  pro- 
duced that  is  proportional  to  the  exit  gas  velocity  (rela- 
tive to  the  nozzle).  Because  this  force  acts  at  a radius 
about  the  center  of  rotation,  power  is  produced  that  is 
proportional  to  the  product  of  exit  gas  velocity  and 
rotor  tip  speed.  This  drive  power  balances  the  sum  of 
compression  power  required  and  the  usual  rotor  drag 
power. 


Analogous  to  the  concept  of  propulsion  efficiency,  a 
transfer  efficiency  for  the  system  is  defined  as  the  ratio 
of  useful  work  produced  to  the  total  energy  expended. 
Here  the  kinetic  energy  “wasted”  in  the  exhaust  must 
be  accounted  for.  With  this  definition,  the  transfer  effi- 
ciency t}ir  is  given  by 


useful  work 


•tr  useful  work  J-  exit  kinetic  energy 


, dies s (3-92) 


or,  per  unit  mass 
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where 

V,  — exit  velocity,  fps 

V,  = rotor  tip  speed,  fps 

The  term  (V,  — V,)  is  the  absolute  value  of  exit 
velocity  (stationary  observer).  This  formulation  of  rj„is 
identical  to  that  of  propulsion  efficiency  for  turbojets 
and  turbofans,  where  V,  replaces  the  usual  flight 
velocity  term  K The  exit  velocity  Vt  is  dependent  upon 
the  amount  of  compression  work  done  in  the  rotor  as 
well  as  the  gas  power  produced  by  the  turbine  engine 
cycle.  A relationship  for  in  terms  of  rotor  tip  speed 
and  the  cycle  power  produced,  while  more  cumber- 
some, is  considered  appropriate  for  this  paragraph  on 
cycle  analysis.  From  the  rdationship  (per  unit  mass) 


Work  Produced  = Cycle  Work  + Compression  Work 


r? 


(3-94) 


the  transfer  efficiency  rj„.  can  be  expressed  as: 


•di“  (3-,s) 


where  V0  is  defined  on  the  basis  of  cycle  performance, 
such  that  the  kinetic  energy  or  head  that  would  be 
developed  by  the  gas  if  it  were  expanded  isentropically 
to  ambient  pressure  would  equal  F0V(2 g)  (ft-lb/lb). 


2.  Real  Gas  Flow.  In  real  gas  flow,  friction  and 
heat  transfer  losses  occur  through  the  rotor.  In  this 
case,  a loss  factor  LF  is  defined  as: 


LF  = 


{v;f-v2 


, dimensionless  (3-96) 


where 


V‘  = no-loss  exit  velocity,  fps 
Vr  = actual  exit  velocity,  fps 
With  this  definition,  the  transfer  efficiency  t j,,  becomes 
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Fig.  3-51  shows  results  for  both  the  ideal  and  real  flow 
cases. 


3-3. 1.5.2  Tip  Jet 

The  Figure  of  Merit  for  the  tip  jet,  defined  as  the 
ratio  of  useful  power  produced  to  total  energy  ex- 
pended, takes  the  familiiur  form  of  the  jet  transfer  effi- 
ciency 


T+^jv~) * dimensionless 


(3-98) 


| The  similarity  with  the  hot  gas  cycle  propulsion  effi- 

| ciency  formulation  is  apparent.  For  the  tip  jet  case, 

5 however,  further  expansion  of  this  basic  relationship  is 

| not  required  because  there  is  no  intervening  duct  be- 
■ tween  the  gas  generator  and  the  propulsion  nozzle. 

The  thermodynamic  nature  of  the  tip  jet  as  a rotor 
drive  system  is  relatively  straightforward.  However, 
unique  problems  can  arise  in  the  mechanical  design  of 
such  a system  because  of  the  steady  g-field  imposed. 
This  new  environment  demands  particular  care  in  the 
design  of  fuel  and  lubrication  systems.  The  designers  of 


RATIO  OF  PRESSURE  JET  ROTOR  TIP  SPEED 
TO  EQUIVALENT  CYCLE  VELOCITY  V,  V0 

Fig.  3-51.  Pressure  Jet  Transfer  Efficiency  as  a 
Function  of  Cycle  Losses 


bearings  and  mounts  also  must  pay  special  attention  to 
the  gyroscopic  forces  attendant  to  the  rotor  rotation. 

3-3.2  ENGINE  CHARACTERISTICS  AND 
SELECTION 

3-3.2. 1 Basic  Considerations 

The  selection  of  the  helicopter  engine  must  be  based 
upon  the  system  approach.  All  characteristics  influenc- 
ing the  performance  of  the  engine  as  installed  in  the 
aircraft  must  be  considered  and  the  influence  of  each 
characteristic  weighed  in  the  final  selection. 

Basic  trade-offs— among  performance,  development 
time,  cost,  maintainability,  durability,  and  reliability 
— are  made  during  the  development  of  an  engine,  and 
subsequently  become  important  aspects  in  engine  selec- 
tion. The  airframe  manufacturer  cannot  evaluate  per- 
formance on  the  basis  of  the  engine  alone,  as  the  end 
result  he  seeks  is  the  total  helicopter  system  perform- 
ance. Engine  configuration  (size,  weight,  and  arrange- 
ment), interface  requirements,  and  other  airframe- 
limiting  factors  must  be  considered  in  the  overall 
evaluation.  Engine  costs  and  development  time  (if  ap- 
plicable) can  be  evaluated  relative  to  program  scope; 
however,  maintainability,  reliability,  and  durability,  al- 
though important,  lack  uniform  criteria. 

Two  engine  types  are  in  use  in  helicopters:  the  recip- 
rocating, or  piston,  engine  and  the  turboshaft  engine. 
The  current  trend  is  toward  the  exclusive  use  of  the 
turboshaft  engine  because  it  is  lighter,  smaller,  and 
more  reliable  than  the  piston  engine;  however,  the  pis- 
ton engine  is  more  efficient  (lower  SFQ  at  present  and 
has  a longer  history  of  Army  usage.  Current  gas  turbine 
engines  in  the  2000-  to  3000-hp  class  produce  approxi- 
mately 4 hp/lb  of  engine  weight  at  maximum  power, 
whereas  piston  engines  produce  less  than  1 hp/lb.  This 
weight  advantage  permits  more  payload  on  the  gas 
turbine  engine-powered  helicopter.  The  smaller  relative 
size  of  the  gas  turbine  engine  reduces,  aerodynamic 
drag,  permits  more  convenient  location  on,  or  within, 
the  helicopter  and  allows  greater  payload. 

Reliability  of  an  engine  is  dependent  to  a degree  upon 
the  state  of  development  of  the  individual  engine.  The 
experience  of  the  Army  with  turbine  engine-powered 
aircraft  clearly  indicates  that  the  rotary  motion  of  the 
gas  turbine  engine  shows  a significant  inherent  im- 
provement over  the  reciprocating  motion  of  the  piston 
engine  insofar  as  reliability  is  concerned.  Gas  turbine 
engines  used  in  helicopter  applications  have  a time- 
bet  ween-overhaul  (TBO)  on  the  order  of  1200  hr 
whereas  reciprocating  engines  have  a TBO  on  the  order 
of  500  hr. 
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T.-uel  consumption  may  be  higher  for  the  gas  turbine 
engine.  The  SFC  usually  is  0.5-0. 7 lb/hr-hp,  whereas 
the  SFC  for  a comparable  piston  engine  would  be  ap- 
proximately 0.4.  However,  the  SFC  of  the  gas  turbine 
engine  is  continuing  to  decrease  as  further  development 
permits  the  use  of  higher  compressor  pressure  ratios 
and  more  efficient  components. 

Because  of  the  lower  maintenance  costs  of  the  gas 
turbine  engine  (lifetime  system  costs  of  parts  and  labor) 
and  the  lower  cost  of  turbine  fuel  compared  to  aviation 
gasoline,  the  lifetime  cost  of  the  gas  turbine  engine  is 
lower  than  that  of  the  piston  engine  (Ref.  38). 

Three  other  advantages  of  the  gas  turbine  engine 
over  the  piston  engine  are: 

1.  Improved  ability  to  start  at  low  temperatures 

2.  Ability  to  produce  full  power  immediately  (no 
v/armup) 

3.  Ability  to  bum  a wide  range  of  fuels. 

Because  of  the  advantages  of  the  gas  turbine  engine, 
from  the  overall  system  viewpoint,  and  the  trend  to- 
ward the  exclusive  use  of  that  engine  in  Army  helicop- 
ters, only  the  gas  turbine  engine  is  considered  in  the 
following  discussion. 

3-3.2. 1 . 1 Gas  Turbine  Engine 

Fig.  3-52  is  a photograph  of  a cutaway  of  a typical 
turboshaft  engine.  Beginning  at  the  left  of  the  engine 
tne  major  components  are  the  gearbox,  the  compressor 
(consisting  of  five  axial  stages  and  one  centrifugal 
stage),  and  an  annular  combustion  chamber  surround- 
ing the  four-stage  axial  turbine. 

Ref.  39  lists  the  characteristics  of  gas  turbine  and 
piston  engines  used  in  military  helicopters.  It  includes 
turboshaft  engines  with  power  levels  from  317  hp  to 
4800  hp,  but  SFC  ranges  only  from  0.48  to  0.69. 

3-3.2. 1.2  Coupled  and  Free  Power  Turbine 
Engines 

Two  basic  configurations  of  turboshaft  engines  are 
possible:  the  single-spool  type,  called  the  “coupled  en- 
gine”; or  a type  with  a separate  power  turbine,  usually 
called  the  free  power  turbine  engine  (Fig.  3-53).  In  Fig. 
3-53(A)  the  gas  turbine  engine  has  a single  spool  and 
the  excess  power  of  the  turbine  (over  that  required  to 
drive  the  compressor)  is  available  to  power  the  helicop- 
ter. In  the  engine  shown  schematically  as  Fig.  3-53(B) 
the  gas  generator  turbine  extracts  only  enough  power 
to  drive  the  compressor.  The  remainder  of  the  energy 
is  extracted  by  the  power  turbine  with  an  independent 
(free)  shaft  to  power  the  helicopter.  As  discussed  in  par. 
3-3.1,  there  is  no  difference  in  the  thermodynamics  of 
the  two  engines  and,  at  design  load,  there  is  no  differ- 
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ence  in  SFC.  However,  as  the  load  is  decreased  from  the 
design  condition,  the  SFC  of  the  single-spool  (coupled) 
engine  increases  more  rapidly  than  does  that  of  the  free 
power  turbine  design.  The  primary  advantage  of  the 
free  power  turbine  design  over  the  single-spool  or  cou- 
pled engine  is  the  increased  operational  flexibility,  be- 
cause the  gas  generator  and  the  power  turbine  can  be 
operated  at  different  speeds.  Thus,  the  gas  generator 
speed  can  be  controlled — to  tailor  the  air  weight  flow 
Wa , to  obtain  better  component  efficiencies,  and  obtain 
more  favorable  pressure  ratios  and  turbine  inlet  tem- 
peratures— independent  of  the  rotor  speed  require- 
ments. Because  of  the  improved  efficiency  of  the  free 
power  turbine  design,  most  helicopter  turboshaft  en- 
gines are  of  this  type. 

3-3.2. 1.3  Cycle  Modifications 

In  the  selection  of  design  parameters  for  a helicopter 
engine  for  a given  set  of  mission  profiles,  extensive 
studies  are  made  of  the  Brayton  cycle  (idealized  gas 
turbine  cycle).  These  studies  involve  various  combina- 
tions of  compressor  pressure  ratios  and  uirbine  inlet 
temperatures,  with  realistic  values  of  component  effi- 
ciency, pressure  loss,  and  leakage. 

Two  other  modifications  are  considered  for  special 
missions — the  use  of  regeneration  and  reheat.  Both 
techniques  are  shown  schematically  in  Fig.  3-54.  Re- 
generation involves  the  use  of  a heat  exchanger  to  ex- 
tract some  of  the  energy  (heat)  left  in  the  gases  as  they 
leave  the  turbine  and  to  transfer  this  energy  to  the  air 
leaving  the  compressor  (Fig.  3-54(A)).  The  recovery  of 
this  energy  reduces  the  amount  of  fuel  required  to  heat 
the  air  to  the  turbine  inlet  temperature,  thus  reducing 
the  SFC  and  increasing  the  efficiency. 

The  regenerator  has  a particularly  beneficial  effect 
upon  the  efficiency  at  partial  power.  In  fact,  gas  turbine 
engines  with  regenerators  have  been  fabricated  that 
gave  improved  efficiencies  over  diesel  engines.  The 
disadvantages  of  the  regenerator  are  its  size,  weight, 
and  cost.  Unless  the  flight  range  of  the  helicopter  is 
long,  it  usually  is  not  possible  to  justify  a regenerator 
by  the  weight  of  fuel  saved.  Consequently,  it  would 
appear  that  only  for  special  missions  will  regenerators 
be  employed  in  helicopter  engines. 

The  reheat  cycle  shown  in  Fig.  3-54{B)  incorporates 
a combustion  chamber  between  two  turbines.  Because 
the  primary  combustor  operates  with  a lean  fuel/air 
ratio,  sufficient  oxygen  is  available  to  react  with  addi- 
tional fuel.  Reheat  increases  the  work  output  of  the 
power  turbine  because  the  turbine  output  is  propor- 
tional directly  to  the  inlet  temperature.  For  a typical 
case  of  an  engine  with  a pressure  ratio  of  8.1  and  a 
turbine  inlet  temperature  of  1600*F,  a reheat  combus- 
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Pig.  3-52.  Cutaway  of  a Typical  Turboshaft  Engine  (T53L-13) 


tor  would  increase  the  output  of  the  engine  from  88.5 
Btu/lb-of-air  to  1 14  Btu/lb-of-air,  or  29%.  The  energy 
is  added  at  a lower  pressure  so  that,  thermodynami- 
cally, the  efficiency  of  the  reheat  cycle — compared  to 
the  basic  cycle — must  decrease. 

Reheat  combustors  can  be  made  reasonably  small 
and  lightweight;  it  is  primarily  the  complexity  of  the 
control  that  makes  reheat  undesirable.  If  power  turbine 
cooling  is  required  as  a result  of  reheat,  further  com- 
plications are  encountered  because  the  power  turbine 
normally  would  not  require  cooling.  However,  for  spe- 
cial applications,  the  reheat  cycle  could  show  system 
advantages. 

3-3.2.2  Selection  of  Design  Point  Cycle 
Parameters 

From  an  examination  of  Figs.  3-44  through  3-47 
which  are  presented  for  the  simple  Brayton  cycle  (no 
regeneration  or  reheat),  it  is  obvious  that  high  compres- 
sor pressure  ratios  and  Tt's  are  required  for  high  spe- 
cific output  and  low  SFC.  Assuming  constant  specific 
heats  ( cp  --  0.24,  c,  = 0.17),  no  pressure  drop,  and  no 
change  in  mass  flow  (perfect  gas,  isentropic  process). 


the  output  and  thermal  efficiency  of  a basic  cycle  turbo- 
shaft engine  can  be  written  in  terms  of  the  pressure  and 
temperature  ratios,  specific  heats,  and  component  ef- 
ficiencies. 

To  obtain  the  optimum  design  pressure  ratio  for  a 
given  value  of  T,  for  the  cycle  (with  the  simplifying 
assumptions),  these  equations  may  be  differentiated 
and  set  equal  to  zero.  It  is  assumed  that  the  component 
efficiencies  are  not  functions  of  pressure  ratio.  (As  pres- 
sure ratio  is  increased  in  actual  engines,  however,  the 
component  efficiencies  do  decrease.)  For  maximum 
output 


where 

Tj  - turbine  inlet  temperature  - 
2540'F  (3000°R) 
tj,.  •---  compressor  polytropic 
efficiency  - 0.83 
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tj,  = turbine  polytropic  efficiency  = 
0.87 

the  optimum  compressor  pressure  ratio  py/p^  is  shown 
to  be 


^83(0.87) 


1 .41 


a(i.4t-i) 


■ 11.7 


(3-100) 


For  maximum  thermal  efficiency  (minimum  SFC)  a 
more  complex  relationship  results  (Ref.  40).  Evaluation 
of  the  expression  for  the  same  7^  and  component  effici- 
encies results  in  a value  of  py/py  = 29.8. 

Because  of  the  simplifying  assumptions  introduced 
in  deriving  the  equations,  the  results  obtainod  are  only 
approximate.  The  equations  are  useful,  however,  and 
are  sufficiently  correct  for  obtaining  general  perform- 
ance characteristics  of  the  engine;  i.e.,  while  the  op- 


timum pressure  ratio  in  the  actual  engine  is  not  1 1 .7  for 
maximum  output  and  the  optimum  pressure  ratio  for 
maximum  thermal  efficiency  is  not  29.8,  the  ratios  are 
of  the  order  of  12  and  30,  respectively.  These  values 
indicate  the  importance  of  a high  value  for  pressure 
ratio;  they  also  indicate  that  an  engine  does  not  give 
both  the  highest  specific  output  and  the  least  SFC&t  the 
tame  pressure  ratio.  It  should  be  noted  that  the  curves 
of  Fig.  3-46  (specific  power  versus  pressure  ratio)  are 
relatively  flat  and  that  there  is  little,  if  any,  loss  in 
specific  power  as  the  cycle  pressure  ratio  is  increased 
beyond  about  12. 

In  the  previous  example  the  Tt  was  selected  as 
2540T.  Much  engineering  effort  must  be  devoted  to  the 
selection  of  the  7^  for  a given  engine.  All  values  of 
T4  above  approximately  1800T  require  the  use  of  air 
bled  from  the  compressor  for  cooling  of  the  turbine  at 
least  in  its  early  stages.  This  is  accomplished  by  bleed- 
ing air  early  in  the  compression  cycle  and  passing  it 
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Fig.  3-53.  Helicopter  Turboshaft  Engines 
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Fig.  3-54.  Modifications  to  the  Basic  Gas  Turbine  Engine  Cycle 


through  the  turbine  blades,  from  which  it  exits  down- 
stream into  the  turbine  gas  flow. 

An  estimate  of  cooling  air  requirements  for  blade 
cooling  is  given  in  Fig.  3-55.  It  should  be  noted  that  as 
the  air  is  bled  from  the  compressor  for  turbine  cooling, 
it  is  lost  for  turbine  work  (at  least  for  the  cooled  stages) 
and  consequently  there  is  a significant  loss  in  engine 


output  Therefore,  careful  studies  must  be  made  to  se- 
lect the  proper  balance  between  the  increase  in  work 
associated  with  increased  Tt  and  the  loss  in  work  asso- 
ciated with  the  atr  bled  for  cooling. 

Developmental  engines  have  been  operated  at  3000*F 
with  cooled  blades,  but  the  Tt  of  existing  engines  is  well 
below  this  value — in  the  range  of  1900-2250T.  Turbine 
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inlet  temperatures  and  pressure  ratios  are  expected  to 
continue  to  increase  in  the  future. 

Currently,  turbine  engine  compressors  can  be  built 
with  pressure  ratios  of  about  25  with  good  efficiency. 
Compressors  with  pressure  ratios  greater  than  approxi- 
mately 12  must  have  variable  stators  and/or  two  or 
more  rotors  operating  at  different  speeds  to  obtain  good 
operating  characteristics.  This  complication,  combined 
with  the  extremely  short  blades  associated  with  the 
small  airflows  through  the  current  sizes  of  helicopter 
; engines,  tends  to  keep  the  pressure  ratios  of  helicopter 

engines  less  than  15.  Several  of  the  current  designs  of 
helicopter  engines  have  compressors  using  several  axial 
stages  with  a final  centrifugal  stage  to  assist  in  over- 
t coming  the  problems  associated  with  the  operation  of 

| the  shortest  blades  at  the  discharge  end  of  the  compres- 

[■-'  sor. 

Ref.  39  shows  that  current  military  helicopter  en- 
gines have  compressor  pressure  ratios  of  about  6 to  8, 
with  a maximum  value  of  14.  Researchers  are  looking 
into  means  of  increasing  the  pressure  ratio  of  the  com- 
pressor by  increasing  the  pressure  ratio  per  stage  of 
both  axial  and  centrifugal  compressors  while  maintain- 
ing good  efficiency.  Success  in  this  research  would 
; mean  that  small,  lightweight,  efficient,  high-pressure- 

ratio  compressors  could  be  built.  As  the  size  of  the 
engine  increases,  so  does  the  ease  of  increasing  the 
pressure  ratio.  Thus,  for  all  engines,  but  especially  the 
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large  models,  the  compressor  pressure  ratio  is  expected 
to  increase  in  the  future,  leading  to  attendant  increases 
in  specific  power  and  efficiency. 

It  should  be  note*.',  that  the  shaft  output  of  an  engine 
can  be  increased  by  increasing  the  weight  flow  of  air 
Wt  through  the  engine,  because  the  output  is  propor- 
tional directly  to  W0.  The  SFC  of  the  engine  is  not 
significantly  changed  by  changing  the  airflow  rate. 

As  stated  earlier,  the  choice  of  the  desired  engine 
parameters  and  then  an  engine  for  a given  helicopter, 
must  be  based  upon  the  system  approach.  Apparent 
basic  design  improvements  are  often  offset  by  disadvan- 
tages. Examples  are: 

1.  As  compressor  pressure  ratios  are  increased, 
overall  compressor  efficiency  decreases  and  the  com- 
pressor becomes  heavier;  furthermore,  the  number  of 
gas  producer  (compressor  power)  turbine  stages  in- 
creases, or  each  stage  becomes  more  heavily  loaded, 
with  a decrease  in  efficiency. 

2.  As  Tt  is  raised,  either  more  exotic  turbine  mate- 
rials must  be  used  or  cooling  air  must  be  bled  from  the 
compressor  and  ducted  to  the  turbine,  with  the  result- 
ing complications  and  losses  associated  with  that  pro- 
cess. 

Therefore,  the  advantages  of  a higher  compressor  pres- 
sure ratio  or  a higher  Tt  must  be  balanced  against  the 
design,  development,  and  production  problems.  Re- 
quired power  can  also  be  achieved  by  increasing  engine 
size  so  as  to  increase  the  airflow  through  the  engine. 
Increases  in  overall  efficiency  will  only  be  attained  by 
improvements  in  compressor  and/or  turbine  detail  de- 
sign and/or  component  efficiency. 

3-3.2. 2.1  Partial  Power  Operation 

After  a preliminary  choice  has  been  made  for  the 
design  values  of  compressor  pressure  ratio  p3/Pi  and 
T„  the  operation  of  the  engine  must  be  investigated. 
Because  the  major  portion  of  the  operating  life  of  a 
helicopter  engine  is  at  less  than  full  power,  considerable 
effort  must  be  directed  toward  selecting  the  partial 
power  design  point  parameter  such  that  output  and 
efficiency  will  not  degrade  excessively  as  the  value  of 
r4  and  engine  gas  producer  speed  decrease  as  the  power 
is  reduced.  If  such  factors  as  weight,  size,  and  compo- 
nent efficiency  could  be  held  constant,  it  would  be 
desirable  to  select  a pressure  ratio  greater  than  the 
optimum  for  the  maximum  power  condition. 

3-3.2.2.2  Analytical  Design 

The  gas  turbine  engine  manufacturers  have  devel- 
oped computer  programs  that  design  the  components 
of  an  engine  for  selected  values  of  airflow,  pressure 
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ratio,  turbine  inlet  temperature,  etc.  These  programs 
are  combinations  of  theory  and  experience  since  it  is 
not  possible  to  handle  many  of  the  flow  and  structural 
mechanics  problems  theoretically.  In  the  analysis  of  the 
compressor,  for  example,  a typical  program  would  pro- 
duce as  an  output  such  elements  as  the  number  of 
stages,  the  rotational  speed,  the  blade  shapes,  blade 
spacings  (solidity),  compressor  weight,  and  compressor 
efficiency;  allowance  would  be  made  for  boundary  lay- 
ers on  the  blade  and  casing  surfaces,  and  radial  equilib- 
rium would  be  treated.  A program  might  be  written  for 
the  design  point  and  a separate  program  for  partial 
power  operation,  or  the  programs  might  be  combined 
to  produce,  as  outputs,  the  basic  hardware  design  and 
the  compressor  operating  parameters  for  the  complete 
range  of  operating  conditions.  It  is  possible  to  design 
the  program  so  as  to  display  the  operating  parameters 
as  they  are  being  calculated  so  that  input  variables  may 
be  changed  and  recalculations  made  and  displayed. 

After  computer  designs  of  all  components  are  pre- 
pared, they  are  integrated  into  a complete  engine  pro- 
gram and  the  overall  engine  performance  is  calculated. 
Most  of  the  secondary  effects — variation  of  component 
efficiency  with  flow  rate  and  speed — are  included  in 
these  computer  programs  so  that  they  are  much  more 
accurate  than  the  simplified  analyses  discussed  earlier. 

Obviously,  these  computer  programs  are  extremely 
valuable  in  reducing  design  time  and  costs  and  in  se- 
lecting a most  likely  combination  of  components  from 
the  infinite  combinations  possible.  Unfortunately,  there 
are  limitations  in  these  programs  because  of  the  com- 
plexity of  factors  such  as  fluid  mechanics  and  struc- 
tural mechanics  in  gas  turbine  design.  Some  of  the 
incompletely  understood  problems  are  boundary  layer 
separation,  three-dimensional  flow  around  compressor 
blades,  transonic  flow,  mixing,  mixing  in  the  presence 
of  combustion,  combustion,  blade  vibration  character- 
istics for  complex  shapes,  and  blade  vibration  charac- 
teristics in  the  presence  of  a high  velocity  gas  flow. 
Thus,  the  components  and  engines  still  require  consid- 
erable development  after  the  hardware  has  been  fab- 
ricated. 

3-3.2.3  Control  System 

The  control  system  of  a helicopter  engine  enables  the 
engine  to  operate  in  the  many  modes  required.  Ideally, 
the  system  controls  the  engine  so  that  either  minimum 
SFC  or  maximum  acceleration  is  achieved,  depending 
upon  the  requirements  of  the  pilot.  The  general  control 
requirements  for  the  helicopter  engine  are  (Ref.  41): 

1 .  The  engine  must  start  throughout  a wide  range 


of  environmental  conditions.  The  range  of  conditions 
may  be  specified  as  unassisted  or  assisted  starts. 

2.  The  control  system  must  provide  transient  oper- 
ation (more  or  less  power)  with  a minimum  response 
time  while  avoiding  stall,  overtemperature,  and  burner 
blowout. 

3.  The  engine  must  accelerate  or  decelerate 
smoothly  to  new  power  levels  and  must  operate  stably 
at  a selected  operating  point. 

4.  The  control  system  must  keep  the  engine  oper- 
ating at  or  below  the  maximum  turbine  inlet  tempera- 
ture, the  maximum  rotative  speed,  and  the  maximum 
output  power. 

Table  3- 1 lists  the  definable  regimes  of  operation,  the 
effects  of  the  independent  variables  upon  performance, 
and  the  possible  control  parameters. 

3-3.2.3.1  Simple  Control  System 

The  simpler  and,  in  general,  smaller  helicopter  en- 
gines incorporate  a simple  control  system.  A schematic 
of  a typical  control  system  for  a free  turbine  engine  is 
presented  as  Fig.  3-56.  In  this  control  scheme  only  five 
variables  are  sensed:  compressor  discharge  pressure 
Pi,  gas  producer  speed  A,,  power  turbine  speed  A’,, 
throttle  position,  and  fuel  pump  discharge  pressure 
pf.  The  system  shown  is  a pneumatic-mechanical  sys- 
tem where  the  pneumatic  air  is  supplied  by  the  com- 
pressor. The  rotor  speeds  are  sensed  mechanically  by 
two  flyweight  governors  driven  through  gears  at  speeds 
proportional  to  A,  and  Ap,  respectively. 

Basically,  fuel  flow  is  a function  of  />,  with  modula- 
tions obtained  by  opening  bleed  valves  through  the 
action  of  the  governors  sensing  A,  and  A ’r  The  fuel 
control  system  is  based  upon  controlling  the  engine 
power  output  by  sensing  A,.  With  the  throttle  in 
ground  idle,  Af  is  controlled  by  the  A , regulator.  With 
the  throttle  fully  open,  Np  will  be  held  constant  at 
100%  of  maximum  and  Nt  is  established  by  power 
turbine  governor  action  upon  the  gas  producer  fuel 
control.  The  control  system  is  designed  for  a reduced 
fuel  flow  during  the  initial  starting  cycle.  A,  must  be 
15%  of  maximum  for  fuel  flow  to  begin.  As  />,  in- 
creases, a bellows  acts  to  increase  the  fuel  flow  in  ac- 
cordance with  an  acceleration  schedule;  this  continues 
until  at  52%  of  maximum  A,  the  flyweight  governor 
acts  to  reduce  the  flow,  stabilizing  to  an  equilibrium  of 
62.6%  of  maximum  Nt  with  the  throttle  in  ground  idle. 
At  this  condition,  A,  will  be  less  than  100%.  When  the 
throttle  is  moved  to  full  open  with  minimum  collective 
pitch,  the  fuel  flow  will  be  increased  to  the  acceleration 
schedule  and  Af  and  Np  will  increase.  Np  will  increase 
until  it  reaches  100%,  at  which  time  the  power  turbine 
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governor  will  act  to  hold  the  fuel  flow  constant.  At  this 
condition  Nt  will  be  between  78%  and  82%.  If  the 
throttle  is  open  flilly  and  the  collective  pitch  is  in- 
creased, Np  will  droop.  The  decrease  in  flyweight  force 
in  the  power  turbine  governor  changes  the  bleed  valve 
position  so  as  to  cause  the  fuel  flow  to  increase  to 
restore  Np  to  100%.  The  increase  in  fuel  flow  causes 
Nt  and  the  Tt  to  increase,  which  increases  the  energy 
flow  to  the  power  turbine,  restoring  Np  to  100%.  As 
power  demand  increases,  the  fuel  flow  continues  to 
increase  until  Nt  reaches  a maximum  of  100%;  with 
Np  at  100%,  this  is  the  maximum  output  of  the  engine. 

Obviously,  this  discussion  is  simplified.  There  are 
compensatory  devices  such  as  an  overspeed  device  that 
shuts  off  fuel  flow  at  an  Np  of  1 12%.  an  overtempera- 
ture device,  and  a throttle  setting  so  that  the  pilot  can 
operate  the  engine  with  Nf  at  other  than  100%. 

3-3.2.3.2  Variable-geometry  Control  System 

There  are  three  variables  that  a more  complicated 
engine  control  system  must  control  directly:  fuel  flow, 
variable  vanes  in  the  compressor,  and  variable  vanes  in 
the  turbine. 

Fuel  flow  is  regulated  to  provide  power  changes,  to 
control  the  gas  generator  speed,  to  limit  the  power 
turbine  speed,  to  limit  the  output  power,  to  prevent 
overtemperature  during  transient  operation,  to  avoid 
compressor  stall,  and  to  prevent  burner  blowout. 


The  variable  compressor  vanes  are  positioned  to  pro- 
vide good  compressor  efficiency  and  compressor  stall 
margin  throughout  the  power  operating  range. 

The  variable  turbine  vanes  are  controlled  to  maintain 
rated  gas  generator  turbine  inlet  gas  temperature  Tt 
over  most  of  the  output  power  range.  Special  engine 
shutdown  features  must  be  provided  for  engine  protec- 
tion. 

In  a typical  operating  mode  for  a helicopter  engine 
incorporating  variable  compressor  and  turbine  vanes, 
the  engine  is  started  automatically  and  Tt  increases  as 
the  throttle  is  advanced  from  idle.  The  maximum  value 
of  Tt  is  reached  early  in  throttle  travel.  After  reaching 
the  maximum  value,  the  temperature  is  held  constant 
by  varying  the  geometry.  Increasing  fuel  flow  increases 
the  gas  gener.  Lor  speed  while  holding  maximum  Tt 
minimizes  fuel  consumption.  Power  modulation  is 
achieved  by  gas  generator  speed  governing  with  fuel 
flow.  The  speed  setting  of  the  gas  generator  governor 
is  a function  primarily  of  throttle  position  and  com- 
pressor inlet  air  temperature. 

The  compressor  variable  vanes  are  scheduled  as  a 
function  of  gas  generator  speed  and  compressor  inlet 
air  temperature.  The  schedule  is  set  to  maintain  good 
compressor  efficiency  and  stall  margin  during  both 
steady-state  and  transient  operation. 

The  turbine  variable  vane  schedule  is  a function  of 
throttle  position.  Because  throttle  position  leads  gas 


TABLE  3-1 

CONTROL  PARAMETERS 


(A)  DEFINABLE  REGIVES  OF  OPERATION: 
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THROTTLE 

POSITION 


THROTTLE 

POSITION 


TO  GOVERNOR  LINKAGE 


GAS  GENERATOR 
GOVERNOR 


POWER 

TURBINE 

GOVERNOR 


TO  FLYWEIGHTS 


Np  Nfl  » GAS  GENERATOR  SPEED 

TO  FLYWEIGHTS  NP  = P°"ER  TURB,NE 

p3  - COMPRESSOR  DISCHARGE  PRESSURE 

Pv  = GOVERNOR  SERVO  PRESSURE 

p,  » ACCELERATION  BELLOWS  PRESSURE 

PtM,»  AMBIENT  PRESSURE 

B = BLEED  ORIFICE 

V = VALVE 

R = REGULATOR 

Fig.  3-56.  Schematic  Diagram  of  a Simple  Gas  Turbine  Engine  Control  (Ref.  42) 


generator  speed  on  transients,  the  vanes  are  positioned 
to  aid  in  providing  minimum  transient  response  time. 

A safety  feature  usually  designed  into  the  control 
system  provides  automatic  shutdown  of  the  fuel  valve 
in  the  event  of  gas  generator  or  power  turbine  over- 
speed or  excessive  turbine  temperature. 

3-3.3  ROTOR  AND  PROPELLER  ANALYSIS 
3-3.3. 1 Rotor  Configurations 

3-3.3. 1.1  Rotor  Types 

The  primary  disting  Ashing  features  of  rotary-wing 
aircraft  are  the  rotor  system  and  the  drive  system  asso- 
ciated with  the  configuration.  In  shaft-driven  systems, 
the  transmissions  use  gear  and  bearing  design  tech- 
niques that  are  quite  similar  to  those  used  in  other 
fields,  although  the  degree  of  refinement  in  design  has 
been  carried  to  a very  advanced  state.  The  rotors  used 
in  helicopters,  however,  find  almost  no  counterpart 
elsewhere  and  are  unique  in  their  operating  conditions. 
Many  distinct  types  of  rotors  have  been  used  success- 
fully, and  to  see  why  these  have  found  application,  it 
is  necessary  to  outline  the  range  of  operating  conditions 


for  which  a rotor  must  be  designed.  The  rotor  must 
provide  sufficient  thrust  and  hence  lift  for  sea  level 
hovering  and  an  additional  margin  of  thrust  for  vertical 
climb  and  for  hovering  at  higher  altitudes.  In  forward 
flight  the  rotor  provides  the  propulsive  thrust  as  well 
as  the  lift  to  sustain  the  aircraft.  The  rotor  also  provides 
the  required  aircraft  control  forces  for  roll  and  pitch, 
as  well  as  acceleration  fore,  aft,  laterally,  and  vertically. 

As  the  rotor  moves  through  the  air  in  forward  flight, 
it  experiences  changes  in  airflow  that  give  rise  to  peri- 
odic fluctuations  of  aerodynamic  forces.  Fig.  3-57  de- 
picts the  rotor  motion  in  forward  flight.  At  position  A 
a blade  element  is  advancing  into  the  helicopter  airflow 
and  its  velocity  relative  to  the  air  is  (fir  + V).  At 
position  C the  blade  element  is  retreating  from  the 
helicopter  airflow  and  its  velocity  relative  to  the  air  is 
(fir  — V).  At  Points  B and  D the  velocity  is  flrnormal 
to  the  blade  radial  axis  but  has  a radial  flow  velocity 
varying,  from  + V to  — V Thus,  the  rotor  blade  ele- 
ments experience  a gross  fluctuation  in  velocity  normal 
to  the  radial  axis  of  ± V during  every  revolution.  In 
addition,  the  blade  experiences  varying  inflow/outflow 
velocities  during  each  revolution.  Corresponding  to 
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VELOCITY  OF 
ROTOR 
FORWARD 


Fig.  3-57.  Plan  View  of  Rotor  in  Flight 


this  total  velocity  variation,  the  blades  experience  vary- 
ing lift  and  drag  forces  during  every  revolution. 

To  accommodate  the  wide  range  of  requirements, 
rotor  systems  have  evolved  into  a few  fundamental 
types,  namely: 

1.  Fully  articulated  rotors,  in  which  the  blades  are 
attached  to  the  hub  by  means  of  hinges  that  allow  the 
blades  to  move  freely  up  and  down  (flap)  in  a vertical 
plane  about  the  horizontal  hinge,  and  by  hinges  that 
allow  the  blades  to  rock  back  and  forth  in  the  plane  of 
rotation  (lead-lag  motion)  about  a vertical  hinge.  In 
effect,  the  blades  are  mounted  to  the  hub  structure 
upon  universal  joints. 

2.  Semirigid  or  floating-hub  rotors,  in  which  the 
blades  are  connected  rigidly  to  each  other  through  a 
hub  structure  and  the  rotor  is  allowed  to  tilt  or  rock 
with  respect  to  the  rotor  drive  shaft.  When  a two- 
bladed  rotor  is  mounted  in  this  fashion,  it  usually  has 
a single  teetering  hinge  and  the  blade  motion  resembles 
that  of  a child’s  teeter-totter. 

3.  Fully  rigid  or  hingeless  rotors,  in  which  the 
blades  are  connected  rigidly  to  the  hub  structure  and 
the  hub  in  turn  is  connected  rigidly  to  the  rotor  mast. 
No  flapping  or  lag  hinges  are  used  in  these  rotors. 

4.  Flex-hinge  or  strap-hinge  rotors,  in  which  a de- 
gree of  rigidity  for  the  blade  connection  is  achieved  that 
lies  between  that  of  a freely  hinged  blade  and  the  high 
value  of  stiffness  found  with  rigid  connections. 

In  all  of  these  rotor  systems  some  type  of  blade  pitch 
change  hinge  is  incorporated.  Such  hinges  allow  the 
blades  to  pivot  about  an  axis  that  runs  parallel  to  the 
blade  span.  The  pitch  change  hinge  often  is  referred  to 
as  the  blade-feathering  hinge  and  is  usually  located  so 
as  to  pass  near  the  quarter  chord  of  the  blade. 

The  numbers  of  blades  that  have  been  used  on  rotors 
include  as  few  us  one  counterwcighted  blade  and  as 
many  as  eight  blades.  One-bladed  configurations  tend 
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to  have  somewhat  higher  vibration  levels,  while  the 
multibladed  configurations  tend  to  have  reduced  vibra- 
tion levels,  provided  the  blades  are  all  in  balance.  The 
most  common  number  of  blades  lies  in  the  range  of  two 
to  five,  and  two  blades  usually  are  used  for  simplicity. 
The  trend  in  larger  modem  helicopters  seems  to  be 
moving  toward  increased  numbers  of  blades. 

3-3.3. 1.2  Rotor  Hub  Geometry 

To  illustrate  better  the  actual  configurations  of  rotor 
hubs,  some  typical  hub  geometries  are  considered  in  the 
paragraphs  that  follow. 

There  are  two  general  types  of  fully  articulated  ro- 
tors. In  one  the  flapping  and  lag  hinges  are  separated, 
and  in  the  other  these  hinge  axes  intersect.  The  first 
type  is  shown  schematically  in  Fig.  3-58.  In  this  rotor 
design,  the  flapping  hinge  passes  through  the  center  of 
rotation.  In  Fig.  3-59  a similar  hub  arrangement  is 
shown  except  that  the  flapping  hinge  is  located  out- 
board of  the  center  of  rotation.  Such  a configuration  is 
known  as  an  offset  hinge  hub.  Fig.  3-60  is  a photograph 
of  an  early  hub  of  the  type  shown  in  Fig.  3-58.  The 
second  category  of  fully  articulated  rotors,  those  with 
coincident  flap  and  lag  hinges,  is  shown  schematically 
in  Fig.  3-61.  This  hub  is  also  of  the  offset  type.  A 
photograph  of  a typical  hub  of  this  type  is  shown  in  Fig. 
3-62. 

The  two-bladed  semirigid  (teetering  hinge)  rotor 
configuration  is  popular  for  smaller  rotors.  The  sim- 
plest form  is  shown  schematically  in  Fig.  3-b3.  A 
photograph  of  the  same  configuration  is  shown  in 
Fig.  3-64. 

A good  example  of  the  floating  hub  is  that  used  by 
Doman  (Fig.  3-65).  The  rotor  unit  itself  is  rigid  or 
hingeless  except  for  the  necessary  feathering  or  pitch 
change  bearings.  The  entire  rotor  assembly  is  mounted 
to  the  vertical  mast  by  means  of  a universal  joint,  and 
the  power  to  the  rotor  is  passed  from  the  drive  shaft 
through  the  joint. 

Fig.  3-66  illustrates  a hmgeless  rotor  as  exemplified 
by  the  rotor  on  the  Bolkow  BO  105  helicopter,  which 
incorporates  feathering  hinges  for  blade  pitch  change. 

3-3. 3.1. 3 Rotor  Control  Systems 

Control  of  the  helicopter  is  achieved  primarily 
through  the  control  of  the  rotor  system.  Although  the 
helicopter,  in  principle,  can  move  in  three  mutually 
perpendicular  directions  and  can  rotate  about  three 
axes,  in  practice  some  of  the  controls  are  normally 
coupled  together  so  that  four  independent  pilot  con- 
trols are  provided.  These  are: 
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Fig.  3-58.  Fully  Articulated  Rotor  With  Central  Flapping  Hinge 
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Fig.  3-59.  Fully  Articulated  Rotor  With  Offset  Flapping  Hinge 


1.  Vertical  control.  This  control  allows  the  vertical 
position  of  the  aircraft  to  be  selected  at  will.  The  usual 
technique  used  is  to  change  the  thrust  of  the  rotor  by 
changing  the  pitch  (angle  of  attack)  of  the  rotor  blades. 
An  increase  in  pitch  leads  to  an  increase  in  thrust  if 
constant  rotor  speed  is  maintained.  Some  designs  have 
tried  to  keep  the  blade  pitch  fixed  and  to  vary  the  thrust 
by  varying  engine  speed,  but  none  of  these  designs  have 
advanced  to  full  production  because  of  the  limited  re- 
sponse available  with  fixed  pitch  systems. 

2.  Yaw  or  directional  control.  This  control  allows 
the  pilot  to  select  a prescribed  heading  by  providing  for 
rotation  of  the  aircraft  about  a vertical  axis  that  is  fixed 
relative  to  the  aircraft.  The  most  common  schemes  for 
obtaining  yaw  control  are  use  of  a tail  rotor  in  single- 
main-rotor  machines,  the  differential  tilting  of  rotors  in 
helicopters  with  tandem  or  laterally  disposed  rotors. 


and  use  of  differential  torque  in  helicopters  with  coaxial 
rotors.  In  forward  flight  aerodynamic  surfaces  also  can 
be  used,  but  in  low-speed  flight  they  are  ineffective. 

3.  Longitudinal  control.  In  this  control,  pitching 
and  fore  and  aft  translation  are  coupled  together.  The 
rotor  produces  both  a horizontal  force  component  and 
a moment  tending  to  pitch  the  fuselage.  As  the  aircraft 
tilts  in  the  desired  direction,  the  rotor  tilts  in  that  direc- 
tion also,  and  an  additional  force  is  exerted  in  the 
desired  direction.  In  a helicopter  having  a single  rotor, 
the  control  forces  and  moments  are  generated  by  that 
rotor.  In  a tandem  configuration  the  large  displacement 
between  rotors  allows  the  use  of  both  differential  thrust 
and  individual  rotor  tilt  to  achieve  pitching  of  the  air- 
craft for  control. 

4.  Lateral  control.  This  control  allows  the  pilot  to 
move  the  aircraft  horizontally  in  a direction  perpen- 
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Fig.  3-60,  Photograph  of  Fully  Articulated  Rotor  With  Separated  Hinges 
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Fig.  3-62.  Photograph  of  Fully  Articulated  Rotor  With  Coincident  Hinges 
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Fig.  3-63.  Schematic  of  Two-bladed  Semirigid  Rotor 


dicular  to  the  fore  and  aft  motion.  It  is  similar  to  the 
longitudinal  control  in  that  rolling  action  and  lateral 
translation  are  coupled  together  to  achieve  the  desired 
aircraft  response.  The  techniques  used  to  achieve  lat- 
eral control  are  the  same  as  discussed  for  longitudinal 


control  except  that  the  laterally  disposed  configuration 
is  analogous  in  this  case  to  the  tandem  longitudinal 
control. 

Lateral  and  longitudinal  control  through  the  rotor 
usually  are  achieved  by  producing  moments  about  the 
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rotor  hub,  by  tilting  the  rotor  thrust  vector,  or  by  a 
combination  of  the  two.  If  the  rotor  of  a helicopter  is 
tilted  at  an  angle  with  respect  to  the  fuselage,  a change 
in  the  resultant  thrust  vector  results  and  forces  and 


moments  are  exerted  upon  the  fuselage.  The  action  of 
this  type  of  control  is  illustrated  in  Fig.  3-67.  If  the 
rotor  tilts,  a horizontal  force  component  H exists  that 
can  accelerate  the  aircraft,  %nd  a moment  is  created 


Fig.  3-64.  Photograph  of  Two-bladed  Semirigid  Rotor 
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about  the  aircraft  CG  that  can  cause  the  fuselage  to  tilt 
in  response  to  the  rotor  tilt. 

Two  general  means  exist  for  obtaining  the  necessary 
effective  rotor  tilt.  If  the  rotor  is  of  the  semirigid  or 
floating  hub  type,  it  is  possible  actually  to  tilt  the  hub 
body  in  the  direction  desired.  Aerodynamic  forces  will 
cause  the  blades  to  follow  the  hub  and  the  tip  path 
plane  will  tend  to  line  up  parallel  to  the  hub.  This  type 
of  control  is  called  direct  control  and  has  found  use 
only  in  small  autogyros  and  jet-driven  rotors  in  special 
cases. 


H 


Fig.  3-67.  TUt  of  Rotor  Thrust  Vector 


The  me*  common  technique  is  to  vary  the  pitch  or 
angle  of  attack  of  each  blade  cyclically  once  per  revolu- 
tion. This  varying  pitch  technique  is  called  cyclic  pitch 
control.  As  the  pitch  is  increased  periodically  in  a given 
azimuth  region,  increased  lift  forces  are  generated  that 
cause  moments  to  be  exerted  upon  the  blades.  If  the 
blades  are  articulated,  they  flap  in  response  to  these 
moments.  Because  the  resultant  flapping  occurs  once 
per  revolution,  an  effective  tilting  of  the  whole  rotor  tip 
path  plane  occurs  and  the  resultant  thrust  vector  tilts 
in  response.  If  the  rotor  is  rigid,  the  lift  moments  on  the 
blades  resulting  from  cyclic  pitch  cause  a precession  of 
the  rotor  to  a new  tilted  position.  Because  the  rotor  is 
connected  rigidly  to  the  transmission  and  fuselage,  the 
p recessional  actions  must  carry  the  fuselage  as  well  as 
the  rotor  to  the  new  position.  It  should  be  noted  that 
in  almost  all  modem  rotors,  blade  pitch  can  be  con- 
trolled directly  by  the  pilot. 

3-3.3. 1.4  Elements  of  Rotor  Motion 

From  an  aerodynamic  and  dynamic  standpoint,  the 
ideal  rotor  is  a rigid  one  with  an  infinitely  stiff  struc- 
ture. In  such  a system  the  applied  air  loads  and  dy- 
namic loads  cause  no  deflections  of  the  system  and  the 
problems  of  dynamic  response  disappear.  However,  as 
has  been  found  repeatedly  by  designers  who  have 
worked  with  rigid  or  even  semirigid  rotor  systems,  the 
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components  are  not  infinitely  stiff;  instead,  varying  de- 
grees of  flexibility  are  inherent  in  their  design.  This 
flexibility  results  in  components  that  respond  dynami- 
cally to  the  various  loads  imposed  upon  the  b._Jes. 

To  illustrate  this  point,  consider  the  flapping  motion 
(or  flapping  degree  of  freedom)  of  one  blade  attached 
to  a hub  structure  that  is  attached  rigidly  to  the  rotor 
mast.  A given  blade  can  be  attached  to  the  hub  by 
several  means: 

1.  A flapping  hinge  at  the  centerline 

2.  An  offset  flapping  hinge 

3.  A flapping  hinge  with  a spring  to  restrain  the 
blade  flapping  about  the  hinge 

4.  A spring  strap  retention  or  flexural  hinge  re- 
placing the  bearings 

3.  A stiff  flexural  hinge 

6.  Direct  attachment  to  the  hub  without  any 
hinges  or  separate  flexures  (rigid  or  hingeless  rotor). 

The  listing  of  attachment  methods  merely  indicates  a 
relatively  continuous  spectrum  of  increasing  stiffness  of 
blade  mounting.  Because  the  blade  is  the  same  regard- 
less of  the  attachment  method,  maximum  resistance  to 
motion  will  come  when  the  blade  is  mounted  directly 
to  the  hub  and  the  least  resistance  will  come  when  the 
simple  flapping  hinge  is  used.  The  other  methods  pro- 
vide varying  degrees  of  stiffness.  The  blade  attached 
directly  to  the  hub  will  bend  under  the  load  and  tends 
to  act  as  an  equivalent  flexure  hinge  itself.  Conse- 
quently, the  demarcation  between  the  flexural  mount- 
ings and  the  rigid  rotor  becomes  indistinct.  None  of  the 
configurations  actually  is  rigid  for  this  would  require 
infinite  stiffness;  none  of  the  configurations  is  com- 
pletely without  stiffness  because  centrifugal  force  acts 
as  a powerful  force  to  govern  the  flapping  motion  of  the 
blades. 

Each  of  these  mounting  configurations  will  have  as- 
sociated with  it  a natural  frequency  of  flapping  motion 
that  will  be  dependent  upon  the  stiffness  of  the  mount- 
ing method.  Titus,  the  primary  difference  among  the 
various  means  of  blade  attachment  lies  in  the  variation 
over  a limited  range  of  the  dynamic  response  of  the 
rotor  to  the  loads  imposed  upon  it.  Because  the  cen- 
trifugal restoring  moment  is  so  powerful,  differences  in 
blade  mounting  techniques  produce  relatively  small  ef- 
fects upon  the  flapping  response  except  in  the  case  of 
small  rotors,  where  high  stiffnesses  may  be  achieved. 

This  discussion,  therefore,  deals  primarily  with  the 
motions  and  operation  of  the  fully  articulated  rotor. 
This  type  is  the  most  widely  used,  and  it  demonstrates 
most  of  the  phenomena  necessary  for  an  understanding 
of  rotor  operation. 


Fig.  3-68  depicts  a simplified  rotor  as  viewed  from 
above.  The  rotor  rotates  in  a counterclockwise  direc  - 
tion with  the  downwind  position  as  the  zero  degree 
point  of  reference. 

To  obtain  a clear  picture  of  the  fundamentals  of 
blade  motion,  consider  a rotor  made  up  of  blade  ele- 
ments that  consist  of  a single  square  paddle  with  a 
chord  length  c,  a span  length  Ar  = 1,  and  a mass 
m,  ~ W/g.  It  is  assumed  that  the  paddle  supporting 
arm  is  hinged  at  the  center  of  rotation  and  that  the 
supporting  arm  introduces  no  inertial  or  aerodynamic 
forces.  It  also  is  assumed  that  the  hinge  axis  lies  in  the 
plane  of  rotation  and  is  perpendicular  to  the  blade  span 
axis. 

For  the  purposes  of  the  equation  of  motion,  consider 
this  simple  blade  element  as  rotating  about  a vertical 
axis  in  a vacuum,  with  no  aerodynamic  forces  acting 
upon  it.  In  Fig.  3-69,  which  shows  the  rotor  from  the 
rear,  (i,  is  the  flapping  angle  of  the  blade  element. 
Summing  moments  about  point  O,  we  find 

W 

I J'm-  Wr  cos  B (S2Jr)  r sin  B.  , lb-ft  (3- 101 ) 

S3  3 3 g 1 


where 


I,  — blade  element  mass  moment  of 
inertia,  slug-ft: 
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Fig.  3-68.  Rotation  of  Blade  Increment,  Plan  View 
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Fig.  3-69.  Rotation  of  Blade  Increment,  Rear  View 
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k - flapping  angular  acceleration, 
rad/sec5 

W,  = weight  of  blade  element,  lb 
For  the  very  small  angles  of  motion  involved  in  ordi- 
nary rotor  flapping  motion,  sin  £,»:£„  and  coe 
hence 


W 

/I^  + ~ flVP4=  -W/  ,lb-ft  (3-102) 

Because  for  the  paddle  element  I,  = ( W,/g)r\ 

, rad/sec1  (3-103) 


This  equation  can  be  compared  to  the  equation  of  a 
simple  vertical  spring  mass  system  where 
m = mass,  slug 
k — spring  constant,  lb/ft 
x = displacement  of  the  mass,  ft 
x — linear  acceleration  of  the  mass, 
ft/sec1 

The  equation  of  motion  for  this  system  h 

mx  4-  toe  = mg  , lb  (3-104) 


or 


x=g 


, ft/sec2 


(3-105) 


I The  most  important  portion  of  this  equation  is  the 

homogeneous  portion  given  by 

x 4-  (~J  x = 0 , ft/sec2  (3- 106) 

The  solution  leads  to  the  natural  frequency  of  the 
| vibrating  mass  which  is 


(3-107) 


1 

>l  By  direct  analogy  the  natural  vibrating  frequency 

<d„  of  the  flapping  paddle  blade  can  be  obtained  from 
. the  coefficient  of  0,  in  the  equation.  Hence,  for  the 

| blade  case 


u)H  = SI  , rtd/sec  (3-108) 


or  the  natural  frequency  of  the  paddle  blade  is  equal 
exactly  to  the  rotational  speed  of  the  rotor. 

It  can  be  shown  readily  that  this  result  is  true  for  any 
articulated  rotor  freely  hinged  for  flapping  at  the  cen- 
terline of  rotation.  This  means  that  the  rotor  blade  in 
such  a system  requires  essentially  no  force  to  cause  it 
to  flap  once  per  revolution.  Because  once-per-revolu- 
tion  flapping  is  actually  a tilting  of  the  rotor  disk,  it 
follows  that  little  control  force  is  required  to  tilt  the 
rotor  thrust  vector  in  the  direction  desired  for  aircraft 
control. 

The  foregoing  analysis  of  flapping  motion  is  a greatly 
simplified  summary  of  the  operation  of  an  actual  flap- 
ping rotor.  As  discussed  previously,  all  other  rotor  con- 
figurations tend  to  increase  the  flapping  stiffness  above 
this  fundamental  value.  The  added  stiffness  that  can  be 
achieved  with  most  rotors,  however,  falls  in  a range 
such  that  the  natural  frequency  of  the  lowest  flapping 
or  flap  bending  mode  tends  to  be  just  slightly  above 
rotor  speed  at  the  operating  point.  Typically,  for  a 
uniform  blade  mounted  without  hinges  to  rigid  hub,  the 
lowest  flapping  frequency  is  only  approximately  20% 
above  the  frequency  of  the  same  blade  hinged  at  the 
centerline  of  rotation. 

3-3.3. 1.5  Characteristics  of  Rotors 

Each  of  the  various  rotor  configurations  presented 
has  certain  unique  characteristics  that  tend  to  recom- 
mend it  for  particular  operating  conditions. 

3-3. 3. 1.5.1  Fully  Articulated  Rotors 

This  type  of  rotor  allows  a great  amount  of  flexibility 
in  design.  For  example,  the  number  of  blades  may 
range  from  three  up  to  eight  or  more,  and  to  rotor 
diameters  in  excess  of  100  ft.  The  individual  blade  flap- 
ping hinges  insure  that  the  moments  in  the  blade  struc- 
ture reduce  to  zero  at  the  hinge;  thus,  bending  moments 
in  both  the  blade  root  attachments  and  the  hub  struc- 
ture are  reduced  by  the  presence  of  the  hinge.  The 
individual  hinges  allow  the  blades  to  flap  freely  in  re- 
sponse to  changing  gross  weight,  maneuver,  or  gust 
load  conditions.  In  the  case  of  pultup  maneuvers,  as  the 
thrust  of  the  rotor  increases,  the  blades  will  cone  up  to 
a new  position,  yet  the  bending  moments  at  the  flap- 
ping hinges  will  remain  essentially  zero. 

In  addition,  it  is  possible  to  use  a wide  range  of  hinge 
configurations  to  accomplish  a specific  design  objec- 
tive. For  example,  offset  of  the  flapping  hinge  from  the 
center  of  rotation,  as  illustrated  by  some  of  the  preced- 
ing figures,  provides  fo*-  a large  increase  in  control 
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power  exerted  by  the  rotor.  The  moments  exerted  on 
the  fUselage  by  the  tilt  of  the  rotor  thrust  vector  are 
augmented  by  the  moments  created  by  the  centrifugal 
force  components  acting  at  the  offset  hinges.  It  is  possi- 
ble to  tilt  the  hinges  so  that  blade  flapping  and  pitch 
change  arc  coupled  together  to  achieve  certain  desired 
results.  It  is  also  possible  to  incorporate  pitch  cone 
coupling  which  reduces  blade  collective  pitch  whenever 
the  total  thrust  of  the  rotor  tends  to  increase. 

The  primary  advantage  of  the  fully  articulated  rotor 
system  is  its  versatility.  It  can  be  used  with  a wide  range 
of  sizes,  gross  weights,  and  numbers  of  blades,  and  a 
variety  of  hinge  configurations. 

Although  many  advantages  accrue  with  the  use  of 
the  fully  articulated  rotor,  it  has  certain  inherent  draw- 
backs. When  a rotor  blade  flaps,  its  center  of  mass 
moves  radially  in  the  centrifugal  field  created  by  the 
rotation  of  the  rotor.  This  radial  motion  gives  rise  to 
Coriolis  accelerations  that  lead  to  large  forces  in  the 
inplane  direction  of  the  rotor  blades.  These  flapping- 
induced  inplane  forces  in  turn  can  lead  to  high  bending 
moments  in  the  chordwise  direction  near  the  rotor  hub. 
To  alleviate  these  high  moments,  the  lag  hinges  are 
located  outboard  from  the  center  of  rotation  and  allow 
the  blades  to  oscillate  through  a small  angle  around  the 
hinge.  Although  these  lag  hinges  reduce  the  bending 
moments  induced  by  the  Coriolis  accelerations, 
another  serious  problem  arises  when  blade  chordwise 
freedom  allowed.  It  is  possible  for  the  lead  and  lag 
motions  of  the  individual  blades  to  couple  with  motions 
of  the  fuselage  and  landing  gear  that  can  lead  to  a 
destructive  instability  known  as  “ground  resonance” 
(par.  5-2.5).  To  prevent  destructive  ground  resonant 
oscillations,  it  is  necessary  to  add  lag  dampers  around 
the  lag  hinges  to  limit  the  lead-lag  oscillations  by  ab- 
sorbing their  energy. 

The  combination  of  flapping  hinges,  lag  hinges,  lag 
dampers,  and  the  associated  bearings,  spindles,  hous- 
ings, retainers,  plus  the  lubrication  provisions,  leads  to 
considerable  complexity  in  the  rotor  hub  of  a fully 
articulated  rotor.  In  addition,  because  of  the  arrange- 
ment of  the  hinges  and  the  blade  motions  associated 
with  the  hinges,  the  pitch  control  mechanisms  for  these 
rotors  become  more  complex  in  order  to  prevent  un- 
wanted coupling  between  blade  motion  and  pitch 
change.  Thus,  complexity  is  the  major  drawback  of  the 
fully  articulated  rotors. 

3-3. 3. 1.5.2  Two-bladed  Teetering  Semirigid 
Rotors 

The  two-bladed  semirigid  rotor  is  used  widely  be- 
cause of  its  inherent  simplicity  and  relatively  low  cost. 
In  the  configuration  most  commonly  used,  the  rotor 
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hub  structure  is  mounted  upon  a set  of  bearings  whose 
axis  is  normal  generally  to  the  blade  span  axis.  The  two 
blades  are  mounted  on  the  hub  by  means  of  pitch 
change  bearings,  Because  the  blades  are  mounted  di- 
rectly to  the  hub,  they  can  flap  in  unison  in  a manner 
similar  to  a teeter-totter,  and  hence  this  type  often  is 
referred  to  as  a teetering  rotor.  The  teetering  action  of 
the  blades  allows  them  to  perform  first  harmonic  or 
once-per-revolution  flapping  in  a completely  satisfac- 
tory manner. 

Because  forward  flight  air  loads  are  complex,  rotor 
blades  are  loaded  at  many  higher  frequencies  that  are 
multiples  of  rotor  speed.  In  the  articulated  rotor,  the 
blades  can  flap  in  response  to  these  higher  frequencies. 
In  the  teetering  rotor,  the  blades  cannot  flap  individu- 
ally; and  as  a consequence,  these  higher  frequency 
loads  introduce  bending  moments  into  the  blade  root 
and  hub  structure. 

Two-bladed  teetering  rotors  usually  are  designed  so 
that  the  blades  have  a fixed  coning  angle.  The  coning 
angle  of  a rotor  is  the  average  angle  between  the  blades 
and  a plane  perpendicular  to  the  axis  of  rotation.  The 
coning  angle  of  a hovering  rotor  is  shown  in  Fig.  3-70. 
The  lift  and  centrifugal  forces  tend  to  move  the  blade 
upward  to  a position  of  equilibrium.  If  a hinge  is  incor- 
porated for  each  blade,  each  blade  will  turn  through  the 
angle  /?„.  This  average  angle  is  called  the  coning  angle 
because  in  hover  the  rotor  blades  tend  to  form  a cone. 
The  blades  of  a two-bladed  teetering  rotor  are  attached 
to  the  hub  with  a builtin  value  of  coning  angle  (30.  This 
average  coning  angle  counteracts  the  steady  lift  mo- 
ments of  the  hub  quite  effectively  for  a particular  design 
thrust  and  rotor  speed.  If,  however,  the  thrust  of  the 
rotor  is  changed  drastically  due,  for  example,  to  a sud- 
den takeoff  or  large  overload,  the  bending  moments  in 
the  hub  can  increase  greatly.  This  is  because  the  two 
blades  are  attached  rigidly  to  the  hub  and  hence  cannot 
cone  further  upward  to  alleviate  the  increased  loading 
conditions. 

Because  the  rotor  assembly  is  mounted  upon  a single 
teetering  axis,  it  is  possible  to  generate  oscillating  mo- 
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merits  in  the  drive  shaft  as  the  blades  flap  in  response 
to  forward  flight  loads.  The  effects  of  such  oscillating 
moments  in  both  the  transmission  system  and  the  rotor 
hub  bearings  must  be  considered. 

The  flapping  bearings  of  a two-bladed  teetering  rotor 
essentially  are  unloaded  because  the  centriftigal  force  of 
one  blade  passes  through  the  hub  structure  and  directly 
to  the  opposite  blade.  Another  advantage  of  such  a 
rotor  is  that  it  can  be  designed  so  as  to  preclude  the 
occurrence  of  ground  resonance  instabilities  through 
use  of  blades  that  have  a great  deal  of  stiffness  in  the 
chord  wise  direction.  The  added  stiffness  requires  added 
weight,  but  the  result  is  a very  durable  and  rugged  rotor 
system. 

The  size  and  weight  ranges  of  the  teetering  two- 
bladed  rotor  have  been  relatively  limited.  Typically, 
rotor  sizes  have  ranged  from  IS  ft  up  to  more  than  SO 
ft  in  diameter  and  aircraft  gross  weights  from  a few 
hundred  pounds  to  somewhat  over  10,000  lb.  As  these 
rotors  get  larger,  their  dynamic  vibration  and  weight 
problems  tend  to  increase. 

3-3. 3. 1.5. 3 Modified  Two-bladed  Rotors 

Several  variations  of  the  standard  two-bladed  teeter- 
ing rotor  have  been  studied  and  developed.  In  most 
versions  an  attempt  is  made  to  allow  the  coning  angle 
of  the  rotor  to  change  under  load.  One  method  is  to 
incorporate  a central  coning  bearing  assembly  that  is 
separate  from  the  teetering  bearings.  Thus,  as  the  load 
changes,  the  blades  cone  to  a new  equilibrium  position 
and  the  blades  flap  about  the  teetering  hinge.  Other 
types  use  a common  teetering-coning  hinge  that  accom- 
plishes the  same  result.  Another  variation  was  used  on 
the  135-ft-diameter,  two-bladed  XH-17  helicopter  ro- 
tor, which  was  driven  by  pressor;  jets  at  the  tips  of  the 
blades.  In  this  configuration,  each  blade  was  mounted 
onto  the  hub  by  means  of  flexural  straps  that  acted  as 
hinges  and  allowed  the  blades  to  cone  or  flap  as 
necessary  under  load. 

Most  of  these  variations  of  the  simple  teetering  rotor 
result  in  a reduction  in  the  moments  induced  due  to 
blade  loading  changes  and,  as  a result,  allow  these  ro- 
tors to  be  used  over  a much  larger  range  of  sizes  and 
gross  weights.  However,  some  of  the  dynamic  and 
structural  weight  problems  associated  with  chordwise 
actions  still  remain. 

3-3.3. 1. 5. 4 Rigid  or  Hingeless  Rotors 

The  primary  feature  of  the  rigid  or  hingeless  rotor  is 
the  absence  of  both  the  flapping  and  the  lag  hinges. 
Blade  feathering  bearings  still  are  used,  however,  to 
permit  the  collective  blade  pitch  change  necessary  to 
vary  rotor  thrust  and  obtain  aircraft  control. 


Elimination  of  the  flap  and  lag  hinges  leads  to  a 
considerable  simplification  in  the  design  of  the  rotor 
hub  because  the  many  bearings,  spindles,  housings,  and 
seals  associated  with  these  bearings  also  are  eliminated. 
Because  the  blades  can  carry  moments  directly  into  the 
hub  and  then  directly  into  the  rotor  mast,  hingeless 
rotors  can  develop  a targe  amount  of  control  power. 
The  added  moments  can  be  used  to  achieve  more  rapid 
control  response  from  the  helicopter  than  normally 
would  be  associated  with  an  articulated  rotor.  The 
elimination  of  the  hinges  also  results  in  a simplification 
of  the  rotor  control  system,  because  mnny  of  the  links 
and  elements  found  in  an  articdlated  rotor  are  elimi- 
nated or  reduced  in  size. 

Hingeless  rotors  have  some  inherent  drawbacks, 
however.  Because  the  blades  are  connected  directly  to 
the  hub  and  the  hub  is  connected  directly  to  the  rotor 
mast,  any  changes  in  thrust  loading  or  air  loading  will 
produce  bending  moments  in  the  blades  and  hub  struc- 
tures. Also,  a mean  coning  angle  is  built  into  the  hub 
attachment,  as  with  the  teetering,  two-bladed  rotor. 
Thus,  a sudden  pullup  can  lead  to  high  stresses  in  the 
blade  roots  and  hub.  In  addition,  all  the  harmonic  load- 
ings above  the  first  will  tend  to  cause  high  blade  and 
hub  stresses,  and  operation  at  gross  weights  or  rotor 
speeds  other  than  the  design  values  will  increase  the 
average  moments  in  the  hub  region.  Th;  net  result  of 
these  increased  loads  is  that  fatigue  stresses  can  become 
very  high,  and  therefore  the  useful  life  of  the  hub  may 
be  relatively  short.  To  reduce  the  stresses  induced  by 
these  loadings,  it  often  is  necessary  to  increase  the  stiff- 
ness and  weight  of  the  blade  roots  and  hubs,  and  the 
resultant  rotor  weight  penalties  can  become  very  large. 
The  alternative  to  increasing  hub  stiffness  and  weight 
has  been  to  reduce  stiffness  in  the  flapping  direction. 
The  flexure  thus  provided  will  alleviate  high  stresses 
and  still  result  in  a relatively  simple  configuration,  but 
the  control  power  will  be  reduced  somewhat. 

Ground  resonance  instabilities  can  be  avoided  in 
hingeless  rotors  in  a manner  similar  to  that  used  in 
teetering  rotors.  A high  degree  of  chordwise  stiffness  is 
required  such  that  the  lowest  natural  chordwise  fre- 
quency is  above  the  rotor  speed  under  operational  con- 
ditions. Rotors  without  lag  hinges  have  been  operated 
with  chordwise  frequencies  below  operating  rotor 
speed,  but  such  an  approach  must  be  pursued  only  with 
caution  and  a comprehensive  test  program. 

The  floating  hub  rotor  combines  features  of  the 
hingeless  rotor  hub  system  with  the  tilting  feature  of 
the  teetering  rotor.  In  this  design,  the  hingeless  rotor  is 
allowed  to  tilt  in  any  direction  on  the  rotor  mast  in  the 
manner  of  the  first-harmonic  flapping  of  an  articulated 
rotor.  Thus,  the  floating  hub  rotor  retains  the  sim- 
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plicity  of  the  hingeless  rotor  and  the  transient  first 
harmonic  stresses  on  the  hub  are  alleviated-  Because  a 
builtin  coning  angle  is  used  and  because  the  blades 
cannot  flap  in  response  to  higher  harmonic  loadings, 
the  floating  hub  rotor  can  develop  high  moments  and 
stresses  like  the  hingeless  rotor.  The  floating  hub  rotor 
also  must  be  designed  carefully  so  as  to  prevent  the 
occurrence  of  ground  resonance  instability;  and  be- 
cause the  rotor  hub  assembly  is  free  to  tilt  and  perform 
first  harmonic  flapping  readily,  its  control  power  is 
reduced  to  that  found  in  ordinary  articulated  rotors 
with  a small  offset  in  the  flapping  hinge.  But  an  in- 
crease in  control  power  can  be  achieved  by  incorporat- 
ing spring  restraint  in  the  tilting  hub. 

3-3.3. 1.6  Other  Rotor  System  Considerations 

The  means  employed  to  counteract  the  driving 
torque  necessary  to  turn  the  rotor  always  has  been  a 
governing  characteristic  in  helicopter  design.  To  pro- 
vide an  efficient  lifting  system  with  a minimum  amount 
of  installed  power  plant  weight  and  cost  and  a mini- 
mum fiiel  consumption  rate,  the  rotor  diameter  must  be 
made  very  large  in  comparison  to  an  ordinary  propel- 
ler. It  also  is  necessary  to  design  the  rotor  so  that  blade 
tip  velocities  remain  somewhat  below  sonic  speed. 
These  characteristics  of  large  diameter  and  limited  tip 
speed  result  in  the  large,  slow-turning  rotors  common 
to  today’s  rotary-wing  aircraft. 

Since  torque  Qcan  be  expressed  as 

<2  = ~ , Ib-ft  (3-109) 


it  is  evident  that  the  slow  turning  rotors  result  in  high 
values  of  torque.  As  shaft  torques  increase,  transmis- 
sion size,  weight,  complexity,  and  cost  increase  as  well. 
To  alleviate  the  effects  of  severe  torque  loadings,  trade- 
offs must  be  made  among  the  various  conflicting  design 
requirements  so  as  to  obtain  a good  overall  balance  in 
the  final  configuration. 

Because  of  the  severe  torque  loading  considerations, 
many  seemingly  unrelated  rotor  configurations  have 
been  suggested,  studied,  and  developed,  and  a few  havv 
reached  production  status.  Configurations  employing 
shaft  power  include  the  following: 

1.  Single  main  rotor: 

a.  Single  rotor  with  antitorque  tail  rotor  in  rear 
of  aircraft 

b.  Single  rotor  with  laterally  disposed  an- 
titorque rotor 

2.  More  than  one  main  rotor: 


a.  Two  rotors  coaxially  mounted  and  rotating  in 
opposite  directions 

b.  Two  rotors  displaced  laterally  to  the  ftistlage 
and  rotating  in  opposite  directions 

c.  Two  rotors  mounted  in  tandem  and  rotating 
in  opposite  directions 

d.  Two  rotors,  rotating  in  opposite  directions, 
whose  blades  intermesh  with  each  other  by 
varying  amounts.  Such  rotors  can  be  ar- 
ranged either  laterally  or  in  tandem. 

e.  Various  numbers  of  rotors  greater  than  2,  in- 
cluding 3-,  4-,  and  6-rotor  configurations. 

Use  of  jet-driven  rotors  stems  from  the  desire  to 
eliminate  the  torque  problem  at  its  source.  If  the  blades 
are  driven  by  the  reaction  forces  of  jets  located  within 
the  rotating  system,  e.g.,  on  the  blades,  the  only  shaft 
torques  passed  through  to  the  fuselage  are  those  due  to 
bearing  friction  and  power  takeoffs  for  auxiliaries. 
With  jet  drives,  both  the  torque  problem  and  massive 
transmissions  are  eliminated.  There  are,  however, 
many  other  difficulties  associated  with  the  optimum 
use  of  jet  drives;  and  although  many  jet  drives  have 
been  proposed  and  attempted,  no  purely  jet-driven  ro- 
tor configuration  has  had  sustained  production.  The 
most  important  drawback  to  their  use  has  been  a rela- 
tively high  fuel  consumption  rate  that  ha;  limited  them 
to  short-range,  special-purpose  missions.  New  tech- 
nology in  turbines  and  materials,  however,  may  allow 
reconsideration  of  these  designs  in  the  future.  Some 
typical  jet-driven  rotor  configurations  include: 

1.  Tip-mounted  engines: 

a.  Ram  jet  engines 

b.  Pulse  jet  engines 

c.  Gas  turbines 

d.  Rockets 

2.  Pressure  jet  systems: 

a.  Compressed  air  to  tip  jet 

b.  Compressed  air  to  tip  afterburner 

c.  Turbofan  exhaust  to  tip  jet 

d.  Turbojet  exhaust  to  tip  jet. 

The  use  of  engines  mounted  at  the  blade  tips  is  beset 
with  problems  such  as  those  resulting  from  centrifugal 
force  and  control  loads.  The  pressure  jet  configurations 
suffer  from  blade  design  limitations  and  duct  losses. 
Maximum  engine  installation  simplicity  is  achieved 
through  the  use  of  the  “hot  cycle"  systems  of  Items  2c 
and  2d. 
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3-3.3. 2 

3-3.3.2.1 


Propeller  Selection 
Propeller  Types 


Throughout  the  history  of  propeller-driven  aircraft, 
the  most  widely  used  propeller  configuration  has  been 
the  conventional  free-air,  variable-pitch  type,  usually 
incorporating  from  two  to  four  rigidly  retained  blades. 
For  special  applications,  several  other  propeller  con- 
cepts show  promise.  These  include  the  shrouded  pro- 
peller, the  variable-camber  propeller,  the  variable- 
diameter  propeller,  the  multibladed  prop-fan  with  and 
without  shrouds,  and  the  rotor-prop.  Each  of  these 
concepts  offers  specific  characteristics  to  meet  particu- 
lar aircraft  requirements. 

Adding  a shroud  to  a conventional  propeller  permits 
performance  to  be  maintained  with  a reduction  in 
diameter  and  affords  substantial  noise  attenuation.  For 
larger,  high-speed  aircraft,  particularly  those  with 
VTOL  capability,  the  variable-camber  concept  pro- 
vides the  best  potential  for  improving  overall  perform- 
ance by  matching  the  propeller  to  both  takeoff  and 
high-speed  level  flight  conditions.  This  is  accomplished 
by  pairing  conventional  blades  such  that  in  takeoff  they 
function  mutually  as  a slotted  flap  airfoil  and  in  cruise 
as  two  independent,  low-camber  airfoils.  Full-scale 
\ tests  of  this  concept  have  shown  reduced  noise  in  addi- 
J tion  to  confirming  the  cambering  effect  of  the  paired 
blades  under  static  conditions.  Although  at  a much 
earlier  stage  of  development  than  the  variable-camber 
propeller,  the  variable-diameter  propeller  offers 
another  way  to  improve  the  matching  of  takeoff  and 
cruise  performance.  However,  because  of  the  ir, creased 
airfoil  thickness  and  limitations  on  blade  twist  distribu- 
tion necessary  to  permit  blade  telescoping  for  reduced 
diameter,  the  high-speed  efficiency  of  this  concept  in- 
herently is  below  that  of  the  vanable-camber  concept. 
Moreover,  no  noise  reduction  at  takeoff  can  be  an- 
ticipated. 

It  is  well  known  that  propeller  noise  can  be  reduced 
by  operating  at  a low  tip  speed,  provided  that  the  blade 
area  is  sufficient  to  prevent  stall.  A low-tip-speed,  mul- 
tibladed prop-fan  offers  the  potential  of  reduced  noise 
and  small  diameter  at  performance  levels  comparable 
to  a conventional  propeller.  Further  advances  in  per- 
formance, noise  reduction,  and  compactness  may  be 
obtained  from  a shrouded  prop-fan  that  combines  the 
favorable  characteristics  of  the  multibiades  and  the 
shroud. 

For  large  VTOL  craft  incorporating  a tilt-wing  or 
tilt-rotor  for  transition  from  hover  to  level  flight,  the 
rotor-prop  has  certain  attractions.  The  hinged  reten- 
tion permits  large  diameters  with  narrow,  low-activity- 
factor  blades  at  reasonable  weights  for  high  perform- 


ance in  hover  and  transition.  Acceptable  cruise 
performance  can  be  obtained  by  large  reductions  in 
rotational  speeds  between  takeoff  and  high  speed  flight. 
A disadvantage  is  that  the  success  of  this  concept  is 
dependent  upon  the  availability  of  engines  with  large 
rpm  spreads  at  a small  loss  in  SFC  between  takeoff  and 
high-speed  conditions.  Moreover,  the  high  advance 
ratios  in  cruise  and  at  tend  to  reduce  efficiency. 
This  reduced  efficiency  may  be  offset  by  using  very  low 
activity  factor  blades,  but  at  the  expense  of  increased 
propeller  weight. 

3-3. 3.2.2  Helicopter  Application 

Performance  requirements  for  propellers  for  com- 
pound helicopters  differ  considerably  from  those  nor- 
mally associated  with  conventional  propeller-driven 
aircraft.  In  the  latter  case,  the  propeller  provides  the 
thrust  requirement  for  all  flight  regimes,  including 
takeoff,  climb,  cruise,  and  Vm„.  Because  of  this 
broad  operating  spectrum,  the  aerodynamic  design  of 
the  propeller  becomes  a comprehensive  analysis  ef- 
fort. The  final  propeller  configuration  generally  is 
that  which  meets  the  primary  performance 
requirements  at  the  expense  of  some  compromise  in 
off-design  conditions. 

The  helicopter  application  does  not  involve  this  wide 
operating  spectrum.  With  a compound  helicopter,  the 
propeller  normally  is  used  only  for  cruise,  and  accord- 
ingly it  is  optimized  for  maximum  efficiency  at  the 
design  cruise  conditions.  A second  design  condition 
results  when  the  propeller  is  driven  by  the  same  en- 
gine(s)  that  drives  the  main  rotor.  Thus,  during  hover, 
where  no  forward  thrust  is  required,  the  propeller  is 
designed  to  absorb  minimum  power  because  each 
horsepower  lost  to  the  propeller  results  in  a loss  of  8-10 
lb  of  thrust.  Therefore,  in  some  cases  the  propeller 
cruise  performance  might  be  compromised  so  as  to 
attain  minimum  power  in  hover.  Other  considerations 
influencing  propeller  aerodynamic  design  include  in- 
flight revetsing  for  air  braking  and  the  use  of  the  pro- 
peller as  an  antitorque  rotor  by  swiveling  it  about  a 
vertical  axis.  Finally,  the  downwash  of  the  main  rotor 
on  the  propeller  during  hover  and  climb  must  be  con- 
sidered. 

In  summary,  although  the  performance  spectrum  is 
narrower,  the  selection  of  propellers  for  helicopters  in- 
volves several  unique  considerations  not  encountered 
in  conventional  aircraft  propeller  installations. 

3-3. 3.2. 3 Analytical  Procedures 

Successful  propeller  design  involves  two  prime  con- 
siderations: attainment  of  the  required  aerodynamic 
performance  and  structural  integrity.  Thus,  the  success 
of  the  design  effort  is  dependent  upon  the  availability 
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of  reliable  aerodynamic  and  structural  design  criteria. 
Accordingly,  propeller  manufacturers  are  devoting 
considerable  effort  to  the  development  of  the  analytical 
design  methods  discussed  briefly  here. 

The  most  reliable  and  widely  used  propeller  perform- 
ance calculation  method  is  based  upon  an  advanced 
form  of  the  blade  element  theory.  In  this  theory,  the 
aerodynamic  forces  acting  upon  a series  of  radial  ele- 
ments are  calculated  and  then  integrated  over  the  blade 
radius  to  establish  the  total  forces.  The  vortex  theory 
and  Goldstein’s  solution  (Ref.  43)  for  the  radial  distri- 
bution of  circulation  for  a finite  number  of  blades  have 
now  been  applied  to  the  blade  element  theory.  Thus,  an 
analytical  method  has  been  evolved  that  permits  the 
accurate  calculation  of  the  efficiency  of  any  arbitrary 
propeller  configuration,  operating  at  any  imposed  con- 
dition. 

Over  the  years  this  method  has  been  refined,  along 
with  the  associated  two-dimensional  airfoil  data,  to  the 
point  where  comparisons  with  experimental  data  on 
both  full-scale  and  model  propellers  indicate  an  ac- 
curacy of  better  than  ±2%  in  the  vicinity  of  the  design 
point  and  only  slightly  lower  accuracy  for  off-design 
points.  The  method  has  been  programmed  on  a digital 
computer  from  which  up  to  200  efficiency  points  per 
minute  can  be  calculated.  Included  as  options  to  this 
basic  program  arc  subroutines  for  calculating  aerody- 
namic twisting  moments  on  the  blades  and  computing 
total  and  azimuthal  distributions  of  air  loads  with  in- 
clined and  nonsymmetrical  inflows. 

More  recently,  a noise  subroutine  has  been  added  as 
an  option  based  upon  an  extension  of  the  work  of  Ref. 
44.  This  program  uses  the  propeller  air  loading  distri- 
bution computed  by  the  method  outlined  above  and 
calculates  from  it  both  far  and  near  field  sound  pressure 
levels  in  terms  of  decibels  at  any  prescribed  location  for 
any  propeller  geometry  and  operating  condition.  If  re- 
quested, the  program  also  computes  perceived  noise 
levels  (PNL)  and  effective  perceived  noise  levels 
(EPNL)  corrected  for  tone  and  time  duration. 

For  tilt-wing  VTOL  aircraft,  in  which  the  propeller 
is  in  transition  from  hover  to  horizontal  flight,  a new 
method,  based  upon  rotor  theory,  has  been  developed 
to  compute  the  six  moment  and  force  components 
generated  by  the  propeller  during  transition.  The 
method  can  handle  cyclic  propellers  as  an  option. 

For  shrouded  propellers  and  shrouded  prop-fans,  the 
blade  element  calculation  method  is  based  upon  the 
one-dimensional,  inviscid,  incompressible  momentum 
theory  from  the  work  of  Ref.  45.  In  order  to  incorpo- 
rate shroud  drag,  an  empirical  correction  has  been 
evolved  that  is  dependent  upon  the  shroud  exit  area 
ratio  and  the  free-stream  Mach  number. 


Because  an  adequate  theory  has  not  been  derived  for 
calculation  of  reverse  thrust  and  windmilling  drag,  an 
empirical  method  has  been  developed  from  test  data  to 
predict  propeller  performance  for  these  off-design  oper- 
ating conditions  with  acceptable  accuracy. 

The  main  function  of  the  propeller — to  produce 
thrust  at  a minimum  expense  in  power — must  be  ac- 
complished with  hardware  that  affords  maximum  relia- 
bility at  minimum  weight  and  cost.  Thus,  it  is  essential 
that  structural  design  criteria  and  material  develop- 
ment be  commensurate  in  refinement  with  the  aerody- 
namic criteria. 

The  design  of  a propeller  system  begins  with  blade 
definition  involving  both  aerodynamic  and  structural 
considerations.  The  blade  definition  generates  the 
steady  and  vibratory  loads  to  which  the  propeller  must 
be  designed  and  consequently  affects  the  design  of  the 
barrel,  actuator,  control,  and  gearbox.  To  aid  the  de- 
signer, many  theoretical  analyses  and  associated  com- 
puter programs  for  obtaining  optimum  structures  have 
been  derived  and  developed.  These  programs  cover 
both  steady  and  vibratory  stresses  as  well  as  many 
secondary  structural  aspects.  A detailed  discussion  of 
these  structural  design  tools  and  their  application  to 
hardware  design  is  presented  in  AMCP  706-202. 

3-3.S.2.4  Propeller  Selection  Procedure 

3-3.3. 2. 4. 1 Basic  Considerations 

In  the  propeller  preliminary  design  phase,  only  aero- 
dynamic sizing  is  carried  out  in  detail.  The  other  design 
considerations,  particularly  blade  structure,  usually  are 
estimated  on  the  basis  of  past  experience  and  prelimi- 
nary analysis  merely  to  assure  the  feasibility  of  the 
aerodynamic  selection. 

The  computerized  strip  analysis  methods  developed 
from  the  refined  theory  form  the  fundamental  criteria 
used  by  the  industry  to  design  propellers  for  all  applica- 
tions. Moreover,  their  derivatives  and  the  empirical 
methods  reviewed  are  used  to  compute  most  of  the 
aerodynamic  data  and  to  support  structural  design. 

Recognizing  the  need  for  a more  convenient  propel- 
ler performance  analysis  method  for  use  in  preliminary 
design,  the  propeller  industry  has  published  general- 
ized performance  calculation  manuals  based  upon  the 
computer  programs  and  propeller  performance  theory. 
These  manuals,  widely  used  throughout  the  aircraft 
industry,  present  static  and  inflight  performance  data 
covering  a complete  range  of  potential  operating  condi- 
tions for  a family  of  propellers,  with  variations  of  the 
major  geometric  parameters.  In  addition  to  perform- 
ance data,  the  manuals  include  methods  for  estimating 
propeller  weight  and  far-field  noise  at  zero  airspeed. 
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One  recommended  set  of  such  manuals  (Refs.  46,  47, 
and  48)  covers  conventional  propellers,  shrouded  pro- 
pellers, and  variable  camber  propellers,  respectively. 

The  preliminary  design  procedure  detailed  subse- 
quently is  based  upon  the  data  included  in  Ref.  46  for 
conventional  propellers.  The  discussion  covers  the  con- 
cept of  the  process,  definition  of  the  basic  performance 
and  prime  blade  geometric  parameters,  use  of  general- 
ized performance  plots  and  other  aerodynamic  data, 
and  a step-by-step  procedure  for  propeller  selection. 
All  of  the  necessary  aerodynamic  data  are  presented  in 
the  series  of  charts  included  herein.  To  facilitate  the 
demonstration  of  this  method,  a sample  propeller  selec- 
tion problem  for  a hypothetical,  representative  helicop- 
ter is  set  up  and  the  selection  process  is  undertaken  in 
detail. 

3-3.3. 2.4.2  Definitions 

On  a nondimensional  basis,  propellers  are  defined  by 
number  of  blades,  blade  activity  factor  AF,  and  inte- 
grated design  lift  coefficient  CLl 

Activity  factor  AF  was  defined  early  in  propeller 
technology  as  a power  absorption  factor.  It  is  defined 
rigorously  as: 


AF  — 


br3  dr 


, dimensionless  (3- 1 10) 


where 

D = propeller  diameter,  ft 
R = propeller  radius,  ft 
b = elemental  width,  ft 
r = elemental  radius,  ft 
In  nondimensional  terms, 

<M1,) 


Activity  factor  today  is  used  as  a weighted  measure 
of  the  width  distribution  of  the  blade,  e.g.,  a blade  with 
a purely  rectangular  planform  derives  half  of  its  activ- 
ity factor  from  the  outer  15%  of  the  blade.  The  numeri- 
cal weighting  results  in  convenient  values  for  the 
AF,  normally  between  50  and  150. 

With  the  advent  of  laminar  flow  airfoil  sections  with 
unlimited  section  design  lift  coefficients  independent  of 
thickness  ratio,  the  term  integrated  design  lift  coeffi- 
cient CLj  was  defined  as: 
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where 


whence 


cidn  = blade  element  design  lift 
coefficient,  dimensionless 


-=r)  , d’less 


(3-113) 


with  this  term  being  weighted  similarly  to  activity  fac- 
tor. 

Other  parameters — such  as  those  that  define  the  aer- 
odynamic shape  of  a blade,  the  thickness  ratio,  and  the 
twist  distributions — have  some  effect  upon  blade  per- 
formance. However,  their  effects  are  equivalent  to 
small  changes  in  the  activity  factor  and  CLj,  and  there- 
fore they  are  not  used  as  prime  variables  in  this  method. 
These  parameters,  along  with  airfoil  section  choice,  are 
included  in  the  later  optimum  blade  process. 

The  nondimensional  coefficients  advance  ratio  J, 
power  coefficient  Cr,  and  thrust  coefficient  CT,  used  to 
determine  propeller  performance,  are  defined  by 

y 

J=  .dimensionless  (3-114) 


P 

pn3Ds 


SHP{p0lp) 


.dless  (3-115) 


CT 


T 

pn*D* 


TXPo/p) 


.dless  (3-116) 


where 


V — true  airspeed,  fps 
n — propeller  speed,  rps 
N = propeller  speed,  rpm 
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P = engine  power,  ft-lb/sec 
SHP  = engine  output  shaft  horsepower 
T = propeller  thrust,  lb 
The  propeller  efficiency  factor  i)P  is  defined  as 

yy  Cj,  j 

» 1p~~~P~  = ~C~  .dimensionless  (3-117) 


and  thrust  is  now  stated  as 

550  SHP  Tip 

T = y ,1b  (3-118) 


3-3. 3. 2. 4. 3 Performance  Calculation  Method 

A generalized  performance  calculation  method  for 
propellers  operating  at  normal  flight  speeds  is  de- 
scribed. The  form  selected  was  governed  primarily  by 
the  consideration  of  ease  of  usage  and  the  elimination 
of  the  principal  deficiency  of  existing  empirical  meth- 
ods, i.e.,  the  deterioration  of  accuracy  at  extreme  oper- 
ating conditions  and  blade  geometries.  Accordingly, 
the  method  incorporated  a series  of  performance  charts 
with  each  chart  accurately  defining  performance  for  a 
specific  propeller  geometric  configuration  over  the 
complete  range  of  potential  operating  conditions. 

It  is  good  design  practice  on  compound  helicopters 
to  select  a propeller  that  does  not  involve  compressibil- 
ity. Fig.  3-71  presents  the  criterion  for  no  compressibil- 
ity loss  in  the  form  of  the  maximum  allowable  inte- 
grated design  lift  coefficient  CLl  as  a function  of  aircraft 
Mach  number  and  A rDfc,  where  fe  is  the  ratio  of  the 
speed  of  sound  at  sea  level  standard  day  to  the  speed 
of  sound  at  the  specific  operation  condition. 

An  ideal  performance  chart  is  provided  for  three- 
bladed  propellers  (Fig.  3-72).  This  example  chart  repre- 
sents the  performance  of  propellers  with  minimum  in- 
duced losses  and  zero  profile  losses  for  a finite  number 
of  blades.  An  actual  propeller  design  never  can  achieve 
optimum  performance;  but  by  careful  tailoring  for  the 
design  condition,  it  is  possible  to  approach  the  op- 
timum. Interpolation  among  charts  that  present  a sys- 
tematic variation  of  each  major  shape  parameter  will 
define  performance  for  any  desired  propeller  configura- 
tion. The  performance  charts  provided  for  the  general- 
ized performance  method,  therefore,  depict  the  varia- 
tion of  the  power  coefficient  CP  with  advance  ratio  J 
and  efficiency  rjP.  Example  data  are  presented  for 
three-bladed  propellers  with  given  values  of  blade  inte- 
grated design  lift  coefficients  CLi  and  activity  factor  AF 
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0.3  (Fig.  3-73).  Comparable  charts  for  two  additional 
values  of  CL.  and  three  additional  values  of  AF  are 
included  in  Ref.  46,  together  with  a comparable  set  of 
charts  for  four-bladed  propellers.  Selection  of  design 
parameters  for  a given  specification  requirement  can  be 
accomplished  by  crossplotting  appropriate  values  from 
these  charts.  The  data  are  limited  to  conditions  where 
there  is  no  compressibility,  i.e.,  the  sections  are  operat- 
ing below  their  critical  Mach  numbers. 

The  performance  charts  are  based  upon  a constant 
velocity  through  the  propeller  disk  because  blocking 
effects,  i.e.,  the  actual  velocity  through  the  disk,  vary 
greatly  with  the  aircraft  geometry  that  is  in  close  prox- 
imity to  the  propeller  installation.  These  blocking  ef- 
fects have  an  influence  upon  the  absolute  values  of 
performance;  however,  they  usually  do  not  change  the 
comparative  performance  values  of  propellers  of  differ- 
ent designs.  Therefore,  the  elimination  of  blocking  ef- 
fects from  the  procedure  will  not  detract  from  the  use- 
fulness of  the  method  for  preliminary  design  propeller 
selection.  In  general,  blocking  has  the  same  effect  upon 
the  optimum  efficiency  as  upon  the  actual  efficiency. 

An  empirical  method,  based  upon  actual  propeller 
tests,  is  used  to  calculate  the  minimum  shaft  horse- 
power required  to  drive  the  propeller  at  full  speed  at 
static  conditions  and  also  for  the  calculation  of  reverse 
thrust.  This  method  is  referred  to  as  the  generalized 
thrust  and  torque  chart  method  and  uses  the  charts  of 
Figs.  3-74  through  3-82.  Although  minimum  horse- 
power required  is  sensitive  to  variables  such  as  blade 
thickness,  twist,  camber,  and  width  distribution,  expe- 
rience has  shown  that  the  empirical  method  suffices  for 
preliminary  design  application.  In  the  final  blade  op- 
timization procedure,  the  minimum  power  figure  is  cal- 
culated by  a refined  strip  analysis  method.  However, 
the  reverse  thrust  performance  still  must  be  calculated 
with  the  empirical  method  because  the  strip  analysis 
theory  does  not  apply. 

Performance  requirements  for  compound  helicop- 
ters vary.  The  airframe  manufacturer  usually  will 
specify  a maximum  propeller  diameter  that  will  fit  into 
his  design  envelope.  Because  a given  engine  is  specified, 
the  power  available  to  the  propeller  and  the  thrust 
requirements  also  are  known.  At  times  the  propeller 
rotational  speed  is  specified;  at  other  times  it  is  undeter- 
mined because  gearboxes  must  be  designed  to  be  mated 
to  the  main  rotor.  At  this  stage,  consideration  must  be 
given  to  weight  and  noise  as  well  as  to  performance.  As 
the  diameter  becomes  smaller,  the  activity  factor  also 
becomes  lower,  and  the  propeller  system  consequently 
will  be  lighter.  A reduction  in  propeller  tip  speed  gener- 
ally will  reduce  the  system  noise  level. 
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Losses 


A generalized  weight  formula  that  has  proved  to  be 
fairly  accurate  has  been  developed  ove-  the  years.  The 
total  system  weight  IF  in  pounds  is  given  by 

'-«li )■-(*)"  (isT* 

jaj  “w+ fr)  “*] 


+ K2  (Torque)0,24  ,1b 


(3-119) 


where  the  portion  containing  Kt  is  the  propeller  weight 
and  the  portion  containing  K2  is  the  gearbox  weight. 
The  K factors  are  a function  of  propeller  type  as  well 
as  of  materials.  For  compound  helicopter  applications, 
two  propeller  types  can  be  considered.  A conventional 
propeller — including  barrel  and  blades,  spinner,  pitch 
actuator,  pitch  lock,  deicing  capability,  feathering  ca- 
pability, control,  and  a gearbox — is  employed  in  instal- 
lations where  the  power  input  comes  directly  from  the 
engine,  which  either  is  separate  or  is  decoupled  from 


the  main  rotor  drive  shaft.  A shaft-driven  propeller  is 
used  in  installations  where  the  propeller  is  slaved  to  the 
main  rotor  drive  shaft.  The  latter  propeller  does  not 
include  pitch  lock,  feathering  capability,  deicing,  or  a 
control,  and  its  structure  is  lighter.  A gearbox  may  or 
may  not  be  included. 

3-3.4  OTHER  PROPULSIVE  DEVICES 

As  noted  earlier,  the  pure  helicopter  is  limited  to 
forward  flight  speeds  below  200  kt  because  of  com- 
pressibility effects  on  the  advancing  rotor  olade  and 
stall  effects  on  the  retreating  blade.  Beyond  that  speed, 
the  main  rotor  becomes  ineffective  serodynamically. 
Faster  forward  speeds  may  be  achieved  by  compound- 
ing. 

The  discussion  of  auxiliary  propulsive  devices 
focuses  on  the  speed  range  above  150  kt.  The  addition 
of  auxiliary  propulsive  devices  to  the  basic  helicopter 
design  introduces  several  new  factors  to  be  considered 
in  the  system  design.  First,  the  propulsive  device  is 
selected  from  among  four  principal  types:  propeller, 
shrouded  propeller,  turbofan,  and  turbojet.  Second, 


Fig.  3-72.  Optimum  Efficiency  Chart  for  a Three-bladed  Propeller 
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Fig.  3-74.  Advance  Ratio  Eqaal  Zero  Portion  of 
Goacraliiod  Torque  and  Thrust  Charts 


these  device)  introduce  the  possibility  of  using  the  de- 
vices for  antitorque  and  directional  (yaw)  control  as 
well  as  propulsion.  Finally,  the  design  of  the  main  con- 
trol system  must  accommodate  the  interfacing  of  the 
auxiliary  propulsion  device  with  the  main  rotor  during 
transition  from  low  to  high  flight  speeds,  and  must 
provide  the  additional  controls  needed  for  operation  of 
the  propulsive  devices  alone. 

Considering  the  ideal  propulsive  efficiency  % of  the 
different  types  of  propulsive  devices 


■4 


, dimensionless  (3-120) 


where 


T = propulsive  device  thrust,  lb 

V = free  stream  velocity  relative  to 
the  propulsive  device  (flight 
speed),  fps 

P = power  transferred  from  the 
engine  to  the  propulsive  device, 
ft-lb/sec 

Vj  = effective  exhaust  jet  velocity  far 
behind  the  propulsive  device, 
fps 


( = ( Vj  — V)/V,  dimensionless 
the  merit  of  the  devices  decreases  in  the  order  listed — 
propeller,  shrouded  propeller,  turbofan,  turbojet — in 
the  speed  range  of  interest  because  the  exhaust  veloci- 
ties increase  in  that  order. 

The  requirement  to  provide  much  of  the  total  power 
aboard  the  vehicle  in  the  form  of  shaft  power  for  driv- 
ing the  main  rotor  under  hover  conditions,  combined 
with  the  more  favorable  propulsive  efficiency  of  pro- 
pellers or  shrouded  propellers,  favors  the  selection  of 
these  devices  for  auxiliary  propulsion.  Depending  upon 
the  application,  however,  other  factors  may  lead  to 
selection  of  one  of  the  other  types.  For  instance,  weight, 
complexity,  and  reliability  considerations  may  reduce 
the  relative  merit  of  propellers  and  shrouded  propel- 
lers. 

3-3.4. 1 Propeller  Propulsion 

Propellers  designed  for  primary  propulsion  in  com- 
pound helicopters  are  similar  in  most  respects  to  those 
for  conventional  aircraft.  However,  the  propeller  or 
rotor  for  antitorque  control  more  closely  parallels  the 
main  rotor  in  its  operation.  But  even  that  parallel  has 
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Fig.  3-75.  Effect  of  Activity  Factor  on  Torque 
Coefficient 
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severe  limitations  because  of  the  complex  range  of  flow 
fields  within  which  the  tail  rotor  may  operate. 

3*3.4.14  Primary  Propulsion 

Having  decided  to  employ  propeller  propulsion  for 
primary  thrust  in  high-speed  flight,  the  system  designer 
must  consider  several  factors.  For  example,  the  number 
of  propellers  to  be  used  and  their  locations  on  the  heli- 
copter must  be  determined,  and  the  drive  train,  its 
controls,  and  the  propeller  aerodynamic  controls  must 
be  designed.  In  the  selection  of  positions  for  the  propel- 
lers), the  most  advantageous  location  from  an  aerody- 
namic viewpoint  probably  is  forward  of  the  main  rotor 
slipstream  because  this  allows  a relatively  smooth  and 
predictable  inflow.  Another  advantage  of  the  forward 
location  is  the  benefit  accrued  from  the  flow  of  the 
propeller  slipstream  over  the  wing  surface.  Analyses  of 
such  flows  may  be  found  in  Refs.  49  and  SO.  Such 
factors  as  operational  considerations  and  complexity 
and  weight  of  the  systems  also  may  influence  the  loca- 
tion of  the  propeller(s).  For  example,  if  only  one  pro- 
peller is  used  for  primary  propulsion,  it  may  be  advan- 
tageous to  combine  the  drive  trains  for  the  propulsive 
propeller  and  a separate  tail  rotor  at  the  rear  of  the 
airframe. 

The  propellers)  used  for  auxiliary  propulsion  may 
provide  antitorque  control  and  directional  (yaw)  con- 
trol in  the  following  ways: 


1 . Use  of  differential  (cyclic)  pitch  control  for  a 
single  propeller 

2.  Use  of  differential  thrust  for  twin  propeller  con- 
figurations 

3.  Provision  of  turning  vanes  in  the  propeller  slip- 
stream 

4.  Swiveling  the  propeller  about  a vertical  axis. 
The  power  required  for  this  function  may  be  higher 
than  that  needed  for  a comparable  tail  rotor  under 
hovering  or  low-speed  flight  conditions  because  the 
moment  arm  length  is  smaller  in  practicable  configura- 
tions. In  the  case  of  a single  propeller  configuration, 
combining  the  functions  of  propulsion  and  control  re- 
quires a significant  compromise  in  the  design  of  the 
propeller  that  would  degrade  cruise  performance.  Un- 
der high-speed  flight  conditions,  fixed  aerodynamic 
surfaces  normally  are  provided  to  unload  the  tail  rotor, 
thus  reducing  the  power  required. 

3-3.4. 1.2  Tail  Rotor 

The  tail  rotor  of  a conventional  helicopter  with  a 
single  rotor  generally  consumes  8-10%  of  the  engine 
power  under  hovering  conditions  and  somewhat  less 
(3-4%)  under  forward  flight  conditions.  Depending 
upon  the  design  of  fixed  aerodynamic  surfaces  that  may 
be  incorporated,  the  tail  rotor  may  be  unloaded  sub- 
stantially at  higher  flight  speeds.  The  aerodynamic  flow 
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Fig.  3*78.  Variation  of  Percentage  of  Camber  Correction  Required  for  Torque 
and  Thrust  With  Advance  Ratio  and  Blade  Angle 
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Fig.  3-79.  Variation  of  Advance  RatioWIth  Blade  Angle  at  Constant 
Effective  Torque  Coefficient 
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field  experienced  by  the  tail  rotor  includes  the  follow- 
ing conditions: 

1.  Static  operation  in  hover 

2.  Inplane  component  of  freestrearn  velocity  in 
forward  or  rearward  flight,  as  for  the  main  rotor 

3.  Positive  or  negative  freestrearn  velocity  along 
the  rotor  axis  in  sideward  flight  or  yawing  motions, 
including  operation  in  the  “vortex  ring”  state 

4.  Significant  interaction  with  the  induced  flow 
field  of  the  main  rotor  under  all  conditions. 

Thus,  the  design  of  the  tail  rotor  involves  semiempirical 
compromises.  Control  normally  is  effected  by  pitch 
changes.  A detailed  discussion  of  the  factors  involved 
in  the  design  of  conventional  tail  rotors  may  be  found 
in  Refs.  51  and  52. 

The  potential  merit  of  employing  a swiveling  tail 
rotor  to  provide  auxiliary  propulsive  thrust  in  forward 
flight  has  been  studied  in  flight  tests  (Ref.  53).  In  this 
case,  the  tail  rotor  had  a fixed  pitch  and  could  pivot 
about  a vertical  axis  under  the  control  of  the  helicopter 
rudder  pedals.  Adequate  control  power  was  demon- 
strated, and  the  transition  from  hover  to  forward  flight 
was  smooth.  This  design  obviously  has  the  advantage 
of  simplicity  through  avoidance  of  the  necessity  for 
pitch  controls  and  other  elements  associated  with  sepa- 


rate propellers  for  antitorque  control  and  forward 
flight.  On  the  other  hand,  the  design  requirements  for 
a tail  rotor  and  a propeller  for  forward  flight  speeds 
above  150  kt  differ  significantly,  and  a single  propeller 
designed  to  handle  both  propulsive  and  antitorque 
functions  is  inefficient  in  both.  The  propeller  for  auxil- 
iary propulsion,  for  example,  requires  a distribution  of 
twist  far  different  from  that  desired  and  normally  em- 
ployed in  tail  rotor  design.  Also,  the  higher  flight 
speeds  could  involve  the  transmittal  of  a large  fraction 
of  the  total  power  aboard  the  vehicle  to  the  thrust- 
producing  propeller.  In  this  case,  the  complexity  of 
swiveling  elements  in  the  drive  train  might  be  undesira- 
ble. 

S-3.4.2  Shrouded  Propeller  Propulsion 

A shrouded  (ducted)  propeller  for  forward  flight 
propulsion  offers  certain  advantages  over  conventional 
free  propellers,  particularly  under  low-speed  or  static 
conditions.  However,  the  improvement  in  efficiency 
diminishes  at  higher  speeds  because  of  the  drag  of  the 
shroud.  Although  the  concept  is  not  new  and  the  state- 
of-the-art  in  design  is  suitable  for  preliminary  design 
purposes,  more  data  are  needed  for  refined  analysis, 
including  off-design  performance  at  various  angles  of 
attack. 
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There  are  two  important  design  considerations  for  a 
shrouded  propeller: 

1.  The  provision  of  a shroud  around  a propeller  is 
beneficial  only  when  the  device  operates  at  sufficiently 
high  values  of  the  thrust  coefficient  CT„  given  by 

T 

q = — ~ sr-  .dimensionless  (3-121) 

Tsr  pA^V2!! 


I 


fr 

)- 


where 


CTwm  = total  thrust  coefficient  for  the 
shrouded  propeller, 
dimensionless 

area  of  the  propeller  disk,  ft2 
free  stream  velocity,  fps 
total  thrust  of  the  shrouded 
propeller,  lb 

2.  The  duct  should  be  designed  to  provide  an  in- 
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crease  of  velocity  at  the  plane  of  the  propeller  (converg- 
ing inlet). 

The  first  consideration  arises  from  taking  into  ac- 
count the  drag  of  the  duct,  which  is  part  of  the  total 
propulsive  device.  It  implies  that  the  device  will  func- 
tion best  either  under  static  conditions  ( V = 0)  or  at 
high  disk  loadings  Tf/AF.  There  is  little  point  in 
shrouding  a lightly  loaded  propeller.  The  requirement 
to  operate  at  higher  disk  loadings  for  forward  flight 
leads  to  inherently  lower  propulsive  efficiencies  by 
comparison  with  lightly  loaded,  unshrouded  propel- 
lers. 

The  total  thrust  of  a ducted  propeller  includes  con- 
tributions from  both  the  duct  and  the  propeller.  Ac- 
cording to  Ref.  34,  a partial  thrust  coefficient  for  the 
thrust  CTp  of  the  propeller  alone  should  be  introduced. 
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Fig.  342,  Effect  of  Activity  Factor  on  Thrust  Coefficient 
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where 

A/>  =>  pressure  rise  across  the 
propeller,  psf 

.y  From  Bernoulli's  equation,  applied  to  the  flows  up- 
stream and  downstream  from  the  propeller,  A p = 
p {V)  — V})/2.  Using  approximations  of  the  simple 
momentum  theory  of  propellers,  in  the  absence  of  the 
duct  the  ratio  of  the  velocity  at  the  plane  of  the  propel- 
ler Vp  to  the  free  stream  value  V would  be 


K+  V, 


1 + 1/2  .dimensionless  (3-123) 


where 

£ = (Vj  — V)/V,  dimensionless 
The  thrust  coefficient  CTf  for  the  unshrouded  propeller 
becomes 

CT*  = 2*  ( 1 + ) , dimensionless  (3-124) 


The  presence  of  the  shroud  will  alter  the  velocity  at  the 
plane  of  the  propeller.  Under  this  condition  an  incre- 
mental velocity  ratio  8 is  defined  so  that 

Vp  * 

-y  = i g .dimensionless  (3-125) 


Depending  upon  the  design  of  the  shroud,  8 may  be 
positive  or  negative.  For  the  ducts  of  interest  here,  8 
should  be  positive  (converging  ducts).  The  thrust  coef- 
ficient CrSp  for  a shrouded  propeller  then  becomes 

CTsp  — 2$  + -|-  + 5 j .dimensionless  (3-126) 


The  corresponding  ideal  propulsive  efficiency  for  the 
shrouded  propeller  t\f^  from  Eqs.  3-120  and  3-124,  is 


\P  i + m 


1 + VI  + C_  dimensionless  (3-127) 

Tp 

which  is  dependent  upon  the  thrust  coefficient  of  the 
propeller  alone.  Comparing  the  expressions  for  CTsp 
tnd  CTf  as  in  Eqs.  3-126  and  3-124,  it  may  be  seen  that, 
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Fig.  343.  Variations  of  Shrouded  Propeller 
Performance  aa  Influenced  by  Shroud  Drag 


for  8 positive  (converging  duct)  and  assuming  equal 
thrust  coefficients,  £ will  be  lower  for  the  ducted  pro- 
peller and  so  will  be  higher.  This  comparison 
should  not  be  interpreted  to  imply  that  the  values  of 
^r,  for  free  propellers  and  for  ducted  propellers 
d ligned  for  the  same  application  would  be  chosen  to 
be  equal. 

In  accounting  for  the  drag  of  the  duct  by  defining  a 
suitable  drag  coefficient  C&  the  overall  propulsive  effi- 
ciency of  the  shrouded  propeller  would  vary,  as  illus- 
trated in  Fig.  3-83.  As  shown,  depending  upon  the 
design  of  the  duct  and  the  resulting  CD  value,  the  pro- 
pulsive efficiency  decays  rapidly  at  the  lower  thrust 

coefficient  values. 

The  design  of  a ducted  propeller  involves  the  aerody- 
namics of  both  the  duct  and  the  propeller.  The  propel- 
ler design  follows  well-developed  methods  for  axial 
flow  fans,  as  described  in  Refs.  55, 56,  and  57,  given  the 
flow  field  interference  effects  of  the  duct.  The  aerody- 
namic design  of  the  duct  may  be  treated  by  the  method 
of  singularities,  i.e.,  by  replacing  the  duct  by  a suitable 
distribution  of  ring  vortices  (Ref.  54).  In  determining 
the  total  circulation  of  the  ring  airfoil,  it  is  necessary  in 
this  procedure  to  account  for  the  interference  effects  of 
the  propeller  upon  the  flow  about  the  ring  airfoil.  The 
influence  of  the  propeller  may  be  characterized  by  a 
distribution  of  vortex  rings  over  the  surface  of  the  pro- 
peller, in  addition  to  a cylindrical  vortex  tube  repre- 
senting the  downstream  jet  flow.  Characterization  of  a 
given  geometry  by  this  method  involves  lengthy  com- 
putations leading  to  the  solution  of  the  resulting  inte- 
gral equation,  as  in  the  conventional  aerodynamic  the- 
ory of  wings.  For  preliminary  design  purposes,  some 
simplifications  may  be  acceptable,  such  as  characteri- 
zation of  the  shroud  by  a cylindrical  distribution  of  ring 
vortices,  or  even  a single,  suitably  positioned  vortex 
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(Ref.  58).  One  of  the  features  of  better  duct  design, 
apart  from  the  requirement  to  provide  a positive  8,  is 
a relatively  large  inlet  lip  radius  of  curvature,  on  the 
order  of  5*10%  of  the  inlet  duct  radius  (Ref.  54). 

Several  aspects  of  ducted  propellers  require  consider- 
ation in  the  selection  of  such  devices  for  auxiliary  pro- 
pulsion. A comparison  of  the  ducted  propeller  with  a 
free  propeller  must  account  for  the  fact  that  the  ducted 
propeller  may  be  loaded  to  its  tip,  and  the  effective 
advance  ratio  may  not  vary  to  the  point  where  pitch 
controls  are  needed  in  the  ducted  propeller.  Turning 
vanes  may  be  provided  in  the  ducted  propeller  to 
recover  the  rotational  energy  of  the  slipstream.  The 
disk  loading  of  a ducted  propeller  (100-500  psf)  tends 
to  be  substantially  higher  than  that  for  unducted  pro- 
pellers (10-100  psf);  this  leads  to  higher  speeds,  lower 
torques,  and  thus  lighter  weights  at  a given  power  level. 
These  merits  are  reduced  by  the  weight  and  drag  of  the 
duct  and  the  resulting  lower  propulsive  efficiency. 

The  ducted  propeller  has  been  considered  for  an- 
titorque control  in  the  form  of  a propeller-in-fan  config- 
uration for  the  SA.341  (Ref.  59),  and  has  been  used  in 
the  past  on  other  nonproduction  vehicles. 

Figs.  3-84  through  3-87  illustrate  wind  tunnel  results 
for  the  ducted  propellers  used  in  the  Bell  Aerospace 
X-22A  (Ref.  60).  Fig.  3-84  shows  the  dimensions  of  the 
duct;  typical  performance  data  for  different  propeller 
pitch  angles  0 are  presented  in  Fig.  3-85;  and  some  test 
results  involving  flow  separation  from  the  shroud,  in- 
cluding the  effects  of  model  scale,  are  presented  in  Figs. 
3-86  and  3-87. 


3-S.4.3  Turbofan  and  Turbojet  Propulsion 

Turbofan  and  turbojet  engines,  because  of  their  rela- 
tively high  exhaust  velocities,  are  lower  in  propulsive 
efficiency  than  propeller  or  ducted  propeller  devices. 
Nonetheless,  there  are  factors  that  may  lead  to  their 
selection  for  some  auxiliary  propulsive  purposes. 

The  basic  arrangement  of  a turbofan  engine  is  shown 
in  Fig.  3-88.  The  turbojet  engine  configuration  may  be 
visualized  simply  by  removing  the  fan,  its  turbine,  and 
the  external  ducting.  The  compressor  C,  the  burner, 
and  the  turbine  T,  form  the  basic  gas  generator  unit.  In 
the  turbofan  configuration,  part  of  the  energy  gene- 
rated by  the  gas  leaving  the  gas  generator  drives  the  fan 
turbine  T2,  and  the  remainder  of  the  energy  available 


Fig.  3-85.  Performance  Data  for  the  Ducted 
Propeller  Overall  Efficiency  at  Different 
Propeller  Pitch  Angles 
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Fig.  3-84.  Dimensions  of  the  Experimental  Duct  for  Ducted  Propeller  Tests 
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produces  thrust  in  the  exhaust  nozzle  A7.  In  the  turbo- 
jet, all  of  the  available  energy  in  the  gas  generator 
y exhaust  is  employed  directly  for  thrust  production  in 
the  exhaust  nozzle.  The  bypass  ratio  BPR  for  the  turbo- 
fan engine  is  defined  as  the  ratio  of  the  mass  air  flow 
rate  through  the  fan  to  that  through  the  gas  generator. 


Fig.  3-86.  Flow  Separation  on  the  Lower  Part  of  the 
Entrance  Lip  of  the  Propeller  Duct 


Fig.  3-87.  Flow  Separation  on  the  Upper  Part  of  the 
Entrance  Lip  of  the  Propeller  Duct 


For  turbofan  engines  for  the  auxiliary  propulsive  appli- 
cation, high  bypass  ratios  (above  3)  are  necessary  if 
these  engines  are  to  be  reasonably  competitive. 

Figs.  3-89  and  3-90  illustrate  the  performance 
parameters  relative  thrust  and  thrust  specific  fuel 
consumption  (TSFC)  as  a function  of  airspeed  for  a 
range  of  bypass  ratios,  and  compare  these  parameters 
with  a turboprop. 

Because  of  the  high-  propulsive  power  required  at 
higher,  flight  speeds,  integration  of  the  propulsion  and 
rotor  power  systems  must  be  considered.  The  converti- 
ble fan/shaft  (CF/S)  engine  concept  discussed  in  Ref. 
61  accomplishes  this  objective.  The  CF/S  concept  in- 
volves an  engine  that  can  provide  shaft  power  under 
low-speed  flight  conditions  and  propulsive  thrust  by 
means  of  turbofan  configuration  at  higher  flight  speeds. 
Advantages  of  integration  of  the  fan  into  the  en- 
gine—as  opposed  to  a separate  fan  unit — include 
lighter  weight,  lower  drag,  benefits  of  precompression 
for  the  flow  entering  the  compressor  of  the  gas  genera- 
tor, and  simpler  installation.  Such  an  installation  is 
illustrated  in  Fig.  3-91. 

Turbojet  engines  probably  would  not  be  selected  for 
compound  helicopter  designs  requiring  sustained  auxil- 
iary propulsion  primarily  because  of  their  relatively 
poor  propulsive  efficiency  (high  TSFC)  at  such  flight 
speeds.  On  the  other  hand,  if  mission  requirements 
dictate  only  short  periods  of  auxiliary  propulsion  for 
high-speed  dashes,  turbojet  engines  may  appear  more 
favorable  because  of  their  relatively  lighter  weight  by 
comparison  with  turbofan  engines  of  comparable 
thrust.  Early  investigations  of  vehicle  dynamics  with 
auxiliary  propulsion  frequently  were  performed  using 
small  turbojet  engines  as  auxiliary  propulsive  units  be- 
cause of  their  simplicity  and  the  economy  of  adding  the 
units  on  existing  helicopters.  The  subject  of  auxiliary 
propulsion  unit  selection  and  installation  configuration 
is  treated  extensively  in  Refs.  62  through  65. 

3-3.4.4  Augmentation  Systems 

One  way  to  avoid  sizing  a helicopter  power  plant  for 
continuous  operation  at  the  extremes  of  the  required 
power  specifications  when  continuous  full-power  oper- 
ation is  not  actually  needed  is  to  provide  a system  for 
temporary  augmentation  of  the  power  available.  For 
example,  a requirement  for  6000- ft  elevation,  95*F  day, 
and  takeoff  power  with  one  engine  out  could  be  met  in 
this  manner.  Augmentation  methods  (Refs.  66  and  67) 
include: 

1 . Precompressor  injection  of  liquids.  This  proce- 
dure is  intended  to  lower  the  temperature  of  the  air 
entering  the  compressor  and  thereby  to  reduce  the  re- 
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quired  work  of  compression.  Evaporation  of  the  liquid 
within  the  compressor  produces  effects  similar  to  inter- 
cooling between  stages.  However,  the  use  of  water/al- 
cohol injection  is  not  acceptable  to  the  U.S.  Army  due 
to  contamination  problems  in  field  use 

2.  Supercharging  the  compressor  by  using  a sepa- 
rate precompressor  stage  driven  by  a separate,  external 
turbine,  or  by  the  power  turbine  through  a clutching 
arrangement 

3.  Intercooling  the  compressor  by  using  stored 
coolants 


4.  Augmenting  the  compressor  flow  by  various 
methods  (variable  geometry  and  bleed  arrangement) 

5.  Overspeed  and  overtemperature  operation  of 
the  engine 

6.  Interbuming  between  turbine  stages 

7.  Use  of  separate  gas  generators  to  increase  the 
power  turbine  mass  flow  rate 

8.  Use  of  separate  auxiliary  engines 

9.  Bypassing  the  regenerator  in  engines  with  re- 
generation. 
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(A)  AFT  FAN-TURBOFAN  ENGINE 
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(B)  FRONT  FAN-TURBOFAN  ENGINE 


Fig.  3-88  Schematic  Diagrams  Illustrating  Component  Arrangements  in  Turbofan 

Engines  (AMCP  706-285) 
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The  results  of  use  of  water/alcohol  injection  ahead 
of  the  compressor,  in  a specific  application  are  shown 
in  Fig.  3-92.  In  computing  the  augmentation,  it  was 
assumed  that  the  evaporation  of  the  water/alcohol 
mixture  occurred  by  a wet  compression  process  within 
the  compressor.  However,  actual  systems  suffer  from: 

1.  Adverse  effects  of  high  relative  humidity  in  the 
ambient  atmosphere 

2.  Variation  of  the  sites  of  the  evaporation  process 
within  the  compressor  due  to  varying  water/alcohol  to 
air  ratios  and  engine  operating  conditions,  along  with 
residence  times  within  the  compressor  that  are  too 
short  for  complete  evaporation 


i i i i 


\ SAME  CORE  GAS  GENERATOR 
SAME  FUEL  FLOW  

\ THRUST  OF  TURBOFAN  AT 
/ N.  400  kt  - 1.0 
TURBOPROP  \ 


..Ji&j)  CF/S  ENGINE 


' TURBOFAN  BPR  • 7.0  ' 


Fig.  3-91.  Sample  Configuration  of  a Convertible 
Fan/Shaft  Engine 
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Fig.  3-89.  Comparison  of  Performance  for 
Turboprop  and  Turbofan  Engines 
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Fig.  3-92.  Ideal  Augmentation  Provided  by 
Water/ Alcohol  Injection  for  a Turbcahaft  Engine 
(Ref.  67) 
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Fig.  3-90.  Thrust  Specific  Fuel  Consumption  (TSFO 
for  Turboprop,  Turbofan,  and  Turbojet  Engines  as  a 
Function  of  Flight  Speed 


3.  The  complexity  of  the  additional  water  supply 
system  and  storage  requirements  (which  are  sensitive  to 
the  required  duration  of  the  augmentation)  and  attend- 
ant engine  controls. 
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3*4  HELICOPTER  PRELIMINARY 
DESIGN  STUDY 

3*4.1  PARAMETRIC  ANALYSIS 

Parametric  analysis  is  required  during  the  helicopter 
preliminary  design  study  because  of  the  many  design 
parameters  to  be  specified.  A number  of  these  parame- 
ters are  interrelated  in  such  a manner  that  a variation 
in  one  parameter  may  result  in  the  simultaneous 
change  of  one  or  more  related  parameters.  The  study 
of  the  relationships  among  design  parameters  and  of 
the  effects  of  variations  of  these  parameters  upon  heli- 
copter mission  performance  is  the  proper  domain  of 
parametric  analysis. 

The  complicated  nature  of  helicopters,  as  well  as  the 
importance  of  many  variables  that  are  not  quantified 
easily,  has  precluded  the  overall  optimization  of  heli- 
copter configurations  by  classical  techniques.  How- 
ever, classical  optimization  techniques  may  be  applied 
to  design  problems  where  the  pertinent  relationships 
are  well  known  and  defined.  Also,  the  availability  of 
large-capacity  computing  equipment  makes  possible 
further  application  of  classical  techniques  to  helicopter 
design.  These  techniques  are  discussed  in  par.  3-4. 1. 1. 
A schematic  diagram  of  a typical  preliminary  design 
study  is  shown  in  Fig.  3-93  (Ref.  68). 

Parametric  analysis  is  a continuing  task  during  the 
preliminary  design  study.  In  the  early  stages,  the  para- 
metric anr  lysis  furnishes  preliminary  estimates  of  de- 
sign parameters  based  upon  the  state-of-the-art.  As  the 
design  become*  more  clearly  defined  by  the  design  syn- 
thesis and  related  tasks,  the  scope  of  the  parametric 
analysis  may  be  narrowed  and  more  detail  furnished  on 
selected  parameters  and  relationships. 

The  principal  use  for  data  from  the  parametric  anal- 
ysis is  in  design  synthesis.  During  the  preliminary  de- 
sign study  there  is  a continuous  interchange  of  informa- 
tion between  the  design  synthesis  and  parametric 
analysis.  The  parametric  analysis  will  provide  informa- 
tion regarding  trade-offs  between  major  design  varia- 
bles, including  data  on  the  effects  of  the  variation  of 
particular  design  variables  on  helicopter  or  subsystem 
performance.  The  principal  relationships  used  in  the 
preparation  of  these  data  are  discussed  in  par.  3-4. 1.2. 

The  actual  conduct  of  the  parametric  analysis  study 
will  depend  upon  the  way  in  which  the  mission  require- 
ments are  specified  ir*  the  requirement  document.  Some 
simple  examples  of  the  manner  in  which  studies  are 
conducted  are  given  in  par.  3-4. 1.3. 
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3-4.1.&  Optimization  in  Helicopter  Design 

The  objective  of  the  preliminary  design  study  is  the 
specification  of  the  best  configuration  to  accomplish  a 
given  set  of  mission  objectives.  Implicit  in  this  objective 
are  the  following  two  steps: 

1.  Define  the  helicopter  configurations  that  will 
meet  the  mission  requirements. 

2.  Select  the  best  helicopter  from  the  candidate 
configurations. 

In  the  language  of  classical  optimization  theory.  Step 
1 is  the  definition  of  constraints.  Step  2 requires  the 
selection  of  an  objective  function  and  the  maximization 
of  this  function  within  the  domain  bounded  by  the 
constraints.  The  application  of  optimization  to  helicop- 
ter design  is  discussed  in  the  paragraphs  that  follow. 

3*4. 1.1.1  Objective  Functions 

Selection  of  the  best  helicopter  configuration  to  sat- 
isfy a given  set  of  mission  objectives  starts  with  the 
definition  of  what  is  meant  by  “best”,  or,  the  selection 
of  an  objective  function.  Some  possible  optimization 
criteria  are: 

1.  Minimum  cost 

2.  Minimum  size 

3.  Minimum  gross  weight 

4.  Maximum  performance  (payload,  range,  endur- 
ance, etc.) 

5.  Maximum  performance  per  unit  cost. 

(Actually,  because  optimization  usually  is  referred  to  as 
a process  of  maximization,  the  objective  functions  for 
those  criteria  listed  as  minimum  should  be  replaced  by 
their  negat’ves  for  computational  purposes.) 

The  selection  of  an  objective  function  is  dependent 
upon  its  suitability  for  the  putposes  of  the  particular 
design  study  and  upon  the  ease  (or  even  possibility)  of 
computing  values  for  the  function  from  information 
normally  available  during  the  preliminary  design 
study. 

For  instance,  consider  minimum  cost.  In  order  to 
optimize  a design  according  to  this  criterion,  it  is  neces- 
sary to  know  the  effect  upon  cost  of  variations  in  design 
parameters  such  as  disk  loading  and  power  loading.  It 
is  necessary  to  consider  not  only  development  and 
manufacturing  costs,  but  also  the  costs  of  operation, 
maintenance,  provisions,  and  spares  over  the  life  cycle 
of  the  helicopter.  The  development  of  refined  cost  anal- 
ysis methods  may  make  it  easier  to  optimize  on  a cost 
basis  in  the  future  than  has  been  possible  in  the  past. 

In  contrast  to  the  general  nonavailability  of  suitable 
cost  relationships,  a considerable  volume  of  helicopter 
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Fig.  3-93.  Helicopter  Preliminary  Design  Study 


weight  data  has  been  accumulated.  Minimum  gross 
weight  is,  therefore,  a practical  choice  for  an  optimiza- 
tion criterion. 

Maximum  performance  per  unit  of  cost  more  com- 
monly is  called  maximum  cost-effectiveness,  and  re- 
quirements for  cost-effectiveness  analysis  are  a part  of 
all  new  military  design  studies.  However,  due  to  the 
aforementioned  limitations  on  cost  data,  cost-efTective- 
ness  usually  is  not  treated  at  the  configuration  optimi- 
zation level.  For  a discussion  of  cost-effectiveness  in 
1 helicopter  design,  see  par.  2-4. 

I 3-4. 1.1. 2 Constraints 

| For  any  objective  function  chosen,  a given  set  of 

l problem  variables  »„  v2,. . .,  v„  should  result  in  a unique 

5 value  for  the  function.  The  variables  are  design  parame- 

\ ters  such  as  disk  loading,  power  loading,  and  tip  speed. 

In  general,  the  larger  the  number  of  variables  carried 
■'  through  the  analysis,  the  more  nearly  optimum  the 

i solution,  but  also  the  more  complicated  the  computa- 

tional procedure.  Whenever  possible,  the  analysis 
should  be  limited  to  a few  important  independent  varia- 
bles; values  for  less  important  variables  should  be 
drawn  from  experience,  engineering  judgment,  or 
suboptimization  (par.  3-4. 1.1.4). 


In  general,  the  variables  v„  v2>. . .,v„,  may  not  take  on 
values  outside  some  finite  range  determined  by  the  mis- 
sion objectives.  The  constraints  bounding  acceptable 
configurations  involving  interrelated  variables  usually 
will  be  in  the  form  of  an  inequality  such  as  /(v,, 
v2f. . .,  vj  > aorffv,,  v}f. . .,  vj  < b,  where  nand  b 
are  numerical  values.  An  example  of  a mission-speci- 
fied constraint  is  illustrated  in  Fig.  3-94.  In  the  figure, 
which  presents  power  loading  against  disk  loading  for 
a given  hover  ceiling,  the  combination  of  power  loading 
and  disk  loading  must  lie  in  the  shaded  region  to  satisfy 
the  specified  hover  requirement. 

In  addition  to  the  mission-specified  constraints, 
some  constraints  arise  from  physical  limitations.  For 
instance,  the  rotor  usually  is  constrained  to  operate  at 
a tip  speed  Mach  number  below  that  value  at  which 
significantly  increased  drag  and  vibration  occur  due  to 
compressibility  effects.  Minimum  acceptable  levels  of 
rotor  blade  noise  may  result  in  an  even  lower  value  for 
maximum  Mach  number  at  the  blade  tip. 

Other  constraints,  such  as  a minimum  gross  weight 
objective  or  a minimum  installed  horsepower  require- 
ment, may  be  specified  directly  in  the  requirement 
document. 

Actual  examples  of  constraints  that  arise  in  helicop- 
ter design  are  discussed  in  pars.  3-4. 1.2  and  3-4.1. 3. 
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Fig.  3-94.  Misu on-specified  Constraint 


3-4. 1.1.3  Optimization  Techniques 

Mathematical  programming  techniques  such  as  lin- 
ear, nonlinear,  quadratic,  and  dynamic  programming 
have  been  applied  successfully  to  optimization  prob- 
lems in  many  diverse  fields.  These  techniques  are  used 
to  maximize  a specialized  objective  function  (usually 
linear)  of  many  variables,  subject  to  many  specialized 
constraints  (linear,  quadratic,  etc.).  These  techniques 
usually  are  not  appropriate  to  overall  helicopter  design 
optimization  because  of  the  large  number  of  imposed 
restrictions.  However,  the  number  of  independent  vari- 
ables usually  can  be  kept  small  by  exercising  good  engi- 
neering judgment  and  suboptimization.  Maximum 
seeking  methods,  including  graphical  methods,  then 
can  be  used  to  advantage. 

3-4.1. 1.3. 1 Maximum  Seeking  Methods 

The  independent  variables  in  helicopter  design  nor- 
mally are  continuous.  The  number  of  possible  combina- 
tions of  parameters,  therefore,  is  infinite,  and  all  combi- 
nations of  parameters  cannot  be  tested  in  order  to  pick 
the  best.  Thus,  a sequential  technique  is  needed  to  vary 
the  independent  variables  according  to  some  pre-estab- 
lished plan  so  as  to  approach  a maximum  in  the  short- 
est possible  time. 

A detailed  discussion  of  maximum  seeking  methods 
is  beyond  the  scope  of  this  handbook.  For  a complete 
study  of  these  methods,  see  Refs.  69  and  70  or  any 
recent  book  on  operations  research. 

3-4. 1.1. 3.2  Graphical  Techniques 

The  most  commonly  used  techniques  in  engineering 
optimization  are  graphical.  Graphical  methods  are 
straightforward  and  easily  understood,  and  the  engi- 
neer can  use  them  independently  of  computers  and 
programmers.  In  addition,  graphical  presentations  not 
only  ‘ndicate  optimum  sets  of  parameters,  but  also  indi- 


cate the  sensitivity  of  the  objective  function  to  small 
changes  in  the  independent  variables.  These  sensitivi- 
ties become  more  important  as  the  design  process  pro- 
ceeds, and  practical  limitations  are  placed  upon  some 
variables. 

Graphical  techniques  also  have  several  important 
disadvantages.  When  using  graphs,  it  is  possible  to 
carry  only  a few  major  parameters  through  the  design 
process  from  beginning  to  end,  and  other  important 
variables  must  be  assigned  values  based  upon  experi- 
ence and  judgment.  If  it  is  found  necessary  at  some 
later  time  to  change  one  of  these  assigned  values,  a 
considerable  time  delay  may  result  while  the  entire 
procedure  (or  a large  part  of  it)  is  carried  out  for  the 
new  value(s).  In  addition,  as  more  is  learned  about  the 
fundamental  relationships  in  helicopter  design,  more 
detail  will  be  needed  in  the  design  process.  Graphical 
techniques  have  a limited  potential  for  extension  to 
account  for  the  advancing  state-of-the-art  in  helicopter 
design. 

3-4. 1.1. 4 Suboptimization 

Optimization  rigorously  applied  requires  that  each 
independent  variable  be  specified  completely  in  deter- 
mining the  optimum  and  that  a change  in  any  of  the  in- 
dependent variables  results  in  a value  of  the  objective 
function  no  larger  than  the  optimum.  In  practice,  this 
rigorous  application  of  optimization  cannot  be  used  in 
helicopter  design  for  two  reasons.  First,  there  are  many 
independent  variables,  resulting  in  an  unmanageable 
optimization  problem.  Second,  any  variable  must  ap- 
pear in  the  objective  function  in  order  to  be  used  in 
optimization.  For  common  objective  functions  such  as 
gross  weight  or  cost,  the  relevant  estimating  relation- 
ships have  been  derived  on  the  basis  of  a few  major 
variables;  thus,  other  variables  are  superfluous  for  op- 
timization. 

The  term  “suboptimization”  is  used  here  to  denote 
optimization  on  a limited  scale,  whereby  a few  variables 
are  assigned  values  that  maximize  some  intermediate 
objective  function  that  experience  has  shown  to  be  im- 
portant for  helicopter  performance.  For  instance,  main 
rotor  solidity  may  be  chosen  to  maximize  rotor  Figure 
of  Merit,  a measure  of  the  nondimensional  induced 
power  loss  in  a rotor  when  converting  torque  into  hov- 
ering thrust. 

3-4. 1.2  Basic  Relationships  for  Parametric 
Analysis 

Parametric  analysis  uses  relationships  from  power 
plant  analysis,  aerodynamic  analysis,  weight  analysis, 
and  perhaps  cost  analysis  to  define  those  helicopter 
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designs  that  will  meet  the  mission  specifications,  and 
from  them  to  pick  the  best  design  relative  to  some 
optimization  criterion.  In  most  cases,  the  relationships 
are  approximate  for  two  reasons.  First,  mathematical 
models  are  merely  approximations  of  reality.  Second, 
many  of  the  relationships  are  empirical  or  at  least  use 
simplifying  assumptions. 

The  mathematical  forms  or  empirical  fairings  that 
may  be  used  to  specify  a relationship  between  design 
variables  a^e  not  unique.  The  evolution  in  helicopter 
analysis  brings  increasing  precision,  and  simplifying 
assumptions  are  removed  with  regularity,  usually  at  the 
expense  of  computational  economy. 

A particular  relationship  between  design  variables 
must  be  based  upon  a consideration  of  design  study 
operational  factors,  among  which  are: 

1 . Need  for  precision  at  the  particular  design  stage 

2.  Availability  of  needed  data 

3.  Acceptability  of  any  time  delay  involved  in 
computations 

4.  Cost  of  computations. 

The  paragraphs  that  follow  present  some  of  the  fun- 
damental relationships  used  in  parametric  analysis.  In 
each  case  the  form  of  the  relationship  has  been  chosen 
to  allow  its  use  without  tb'  necessity  for  elaborate  com- 
putations. The  basic  methods  of  parametric  analysis 
remain  valid  regardless  of  the  means  used  to  compute 
the  required  relationships. 

3-4. 1.2.1  Engine  Performance  Relationships 

The  engine  performance  relationships  pertinent  to 
parametric  analysis  are  the  temperature  dependence 
and  altitude  dependence  of  engine  power  output,  and 
the  relationship  of  fuel  consumption  to  engine  power 
output. 

3-4. 1.2. 1.1  Attitude  Dependence  of  Power 
Output 

The  power  output  of  a gas  turbine  is  proportional 
directly  to  the  mass  of  air  flowing  through  it  per  unit 
of  time.  Owing  to  the  reduction  of  density  of  the  ambi- 
ent air  for  a given  volume  flow,  this  mass  decreases 
with  altitude.  On  the  other  hand,  under  standard  con- 
ditions gas  turbine  thermal  efficiency  increases  with 
altitude  due  to  decreasing  ambient  air  temperature. 
Parametric  analysis  makes  use  of  curves  of  percent 
maximum  continuous  power  (at  sea  level)  plotted  ver- 
sus altitude.  These  may  be  derived  from  test  data  for  a 
single  engine  or  faired  from  data  for  a number  of  repre- 
sentative engines.  To  illustrate  the  effect  of  altitude  on 
engine  performance,  Fig.  3-95  was  plotted  from  a 
theoretical  analysis  of  the  Brayton  cycle,  considering 


Fig.  3-95.  Altitude  Dependence  of  Turbine  Engine 
Power 


air  as  a perfect  gas.  The  curve  will  be  found  to  agree 
reasonably  well  with  data  for  actual  engines  with  the 
same  efficiencies  tj,.,  tj,,  pressure  ratio  rp.  and  turbine 
inlet  temperature  Tr  Fig.  3-95  also  presents  a curve  of 
the  “hot  day"  performance  of  the  engine,  with  a hot 
day  defined  by  increasing  the  standard  temperature  by 
5T  deg  F at  all  altitudes. 

3-4. 1.2. 1.2  Temperature  Dependence  of 
Available  Power 

Two  factors  combine  to  decrease  the  power  output 
of  a gas  turbine  engine  as  ambient  air  temperature  in- 
creases. Most  important  is  the  fact  that  engine  thermal 
efficiency  decreases  with  increasing  temperature.  In  ad- 
dition, increasing  temperature  at  constant  atmospheric 
pressure  results  in  a decrease  in  air  density  that  in  tum 
causes  a decrease  in  the  mass  of  air  flowing  through  the 
♦urbine  per  unit  of  time.  For  use  in  parametric  analysis, 
empirical  data  for  the  temperature  dependence  of 
power  output  generally  are  satisfactory.  Fig.  3-96,  com- 
puted from  theoretical  considerations,  illustrates  the 
variation  of  available  power  with  ambient  temperature 
keeping  Ti  constant. 

3-4. 1.2. 1.3  Specific  Fuel  Consumption 

The  specific  fuel  consumption  of  a gas  turbine  engine 
is  shown  in  Fig.  3-97.  This  figure  (Ref.  71)  represents 
a fairing  of  test  data.  Although  the  data  upon  which  the 
curve  is  based  are  not  current,  the  curve  represents  the 
normal  trend  of  specific  fuel  consumption  with  varying 
power  setting. 

3-4. 1.2. 2 Helicopter  Power  Requirements 

The  power  requirements  of  a helicopter  can  be  di- 
vided into  the  following  categories: 
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Fig.  3-96.  Temperature  Dependence  of  Turbine 
Engine  Power 


rhp  m hp(  4-  hpo  + hpp  (3-128) 

The  dependence  of  these  power  requirements  upon  hel- 
icopter design  variables  is  described  in  par.  3-2,  and  is 
simplified  and  summarized  in  the  paragraphs  that  fol- 
low. 


3-4. 1.2.2. 1.1  Main-rotor  Induced  Power 

The  main-rotor  induced  power  is  the  power  required 
to  overcome  the  induced  drag  of  the  main  rotor.  The 
induced  power  requirements  in  hover  and  in  forward 
flight  are: 

1.  Hover.  In  hover,  the  induced  power  is  given  by 
the  expression 


hpi  550  12pB3 


(3-129) 


Fig.  3-97.  Cm  Turbine  Specific  Fuel  Consumption 


where 

w = rotor  disk  loading  T/inR2), 
lb/ft2 

B = tip  loss  factor,  dimensionless 
The  expression  for  induced  power  given  in  Eq.  3-129  is 
derived  from  momentum  theory  and  is  based  upon  a 
uniform  distribution  of  flow  through  the  actuator  disk. 
In  the  more  realistic  case  of  triangular  flow  distribution 
(Ref.  71) 


1.  Main  rotor  power 

2.  Control  power  (tail  rotor  power) 

3.  Accessory  power 

4.  Auxiliary  propulsive  power 

5.  Gear  and  transmission  losses. 

All  of  the  requirements  do  not  apply  to  all  helicopter 
configurations,  but  each  power  requirement  must  be 
estimated  carefully  when  it  is  appropriate  to  the  config- 
uration under  study. 

3-4. 1.2.2. 1 Main  Rotor  Power 

The  main  rotor  power  requirement  may  be  divided 
further  into  the  following  categories: 

1.  Main-rotor  induced  power  hpt 

2.  Main-rotor  profile  power  hpa 

3.  Parasite  power  hpr. 

The  total  main-rotor  shaft  power  rhp  requirement  is 
given  by 


hpt  - 


(3-130) 


The  factor  B,  accounting  for  the  loss  of  lift  at  the  blade 
tips  due  to  three-dimensional  flow,  can  be  computed 
from  Eq.  3-18  for  rotors  of  low  solidity. 

2.  Forward  flight.  In  forward  flight,  the  induced 
power  is  less  than  in  hover  because  of  the  lift  of  the 
rotor  due  to  forward  velocity.  Induced  power  can  be 
expressed  as 


(3-131) 


An  estimate  of  the  induced  power  correction  factor 
Ku  can  be  obtained  from  Wald's  Equation  (Eq.  3-32). 
When  Eq.  3-32  is  modified  to  express  forward  velocity 
Fin  knots,  and  the  tip  path  plane  assumed  to  be  paral- 
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' lei  to  the  helicopter  velocity  vector,  alff  = 0,  the  factor 
Ku  is  simply  the  ratio  of  the  induced  velocities  w/v0. 
Therefore 


K+K  ($Pf 


»1  , dimensionless  (3*132) 


Using  the  expression  for  v0 

»/  =vW(2pF)  ,fps  (3-133) 


values  of  Kk  can  be  computed.  A plot  of  Ku  at  sea  level 
for  various  values  of  disk  loading  is  given  in  Fig.  3-9$. 

3-4. 1.2.2. 1.2  Main-rotor  Profile  Power 

Profile  power  is  the  power  required  to  overcome  the 
profile  drag  (skin  friction  and  pressure  drag)  of  the 
main  rotor.  Profile  power  in  forward  flight  may  be 
computed  from  Eq.  3-42. 

In  hover,  the  advance  ratio  p vanishes,  giving  a 
lower  value  for  ftp , For  the  computation  of  the  mean 
drag  coefficient  Cp.see  par.  3-2.1.2.1.2. 

In  terms  of  thrust  and  blade  loading  w/<r,  Eq.  3-42 
can  be  rewritten  as 


*>.-  44i!^^eS(l+4■65‘,')(3•,34, 


where 


cr  = rotor  solidity,  bc/irR, 
dimensionless 
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3-4. 1.2.2. 1.3  Parasite  Power 

Parasite  power  hpr  is  the  power  required  to  overcome 
the  parasite  drag  of  the  helicopter.  In  the  absence  of 
auxiliary  propulsion,  this  power  must  be  supplied  by 
the  main  rotor. 

Parasite  drag  in  aeronautical  theory  usually  is  taken 
to  be  exactly  opposite  in  direction  to  the  velocity  vec- 
tor. However,  in  helicopter  design  a simplification  re- 
sults if  the  parasite  drag  is  limited  only  to  the  drag 
opposing  horizontal  motion.  The  vertical  component  of 
parasite  drag  is  considered  as  an  increase  in  download- 
ing (vertical  drag). 

The  standard  expression  for  parasite  power  (par.  3- 
2.1.2. 1.3)  is  given  by  Eq.  347.  In  hover  or  vertical 
climb,  where  the  forward  velocity  vanishes,  there  is  no 
parasite  drag. 


3-4.1.2.2.1.4  Power  Requirements  for 

Tandem-rotor  Configurations 

The  profile  power  and  parasite  power  requirements 
for  tandem-rotor  configurations  are  given  by  the  same 
expressions  used  for  single  rotors.  The  induced  power, 
however,  requires  a special  treatment.  The  geometry  of 
a tandem-rotor  configuration  is  shown  in  Fig.  3-99. 

The  tandem-rotor  effective  disk  area  Af  is  computed 
on  the  basis  of  effective  blade  length  BR,  and  also 
accounts  for  any  overlapped  areas.  The  induced  power 
hp,  in  hover  is  given  by  the  expression 

»-,35> 

The  tandem-rotor  interference  factor  K is  discussed  in 
par.  3-2. 1.3. 

In  forward  flight  the  value  of  hp,  given  by  Eq.  3-135 
must  be  multiplied  by  a factor  Kk  as  in  the  case  of  a 
single-rotor  configuration. 


The  factor  Ku  is  computed  from  Eq.  3-137,  derived  in 
Ref.  71  from  momentum  theory, 

/ A \ 2 / 1.69K  V 

K + \-^  1 ( ) XJ  = 1 . d’less  (3-137) 
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where 

v0  = [T/(2pA,)]'} 

Ay  = vertical  area  equal  to  single 
rotor  plus  vertical  gap  area 
(Fig.  3-99) 

3*4. 1.2.2, 2 Control  Power 
Control  power  is  the  power  required  by  the  tail  rotor 
in  single-rotor  configurations  to  counteract  the  torque 
of  the  main  rotor  and  to  provide  directional  control. 
The  main  rotor  torque  Q is  given  by  the  equation 


S50  rhp 
__ 


, lb-ft 


(3-138) 


This  torque  must  be  balanced  by  a counter  torque  pro- 
duced by  a tail  rotor  thrust  Ttm  at  the  end  of  a tail  rotor 
moment  arm  sn. 


Q ~ Ttrstr  *lb-ft  (3-139) 

Combining  Eqs.  3-138  and  3-139,  the  expression  for  tail 
rotor  thrust  is  obtained. 

rT*  .»>  0-'«> 

Tail  rotor  power  hpn  is  composed  of  induced  power 


and  profile  power,  which  may  be  computed  from  Eqs. 
3-131  and  3-134,  respectively,  if  the  main  rotor  varia- 
bles are  replaced  by  the  corresponding  tail  rotor  varia- 
bles. The  tail  rotor  thrust  must  be  sufficient  to  coun- 
teract the  main  rotor  torque  and  also  to  provide 
adequate  yaw  control  and  maneuvering  ability. 

3-4. 1.2. 2. 3 Accessory  Power 

Accessory  power  hp„  is  the  power  required  by  ac- 
cessories such  as  generators,  air  conditioners,  and 
winches.  Accessory  power  is  computed  by  summing 
the  power  requirements  of  all  the  accessories,  in- 
cluding the  losses  in  the  power  takeoffs  from  the 
power  plant  or  drive  system. 

3-4. 1. 2.2.4  Auxiliary  Propulsive  Power 

Auxiliary  propulsive  power  hpaux  is  the  power  re- 
quired by  a propeller  or  other  auxiliary  propulsion  de- 
vice. Auxiliary  propulsion  is  employed  with  or  without 
fixed  aerodynamic  surfaces  to  permit  higher  forward 
speeds  than  can  be  obtained  when  all  propulsive  re- 
quirements are  met  by  the  main  rotor. 

Auxiliary  propulsion  may  be  supplied  by  a jet  engine 
separate  from  the  main  engine(s).  In  this  case  it  is 
necessary  for  the  auxiliary  engine  only  to  provide  suffi- 
cient thrust  to  overcome  the  parasite  drag  of  the  heli- 
copter and  the  profile  drag  of  the  wing  (if  a wing  is 
used).  However,  use  of  a separate  engine  is  not  the 
usual  procedure  in  helicopters  because  of  the  low  pro- 
pulsive efficiency  of  a jet  engine  at  low  speed  (par. 
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3-3. 3.4).  When  such  a configuration  is  used,  it  usually 
is  to  allow  inexpensive  modification  of  an  existing  de- 
sign. The  more  normal  practice  is  to  use  a propeller 
driven  by  the  main  engines.  Power  requirements  for  the 
auxiliary  propeller  are  discussed  in  par.  3-2.2.4.2. 

3-4.1, 2.2.5  Gear  and  Transmission  Power 

Losses 

Gear  and  transmission  power  losses  hpt  comprise 
that  power  which  is  lost  in  friction  associated  with  the 
drive  train.  These  losses  usually  are  estimated  from 
past  experience  with  similar  components  as  a percent- 
age of  the  total  horsepower  requirement  for  the  heli- 
copter. 

3-4. 1.2.2. 6 Total  Helicopter  Power 

Requirement 

The  total  helicopter  power  requirement  BHPis  given 
by 

BlIP  - rhp  + hpTK  + hpaux  + hpa  4-  hpg  (3-141) 

The  power  requirements  for  hover,  forward  flight,  and 
climb  are  discussed  in  the  paragraphs  that  follow. 

3-4.1. 2.2.6.1  Hover  Power  Required 

Out-af- ground  Effect  (OGE) 

For  most  helicopter  designs,  the  most  stringent 
power  requirement  is  to  support  hover  out-of-ground 
effect  (OGE)  at  the  design  altitude  and  temperature 
condition. 

It  is  possible  that  the  propeller  (if  used)  can  be  disen- 
gaged in  hover  so  that  hpaiu  vanishes.  However,  the 
clutch  installation  may  result  in  unacceptable  cost  and 
weight  penalties.  In  such  cases  the  propeller  is  kept  in 
motion  with  the  pitch  set  so  as  to  produce  zero  net 
thrust.  The  value  of  hpgux  then  is  just  the  power  re- 
quired to  overcome  the  propeller  profile  drag. 

The  main  rotor  power  in  hover  rhpk0,  is  given  by 

rhPHov  = hPi  + hpo  <3'l42> 

The  induced  power  and  profile  power  are  given  by 
Eqs.  3-129  and  3-134  (with  p,  = 0),  respectively.  The 
thrust  rto  be  used  is  the  sum  of  gross  weight  and  hover 
download  (vertical  drag).  The  computation  of  hover 
download  is  discussed  in  par.  3-2. 1.1. 9. 

The  factor  hpn  in  Eq.  3-141  can  be  computed  from 
the  considerations  in  par.  3-4.1. 2.2.2,  or  may  be  es- 
timated as  a fraction  K,  of  BHP,  i.e.. 
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Fig.  3-100.  Hover  Power  Loading  at  Altitude 


hpTR=Kt(BHP)  (3-143) 

The  factor  hpt  usually  is  computed  as  a fraction 
Kt  of  BHP  from  the  relationship 

hpg  - Kg(BHP)  (3-144) 

where  the  values  of  K,  and  Kt  are  estimated  from  statis- 
tics of  past  helicopter  designs. 

A useful  presentation  of  power  required  in  hover  is 
shown  in  Fig.  3-100,  where  the  power  loading  is 
given  by 

THP~m  Jb/hp  (3-,45) 


where 

Wg  = gross  weight,  lb 

The  curves  of  horsepower  required  to  hover  at  alti- 
tude, shown  in  Fig.  3-100,  can  be  converted  to  require- 
ments for  installed  sea  level  maximum  continuous 
horsepower  by  applying  a factor  to  account  for  the  loss 
of  engine  power  output  at  altitude.  The  altitude  correc- 
tion factors  are  given  by  Fig.  3-95.  A temperature  ad- 
justment factor  can  be  read  from  Fig.  3-96  if  the  hover 
conditions  are  required  to  be  met  at  temperatures  other 
than  standard.  The  resulting  curves  are  shown  in  Fig. 
3-101. 

Implicit  in  the  curves  of  Figs.  3-100  and  3-101  are 
values  of  SIR,  tr,  B,  CD9  and  hover  download  Dy.  The 
values  of  CD,  B,  and  <r  are  dependent  upon  the  rotor 
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Fig.  3-101.  Sea  Level  Power  Loading 


Fig.  3-102.  Rotor  Figure  of  Merit 


design.  The  rotor  solidity  <r  may  be  chosen  to  maxi- 
mize the  rotor  Figure  of  Merit  using  curves  similar  to 
those  in  par.  3-2. 1.1.7.  A plot  of  rotor  Figure  of  Merit 
against  solidity  for  various  values  of  the  ratio  C,  /cr  for 
two  tip  Mach  numbers  is  shown  in  Fig.  3-102.  These 
curves  are  computed  by  the  following  procedure: 

1.  For  a selected  value  of  Ct/<t,  tabulate  values  of 
maximum  Figure  of  Merit  for  selected  values  of  solid- 
ity. 

2.  Multiply  the  maximum  Figure  of  Merit  by  the 

Figure  of  Merit  Ratio  FMR  for  the  appropriate  values 
of  cr,  and  A/„  and  plot. 


Fig.  3-102  shows  that,  for  a tip  Mach  number  M,  of 
0.55,  the  Figure  of  Merit  is  maximized  over  a wide 
range  of  values  of  a when  a value  of  0.09  is  assigned 
to  CT/<r.  The  optimum  value  of  CV4r  is  lower  for  a tip 
Mach  number  of  0.65.  A plot  of  maximum  Figure  of 
Merit  (from  the  curves  of  Fig.  3-102)  versus  the  corre- 
sponding values  of  Cr/<r  is  shown  for  two  tip  Mach 
numbers  in  Fig.  3-103.  It  can  be  seen  that  such  a figure 
can  be  used  to  select  an  optimum  value  of  Crl<r  for 
given  values  of  the  other  rotor  parameters. 

The  use  of  optimum  values  of  CT/<r  will  result  in  a 
considerable  simplification  of  the  expression  for  main 
rotor  hover  profile  power.  The  value  of  solidity  will  be 
given  by 


a-  .dimensionless  (3-146) 

(fTla)opt 


Upon  applying  the  definitions  of  thrust  coefficient 
CT  and  disk  loading  m>,  and  rearranging, 

w/a  = Pm)2(CT/a)opt  , lb/ft2  (3-147) 


Inserting  this  expression  for  w/cr  into  Eq.  3-134  and 
combining  with  Eq.  3-130  gives  the  total  rhp  to  hover 

OGE  rhPHO<* 


r]'PHOGE 


i.i3r  nr 
5so  Sw1 


torcd 
4400 (CV/o)op, 


(3-148) 


The  value  of  rotor  tip  speed  HR  usually  is  governed 
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Fig.  3-103.  Maximum  Rotor  Figure  of  Merit 
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by  consideration  of  retreating  tip  blade  stall  or  advanc- 
ing tip  compressibility  in  forward  flight. 

3-4. 1.2. 2. 6.2  Hover  Power  Required  In-ground 
Effect  (IGE) 

The  power  required  to  hover  in-ground  effect  (IGE) 
is  determined  by  applying  a ground  effect  correction  to 
the  OGE  hover  power  requirement.  The  total  rhp  to 
hover  IGE  is  then  given  by  rhpmos  where 

<3-149) 


An  estimate  of  A (par.  3-2. 1.1. 8),  valid  only  for 
Z > R,  is  given  by 


, dimensionless 


(3-150) 


For  computations  at  lower  wheel  heights,  see  par.  3- 

2.1. 1.8. 


3-4. 1.2.2.6.3  Power  Required  in  Forward  Flight 

The  expression  for  main  rotor  power  in  forward 
flight  rhpff  is  given  by  combining  Eqs.  3-131, 3-134,  and 
3-47 


If  auxiliary  propulsion  is  provided,  hpmM  will  be  sub- 
tracted from  this  expression. 

A typical  plot  of  inverse  power  loading  required  in 
forward  flight  versus  forward  velocity  is  shown  in  Fig. 
3-104.  The  dip  in  the  curve  is  due  to  the  fact  that  the 
induced  power  term  of  Eq.  3-151  predominates  in  low- 
speed  flight  while  the  parasite  power  term  predomi- 
nates at  high  speed.  The  additional  power  requirement 
due  to  blade  stall  and  compressibility  effects  at  high 
speed  is  not  shown  in  Fig.  3-104  because  the  problems 
associated  with  these  effects  preclude  normal  flight  at 
such  speeds. 

The  curves  of  1 'ig.  3-104  presume  a constant  altitude, 
a constant  rotor  tip  speed,  and  a constant  value  of 
,/r/  Wt.  Any  of  these  parameters  may  be  varied  to  gener- 
ate sets  of  parametric  curves  if  required  for  analysis. 
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Fig.  3-104.  Power  Required  in  Forward  Flight 


Fig.  3-105.  Climb  Power  Determination 


3-4. 1.2.2.6.4  Power  Required  to  Climb 

The  expression  for  helicopter  rate  of  climb  /I/C(par. 
3-4.2.6)  is 


bSHPX  33,000  X A 

P/C  = ^ p~  , ft/min. 


(3-152) 


The  factor  A SHP  is  the  additional  power  (over  that 
required  to  maintain  altitude)  available  to  climb,  and 
Kp  is  the  climb  efficiency  factor.  Obviously  a helicopter 
R/C  will  be  at  maximum  when  the  forward  velocity  is 
that  which  minimizes  the  power  requirement  in  level 
forward  flight,  as  shown  in  Fig.  3-105.  If  vertical  climb 
is  required,  AS/fPmust  be  read  at  the  ordinate  for  zero 
forward  velocity.  In  this  case,  the  installed  power  must 
be  sufficient  to  produce  the  required  rate  of  climb  as 
given  by  Eq.  3-152. 
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3-4. 1.2.3  Fuel  Requirements 
3-4. 1.2.3. 1 Fuel  Flow  In  Hover 
The  computation  of  fuel  flow  in  hover  is  accom- 
plished by  the  use  of  Fig.  3-106.  Chart  A is  a cross  plot 
of  Fig.  3-t01  for  a fixed  gross  weight  and  shows  the 
design  power  loading  appropriate  to  the  normal  rated 
power  NRP  required  for  hovering  at  the  design  hover 
altitude.  At  a selected  altitude,  determine  the  power 
loading  required.  Calculate  the  %NRP  as  shown,  and 
enter  Chart  B at  that  value.  Read  the  specific  fuel 
consumption  SFC  from  the  appropriate  altitude  curve 
(interpolating  as  required). 

Fig.  3-106  also  shows  the  construction  of  Chart  C, 
which  introduces  the  fuel  weight  ratio  rate  dRt/dt, 
where  RF  is  the  ratio  of  the  fuel  weight  to  the  gross 
weight  (fuel  weight/  fVJ.  Values  of  dRr/dt  are  cal- 
culated for  various  altitudes,  and  hence  unique  values 
of  Tkp  and  SFC,  and  plotted  as  shown. 

3-4. 1. 2.3.2  Fuel  Flow  in  Forward  Flight 

The  fuel  flow  in  forward  flight  is  of  prime  impor- 
tance in  the  selection  of  a helicopter  configuration  that 
is  required  to  have  a specified  range  or  radius  of  action. 
The  computation  of  this  parameter  is  illustrated  in  Fig. 
3-107.  Chart  A is  a typical  plot  of  reciprocal  power 
loading  7**,"1  as  a function  of  airspeed  for  a fixed  disk 
loading  and  altitude  (as  described  in  Fig.  3-104). 
The  chart  also  shows  the  available  reciprocal  power 
loading  at  normal  rated  power  NRP.  The  procedure 
followed  to  obtain  SFC  from  Chart  B is  the  same  as 
for  hover  flight  and  as  illustrated  in  Fig.  3-107. 

Chart  C is  constructed  in  the  same  way  as  that  on 
Fig.  3-106,  and  shows  the  minimum  value  for 
dRr/dt,  which  defines  the  flight  speed  conditions  for 
maximum  endurance.  Fig.  3-107  introduces,  in  Chart 
D,  the  fuel  rate  ratio  per  unit  range  dR,/dRg.  This  is 
calculated  as  shown  in  the  figure.  The  minimum  value 
of  dRf  /dRg  indicates  the  conditions  pertinent  to  cruise 
for  maximum  range.  In  practice,  normal  cruise  is  con- 
ducted at  a slightly  higher  airspeed  than  shown  for 
reasons  discussed  extensively  in  par.  3-4.2.4. 

3-4. 1.2. 3.3  Fuel  Flow  in  Climb 

The  fuel  weight  ratio  rate  during  climb  is  given  by 


where  it  is  assumed  that  normal  rated  power  NRP  is 
3-100 


'■  ~V5T ^ ITT* tjw |V, 


used  in  climbing.  In  this  case,  the  value  of  SFCd  is  the 
SFC  at  NRP.  The  ratio  of  fuel  required  to  climb  from 
altitude  ho  (ft)  to  altitude  h,  (ft)  at  a rate  of  climb 
RJC  (fpm)  to  mean  gross  weight  Rf,  is  given  by 

C( 


.dimensionless  (3-154) 


dRp/  dt  - SFC/Thp 

i 


Fig.  3-106.  Fuel  Flow  in  Hover 
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3-4. 1.2.4  Helicopter  Weight-estimating 
Relationships 

In  addition  to  the  equations  for  required  power,  the 
parametric  analysis  requires  a set  of  equations  for  es- 
timating helicopter  gross  weight  as  a function  of  major 
design  parameters. 

Weight-estimating  relationships  usually  are  based 


Fig.  3-107.  Fuel  Required  in  Forward  Flight 


upon  statistical  data  from  previous  helicopter  designs. 
For  more  detail  on  weight  estimation  and  for  guidance 
regarding  appropriate  parametric  relationships,  see 
par.  10-2.4. 

For  configuration  selection,  an  equation  expressing 
the  ratio  of  empty  weight  (less  fiiel  tank)  to  gross 
weight  as  a function  of  major  design  parameters  is 
required.  The  parameters  upon  which  the  empty 
weight  ratio  is  dependent  should  be  the  ones  that  will 
be  used  in  configuration  selection  techniques.  For  the 
techniques  discussed  in  par.  3-4. 1.3,  the  empty  weight 
ratio  should  be  a function  of  gross  weight,  tip  speed, 
disk  loading,  power  loading,  and  number  of  engines. 
Additional  parameters,  such  as  equivalent  drag  area, 
can  be  included  in  the  configuration  selection  process 
at  the  expense  of  additional  computational  effort. 

3-4. 1.3  Techniques  of  Configuration 

Selection 

The  domain  of  feasible  helicopter  configurations  is 
defined  by  balancing  carefully  the  conflicting  require- 
ments of  the  aerodynamic  analysis  and  the  weight  anal- 
ysis. A definite  link  between  the  aerodynamic  and 
weight  requirements  is  the  fuel  weight  ratio  Rr. 

The  design  mission  requirements  normally  will  in- 
clude either  a range  requirement  or  an  endurance  re- 
quirement. Either  of  these,  when  combined  with  other 
mission  requirements,  will  result  in  a minimum  re- 
quired Rf  Parametric  analysis  will  define  this  mini- 
mum RFas  a function  of  selected  major  design  parame- 
ters. Meanwhile,  the  weight  analysis  will  define  a 
maximum  available  RFas  a function  of  the  same  set  of 
parameters.  A feasible  helicopter  configuration  is  one 
for  which  the  minimum  required  RF  is  no  less  than  the 
maximum  available  RF. 

The  set  of  feasible  configurations  established  by  the 
RF  method  may  be  analyzed  further  to  determine  which 
configuration  optimizes  some  selected  objective  func- 
tion. 

The  Rf  method  for  helicopter  design  is  discussed  in 
Ref.  71,  where  minimum  gross  weight  is  the  criterion 
used  for  optimization. 

3-4. 1.3.1  Feasible  Configurations 

3-4.1. 3.1.1  Installed  Power  and  Tip  Speed 
Selection 

The  Rf  method  for  configuration  selection  discussed 
here  requires  a value  of  installed  power  loading  to  be 
selected  in  advance.  This  value  usually  is  selected  on 
the  basis  of  the  most  rigid  hover  requirement.  To  deter- 
mine the  most  rigid  requirement,  power  loading  charts 
such  as  those  shown  in  Fig.  3- 100  must  be  prepared  for 
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each  specified  hover  requirement  (in  terms  of  altitude, 
ambient  air  temperature,  IGE,  or  OGE)  and  a compos- 
ite curve  of  power  loading  versus  disk  loading  is  then 
prepared.  Each  point  on  the  composite  power  loading 
curve  will  be  the  minimum  power  loading  shown  on 
any  of  the  individual  power  loading  curves  for  the  par- 
ticular disk  loading. 

In  some  cases  the  climb  or  forward  flight  require- 
ment may  predominate.  In  such  a case,  the  power  load- 
ing required  for  the  predominating  flight  condition  will 
replace  the  relevant  portion  of  the  composite  hover 
power  loading  curve. 

The  rotor  should  be  most  efficient  in  producing 
thrust  when  operating  at  design  maximum  tip  speed. 
The  rotor  is  constrained  to  operate  at  a speed  no  greater 
than  that  for  which  retreating  tip  blade  stall  occurs  at 
the  maximum  forward  speed.  An  additional  considera- 
tion that  may  limit  the  tip  speed  is  the  compressibility 
at  the  advancing  blade  tip.  The  resulting  vibration  level 
or  incremental  power  requirement  may  effectively  limit 
the  tip  speed.  Because  tip  speed  appears  in  both  the 
aerodynamic  and  weight  relationships,  it  may  be  car- 
ried over  into  the  optimization  procedure  at  the  cost  of 
increased  computational  effort. 

3-4.1. 3. 1.2  Available  Fuel  Weight  Ratio 

The  Rr  method  of  defining  feasible  helicopter  con- 
figurations requires  the  comparison  of  available  Rr 
with  required  RF . The  available  fuel  weight  ratio 
Rftt  is  derived  from  weight  relationships.  The  weight 
Wr  of  fuel  and  fuel  tank  is  given  by  the  equation 

WF  m Wt  “ WP  ~ K ~ *Wg  • lb  <3*155) 


where 

Kf  = weight  of  fuel  tank  per  pound 
of  fuel,  dimensionless 

and  the  factor  1/(1  + Kf)  hence  accounts  for  fuel  tank 
weight.  The  empty  weight  to  gross  weight  ratio  <f>  is  a 
function  of  gross  weight,  disk  loading,  power  loading, 
and  tip  speed.  Therefore,  the  fuel  weight  ratio  is  a 
function  of  these  same  variables.  For  selected  values  of 
power  loading  and  tip  speed,  the  resulting  RFgf  as  a 
function  of  Wt  will  be  as  shown  in  Fig.  3-108. 

3-4. 1.3. 1.3  Required  Fuel  Weight  Ratio 

The  fuel  required  to  perform  a mission  at  a specified 
range  is  the  sum  of  the  fuel  required  to  climb  to  cruise 
altitude,  the  cruise  fuel  required,  and  any  additional 
fuel  required  for  starting,  maneuvering,  and  descent  at 
destination.  The  required  fuel  weight  ratio  Rtmj  is  ex- 
pressed by  the  equation 


req 


where 


(A/?F1  + ARF2  + A RF3)  , d’less  (3-157) 


Kr  — fuel  reserve  factor, 
dimensionless 

&Rn  = fuel  weight  ratio  required  to 
climb,  dimensionless 
A Rn  = fuel  weight  ratio  required  to 
cruise,  dimensionless 
A Rn  = fuel  weight  ratio  required  to 
start  and  maneuver, 
dimensionless 


where 

Wt  = gross  weight,  lb 
Wf  = payload,  lb 
Wc  = crew  weight,  lb 
4>  — ratio  of  empty  weight  to  gross 
weight,  dimensionless 
Upon  dividing  by  gross  weight, 


■(rk)x 

( WP  + Wc  \ 

\l~  ~*j  , d’less 


(3-156) 
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Fig.  3-108.  Available  Fuel  Weight  Ratio 
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The  factor  Kr  accounts  for  a fuel  reserve  expressed 
as  a fraction  of  initial  fuel  load.  If  starting  and 
maneuvering  are  assumed  to  occur  at  normal  rated 
power  NRP,  the  fuel  requirement  per  pound  of  gross 
weight  is  given  by 


Af(3?FC, 


, dimensionless  (3-158) 


DISK  LOADING  w,  Ib/ft* 


* < 

_i  O'  w, 

^ h-  2 

£g  «V 


where 

A t = the  time  required  for  starting 
and  maneuvers,  hr 

SFCnkp  = the  specific  fuel  consumption  at 
V power,  lb/hp-hr 

The  term  A Rn  is  given  by  Eq.  3-154,  where  it  is  desig- 
nated RFcl.  If  a return  trip  is  specified  in  the  mission 
requirement,  the  values  of  A Rn  and  A Rn  must  be 
doubled.  The  value  of  ARn  is  given  for  a simple  con- 
stant altitude  cruise  mission  of  range  Rg  (n  mi)  by 


- 

\dRgJ 


, dimensionless  (3-159) 


where  the  value  of  dRr/dRg\-i  computed  as  shown  in 
Pig.  3-107.  For  more  complicated  mission  profiles  and 
related  analyses  refer  to  pars.  3-4.2.3  through  3-4.2.7. 

The  value  of  dRr/dRg,  and  hence  of  the  required  fuel 
weight  ratio  Rf  , is  a function  of  gross  weight,  power 
loading,  tip  speed,  and  fT/  Wr  The  selection  of  values 
of  power  loading  and  tip  speed  is  discussed  in  par. 
3-4.1. 3.1.1.  The  puiamoter  j\/Wt  may  be  carried  as  a 
variable,  or  a value  may  be  assigned  based  upon  wind 
tunnel  tests  or  upon  a statistically  based  estimation 
procedure.  When  specific  values  of  ail  other  parameters 
have  been  assigned,  a plot  of  required  fuel  weight  ratio 
for  several  values  of  disk  loading  can  be  obtained.  Such 
a plot  is  shown  in  Fig.  3-109, 

3-4. 1.3. 1.4  FjpI  Weight  Ratio  Method 

The  required  fuel  weight  ratio  of  Fig.  3- 109  and  the 
available  fuel  weight  ratio  of  Fig.  3-108  are  shown  plot- 
ted together  in  Fig.  3-110.  The  condition  for  a feasible 
configuration  is 

Rp  > Rr  .dimensionless  (3-160) 


The  shaded  region  on  Fig.  3-110  is  the  feasible  region 
for  disk  loading  w,.  The  point  of  intersection  of  the 
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Fig.  3-109.  Required  Fuel  Weight  Ratio 
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Fig.  3-110.  Ccuftguratiou  Selection 


Rfg  and  RFrt^  curves  for  each  disk  loading  defines  the 
minimum  gross  weight  configuration  for  that  disk  load- 
ing. The  locus  of  minimum  weight  configurations  also 
is  shown.  If  the  objective  for  optimization  is  minimum 
gross  weight,  the  optimum  configuration  (gross  weight 
and  disk  leading)  can  be  read  directly  from  Fig.  3-1 10. 

' Tie  basic  Rf  method  can  be  extended  by  including 
in  the  analysis  additional  parameters  such  as  tip  speed 
iiR  or  ,tWWr  The  resulting  graph  then  would  consist 
of  £ number  of  sets  of  /^curves,  each  set  generating  a 
locus  of  minimum  gross  weight  configurations.  The 
choice  of  an  optimum  design  is  dependent  upon  the 
optimization  criterion  selected.  Optimization  is  dis- 
cussed in  more  detail  in  paragraphs  that  follow. 
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Fig.  3-1 11.  Main  Rotor  Radius 


3-4. 1.3.2  Optimization 

3-4. 1.3. 2.1  Minimum  Weight  and  Minimum 
Size  Configurations 

The  relative  sizes  of  the  minimum  gross  weight  con- 
figurations from  Fig.  3-110  can  be  seen  in  Fig.  3-111. 
This  figure  is  a plot  of  main  rotor  radius  as  a function 
of  gross  weight  for  the  minimum  weight  configurations 
shown  in  Fig.  3-110,  used  to  determine  the  effects  of 
size  or  weight  limitations  or  requirements  that  aiso 
might  be  applicable  to  the  design.  The  rotor  blade 
radius  R is  given  by  the  equation 


Fig.  3-1 1 1 in  conjunction  with  Eq.  3-161  shows  that  the 
disk  loading  w for  a minimum  weight  configuration 
increases  much  more  rapidly  than  does  the  gross 
weight  and  hence  the  rotor  radius  decreases.  Therefore, 
the  minimum  size  configuration  for  a given  mission 
profile  generally  is  the  heaviest  allowable  configura- 
tion. 

3-4. 1 . 3. 2. 2 Minimum  Cost  Configurations 

A replot  of  the  feasible  locus  of  minimum  weight 
configurations  (from  Fig.  3-1 10)  is  shown  in  Fig.  3-112, 
superimposed  upon  constant  cost  lines.  The  constant 
cost  lines  in  this  figure  represent  trends  oniy  and  should 
not  be  considered  precise  in  shape  o-  value.  The  mini- 
mum cost  configuration  is  the  configuration  defined  by 
the  point  of  tangency  between  the  lowest  cost  cum  and 
the  locus  of  minm—m  weight  configurations. 


Cost  Effectiveness 

A preferred  optimization  criterion  is  maximum  cost 
effectiveness  (effectiveness  per  unit  cost)  for  some  ap- 
propriate measure  of  effectiveness.  As  an  illustration  of 
this  method,  radius  of  action  will  be  used  as  the  meas- 
ure of  effectiveness.  The  curves  of  Fig.  3-109  are  valid 
only  for  a given  radius  of  action.  Hence,  the  feasible  loci 
of  minimum  weight  configurations  in  Figs.  3-110  and 
3-112  also  are  valid  only  for  that  single  radius  of  action. 
Loci  of  minimum  weight  configurations  for  several 
radii  of  action  Rgx,  Rg2,  Rg},  (dashed  lines)  are  shown 
in  Fig.  3-113  superimposed  upon  constant  cost  lines. 
Also  shown  are  lines  of  constant  radius  of  action  per 
unit  cost  (solid  lines).  These  cost-effectiveness  lines  sur- 
round a “peak”  because  the  value  of  cost-effectiveness 
is  increasing  on  the  concave  sides  of  the  curves.  The 
maximum  cost-effectiveness  configuration  is  found  at 
the  top  of  the  peak. 

The  cost-effectiveness  method  also  can  be  used  with 
a number  of  other  effectiveness  measures  such  as  en- 
durance or  payload. 


This  paragraph  presents  the  methods  used  to  calcu- 
late helicopter  mission  performance  capabilities  for  a 
specific  configuration.  A typical  helicopter  mission 
profile  is  depicted  in  Fig.  3-114.  Noted  on  the  profile 
are  the  mission  elements  that  are  analyzed  when  deter- 
mining the  mission  performance  capability  of  a config- 
uration. To  calculate  the  performance,  it  first  is  neces- 
sary to  determine  the  aircraft  maximum  gross  weight 
at  takeoff.  The  takeoff  capability  is  dependent  upon 


Fig.  3 112.  Minimum  Cost  Configurations 
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ambient  conditions  and  the  takeoff  criteria.  For  heli- 
copters, the  takeoff  criteria  usually  are  based  upon  ei- 
ther hover  out-of-ground-effect  or  hover  in-ground- 
effect  capability.  Once  the  maximum  takeoff  gross 
weight  capability  has  been  determined  and  the  elements 
of  the  mission  specified,  the  mission  fuel  requirements 
can  be  calculated.  Fuel  allowances  are  calculated  for 
engine  and  rotor  startup  and  pretakeoff  checks  (usually 
termed  “warmup"),  hover,  climb  to  cruise  altitude, 
cruise  over  the  specified  range  or  for  the  specified  en- 
durance, and  hover  time  at  landing.  From  a given  max- 
imum takeofT  gross  weight,  which  includes  the  fuel 
requirements,  and  with  the  weight  of  the  aircraft,  asso- 
ciated equipment,  and  crew  defined,  the  payload  capa- 
bility for  the  mission  can  be  determined. 

3-4.2. 1 Hover  Ceiling 
3-4.2. 1.1  General 

Hover  ceiling  is  defined  as  the  maximum  altitude  at 
which  a given  helicopter  can  remain  aloft  stationary 
with  respect  to  the  ground  under  zero  wind  velocity 
conditions.  Helicopter  capabilities  are  affected 
markedly  by  ambient  temperature  and  proximity  to  the 
ground. 

Fig.  3-115  represents  a typical  format  used  to  show 
helicopter  hover  ceiling  capability  when  hovering  at  a 
wheel  (skid)  height  greater  than  approximately  two 
rotor  diameters  above  the  ground,  which  is  termed 


maximum  cost-effectiveness 
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Fig.  3-113.  Cost-effectiveness  Optimization 
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Fig.  3-114.  Typical  Mission  Profile 


hovering  OGE,  and  when  hovering  close  to  the  ground, 
which  is  termed  hovering  IGE.  The  upper  portion  of 
the  chart  shows  OGE  performance  capabilities  over  a 
range  of  pressure  altitudes  and  ambient  temperature 
conditions.  By  entering  the  chart  at  specified  altitude 
and  temperature  conditions,  the  OGE  gross  weight  ca- 
pability can  be  read  at  the  corresponding  point  on  the 
gross  weight  scale.  By  following  a path  to  the  appropri- 
ate wheel  height  parallel  to  the  guidelines  shown  on  the 
bottom  of  the  chart,  the  IGE  hover  gross  weight  capa- 
bility can  be  determined.  This  format  generally  is  used 
when  presenting  hover  capabilities  in  the  pilot's  operat- 
ing manual,  and  in  technical  documents  such  as  detail 
specifications  and  proposals. 

The  reduction  in  gross  weight  capability  that  is  dis- 
played on  the  hover  chart  at  high  altitude  and  high 
temperature  is  characteristic  of  turbine-powered  heli- 
copters. The  decreased  capability  is  a result  principally 
of  the  engine-power-available  characteristics.  Power  re- 
quired for  constant  gross  weight  is  relatively  insensitive 
to  altitude  and  temperature  variations. 

Hover  ceiling  capabilities  generally  are  shown  for  a 
gross  weight  range  extending  from  the  minimum  oper- 
ating weight  to  the  maximum  gross  weight  approved 
for  the  aircraft  and  for  a range  of  altitudes  extending 
from  sea  level  to  the  maximum  operating  altitude. 
Transmission  torque  limitations  on  power  available, 
and  altitude  limitations  on  specific  components,  may 
restrict  the  performance  capabilities  of  the  aircraft.  On 
flight  handbook  and  detail  specification  charts,  ambi- 
ent temperatures  for  the  approved  or  design  operating 
range  generally  are  shown.  For  specific  technical  inves- 
tigations or  system  analvsis  stfjBies,  the  temperature 
and  altitude  ranges  generally  are  narrower  and  may  be 
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limited  to  the  temperature  or  altitude  of  interest. 

The  variation  in  gross  weight  capability  as  a function 
of  wheel  or  skid  height  shows  that  the  proximity  of  the 
ground  influences,  by  its  effect  upon  the  downwash 
Held,  the  performance  of  a rotor.  As  the  helicopter 
approaches  the  ground  in  hover,  the  blade  pitch  re- 
quired to  produce  a given  thrust  is  reduced,  with  a 
resultant  decrease  in  induced  power  required.  When 
this  condition  exists,  the  helicopter  is  hovering  IOE.  As 
the  height  above  the  ground  is  increased,  the  benefit  of 
ground  effect  decreases,  resulting  in  an  increase  in  in- 
duced power.  A point  finally  is  reached  at  which  the 
height  above  the  ground  can  be  increased  further  with 
no  resultant  increase  in  hover  power  required.  At  this 
point,  the  aircraft  is  hovering  OGE.  The  significant 
parameter  determining  the  benefit  derived  from  ground 
effect  is  the  ratio  of  rotor  height  above  the  ground  to 
rotor  diameter  Z/R.  Based  upon  measured  helicopter 
characteristics,  there  is  tittle  evidence  of  ground  effect 
above  Z/R  = 2.0. 

When  studying  specific  configurations,  the  distance 
between  the  rotor  hub  and  the  wheel  or  skid  is  ac- 
counted for  and  performance  usually  is  shown  as  a 
function  of  wheel  or  skid  height.  The  minimum  recom- 
mended wheel  height  is  determined  from  flying  quali- 


ties and  controllability  characteristics  when  operating 
near  the  ground  (2-ft  skid  height). 

3-4.2. 1.2  Method  of  Analysis 

The  analysis  method  flow  diagram  in  Fig.  3-116  de- 
picts the  steps  used  when  calculating  hover  ceiling  ca- 
pability. Chart  A of  Fig.  3-116  depicts  the  installed 
shaft  horsepower  characteristics  as  a function  of  ambi- 
ent temperature  for  various  altitude  conditions.  In- 
stalled shaft  horsepower  is  developed  from  the  basic 
uninstalled  engine  power  available  charactersitics  with 
adjustments  that  account  for  losses  from  elements  of 
the  airframe  inlet  am*  exhaust  system;  v.g.,  inlet  geome- 
try and  screens,  particle  separators,  and  infrared  sup- 
pressors. The  adjustments  also  include  an  allowance  for 
bleed  air  extracted  from  the  compressor  stages  for  anti- 
ice protection  of  engine  inlets  when  operating  in  cold 
ambient  conditions  or  for  cabin  and  cockpit  air-condi- 
tioning systems  when  operating  in  hot  ambient  condi- 
tons.  The  engine  power  rating  used  for  calculating  hov- 
ering capability  is  selected  based  upon  the  duration  of 
hover  specified  for  the  mission.  Maximum  power  is 
used  when  the  hover  portion  of  the  mission  is  less  than 
5 or  10  min  in  duration.  Intermediate  power  is  used  for 
hover  of  up  to  30  min  and  maximum  continuous  power 
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is  used  for  missions  requiring  hover  periods  in  excess 
of  30  min.  Chart  B of  Fig.  3-116  depicts  the  aircraft 
power  required  characteristics  for  hover  OGE  as  a 
function  of  the  weight  coefficient  CWt  defined  as 
The  power  required  may  be  determined 
theoretically  or  by  testing  of  models  or  full-scale  con- 
figurations. When  the  power  required  is  derived 
theoretically,  it  is  developed  for  the  basic  rotor  (see  Fig. 
3-1 17)  and  adjustments  are  made  to  account  for  verti- 
cal drag  on  the  fuselage  due  to  rotor  downwash;  tail 
rotor  losses  (for  single-rotor  helicopters)  or  rotor  inter- 
ference losses  (for  an  overlapped  tandem-rotor  helicop- 
ter); transmission  system  losses;  accessory  power  re- 
quired for  pumps,  blowers,  and  electrical  generators; 
and  additional  power  must  be  added  when  the  helicop- 
ter is  to  be  operated  at  critical  combinations  of  thrust 
and  high  tip  Mach  numbers  where  significant  com- 
pressibility losses  are  incurred.  These  adjustments  be- 
tween basic  isolated  rotor  performance  and  actual  air- 
craft performance  are  illustrated  dearly  in  Fig.  3-117. 

To  calculate  hover  ceiling  capability,  enter  Chart  A 
of  Fig.  3-116  at  the  ambient  conditions  desired.  The 
example  is  shown  for  ambient  conditions  of  5000  ft 
pressure  altitude  and  a temperature  of  95*F.  At  those 
ambient  conditions,  the  installed  shaft  horsepower  can 
be  determined  and  the  nondimensional  power  coeffi- 
cient, CP,  can  be  calculated.  Using  the  ambient  temper- 
ature, the  Mach  number  of  the  blade  tip  M0  can  be 
calculated  by  dividing  the  tip  speed  VlR  by  the  speed  of 
sound  a at  that  temperature.  Chart  B is  then  entered  at 
the  power  coefficient  and  Mach  number  to  determine 
the  weight  coefficient  out-of-ground-effect  C*  , 
which  is  converted  to  gross  weight  capability  and  plot- 
ted on  the  hover  ceiling  chart  (Chart  D)  for  the  selected 
ambient  temperature.  Similarly,  Chart  C is  used  to 
determine  the  gross  weight  capability  when  hovering 
IGE  at  the  example  wheel  height  of  30  ft,  and  is  the 
basis  for  the  IGE  hover  ceiling  chart  (Chart  E). 

3-4.2. 2 Payload 

3-4. 2. 2.1  General 

Helicopter  mission  performance  criteria  generally 
require  transportation  of  a specified  payload  over  a 
specified  distance.  The  payload  may  be  in  the  form  of 
troops,  troop  supplies  and  ammunition,  weapons,  or 
vehicles.  Many  of  these  items  can  be  loaded  efficiently 
into  the  cabir.  of  the  helicopter.  In  many  instances, 
however,  the  dimensions  of  the  load  exceed  those  of  the 
cabin.  Because  of  the  ability  of  the  helicopter  to  hover 
over  a fixed  point,  these  loads  may  be  suspended  and 
transported  externally  to  the  cabin.  In  some  cases  it 
simply  is  more  efficient  to  acquire  and  deposit  the  cargo 


externally.  Because  the  externally  suspended  cargo  im- 
poses a drag  penalty  upon  the  configuration,  speed  ca- 
pability and  range  capability  are  reduced.  Fig.  3-118 
depicts  typical  characteristics  for  internal  and  external 
payload  range  capabilities  of  a helicopter. 

As  for  any  aircraft  operating  at  a constant  takeoff 
gross  weight,  when  fuel  is  added  to  increase  the  range 
capability,  a commensurate  reduction  in  payload  is 
necessary'.  When  the  internal  fuel  capacity  is  reached, 
large  reductions  in  payload  produce  relatively  niyv.1! 
increases  in  range  capability.  The  range  capability  can 
be  extended  significantly,  however,  by  adding  inter- 
nally or  externally  mounted  auxiliary  fuel  tanks,  as 
shown  by  the  dashed  line  on  Fig.  3-118.  Limitations 
upon  the  payload  capability  can  result  from  space  re- 
strictions or  from  floor  loading  limitations  for  internal 
cargo,  and  from  the  design  limitations  of  the  cargo 
hook  in  the  case  of  external  loads. 

Payload  capability  for  a helicopter  is  defined  as  t he 
takeoff  gross  weight  less  the  sum  of  the  mission  fuel 
required,  the  fixed  useful  load,  and  the  aircraft  empty 
weight.  Aircraft  empty  weight  and  fixed  useful  load  are 
inherent  characteristics  of  any  specific  configuration. 
Takeoff  gross  weight  is  dependent  upon  the  takeoff 
criteria  specified.  Required  mission  fuel  is  dependent 
upon  the  mission  profile  specified  and  normally  in- 
cludes a 5%  increase  over  that  which  is  calculated  by 
using  the  engine  manufacturer’s  specification.  These 
items  are  discussed  in  more  detail  in  the  paragraphs 
that  follow. 

3-4. 2. 2. 2 Definition  of  Weights 

The  takeoff  and  landing  gross  weights  of  the  helicop- 
ter are  comprised  of  the  elements  listed  in  par.  10-2  6. 

3-4.2.22.1  Takeoff  Gross  Weight 

Examples  of  takeoff  criteria  normally  used  to  define 
mission  takeoff  gross  weight  are  hover  OGE,  hover 
IGE  at  a specified  wheel  height,  vertical  takeoff  at  a 
specified  vertical  rate  of  climb,  and  structural  limita- 
tions. For  gross  weights  in  excess  of  those  that  allow 
hover  IGE  capability,  a rolling  takeoff  may  be  speci- 
fied. In  some  cases,  the  takeoff  gross  weight  may  be 
established  by  the  en  route  cruise  capability  with  one 
engine  inoperative  or  by  performance  requirements 
specified  for  the  helicopter  at  a given  landing  site  The 
structural  limitation  on  takeoff  gross  weight  may  be 
any  one  of  the  design  limitations,  such  as  basic  struc- 
tural design  gross  weight  or  alternate  design  gross 
weight,  depending  upon  the  mission. 
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Fig-  3-117.  Aircraft  Hover  Power  Development 


3-4.2. 2.2. 2 Empty  Weight 

The  items  that  make  up  the  empty  weight  of  a 
helicopter  are  given  in  par.  10-2.6.  They  comprise  a 
completely  assembled,  ready-to-fly  helicopter,  and  in- 
clude the  fluids  required  for  operation  of  various  sys- 
tems, e.g.,  transmission  oil  and  hydraulic  fluid.  Not 
included  in  empty  weight  are  the  trapped  fluids  for 
engine  lubrication  or  the  trapped  or  unusable  fuel  in  the 
fuel  system.  Special  items  to  be  considered  as  part  of  the 
empty  weight  of  a given  helicopter  will  be  incorporated 
in  the  applicable  model  specification.  For  special  mis- 
sions requiring  maximum  useful  load,  it  may  be  desira- 
ble to  reduce  the  empty  weight  by  stripping,  i.e. , remov- 
ing nonessential  items.  The  extent  of  the  stripping  is 
dependent  upon  the  objective  of  the  mission  and  upon 
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Fig.  3-118.  Payload-range  Capability 


whether  or  not  the  stripping  can  be  accomplished  in  the 
field. 

3-4.2.2.2  3 Basic  Weight 

The  basic  weight  comprises  the  empty  weight,  all 
fixed  operating  equipment,  mission  armament,  auxil- 
iary fuel  tanks,  ballast,  and  trapped  and  unusable  fuel 
and  oil.  The  basic  weight  of  a given  aircraft  will  vary 
with  structural  modifications  and  changes  in  fixed  op- 
erating equipment.  The  term  "basic  weight",  when 
qualified  with  a word  indicating  the  type  of  mission 
involved — basic  weight  for  combat,  basic  weight  for 
ferry — may  be  used  in  conjunction  with  directives 
specifying  equipment  for  those  missions. 

In  preliminary  design,  the  weight  of  internal  auxil- 
iary fuel  tanks  (bladder)  is  estimated  based  upon  0.3 
Ib/gal  of  auxiliary  fuel,  while  external  auxiliary  tank 
weight  is  estimated  based  upon  0.3  lb/gal  of  auxiliary 
fuel. 

3-4.2.22.4  Fixed  Useful  Load 

Fixed  useful  load  is  comprised  of  items  such  as  oil, 
crew,  crewmen’s  baggage,  and  emergency  and  other 
specified  auxiliary  equipment. 

3-4.2.22.5  Operating  Weight 

Operating  weight  is  the  sum  of  the  empty  weight  and 
the  fixed  useful  load. 
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3-4. 2. 2 ’.  2. 6 Useful  Load 

Useful  load  includes  all  items  from  the  fixed  useful 
load  list  plus  fuel,  cargo,  ammunition,  bombs,  drop 
loads,  passengers,  and  external  auxiliary  fuel  tanks  (if 
they  are  to  be  disposed  of  during  flight). 

3-4.2.3  Mission  Profile 

3-4.2. 3.1  Mission  Profile  Definition 

Fuel  calculations  for  determining  the  payload-range 
capabilities  of  helicopters  are  dependent  upon  the  mis- 
sion profile  specified.  Innumerable  variations  in  mis- 
sion profile  can  be  developed  by  rearrangement  of  a few 
basic  elements.  The  typical  mission  profile  is  depicted 
schematically  in  Fig.  3-114. 

The  eitgine  fuel  consumption  rate  shall  be  increased 
5%  over  that  quoted  by  the  engine  manufacturer  to 
compensate  for  variations  among  service  aircraft  and 
operating  techniques.  The  fuel  grade  is  general!}  that 
which  is  considered  standard  for  the  enginefs)  installed, 
and  the  fuel  weight  is  based  upon  the  associated  fuel 
density.  Typical  helicopter  turbine  engine  fuels  include 
JP-4  grade  at  6.5  lb/gal  and  JP-5  grade  at  6.8  lb/gal. 
Deviations  from  these  expressed  normal  conditions  are 
cited  in  MIL-M-7700  and  MIL-C-5011. 

3-4.2. 3.2  Mission  Profile  Elements 

li.c  to:  owing  paragraphs  detail  considerations  af- 
fecting v. . .ght  and  fuel  consumption  for  each  phase  of 
the  typical  mission  profile  depicted  in  Fig.  3-114.  To 
simplify  data  presentation  the  concept  of  referred  or 
generalized  values  is  introduced  at  this  time  by  use  of 
generalizing  coefficients  S and  9,  where  8 is  the  ambi- 
ent pressure  ratio  p/p„jsl  and  9 the  ambient  tempera- 
ture ratio  T/T„d<r 

3-4.2. 3.2.1  Warmup 

Engine  start  and  aircraft  checkout  commonly  are 
termed  “warmup".  A normal  fuel  allowance  for 
warmup  is  5 min  at  normal  power  and  is  calculated  by 
use  of  a chart  similar  to  Fig.  3-119  prepared  from  the 
manufacturer's  performance  data  for  the  engine  in- 
stalled. The  method  is  as  follows: 

1.  For  the  specified  ambient  condition,  calculate 
the  generalized  shaft  horse  power  SHP/ldv^)  using 
maximum  continuous  power. 

2.  Enter  the  chart  for  the  calculated  value  of 
SHP/(8\/d)  and  obtain  generated  fuel  flow 
W/(8\/Q)  using  the  5%  increase  curve. 

3.  Calculate  the  fuel  required  for  warmup  using 
the  following  equation  and  the  appropriate  warmup 
time  A / in  hours: 


Fuel  Required  = 


(Sv^XA/) 


,1b  (3-162) 


where 

Wf  = fuel  flow,  lb/hr 

8 — ambient  pressure  ratio, 

Pomb/Pudj  dimensionless 

9 — ambient  temperature  ratio, 

Tamb/TSIJil  dimensionless 
At  - time  increment,  hr 
Sy'fl  - generalizing  coefficient, 
dimensionless 

3 -4. 2. 3. 2. 2 Hover  at  Takeoff 

In  many  cases,  the  hover  time  at  takeoff  is  negligible 
and  is  not  included  in  the  mission  profile,  particularly 
when  payloads  are  carried  internally.  However,  the 
hover  time  required  for  external  load  acquisition  can  be 
significant,  and  in  this  case  the  fuel  requirements  must 
be  considered  in  determining  the  total  mission  fuel.  By 
using  the  hover  performance  and  engine  fuel  flow  char- 
acteristics shown  in  Fig.  3-120,  fuel  required  for  hover 
is  obtained  as  follows; 

1.  For  the  specified  ambient  condition  (OGE)  and 
the  takeoff  gross  weight,  calculate  the  dimensionless 
weight  coefficient  Cu  = W/(pAil2R 7). 

2.  Enter  Chart  A of  Fig.  3-120  and  read  the  dimen- 
sionless power  coefficient  CP  required  to  hover  at  take- 
off. 

3.  Convert  CP  to  generalized  engine  power  re- 
quired SHP/(8v"B)  and  enter  Chart  B to  determine  the 
generalized  engine  fuel  flow  W^/(5v/$). 

4.  Calculate  the  fuel  burned  during  hover  at  take- 
off by  using  Eq.  3-162  with  the  appropriate  hover 
time. 


Fig.  3-119.  Engine  Fuel  Flow  Characteristics 
(Typical) 


i^rn wp^rrtp pr '*T^7"n)V  rryv ‘.•-■HtyM‘V''“,,M,’',r  .? 


V-'.H 


TWV,  -WT* -■'•,T'">Mr.-3i;'n  V'tiv.v-  »p;.v  * "-^rTrrcrvj jvyv •«. \ n'*vr  v.-.v  IVtf'"  1'J" ’ /' 


.-utMtfMW 

AMCP  706-201 


j 


3-4. 2. 3. 2. 3 Climb  to  Cruise  Attitude 

Time,  distance,  and  fuel  required  to  climb  to  cruise 
altitude  are  accounted  for  when  determining  absolute 
operational  capabilities  of  a helicopter,  but  usually  are 
ignored  when  simple,  comparative  analyses  are  con- 
ducted. Often,  when  climb  fuel  allowance  is  accounted 
for,  no  distance  credit  is  taken.  Pig.  3-121  is  a typical 
chart  showing  time,  distance,  and  Kiel  required  to 
climb.  The  development  of  this  chart  is  presented  in 
par.  3-4.2.6.4. 

3-4. 2. 3. 2. 4 Cruise  at  Constant  Altitude 

Cruise  generally  is  conducted  at  best  range  speed  but 
conditions  may  require  maximum  speed  as  limited  by 
the  normal  power  of  the  engines.  In  some  cases,  maxi- 
mum speed  may  be  limited  by  the  structural  capabili- 
ties of  the  helicopter  or,  for  external  load  missions,  the 
speed  may  be  limited  by  the  aerodynamic  instability  of 
the  external  load.  This  is  depicted  in  the  helicopter 
speed  capability  chart  of  Fig.  3-122. 

After  establishing  the  aircraft  takeoff  gross  weight, 
the  mission  profile  (see  Fig.  3-1 14),  the  desired  range, 
and  the  range-fuel  data  presented  in  Figs.  3-123  and 
3-124,  the  fuel  for  cruise  can  be  determined.  A detailed 
description  of  the  development  of  Figs.  3-123  and  3-124 
is  presented  in  par.  3-4.2.4.  The  specific  range  repre- 
sents the  nautical  miles  traveled  per  pound  of  fuel 
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Fig.  3*121.  Time,  Distance,  and  Fuel  To  Climb  from 
Sea  Level 
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Fig.  3-120.  Hover  Fuel  Calculation 


Fig.  3*122.  Helicopter  Speed  Capability 
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Fig.  3*123.  Specific  Range  Performance 


Fig.  3-124.  Range  Index  Curve 


burned.  The  weight  of  fuel  burned  in  a mission  of  range 
Rg  (n  mi)  in  time  t (hr)  is  fw  (lb).  Thus,  the  specific 
range  Rg/fw  can  also  be  expressed  as  ( Rg/t)/(fw/t ) or 
V/Wj( n mi/lb)  where  Fis  the  true  airspeed  in  kt  and 
Wf  the  fuel  flow  in  lb/hr.  In  order  to  use  the  range-fuel 
data  of  Figs.  3-123  and  3-124,  the  initial  cruise  gross 
weight  must  be  determined.  For  the  particular  mission 
profile  being  discussed,  the  helicopter  must  warm  up, 
hover,  and  climb  before  initiating  the  cruise  portion  of 
the  mission.  Therefore,  the  fuel  burned  during  hover, 
warmup,  and  climb  is  subtracted  from  the  takeoff  gross 
weight  to  obtain  the  initial  cruise  gross  weight.  By 
using  the  specific  range  performance  of  Fig.  3-123,  Lhe 
cruising  fuel  required  is  determined  as  follows: 

1.  Enter  Fig.  3-123  at  initial  cruise  gross  weight 
and  read  the  associated  specif, c range. 

2.  Calculate  the  approximate  cruise  fuel  required 
for  the  mission  by  dividing  the  desired  range  by  the 
specific  range;  i.e.,  Fuel  (lb)  = Range  (n  mi)/Speciflc 
Range  (n  mi/lb). 


3.  From  the  initial  cruise  gross  weight  subtract 
one-half  of  the  fuel  requirement  obtained  in  the  steps 
just  discussed  to  obtain  an  approximate  average  cruise 
gross  weight. 

4.  Re-enter  Fig.  3-123  at  the  average  cruise  gross 
weight  and  read  a new  specific  range. 

5.  Recalculate  the  fuel  required  as  in  step  2 and 
determine  a new  average  cruise  gross  weight. 

The  iteration  process  is  required  because  the  average 
gross  weight  over  the  cruise  portion  of  the  mission  is 
less  than  the  initial  cruise  gross  weight  by  one-half  of 
the  fuel  burned.  Because  the  specific  range  perform- 
ance increases  as  gross  weight  decreases,  a fuel  require- 
ment based  upon  the  initial  gross  weight  will  be  greater 
than  necessary. 

Normally,  only  one  or  two  iterations  are  required  to 
converge  average  mission  gross  weights  to  a point 
where  the  fuel  requirement  change  is  insignificant.  In 
a few  cases,  however,  a third  iteration  may  be  necessary 
before  this  condition  is  reached.  An  alternative,  more 
direct  method  for  determining  cruise  fuel  is  to  use  a 
range  index  curve  (see  Fig.  3-124).  This  curve  also  is 
entered  at  the  initial  cruise  gross  weight,  but  a range 
**>  is  read.  From  the  desired  mission  range 
Rgmm  >s  subtracted  yielding  Rgv  Reenter  the  range 
index  curve  at  Rg{  and  obtain  the  end  cruise  gross 
weight.  The  difference  between  initial  cruise  and  end 
cruise  gross  weights  is  the  cruise  fuel  required. 

3-4.2. 3. 2. 5 Descent  to  Landing  Site 

The  fuel  used  during  the  descent  from  cruise  altitude 
usually  is  considered  negligible  and  no  distance  credit 
is  allowed. 

3-4. 2. 3. 2. 6 Hover  at  Landing  Site 

As  with  hover  at  takeoff,  hover  time  at  landing  usu- 
ally is  negligible  for  internal  load  missions.  With  exter- 
nal cargo,  the  hover  time  is  significant  due  to  the  time 
involved  in  depositing  the  cargo.  The  method  of  obtain- 
ing the  fuel  requirement  is  identical  to  that  described 
for  hover  at  takeoff  with  the  exception  that  the  gross 
weight  at  the  end  of  the  cruise  is  used  to  establish  the 
power  required. 

3-4. 2. 3. 2. 7 Reserve  Allowance 

Reserve  fuel  allowance  often  is  specified  as  10%  of 
the  total  initial  fuel  at  engine  start.  For  very  short 
missions  this  results  in  a very  small  reserve  allowance; 
therefore,  20-  or  30-min  cruise  at  best  endurance  speed 
or  best  range  speed  is  used  instead.  Employing  the 
elements  of  the  mission  profile  of  Fig.  3-114,  the  total 
fuel,  less  reserve,  required  for  the  mission  is  the  sum  of 
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the  fuel  required  for  warmup,  hover  at  takeoff,  climb 
to  altitude,  cruise,  and  hover  at  landing.  For  a 10%  fuel 
reserve,  the  total  fuel  and  reserve  fuel  are  expressed  by 
the  following  equations: 

Total  Fuel  = (Total  Fuel  Less  Reserve)/0.9  | 

and  1(3-163) 

Reserve  Fuel  — 0.1 1 (Total  Fuel  Less  Reserve)  I 

A typical  summary  payload-range  calculation  chart  is 
presented  in  Fig.  3-125,  and  includes  a step-by-step 
procedure  for  calculation  of  the  fuel  required  for  each 
of  th : mission  elements  and  the  associated  payload  for 
a given  range,  using  the  specific  range  performance 
method.  This  chart  consists  of  the  flight  condition,  the 
step  number  to  indicate  the  correct  order  for  calcula- 
tion. the  item  being  determined,  and  the  appropriate 
unit  of  each  item.  The  column  to  the  right  is  to  be  filled 
in  with  the  values  associated  with  the  specified  pay- 
load-range mission.  When  used  in  conjunction  with  the 
previously  discussed  mission  elements,  the  chart  pro- 
vides an  orderly  and  accurate  approach  for  obtaining 
helicopter  payload-range  capabilities. 

3-4.2. 3. 3 External  Load  Mission 

When  the  payload  is  to  be  carried  in  the  form  of 
external  cargo,  the  payload-range  capability  of  the  heli- 
copter may  be  reduced  significantly  (see  Fig.  3-116). 
The  reason  for  this  reduction  is  the  increased  drag 
produced  by  the  load.  For  a fixed  airspeed  V the  addi- 
tional power  A SHP  required  is  proportional  directly  to 
the  increased  drag  AD.  This  increase  in  power  required 
results  in  a higher  engine  fuel  flow  rate;  therefore,  the 
specific  range  F/ff^-is  lower  for  external  load  missions 
than  for  internal  load  missions.  In  addition,  the  safe 
airspeed  for  transport  of  an  external  load  may  be  lower 
than  the  speed  for  best  range,  causing  a further  reduc- 
tion in  specific  range  (Fig.  3-126). 

For  fixed  conditions  of  mission  profile,  takeoff  gross 
weight  Wg.  empty  weight  fVr,  and  range  Rg,  the  fuel 
required  to  perform  the  mission  with  an  external  load 
will  be  greater  than  that  required  with  an  internal  load. 
As  a result,  the  payload  will  be  smaller.  This  fact  is 
illustrated  by  Points  A and  B on  Fig.  3-118. 

3-4.2. 3.4  Effect  of  Altitude  on  Payload-range 
Capability 

The  typical  effect  of  increasing  cruise  altitude  on 
payload-range  capability  is  depicted  in  Fig.  3-127.  At 
a high  takeoff  gross  weight  the  payload-range  ca- 
pability is  better  for  cruising  at  sea  level  than  for  cruis- 
ing at  altitude.  But  for  a low  takeoff  gross  weight 
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H'  , cruising  at  altitude  provides  the  best  payload- 
range  capability.  This  trend  reversal  is  a result  of  the 
nature  of  the  range-fuel  performance  shown  by  the 
specific  range  performance  curve  in  Fig.  3-128. 

The  development  of  specific  range  performance  is 
explained  in  detail  in  par.  3-4.2.4  and  is  used  here  only 
to  clarify  the  effect  of  altitude  upon  payload-range  ca- 
pability. At  a high  takeoff  gross  weight  W^.the  specific 
range  is  much  better  at  sea  level  than  at  $000  ft;  i.e., 
for  a fixed  range,  the  fuel  burned  will  be  less  and  the 
payload  will  be  greater  for  the  sea  level  cruise  or,  if  the 
fuel  is  held  constant,  the  range  for  sea  level  cruise  will 
be  greater.  For  a low  takeoff  gross  weight,  the  specific 
range  parameter  shows  the  reverse  effect;  i.e.,  cruising 
at  altitude  provides  better  specific  range  capability  than 
cruising  at  sea  level. 

For  short-range  missions,  the  time  and  fuel  required 
to  climb  to  the  best  cruising  altitude  usually  negate  the 
benefit  of  the  better  cruise  performance  attained.  How- 
ever, for  ferry  missions  over  long  distances,  best-range 
capability  is  obtained  by  climbing  to  maintain  the  op- 
timum cruise  altitude  as  fuel  is  burned  off,  as  indicated 
by  the  dashed  curve  of  Fig.  3-128. 

3-4.2.4  Range 

Range  capability  of  a helicopter  is  a product  of  the 
fuel  consumption  rate  of  the  configuration  at  the  speci- 
fied cruise  speed.  The  cruise  speed  specified  is  depend- 
ent upon  the  objectives  of  the  mission.  The  paragraphs 
that  follow  describe  how  range  capability  varies  as  a 
function  of  speed,  cruise  altitude,  gioss  weight,  and 
wind  strength  and  direction. 

3-4.2.4.1  Specific  Range  Parameter 
Computation 

In  order  to  compute  the  specific  range  parameter, 
which  is  a measure  of  the  range  capability  of  the  config- 
uration, the  following  basic  information  must  be  availa- 
ble: 

1 . Engine  fuel-flow  characteristics  as  illustrated  in 
Chart  A,  Fig.  3-129 

2.  Power-required  characteristics  as  illustrated  in 
Charts  B,  and  B2,  Fig.  3-129. 

Chart  A of  Fig.  3-129  is  typical  of  turboshaft  engine 
fuel-flow  characteristics.  Over  a substantial  portion  of 
the  useful  range  of  ,he  curve,  the  fuel-flow  characteris- 
tics may  be  approximated  by  the  linear  equation 
Wf/(S\/9)  = a + &SHP/(8vH),  where  a and  P are 
constants  representing  the  y-axis  intercept  and  slope, 
respectively,  of  the  relationship  between  generalized 
fuel  flow  rate  Wf/(!ry/&)  and  generalized  shaft  horse- 
power SHP/(8\Z&)  This  is  a convenient  form  for 
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the  computation  that  follows.  (The  actual  engine 
characteristics  are  obtained  from  the  manufacturer's 
detail  specification.) 

Charts  B,  and  B,  of  Fig.  3*129  represent  two  com- 
mon methods  of  presenting  helicopter  performance 
data.  Chart  B,  is  the  dimensionless  Cf,  Cr  jut,  and 


hovering  tip  Mach  number  3/0  method;  Chart  B2  is  the 
generalized  shaft  horsepower  SHP/(8\/&),  generalized 
gross  weight  W,/ 6,  generalized  true  airspeed  V/y/h, 
and  generalized  rotor  speed  N/y/S  method.  The 
equivalence  of  these  two  methods  can  be  shown  as 
follows:  the  thrust  coefficient  Cris  defined  by  Eq.  3-11. 


MISSION  FUEL  REQUIREMENTS 


CONDITION 

STEP 

NO. 

ITEM 

UNITS 

PAYLOAD-RANGE 

MISSION 

1 

TAKEOFF  GROSS  WEIGHT  (TOGW) 

lb 

PRE-TAKEOFF 

2 

WARMUP  FUEL 

lb 

3 

HOVER  FUEL  AT  TOGW 

lb 

4 

INITIAL  CLIMB  GW 

lb 

5 

RATE  OF  CLIMB 

fpm 

CLIMB 

6 

TIME  TO  CLIMB  TO  ALTITUDE 

min 

T 0 

7 

SPEED  FOR  BEST  CLIMB 

kt 

CRUISE 

8 

DISTANCE  COVERED  IN  CLIMB 

n mi 

9 

FUEL  USED  IN  CLIMB 

lb 

10 

INITIAL  CRUISE  GW 

lb 

11 

INITIAL  SPECIFIC  RANGE 

n mi  lb 

CRUISE 

12 

CRUISE  DISTANCE-RANGE 

n mi 

OUTBOUND 

13 

APPROXIMATE  CRUISE  FUEL 

lb 

14 

AVERAGE  CRUISE  GROSS  WEIGHT 

lb 

15 

AVERAGE  SPECIFIC  RANGE 

n mi  lb 

16 

ACTUAL  CRUISE  FUEL 

lb 

17 

INITIAL  DESCENT  GW 

lb 

18 

RATE  OF  DESCENT 

fpm 

DESCENT 

19 

TIME  TO  DESCEND  TO  ALTITUDE 

min 

20 

FUEL  USED  FOR  DESCENT 

lb  ! 

OPERATION  AT 

21 

LANDING  GW 

lb  ! 

LANDING  SITE 

22 

HOVER  FUEL  AT  LANDING  GW 

ib  j 

PAYLOAD  DETERMINATION 


DETERMINE 
OPERATING  WT 

A 

8 

C 

WEIGHT  EMPTY 
FIXED  USEFUL  LOAD 
OPERATING  WT 

lb 

lb 

Ib 

! 

i 

DETERMINE 
MISSION  FUEL 
& 

RESERVE  FUEL 

D 

E 

F 

G 

H 

1 

J 

K 

L 

WARMUP  FUEL 
HOVER  FUEL 
CLIMB  FUEL 
CRUISE  FUEL 
DESCENT  FUEL 
HOVER  FUEL 

MISSION  FUEL  LESS  RESERVE 
RESERVE  FUCL 
TOTAL  MISSION  FUEL 

Ib 

Ib 

Ib 

Ib 

Ib 

Ib 

Ib 

Ib 

i 

1 

PAYLOAD = TAKEOFF  GROSS  WEIGHT  - OPERATING  WEIGHT  - TOTAL  MISSION  FUEL 


Fig.  3-125.  Payload-range  Calculation  Chart 
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Fig.  3-127.  Payload-range  Capability 


By  using  the  standard  definition  of  cr  = p/p0,  the 
following  equation  is  obtained: 


C = . /op .dimensionless  (3-164) 

T op0A(nRy 


Also,  cr  = 8/6,  and  tip  speed  flA  can  be  expressed  as 
a function  of  rotor  speed  N (rpm)  by  (mr/?/30)A.  Thus, 


900  \ Wg/S 

P0An2R2)  (N/Vof 


, dless  (3-165) 


Recause  the  grouped  terms  are  constant  for  a specific 
configuration,  it  can  be  concluded  that  generalized  data 
presented  at  constant  W,/8  and  constant  N/y/W  is 
equivalent  to  presenting  data  at  constant  CT  as  in  the 
dimensionless  method. 

In  a similar  manner  it  can  be  shown  that  the  dimen- 
sionless power  coefficient  CP  is  equivalent  to 


= 550(30)3  SHPI(8sfB) 

p p0An3R3  (N/y/0)3 


d’less  (3-166) 


Again  the  grouped  terms  are  constant  for  a specific 
configuration,  and  data  presented  in  the  generalized 
method  are  equivalent  to  those  in  the  dimensionless 
method. 

The  final  comparison  of  the  two  methods  is  made 
with  respect  to  forward  speed  and  advancing  tip  Mach 
number  Mr  The  advance  ratio  ;x  is  defined  as  the  ratio 
of  forward  speed  Fto  rotor  tip  speed  flR  and  therefore 
can  be  expressed  as 


, dimensionless  (3- 1 67) 


Thus,  data  generalized  in  terms  of  V/\/W  and 
N/\ZTT can  be  related  directly  to  advance  ratio  for  a 
specific  configuration.  The  advancing  tip  Mach  num- 
ber AT,  a,*,  is  given  by: 


Fin.  3-123.  Optimum  Specific  Range  Performance 


M 3 = A/0(l+u)  .dimensionless  (3-168) 
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radius  ratio  ( r/R ) x and 
azimuth  angle  i|»,  dimensionless 


-4 


ere 


M0  = rotor  tip  Mach  number 
hovering, 
dimensionless 

M . = rotor  blade  Mach  number  at 

x,  •¥ 


Substituting  for  M0  and  using  the  relationship  a = 
where  <%  is  the  speed  of  sound  at  standard  sea 
level  temperature,  the  following  expression  is  obtained: 


CHART  A 


CHART  B, 


CHART  B; 


O \h 

UJ  C 


Z Tr, 


GENERALIZED 

parameters 
are  REFERRED  by: 

= AMBIENT  pressure 
RATIO 

„ - AMBIENT 
temperature 
RAT'O 


GENERALIZED  airspeed  V 


CHART  E 8EST 

RANGE  BEST , 


pi,,  3-129.  Elements  Required  for  Specific  Range  Computation 
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1.0,  90 


{‘4 


[$$]) 


(3-169) 


Again  it  is  shown  that  the  advancing  tip  Mach  number, 
which  is  experienced  at  a given  value  V/y/Tf  and 
N/y/Tf,  can  be  expressed  in  terms  of  the  corresponding 
ju  and  M0  in  the  dimensionless  system.  . 

The  previous  discussion  shows  that  the  two  methods 
can  be  used  interchangeablv  and  will  give  equal  per- 
formance values  for  a given  combination  of  flight 
speed,  gross  weight,  and  rotor  speed,  provided  that  the 
rotational  tip  Mach  number  M0  is  held  constant.  To 
obtain  model  or  flight  test  power  polars  for  a series  of 
gross  weight  conditions  to  be  used  at  a specified  ambi- 
ent temperature  condition,  it  is  necessary  to  hold  a 
constant  test  tip  Mach  number  M0. 

Even  though  the  two  methods  are  shown  to  be 
equivalent,  the  generalized  method  is  becoming  in- 
creasingly popular  for  two  reasons: 

1.  The  generalized  method  uses  quantities  that  are 
of  a familiar  magnitude. 

2.  A significant  number  of  performance  compari- 
sons are  made  at  sea  level  standard  conditions  where 
5 and  0 have  values  of  unity,  and  thus  the  performance 
figures  can  be  used  directly  in  dimensional  form.  The 
dimensionless  method  requires  elaborate  calculations 
even  for  the  standard  day  condition. 

Helicopter  performance  data  are  obtained  from  the 
following  sources: 

1.  Flight  test 

2.  Wind  tunnel  model  test 

3.  Theoretically  estimated  performance. 

By  applying  the  appropriate  factors  representing  the 
specified  ambient  conditions,  the  dimensional  forms  of 
engine  characteristics  and  aircraft  performance  (ob- 
tained from  either  the  dimensionless  or  the  generalized 
method)  ere  obtained  as  illustrated  in  Char1  * C and  D 
of  Fig.  3-129.  The  engine  specific  fuel  flow  shall  be 
increased  by  5%  to  satisfy  Military  Specification  re- 
quirements. 

By  combining  the  information  on  Charts  C and  D 
(Fig.  3-129),  the  specific  range  V/Wf  can  be  determined 
as  a function  of  airspeed  as  illustrated  by  Chart  E.  The 
maximum  value  of  specific  range  occurs  at  a speed 
designated  as  best-range  speed.  This  speed  corresponds 
to  the  point  of  maximum  lift-to-drag  ratio  L/Dt,  as 
illustrated  in  Chart  D.  Dt  is  the  helicopter  total  effec- 
tive drag  (including  consideration  of  a finite  fuel  flow 


a for  a turboshaft  engine  at  zero  power)  and  is  dis- 
cussed in  further  detail  in  the  next  paragraph.  Specific 
range  shall  be  computed  at  an  airspeed  commensurate 
with  the  99%  best-specific-range  value  providing  that 
airspeed  does  not  exceed  any  airspeed  limitations.  The 
selected  airspeed  is  the  higher  of  the  two  speeds  at 
which  specific  range  is  equal  to  99%  of  the  maximum 
available  at  a specific  gross  weight.  This  practice  allows 
the  helicopter  to  cruise  at  speeds  5-7%  faster  while 
sacrificing  only  1 % in  range  capability.  Thus,  a signifi- 
cant increase  in  mission  speed  is  realized  with  an 
associated  reduction  in  mission  time  and  hence  im- 
proved helicopter  productivity.  Furthermore,  as  fuel 
is  used  and  gross  weight  decreases,  the  best -range  air- 
speed increases.  By  starting  cruise  at  the  higher  speed 
the  helicopter  remains  at  a better-than -99%-specific - 
range  airspeed  without  constant  changes  in  control 
settings. 

The  total  helicopter  effective  drag  Dr  is  derived  in  the 
following  manner.  For  conventional  fixed-wing  aircraft 
with  reciprocating  or  jet  engine  power  plants,  the  total 
power  requir  iment  can  be  expressed  as  drag  D times 
the  aircraft  velocity  V.  in  knots.  i.e., 


SUP  = 


1.69  VD 


(3-170) 


and  the  resulting  value  of  SHPc&n  be  used  to  determine 
the  fuel-flow  rate.  This  definition  also  would  apply  to 
a helicopter  with  a reciprocating  engine  power  plant. 
However,  for  a helicopter  with  turboshaft  engine(s)  the 
expression  must  be  modified  slightly  because  turbo- 
shaft engine  fuel-flow  characteristics  vary  slightly  from 
the  linear  relationships  that  apply  to  reciprocating  and 
jet  engines.  Chart  C,  Fig.  3-129,  illustrates  a typical 
turboshaft  engine  fuel-flow  curve.  Except  at  extremely 
low  powers,  the  fuel-flow  power  relationship  can  be 
approximated  by  Wf  = a(8\/5)  + Q(SHP).  The  por- 
tion of  the  power  spectrum  for  which  this  approxima- 
tion is  valid  is  normally  between  30%  and  100%  of 
normal  rated  power.  Assuming  the  fuel  used  prior  to 
the  production  of  useful  SHP  is  proportional  to  the 
number  of  engines,  the  total  fuel-flow  rate  can  be  ex- 
pressed as 

Wf  = 0 (6\/£)  + S/tfj  , lb/hr  (3-171) 


where 


n — number  of  engines 
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The  term  (na/t 3)(8v^)  represents  an  effective  addi- 
tional power  when  viewed  relative  to  the  engine  fuel 
flow  versus  power  slope  (fi ),  as  illustrated  in  Chart  D 
of  Pig.  3-129.  Extending  the  effective  drag  definition, 

na  1.69  VDt  VD, 

SHP+J(S^)=—S —'-a*  (3-172) 


an  effective  drag  Dris  obtained  that  accounts  for  the 
basic  fuel  consumption  of  a turboshaft  engine  when 
producing  zero  power.  Chart  D graphically  illustrates 
the  effect  of  turboshaft  fuel-flow  characteristics  upon 
cruise  speeds.  As  a consequence  of  these  characteris- 
tics, maximum  available  range  with  turboshaft  engines 
occurs  at  higher  cruise  speeds  than  is  the  case  with 
reciprocating  engines. 

3-4.2.4  2 Variation  With  Gross  Weight 

The  method  ^resented  in  the  previous  paragraph  es- 
tablishes the  specific  range  parameter  as  a function  of 
airspeed  only.  To  determine  the  optimum  helicopter 
range  capability,  it  is  necessary  to  determine  the  speed 
schedule  that  is  flown  as  the  gross  weight  decreases  due 
to  fuel  bumoff.  Charts  B and  C,  Fij.  3-130,  illustrate 
typical  3peed  schedules. 

At  high  gross  weights,  the  helicopter  speed  may  be 
limited  by  the  structural  flight  envelope.  At  intermedi- 
ate weights,  the  speed  generally  is  limited  by  the  maxi- 
mum continuous  power  (normal  power)  available,  cor- 
rected for  ram  effects.  Noted  on  Chart  B is  the 
incremental  power  derived  from  ram  effects  at  high 
cruise  speeds.  Due  to  the  comparatively  low  forward 
flight  speeds  and  the  typical  ram  recovery  characteris- 
tics of  helicopter  engine  inlets,  only  a small  increase  in 
power  available  can  be  expected  due  to  ram  effects. 
Therefore,  power  correction  for  ram  generally  is  ig- 
nored and  static  engine  power  often  is  used.  At  mid  and 
low  gross  weight  conditions,  the  helicopter  is  able  to  fly 
at  99%  of  best-range  speed. 

Charts  D and  E,  Fig.  3-130,  depict  the  effect  of  speed 
upon  the  specific  range  parameter  using  the  engine 
fuel-flow  characteristics  of  Chart  A in  the  same  manner 
as  with  Fig.  3-129.  Chart  D illustrates  the  fact  that  the 
normal  power  and  structural  envelope  restrictions  limit 
operation  at  high  gross  weights  to  speeds  below  the 
desired  99%  best-range  speed.  Severe  speed  restrictions 
would  be  required,  however,  before  an  appreciable  im- 
pact upon  the  aircraft  range  capability  would  occur.  As 
shown,  a 5-7%  reduction  in  flight  speed  causes  the 
aircraft  to  fly  near  the  100%  best-range  speed  (better 
range);  a further  5-7%  airspeed  reduction  places  the 
cruise  speed  at  about  99%  of  best  specific  range  speed 


and  on  the  low-speed  side  of  the  optimum  range  speed, 
with  no  sacrifice  in  range.  If  the  cruise  speeds  are  re- 
stricted further,  the  range  performance  is  reduced  sig- 
nificantly. Chart  E further  illustrates  the  specific  range 
available  when  flying  within  the  constraints  shown  in 
Charts  C and  D. 

3-4.2.4.3  Range  Index  Method 

From  the  specified  range  cruise  schedule  presented 
in  par.  3-4.2.4.2,  the  helicopter  range  performance  can 
be  computed  as  follows.  During  flight,  a decrease  in 
helicopter  gross  weight  A Wt  is  equal  to  the  amount  of 
fuel  consumed — A fuel  = A W(.  To  determine  the 
range  capability  for  an  initial  weight  W,  and  final 
weight  Wt^, 


This  expression  normally  is  evaluated  by  numerical 
integration  to  determine  range  capability.  A useful 
method  for  solving  range  problems,  which  is  helpful 
especially  if  a great  number  of  missions  are  to  be 
analyzed,  is  the  range  index  curve.  Fig.  3-131  illustrates 
the  development  of  this  curve. 

Chart  A of  Fig.  3- 1 3 1 shows  the  cruise  speed  capabil- 
ity associated  with  the  specific  range  and  range  index 
curves  of  Charts  B and  C.  This  is  a convenient  presen- 
tation format  and  is  used  when  calculating  mission 
cruise  time.  From  the  incremental  range  equation,  the 
index  curves  may  be  developed  by  cumulative  integra- 
tion of  the  expression.  The  trends  shown  in  Chart  C are 
indicative  of  the  performance  capabilities  generally  ob- 
tained. The  integration  normally  is  carried  out  over 
gross  weights  ranging  from  minimum  operating  weight 
to  the  aircraft  maximum  gross  weight.  The  convex  na- 
ture of  the  index  lines  indicates  that  the  increment  in 
available  range  increases  with  decreasing  Wf  for  a con- 
stant amount  of  fuel  bumoff. 

Chart  C also  illustrates  the  use  of  a range  index 
curve.  The  range  capability  is  obtained  by  entering 
Chart  B at  the  initial  cruise  gross  weight  WRo  to  obtain 
the  Rgo  index,  and  by  entering  at  the  final  gross  weight 
Wtx  (established  by  amount  of  fuel  c rnied)  to  deter- 
mine the  Rg\  index.  The  mission  ran;  . hen  is  given  by 
Rgm,„  = Rgo  — Rg  |.  Thus,  the  range  can  be  deter- 
mined for  any  amount  of  fuel  used  up  to  and  including 
full  fuel.  The  special  case  of  a ferry  mission  is  discussed 
in  par.  3-4.2.4.6. 
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Fig,  3-130.  Specific-range/Gross-weight  Schedule 


3-4.2.4.4  Effect  of  Altitude  and  Gross  Weight 
on  Range 

Charts  A,  through  A3,  Fig.  3-132,  illustrate  the  effect 
of  altitude  upon  cruise  speed  for  a nominal  gros 
weight.  At  low  altitudes,  the  helicopter  is  able  to  fly  at 
best-range  speeds.  As  altitude  increases,  the  normal 
power  and  structural  envelope  speeds  decrease,  causing 
limitations  upon  the  maximum  allowable  speeds.  Chart 


B,  Fig.  3-132,  shows  typical  variations  of  cruise  speeds 
as  a function  of  altitude  and  gross  weight.  Chart  C 
illustrates  the  resulting  variation  in  specific  range  with 
altitude.  At  each  gross  weight,  an  altitude  condition 
exists  at  which  the  optimum  specific  range  is  available. 
This  altitude  corresponds  to  a condition  where  the  heli- 
copter is  operating  at  the  optimum  L/De  for  the  par- 
ticular gross  weight. 

The  increase  in  available  specific  range  with  increas- 
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Fig.  3-13*.  Range  Index  Method 


ing  altitude  for  lower  gross  weights  is  attributable  to 
the  improvement  ;n  turbos  heft  engine  efficiency  that 
occurs  with  increasing  altitude.  At  high  gross  weights, 
the  increased  power  required  due  to  altitude  overcomes 
the  improved  engine  characteristics.  The  locus  of  maxi- 
mum specific  range  points  in  Chart  C represents  an 
optimum  altitude  schedule  for  obtaining  the  maximum 
available  range  at  each  gross  weight.  Chart  D depicts 
the  effects  of  gross  weight  and  altitude  upon  the  range 
index  curves  developed  previously.  This  chart  indicates 
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that  for  low  gross  weights  the  maximum  increment  of 
range  for  a given  fuel  weight  is  available  at  high  alti- 
tudes; conversely,  the  maximum  increment  is  available 
at  low  altitudes  for  high  gross  weights.  This  is  a result 
of  the  altitude  trends  shown  in  Chart  C.  At  all  altitudes 
in  Chart  D,  the  lower  weights  exhibit  superior  range 
increments  for  a given  fael  weight. 

3-4.2.4.5  Effect  of  Wind  on  Range  Capability 

Prevailing  winds  affect  both  range  capability  and 
optimum  cruise  speed.  To  compute  the  specific  range 
parameter  with  the  effect  of  wind  incorporated,  it  is 
necessary  only  to  add  tail  wind  or  to  subtract  head 
wind  from  the  true  airspeed  to  find  the  resultant 
ground  speed.  The  specific  range  expression  becomes: 


Specific  Range  = 


,n  mi/lb  (3-174) 


Chart  A,  Fig.  3-133,  illustrates  the  effect  of  wind  on 
the  optimum  airspeed  required  to  maximize  range  ca- 
pability. Chart  B illustrates  the  variation  of  specific 
range  and  airspeed  for  optimum  range;  the  optimum 
airspeed  decreases  for  tail  winds  and  increases  for  head 
winds.  Charts  C and  D present  the  variation  of  range 
with  gross  weight  and  winds.  From  Chart  D,  wind 
effects  are  shown  to  have  a significant  impact  on  the 
trends  of  the  range  index  curve  and  can  result  in  sub- 
stantial adjustments  in  range  capability  when  consider- 
ing large  quantities  of  cruise  fuel. 

3-4. 2. 4. 6 Ferry  Range  Capability  and  Range 

Extension 

To  determine  maximum  range  capability  for  a given 
configuration,  the  helicopter  is  considered  as  carrying 
no  payload.  Limitations  that  affect  the  ferry  range  ca- 
pability are  fuel  capacity  and  takeoff  criteria.  Substan- 
tially increased  range  capability  can  be  achieved  by 
adding  auxiliary  fuel  tanks.  With  their  use,  the  empty 
weight  of  the  configuration  will  increase  by  about  0.5 
lb/gal  of  auxiliary  fuel  for  external  tanks  and  0.3  Ife/gal 
for  internal  bladder  tanks.  Examples  of  takeoff  criteria 
used  when  studying  ferry  mission  capability  are  hover 
requirements  OGE  or  IGE,  takeoff  distance  required  to 
clear  a specified  obstacle,  or  use  of  a rolling  takeoff 
from  a runway.  In  some  cases,  the  takeoff  gross  weight 
may  be  limited  by  the  design  maximum  gross  weight. 

The  range  capability  of  multiengine  helicopters  can 
be  extended  farther  by  shutting  down  one  engine  after 
the  gross  weight  is  reduced  sufficiently  as  a result  of 
fuel  consumption  and  maintaining  cruise  on  the  re- 
maining operating  engines).  This  improvement  in 
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Fig.  3-132.  Effect  of  Altitude  and  Grow  Weight  on  Range 


range  derives  principally  from  the  SFC  characteristics 
of  the  turbine  engine.  At  low  gross  weights,  the  reduced 
] power  required  for  best-range  speed  precludes  operat- 
ing the  engines  at  the  optimum  SFC  level.  By  shutting 


down  one  engine,  the  remaining  engine(s)  operate  at 
higher  powers  and  nearer  their  maximum  efficiency, 
thereby  extending  the  range  over  that  achievable  when 
all  engines  are  operating.  This  technique  has  been  used 
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to  establish  world  distance  records  for  helicopters.  Un- 
der normal  circumstances,  however,  it  is  not  common 
practice  to  shut  down  one  engine  on  ferry  missions. 

A helicopter  ferry  mission  requires  the  use  of  operat- 
ing conditions  that  will  optimize  range  capability. 
Thus,  the  aircraft  starts  at  its  maximum  allowable  gross 
weight  and  cruises  until  its  weight  reaches  the  empty 


CHART  A 


weight  plus  required  fuel  reserves  and  fixed  useful  load. 
To  gain  the  most  advantageous  flight  conditions,  the 
aircraft  performs  a cruise  climb  at  the  optimum  alti- 
tude-gross weight  schedule  of  par.  3-4.2.4.4.  Chart  A of 
Fig.  3-134  illustrates  a typical  altitude  schedule  for  a 
ferry  mission.  The  initial  portion  of  the  mission  is  per- 
formed at  low  altitude  (best  for  high  gross  weight  range 
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Fig.  3-133.  Effect  of  Wind  on  Range  Capability 
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performance).  Altitude  is  increased  as  fuel  is  burned  off 
and  gross  weight  decreases.  The  associated  airspeed 
schedule  is  shown  in  Chart  B,  Fig.  3-134,  and  it  nor- 
mally is  limited  by  the  structural  envelope  or  by  normal 
power  at  high  weights,  and  by  99%  best-range  speed  at 
lower  gross  weights.  Chart  C,  Fig.  3-134,  depicts  the 
gross  weight-range  schedule  for  a ferry  mission  and 
illustrates  the  benefit  of  flying  an  optimum  altitude 
schedule  as  opposed  to  a constant  altitude.  In  using  an 
optimum  altitude  cruise-climb,  however,  the  power  re- 
quired to  perform  the  climb  must  be  considered.  Chart 
D illustrates  the  incremental  climb  power,  which  can 
be  computed  using  a rate  of  change  of  potential  energy 
relationship.  The  Kf  term  in  the  expression  is  a climb 
efficiency  term.  A more  complete  explanation  of  the 
calculation  of  climb  power  is  presented  in  par.  34.2.6. 
Climb  effects  can  be  integrated  into  the  specific  range 
computation  by  modifying  the  expression  to: 


Specific  Range  = TftESHP) ""  • n mi/!b  <3*17-) 


Jlev 


However,  it  can  be  obtained  with  sufficient  accuracy  by 
taking  the  operating  conditions  at  the  midpoint  of  the 
mission,  computing  the  shaft  horsepower  required  for 
climb  bSHPci,  determining  the  associated  incremental 
fuel-flow  rate  A W^.and  calculating  the  climb  fuel  as  the 
product  of  A W^and  / (the  total  mission  time).  This  fuel 
component  then  is  unavailable  for  cruise,  and  the  ferry 
range  is  computed  using  the  remaining  fuel  and  level 
flight  specific  range  values.  Chart  E illustrates  the  ef- 
fect of  cruising  at  optimum  altitude  as  opposed  to  con- 
stant altitude.  The  climb  power  correction  represents  a 
small  reduction  in  the  overall  range  capability. 

3-4.2.4.7  Range  Parameter  in  Generalized 
Form 

As  an  alternative  method  for  preliminary  determina- 
tion of  performance,  he'icopter  range  performance  can 
be  computed  in  the  generalized  form  without  first  com- 
puting dimensional  quantities.  Fig.  3-135  illustrates  the 
development  of  a generalized  specific  range  parameter. 

The  procedure  used  to  compute  the  generalized 
range  parameter  is  similar  to  that  of  par.  34.2.4.6, 
differing  only  in  the  generalized  nature  of  the  final  data. 
Charts  A through  C,  Fig.  3-135,  depict  the  develop- 
ment of  the  range  parameter  as  a function  of  general- 
ized airspeed  and  generalized  gross  weight.  The  locus 
of  best  range  and  99%  best  range  speeds  is  illustrated 
in  Chart  C.  Normal  power  and  structural  envelope 
limits  are  not  shown  because  they  do  not  collapse  typi- 


cally to  one  generalized  limit  but  are  dependent  upon 
altitude  and  temperature.  The  effects  of  normal  power 
and  structural  envelope  limitations  normally  need  to  be 
considered  only  in  the  event  of  high  gross  weights  or 
extreme  ambient  temperature  conditions.  Range  per- 
formance can  be  computed  at  any  desired  altitude  by 
using  Chart  D and  the  appropriate  pressure  ratio  6 for 
the  specific  altiiude*  Chart  D is  shown  for  constant 
N/\  6 However,  the  variation  of  specific  range  with 
N/y/B  is  relatively  minor  compared  with  the  effects  of 
gross  weight  and  altitude. 

The  generalized  method  is  not  as  accurate  as  the 
dimensional  approach,  but  in  most  cases  it  has  suffi- 
cient accuracy  for  preliminary  design  range  calcula- 
tions. The  generalized  format  also  lends  itself  to  ex- 
plaining how  increased  range  capability  is  obtained  by 
performing  a cruise  climb. 

Fig.  3-136  illustrates  generalized  power  polars  at 
constant  generalized  rotor  speed.  Superimposed  upon 
Chart  A,  Fig.  3-136,  are  lines  that  determine 
( L/Dt)m„  at  each  gross  weight.  The  locus  of 
(L/De  )mtx  points  forms  a cruise  schedule  from  which 
the  maximum  range  at  each  generalized  gross  weight 
can  be  obtained.  Chart  B illustrates  that  there  is  a point 
on  the  cruise  schedule  at  which  the  optimum  L/Dr  is 
available.  The  generalized  weight  and  airspeed  corre- 
sponding to  this  point  provide  the  optimum  specific 
range  value  that  can  be  achieved.  For  range  missions 
initiated  at  gross  weights  above  the  IV,/S  for 
(L/DJo,,,  maximum  specific  range  is  obtained  by  flying 
at  sea  level  and  following  the  cruise  schedule  cited. 
When  sufficient  fuel  is  burned  to  decrease  the  gross 
weight  to  the  W,/B  for  (L/D,)^,,  the  aircraft  then  be- 
gins a slow  climb  to  maintain  the  W,/&  value  as  the 
gross  weight  decreases  further.  This  procedure  allows 
the  aircraft  to  cruise  at  optimum  L/Dr  and,  therefore, 
to  obtain  optimum  range  performance  capability.  For 
range  missions  initiated  at  gross  weights  below  the 
W,/8  for  (L/D^,,  the  maximum  range  is  obtained  by 
climbing  initially  to  the  altitude  that  gives  W,/6  equal 
to  the  desired  value  and  then  continuing  a slow  climb 
to  maintain  this  value  as  fuel  is  burned  off. 

3-4.2.4.8  Breguet  Range  Equation 

Breguet  developed  an  expression  for  the  maximum 
range  Rg^  of  a fixed-wing  aircraft  with  a reciprocat- 
ing engine  power  plant.  The  result  is  of  the  form  (Ref. 

72): 
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where 


c = sheft  engine  specific  fuel 
consumption,  lb-ftiei/hp-hr 
Wv  Wfl  = initial  and  final  gross  weight, 
respectively,  lb 


r)p  = propulsive  efficiency, 
dimensionless 

This  expression  assumes  that  the  aircraft  is  cruising  at 
( L/D )mox  throughout  the  mission  by  being  flown  at 
constant  angle  of  attack  to  maintain  CL  and  CD  con- 
stant while  velocity  is  allowed  to  vary. 
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Ftg.  3-134.  Ferry  Range  Mission 
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Fig.  3-135.  Generalized  Range  Parameter 


A similar  expression  was  determined  by  Breguet  for 
a fixed-wing  aircraft  with  a turbojet  power  plant: 


K,-  ^,)  ,nmi  (3-177) 


where 

c'  = jet  engine  specific  ftie! 
consumption  (Ainction  of 
altitude),  lb-fuel/lb-thrust-hr 
S — wing  area,  ft1 
<t  = ambient  density  ratio, 
dimensionless 

This  expression  is  valid  strictly  only  when  cruise  is  at' 
constant  altitude;  however.  Perkins  and  Hage  (Ref.  72) 
determined  that  it  gives  results  within  3%  of  the  op- 
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timum  range  obtained  by  flying  an  optimum  altitude 
schedule. 

The  Breguet  approach  can  be  extended  to  helicopters 
with  turboshaft  power  plants  by  making  a few  modifi- 
cations. The  incremental  range  is  given  by  Eq.  3-173. 
Using  Eq.  3-171,  the  incremental  range  equation 
becomes 


-VdW_ 


dRg 


~ B * r-,  * 

t SHP+y&y/e 


,n  mi 


(3-178) 


Now,  introducing  effective  drag  Z),  (Eq.  3-172),  and 
assuming  lift  equal  to  weight,  the  incremental  range 
expression  becomes 


-325  / L\  dW. 

«nmi  (3-179) 

which  integrates  to 


,n  mi 


(3-180) 


The  range  thus  is  determined  to  be  proportional  to 
L/Dt  and  the  range  again  can  be  maximized  by  per- 
forming a cruise-climb  to  maintain  L/Dr  at  its  op- 
timum value  as  weight  is  reduced  by  fuel  bumoff. 

3-4.2.5  Endurance 

The  endurance  of  a helicopter  is  defined  as  the  length 
of  time  for  which  it  can  remain  airborne  while  using  a 
specified  quantity  of  fuel.  Search  operations  at  slow 
speeds  (80-120  kt)  or  loiter  operations  are  examples  of 
special  mission  requirements  that  require  maximum 
endurance  capability.  The  maximum  endurance  capa- 
bility is  achieved  by  operating  the  helicopter  at  the 
speed  for  which  minimum  power  is  required.  In  the 
discussion  that  follows,  the  method  of  analysis  is  de- 
scribed and  the  effects  of  gross  weight  and  altitude 
upon  endurance  are  discussed.  In  addition,  an  alterna- 
tive analysis  method  that  uses  the  Breguet  endurance 
equation  is  presented. 
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Fig.  3-136.  Generalized  Helicopter  Performance 
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3-4.2.5.1  Analysis  Method 

The  endurance  capability  can  be  determined  if  the 
following  elements  are  available: 

1 . Fuel  flow  versus  power  characteristics  (general- 
ized) of  the  installed  engine(s) 

2.  Airspeed  versus  power  polars  (generalized  or 
dimensionless)  for  the  helicopter. 
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Charts  A,  B„  and  Bj,  Fig.  3-137,  illustrate  typical  ex- 
amples of  these  elements. 

The  engine  fuel  flow  characteristics  are  obtained 
from  the  manufacturer’;:  detail  specification,  and  the 
aircraft  performance  can  be  obtained  from  one  or  more 
of  the  following  sources:  flight  test  data,  wind  tunnel 
model  test  data,  or  theoretically  estimated  data.  The 
engine  fuel  flow  characteristics  shall  be  3%  above  the 
manufacturer’s  specification  to  comply  with  Military 
Specification  requirements  (MIL-C-5011).  The  dimen- 
sional charts  for  helicopter  performance  (Charts  C and 
D,  Fig.  3-137)  can  be  obtained  by  applying  the  appro- 
priate factors  representing  the  specified  ambient  condi- 
tions to  either  dimensionless  or  generalized  data  be- 
cause the  two  methods  yield  equivalent  results  (par. 
3-4. 2.4). 

The  endurance  capability  of  an  aircraft  is  solely  a 
function  of  the  rate  at  which  fuel  is  consumed  during 
flight.  To  maximize  endurance  it  is  necessary  to  mini- 
mize fuel  consumption  W^.The  engine  power  require- 
ments therefore  must  be  kept  at  a minimum,  and  this 
requires  that  the  aircraft  be  flown  at  the  airspeed  for 
minimum  power  as  illustrated  in  Chart  D of  Fig.  3-137. 
From  Chart  D the  power  requirements  at  the  speed  for 
maximum  endurance  can  be  obtained;  entering  Chart 
C at  the  required  power,  the  fuel  consumption  of  the 
engine(s)  can  be  determined.  The  minimum  fuel  flow 
thus  is  established  as  a function  of  gross  weight,  and 
Chart  E illustrates  the  typical  trend  of  increasing  fuel 
flow  requirements  with  increased  gross  weight.  The 
incremental  endurance  A/  is  defined  by 


.hr 


(3-181) 


where  the  fuel  burned  is  equal  to  the  change  in  aircraft 
weight. 

The  total  endurance  of  an  aircraft  starting  at  an 
initial  gross  weight  If '0  and  ending  at  a final  gross 
weight  IFIt  is  given  by 


(3-182) 


This  expression  normally  is  evaluated  by  numerical 
integration  to  determine  endurance  capability. 

Another  approach  to  this  solution,  one  which  is  par- 
ticularly valuable  if  a number  of  endurance  require- 
ments are  to  be  analyzed,  is  the  endurance  index  curve 
shown  in  Chart  F,  Fig.  3-137.  The  index  curve  is  ob- 
tained by  cumulative  integration  of  the  expression 
— A IF, /W^.  The  trends  presented  are  typical  of  results 
obtained  for  helicopters  with  turboshaft  engines.  If  the 
integration  is  performed  from  the  maximum  aircraft 
weight  to  the  minimum  operating  weight,  the  curve  can 
be  used  for  all  gross  weights  of  interest.  Fig.  3-137  also 
presents  an  example  of  the  use  of  the  index  curve.  The 
incremental  endurance  is  obtained  by  entering  the  en- 
durance index  curves  of  Chart  F at  the  initial  gross 
weight  to  determine  the  ^ index,  and  at  the  final 
gross  weight  IFfl  (dictated  by  amount  of  fuel  con- 
sumed) to  determine  the  tx  index.  The  endurance  incre- 
ment then  is  given  by  4,  — 

3-4.2. 5.2  Effect  of  Gross  Weight  and  Altitude 
on  Endurance 

The  effects  of  gross  weight  and  altitude  on  endurance 
capability  are  shown  in  Fig.  3-138.  For  constant  alti- 
tude conditions,  the  endurance  increment  increases 
with  decreasing  gross  weight  for  a constant  increment 
in  fuel  consumption.  Fig.  3-138  further  illustrates  that 
higher  altitudes  offer  slightly  better  endurance  capabili- 
ties especially  at  high  gross  weights.  The  range  benefit 
resulting  from  increased  altitude  is  attributable  to  the 
improvement  in  the  efficiency  of  the  turboshaft  engine 
with  altitude  as  well  as  to  the  decreased  fuselage  and 
blade  profile  drag. 

The  effect  of  variation  in  minimum  power  required 
due  to  small  changes  in  rotor  speed  is  relatively  minor 
compared  to  the  effects  of  gross  weight  and  altitude, 
and  generally  can  be  ignored. 

Prevailing  winds,  which  are  an  important  considera- 
tion when  computing  range  performance,  have  no  ef- 
fect upon  endurance  capability  because  enuurance  is 
dependent  solely  on  fuel  consumption  rate. 

3-4.2. 5. 3 Breguet  Endurance  Equation 

The  approach  used  by  Breguet  to  develop  an  expres- 
sion for  range  capability  also  can  be  used  to  obtain  an 
endurance  expression.  For  a fixed-wing  aircraft  with  a 
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Fig.  3-137.  Elements  Required  To  Compute  Endurance 
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reciprocating  engine  power  plant,  the  endurance  ex- 
pression is  (Ref.  72) 


= 37'9 

ma* 


->  fi-1  (?)"■ 

SET-]  - 


.hr 


(3-183) 


To  achieve  maximum  endurance,  the  quantity 
C1/'  /CD  must  be  maximized.  I/ue  to  ar  in  Eq.  3-183, 
the  maximum  endurance  is  available  at  low  altitudes 
for  equivalent  values  of  C\ ;'J  /CD 
For  a fixed-wing  aircraft  with  a turbojet  power  plant, 
a similar  expression  is  obtained: 


1 


, hr  (3-184) 


This  expression  is  strictly  valid  only  for  constant  alti- 
tude because  SFC  is  a function  of  altitude.  Optimum 
endurance  is  obtained  when  the  aircraft  maintains  a 
flight  velocity  that  maximizes  ( L/D)/c 
Extending  the  Breguet  technique  to  helicopters  with 
turboshaft  power  plants,  a similar  expression  can  be 
obtained.  The  incremental  endurance  is  given  by  Eq. 
3-182.  Thus 


~dW_ 


dt  = 


p|s/ff>  + -~(8\/5)J 


, hr  (3-185) 


ALTITUDE 


GROSS  WEIGHT  GW,  lb 


Fig.  3-138.  Effect  of  Gross  Weight  and  Altitude  on 
Endurance 


and  from  Eq.  3-179 


dt 


dRg 

~ 


325  /L\  dW. 


0V  \D 


W. 


,hr  (3-186) 


To  integrate  Eq.  3-186,  it  is  helpful  to  make  use  of 
another  system  of  dimensionless  quantities  that  in- 
cludes a free  stream  dynamic  pressure  term  (q  — 
p(l  .69  F)3/2)  similar  to  fixed-wing  convention.  The  hel- 
icopter coefficients  lor  lift  Lc  and  effective  drag  De  are 
given  by 


L - W L = ~ P(1 .69F)J  (2 R?  oL  , lb 


. 1 r ^ii/2 

" V~  1.69  p(2/?)20lc  'kt 


.(3-187) 


Dt  =|p(1.69F)2(2R)2oZ)^  ,1b 

.'.  Z./Z)  = LID,  .dimensionless 

C C Cg 

where 


(3-188) 


1.69  V — velocity,  fps  (Fis  velocity  in 
kt) 

2 R = rotor  diameter,  ft 
<r  = rotor  solidity,  dimensionless 
A development  of  this  dimensionless  system  can  be 
found  in  Ref.  73.  Eq.  3-186  then  rearranges  to 


dt~- 


550 


fp(2/?)itrl 1/2 

hi  x 

/lJ j/2\  dWr 

(3 


189) 


and  integrating  over  the  limits  of  to  H'  ( yields 
37.9 


0 


rp  i,/2A,3/2\ 

M (t 1 


[V,,  Vv ,hI  <3' 
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For  typical  helicopters  with  turboshaft  power  plants, 
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Fig.  3*139.  Level  Flight  Power  Required 


the  product  generally  is  constant  with  altitude,  showing 
a slight  increase  in  endurance  capability  with  increased 
altitude. 

3-4.2.6  Rate  of  Climb— Maximum  and 
Vertical 

3-4.2.6.1  Basic  Considerations 

Rate  of  climb  capability  is  derived  from  the  power 
available  beyond  that  required  for  level  flight  or  hover. 
The  variation  with  forward  speed  in  power  required  for 
level  flight  and  power  available  is  shown  in  Fig.  3-139. 
The  excess  power  available  is  represented  by  the  cross- 
hatched  area.  Typical  rate  of  climb  characteristics  for 
a helicopter  are  shown  in  Fig.  3-140. 

Methods  for  determining  the  climb  efficiency  term 
Kp>  the  rate  of  climb  capability  at  low  forward  speeds 
and  at  maximum  forward  speeds,  and  the  vertical  rate 
of  climb  are  described  in  the  paragraphs  that  follow. 

3-4.2.6.2  Forward  Climb 

Fig.  3-141  illustrates  typical  formats  used  to  present 
forward  climb  performance.  The  charts  define  specific 
climb  capabilities  at  fixed  gross  weights  and  ambient 
conditions  for  a given  engine  power  level.  Chart  A 
presents  R/C  performance  variation  with  altitude  at 
various  gross  weights  and  standard  day  temperatures  at 
altitude.  Chart  B provides  R/C  data  at  a given  gross 
weight,  showing  the  effect  of  nonstandard  day  tempera- 
tures at  altitude. 

A format  frequently  used  to  present  climb  capability 
in  Operator's  Manuals  is  shown  in  Chart  C.  Climb 
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capability  is  determined  by  entering  at  a specified 
weight  and  pressure  altitude  to  determine  the  rate  of 
climb  at  standard  temperature  conditions  on  the  base- 
line, and  then  following  the  guide  line  to  obtain  an 
approximate  correction  for  operations  at  nonstandard 
temperatures.  This  format  provides  only  an  approxi- 
mate correction  for  operations  at  nonstandard  temper- 
atures because  the  guide  lines  represent  a mean  of  the 
variation  of  engine  power  available  and  aircraft  power 
required  with  temperature  over  a range  of  altitudes. 

Forward  rate  of  climb  R/C  is  calculated  with  the  aid 
of  the  power  relationship  of  Eq.  3-191. 


33,000(ASHP)K 

R/C  - yj , fpm  (3-191) 


where 

A SHP  — excess  power  available  above 
level  flight  power  required  at  a 
fixed  airspeed  as  shown  in  Fig. 
3-139,  hp 

Kp  = climb  efficiency  factor, 
dimensionless 

Maximum  rate  of  climb  for  a given  weight  occurs  at 
the  speed  at  which  power  required  for  level  flight  is  at 
a minimum.  This  speed  increases  with  increasing 
weight  and  altitude.  A typical  plot  of  minimum  level 
flight  power  required,  obtained  from  a “crossplot”  of 
existing  power  polars,  as  shown  in  Fig.  3-142,  is  used 
as  the  basis  for  determining  the  excess  power  available 
used  in  Eq.  3-191. 

Flight  test  experience  on  existing  helicopters  has 
shown  that  a climb  efficiency  factor  Kp  must  be  applied 
to  allow  for  transmission  efficiency,  rotor  efficiency 
(induced  velocity  and  power  variations  in  climb),  and 
increases  in  fuselage  download.  The  increase  in  down- 
load results  from  the  added  vertical  component  of  the 
flight  path  velocity  and  the  increase  in  rotor  induced 
velocity. 

The  climb  efficiency  factor  can  be  obtained  from 
flight  test  data  simply  by  relating  the  actual  climb  per- 
formance to  that  determined  from  the  theoretical 
power  relationship  (A SHP  •s*  W^R/C).  If  flight  test 
data  are  not  available,  the  following  method  is  used  to 
define  the  value  of  Kp  at  a given  airspeed.  The  rotor 
performance  map  shown  in  Chart  A,  Fig.  3-143,  is 
generated  either  from  model  test  results  (including  ro- 
tor and  fuselage)  or  from  theoretical  trim  and  power 
analyses  that  provide  for  both  rotor  and  fuselage  effects 
(fuselage  drag,  download,  and  rotor/fuselage  interfer- 
ence). The  lines  of  constant  power  define  the  locus  of 
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‘ADDITIONAL  5%  FOR  TAIL  ROTOR  POWER 


Fig.  3*140.  Clirb  Capability 


possible  lift  and  propulsive  force  Fp  combinations  for  a 
particular  helicopter  configuration.  The  level  flight 
trim  condition  shown  in  Chart  A is  defined  for  a pro- 
pulsive force  of  zero  for  various  gross  weights  and  pow- 
ers. In  level  flight,  the  climb  angle  y is  zero  md,  there- 
fore, the  lift  equals  the  gross  weight. 

Chart  B,  Fig.  3-143,  illustrates  the  vector  diagram 
used  to  calculate  rate  of  climb  using  excess  net  propul- 
sive force  &Fp  at  constant  gross  weight.  The  associated 
force  relationship  is  shown  in  Chart  C.  An  arc  of  con- 
stant gross  weight  is  constructed  across  the  lines  of 
constant  power.  A resultant  vector  representing  gross 
weight  is  drawn  from  the  origin  to  each  operating  point 
on  the  power  curves,  and  is  resolved  into  an  excess 
propulsive  force  AF,  and  a net  lift  fVt  cos  y.  The  excess 
propulsive  force  defines  the  climb  angle  as  shown  in  Eq. 
3-192. 


Climb  velocity  is  determined  with  the  aid  of  Eq. 
3-193  using  the  climb  angle  y derived  in  Eq.  3-192.  The 
airspeed  for  which  the  rotor  map  is  presented  repre- 


sents the  flight  path  speed 


VcrVfUpa,H  «ny 


,fps 


(3-193) 


where  Vc/  and  Vfllfalh  are  in  ft/sec  units. 

The  increased  power  required  to  achieve  the  cal- 
culated climb  velocity  is  the  difference  between  the  trim 
point  and  the  operating  point  defined  on  the  power  map 
at  constant  gross  weight.  This  increased  power  is  com- 
bined with  the  climb  velocity  in  Eq.  3-194  to  calculate 


the  value  of  K. 


V ,W 

K _ el  g 

P (&SHP)55Q 


, dimensionless  (3-194) 


y=  Sin"1  (AFpIWg)  ,deg  (3-192) 


The  climb  efficiency  factor  is  developed  at  airspeeds 
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defined  by  minimum  level  flight  power  required.  Be- 
cause rotor  efficiency  in  a climK  remains  essentially 
constant  at  speeds  above  minimum  power,  Kp  varies 
with  rate  of  climb  and  is  difficult  to  determine  for  a 
general  condition.  Therefore,  to  insure  an  accurate 
evaluation  of  climb  performance  in  ft  a low-speed  re- 
gion, the  use  of  power  maps  in  lieu  of  the  power  equa- 
tion is  recommended. 

Fig.  3-144  illustrates  the  calculation  technique  used 
with  Eq.  3-191  to  determine  maximum  rate  of  climb. 


The  engine  power  available  at  a desired  ambient  condi- 
tion is  derived  from  data  provided  by  the  engine  manu- 
facturer (see  Chart  A).  Chart  B then  is  used  to  deter- 
mine the  associated  minimum  level  flight  power 
required  at  a given  weight. 

The  excess  power— the  difference  between  power  re- 
quired and  power  available — is  used  in  Eq.  3-191  with 
the  previously  established  Kp  io  determine  the  climb 
rate.  This  process  is  repeated  at  different  weights  and 


CHART  A 


CROSS  '’LOT 
(■OR  SERVICE 
CEILING 


STANDARD  TEMPERATURE 
BEST  CLIMB  SPEED 


CHART  B 


W„  3D, 003  lb 

BEST  CLIMB  SPEED 


I 


fx  \ 


RATE  OP  CLIMB  fVC.  fpm 

MULTI  ENGINE- NORMAL  POWER  CLIMB  CAPABILITY 


CHART  C 


uj 


MULTIENGINE 
BEST  CLIMB  SPEED 
100%  ROTOR  SPEED 


’1n  °°0 


-20”  10'  0”  10  2D'  GROSS  WEIGHT  W„ 

DEVIATION  FROM  STANDARD 

TEMPERATURE,  C 

NORMAL  POWER  CLIMB  CAPABILITY  SUMMARY  CHART 


3-132 


Fig.  3-141.  Forward  Climb  Capability— Graphical  Format 
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ambient  conditions  in  order  to  obtain  the  series  of  climb 
curves  shown  in  Chart  C. 

3-4.2.6.3  Service  and  Combat  Ceilings 

Service  ceiling  is  defined  as  the  maximum  altitude  at 
which  the  aircraft  exhibits  a 100  fpm  rate  of  climb 
capability  at  a given  temperature,  while  combat  ceiling 
requires  a climb  capability  of  500  fpm.  These  ceilings 
normally  are  defined  at  best  climb  speed,  using  normal 
oi  intermediate  engine  power  ratings.  Fig.  3-145  illus- 
trates the  standard  presentational  format  for  multicn- 
gine  service  andccmbat  ceilings,  and  one  engine  inoper- 
ative (OGI)  service  ceiling.  A ceiling  is  derived  by 
entering  the  appropriate  chart  at  the  desired  gross 
weight  and  temperature;  e.g.,  for  a typical  helicopter  at 
a gross  weight  of  36,000  lb  and  operating  at  an  ambient 
temperature  of  20*C,  the  multiengine  service  ceiling  is 
8000  ft,  the  combat  ceiling  is  7000  ft,  and  the  OEI 
service  ceiling  is  4700  ft. 

The  ceiling  capability  chart  is  determined  from  a 
cross-plot  of  the  climb  capability/altitude  chart  (Fig. 
3-141)  at  the  climb  rate  associated  wi  h service  or  com- 
bat ceiling.  An  alternative  calculation  method,  which 
can  be  used  in  the  absence  of  a climb  capability  plot, 
is  depicted  in  Fig.  3-146.  First,  the  values  of  minimum 
power  required  for  level  flight  (Chart  A)  are  adjusted 
to  reflect  the  additional  climb  power  required  for  the 
100  and  500  fpm  climb  rates,  using  the  power  relation- 
ship of  Eq.  3-191 . These  values  of  total  power  required 
in  climb  are  plotted  in  Chart  C for  a given  altitude  and 
temperature.  Then,  the  resulting  data  are  combined 
with  the  given  power  available  at  the  ambient  condition 
of  interest  to  calculate  ceiling  capability  as  follows. 
Enter  Chart  B at  a specific  pressure  altitude  to  deter- 
mine the  engine  power  available  at  the  ambient  temper- 
ature. Trace  right  to  Chart  C at  fixed  power  and  inter- 
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sect  the  power  required  curve  for  the  desired  rate  of 
climb.  From  this  intersection,  trace  down  to  determine 
the  gross  weight.  The  gross  weight  and  pressure  alti- 
tude then  are  combined  to  form  the  ceiling  capability 
(Chart  D).  OEI  service  ceiling  is  calculated  in  a similar 
manner. 

3-4.2. 6.4  Time,  Fuel,  ’tnd  Distance  to  Climb 

A typical  graphical  presentation  of  the  time  re- 
quired, fuel  used,  and  horizontal  distance  covered  in  a 
climb  was  shown  in  Fig.  3-121.  These  curves  provide 
a direct  reading  of  climb  at  a given  altitude  as  a func- 
tion of  gross  weight. 

The  determination  of  time  to  climb  Af  is  accom- 
plished through  the  use  of  <he  following  relationship: 

f ’ Ah  Ah  "1 

<w0+wd  •™i”  (5-|,5> 


where 

Ah  = change  in  altitude,  ft 
(R/C) o = initial  rate  of  climb,  fpm 
( R/C)\  — final  rate  of  climb,  fpm 
Fuel  consumed  and  horizontal  distance  traveled  during 
the  climb  are  calculated  from  the  time  to  climb  and  the 
average  fuel  flow  rate  and  true  airspeed  applicable  dur- 
ing the  climb.  For  climbs  of  long  duration,  several 
smaller  increments  of  altitude  change  may  be  used, 
with  the  results  for  time,  fuel,  and  distance  each  being 
summed  to  obtain  the  tina!  result. 

3-4.2. 6.5  Vertical  Climb 

Fig.  3-147  illustrates  the  manner  in  which  vertical 
climb  capability  is  presented  in  performance  docu- 
ments. Chart  A presents  sea  level  vertical  rates  of  climb 
at  various  temperature  conditions  as  a function  of  gross 
weight.  Vertical  climb  capability  for  a series  of  gross 
weights  at  varying  altitudes  is  provided  by  Chart  B. 
Chart  C presents  OGE  hover  capability  with  a vertical 
climb  correction  chart  in  a manner  normally  incor- 
porated in  an  aircraft  Operator’s  Manual.  Use  of  this 
format  is  initiated  by  determining  the  OGE  hover  capa- 
bility at  the  ambient  condition  of  interest  from  the 
upper  portion  of  the  chart.  The  correction  for  a given 
R/C then  is  applied  by  following  the  guideline  to  obtain 
the  maximum  gross  weight  at  which  the  desired  verti- 
cal climb  capability  exists. 

Fig.  3-148  presents  a typical  breakdown  of  hover 
power  required  and  illustrates  the  relationship  of  the 
component  power  requirements  to  the  excess  power 
used  to  calculate  vertical  climb. 


3-133 


AMCP  706-201 


The  vertical  climb  capability,  neglecting  download,  The  total  velocity  Uii  defin'd  for  a specified  thrat  t 
is  expressed  in  terms  of  the  total  velocity  through  the  and  engine  power  available  as  V.. 

rotor  disk  and  the  equivalent  rotor-induced  velocity 


R/C  60(U — »el)  , fpm  (3  196) 


(rhptv  —rhpQ)S50 

Um ,fps  (3-197) 


U = total  velocity  through  the  rotor, 

fpe  where 

vri  = rotor-induced  velocity  in  the 
climb,  fps 


rhp„  =s  SHP„  — (transmission  1( 
+ tail  rotor  horsepower) 
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Fig.  3-143.  Application  of  Rotor/Power  Maps  to  Climb  Performance 
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Hip,  = ro».cr  profile  horsepower 
(theoretical) 

T = greet  weight  + hover 
download,  lb 

The  equivalent  rotor-induced  velocity  in  cUmb  it 
related  to  both  the  total  velocity  and  the  hover-induced 
velocity  as  follows: 

►..--f2  .f|»  o-iw 


The  rotor-induced  velocity  in  hover  can  be  expressed 
as 


550  »4p, 

9ho* t1  (M99) 

where 

- ftifm  - (<*P,  + tail  rotor 
horsepower) 

ityny  = hover  horsepower  required  a. 
the  specified  thrust 

This  analysis  assumes  that  the  rotor  profile  power  in 
vertical  climb  it  equivalent  to  that  in  hover.  This  as- 
sumption it  valid  for  a rotor  employing  blades  of  non- 
linear twist  and  has  sufficient  accuracy  for  application 
to  a typical  blade  with  linear  twist. 
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The  computation  of  vertical  climb  capability  as 
discussed  is  based  upon  a zero  fuselage  download 
condition.  Fuselage  vertical  drag  in  a vertical  climb  is 
dependent  upon  the  sum  of  the  climb  velocity  and 
the  rotor*induced  velocity.  An  increase  in  fuselage 
download  during  a vertical  climb  requires  an  increase 
in  rotor  thrust  over  that  required  to  hover.  Eq.  3-200 
presents  a method  of  calculating  vertical  drag  in 
climb 


where 


iCD  Sv(yd  + 2pcf  .|b  (3*200) 


CDt,  = mean  drag  coefficient  of 
fuselage  in  vertical  flow, 
dimensionless 

Sy  — pianform  area  of  fuselage 

exposed  to  the  vertical  flow,  ft’ 
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rotHaf  takeoff  profile  it  used  when  the  helicopter  has 
kt«  power  available  than  that  requited  to  hover  in* 
ground  effect  (HIGH). 

A practical  consideration  that  usually  dictates  the 
takeoff  profile  used  in  service  is  the  emergency  ran-on 
Sanding  capability  following  an  engine  failure.  Unless 
the  helicopter  is  capable  (or  very  nearly  so)  of  hovering 
with  one  engine  inoperative  OKI,  it  cannot  return  with 
safety  vertically  to  the  takeoff  point  following  an  engine 
failure.  A typical  safe  takeoff  heigh t/velodty  corridor 
is  shown  in  Fig.  3-130.  For  a helicopter  with  sufficient 
power  to  HOCK,  the  maximum  safe  hover  height  at 
zero  velocity  it  typically  about  0.3  to  0.6  times  the  rotor 
diameter.  Therefore,  takeoff  capabilities  are  estimated 


realistically  based  upon  a height-velocity  profile  such 
as  that  shown  in  Fig.  3-130. 

When  a helicopter  is  operated  in  accordance  with  its 
height-velocity  limitations,  the  takeoff  is  accomplished 
by  accelerating  in  level  flight  from  hover  to  the  airspeed 
at  which  the  altitude  above  the  ground  can  be  in- 
creased. By  climbing  at  the  minimum  safe  speed,  the 
aircraft  can  climb  at  the  maximum  climb  angle  until  it 
clears  a specified  obstacle  height.  Minimum  takeoff 
distance  capability  is  derived  from  the  power  available 
in  excess  of  that  required  for  level,  unaccelerated  flight. 
The  excess  power  required  for  acceleration  and  climb 
is  depicted  in  Fig.  3-131. 
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Fig.  3-147.  Vertical  Climb  Performance 
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Fig.  3-148.  Determination  of  Vertical  Climb  Capability 
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Fig.  3-149.  Takeoff  Profile 
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The  landing  capability  also  is  predicated  upon  ob- 
serving the  safe  height-velocity  profile  shown  in  Fig. 
3-150.  A typical  landing  profile  is  shown  in  Fig.  3-152. 

Another  consideration  when  determining  the  takeoff 
and  landing  distance  capabilities  is  the  ability  to  pre- 
sent a readable,  repeatable  airspeed  indication  to  the 
pilot  during  the  takeoff  and  landing  maneuvers.  Heli- 
copter airspeed  measurement  systems  in  use  today  gen- 


erally are  not  capable  of  providing  an  adequate  airspeed 
indication  at  speeds  below  20-30  kt  during  takeoff  and 
landing  operations. 

Throughout  the  takeoff  and  landing  operations, 
speed  and  atf'lude  change  continually  under  the  influ- 
ence of  the  pt  *s  control  inputs.  Consideration  of  the 
nonuniform  motion  rarely  is  necessary  when  determin- 
ing performance  capabilities  of  the  helicopter.  The 
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The  power  available  and  the  aircraft  attitude  limita-  . 
tions  shown  in  Chart  B,  Fig.  3*153,  define  the  maxi*  V 
mum  propulsive  force  available  for  accelerating  the 
aircraft.  This  propulsive  force  is  divided  by  the  gross 
weight  to  define  the  variation  of  horizontal  acceleration 
aH  capability  with  true  airspeed  as  indicated  in  Chart 
A,  Fig.  3-154. 

Integration  of  this  curve,  by  taking  increments  in 
airspeed  and  average  acceleration  a„  defines  the  in- 
crease in  true  airspeed  with  time  presented  in  Chart  B, 

Fig.  3-160.  Strip  integration  of  the  airspeed/time  varia- 
tion results  in  the  total  distance  associated  with  the 
acceleration  phase  of  the  takeoff  maneuver  shown  in 
Chart  C.  To  define  the  performance  characteristics 
with  accuracy,  the  strip  integration  must  use  very  small 
increments  of  velocity  and  time.  This  integration  is 
accomplished  most  efficiently  by  a computer. 

3-4.2. 7.2.2  Rotation 

When  the  target  airspeed  for  climb  is  reached,  t ie 
helicopter  is  rotated  from  a nose-low  attitude  to  tne 
trim  attitude  for  climb,  and  a fixed  airspeed  is  main- 
tained. This  attitude  change  may  be  as  much  as  20  deg 
for  takeoffs  using  moderate  power.  During  the  rota- 

l 

v 


takeoff  distance  calculations  that  follow  can  be  made 
with  sufficient  accuracy  by  considering  only  the  lift, 
drag,  and  propulsive  forces  while  ignoring  the  inertia 
forces  associated  with  the  nonunitbrm  motions  that 
occur  during  the  maneuver. 

3*4.2.7.2  Takeoff  Performance 

The  takeoff  maneuver  consists  of  three  separate 
parts:  acceleration,  rotation,  and  climb.  The  para- 
graphs that  follow  describe  the  method  for  analyzing 
each  phase  of  the  maneuver.  A series  of  helicopter 
performance  charts,  including  fuselage  characteristics, 
is  used  to  derive  the  basic  data. 

3-4.2. 7.2. 1 Acceleration 

Chart  A,  Fig.  3-1S3,  illustrates  a performance  chart 
and  the  method  of  obtaining  the  propulsive  force  F^and 
power  required  at  a fixed  lift  (constant  vertical  thrust) 
for  evaluating  hvel  acceleration.  Chart  B,  which  is 
derived  from  Chart  A,  presents  a summary  of  net  pro- 
pulsive force  A Ff  for  the  airspeed  range  of  interest 
during  the  acceleration.  To  provide  an  accurate  ap- 
praisal of  capability,  this  diagram  reflects  IGE  opera- 
tion. 


Fig.  3-150.  Height-velocity  Profile 
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Fig.  3*151.  Power  Requirements  for  Takeoff 


tion,  the  aircraft  continues  to  accelerate  slightly  in  the 
horizontal  plane  while  accelerating  vertically  to  the 
power-limited  rate  of  climb  speed.  A rigorous  analysis 
of  the  rotation  would  include  specific  aircraft  pitch  rate 
capability  dO/dt  and  evaluation  of  the  horizontal  and 
vertical  acceleration  at  constant  power  and  some  aver- 
age pitch  attitude. 

A reasonable  approximation  of  the  distance  traveled 
during  rotation  is  made  by  assuming  a typical  pitch  rate 
(8*10  deg/sec)  and  calculating  the  time  required  to 
rotate.  The  power-limited  climb  attitude  is  defined 
from  power  charts  at  the  desired  airspeed  and  rate  of 
climb.  Eq.  3-201  is  used  to  derive  the  time  interval  for 
rotation  Ar^ 


"d  *wCc 

— (Aff/Afj  »*®c  (3-201) 


where 

(AO/A  i)Mm  = nominal  pitch  rate,  deg/sec 
9cl  = trim  climb  attitude,  deg 
9^  = acceleration  attitude,  deg 
If  airspeed  and  altitude  are  assumed  constant  during 
the  rotation,  the  distance  required  for  the  rotation  is 
equal  to  the  product  of  the  rotational  airspeed  and  the 
rotational  time  from  Eq.  3-201. 

34.2.7.2.3  Climb 

Following  the  rotation,  the  aircraft  initiates  the 
climb  phase  at  a constant  speed.  The  power  map  of  Fig. 
3-13$,  Chart  A,  is  used  to  derive  the  rate  of  climb 
capability  at  the  fixed  airspeed.  A vector  representing 
gross  weight  is  drawn  to  the  various  operating  points 
along  the  constant-power  lines,  and  the  resulting  excess 
net  propulsive  force  is  converted  to  a steady  rate  of 
climb  using  Eqs.  3-192  and  3-193.  A summary  of  rate 
of  climb  capability  at  fixed  gross  weight  and  several 
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airspeeds  and  power  levels  is  presented  in  Chart  B,  Fig. 
3-15S.  Because  the  aircraft  is  climbing  away  from  the 
ground  at  some  forward  speed,  ground,  effect  is  not 
included.  This  chart  is  used  to  derive  the  time  and 


distance  required  to  travel  from  level  acceleration 
height  to  obstacle  height. 

Fig.  3-156  presents  a series  of  charts  that  detail  the 
climb  distance  analysis.  Chart  A of  Fig.  3-156  is 
derived  from  Chart  B of  Fig.  3-155  at  a given  engine 


CHART  A in-ground  effect  CHART  B 


Fig.  3-133.  Development  of  Takeoff  Level  Acceleration  Capability 
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Fig,  3-154.  Takeoff  Performance  — Acceleration  Phase 
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power.  Chart  B,  Fig.  3-156,  is  defined  for  several  flight  to  climb  at  a selected  airspeed.  Chart  C,  Fig.  3-156,  is 

path  airspeeds  using  Chart  A and  Eq.  3-202  constructed  using  the  horizontal  component  of  the 

flight  path  speed. 


AA  = Vcl(At)  ,ft 


(3-202) 


A given  obstacle  height  is  used  to  determine  the  time 


As  - V. 


’ fit  pa,h(cos  7)  .f* 


(3-203) 
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3-4. 2. 7. 3. 1 Approach 


where  y is  Sin'1  ( V<t/Vju  ,**)• 

The  climb  angle  y defined  above  provides  a measure 
of  the  steepness  of  the  climbout.  The  maximum  climb 
angle,  as  limited  by  power  available,  will  provide  the 
minimum  takeoff  distance.  Considerations  of  low- 
speed  operation  in  the  height-velocity  diagram  and 
low-speed  airspeed  measurement  system  accuracy  may 
the  climb  angle  to  less  than  maximum  obtainable 
with  available  power  and  thereby  lengthen  the  takeoff 
distance. 

3-4.2.7.3  Landing  Performance 

The  landing  maneuver  consists  of  three  phases:  ap- 
proach, attitude  flare,  and  deceleration.  This  is  illus- 
trated in  Fig.  3-152.  During  the  initial  descent  to  the 
landing  area,  the  airspeed  and  the  rate  of  descent  are 
held  constant.  As  the  ground  is  approached,  an  attitude 
flare  is  initiated  (pitch  attitude  rotation)  by  increasing 
pitch  attitude  above  the  flight  trim  value.  During  the 
initial  flare,  the  rate  of  descent  is  reduced  to  zero  for 
a hover  landing  condition  or  to  an  acceptable  descent 
rate  for  a roll-on  landing.  The  final  approach  is  made 
at  zero  or  a small  rate  of  descent  with  pitch  attitude 
sufficiently  above  trim  to  supply  a decelerating  thrust. 
When  there  is  not  sufficient  power  to  perform  an  IGE 
hover,  a roll-on  landing  at  some  forward  airspeed  is 
required.  The  geometry  of  the  particular  helicopter  will 
dictate  landing  pitch  attitude  limitations  based  upon 
tail  rotor,  landing  gear,  or  fuselage  clearances. 


Multiengine  landing  capability  is  developed  from 
power  charts  in  a manner  similar  to  that  used  in  deter- 
mining takeoff  capability.  For  the  landing  situation, 
negative  values  of  net  propulsive  force  are  used  to  de- 
fine the  rate  of  descent  at  a fixed  gross  weight  and 
several  airspeeds.  Fig.  3-157  illustrates  the  develop- 
ment of  the  power  requirement  for  the  initial  descent 
at  fixed  airspeed.  The  diagram  is  constructed  similarly 
to  Fig.  3-155  and  the  resulting  negative  propulsive 
force  is  converted  to  a steady  descent  rate  using  the 
relationships  of  Eqs.  3-192  and  -193,  with  the  climb 
angle  y replaced  by  the  descent  angle  y 0.  Chart  B,  Fig. 
3-157,  is  derived  from  Chart  A for  constant  gross 
weight  at  several  flight  path  airspeeds  Vfl,  ^ and 
negative  propulsive  forces  — A/y  The  rate  of  descent 
normally  is  limited  to  the  zero  power  (autorotation) 
condition.  If  the  rate  of  descent  is  increased  beyond  this 
condition,  the  rotor  speed  will  increase  above  the  trim 
power-on  setting. 

Fig.  3-158  illustrates  the  analysis  of  the  initial  ap- 
proach phase  of  landing.  An  average  value  for  the  ap- 
proach rate  of  descent  is  chosen  from  Chart  A,  Fig. 
3-158.  Because  the  landing  is  not  power-limited,  several 
combinations  of  approach  airspeed  and  rate  of  descent 
are  possible.  Approach  speeds  of  30-40  kt  and  rates  of 
descent  of  1000-1500  fpm  are  conditions  commonly 
used  for  both  dual-  and  single-engine  landings.  Chart 
B is  derived  using  several  values  for  approach  rate  of 
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Fig.  3-155.  Development  of  Takeoff  Performance  Climb  Capability 


I descent  and  various  descent  times  as  shown  on  the 
I chart. 

I The  distance  traveled  during  the  initial  descent  as 

shown  in  Chart  C,  Fig.  3- 1 58,  is  defined  by  the  horizon- 
tal component  of  the  flight  path  speed  in  the  same 
manner  as  climb  distance  is  calculated  (Eq.  3-203)  but 
with  descent  angle  yD  — Sin'1  < *!>/*%,«*)  in  lieu  of 
climb  angle. 


3-4.27.3.2  Rotation 

During  the  rotation  phase,  the  fuselage  is  rotated 
nose-up  to  provide  horizontal  deceleration  and  to 
reduce  the  rate  of  descent.  Deceleration  is  achieved  by 
converting  the  negative  propulsive  force  associated 
with  the  rate  of  descent  to  a decelerative  force.  Rigor- 


Fig.  3-156.  Takeoff  Performance  — Climb  Phase 
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ous  treatment  of  this  transient  condition  would  employ 
power  charts  to  define  the  propulsive  force  and  net  lift 
at  each  fuselage  angle  during  rotation.  An  approxima- 
tion of  the  height  lost  and  distance  traveled  during 
fuselage  rotation  is  derived  using  a typical  pitch  atti- 
tude rate  (8-10  deg/sec).  The  time  is  calculated  as 


(A/V  (A5/Af) 


, sec 


(3-204) 


where 

6p  = body  attitude  for  level 
deceleration,  deg 

6 D = body  attitude  during  approach, 
deg 

The  average  rate  of  descent  during  rotation  and  the 
flare  time  increment  arc  used  to  define  the  height  loss 
during  the  initial  flare, 

m„  = (Vd‘"<'+2  .ft  (3-205) 


The  horizontal  distance  traveled  is  equal  to  the  product 
of  the  approach  airspeed  and  the  time  required  to  flare, 
from  Eq.  3-204. 

3-4.27.3.3  Deceleration 

The  final  attitude  flare  is  accomplished  at  a fixed  rate 
of  descent  while  the  helicopter  is  being  decelerated  to 
the  horizontal  touchdown  speed.  Fig.  3-159  illustrates 
the  use  of  power  charts  to  determine  the  power  require- 
ments and  decelerative  forces.  The  vector  diagram  of 
Chart  A,  Fig.  3-159,  is  constructed  in  a manner  similar 
to  the  takeoff  condition  diagram;  however,  the  net  pro- 
pulsive force  is  negative.  Chart  B defines  the  power 
requirements  during  the  deceleration  for  a fixed  gross 
weight.  At  the  higher  airspeeds,  autorotation  (zero 
power)  limits  the  deceleration;  maximum  attitude 
limits  deceleration  at  the  low  airspeeds. 

The  deceleration  capability  shown  in  Chart  A,  Fig. 
3-160,  is  derived  from  Chart  B of  Fig.  3-159  for  the 
specific  gross  weight.  Chart  B,  Fig.  3-160,  presents  a 
time  history  of  approach  velocity  while  Chart  C,  Fig. 
3-160,  defines  the  distance  traveled  during  the  decelera- 
tion. The  total  landing  distance  over  a specified  obsta- 
cle height  is  the  sum  of  the  three  component  distances 
of  the  landing  maneuver. 
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M.S  AIRSPEED-ALTITUDE  LIMITS 


3-4.3. 1 


Gwwral 


Airspeed-altitude  limitations  of  helicopters  can  be 
categorized  as  those  relating  to  power,  structural  integ- 
rity, stability,  maneuverability,  and  comfort.  The  rela- 
tive importance  of  each  factor  is  dependent  upon  the 
configuration  and  the  operation  application.  For  ex- 
ample, a helicopter  carrying  bulky  external  loads  can 
be  speed-constrained  by  those  loads.  Mission  require- 
ments may  include  extreme  maneuver  ability,  which 
means  substantial  control  margins  and  maneuvering 
capabilities,  and  the  airspeeds  and/or  altitudes  at 
which  these  rue  not  available  become  limitations  upon 
the  helicopter  flight  envelope. 

Helicopter  speed  capability  tends  to  decrease  with 
altitude  as  retreating  blade  stall  produces  excessive 
blade  and  control  system  vibratory  loads.  The  addition 
of  a wing  permits  speed  capability  to  be  maintained  to 
higher  altitudes.  Adding  auxiliary  propulsion  allows 
higher  speed  at  all  altitudes  provided  adequate  power 
is  available  (Fig.  3-161). 

The  paragraphs  that  follow  discuss  the  various  heli- 
copter airspeed-altitude  constraints  and  their  sen- 
sitivity to  design  parameters  and  mission  requirements. 


34.3.2 


Definitions 


Speeds  commonly  defined  are: 

1.  IAS.  Indicated  airspeed  is  equal  to  the  pitot 
static  airspeed  indicator  reading  as  installed  in  the  heli- 
copter without  correction  for  airspeed  indicator  system 


CHART  A 

NET  LIFT  L,  lb 
FLIGHT  PATH  («WflC0$)d) 
TRUE  AIRSPEED  -40  kt 

OUT-OF-GROUND 
EFFECT 


TRIM  POINT 


*b-C0NSTANT 


OPERATING 
POINT 


/ 

y,  -DESCENT 
ANGLE 


NET  PROPULSIVE  FORCE  Fp,  lb 


errors  but  including  the  sea  level  standard  adiabatic 
compressible  flow  correction.  (This  latter  correction  is 
included  in  the  calibration  of  the  airspeed  instrument 
dials.) 

2.  CAS.  Calibrated  airspeed  is  equal  to  the  air- 
speed indicator  reading  corrected  for  position  and  in- 
strument error.  (As  a result  of  the  sea  level  adiabatic 
compressible  flow  correction  to  the  airspeed  instru- 
ment dial,  CAS  is  equal  to  the  true  airspeed  (TAS)  in 
standard  atmosphere  at  sea  level.) 

3.  EAS.  Equivalent  airspeed  is  equal  to  the  air- 
speed indicator  reading  corrected  for  position  error, 
instrument  error,  and  for  adiabatic  compressible  flow 
for  the  particular  altitude.  (EAS  is  equal  to  CAS  at  sea 
level  in  standard  atmosphere.) 

4.  TAS.'  True  airspeed  of  the  helicopter  relative  to 
undisturbed  air. 

The  true  airspeed  to  equivalent  airspeed  relationship 
TAS  = EAS(p,/p)l/J  is  shown  graphically  in  Fig.  3- 
162.  Indicated  airspeed  often  is  used  in  describing  heli- 
copter performance  because  flight  handbooks  are  in  the 
pilot’s  frame  of  reference.  The  discussion  following, 
however,  limits  itself  to  use  of  true  airspeed,  a practice 
consistent  with  the  requirements  of  MIL-C-501 1 for 
definition  of  standard  aircraft  characteristics. 

Altitude  also  can  be  defined  in  several  ways.  Abso- 
lute, or  tapeline,  altitude  is  the  measured  distance 
above  a ground  reference,  as  would  be  recorded  by  a 
radar  altimeter.  Pressure  altitude  is  the  altitude  above 
mean  sea  level  in  a standard  atmosphere  at  which  a 
given  barometric  pressure  is  to  be  found.  Pressure  alti- 
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Fig.  3-157.  Development  of  Approach  Rate  of  Descent 


tude  it  recorded  by  a standard  barometric  altimeter 
that  is  set  to  a standard  tea  level  preuure  of  29.92  in. 
of  mercury.  Density  altitude  is  pressure  altitude  ad* 
justed  for  temperature  deviations  from  standard;  e.g., 
6000  ft  pressure  altitude  at  9S*F  is  equivalent  to  9600 
ft  density  altitude  (same  density  as  9600  ft  pressure 
altitude  at  standard  day  temperature).  Density  altitude 
often  is  a convenient  way  to  normalize  density*depend* 
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ent  performance  factors.  In  this  d tcussion,  however, 
altitude  refers  to  pressure  altitude  under  standard  at- 
mospheric conditions. 

3-4.3.S  Power  Constraint* 

The  fundamental  limitation  up*  oi  flight  speed  ia 

the  power  available.  Power-iinr’  . ? .eci  is  simply  the 
speed  at  which  required  pov  ? Ajuait  available  power. 
Available  power  may  be  const;  aincd  by  engine  output 
or  by  transmission  rating.  The  engine  rating  usable  for 
each  speed  category  generally  is  defined  by  the  aircraft 
detail  specification  or,  in  its  absence,  by  MIL-C-30!  1. 

Power-limited  speed  usually  is  maximized  at  some 
nominal  altitude  and  varies  only  slightly  with  altitude 
at  standard  temperature.  However,  temperature  varia- 
tion has  significant  impact  upon  power  available  be- 
cause the  power  output  of  turbine  engines  is  very  sensi- 
tive to  ambient  temperature. 

The  minimum  flight  speed  of  a helicopter  also  can  be 
power-limited.  At  zero  airspeed,  altitude  is  constrained 
by  the  OGE  hover  ceiling.  The  power-limited  speed 
envelope  is  shaped  like  an  inverted  power-required 
curve. 

Constraints  also  are  imposed  by  requirements  for 
safe  recovery  in  the  event  that  an  engine  becomes  inop- 
erative. This  criterion  will  normally  define  minimum 
and  maximum  speed  limitations.  The  altitude-velocity 
diagram  defines  the  airspeed  altitude  envelope  within 
which  the  aircraft  can  operate  and  still  recover  safely 
from  an  engine  power  loss  (Fig.  3-163). 

The  low-speed/altitude  boundary  is  determined  by 
the  ability  to  autorotate  and  land  safely  in  the  case  of 
power  loss.  Recoverability  from  partial  or  complete 
power  loss  also  may  define  the  high-speed  boundary. 
At  speeds  above  some  limiting  value,  a sudden  reduc- 
tion in  power  may  produce  an  unacceptable  loss  of 
rotor  rpm  or  altitude  before  speed  can  be  reduced  to  the 
new  power  limit.  This  characteristic  is  a dynamic  one 
that  is  dependent  upon  rotor  inertia  and  pilot  response, 
and  thus  is  not  generalized  easily.  However,  as  helicop- 
ter speeds  approach  200  kt,  it  may  become  an  impor- 
tant constraint  upon  allowable  speed  at  low  altitude. 

Obviously,  one  engine:  inoperative  (OEI)  criteria  are 
influenced  directly  by  the  number  of  engines  installed. 
Introduction  of  transmission  rating  limitations  upon 
available  power  is  a method  often  used  to  insure  ade- 
quate power  margin. 

34.14  Structural  Constraint 

Structural  limitations  upon  helicopter  flight  speeds 
can  be  broken  down  into  those  relating  to  one  or  more 
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of  four  areas:  the  airframe,  the  rotor  blades,  the  rotor 
control  cystem,  and  the  rotor  shaft. 

Airframe  structural  integrity  for  level  flight  is  keyed 
to  dynamic  pressure.  The  surface  pressures,  both  posi- 
tive and  negative,  generated  by  the  slipstream  must  be 
within  design  limits.  Helicopters  assume  various  pitch 
and  sideslip  orientations  depending  upon  CG  location 
and  control  input,  and  the  pressures  must  be  acceptable 
within  a given  range  of  this  angular  orientation.  Be- 
cause surface  pressures  are  directly  proportional  to  free 
stream  dynamic  pressure,  speed  is  very  critical.  Within 
appropriate  margins  for  trim  orientation  and  gust  con- 
ditions, the  airframe  structural  true  airspeed  envelope 
will  increase  with  altitude  and  temperature  as  air  den- 
sity decreases  (following  a constant  equivalent  airspeed 
line). 

Rotor  blade  stresses  represent  another  important 
structural  constraint.  Th*  degree  of  blade  structural 
damage  that  may  occur  is  dependent  upon  both  steady 
and  vibratory  stresses  generated.  The  higher  the  steady 
stress,  the  lower  the  allowable  vibratory  stress  for  the 
same  damage  criteria.  Steady  stress  is  a function 
primarily  of  gross  weight  and  centrifugal  force,  and  is 
relatively  insensitive  to  speed  and  altitude.  Vibratory 
stress,  on  the  other  hand,  arises  because  of  variations 
in  loading  as  the  blade  rotates  azimuthally,  and  is 
speed-sensitive.  As  speed  increases,  the  variation  in  the 
loading  on  the  advancing  and  retreating  blades  in- 
creases, causing  higher  vibratory  loads  and  correspond- 
ing stresses.  Both  high  angle  of  attack  and  stall  on  the 
retreating  blade,  and  possibly  negative  angle  of  attack 


and  compressibility  on  the  advancing  blade,  contribute 
to  increased  vibratory  stresses.  For  a given  rotor  system 
and  rpm,  stress-limited  speed  tends  to  vary'  inversely 
with  gross  weight.  Both  main  and  tail  rotor  blade 
stresses,  of  course,  must  be  considered. 

Rotor  system  control  loads  represent  one  of  the  most 
significant  constraints  upon  helicopter  speed.  As  with 
blade  stresses,  control  loads  have  both  a steady  and  a 
vibratory  content.  Steady  loads  are  a function  of  blade 
loading  and  control  system  geometry,  while  vibratory 
loads  result  from  the  azimuthal  variation  in  blade 
loads. 

Because  it  is  configured  to  govern  blade  pitch  angle, 
the  control  system  is  very  sensitive  to  blade  bending 
and  aerodynamic  pitching  moments.  Thus,  control 
loads  build  up  rapidly  with  blade  deflection  when  the 
retreating  blade  tip  begins  to  stall,  and  an  aerodynamic 
nose-dov/u  pitching  moment  is  generated.  The  onset  of 
retreatnig  blade  stall  can  be  related  to  the  angle  of 
attack  of  the  blade  tip,  which  in  turn  is  established  by 
local  dynamic  pressure  and  required  blade  lift.  For  a 
given  gross  weight,  therefore,  onset  of  stall  is  propor- 
tional to  the  square  of  the  net  tip  speed  and  air  density. 
Thus,  for  a given  level  of  acceptable  control  load,  limit 
speed  will  vary  approximately  as: 


(3-206) 
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Fig.  3-199.  Determination  of  landing  Deceleration  Capability 
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Performance  — Deceleration 
Phase 


Fig.  3-161.  Typical  Altitude-speed  Limits 
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Fig.  3-162.  Relationship  Between  True 
Equivalent  Airspeed 
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Fig.  3-163.  Typical  Altitude-velocity  Diagram 


For  conventional  helicopters,  the  empirical  constant 
k generally  is  in  the  order  of  50  IbVft? 

A large  number  of  rotor  modifications  that  can  help 
alleviate  retreating  blade  stall  and  attendant  control 
loads  suggest  themselves.  The  maximum  blade  lift  coef- 
ficient can  be  increased  with  cambered  airfoil  sections 
or  boundary  layer  conttol  with  appropriate  considera- 
tion for  the  associated  aerodynamic  pitching  moment. 
Spanwise  loading  can  be  optimized  with  high  twist, 
second  harmonic  feathering  control,  and  lateral  CG 
offset  obtained  with  ofTset  or  semirigid  flapping  hinges. 
And,  of  course,  the  rotor  can  be  unloaded  either  by 
increasing  blade  area  or  by  incorporating  a wing  and/ 
or  auxiliary  propulsion. 

Rotor  shaft  stresses  in  bending  are  caused  by  the  hub 
moment  generated  by  the  rotor  to  trim  the  helicopter 
in  an  acceptable  attitude.  The  required  hub  moment  is 
a function  of  gross  weight,  speed,  and  CG  location.  If 
a requirement  to  keep  the  airframe  reasonably  level  at 
extreme  CG  excursions  demands  very  high  hub  mo- 
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Fif.  3-164.  Typical  Structural  Altitude-speed 
Constraints 


ments,  limiting  shaft  stresses  may  constrain  speed  or 
altitude. 

The  general  character  of  individual  structural  al- 
titude/ainpeed  limits  now  can  be  summarized.  Air- 
frame constraints  are  proportional  to  dynamic  pressure 
so  that  allowable  true  airspeed  increases  with  altitude 
(Fig.  3-164).  Blade  stresses  are  dependent  chiefly  upon 
gross  weight  and  speed,  and  are  independent  of  alti- 
tude. Control  loads  are  a function  of  both  gross  weight 
and  altitude,  and  generally  represent  the  most  limiting 
structural  constraint.  Shaft  stresses  generally  are  not 
limiting. 

It  must  be  remembered  that  the  sensitivity  of  blade 
stresses  and  control  loads  to  gross  weight  is  more  prop- 
erly a sensitivity  to  blade  lift,  so  that  speed  increases 
can  be  realized  through  the  use  of  wings  and/or  auxil- 
iary propulsion  to  unload  the  rotor  and  expand  the 
envelope. 

3-A.3.5  Stability  Constraints 

Stability  is  the  tendency  to  return  to  equilibrium 
following  a disturbance.  A flight  condition  resulting  in 
any  uncontrollable  instability  is  unacceptable,  and,  in 
fact,  a generous  margin  must  be  provided  for  level 
flight  condi  Jons  to  accommodate  necessary  maneuver- 
ing and  potential  gust  loadings. 

Stability  constraints  upon  airspeed  consist  of  those 
introduced  by  the  rotor,  the  blades,  the  airframe,  and 
an  external  load.  Generalization  as  to  the  relative  im- 
portance of  these,  and  definition  of  specific  trends  with 
regard  to  altitude  or  gross  weight,  is  found  in  Chapter 
6.  The  significance  of  stability  limits  cannot  be  overem- 
phasized, however,  as  the  consequences  of  flying  inad- 
vertently into  an  unstable  regime  can  be  catastrophic. 
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3-A.3.6  Maneuverability  and  Controllability 

Controllability  is  a less-specific  property  than  stabil- 
ity, and  relates  to  speed,  accuracy,  and  the  ease  with 
which  the  helicopter  can  be  made  to  maneuver  ftom  the 
steady-state  flight  condition. 

The  most  obvious  controllability  limitation  is  that 
established  by  maximum  available  control  travel.  A 
helicopter  obtains  forward  propulsion  by  superimpos- 
ing a longitudinal  cyclic  blade  angle  variation  on  top  of 
the  collective  pitch  required  to  provide  lift.  The  loca- 
tion of  the  CG  imposes  the  most  significant  variant  in 
control  requirements.  The  aerodynamic  trim  of  the  air- 
frame in  forward  flight  imposes  variations  at  higher 
speeds.  Climb  or  descent  attitude  and  power  condition 
introduce  additional  variables  to  be  considered.  Speed 
often  is  restricted  by  aft  locations  of  the  CG,  and  there- 
fore can  be  limited  by  inadequate  blade  angle  or  pilot 
control  travel.  A control  margin  for  necessary  maneu- 
vering from  the  steady-state  trim  flight  condition  must 
be  kept  available  and,  in  general,  it  should  be  at  least 
10%  throughout  the  operational  flight  envelope. 

Collective  pitch  constraints  also  can  limit  speed  and 
altitude  capabilities  at  lower  speeds  because  the  re- 
quired blade  angle  increases  with  inflow  in  climb  and 
forward  flight  and  inversely  with  air  density  at  constant 
gross  weight. 

At  low  speeds,  tail  rotor  adequacy  must  be  consid- 
ered. The  tail  rotor  must  counteract  main  rotor  torque 
and  also  must  provide  sufficient  additional  yawing  mo- 
ment for  precise  hovering  control  and  maneuvering. 
Because  the  latter  usually  involves  transient  rather 
than  steady-state  operation,  power  is  not  the  limiting 
factor.  Instead,  the  sensitivity  of  tail  rotor  response  (the 
slope  of  thrust  with  rudder  input)  and  the  absolute 
pitch-limited  thrust  of  the  tail  rotor  are  constraining. 
Tail  rotor  thrust/pitch  sensitivity  is  related  to  blade 
loading,  and  decreases  markedly  as  the  blades  begin  to 
stall.  A reasonable  ground  rule  is  that  sensitivity  should 
not  decrease  to  less  than  half  the  steady  trim  value.  At 
high  speed,  a vertical  fin  helps  trim  main  rotor  torque, 
and  tail  rotor  thrust/pitch  sensitivity  is  enhanced 
greatly.  Thus,  tail  rotor  adequacy  considerations  do  not 
affect  the  high-speed  envelope  except  to  the  degree  that 
tail  rotor  stresses  become  significant.  The  altitude-air- 
speed constraints  imposed  by  main  rotor  control  limits 
and  tail  rotor  adequacy,  then,  look  something  like  Fig. 
3-165. 

The  altitude-airspeed  envelope  also  can  be  restricted 
by  considerations  of  crew  and  passenger  comfort.  Coi  n- 
fort  factors  include  atmospheric  oxygen  content,  vibra- 
tion, noise,  and  attitude. 
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The  most  obvious  altitude  constraint  is  the  oxygen 
level  in  the  ambient  atmosphere.  Without  pressuriza- 
tion or  special  oxygen  apparatus,  personnel  should  not 
be  exposed  to  extended  operation  at  pressure  altitudes 
above  10,000  ft,  where  the  oxygen  pressure  is  two- 
thirds  that  at  sea  level. 

Several  of  the  structural  and  stability  constraints  also 
may  cause  undesirable  vibration.  Fuselage  vibration 
induced  by  the  rotor,  engines,  and  transmission  gener- 
ally increases  with  gross  weight  and  forward  speed 
(Fig.  3-166).  The  unique  response  characteristics  of  the 
airframe  significantly  affect  the  local  impact  of  vibra- 
tion, and  precise  tuning  often  can  reduce  the  vibratory 
impact  at  specific  flight  conditions.  Continuous  flight 
obviously  permits  less  vibration  than  short  spurts  at 
maximum  speed.  The  need  to  operate  sensitive  equip- 
ment such  as  gunsights  or  motion  sensors  also  may 
limit  the  acceptable  level  of  vibration. 

The  nose-down  attitude  of  the  aircraft  cannot  exceed 
that  acceptable  to  the  crew  and/or  passengers.  As 
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Fig.  3-167.  Fuselage  Pitch  Attitude 


speed  increases,  the  helicopter  nose  must  be  dropped  to 
provide  necessary  rotor  propulsive  force  without  exces- 
sive blade  flapping.  A forward  CG  condition  aggra- 
vates the  problem.  Often,  high-speed  helicopters  incor- 
porate built-in  forward  rotor  shaft  incidence  as 
compensation.  Use  of  a wing  to  unload  rotor  lift  also 
can  aggravate  the  attitude  problem,  because  the  rotor 
must  be  tilted  even  further  forward  to  provide  propul- 
sive force  with  a smaller  thrust  vector.  Use  of  auxiliary 
propulsion,  on  the  other  hand,  eliminates  the  need  for 
the  rotor  to  tilt  forward  and  allows  the  aircraft  to  be 
trimmed  level  (Fig.  3-167). 

Noise,  both  external  and  internal,  imposes  a final 
potential  constraint  upon  speed.  As  speed  increases,  the 
retreating  blade  may  stall  and  the  advancing  blade  tip 
is  exposed  to  higher  Mach  numbers.  The  resulting  pres- 
sure impulses  are  observed  as  noise  and  may  be  unac- 
ceptable. Crew  or  passenger  tolerance  to  the  noise 
transmitted  internally  by  the  rotor,  engines,  or  drive 
system  also  may  restrict  allowable  speed  for  sustained 
flight. 


Fig.  3-165.  Altitude  Constraints  Imposed  by  Main 
Rotor  Control  Limits  and  Tail  Rotor  Adequacy 


Fig.  3-166.  Typical  Vibration  Characteristics 


3-5  SPECIAL  CONSIDERATIONS 

3-5.1  AUTOROTATIONAL 
CHARACTERISTICS 

3-5. 1.1  Basic  Mechanism  of  Autorotation 

One  of  the  important  features  of  a helicopter,  in 
contrast  to  most  other  types  of  aircraft,  is  the  ability  it 
affords  to  make  a landing  following  a complete  power 
failure  with  a reasonable  expectation  of  no  injuries  and 
no  structural  damage.  Both  the  military  and  the  FAA 
recognize  this  capability  by  requiring  that  it  be  demon- 
strated even  in  multiengine  helicopters.  Autorotation 
not  only  is  used  following  power  failure,  but  also  is 
generally  the  fastest  means  of  descent  in  case  of  other 
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unexpected  events  such  as  fire,  severe  vibration,  or  con- 
j trol  system  malfunction. 

The  bask  mechanism  of  autorotation  and  hover  is 
illustrated  in  Fig.  3*168,  which  shows  the  lift  and  drag 
| vectors  acting  upon  a blade  element  in  hover,  in  a slow 
j vertical  descent,  and  in  a fast  vertical  descent.  The  lift 
vector  is  held  constant  for  the  three  flight  modes  by 
decreasing  the  pitch  of  the  blade  as  the  rate  of  descent 
is  increased.  It  may  be  seen  that  at  some  rate  of  descent 
the  lift  vector  L,  which  always  is  perpendicular  to  the 
local  resultant  velocity,  will  be  tilted  forward  enough  to 
balance  the  drag  vector  D.  At  this  point,  no  power  is 
required  to  keep  the  blade  element  rotating  and  it  is  in 
autorotation.  In  the  case  of  a complete  rotor,  the  lift 
) and  drag  forces  on  every  blade  element  will  not  neces- 
I sarily  be  balanced,  but  the  integrated  torque  due  to  the 
forward  tilt  of  the  lift  vectors  on  all  of  the  elements  will 
balance  the  integrated  torque  due  to  the  drag  on  all  of 
the  elements.  This  balancing  of  the  torque  applies  to 
autorotation  in  forward  flight  as  well  as  in  a vertical 
descent. 

For  a given  combhiation  of  disk  loading  and  collec- 
tive pitch,  vertical  autorotation  is  a stable  flight  condi- 
tion that  is  defined  by  a unique  combination  of  rotor 
speed  and  rate  of  descent.  This  means  that  if  the  rate 
of  descent  increases,  both  the  blade  lift  and  its  forward 
tilt  also  will  increase  with  a resulting  increase  in  rotor 
speed.  The  latter  produces  another  increase  in  lift  and 
a corresponding  decrease  in  the  rate  of  descent  back  to 
its  original  value.  If  the  rotor  speed  increases  without 
an  accompanying  increase  in  the  rate  of  descent,  the  lift 
vector  will  tilt  back  and  the  drag  vector  will  increase, 
thus  causing  the  rotor  speed  to  return  toward  its  initial 
value.  Similarly,  in  forward  flight  autorotation  is  stable 
at  a given  combination  of  forward  speed,  disk  loading, 
and  collective  pitch  and  is  defined  by  a unique  combi- 
nation of  rotor  angle  of  attack  with  respect  to  the  flight 
path,  glide  path  angle  with  respect  to  the  horizon,  and 
rotor  speed. 

3-5. 1.2  Entry  into  Autorotation 

The  entry  into  autorotation  is  the  maneuver  occur- 
ring between  the  instant  of  power  plant  failure  and  the 
point  at  which  steady  autorotation  is  achieved.  In  nor- 
mal flight,  the  helicopter  rotor  requires  power  to  keep 
it  rotating.  If  the  source  of  power  suddenly  fails,  the 
rotor  initially  will  require  the  same  power  but,  being 
unable  to  obtain  it  from  the  power  plant,  will  obtain  it 
from  its  own  kinetic  energy  by  slowing  down.  During 
this  process,  it  can  approach  a stalled  condition  that,  if 
actually  encountered,  would  bring  the  rotor  to  an  un- 
controllable flight  condition.  An  equation  for  the  rate 
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at  which  the  rotor  slows  down  if  the  pilot  takes  no 
action  following  the  power  failure  can  be  derived  by 
assuming  that  the  decelerating  torque  is  proportional  to 
the  square  of  the  rotor  speed.  The  resultant  equation  is 
a function  of  the  original  torque  Q>  and  rotor  speed 

Qjaiay 

Q.  - , rad/sec2  (3-207) 


Eq.  3-207  can  be  rewritten  as  a nonlinear  integral  equa- 
tion in  terms  of  the  equivalent  time  /,  during  which  the 
total  kinetic  energy  could  be  converted  into  power  at 
the  initial  level;  e.g.,  by  increasing  collective  pitch  as 
the  rotor  speed  decreases: 


(TOTAL  DRAG  PRODUCES  A DECELERATING  TORQUE) 


(TOTAL  DRAG  PRODUCES  A SMALL  OR  ZERO  TORQUE) 

Fig.  3-168.  Basic  Mechanism  of  Autorotation 
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Fig.  3-1*9.  Rotor  Speed  Decay  Following  Power  Failure 
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The  denominator  of  the  second  form  of  the  expression 
for  r,  is  the  rotor  power.  For  most  helicopters  and  flight 
conditions,  the  equivalent  time  is  between  1 and  4 sec. 
Eq.  3-208  has  been  evaluated  for  several  values  of 
equivalent  time  and  the  results  plotted  on  Fig.  3-169. 
It  may  be  seen  from  this  figure  that  the  rotor  speed  can 
decay  by  as  much  as  33%  in  the  first  second  after 
power  loss. 

To  prevent  a dangerously  low  rotor  speed,  the  pilot 
must  initiate  prompt  control  action  following  power 
failure.  In  hover  and  low-speed  flight,  the  proper  pilot 
action  is  to  reduce  the  collective  pitch  in  order  to 
reduce  the  power  required,  and  quickly  to  obtain  the 
rate  of  descent  necessary  for  steady  autorotation.  At 
high  speeds,  the  decrease  in  collective  pitch  may  be 
delayed  if,  instead,  an  immediate  cyclic  nose*up  flare  is 
performed.  This  flare  simulates  a rate  of  descent  by 
establishing  an  attitude  such  that  the  air  is  coming 
upward  through  the  rotor.  Another  reason  for  this  type 
of  entry  into  autorotation  at  high  speed  is  that  collec- 
tive pitch  reduction  causes  the  rotor  to  flap  down  in 
front,  thus  delaying  achievement  of  the  condition  of 
upward  flow  through  the  rotor.  Sometimes  this  nose- 
down  flapping,  in  conjunction  with  the  accompanying 


reduction  in  coning,  is  large  enough  to  cause  a blade 
strike  on  the  fore-body. 

In  order  to  give  the  pilot  an  opportunity  to  react  with 
sufficient  rapidity,  he  must  be  given  an  adequate  indica- 
tion of  engine  failure.  This  generally  is  not  a problem 
in  a reciprocating-engine  helicopter  because  the  change 
in  noise  level  is  readily  apparent.  With  turbine-powered 
helicopters,  however,  the  prime  source  of  noise  in  the 
cockpit  may  be  the  transmission,  which  produces  es- 
sentially the  same  noise  level  whether  under  power  or 
not.  For  this  reason  an  engine  failure  alarm  system 
separate  from  the  normal  flight  and  engine  instruments 
may  be  required.  The  signals  that  can  be  used  to  trigger 
the  alarm  include  a rotor  speed  below  some  preset  level; 
high  rotor  speed  deceleration  rates;  zero  or  negative 
torque  between  the  engine  and  the  transmission;  or  a 
sudden  drop  in  engine  temperature,  pressure,  or  fuel 
flow.  It  may  be  necessary  to  use  more  than  one  of  these 
signals  to  avoid  nuisance  alarms. 

During  entry  into  autorotation  from  hover,  the  pilot 
may  elect  either  to  make  a nearly  vertical  descent  all 
the  way  to  the  ground  or  to  make  a transition  to  for- 
ward-flight autorotation.  Because  the  rate  of  descent  in 
autorotation  is  proportional  roughly  to  the  power  re- 
quired by  the  rotor,  the  minimum  rate  of  descent  oc- 
curs at  the  forward  speed  corresponding  to  the  mini- 
mum point  on  the  power-required  curve.  Vertical 
descents  are  practicable  only  on  helicopters  with  low 
disk  loadings;  such  helicopters  also  normally  require 
lower  power  for  hovering.  When  entering  vertical  au- 
torotation, a special  problem  may  occur  as  the  helicop- 
ter accelerates  toward  its  stable  rate  of  descent  and 
passes  through  the  critical  part  of  the  “vortex  ring” 
state.  The  vortex  ring  state  exists  between  the  hover 
mode  and  the  autorotation  mode  for  vertical  descent. 
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In  this  condition,  the  rotor  carries  with  it  a mass  of 
rotating  air,  like  a smoke  ring,  which  is  rotating  down 
through  the  middle  of  the  rotor  and  up  on  the  outside. 
This  mass  of  air  becomes  very  unstable  in  the  critical 
part  of  the  vortex  ring  state  and  breaks  down  in  large 
and  random  fluctuations  that  act  upon  the  rotor  as 
sharp-edged  gusts,  producing  a situation  in  which  the 
helicopter  is  difficult  to  control.  Fortunately,  the  vor- 
tex ring  state  either  can  be  passed  through  quickly  by 
decreasing  rotor  power  or  alleviated  by  descending 
with  a moderate  amount  of  forward  speed. 

During  autorotation  at  forward  speed,  the  rotor 
speed  sometimes  is  difficult  to  raise  from  the  low  value 
it  decreases  to  during  the  entry  if  the  minimum  collec- 
tive pitch  setting  is  not  low  enough  to  maintain  the 
rotor  speed  at  the  desired  value.  In  these  cases,  the 
rotor  speed  can  be  increased  by  making  steady  turns; 
the  increased  load  factor  and  corresponding  increased 
angle  of  attack  increase  the  flow  of  air  up  through  the 
rotor  and,  thus,  the  energy  that  can  be  extracted  from 
the  airstream.  This  extra  energy  allows  autorotation  at 
a higher  rotor  speed  at  the  expense  of  a higher  rate  of 
descent. 

3-5.1.3  Calculation  of  tha  Rate  of  Descent 
in  Autorotation 

3-5. 1.3. 1 Vertical  Autorotation 

The  equation  for  the  rate  of  descent  VD  in  steady 
vertical  autorotation  may  be  derived  by  the  method  in 
F.ef.  16  by  setting  the  idealized  rotor  equation  for 
torque  coefficient  equal  to  zero: 


value  of  V0  — v determined  in  Eq.  3-211  and  VD  can 
be  found  in  turn  by  multiplication  by  v0  from  Eq.  3-4. 
Note  that  from  Fig.  3-170,  an  average  value  of  K/Jis2.0. 
Thus  the  rate  of  descent  in  vertical  autorotation  is  ap- 
proximately twice  the  corresponding  value  of  the  in- 
duced velocity  in  hover.  For  sea  level  conditions 
(p  — 0.002378  slug/ft1),  this  gives  approximately: 

VD  29y/w  , fps  (3-212) 

(This  equation,  incidentally,  also  gives  a good  approxi- 
mation for  the  rate  of  descent  of  a parachute.) 

3-5. 1.3.2  Forward  Flight  Autorotation 

In  forward  flight  autorotation,  the  rate  of  descent 
can  be  calculated  either  by  an  approximate  method 
when  quick  results  are  required  or  by  a more  rigorous 
method  when  greater  accuracy  or  the  effect  of  configu- 
ration changes  are  desired.  The  approximate  method  is 
based  upon  the  concept  that  the  power  available  is 
supplied  by  the  rate  of  loss  of  potential  energy  and  the 
assumption  that  the  power  required  is  the  same  as  for 
level  flight  at  the  same  speed.  The  equation  for  rate  of 
descent  using  the  approximate  procedure  is 

550hp 

VD  = w ^ » fps  (3-213) 
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In  this  equation  the  descent  and  induced  velocities 
have  been  nondimensionalized  by  dividing  by  the  in- 
duced velocity  in  hover  v0.  Eq.  3-210  can  be  rewritten 

as 


oCDl 8 

— ~ — ~ = V „ -P  .dimensionless  (3-211) 
Ct3I*I>/2  D 


In  the  autorotative  condition,  the  nondimensionalized 
rate  of  descent  VD,  and  the  ^nondimensionalized  net 
velocity  through  the  rotor  Vp  - v,  are  related  as 
shown  on  Fig.  3-170.  Thus  VD  can  be  found  for  the 


Fig.  3-170.  Nondimensional  Velocities  in  Vertical 
Autorotation 
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Fig.  3*171.  Forces  oa  Helicopter  in  AutoroUtion 


This  equation  cannot  be  considered  more  accurate  than 
±15%  because  the  power  required  in  autorotation  is 
not  the  same  as  for  forward  flight  due  to  the  difference 
in  local  blade  element  angle  of  attack  distributions  and 
fuselage  drag  contributions  for  the  two  flight  condi- 
tions. 

A more  accurate  method  is  based  upon  the  use  of 
rotor  charts  (par.  3-2. 1.2.2. 5)  and  the  equation  of  forces 
along  the  glide  path  acting  upon  the  helicopter  as 
shown  in  Fig.  3-171.  Substantiation  of  this  method  is 
determined  through  actual  flight  test  by  the  “sawtooth 
rate  of  descent*'  procedures  discussed  in  AMCP  706- 
203.  The  rate  of  descent  is 


VD  = Ksin70  .fps 


(3-214) 


speed  along  the  flight  path,  tip  speed,  and  density  in- 
volves the  following  steps: 

1.  Estimate  the  torque  that  the  rotor  must  supply 
in  autorotation  to  drive  the  tail  rotor,  transmission,  and 
accessories.  Compute  the  corresponding  value  of  nega- 
tive C5/cr. 

2.  For  the  value  of  Cr/<r  corresponding  to  the 
particular  gross  weight,  tip  speed,  and  density  and  the 
value  of  Cp/<r  determined  by  Step  1,  use  a suitable 
rotor  chart  for  the  proper  tip  speed  ratio  to  find  the 
collective  pitch  90 

3.  For  values  of  CT/<r  and  60  determine  the  angle 
of  attack  of  the  rotor  a„  and  the  H-  force  from  the  rotor 
charts. 

4.  Find  the  fuselage  angle  of  attack  aM  as 


Using  small-angle  assumptions,  sin  yD  is  estimated  by 


°/ii*  ~aR  l,  v 


(3-216) 


TaR  +D  + H 


, dimensionless  (3-2 1 5) 


5.  Find  the  fuselage  drag  as 


The  calculation  procedure  for  a given  gross  weight. 
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Fig.  3-172.  Rate  of  Descent  in  Autorotation 


where  D/q  is  & function  of  a/uj  as  measured  in  a wind 
tunnel  or  obtained  by  estimation. 

6.  Calculate  the  rate  of  descent  and  the  glide  angle 
from  Eqs.  3-214  and  3-215. 

The  results  of  a sample  calculation  using  this  method 
are  shown  on  Fig.  3-172  for  the  UH-1,  along  with 
points  determined  in  flight  test  (Ref.  74). 


3-5.1.4  Glide  Distance 

The  radius  of  the  zone  within  which  the  pilot  must 
select  his  landing  spot  following  a power  failure  is  equal 
to  the  horizontal  projection  of  bis  maximum  glide  dis- 
tance from  the  altitude  at  which  he  established  a 
steady-state  autorotation.  This  altitude  is  either  the  al- 
titude at  which  power  failure  occurred  or  the  altitude 
to  which  he  can  zoom  (speed  reduction  climb)  follow- 
ing power  failure.  The  zoom  maneuver  is  possible  when 
the  power  failure  occurs  at  a forward  speed  VQ  higher 
than  the  autorotational  speed  V,.  The  equation  for  the 
altitude  gained  during  the  zoom  is  derived  from  the 
equation  for  the  change  of  energy. 


+T<°S-ai> 

-550  f (hp)dt,  ft-lb  (3-218) 

J o 

The  horsepower  hp  in  Eq.  3-218  is  assumed  to  be  the 
average  between  the  two  conditions,  and  the  time  f is  the 
time  required  to  decelerate  from  V0  to  Vx  using  the 
component  of  gravity  along  the  climb  path.  The  alti- 
tude gained  is 


hi  ~ho  “ 


(hp  + hp) 
<r«n  u 1 

V -V 
o r 1 

J3U  2 

- « $in  IV/  . 

K 

.ft  (3-219) 


where 
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In  Eqs.  3-220  and  3-221,  the  value  of  (Cr/<r)mJX  may  be 
estimated  using  the  lower  boundary  of  Fig.  3-173, 
which  has  been  compiled  from  a study  of  wind  tunnel 
and  flight  test  results  and  represents  the  boundary 
above  which  the  rotor  profile  power  rises  rapidly,  in- 
dicating significant  areas  of  blade  stall.  The  equation 
for  the  maximum  glide  distance  then  is 


^max  y 

~ n 


(3-222) 


3-5. 1.5  Flare 

The  objective  of  the  flare  maneuver  is  to  make  a 
transition  from  steady-state  autorotation,  with  moder- 
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ate  forward  and  vertical  velocities,  to  a touchdown, 
with  small  or  no  forward  and  vertical  velocities.  An 
idealized  flare  maneuver  is  illustrated  in  Fig.  3-174  and 
starts  with  a cyclic  flare  at  constant  collective  pitch,  in 
which  the  increased  rotor  thrust  and  its  aft  tilt  compo- 
nent are  used  to  decrease  both  the  vertical  and  horizon- 
tal velocity'components.  At  the  end  of  this  cyclic  flare, 
the  aircraft  should  be  near  the  ground  with  its  vertical 
velocity  VD  = 0 or  within  the  design  sink  speed  of  the 
landing  gear  V,  and  with  the  horizontal  velocity  cor- 
responding to  autorotation  at  the  angle  of  attack  to 
which  the  helicopter  has  been  pitched.  The  flare  angle 
of  attack  is  the  highest  angle  from  which  the  helicopter 
can  be  rotated  nose-down  to  a level  attitude  in  the  time 
during  which  the  rotor  energy  can  be  used  to  develop 
hovering  thrust.  The  final  rotation  and  collective  flare 
are  used  to  bring  both  velocity  components  as  close  to 
zero  as  possible. 

The  maximum  allowable  touchdown  speed  is  de- 
pendent upon  vehicle  configuration  and  landing  gear 
capability.  A maximum  touchdown  speed  of  15  kt  is 
specified  in  MIL-H-8501.  A means  of  estimating  this 
speed  during  design  is  given  by  the  following  proce- 
dure: 

1.  Calculate  the  maximum  allowable  angle  of  at- 
tack amax  at  the  end  of  the  cyclic  flare  as  a function  of 
the  maximum  nose-down  pitch  rate  6max  and  the  time 
thoy  available  for  the  maneuver 
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Fig.  3-174.  Idealized  Flare  Maneuver 
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and 


(5-225) 

For  this  maneuver,  the  value  of  (CT/tr)„„  may  be 
found  from  the  upper  boundary  on  Fig.  3-173,  which 
represents  the  limits  of  conditions  in  which  the  rotor 
can  be  controlled  even  though  much  of  it  is  stalled.  In 
some  cases,  the  maximum  allowable  angle  will  not  be 
as  defined  by  Eq.  3-223,  but  will  be  limited  to  some 
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smaller  value  by  the  pilot’s  loss  of  visual  contact  with 
the  ground  at  high  angles. 

2.  From  Fig.  3-175,  find  the  value  of  the  minimum 
advance  ratio  at  which  autorotation  can  be  sustained  at 
the  maximum  flare  angle  while  still  developing  a verti- 
cal component  of  rotor  thrust  equal  to  the  gross  weight. 


3.  Find  the  minimum  touchdown  velocity  in  kt  as 


! 


I: 


min 


1.69 


,kt  (3-226) 


where  (ga*«  0/2  is  the  decrease  of  forward  speed 
during  the  rotation. 

Although  the  rate  of  descent  in  steady  autorotation 
does  not  enter  into  the  calculation  of  the  touchdown 
velocity  in  a direct  manner,  it  does  affect  the  pilot's 
chances  of  achieving  the  idealized  flare  that  has  been 
assumed.  The  cyclic  flare  is  a precision  maneuver  in 
which  the  pilot,  using  only  his  cyclic  and  collective 
controls,  must  solve  simultaneously  the  equations  of 
motion  for  vertical  forces,  horizontal  forces,  and  pitch- 
ing moments  so  as  to  end  the  flare  within  narrow  limits 
of  height  above  the  ground,  rate  of  descent,  forward 
speed,  and  angle  of  attack.  The  higher  the  rate  of  de- 
scent at  the  start  of  the  cyclic  flare,  the  less  time  he  has 
to  correct  prior  control  inputs  in  order  to  perform  the 
maneuver  satisfactorily  and  to  make  his  actual  touch- 
down within  the  limitations  of  the  landing  gear  design 
sink  speed.  The  flare  maneuver  can  result  in  large  blade 
flapping  angles,  and  the  designer  must  provide  suffi- 
cient cieara  ice  between  the  aft  fuselage  and  the  rotor 
to  prevent  blade  strikes.  No  simple  analytical  proce- 
dures are  available  for  computing  how  much  flapping 


a pilot  will  induce  while  making  an  autorotational  flare, 
so  the  designer  must  be  guided  by  his  judgment  and 
experience. 

3-5. 1.6  Height-Velocity  Curve 

3-5. 1.6.1  Single-engine  Helicopters 

The  ability  of  ihe  helicopter  to  demonstrate  an  actual 
flare  and  landing  at  a touchdown  speed  within  the 
design  capability  of  the  tanding  gear  is  restricted  by  the 
initial  combination  of  altitude  and  forward  velocity 
whose  boundaries  define  the  height-velocity  curve  or 
“deadman’s  curve”.  A typical  height-velocity  curve  is 
shown  in  Fig.  3-163. 

A first  approximation  of  the  height-velocity  curve 
can  be  generated  during  preliminary  design  by  a combi- 
nation of  empirical  and  analytical  considerations  as 
outlined  in  Ref.  75.  This  method  makes  use  of  the 
generalized  nondimensional  height-velocity  curve 
shown  on  Fig.  3-176,  which  has  been  generated  from 
experimental  data  obtained  using  several  single-engine 
helicopters  as  flown  by  skilled  test  pilots.  For  this  rea- 
son the  method  is  considered  to  produce  a minimum 
unsafe  area,  but  not  necessarily  an  operational  envelope 
for  everyday  flying.  The  lower  boundary  was  obtained 
with  no  delay  in  collective  pitch  reduction  and  the 
upper  boundary  with  a one-second  delay. 

In  order  to  establish  the  diagram  for  a given  helicop- 
ter, three  heights  and  one  airspeed  must  be  found:  low 
hover  height  ht„  high  hover  height  hMI,  critical  hover 
height  htrt„  and  critical  airspeed  VcHl. 

Thr  value  of  h,0  can  be  calculated  by  assuming  that 
the  pilot  is  alert  and  immediately  can  establish  a rate 
of  descent  equal  to  the  landing  gear  design  sink  speed 
Kd„  and  that  he  can  maintain  that  rate  of  descent 
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Fig.  3-175.  Conditions  for  Autorotation  at  End  of  Cyclic  Flare 
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during  the  time  that  the  available  kinetic  energy  of  the 
rotor  can  provide  power  equivalent  to  that  required  for 
hover  fGE  without  exceeding  a value  of  blade  section 
lift  coefficient  c,  of  1.2.  The  latter  is  a figure  that  is 
achievable  by  at  least  two  out  of  three  helicopters,  ac- 
cording to  Ref.  75.  The  resultant  equation  is 

v-~— -w;, — a — 1 •“  <M27> 

,0  *100* Phooe a 


where  A is  the  ground  effect  parameter  and  is  shown 
as  a function  of  the  rotor  height-to-diameter  ratio  on 
Fig.  3-15. 

Analysis  of  the  experimental  height-velocity  data 
produced  the  relationship  between  the  high  hover 
height  A*,  and  V2erit  shown  on  Fig.  3-177  and  also  identi- 
fied VeH,  as  a function  of  the  speed  for  minimum  power 
Vs  and  CJor  a . shown  on  Fig.  3-178. 

The  final  required  altitude  is  hcril,  which,  according 
to  Ref.  75,  can  be  considered  to  be  95  ft  for  all  single- 
engine helicopters  until  further  flight  test  programs  are 
carried  out  in  this  field. 
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Fig.  3-176.  Generalized  Nondimensional 
Height-velocity  Curve  for  Single-engine  Helicopters 
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Fig.  3-177.  High  Hover  Height 
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Fig.  3-178,  Critical  Velocity 


The  method  has  been  used  to  calculate  the  height- 
velocity  curve  for  the  UH-1  and  the  results  are  plotted 
on  Fig.  3-179  along  with  flight  test  points  representing 
both  safe  and  critical  landings  from  Ref.  74.  It  may  be 
seen  that,  for  a maneuver  that  is  highly  dependent  upon 
pilot  technique,  the  calculated  curve  is  reasonably  close 
to  the  measured  points.  As  previously  mentioned,  this 
method  can  be  used  only  to  define  a minimum  unsafe 
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Fig.  3-179.  Height-velocity  Curve  for  UH*1 


value  that  is  one-half  the  speed  at  which  the  remaining 
power  can  maintain  a rate  of  descent  equal  to  the  land-  ^ 
ing  gear  design  sink  speed  or  one-half  the  forward  : 

speed  at  which 
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Based  upon  the  experimental  data  given  for  the  CH- 
47B  in  Ref.  77,  the  corresponding  critical  height  hcw 
can  be  assumed  to  be  50  ft  instead  of  the  95  ft  used  for 
single-engine  helicopters.  The  high  hover  height  A*,  can 
be  found  as  a function  of  VCM  from  Fig.  3-177.  Fig. 
3-180  shows  the  height-velocity  diagram  for  the  CH- 
47B  determined  by  the  procedure  outlined,  along  with 
flight  test  points  from  Ref.  77. 


area.  The  “avoid”  area  is  unconservatively  small  and 
can  be  considered  only  a first  approximation  of  an 
operational  limitation. 

The  second,  or  high-speed,  portion  of  the  height- 
velocity  curve  shown  on  Fig.  3-163  is  simply  a warning 
that  a power  failure  at  high  speed  and  close  to  the 
ground  is  a dangerous  situation.  No  analytical  method 
has  been  developed  for  predicting  this  portion  of  the 
curve  and  some  presentations  omit  it  entirely.  Two 
considerations  regarding  the  high-speed  portion  of  the 
height-velocity  curve  are  worth  noting.  First,  the  pilot 
can  be  assumed  to  be  alert  and  able  to  react  quickly  to 
a power  failure.  Second,  for  most  helicopters,  when  the 
rotor  slows  down  at  constant  collective  pitch,  the  in- 
crease in  tip  speed  ratio  causes  the  rotor  to  flap  back 
so  that  a pitchup  is  started  automatically.  This  pitchup 
tends  to  keep  rotor  speed  from  decaying  and  at  high 
speeds  results  in  the  start  of  a zoom  maneuver. 

3-5. 1.6.2  Multiengine  Helicopters 

A power  failure  that  results  only  in  a partial  loss  of 
power  is  obviously  less  of  a problem  than  a complete 
power  failure.  The  height-velocity  curve  for  this  case 
can  be  developed  in  the  same  way  as  for  the  single- 
engine  helicopter.  The  equation  for  the  low  hover 
height  is 


)] 


, ft  (3-228) 


3-6.2  MANEUVERING  PERFORMANCE 

This  paragraph  describes  the  methods  used  to  com- 
pute helicopter  performance  in  maneuvering  flight. 
The  design  parameters  that  significantly  affect  ma- 
neuvering capability  are  identified,  and  their  relative 
importance  is  discussed  in  general  terms.  Equations  by 
which  the  designer  may  compute  performance  in  ac- 


AIRSPEED  V.kt 


Ref.  76  recommends  using  for  the  critical  speed  Vert,  a Fig.  3-180.  Height-velocity  Curve  for  CH-47B 
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celerated  flight  are  presented  and  the  limitations  of 
current  theories  are  mentioned. 

The  theory  of  maneuvering  performance  of  helicopt- 
ers is  in  its  infancy.  There  is  no  definitive  literature  on 
the  subject,  so  an  unpublished  theory  based  upon  en- 
ergy and  momentum  theory  is  presented.  It  has  been 
found  usefiil  in  comparing  the  performance  of  a wide 
variety  of  helicopter  designs. 

The  limitations  of  the  performance  of  a rotor  in  ma- 
neuvering flight  are  dependent  heavily  on  its  design.  A 
viable  theory  that  would  account  for  all  the  variations 
of  rotor  systems  would  have  to  include  dynamic,  acro- 
elastic,  and  structural  effects,  as  well  as  aerodynamic 
effects.  Although  the  technologies  associated  with  each 
of  these  effects  include  theoretical  approaches  to  the 
problem  of  predicting  maneuvering  flight  limitations, 
the  currently  available  methods  must  be  applied  sepa- 
rately because  of  the  complexity  of  combining  them. 
The  most  common  limitations  are  aerodynamic  (stall), 
dynamic  (vibration),  or  aeroelastic  (flutter).  Only  the 
aerodynamic  limitations  of  rotor  performance  are  de- 
fined quantitatively  here;  the  others  are  discussed  in 
qualitative  terms. 

3-5.2. 1 Power  Required  in  Accelerated 

Flight 

The  power  required  of  the  helicopter  in  equilibrium 
level  flight  must  be  determined  before  its  performance 
in  accelerated  flight  can  be  computed.  Methods  for  this 
determination  are  discussed  in  par.  3-2. 

If  power  available  exceeds  that  required  for  unac- 
celerated level  flight,  this  excess  power  may  be  used: 

1.  To  change  energy  states 

a.  By  climbing  (or  descending  if  power  is  defi- 
cient) 

b.  By  accelerating  (or  decelerating  if  power  is 
deficient) 

2.  To  induce  normal  acceleration 

a.  At  constant  energy  (called  sustained  load  fac- 
tor capability) 

b.  With  loss  of  energy  (called  transient  load 
factor1  capability). 

3-5.2.2  Changing  Energy  States 

The  capability  of  the  aircraft  to  change  energy  states 
is  limited  by  the  power  available  because  power  is  sim- 
ply the  rate  of  change  of  energy.  Excess  power  may  be 
used  to  increase  altitude  (potential  energy).  The  rate  of 


1 Under  this  definition,  • constant-speed  descending  turn  per- 
formed at  constant  load  factor  uses  rotor  transient  load  factor 
capability. 


climb  may  be  approximated  by  Eq.  3-191.  The  effi- 
ciency constant  Kf  is  typically  about  0.85  for  climbing 
flight  and  0.80  for  descending  flight.  Autorotational 
performance  may  be  computed  from  Eq.  3-191  by  set- 
ting the  power  available  A SHP  to  zero. 

Excess  power  also  may  be  used  to  accelerate  the 
vehicle  at  constant  altitude.  The  time  required  to  accel- 
erate from  V,  to  V3  is  given  by 


S" 


{wg!g)v 


sso(hP'V-hp„q) 


dV  . sec  (3-230) 


In  deriving  Eq.  3-230,  it  was  assumed  that  all  the 
excess  power  is  used  to  generate  a force  that  accelerates 
the  vehicle  horizontally.  Although  this  force  appro- 
aches infinity  as  velocity  approaches  zero,  the  equation 
is  so  arranged  that  the  integrand  goes  to  zero  in  hover- 
ing flight. 

Deceierative  performance  may  be  computed  simi- 
larly. The  power  required  by  the  rotor  during  a cyclic 
flare  decreases  because  the  flow  state  approaches  that 
of  autorotation.  The  amount  of  this  reduction  in  the 
rotor  power  must  not  be  negative,  however,  because  it 
would  cause  rotor  overspeed.  Therefore,  all  the  power 
required  at  a given  speed  is  assumed  to  generate  a force 
/^that  decelerates  the  vehicle  by  means  of  the  equation 


F<  =' 


550 hpt 


req 


,1b 


(3-231) 


The  time  to  decelerate  from  V}  to  Vt  is  given  by 


/*K‘  Wig 

,mkt 


dV  .see  (3-232) 


which  is  the  same  as  Eq.  3-230  if  hp„  is  set  to  zero. 

3-5.2. 3 Normal  Acceleration  Capability 

Excess  power  may  be  used  to  increase  lift  above  the 
1-g-flight  value  in  order  to  turn  the  aircraft  in  either  the 
vertical  (symmetrical  pullup)  or  the  horizontal  (con- 
ventional turn)  plane.  The  normal  acceleration  pro- 
duced by  a given  amount  of  excess  power  is  nearly 
independent  of  flight  path  orientation,  so  the  ac- 
celerated flight  performance  equations  can  be  derived 
from  considerations  of  level  turning  flight. 
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Increasing  the  angle  of  attack  of  an  airfoil  increases 
its  lift,  but  also  increases  its  drag;  therefore,  in  ac- 
celerating flight  more  power  is  required.  This  increased 
power  is  absoi^d  by  the  rotor  when  both  collective 
and  cyclic  pitch  controls  are  used  to  attain  load  factors 
that  require  ftiil  power.  A maneuver  (turn)  of  this  kind 
demonstrates  the  aircraft  sustained  load  factor  capabil- 
ity. It  is  apparent  that  sustained  load  factor  perform- 
ance is  dependent  highly  upon  the  amount  of  excess 
power  available. 

When  still  higher  normal  acceleration  is  demanded, 
the  aircraft  can  lose  either  altitude  (potential  energy)  or 
airspeed  (kinetic  energy)  in  exchange  for  the  required 
total  power.  Turns  of  this  kind  make  use  of  the  rotor 
transient  load  factor  capability,  which  may  be  limited 
by  blade  stall,  rotor  instabilities,  or  vibration.  The 
power  required  for  transient  load  factor  maneuvers  is 
quite  high,  however,  and  energy  is  lost  rapidly.  Fur- 
thermore, the  capability  of  the  rotor  to  absorb  power 
diminishes  because  it  approaches  the  autorotative  flow 
state  at  high  angles  of  attack  (Refs.  78  and  79).  There- 
fore, helicopters  always  will  be  limited  in  their  capabil- 
ity to  decelerate  in  high  load  factor  maneuvers  when 
compared  with  fixed-wing  aircraft  which  are  not  sub- 
ject to  this  reduction  in  capability  to  absorb  power. 
Compound  helicopters  with  propellers  geared  to  the 
rotor  are  not  restricted  in  the  same  way  as  helicopters, 
but  in  this  regard  are  like  Ftxed-wing  aircraft. 

Sustained  load  factor  performance  is  a function  not 
only  of  the  excess  power  available  hp„,  but  also  of  the 
induced  velocity  and  the  change  in  rotor  profile  power 
with  angle  of  attack.  If  all  available  power  is  used  to 
produce  normal  acceleration,  the  following  equation 
expresses  the  normal  load  factor  n: 


performance  are  reflected  in  the  cockpit.  These  plac- 
arded maximum  rotor  loads  and  speeds  can  be  con- 
verted into  rotor  lift  coefficients  and  advance  ratios. 
Fig.  3-181  shows  a typical  example  of  such  a relation- 
ship (Ref.  80).  The  rotor  blade  lift  coefficient  te  shown 
is  dimensionless  and  is  equal  to  2Ct/<t . The  values  of 
tc  that  result  from  the  placarded  airspeed  limits  are 
indicated  by  the  flagged,  open  triangles;  the  solid  trian- 
gles are  data  points  for  transient  load  factor  maneuver- 
ing flight.  The  dashed  line  was  computed  from  the 
empirical  relationship  shown  and  represents  the  values 
of  tc  at  which  power  divergence  occurs  for  a teetering 
rotor.  The  values  applicable  to  other  types  of  rotors  or 
using  different  airfoil  sections  may  vary  significantly 
from  these. 

Although  the  te  versus  fi  characteristics  of  rotor  sys- 
tems vary  widely,  an  aerodynamically  limited  value  of 
te  at  different  advance  ratios  can  be  computed  if  the 
variation  of  maximum  lift  coefficient  with  Mach  num- 
ber for  the  blade  section  used  is  known.  The  analytical 
model  for  this  computation  is  illustrated  in  Fig.  3-182. 
Throughout  the  retreating  blade  region,  the  blade  sec- 
tions are  assumed  to  be  at  the  maximum  lift  coefficient 
out  to  the  blade  station  at  which  the  resulting  lift  mo- 
ments of  the  advancing  and  retreating  blades  are  equal 
and  opposite,  and  the  lift  is  assumed  to  be  zero  beyond 
that  station.  Fig.  3-183  shows  the  results  of  such  an 
analysis  for  two  relationships  of  maximum  lift  coeffi- 
cient to  Mach  number.  The  solid  triangles  indicate  data 
from  maneuvering  flight  tests.  The  circles  show  data 
from  full-scale  wind  tunnel  tests  of  the  same  rotor  sys- 
tem. 


it  = a/1  + 


550hp 


, dimensionless  (3-233) 


where 


r 49 

, = v l + 7(1  + 4.6*1*)  , fps  (3-234) 

L 4 oa* 


where  v is  obtained  from  Eq.  3-35.  The  value  of  i^may 
be  approximated  as  2v,  if  the  data  necessary  to  use  Eq. 
3-234  are  not  available. 

The  transient  load  factor  capability  of  a rotor  is  cal- 
culated by  dividing  the  maximum  attainable  lift  coeffi- 
cient by  the  1 -g  lift  coefficient  for  the  same  flight  condi- 
tion. Thrust  and  airspeed  limitations  upon  helicopter 
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Fig.  3-181.  Typical  Rotor  Thrust  Capability  (Ref. 
80) 
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Fig.  3*182.  Analytical  Model  for  Maximum  Rotor  Throat 


This  relatively  simple  approach  to  the  aerodynamic 
limitation  of  rotor  thrust  appears  to  be  reasonably  ac- 
curate for  at  least  one  rotor  system  and  it  predicts  the 
correct  trend  with  increasing  airspeed.  However,  the 
adequacy  of  the  method  to  account  for  the  effects  other 
than  aerodynamic  which  were  discussed  previously  has 
not  been  demonstrated  for  all  types  of  rotors.  There- 
fore, empirical  methods  based  upon  test  data  for  rotors 
comparable  to  that  being  proposed  may  be  equally  ef- 
fective for  preliminary  design  purposes. 

It  is  apparent  from  Fig.  3-183  that  the  transient  load 
factor  capability  of  rotor  systems  decreases  rapidly 
with  increasing  speed.  Significant  improvements  in 
transient  load  factor  capability  can  be  made  by  careful 
attention  to  the  blade  section  properties  at  different 
radial  locations  along  the  rotor  blade. 


Fig.  3-183.  Analytical  Aerodynamic  Maximum 
Thrust 


3-5. 2.4  Effect  of  Wings 

The  effect  of  wings  upon  load  factor  capability  is  to 
increase  the  change  of  lift  that  corresponds  to  a change 
in  the  aircraft  angle  of  attack.  The  equivalent  induced 
velocity  w„for  a wing  may  be  determined  by  including 
the  S2  component  of  drag  in  the  same  way  as  for  the 
rotor. 


eq 


, fps  (3-235) 


where 


w = 


2peVA 


ref 


(3-236) 


where 

aw  = wing  lift  curve  slope,  rad-1 
= nb*/4,  ft’ 

AR  = wing  aspect  ratio,  bVS, 
dimensionless 
b — wing  span,  ft 
e = wing  span  efficiency  factor, 
dimensionless 
L%  = wing  lift,  lb 
S = wing  area,  ft; 

Eq.  3-235  is  similar  to  Eq.  3-234  because  the  same 
momentum  theory  approach  was  used  for  both  the 
fixed-wing  and  the  rotor  equations.  The  sustained 
normal  load  factor  n for  a fixed-wing  aircraft  can  be 
expressed  in  a form  similar  to  Eq.  3-233  for  helicop- 
ters: 
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where 

k a#  empirical  constant,  (fps)‘ 

The  additional  term  kA(p/p0),F’]  accounts  for  the 
rapid  increase  in  wing  drag  at  speeds  near  stall.  It  may 
be  neglected  for  calculations  of  turning  performance  at 
speeds  higher  than  about  130%  of  wing  stall  speed. 

The  energy  expressions  for  pure  helicopters  and  for 
fixed-wing  aircraft  may  be  combined  for  the  computa- 
tion of  the  sustained  turn  performance  of  winged  heli- 
copters. The  equations  presented  are  based  upon  the 
assumptions  that  the  wing  has  fixed  incidence,  that  it 
is  positioned  below  (in  the  downwash  of)  the  primary 
lifting  rotor,  and  that  its  lift  does  not  affect  rotor  thrust 
significantly.  The  equations  may  be  modified  to  ac- 
count for  other  configurations. 

The  fundamental  technique  for  computing  constant- 
energy  turning  performance  is  to  use  all  of  the  excess 
power  to  produce  lift;  i.e.,  to  overcome  the  additional 
induced  drag  that  accompanies  additional  lift.  Equa- 
tions must  be  developed  for  rotor  thrust  and  drag  and 
for  wing  lift  and  drag,  as  well  as  for  the  changes  in  these 
quantities  in  accelerated  flight.  The  following  relation- 
ships assume  that  downwash  angles  are  small,  that 
momentum  theory  is  valid  for  determining  rotor  in- 
duced velocity,  and  that  the  value  of  induced  velocity 
at  the  rotor  disk  changes  with  wing  angle  of  attack  by 
v/V  radians: 


+ -lb  <3-238> 


a , = induced  incremental  angle  of 
attack,  rad 

Differentiating  Eqs.  3-238  and  3-239 


dL. 


da, 


'fus 


. Ib/rad  (3-242) 


where 

, Ib/rad  (3-243) 


This  last  expression  (Eq.  3-243)  for  rotor  thrust 
change  with  angle  of  attack  at  constant  collective  pitch 
is  derived  from  linear  rotor  theory.  It  represents  the 
product  of  the  dynamic  pressure  at  the  tip  of  the  blade, 
the  blade  area,  the  slope  of  the  blade  section  lift  curve, 
and  the  advance  ratio  of  the  rotor.  If  collective  pitch  is 
reduced  in  high  load  factor  maneuvers,  a greater 
change  in  angle  of  attack  will  be  required  for  the  same 
load  factor  than  if  the  collective  pitch  is  fixed.  This  is 
one  way  the  division  of  lift  between  the  wing  and  the 
rotor  in  maneuvering  flight  may  be  controlled. 

The  change  of  normal  acceleration  with  angle  of 
attack  may  be  determined  from  Eqs.  3-240,  3-242,  and 
3-243: 


L,. 


where 


a*  = wing  angle  of  incidence,  rad 
Aw  — wing  area,  ft2 


T=  IpAVv  ,1b 


(3-239) 


nWg  = T + Lw  ,1b 


(3-240) 


The  change  in  wing  lift  with  angle  of  attack  is  given  by 


dLw  BL  BL  da,  dT 


The  first  term  of  Eq.  3-244  represents  the  increase  in 
thrust  and  the  last  term  represents  the  decrement  of 
wing  lift  caused  by  increased  rotor-induced  velocity. 
From  Eq.  3-243  it  can  be  shown  that  the  wing  contribu- 
tion of  Eq.  3-244  reduces  to  a^4«q{l-[oo/(4p)]}.  The 
term  in  braces  may  be  thought  of  as  the  load  factor 
effectiveness  of  the  wing,  which  is  zero  if  p = 
cra/4  and  becomes  increasingly  positive  at  higher 
speeds.  Because  a is  typically  about  2 tr,  if  <r  = 0.065, 
the  zero-lift  value  of  p is  0.102,  which  corresponds  to 
a speed  of  about  45  kt.  At  this  low  speed  the  small- 
angle  assumption  is  imprecise  enough  that  an  exact 
solution  of  Eq.  3-238  demands  the  use  of  the  more 
precise  term,Tan''  (v/V).  However,  the  wing  load  fac- 
tor effectiveness  term  shows  how  the  wing  helps  in 
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maneuvering  flight.  The  load  factor  effectiveness  of  the 
wing  would  be  0.7S  at  180  kt  and  only  0.3  at  133  kt. 
Thus,  it  is  apparent  that  a wing  is  effective  in  maneu- 
vering flight  only  at  high  forward  speeds.  However,  ro- 
tors designed  for  high  forward  speeds  have  higher 
solidities  than  the  0.063  of  the  example  given  pre- 
viously; a value  of  about  0.11  is  typical.  This  greater 
solidity  of  the  rotor  reduces  the  wing  load  factor  effec- 
tiveness; at  180  kt  it  would  be  reduced  from  0.73  to 
0.573. 

From  Eqs.  3-235  through  3-244,  an  equation  for  an 
effective  induced  velocity  of  the  wing  and  rotor  com- 
bined vM„  may  be  derived  and  sustained  load  factor 
performance  computed.  If  fw  represents  the  fraction  of 
the  vertical  force  supported  by  the  wings,  then  the 
induced  power  may  be  computed  from 


P.  — L w +7V 

/ w eq  eg 


“O'1.,] 


'nWgvRw  . ft-lb/sec 


(3-245) 


The  constant-energy  turn  performance  of  a winged 
helicopter  (see  Eqs.  3-233  and  3-237),  is  given  by 


/, " 55“p„ 
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, dimensionless  (3-246) 


where  vKw  is  computed  for  level  flight  in  equilibrium, 
so  that  « = 1. 

Transient  load  factor  maneuvers  generally  are  ac- 
companied by  a greater  change  in  the  aircraft  angle  of 
attack  than  are  constant-energy  maneuvers.  In  tran- 
sient load  factor  maneuvers,  the  wing  produces  more 
lift  than  the  given  equations  indicate.  Although  further 
work  in  this  area  is  necessary,  the  methodology  is 
straightforward  and  the  equations  presented  in  this 
paragraph  should  be  sufficient  to  extend  the  theory. 

3-5.3  ENGINE(S)  OFF/INOPERATIVE 
CONDITIONS 

General  performance  considerations  and  trim  re- 
quirements are  discussed  to  highlight  the  helicopter 
one-engine  off/out  operational  characteristics.  Meth- 
ods for  determination  of  helicopter  performance 
capabilities  with  one-engine  off  or  inoperative  also  are 
described. 


3-5.3.1 


Autorotatkx, 


A unique  feature  of  the  helicopter  is  its  ability  to 
effect  an  autorotative  landing  in  the  event  of  total 
power  failure.  The  installation  of  more  than  one  engine 
improves  the  reliability  of  the  aircraft  in  that  power 
failure  of  one  engine  doe3  not  make  such  a landing 
necessary.  Redundancy  and  improved  performance  are 
realized  through  multiple  engine  installations. 

Methods  for  analysis  of  autorotationa!  performance 
are  discussed  in  par.  3-3.1.  Both  vertical  and  forward 
flight  autorotation  are  analyzed,  with  the  special  case 
of  partial  power  loss  mentioned  briefly. 

A rapid  assessment  of  the  safety  margin,  system 
adequacy,  or  gross  weight  capability  of  a helicopter  to 
effect  an  autorotative  landing  can  be  made  by  establish- 
ing an  autorotative  index  AI  criterion.  Such  an  index 
can  be  simply  the  ratio  of  the  rotor  rotational  kinetic 
energy  to  the  power  required  to  hover,  at  a given  gross 
weight; 


AI  = 


1100 hpHOQE 


.sec 


(3-247) 


whei\. 

/ = rotor  inertia,  slug-ft2 

The  value  of  such  an  index  is  dependent  upon  the 
availability  of  flight  test  data,  which  is  the  only  reliable 
basis  to  use  as  a reference  for  comparison.  Once  this 
reference  is  established,  the  index  can  be  used  on  other 
jystems  under  study  and  their  merits  judged  relative  to 
known  characteristics  of  similar  aircraft.  Under  this 
criterion  an  Alot  no  less  than  1 .7  appears  to  be  accepta- 
ble operationally  for  single-rotor  aircraft. 

3-S.3.2  Performance  With  One  Engine 
Inoperative  (OEI) 

The  requirement  to  maintain  a 100-fpm  rate  of  climb 
with  one  engine  inoperative  (OEI)  normally  is  not  criti- 
cal for  helicopters  with  three  or  more  engines.  How- 
ever, the  analysis  that  follows  is  valid  for  the  loss  of 
one  or  more  engines. 

Th*i  speed  for  minimum  power  and  therefore  for 
maximum  power  loading  is  used  to  derive  maximum 
performance,  according  to  these  criteria.  Fig.  3-184 
shows  a typical  level-flight  power  required  curve  and 
the  intersection  of  OEI  power  available.  Because  the 
power  required  (and  available)  to  hover  is  about  twice 
that  for  the  best  rate  of  climb  speed,  the  loss  of  one 
engine  in  a twin-engine  aircraft  still  leaves  sufficient 
power  to  continue  flight.  The  difference  between  the 
power  available  and  the  power  required  is  the  climb 
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Fig.  3-184.  Power  Required  Characteristic  ia 
Steady-state  Forward  Flight 


power  available,  and  the  rate  of  climb  R/C  for  any 
condition  can  be  defined  by  Eq.  3-191.  Climb  perform- 
ance with  one  engine  operative  is  calculated  by  the 
same  methods  as  when  all  engines  are  operative,  mak- 
ing appropriate  adjustments  in  all  parameters  for  the 
reduced  value  of  A SHP. 

3-S.3.3  OEI  Range  and  Endurance 

A multiengine  helicopter  can  cruise  efficiently  with 
one  engine  inoperative  provided  sufficient  power  is 
available  for  the  particular  flight  conditions.  A turbine 
engine  manifests  a significant  improvement  in  fuel  flow 
per  horsepower  (SFC)  at  high  power  levels,  thus  mak- 
ing it  attractive  to  shut  down  one  such  engine  as  a 
means  of  increasing  either  range  or  endurance.  Engine- 
power  on/idle/off  management  is  desirable  in  a multi- 
engine  aircraft  for  optimizing  range  or  endurance. 
While  the  multiengine  reliability  then  is  dependent 
upon  the  ability  to  restart  the  inoperative  engine,  other 
flight  characteristics  in  the  intermediate  speed  region 
are  not  affected  adversely  as  in  a fixed-wing  multien- 
gine aircraft,  where  thrust  asymmetry  will  require  large 
control  forces  for  trim  (par.  3-S.3.5).  As  illustrated  in 
Fig.  3-184,  the  speeds  for  both  best  endurance  and  best 
range  occur  in  the  aircraft  intermediate  speed  region. 

When  the  OEI  capability  becomes  critical  for  con- 
tinuing flight,  rotor  and  engine  speed  must  be  opti- 
mized to  provide  a sufficient  margin  between  total 
power  available  and  power  required  and  to  minimize 
fuel  flow  rate.  Fig.  3-185  shows  the  variation  of  SFC  at 
a fixed  engine  rptn.  The  fuel  saving  possible  by  shutting 
down  one  engine  is  shown  clearly  by  the  slope  of  this 
curve.  While  the  exact  shape  of  the  SFC  curve  will  vary 
from  engine  to  engine  and  the  operating  powers  will 
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change  with  gross  weight,  speed,  and  atmospheric  con- 
ditions, the  trend  remains  as  illustrated.  Using  Fig. 
3-186  to  optimize  the  operating  rpm  for  a given  set  of 
conditions,  the  range  of  rpm  that  will  provide  sufficient 
power  to  sustain  flight  can  be  found.  Fig.  3-187  illus- 
trates the  effect  upon  fuel  consumption  characteristics 
of  varying  engine  speed.  For  typical  flight  conditions, 
the  maximum  range  for  a twin-engine  helicopter  can  be 
increased  by  about  1 5%  by  shutting  down  one  engine. 
Similarly,  endurance  is  increased  by  about  25%.  The 
increase  in  range  or  endurance  resulting  from  shutting 
down  an  engine  normally  will  be  smaller  in  the  case  of 
a helicopter  with  three  or  more  engines  unless  the  avail- 
able multiengine  power  greatly  exceeds  the  power  re- 
quired, in  which  case  large  gains  in  endurance  and 
range  may  be  possible.  Fig.  3-188  shows  typical  trends 
of  best  range  speed,  maximum  SFC,  and  corresponding 
rotor  speed  management  with  gross  weight.  This  type 
of  information  is  of  great  value  to  the  pilot,  in  case  of 
loss  of  one  engine,  when  maximum  fuel  saving  is  para- 
mount. 


Fig.  3-185.  Specific  Fuel  Consumption  vs  Engine 
Power 


Fig.  3-186.  Effect  of  Engine/Rotor  Rpm  on  Power 
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3-S.3.4  Takooft  and  Landing 

The  takeoff  and  landing  regime*  of  flight  are  the 
portion*  of  the  flight  profile  where  most  accidents  oc- 
cur. A*  helicopter  development  has  led  to  improved 
payload  capabilities,  various  regulation,  both  commer- 
cial and  military,  have  evolved  to  insure  a reasonable 
level  of  safety  during  these  maneuvers. 


Fig.  3-187.  Variation  of  Fad  Flow  With  EagUw 
Up 
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Fig.  3-188.  Maximum  Range  Management  Variables 
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Takeoff  procedures  can  be  classified  into  three  basic 
groups: 

1.  Vertical 

2.  Oblique 

3.  Horizontal. 

Basic  flight  paths  for  these  procedures  are  shown  in 
Fig.  3-189. 

Takeoff  flight  path  profiles  generally  are  predicated 
upon  the  occurrence  of  ah  engine  malfunction  during 
takeoff  and  therefore  rejecting  or  continuing  the  flight 
with  the  remaining  enginefs)  if  possible.  For  multien- 
gine helicopters  the  critical  decision  point  (CDP)  is 
defined  ss  a combination  of  speed  and  altitude  at 
which,  if  an  engine  suddenly  becomes  inoperative,  the 
takeoff  can  be  rejected  and  a safe  landing  effected 
within  the  heliport  (prepared  surface)  boundaries.  As 
an  alternative,  CDP  allows  the  flight  to  be  continued 
with  a clearance  past  the  edge  of  the  heliport  of  no  less 
than  /f,  (Fig.  3-189),  with  the  minimum  height  of  the 
flight  path  yielding  an  obstacle  clearance  of  no  less  than 
H2  and  maintaining  an  obstacle  clearance  of  no  lets 
than  H,  during  the  single-engine  climbout.  The  magni- 
tudes of  Hx,  Hv  and  //,  are  dependent  upon  individual 
mission  requirements  and  should  be  provided  by  the 
procuring  activity,  or  selected  or  an  objective  basis  and 
approved  by  the  procuring  activity. 

In  Fig.  3-189  the  distance  s,  defines  the  prepared 
landing  surface,  or  field  size,  and  is  predicated  upon  the 
rejected  takeoff  distance  plus  aircraft  length,  although 
die  OEI  landing  distance  also  must  be  considered  in 
this  determination.  The  distances  Jj  and  s,  are  the  cri- 
teria for  establishing  the  takeoff  procedures.  Although 
the  oblique  procedure  yields  greater  operating  weights 
than  does  the  vertical,  the  minimum  climbout  speed  is 
limited  by  the  ability  of  the  airspeed  system  accurately 
and  repeatedly  to  indicate  the  desired  speed.  Present 
airspeed  systems  are  not  reliable  below  speeds  of  20  kt. 
The  use  of  the  vertical  procedure  eliminates  the  re- 
quirement for  the  airspeed  system  by  using  a visual 
ground  reference  to  maintain  near-vertical  ascents.  The 
effects  of  opera  ting  weight  and  field  size  requirements 
upon  takeoff  procedure  are  shown  in  Fig.  3-190. 

For  all  takeoff  procedures  the  flight  path  must  not  go 
into  the  “avoid”  region  of  the  height-velocity  (H-V) 
limitation  curve  (par.  3-3.1)  for  the  operating  weights 
under  consideration. 

Considerations  for  landing  are  similar  to  those  for 
takeoff,  with  the  CDP  having  its  equivalent  in  the  land- 
ing decision  point  (LDP).  LDP  can  be  defined  as  the 
point  from  which  the  aircraft  can  clear  the  front  of  the 
prepared  surface  by  and  make  a safe  landing  if  an 
engine  malfunctions  at  or  past  that  point,  or  can  sccel- 
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Fig.  3-199.  Flight  Path  Profiles  for  Takeoff  Procedures 
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Fig.  3-190.  Influence  of  Takeoff  Procedure  on 
Operating  Weight  and  Field  Size 

erate  and  continue  the  flight  OEI  and  maintain  an 
obstacle  clearance  of  H2  (Fig.  3-191).  The  values  for 


/f,  and  //,  should  be  obtained  from  pertinent  military 
requirements. 

The  prepared  surface  size  requirements  established 
for  landing  are  based  upon  the  point-to-point  distance 
measured  from  the  point  where  the  aircraft  passes 
through  height  to  a full  stop  plus  the  helicopter 
length.  A safety  factor  generally  is  applied  to  this  dis- 
tance to  account  for  variables  such  as  threshold  clear- 
ance and  runway  surface  condition. 

The  field  size  requirement  for  a given  helicopter  is 
established  as  the  greater  of  the  lengths  required  for  the 
rejected  takeoff  and  landing  maneuver.  Field  size  re- 
quirements for  landings  generally  will  follow  the  same 
trend  as  shown  in  Fig.  3-190. 
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Fig.  3-191.  Landing  Profile 
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3-5. 3.4.1  Calculation  of  Flight  Paths 

The  calculation  of  takeoff  and  landing  profiles  in- 
volves the  analysis  of  rotor  aerodynamics  in  accelerat- 
ing low-speed  flight  ( V < 60  kt).  Because  blade  ele- 
ment theory  or  numerical  methods  are  not  adaptable 
readily  to  low-speed  flight  regimes,  energy  methods  are 
employed.  The  energy  method  outlined  in  par.  3-2 
yields  an  acceptable  base  for  estimating  flight  profiles, 
although  some  of  the  simplifying  assumptions  must  be 
modified.  During  takeoff  and  landing  maneuvers  the 
rotor  experiences  large  tip  path  plane  angular  changes, 
and  the  assumption  that  rotor  thrust  is  vertical 
no  longer  is  valid  (alpp  40) . Therefore,  the  rotor- 
induced  velocity  as  defined  by  Eq.  3-35  of  par.  3-2. 1 is 
used  directly.  Its  form  should  not  be  simplified  by  small 
angle  assumptions  because  rotor  angle  has  a powerful 
effect  upon  induced  power  in  low-speed  flight.  The 
value  of  v/v0  can  be  solved  by  an  iterative  process. 
First,  however,  Eq.  3-32  of  par.  3-2. 1 is  divided  by  its 
first  derivative  with  respect  to  v/v0.The  iterative  proc- 
ess would  take  the  form 


minated  when  a specified  tolerance  with  v/v0  is 
reached;  generally,  three  or  four  passes  are  sufficient. 

The  induced  power  then  can  be  expressed  nondimen- 
sionally  for  any  flight  condition  as 


. dimensionless  (3-249) 


In  the  evaluation  of  takeoff  and  landing  perform- 
ance, acceleration  OGE  and  1GE  must  be  taken  into 
account.  Ground  effect  data  covering  a wide  range  of 
thrust  levels  and  forward  speeds  must  be  available  for 
accurate  analysis  of  ground  clearance  and  vertical 
touchdown  speeds.  The  incorporation  of  ground  effect 
into  the  consideration  of  power  required  modifies  Eq. 
3-249  to 


C 3>2 

Cp< 


.dimensionless  (3-250) 
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, dimensionless 

The  resubstitution  of  (v/v<df  for  v/v0  can  be  ter- 


The  method  outlined  in  par.  3-2  illustrates  the  proce- 
dures for  evaluating  power  requirements  for  a known 
operating  weight.  In  a takeoff  or  landing  analysis  the 
helicopter  generally  starts  from  a steady-state  flight 
condition  and  engine  power  is  applied.  Thus,  the  rela- 
tionship that  thrust  equals  gross  weight  plus  vertical 
drag  is  no  longer  valid  and  must  be  expressed  as 

Fv  = Tcos  <xfpp  - (Wg  + Dv)  . lb  (3-251) 

FH  = T*natPp-DH  .lb  (3-252) 

The  total  thrust  vector  may  be  assumed  to  be  perpen- 
dicular to  the  tip  path  plane  axis  in  low-speed  flight. 
The  flight  path  then  can  be  computed  from  the  equa- 
tions of  motion 
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A*„  - Vv  At  + ± av  (At)7  , ft  (3-253) 


Ash  - VH  At  + ~ aH  (At)1  , ft  (3-254) 


where 


(3-255) 


The  rotor  thrust  for  a given  power  input  and  rpm 
change  can  best  be  found  from  the  total  power  equation 
by  an  iterative  process 


(SHP)v  + ~ (O?  -nl)  = hP{  + hPo 


+ hPp+hpcl 


(3-256) 


The  thrust-power  relationships  for  the  induced 
power  hp,  and  the  profile  power  hp„  are  given  in  par. 
3-2.  The  thrust  relationship  to  the  climb  power  hpd  may 
be  derived  from  Eq.  3-191.  Due  to  the  complexities  of 
solving  directly  for  thrust,  a reasonable  approximation 
of  actual  flight  profiles  can  be  obtained  by  selecting 
finite  time  intervals  and  using  the  average  SHP,  SIR, 
V,  and  *Vas  constants  across  the  selected  time  interval. 
This,  in  effect,  yields  a step  function  integral  of  the 
flight  path;  the  smaller  the  time  intervals,  the  more 
accurate  the  computed  flight  path. 

As  can  be  seen  from  this  analysis,  the  helicopter 
trajectory  during  the  takeoff  and  landing  maneuvers  is 
dependent  strictly  upon  the  cyclic  input  (tip  path  plane 
angle)  and  the  rate  of  power  application.  At  the  point 
of  assumed  engine  malfunction,  the  control  inputs — cy- 
clic and  collective — become  the  controlling  factors  for 
attaining  desired  climbout  speeds  and  using  available 
rotor  kinetic  energy  for  minimizing  the  distance  to  the 
minimum  point  on  the  continued  flight  path,  or  for 
minimizing  the  vertical  impact  speed  for  rejected 
takeoffs  and  landings.  High-speed  computers  are  re- 
quired for  practic  able  evaluation  of  flight  paths. 

3-S.3.4.2  Procedure  for  Calculating  Takeoff 
and  Landing  Problems 

Although  no  single  procedure  covers  all  possible 
takeoff  and  landing  problems,  a generalized  method 
of  establishing  takeoff  and  landing  operational  capa- 
bilities is  outlined  herein.  A flow  chart  for  a routine 
analytical  takeoff  model  is  shown  in  Fig.  3-192  with 


typical  trade-offs  and  acceptable  solutions  covered  in 
Figs.  3-193,  3-194,  and  3-195.  The  flow  chart  for  a 
landing  routine  analytical  model  is  shown  in  Fig.  3- 
1%,  with  typical  trade-offs  and  acceptable  solutions 
covered  in  Figs.  3-197, 3-198,  and  3-199. 

The  discussion  contained  herein  generalizes  actual 
situations.  The  analysis  of  a specific  situation  will  re- 
quire that  the  effects  of  the  independent  variables  upon 
the  particular  operational  requirements  be  explored  in 
much  more  detail. 

3-5.3.4.3  Weight-altitude-temperature 
Characteristics 

The  procedures  previously  outlined  indicate  the 
basic  methods  for  establishing  the  maximum  operating 
weight  for  a prescribed  takeoff  procedure.  The  CDP 
and  the  twin-engine  climbout  torque  (TEQ)  are  al- 
lowed to  be  a fallout  so  as  to  establish  the  maximum 
weight  capabilities  for  a given  altitude  and  tempera- 
ture. A weight-altitude-temperature  (WAT)  curve 
based  upon  variations  of  CDP  and  TEQ  with  altitude 
and  temperature  becomes  operationally  unfeasible. 
Also,  these  variations  do  not  safely  account  for  the 
conditions  when  the  aircraft  is  not  loaded  to  the  maxi- 
mum allowable  operating  weight  for  which  the  takeoff 
procedure  was  established. 

To  establish  an  operationally  feasible  takeoff  proce- 
dure that  can  be  used  for  any  gross  weight-altitude- 
temperature  combination,  the  procedure  that  follows  is 
used: 

The  CDP,  TEQ,  and  maximum  allowable  operating 
weight  are  established  for  a given  altitude,  temperature, 
and  defined  takeoff  procedure.  The  result  is  referred  to 
as  the  base  procedure  CDP.  For  operational  practica- 
bility, this  CDP  is  held  fixed  for  all  WAT  combina- 
tions. The  TEQ  is  used  to  the  extent  of  determining  the 
vertical  velocity  at  the  base  procedure  CDP.  This  verti- 
cal velocity  is  then  held  fixed  for  all  W ■'*"  ' ombina- 
tions. 

The  steps  for  determining  each  altitude  and  tempera- 
ture other  than  the  base  point  are; 

1.  Establish  weight-TEQ  relationship  for  the  fixed 
velocity  at  the  decision  point.  This  appears  as  Curve 
(A)  in  Fig.  3-200. 

2.  For  three  TEQs,  establish  operating  weight  ca- 
pability for  safe  rejected  takeoff  from  design  decision 
point.  This  is  Curve  (B)  in  Fig.  3-200. 

3.  Compute  continued  flight  regime  at  three  TEQs 
to  obtain  operating  weight  for  safe  continued  flight,  as 
shown  in  Curve  (C)  of  Fig.  3-200.  The  operating  weight 
will  be  the  lower  of  the  weights  defined  by  the  intersec- 
tion of  Curves  (A)  and  (B)  or  (A)  and  (C).  These  three 
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Fig.  3-192.  Continued  Flight  find  Rejected  Takeoff  Diagram 
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Fig.  3-193.  Outputs — Continued  Flight  After  Engine  Malfunction 
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~ g6u<:TO‘;W'LtWa-tfO  POTTO 'BEgCEKT  TO 
COLLECTIVE  FLARE  THIS  /.ILL  MINIMIZE  HORIZONTAL 
DISTANCE  REQUIRED' 
li.  INCREASE  WEIGHT 
II.  INCREASE  COP 


L0T  MARGIN  SHOULD  IE  1 3-S  <1  FROM  PEAK 


CUPVE3:  IF  VERTICAL  OPERATION: 


!..  DECREASE  COP 
IF  NONVERTICAL  PQPERATION 

,i.  incMase  SpfekB'AV  tiblLtcTivE  flare  point 

I).  INCREASE  SPEED  AT  TOUCHDOWN  POINT 
n.  ADJUST  n OR  I)  AKVE. 


Fig.  3-194.  Output! — Rejected  Takeoff  After  Engine  Malfunction 


MATCHEO  SOLUTIONS 

./ 


CONTINUED 

TAKEOFF 


REJECTED 

TAKEOFF 


OPERATING  WEIGHT  III 


REJECTED  TAKEOFF  DISTANCE.lt 


1.  the  CDP  IS  THAT  POINT  FROM  which  the  aircraft  can  CONTINUE  ITS  FLIGHT  after 
ONE  ENGINE  MALFUNCTIONS  AND  MAINTAIN  A MINIMUM  HEIGHT  OF  **'  It  IN  RELATION 
TO  THE  TAI"  FF  SURFACE  OR  REJECT  THE  TAKEOFF  AND  CONTACT  THE  GROUND  WITH 
A VERTICAL  IMPACT  SPEED  Of  NO  GREATER  THAN  T II  s«c. 

2.  THE  INTERSECTION  Of  THE  CURVES  ESTABLISHED  FROM  CONTINUED  FLIGHT  RUNS  AND 
REJECTED  TAKEOFF  RUNS  YIELDS  THE  OPERATING  WEIGHT-COP-SHPro,  COMBINATIONS 
WHICH  SATISFIES  BOTH  CONDITIONS. 

3.  THE  FIELD  LENGTH  REQUIREMENTS  ARE  BASED  ON  THE  REJECTED  TAKEOFF  DISTANCE. 
BECAUSE  THE  COMPUTED  DISTANCE  IS  THE  POINT-TO-POINT  DISTANCE  OF  THE  MAIN 
WHEEL  THE  AIRCRAFT  LENGTH  MUST  BE  ADDED  TO  THE  COMPUTED  DISTANCE. 

«.  THE  MINIMUM  REOUIRED  FIELD  LBVGTH  IS  EQUAL  TO  THE  GREATER  OF  THE  TWO  LENGTHS 
DEFINED  BY  the  REJECTEO  TAKEOFF  AND  THAT  REQUIRED  FOR  LANDING.  (Fig  3-1991 
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Fig.  3-195.  Determination  of  Matched  CDPt  for  the  Continued  Flight  and 
Rejected  Takeoff  Caaea 
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HORIZONTAL  S9EEP 
A!  EDGE 

TM  R47E$  AND  LIMITS 
MAXIMUM  AT  EDOf 

1 

HORIZONTAL  STEED  At  1 
COLLECTIVE  *14* 

T4VE0*f  [ 

[ LOP  LOCATION 

MINIMUM  $**  KEO*  j 

[COUECTILE  a ARE  HEIGHT 

COLLECTIVE  HARE  j 

Fig.  3-196.  Balked  Landing  and  Landing  Diagram 


Reproduced  from 
best  available  copy. 


FIXED  TAKEOFF  safety  STEED  I TOSS' 

MAXIMUM  Tlr  PATH  PLANE  ANGLE  OF  ATTACK 
MINIMUM  ROTOR  SPEED  N, .,  . 

MINIMUM  CLEARANCE  HEIGHT 


T7777T*  rrt / r /77// / r r r/  777777777 

^REQUIRED  THRESHOLD  CLEARANCE 


HORIZONTAL  APPROACH  SPEED  .kl 


OUTPUT  BALK  LANDING 

t.  LANDINGS  ARE  GENERALLY  HUN  AT  THE  SOLUTION  WEIGHTS  FOR  THE 
CONTINUED  FLIGHT  AND  REJECTED  TAKEOFF  CONDITIONS. 

2.  THE  PROCEDURES  ESTABLISHED  AFTER  ONE  ENDIN'  MALFUNCTIONS 

FOR  THE  CONTINUED  RIGHT  REGIME  ARE  MAINTAINED  FOR  THE  BALK 
LANDING.  TOSS,  AND  N,  _ . 

3.  THE  PRIMARY  ITERATIONS  INVOLVE  LOCATING  THE  LDP  AS  A FUNCTION 
OF  THE  FtORIZONTAL  AND  VERTICAL  APPROACH  SPEED  AND  N„. 

4.  A TRADE-OFF  WITH  OPERATING  WEIGHT  CAN  BE  MADE  USING  THE  SAME 
PROCEDURE  AS  CONTINUED  FLIGHT  BY  SUBSTITUTING  LOP  FOR  CDP  AND 
APPROACH  VERTICAL  VELOCITY  FOR  SHP,  THE  PLOT  WILL  BE 
SIMILAR  TO  THAT  SHOWN  IN  P'(l.  3 194. 


Fig.  3-197.  Landing  Decision  Point  (LDP)  Characteristic  With  Vertical 
Horizontal  Approach  Speed 
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OUTPUT  LANDINGS 

THE  OUTPUT  FOR  LANDINGS  IS  TREATED  IN  THE  SAME  MANNER  AS  THAT 
FOR  REJECTED  TAKEOFF. 


SECONDARY  ITERATIONS 
DIAGNOSTICS'. 

a AIRCRAFT  LANDED  SHORT  OF  PROSPECTIVE  LANDING  SITE. 

FIX;  INCREASE  SPEED  AT  EDGE  OF  HELIPORT. 

b AIRCRAFT  LANDED  BEYOND  PROSPECTIVE  LANDING  SITE. 

FIX;  DECREASE  SPEED  AT  EDGE  OF  HELIPORT. 

DECREASE  OPERATING  WEIGHT. 

RESULTS  YIELD  CURVE: 

(II  a REDUCE  POWER  LEVEL  USED  OURING  CYCLIC  FLARE. 

b INCREASE  VERTICAL  APPROACH  VELOCITY  (REQUIRES  LDP  INCREASE), 
c INCREASE  WEIGHT. 

(2)  DESIRED  SOLUTION.  PILOT  MARGIN  SHOULD  BE  ± 5 ft  FROM  PEAK. 

(31  a INCREASE  SPEED  AT  COLLECTIVE  FLARE  POINT, 
b INCREASE  SPEED  AT  TOUCHDOWN  POINT. 

c DECREASE  VERTICAL  APPROACH  VELOCITY  (REQUIRES  LDP  DECREASE), 
d DECREASE  WEIGHT. 

e INCREASE  HORIZONTAL  APPROACH  VELOCITY  (REQUIRES  LDP  DECREASE). 

Fig.  3-198.  Primary  Iteration  for  Impact  Velocity  With  Height-collective  Flare 
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SPEED,  kt 

Fig.  3-199.  Determination  of  Matched  LDP*  for  the  Landing  and  Balked  Landing 

Cases 
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OPERATING  WEIGHT,  lb 

Fig.  3*200.  Weight  / Twin-engine  Torque  (TEQ)  Relationship 
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curves  will  have  a common  TEQ-operating  weight  in- 
tersection for  the  base  procedure  point. 

3-S.3.5  Aircraft  Trim  Characteristics 

For  the  conventional  single-rotor  helicopter,  the  loss 
of  one  engine  will  require  a change  in  yaw  control  when 
operating  in  the  region  where  the  remaining  engine(s) 
cannot  provide  the  required  torque.  In  this  case,  the 
aircraft  will  be  slowed  to  the  power  condition  at  which 
trim  requirements  can  be  satisfied.  Fig.  3-201  shows  the 
moments  acting  upon  the  aircraft  while  in  sideslip 


trimmed  flight.  Note  that  primary  control  is  derived 
from  the  antitorque  device(s)  at  the  aft  section  of  the 
fuselage.  The  size  of  the  vertical  fin  and/or  its  camber, 
the  adequacy  of  control  range  on  the  tail  rotor,  the 
control  range  in  the  movable  rudder  (if  available),  and 
the  roll  attitude  contribution  of  each  become  the  pri- 
mary design  attributes  for  study  under  this  flight  situa- 
tion. Efficient,  use  of  energy  in  driving  the  free  turbine, 
with  very  low  exit  velocity  as  a consequence,  makes  the 
residual  thrust  small  and,  therefore,  not  a critical  factor 
in  the  trim  equation.  Also,  most  engine  installations  are 
located  very  close  to  the  transmission  and  the  yawing 
moment  produced  by  residual  engine  thrust  is  minimal. 


MAIN  ROTOR 


Fig.  3-201.  Moments  Acting  on  Aircraft  While  in  Sideslip  Trimmed  Flight 
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3-6  LIST  OF  SYMBOLS 


==  are*,  ft5 

= rotor  disk  area,  "* 2 
= propeller  activity  factor, 
dimensionless 
= autorotative  index,  sec 
b aspect  ratio,  dimensionless 
s=  effective  disk  area  of  tandem 
rotor,  ft2 

a coefficient  of  cos  4* in  Fourier 
series  that  expresses  blade  pitch 
angle  9 relative  to  the  rotor 
shaft,  hence  lateral  cyclic  pitch, 
deg  or  rad 

a slope  of  lift  coefficient  versus 
angle  of  attack  curve,  per  rad 
or  per  deg 

==  speed  of  sound,  fps 
s numerical  value  (function  of 
variables  V,,  KO 

= linear  acceleration,  fps2 
= speed  of  sound  at  standard 
sea-level  temperature, 
dimensionless 

==  coefficient  of  cos  ml*  term  in 
Fourier  series  for  flapping 
angle  0 as  function  of  azimuth 
angle  t|»,  deg  or  rad 
s coefficient  of  cos  4*  in  Fourier 
series  for  flapping  angle  0 
relative  to  shaft,  hence 
longitudinal  tilt  of  tip  path 
plane  with  respect  to  the  rotor 
shaft,  positive  up  in  front,  deg 
or  rad 

= tip  loss  factor,  dimensionless 
= total  helicopter  horsepower 
required 

= bypass  ratio,  the  ratio  of  the 
mass  rate  of  airflow  through 
the  fan  to  that  through  the 
core  gas  generator, 
dimensionless 
= effective  blade  length,  ft 
= coefficient  of  sin  4*  in  Fourier 
series  that  expresses  blade  pitch 
angle  9 relative  to  the  rotor 
shaft,  hence  longitudinal  cyclic 
pitch,  deg  or  rad 
i = numerical  value,  (function  of 
variables  V{>  V2 


= propeller  blade  section 
elemental  width,  ft 
= number  of  blades 
= wing  span,  ft 
==  coefficient  of  sin  m|»  term  in 
Fourier  series  for  flapping 
angle  0 as  a function  of 
azimuth  angle  4*>  deg  or  rad 
= coefficient  of  sin  4*  in  Fourier 
series  for  flapping  angle  0 
relative  to  the  rotor  shaft, 
hence  lateral  tilt  of  tip  path 
plane,  positive  up  on  retreating 

side,  deg  or  rad 

ss  drag  coefficient,  dimensionless 
= mean  drag  coefficient, 
dimensionless 

= lift  coefficient,  dimensionless 
= mean  lift  coefficient, 
dimensionless 

= integrated  design  lift  coefficient 
(propeller  blade),  dimensionless 
, = rotor  lift  coefficient, 
dimensionless 

, ss  power  coefficient,  dimensionless 
, = torque  coefficient, 
dimensionless 
= torque  coefficient  OGE, 
dimensionless 

, = thrust  coefficient,  dimensionless 
a*  thrust  coefficient  OGE, 
dimensionless 

■ — thrust  coefficient  corrected  for 
reduced  inflow  due  to  ground 
effect,  dimensionless 
v = weight  coefficient, 
dimensionless 
t = rotor  horizontal  force 
coefficient,  dimensionless 
: = blade  chord,  ft 
« shaft  engine  specific  fuel 
consumption,  Ib-fuel/hp-hr 
' = jet  engine  specific  fuel 
consumption, 
lb-fuel/lb-thrust-hr 
d = section  drag  coefficient, 
dimensionless 
:t  = section  lift  coefficient, 
dimensionless 

p ==  specific  heat  at  constant 
pressure,  Btu/lb-*R 


Wfcy**  rili tirt-nAVai  V . y.Ui 
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c,  = specific  heat  at  constant 
volume,  Btu/lb**R 
t>  = drag,  lb 
= diameter,  ft 

Dt  a helicopter  total  effective  drag, 
lb 

?,  — helicopter  effective  drag 
coefficient,  dimensionless 
\ “ hover  download,  lb 
d — glide  distance,  ft 
d/  ~ induced  power  interference 
parameter,  dimensionless 
« «■  wing  span  efficiency  factor, 
dimensionless 
F =s  force,  lb 

= thrust-coefficient,  dimensionless 
/ <=  equivalent  flat  plate  drag  area, 
ft3 

= thrust  coefficient,  dimensionless 
ft  ~ ratio  of  speed  of  sound  at 
standard  day  sea  level  to  speed 
of  sound  at  specified  operating 
conditions,  dimensionless 
V = weight  of  fuel,  lb 
» = fraction  of  vertical  force 
supported  by  wing, 
dimensionless 

r — acceleration  due  to  gravity, 
ft/sec3 

r = rotor  Zf-force  perpendicular  to 
rotor  shaft,  lb 
= clearance  height,  ft 
’ - heating  valve  of  fuel,  Btu/lb 
= altitude,  ft 

- enthalpy,  Btu/lb 

= horsepower,  hp  (1  hp  = 550 
ft-lb/sec) 

= accessory  power,  hp 

— auxiliary  propulsive  power,  hp 
= gear  and  transmission  power 

losses,  hp 

= mass  moment  of  inertia  of 
blade  about  flapping  hinge, 
slug-ft3 

= rotor  moment  of  inertia, 
slug-ft2 

= polar  area  moment  of  inertia, 
ft4 

= angle  of  rotor  shaft  relative  to 
a reference  perpendicular  to  the 
fuselage  reference  line,  deg 
= mechanical  equivalent  of  heat, 


ft-lb/Btu  (1  ft-lb  = 778  Btu) 
= advance  ratio,  dimensionless 
AT  •-=  tandem  rotor  interference 
factor,  dimensionless 
Aff  = weight  of  ftiel  tank  per  pound 
of  ftiel,  dimensionless 
X,  - gear  and  transmission  loss 
ratio,  dimensionless 
K,  — climb  efficiency  factor, 
dimensionless 
K,  — ftiel  reserve  factor, 
dimensionless 
K,  — control  power  ratio, 
dimensionless 

Ku  = induced  power  correction  factor 
(forward  flight),  dimensionless 
Af,  = factor  related  to  propeller 
weight,  dimensionless 
Af,  = factor  related  to  gearbox 
weight,  dimensionless 
KE  = kinetic  energy,  ft-lb 
k = retreating  blade  stall  factor 
dependent  upon  blade  geometry 
and  loading,  lb3/ft3 
= empirical  constant,  (fps)‘ 

**>  specific  heat  ratio  c/c., 
dimensionless 
= spring  constant,  lb/ft 
L = lift,  lb 

Lc  = helicopter  lift  coefficient, 
dimensionless 

LF  = loss  factor,  dimensionless 
M = Mach  number,  dimensionless 
= rotor  Figure  of  Merit, 
dimensionless 
= moment,  Ib-ft 
Af,  = tip  Mach  number, 
dimensionless 

Mo  ss  rotor  tip  Mach  number 
(hovering),  dimensionless 
^ = rotor  blade  Mach  number  at 
radius  ratio  (r/R)  x and 
azimuth  angle  i|i,  dimensionless 
m as  mass,  slug 
N = rotational  speed,  rpm 
Nt  = gas  producer  rotational  speed, 
rpm 

Np  = power  turbine  rotational  speed, 
rpm 

NRP  =:  normal  rated  power,  hp 
ff/y/W  = generalized  rotor  speed,  rpm 
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It,  «„  Mj  - 

/»  - 


A 

A* 


« 

it 


A/C 

r 

rhp 

rP 


S = 


s/nc  = 


SWP 

SHP/(pS&) 


s 

SM 


t 

h 

£/ 

F 


load  factor,  dimensionless 
number  ofengines 
propeller  speed,  rev/sec 
numerical  constants, 
dimensionless 
power,  ft-lb/sec 
power  transferred  from  the 
engine  to  the  propeller, 
ft-lb/sec 

total  pressure,  lb/ft1 
total  pressure  (ideal  cycle), 
lb/ft2 

rotor  torque,  Ib-ft 

energy  added  in  the  combustor 

in  the  form  of  ftiel,  Btu/sec 

dynamic  pressure,  lb/ft1 

rotor  or  propeller  radius,  ft 

resultant  force  vector  on  blade 

element,  lb 

rate  of  climb,  fpm 

fuel  weight  to  gross  weight 

ratio,  dimensionless 

range,  n mi 

elemental  radius,  ft 

main  rotor  shaft  horsepower 

compression  ratio, 

dimensionless 

reference  area,  ft1 

wing  area,  ft2 

specific  fuel  consumption, 

Ib/hp-hr 

shaft  horsepower 

generalized  shaft  horsepower 

distance,  ft 

rotor  shaft  spacing  ratio, 
dimensionless 
thrust,  lb 

rotor  or  propeller  thrust,  lb 
total  temperature,  *R 
power  loading,  lb/hp 
time,  sec  or  hr 
endurance,  hr 
rotor  blade  lift  coefficient, 
dimensionless 

time  required  to  dissipate  rotor 
kinetic  energy  in  hover  down 
to  rotor  speed  corresponding  to 
stall  at  initial  rotor  thrust,  sec 
total  velocity  through  rotor 
disk,  fps 

free  stream  velocity,  fps 


r 

vD 

vD 


K 

K 

Vj 


V,  = 


helicopter  speed,  fps 

true  airspeed  of  forward  flight, 

kt 

resultant  velocity,  function  of  v 
and  Fin  forward  flight,  fps 
vertical  rate  of  descent,  fps 
nondimensionalized  vertical 
rate  of  descent,  dimensionless 
airspeed  for  minimum  power, 
kt 

duct  exit  velocity,  fps 
no  loss  duct  exit  velocity,  fps 
effective  exhaust  jet  velocity  far 
behind  the  propulsive  device, 
fps 

local  velocity  at  blade  element, 


V,  - 

V,  « 

K = 
FV8~  = 
F0  = 

K,  vr f*  - 

w - 
wa  « 

Wt  m 

W'  = 

wF - 
w = 
w/(&vV)  - 

w,  = 

WJ  8 = 

Wf  = 
= 
w = 

HL.  = 


X = 


V = 

Z = 
a = 


axial  velocity  at  the  plane  of 
the  propeller,  fps 
sink  speed  at  time  of  impact, 
fps 

rotor  tip  speed,  fps 
generalized  airspeed,  kt 
forward  speed  at  time  of  power 
failure,  fps 
selected  variables 
weight,  lb 

weight  flow  of  air,  lb/sec 
crew  weight,  lb 
weight  empty,  lb 
weight  of  fuel  and  ftiel  tank,  lb 
engine  ftiel  flow,  lb-fuel/hr 
generalized  engine  fuel  flow, 
Ib-fuel/hr 

gross  weight  of  helicopter,  lb 
generalized  gross  weight, 
dimensionless 
payload,  lb 
shaft  work,  Btu/lb 
rotor  disk  loading,  lb/ft1 
equivalent  induced  velocity  for 
a wing,  fps 

generalized  radius  ratio  r/R, 
dimensionless 

displacement  along  longitudinal 
axis,  ft 

lateral  displacement,  ft 
height  from  rotor  centroid  to 
ground,  ft 

angle  of  attack,  rad  or  deg 
= turboshaft  fuel  flow  intercept  at 
zero  power,  lb-fuel/hr 
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oc  = rotor  control  plane  angle  of 
attack,  deg 

a,  = induced  incremental  angle  of 
attack  = v/K  rad 
<**  a rotor  tip  plane  path  angle  of 
attack,  deg 

am  — tip  path  plane  tilt,  deg 
aw  ==  wing  angle  of  incidence,  rad 
a«,4  = rotor  blade  element  angle  of 
attack,  at  radius  ratio  (r/R)  x 
and  azimuth  angle  ij/,  rad  or 
deg 

0 — flapping  angle,  rad  or  deg 
= propeller  pitch  angle,  deg 
= helicopter  yaw  angle,  deg 
= turboshaft  fuel  flow  slope 
versus  shaft  horsepower, 
Ib-fud/hr-hp 

0o  — rotor  coning  angle,  rad  or  deg 
T — vortex  strength,  llttysec 
y = flight  path  angle  with  respect 
to  horizon,  deg 

= Lock  number,  dimensionless 
= wake  skew  angle,  rad 
A*„  = fuel  weight  ratio  required  to 
climb,  dimensionless 
ARn  — fuel  weight  ratio  required  in 
cruise,  dimensionless 
A Rn  — fuel  weight  ratio  required  to 
start  and  maneuver, 
dimensionless 

8 = altitude  pressure  ratio, 
dimensionless 

= incremental  velocity  ratio 
(change  in  k>/V)due  to  the 
presence  of  a propeller  duct, 
dimensionless 
60,  8„  and  8,  = coefficients  of  equation  = 

60  4-  8(0  + 8jOJ, 
dimensionless 

8 V/Wf  = generalized  specific  range, 
n mi/lb-fuel 

1}  = efficiency,  dimensionless 
= mechanical  efficiency  of  the 
helicopter,  dimensionless 
t\c  ~ Cheeseman  forward  flight 

efficiency  factor,  dimensionless 
= expansion  efficiency, 
dimensionless 
tjp  = propulsive  efficiency, 
dimensionless 

\ ^ trn  ~ Jct  transfer  efliciency, 

' dimensionless 


8 as  helicopter  pitch  attitude,  deg  c; 
rad 

= altitude  temperature  ratio, 
dimensionless 

— rotor  blade  section  pitch  angle, 
deg  or  rad 

6*  = blade  pitch  angle  at  radius  ratio 
(r/K)  x,  deg 
80  = collective  pitch 
8,  3=  total  blade  twist  root  to  tip, 
deg 

A a ground  effect  correction  factor, 
dimensionless 

X - inflow  ratio,  dimensionless 
ft  — advance  ratio,  dimensionless 
v 3=  rotor-induced  velocity,  fpe 
v = generalized  induced  velocity, 
v/v0,  dimensionless 
v0  = rotor  induced  velocity  in  hover 
OGE,  fps 

Vj  — rotor-induced  velocity  infinitely 
downstream,  fps 
{ = (Vj  — V)/V,  dimensionless 
p = density  of  air,  slug/ft1 
Po  =>  NACA  standard  air  density  at 
sea  level,  0.002378  slug/ft3 
tr  =3  rotor  solidity,  dimensionless 
33=  ratio  of  ambient  air  density  to 
standard  sea  level  density, 
dimensionless 

r,  = pressure  ratio,  dimensionless 
$ = empty  weight  to  gross  weight 
ratio,  dimensionless 
3=  rotor  inflow  angle,  rad 
ijt  ==  azimuth  angle  of  rotor  blade 
from  its  downwind  position, 
rad  or  deg 
= yaw  angle,  deg 
ft  ==  rotor  angular  speed,  rad/sec 
flR  — rotor  tip  speed,  fps 
»„  3=  natural  frequency  of  vibration, 
rad/sec 

Subscripts 

A = aerodynamic 
a 3=  average 
acc  ~ acceleration 
amb  33=  ambient 
av  = available 
b ==  combustion 
c 3=  compressor 
ch  ==  chart 
cl  — climb 
cr  3=  cruise 
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crit  *= 

/)  a 
/>/>  « 
rf  = 

= 

£ = 
* as 
0?  = 
ex  = 

F as 
/ = 
ff  - 
fl  = 

>7*  /wfA  = 
/«s  = 
= 

///£7F  = 
OG£  = 
A/  =a 
Act*  = 
/ = 
IGE  — 
/ = 
/«/*  = 
/<V  SB 

lo  = 

max  a= 
man  = 
min  = 
miss  — 
nont  = 
nor  = 
A«F  = 
o = 

OG£  as 

°P‘  = 
F = 

F = 


Par 

R 

R/D 

r 

rtf 

rtq 

res 

rot 

s 


sh  = 


critical 

docent 

dra|  divergence 

deceleration 

design 

elastic 

effective 

equivalent 

excess 

vertical  fin 

fUel 

forward  flight 
flare 

flight  path 

fuselage 

horizontal 

hover  in-ground  effect 

hover  out-of-ground  effect 

high 

hover 

inertia 

in-ground  effect 

induced 

initial 

level  flight 

low 

maximum 

maneuver 

minimum 

mission 

nominal 

normal 

normal  rated  power 
profile 

out-of-ground  effect 

optimum 

propeller 

pressure 

parasite 

perpendicular 

propulsive 

partial  load  or  power 
rotor 

rate  of  descent 

radial 

reference 

required 

residual 

rotation 

single  rotor 

single  blade  element 

shaft 
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sf  ss  sea  level 
SP  = shrouded  propeller 
st  - stall 
std  = standard 
T = total 
t — turbine 
TR  --  tail  rotor 
= tangential 
ir  = transfer 
V = vertical 
W = weight 
w - wing 

x = with  respect  to  longitudinal  (x) 
axis 

y ss  with  respect  to  lateral  O')  axis 
z = with  respect  to  vertical  (z)  axis 

0 = standard  or  initial  condition 

1 = intermediate  or,  in  the  case  of 

single-step  operation,  final 
condition.  Also,  engine  station 
1 (induction  system  inlet) 

2 = final  condition  for  a two-step 

operation,  e.g.,  flow-through  a 
rotor.  Also,  engine  station  2 
(compressor  inlet) 

3,  4,  etc.  = subsequent  stations  in  turbine 
engine,  or  equivalent 
thermodynamic  cycle.  See  Fig. 
3-53  for  designations. 

Prefixes 

d = differential  of 
/ = function  of 
A = increment  of 
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CHAPTER  4 

STRUCTURAL  DESIGN 


4-1  INTRODUCTION 

This  chapter  is  concerned  with  the  definition  of 
structural  design  criteria  for  helicopters,  the  determi- 
nation of  basic  loads  based  upon  these  criteria,  and  the 
demonstration,  by  preliminary  structural  analysis,  of 
the  adequacy  of  the  structure  to  withstand  these  loads. 
The  design  criteria  included  are  based  primarily  upon 
existing  Military  Specifications.  In  some  areas  accepta- 
ble criteria  are  not  provided  by  these  specifications  and, 
therefore,  experience  dictates  the  requirement.  Some 
instances  of  die  latter  are  fatigue  spectra  and  fail-safe 
criteria. 

Design  criteria  are  developed  for  the  following  con- 
ditions: 

1.  Flight  and  takeoff 

2.  Landing 

3.  Ground 

4.  Controls 

3.  Special  loadings 

6.  Miscellaneous. 

These  criteria,  together  with  the  design  parameters  and 
characteristics  of  a given  model  helicopter,  are  used  to 
calculate  basic  loads.  Methods  for  the  determination  of 
loads  applicable  to  components  such  as  rotor  systems 
and  landing  gear  are  described  in  detail.  For  those 
components  for  which  the  load  determination  proce- 
dure is  explained  adequately  in  available  publications, 
appropriate  references  are  cited. 

It  is  a practical  impossibility,  to  analyze  structural 
adequacy  for  every  loading  condition  a helicopter 
might  encounter.  However,  experience  has  shown  that 
there  are  only  a few  critical  loading  conditions.  During 
the  preliminary  design  process,  these  critical  conditions 
must  be  identified  and  the  applicable  loads  calculated. 
If  the  helicopter  can  withstand  these  critical  loads,  it 
will  have  an  adequate  margin  of  safety  for  all  other 
loads  normally  encountered. 

Amy  helicopters  are  classified  by  mission  utilization 
(See  Chapter  1);  preliminary  load  development  is  ac- 
complished with  the  end  use  of  the  vehicle  as  guidance. 


A design  parameter  fimdamental  to  basic  helicopter 
loads  is  design  limit  flight  speed  VDt.  Other  speeds  (par. 
4-2),  used  primarily  for  developing  fatigue  spectra,  are 
percentages  of  the  design  limit  flight  speed  or  of  the 
maximum  level  flight  speed  VH . 

Three  values  of  gross  weight  to  be  used  in  prelimi- 
nary design  are  minimum  design  gross  weight,  basic 
structural  design  gross  weight,  and  maximum  alternate 
gross  weight.  These  criteria  are  defined  and  their  appli- 
cation discussed  in  par.  4-3.  Other  helicopter  weights, 
applicable  to  specific  loading  conditions,  also  are  dis- 
cussed. 

The  determination  of  flight  and  takeoff  loading  re- 
quirements (par.  4-4)  is  based  upon  several  flight  condi- 
tions that  must  be  examined  at  maximum  and  mini- 
mum design  rotor  speeds,  both  power-on  and 
power-off.  Some  of  the  design  conditions  are  design 
limit  speed,  symmetrical  dives  and  pullouts,  vertical 
takeoff,  rolling  pullout,  and  yaw.  Additional  maneu- 
vers and  mission conditionsof  significance  in  the  deter- 
mination of  component  fatigue  or  service  lives  also  are 
discussed. 

Landing  load  criteria  reflect  the  fact  that  Army  heli- 
copter environments  include  unprepared  landing  areas, 
adverse  weather  and  terrain,  and  relatively  inex- 
perienced personnel.  Par.  4-5  lists  preliminary  design 
requirements  for  level  and  asymmetric  landings,  with 
and  without  forward  speed,  for  various  helicopter  sizes, 
weights,  and  configurations.  Reserve  energy  require- 
ments and  crash  load  factors  also  are  specified. 

Ground  handling  can  impose  critical  loads  upon  the 
aircraft  structure.  Par.  4-6  describes  preliminary  design 
requirements  for  taxiing,  jacking  and  mooring,  and 
towing  and  transport. 

Loading  conditions  resulting  from  acceleration  and 
braking  of  the  rotor  are  discussed  in  par.  4-7.  The  most 
critical  conditions  usually  occur  when  maximum  en- 
gine power  is  applied  to  the  system  at  low  rotor  speed, 
causing  peak  torques  in  the  transmission  and  large 
bending  moments  on  the  rotor  blades.  The  rotor-brak- 
ing load  to  be  considered  involves  bringing  the  rotor  to 
rest  from  a low  rotor  speed. 
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Preliminary  design  for  hard  points  required  for  the 
attachment  of  external  stores  involves  load  analyses  to 
insure  the  structural  integrity  of  hard-point  fittings  and 
their  supporting  structure,  store  and  pylon  fairings,  and 
adjacent  structures  affected  by  the  presence  of  external 
stores.  Requirements  for  use  of  test  data  and  models  for 
analyzing  hard-point  loads  are  given  in  par.  4-8. 

Substantiation  of  the  structural  adequacy  of  rotor, 
drive,  and  control  systems  is  described  in  par.  4-9.  The 
determination  of  applicable  loads,  both  steady  and  al- 
ternating, is  discussed,  together  with  appropriate  meth- 
ods for  preliminary  structural  analysis.  Control  system 
load  origins,  the  criteria  for  structural  design,  and 
methods  of  localizing  loads  are  given  in  this  paragraph. 
Structural  consideration  must  be  given  to  ultimate 
loads,  both  in  flight  and  during  ground  handling,  and 
to  periodic  (fatigue)  loads. 

The  structural  substantiation  of  the  airframe  is 
treated  in  par.  4-1J.  For  purposes  of  this  discussion 
air.  fame  structure  includes  the  fuselage,  wing  and  em- 
pennage, landing  gear,  and  mission  equipment  installa- 
tions. Limit  loads  are  to  be  multiplied  by  the  ultimate 
factor  of  safety  (1.5),  and  a positive  margin  against 
failure  is  to  be  maintained.  Yielding  is  not  permitted  at 
limit  load  and  failure  is  not  permitted  at  ultimate  load. 
One  exception  to  this  requirement  is  in  the  design  of 
certain  landing  gear  such  as  skid  gear;  experience  has 
shown  that  yielding  of  the  energy-absorbing  skid  or 
spring  device  may  be  permitted  for  the  limit  condition 
specified. 

Because  it  contains  a large  complement  of  rotating 
machinery  and  has  a rotor  that  constantly  generates  a 
cyclic  load  input,  a helicopter  operates  in  a severe 
fatigue  environment.  A large  number  of  dynamic  com- 
ponents are  designed  primarily  so  that  they  will  provide 
adequate  fatigue  strength.  A design  requirement  is  a 
minimum  fatigue  or  service  life,  generally  3600  hr,  for 
parts  that  cannot  be  designed  fail-safe.  Methods  for 
determination  of  service  lives  are  discussed  in  par.  4-11. 
Both  preliminary  estimates  and  the  final  determina- 
tion, which  is  based  upon  flight  load  surveys  and 
laboratory  tests  to  failure,  are  treated. 

4-2  DESIGN  FLIGHT  SPEEDS 

At  least  two  design  flight  speeds  shall  be  used  in 
preliminary  structural  design."  The  first  is  VH,  the  de- 
sign maximum  level  flight  speed  in  forward,  rearward, 
or  sideward  flight.  MIL-S-8698  defines  VH  in  forward 
flight  as  the  maximum  speed  attainable  at  the  basic 
design  gross  weight  in  level  flight  using  intermediate 
(formerly  military  or  30  min)  power,  or  as  may  be 


limited  by  blade  stall  or  compressibility  effects.  For 
preliminary  design,  VH  shall  be  not  less  than  the  maxi- 
mum level  flight  speed  attainable  in  forward,  sideward, 
and  rearward  at  each  applicable  gross  weight  using 
intermediate  power.  Minimum  values  of  35  kt  are  re- 
quired for  VH  in  sideward  or  rearward  flight  with  spe- 
cific values  being  established  by  the  procuring  activity 
for  each  model  helicopter.  These  determinations  de- 
pend upon  individual  mission  requirements. 

The  second  design  flight  speed  is  Vdl  .design  limit 
flight  speed.  This  speed  is  defined  as  a given  percentage 
above  Tw.The  ratio  VDL/VH  shall  be  not  less  than  1.25 
for  attack,  1.20  for  utility,  and  1.15  for  observation, 
training,  cargo,  or  heavy-lift  helicopters. 

The  design  flight  speeds  are  used  throughout  the 
preliminary  design  process  as  a basis  for  evaluating 
critical  loading  conditions.  Specific  applications  of  the 
design  flight  speeds  appear  throughout  this  chapter. 
Additional  flight  speeds  also  are  specified  for  in- 
dividual loading  conditions.  Examples  of  these  are: 

1.  Autorotational  dive  speed  T^.-ihe  design  maxi- 
mum flight  speed  in  autorotation 

2.  The  flight  speed  for  minimum  rate  of  descent 
in  autorotation  Vv>  m,„ 

3.  The  flight  speed  for  maximum  rate  of  climb 
V/t,Cmax  ;the  forward  flight  speed  at  which  power  re- 
quired for  level  flight  is  minimum,  hence  at  which 
power  available  for  climb  is  maximum 

4.  Cruise  speed  V„ : the  highest  forward  flight 
speed  at  which  specific  range  (n  mi/lb  fuel)  is  99%  of 
maximum 

5.  Endurance  speed  V^-.thc  flight  speed  at  which 
fuel  consumption  rate  (lb/hr)  in  level  forward  flight  is 
minimum. 

Values  of  these  flight  speeds  may  be  stated  in  the 
helicopter  detail  specification.  If  they  are  not  so  speci- 
fied, they  should  be  calculated  (see  par.  3-4). 

The  operating  limit  flight  speed  is  the  “never- 
exceed”  speed  VNE.  The  value  of  this  “red-line”  air- 
speed should  be  equal  to  VDL.  However,  vibration  or 
stress  limits  upon  helicopter  flight  speeds  may  be  found 
during  the  flight  test  program.  In  such  cases  Vm  may 
have  to  be  less  than  VDL.  During  preliminary  design, 
VNE  shall  be  assumed  equal  to  VDL, 

Helicopter  speeds  pertinent  to  landing  conditions  are 
discussed  in  par.  4-5.3. 

4-3  GROSS  WEIGHTS 

Three  gross  weights  W,  arc  significant  to  the  pre- 
liminary design  of  helicopters:  minimum  design, 
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I basic  structural  design  Wl%,  and  maximum  alternate 
; design  gross  weights  V%#. 

The  minimum  design  gross  weight  is  the  lowest  gross 
weight  considered  practicable  for  flight.  This  gross 
weight  for  all  models  shall  consist  of  all  items  of  the 
helicopter  basic  weight  (see  Chapter  10)  plus: 

1.  5%  of  usable  fuel 

2.  Minimum  quantity  of  oil  consistent  with  Item  1 

3.  Minimum  crew  (170  lb). 

This  gross  weight  represents  a helicopter  returning 
from  a mission  with  all  disposable  payload  items  ex- 
pended. Maximum  load  factor  and  angular  accelera- 
tion are  obtained  at  the  extremities  of  the  helicopter 
during  flight  maneuvers  at  this  gross  weight. 

The  basic  structural  design  gross  weight  for  ail  heli- 
copter models  shall  be  the  takeoff  gross  weight  with 
foil  internal  fuel  and  with  foil  internal  and  external 
load  items  required  for  the  performance  of  the  primary 
mission,  as  defined  in  the  helicopter  detail  specifica- 
tion. Inclusion  of  full  internal  fuel  in  this  definition  of 
basic  structural  design  gross  weight  is  a departure  from 
MIL-S-8698  that  has  been  found  necessary  to  provide 
j adequate  strength  in  Army  helicopters.  Design  gross 

J weight,  as  defined  in  Chapter  10,  remains  the  basis  for 

performance  calculations. 

1 The  maximum  alternate  design  gross  weight  shall  be 
as  prescribed  in  the  helicopter  detail  specification.  In 
any  case,  the  maximum  alternate  design  gross  weight 
shall  not  be  greater  than  the  maximum  gross  weight  at 
which  the  helicopter  can  take  off  from  an  unprepared 
field  of  800-ft  length  and  clear  a 50-ft  obstacle  in  not 
less  than  ar  additional  200  ft.  Such  takeoff  shall  be  at 
sea  level  on  a standard  day  and  shall  use  the  lesser  of 
intermedia^  power  or  maximum  transmission  torque. 

! The  load  factors  n„  applicable  to  this  gross  weight 

j shall  be  the  load  factors  nk  specified  for  the  basic  struc- 

| tural  design  gross  weight  multiplied  by  the  ratio  of  the 

| basic  structural  design  gross  weight  to  the  maximum 

s alternate  design  gross  weight,  n„  — 

{ These  load  factors  shall  not  be  less  than  2.0.  (Load 

( factor  n is  the  ratio  of  a given  load  to  the  weight  with 

: which  it  is  associated.)  The  maximum  alternate  design 

gross  weight  shall  be  used  for  landing  and  ground- 
handling conditions  to  the  extent  specified. 

In  the  development  of  design  loads  for  conditions  for 
which  these  design  gross  weights  are  applicable,  the 
range  of  center  of  gravity  (CG)  locations  resulting  from 
all  practicable  arrangements  of  variable  and  removable 
items  for  which  provision  is  required  shall  be  consid- 
ered. Gross  weights  to  be  used  for  design  shall  be  all 
critical  gross  weights  between  the  minimum  and  the 
maximum  alternate  design  gross  weights. 
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Fig.  4* 1 . Positive  Sign  and  Vector  Conventions  for 
Forces  Acting  on  the  Helicopter 


4-4  FLIGHT  AND  TAKEOFF  LOADING 
CONDITIONS 


4-4.1  FLIGHT  ENVELOPES  AND  MISSION 
PROFILES 

Forces  and  moments  acting  upon  the  helicopter  dur- 
ing flight  can  be  represented  by  forces  and  moments 
acting  along  and  about  three  mutually  perpendicular 
body  axes.  Sign  and  vector  conventions  for  the  forces 
and  moments  acting  along  these  principal  axes  are  as 
depicted  in  Fig.  4-1  Note  that  this  coordinate  system 
is  the  opposite  of  that  used  to  define  the  motions  of  the 
helicopter  (Chapter  6). 

At  any  instant  in  time,  all  aerodynamic  and  inertia 
forces  shall  be  in  equilibrium,  and  the  following  condi- 
tions shall  be  satisfied: 

1.  Summation  of  forces  along  each  of  three  mutu- 
ally perpendicular  reference  axes  equals  zero 

2.  Summation  of  moments  about  each  of  three 
mutually  perpendicular  reference  axes  equals  zero. 

Rotor  thrust  shall  be  in  equilibrium  with  the  aerody- 
namic and  inertia  forces  acting  upon  the  aircraft.  For 
the  case  of  trimmed  1-g  flight,  the  rotor  thrust  T is 
equal  to  the  resultant  of  the  weight  Wg  and  the  aerody- 
namic drag  D,  and  has  a line  of  action  in  opposition  to 
the  resultant  F„  of  these  two  forces,  as  shown  in  Fig. 
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Fig.  4-2.  Resolution  of  Weight  and  Drag  in 
Trimmed  Flight 


4-2.  (For  simplicity,  the  drag  force  is  shown  as  acting 
through  the  CG  of  the  helicopter.) 

For  flight  conditions  in  which  there  is  no  angular 
acceleration,  inertia  and  gravity  forces  shall  be  dis- 
tributed in  the  same  manner  as  weights,  with  their 
resultant  acting  through  the  aircraft  CG.  Inertia  and 
gravity  forces,  for  convenience  in  analysis,  are  com- 
bined as  the  product  of  a normal  load  factor  n,  and  the 
gross  weight  Wt 

Fi  ~ ni  Wg  ’lb  (44) 

where 

F:  — normal  force  component,  lb 
The  equation  defining  the  relationship  between  load 
factor  it,  and  linear  acceleration  a,  for  zero  pitch  atti- 
tude is: 

a. 

n = 1 + — , dimensionless  (4-2) 

1 8 

where 

g = acceleration  due  to  gravity, 

32.2  ft/sec2 

Additional  forces  and  moments  are  created  during 
those  flight  conditions  in  which  the  helicopter  is  being 
maneuvered  by  the  pilot,  or  in  which  external  forces 
such  as  gusts  cause  the  aircraft  to  be  accelerated  in 
either  a linear  or  an  angular  fashion.  These  forces  and 
moments  produce  linear  and  angular  accelerations  that 
result  in  balancing  inertia  forces  and  moments.  The 
aircraft,  when  considered  as  a free  body,  remains  in 
equilibrium. 

As  an  example  of  the  stated  principles,  fore  or  aft 
movement  of  the  control  stick  changes  the  direction  of 
thrust  of  the  rotor,  resulting  in  an  unbalanced  moment 


about  the  >-axis.  This  moment  causes  the  aircraft  to 
pitch  about  the^-axis,  and  the  resulting  angular  accel- 
eration when  multiplied  by  inertia  results  in  a moment 
counterbalancing  the  applied  moment,  as  shown  in  Fig. 
4-3. 

For  angular  accelerations,  a system  simitar  to  that 
for  linear  accelerations  is  used,  except  that  the  force 
F,  acting  upon  any  element  in  the  aircraft  is  also  a 
function  of  the  distance  x'of  that  element  from  the  CG, 
and  is  defined  by  the  equation 

) • lb  <W) 

where 

w = weight  of  element,  lb 
6 = angular  acceleration,  rad/sec2 
Any  unbalance  between  the  rotor  thrust  and  the  air- 
craft gross  weight  will  cause  a corresponding  accelera- 
tion in  the  vertical  direction  a,  and  load  factor  n,  (Eq. 
4-2)  such  that 

T cos  aR  -nzWg  , lb  (4-4) 

where 

T — rotor  thrust,  lb 
aM  = angle  between  thrust  vector  and 
vertical,  rad 

The  same  rationale  can  be  applied  to  any  flight  condi- 
tion, e.g.,  a rolling  or  yawing  maneuver. 

The  primary  modification  for  a compound  helicopter 
from  a structural  standpoint  is  that  force-generating 
systems  other  than  the  rotor  are  introduced.  These 
additional  systems  are  generally  wings,  either  with  or 
without  auxiliary  lift  and  control  devices  such  as  flaps 


Fig.  4-3.  Moments  Resulting  From  Control  Stick 
Movement 
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and  aileron$,  and  thrust  producers  such  as  propellers  or 
auxiliary  jet  engines. 


44.1.1  Basic  Flight  Loading  Conditions 


1.  This  method  defines  load  factor  capability  of  a rotor 
in  terms  of  the  maximum  mean  blade  lift  coefficient 
CL  . The  expression  for  load  factor  capability  n,  is: 

tHQk  max 


During  its  life  cycle  a helicopter  is  subjected  to  a 
wide  variety  of  loads,  many  for  short  durations  of  time. 
Some  loads  are  generated  by  pilot  input  and  some  origi- 
nate from  natural  sources  such  as  gusts  and  rough 
landing  surfaces.  A helicopter  lives  in  a severe  fatigue 
environment  because  of  its  large  complement  of  rotat- 
ing machinery  and  its  rotor  that  constantly  generates  a 
cyclic  load  input.  The  dynamic  components — includ- 
ing drive  shafts,  transmissions,  rotor  hubs,  and  blades 
— are  sized  primarily  from  a consideration  of  fatigue 
strength.  Although  many  portions  of  the  airframe  are 
designed  from  the  standpoint  of  ultimate  strength,  a 
thorough  fatigue  investigation  is  necessary  in  those 
areas  most  affected  by  dynamic  or  oscillatory  loads 
arising  from  sources  such  as  rotors  or  weapons. 

Critical  flight  loading  conditions  normally  consid- 
ered in  the  design  of  a pure  helicopter  are  defined  in 
MIL-S-8698.  These  conditions  are: 

1.  Maximum  speed  (design  limit  speed  VDl ) 

2.  Symmetrical  dive  and  pullout  at  design  limit 
speed  VDL  and  at  0.6  ^.approximately  the  speed  of 
maximum  load  factor  capability 

3.  Vertical  takeoff  (jump  takeoff) 

4.  Rolling  pullout 

5.  Yaw 

6.  Autorotational  maneuvers. 

These  flight  conditions  must  be  examined  at  maximum 
and  minimum  design  rotor  speeds.  In  addition,  a 
pushover  maneuver  to  the  minimum  design  load 
factor,  which  usually  is  0.0,  shall  be  investigated. 

Design  of  a compound  helicopter  requires  investiga- 
tion of  conditions  other  than  those  defined  in  MIL-S- 
8698.  Other  conditions  to  be  examined  will  be  associ- 
ated with  the  lift  or  propulsion  forces  generated  by  the 
wing  stabilizer  or  auxiliary  lift  and  propulsion  devices, 
and  will,  in  general,  follow  classical  aircraft  design 
methods.  Flight  conditions  requiring  investigation 
shall  be  applicable  loads  defined  in  MIL-A-8860,  MIL- 
A-8861, MIL-A-8865,  and  MIL-A-8866.  Applicability 
will  be  determined  by  the  individual  aircraft  configura- 
tion. 

Considerations  other  than  those  defined  in  these 
Military  Specifications  may  be  necessary  for  particular 
situations  or  specialized  aircraft  missions  in  order  to 
insure  adequate  strength  in  the  aircraft. 

Load  factor  capability  can  be  derived  directly  in 
terms  of  rotor  thrust  by  the  method  contained  in  Ref. 


4 *4  V 

C,  \ -v;  / 

I'M1  fay 

\nt  J \cos  a0J 


(4-5) 


where 

Oq  = rotor  coning  angle , rad  or  deg 
B — rotor  blade  tip  loss  factor, 
dimensionless 

/a  = advance  ratio,  (VcosaK)/(flR), 
dimensionless 
ft  — rotor  speed,  rad/sec 
V — forward  flight  speed,  fps 
R = rotor  radius,  ft 
o*  = rotor  angle  of  attack,  rad  ordeg 

and  subscripts 

t = trimmed  1 -g  flight 
N = value  at  maximum  load  factor, 

nlnax 

The  formula  is  conservative  because  the  maximum 
mean  rotor  lift  coefficient  is  an  ideal  theoretical  value, 
usually  not  achievable  with  actual  rotor  blades.  Modifi- 
cations can  be  made  to  account  for  factors  such  as 
blades  tapering  in  thickness  and  blade  root  cutout 
areas. 

Lift  capability  of  auxiliary  lifting  devices — such  as 
wings,  horizontal  tails,  and  ailerons — is  determined  by 
classical  methods  defined  in  texts  on  aerodynamics  and 
loads.  Airloads  theoretically  should  be  based  upon  the 
maximum  wing  lift  force  coefficient  representing 
the  highest  angle  of  attack  at  stall  for  which  the  wing 
is  analyzed,  but  never  should  be  less  than  those  corre- 
sponding to  the  design  limit  load  factor.  The  fon  e 
coefficient  should  be  multiplied  by  an  appropriate  fac- 
tor to  compensate  for  transient  lift  forces  above  those 
actually  achievable  by  the  wing  at  steady-state  stall.  A 
factor  of  1.25  is  recommended  to  cover  momentary 
loads  during  gusts  and  sudden  maneuvers.  An  alternate 
factor  may  be  substituted  when  dynamic  airfoil  charac- 
teristics are  available  and  can  be  used  in  the  derivation. 

For  compound  helicopters  and  other  aircraft  con- 
figured with  both  wings  and  rotors,  a rational  combina- 
tion of  the  lift  capabilities  of  both  devices  is  required. 
The  present  state-of-the-art  is  such  that  only  a small 
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amount  of  data  is  available  on  compound  helicopters. 
The  effective  lift  capabilities  and  the  interactions  be- 
tween wings  and  rotors  are  not  well  defined. 

It  is  conservative  to  add  the  lift  capability  of  the 
wings  directly  to  that  of  the  rotor,  neglecting  any  lag 
in  response  time  between  the  rotor  and  the  wings.  This 
approach  would  be  conservative  for  any  type  of  control 
system  used  in  a compound  helicopter — from  an  air- 
craft that  is  flown  purely  in  the  helicopter  mode  with- 
out auxiliary  controls  such  as  ailerons,  elevators,  and 
rudders  to  an  aircraft  that  has  a wide  array  of  aerody- 
namic control  devices  on  wings  and  empennage.  Time 
lag  in  response  between  forces  generated  by  the  wing 
and  those  generated  by  the  rotor  will  vary  widely,  de- 
pending upon  configuration.  The  rotor  response,  in 
general,  will  tend  to  lead  the  wing  response  when  no 
auxiliary  control  devices  are  installed  on  the  wing  be- 
cause wing  lift  is  dependent  upon  a change  in  angle  of 
attack  of  the  entire  aircraft.  This  criterion  for  structural 
design  of  compound  helicopters  is  treated  further  in 
par.  4-4.2. 

Because  of  the  uncertainties  of  estimating  interaction 
among  body,  rotor,  and  wing,  it  is  difficult  to  compute 
the  drag  forces  acting  upon  the  aircraft  accurately  by 
analytical  methods.  As  a result,  preliminary  design  cal- 
culations are  best  developed  from  aerodynamic  drag 
data  obtained  in  the  wind  tunnel.  Values  of  lift,  drag, 
and  pitching  moment  for  all  attitudes  and  angles  of 
attack  can  be  obtained  for  the  complete  aircraft,  vehi- 
cle-iess-rotor,  vehicle-less-wing,  and  vehicle-less-wing- 
and-rotor.  These  data  can  be  used  directly  in  calculat- 
ing basic  air  loads  for  structural  design  purposes. 
Verification  of  wind  tunnel  model  data  can  be  obtained 
later  on  full-scale  aircraft  during  the  flight  test  pro- 
gram. 


4-4. 1.2  Mission  Profile  and  Fatigue 

Analysis 

Because  the  rotor  system  and  dynamic  components 
of  a helicopter  are  sized  principally  from  fatigue  con- 
siderations, fatigue  analysis  is  a basic  requirement  of 
helicopter  design.  The  design  shall  insure  that  the  heli- 
copter is  capable  of  achieving  the  operational  design 
flight  requirements,  is  safe  to  operate,  is  free  from 
fatigue  failure  throughout  its  design  life,  and  has  ade- 
quate reliability  with  a minimum  of  maintenance.  At 
the  same  time,  it  is  important  to  avoid  penalizing  the 
aircraft  with  excessive  weight  so  that  it  cannot  pe/form 
its  mission  efficiently. 

Fundamental  to  achieving  these  aims  is  a clear  defi- 
nition of  the  missions  the  aircraft  is  to  perform.  Be- 
cause most  helicopters  will  be  used  for  a number  of 


different  purposes,  it  is  necessary  to  define  a variety  of 
missions  that  a specific  helicopter  will  perform  during 
its  design  life.  An  estimate  of  the  percentage  of  useful 
life  that  will  be  spent  performing  each  mission  also 
must  be  made. 

A large  number  of  variable  parameters  enters  into 
the  determination  of  fatigue  life.  In  addition  to  defining 
aircraft  missions  in  quantitative  terms,  it  is  necessary  to 
make  estimates  of  a large  number  of  factors  and  to  take 
these  into  consideration  during  generation  of  a fatigue 
loading  spectrum.  Some  of  the  more  important  of  these 
variables  are: 

1.  Aircraft  weight  at  takeoff,  during  mission,  and 
at  landing 

2.  Flight  altitudes 

3.  Number  of  takeoffs  and  landings  per  mission 

4.  Loads  due  to  external  stores  and/or  cargo  slings 

5.  Airspeeds 

6.  CG  range 

7.  Rotor  speeds 

8.  Gust  effects 

9.  Magnitude,  number,  and  duration  of  pilot- 
initiated  load  factors  during  maneuvers 

10.  Sinking  speed  during  landing 

11.  Autorotation. 

Two  typical  mission  profiles  for  an  armed  helicopter 
are  shown  in  Figs.  4-4  and  4-5.  Such  mission  scenarios 
will  be  defined  by  the  procuring  activity  and  used  by 
the  aircraft  developer  as  the  basis  for  fatigue  analysis. 
Information  contained  in  the  mission  profiles  will  be 
expanded  into  a spectrum  of  flight  and  ground  condi- 
tions as  shown  in  Table  4-1. 

Time  for  each  event  and  the  number  and  duration  of 
events  occurring  during  the  aircraft  life  are  determined 
from  engineering  estimates  based  upon  the  class  of  heli- 
copter, field  experience  with  that  class  of  aircraft,  and 
estimated  performance  of  the  vehicle  itself.  These  esti- 
mates normally  are  made  by  the  aircraft  designer  and 
approved  by  the  procuring  activity.  Percentage  of  flight 
time  spent  in  each  flight  condition  then  can  be  com- 
puted from  the  equation  in  Note  2 of  Table  4-1. 

Inherent  in  the  profile  is  a definition  of  aircraft  life, 
expressed  in  flight  hours.  This  value  usually  will  be 
defined  by  the  procuring  activity  prior  to  initiation  of 
aircraft  development. 

Because  a helicopter  is  flown  at  a variety  of  air- 
speeds, weight  and  CG  distributions,  rotor  speeds,  and 
altitudes,  the  flight  condition  spectrum  must  be  ex- 
panded further,  as  indicated  in  Table  4-1,  to  consider 
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STAGING 

AREA 


•TARGET  OF 
OPPORTUNITY 


AIR  CAVALRY 
TROOP  BASE 


TARGET  OF 
OPPORTUNITY 

AVERAGE  MISSION  DURATION 

PERCENTAGE  OF  TOTAL  SERVICE  TIME 

AVERAGE  WEIGHT  AT  TAKEOFF 

AVERAGE  WEIGHT  AT  MISSION  COMPLETION 

TYPICAL  FLIGHT  ALTITUDE 

AVERAGE  NUMBER  OF  TAKEOFFS  AND  LANDINGS 


OBJECTIVE  AREA 


45  min 
30% 

14,000  lb 
11,0001b 
500  ft 
1.0 


PHASE 

% MISSION  TIME 

VELOCITY 
RANGE,  kt 

1 

TAKEOFF  AND  HOVER 

2.0 

0-40 

2 

FLIGHT  TO  STAGING  AREA 

6.0 

40  - 150 

3 

RENDEZVOUS 

10.0 

0-50 

4 

ESCORT  AT  CRUISE  SPEED 

10.0 

100  - 150 

5 

INVESTIGATE  AND  NEUTRALIZE 
GROUND  TARGET  OF  OPPORTUNITY 

5.0 

150  - 200 

6 

OASH  TO  RETURN  TO  ESCORT 

3.0 

180  - 200 

7 

ESCORT  AT  CRUISE  SPEED 

10.0 

100  - 150 

8 

DASH  TO  SECURE  OBJECTIVE  AREA 

5.0 

180  - 200 

9 

SECURE  OBJECTIVE  AREA, 
PROTECT  LANDING  AND  SUPPORT 
LANDED  TROOPS 

14.0 

40  - 150 

10 

ESCORT  AT  CRUISE  SPEED 

10.0 

100-150 

11 

INVESTIGATE  AND  NEUTRALIZE 
GROUND  TARGET  OF  OPPORTUNITY 

5.0 

150  - 200 

12 

DASH  TO  RETURN  TO  ESCORT 

3.0 

180  - 200 

13 

ESCORT  AT  CRUISE  SPEED 

10.0 

100  - 150 

14 

RETURN  TO  8ASE 

5.0 

40  - 150 

15 

HOVER  AND  LANDING 

2.0 

0-  40 

Fig.  44.  Escort  Mission  Profile 
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GROUND  TROOP  { 

HEADQUARTERS 


AVERAGE  MISSION  OURATION  60  min 

PERCENTAGE  OF  TOTAL  SERVICE  TIME  25°0 

AVERAGE  WEIGHT  AT  TAKEOFF:  INITIAL  14,000  1b 

SECOND  12,000  lb 

AVERAGE  WEIGHT  AT  MISSION  COMPLETION  10,000  lb 

TYPICAL  FLIGHT  ALTITUDE  1 .000  (t 

AVERAGE  NUMBER  OF  TAKEOFFS  AND  LANDINGS  2.0 


PHASE 

- " ~ 1 

MISSION  TIME 

VELOCITY 
RANGE,  kt 

1 

TAKEOFF  AND  HOVER 

2.0 

0-  40 

2 

FLIGHT  TO  RECONNAISSANCE  AREA 

AT  CRUISE  SPEED 

10.0 

40  - 150 

3 

RECONNAISSANCE 

35.0 

40  - 150 

4 

INVESTIGATE  AND  NEUTRALIZE 

GROUND  TARGET  OF  OPPORTUNITY 

6.0 

150  - 200 

5 

FLIGHT  TO  GROUND  TROOP 

HEADQUARTERS  AT  CRUISE  SPEED 

10.0 

40-  150 

6 

LANDING  AND  HOVER 

2.0 

0 - 40 

7 

TAKEOFF  AND  HOVER 

2.0 

0 • 40 

8 

FLIGHT  TO  TARGET  AT  CRUISE  SPEED 

10.0 

40-  150 

9 

ENGAGE  AND  NEUTRALIZE  TARGET 

6.0 

40-  150 

10 

RETURN  TO  BASE  AT  CRUISE  SPEED 

15,0 

40  • 150 

11 

HOVER  AND  LAND 

2.0 

0-  40 

Fig.  4-5.  Reconnaissance  Mission  Profile 
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TABLE  4-1 

FLIGHT  CONDITION  SPECTRUM  FOR  FATIGUE  ANALYSIS 


FLIGHT 

CATEGORY 

FLIGHT  CONDITION 

1 

1 

TIME 

PER 

EVENT 

NO.  OF 
EVENTS 
DURING 
AIRCRAFT 
LIFE 

f.  FLIGHT 
TIME 

EXPANSION  PARAMETERS 
WEIGHT.  ROTOR 

CG  SPEED  ALTITUDE 

DISTRI-  DISTRI-  DISTRI- 
BUTION BUTION  BUTION 

HOVER  ANO  AIR  TAXI 

NOTE 

NOTE 

NOTE 

"LOW  SPiEO  CRUISE 

1 

1 

2 

STEADY 

1cDuJmsp£eocruise~ 

| 

1 

1 

FLIGHT, 

HIGH  SPfE0CftUi5£ 

POWER  ON 

rtAV  LEVEL  FLIGHf 

LOW  SPEED  TRANSITION  NOTE 

Highspeed  transition  1 

transi-  tPaNSITion  tO  i 

TiON  AUTOROTATION  f 

TRANSITION  FROM 

AUTOROTATION  ▼ 

CYLIC  AND  COLLECTIVE  NOTE 

PULL-UPS  1 

ROLLING  PULL-OUT 

"rTBHT  TU'ffRS 

LEFT  tUR^S 
StEEf1 2  CLIMBING  TURNS 

RIGHT 

STEEP  CLIMBING  TURNS 

Wl*FpVn nS  TURN-ON-THE-SPOT 
ruwtl<u"  DYNAMIC  YAW  (RUDDER 
REVERSALS! 

LONGITUDINAL  CONTROL 

REVERSAL 

VERTICAL  CONTROL 

REVERSAL 

QUICK-STOP 


. AUTOROTATION  STEADY 
OESCENT 

AUTOROTATION  RIGHT 
TURN 

AUTOROTATION  LEFT 

TURN 

POWER  OFF  ' AUTOROTATION  PULL-UP, 

immmn  moder 

REVERSAL  | 

AUTOROTATION  LATERAL 
CONTROL  REVERSAL  1 
AUTOROTATION  VERTICAL 
CONTROL  REVERSAL 
AUTOROTATION  FLARE 


1.  VALUES  DETERMINED  BY  ENGINEERING  ANALYSIS  OF  MISSION  PROFILES 

2.  v.  FLIGHT  TIME  - TIME  PER  EVENT  X NUMBER  OF  EVENTS  DURING  AIRCRAFT  LIFE  X 100 
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NORMAL  LOAD  FACTOR  n2,  dimensionless 

Fig.  4-6.  Frequency  of  Occurrence  of  Load  Factors 
(Ref.  2) 

these  parameters  because  fatigue  life  is  affected  greatly 
by  each. 

For  armed  helicopters,  estimates  of  the  amount  of 
firing  of  guns  and  other  weapons  also  are  required  in 
order  that  fatigue  lives  of  structural  components  af- 
fected by  these  toads  can  be  determined. 

In  addition  to  the  spectrum  of  flight  conditions,  se- 
verity distributions  of  load  factors  due  to  pilot-initiated 
maneuvers  and  gust  encounters  are  required.  Fig.  4-6 
(Ref.  2)  is  representative  of  the  severity  of  load  factors 
due  to  maneuvers  and  gusts  during  the  life  of  an  attack 
helicopter  and  a utility  helicopter,  while  Fig.  4-7  (Ref. 
3)  represents  such  load  factors  for  a fixed-wing  aircraft. 
Fig.  4-7  presents  cumulative  frequency  of  occurrence, 
which  is  the  probability  of  occurrence  of  a given  or 
greater  gust  velocity. 

Data  presented  in  Fig.  4-6  are  suitable  for  use  during 
preliminary  design  and  analysis  of  attack  and  utility 
helicopters,  while  Fig.  4-7  is  suitable  for  all  helicopter 
classes  (pars.  4-4.2  and  4-4.3).  Fatigue  damage  due  to 
landings  and  ground  conditions  (pars.  4-5  and  4-6)  also 
must  be  included  in  the  computation  of  fatigue  life  of 
the  helicopter.  Final  determination  of  fatigue  life  of  the 
airframe  and  dynamic  components  (par.  4-11)  can  be 
made  only  after  laboratory  fatigue  testing  of  specimens 
and  determination  of  the  magnitude  of  loads  during  the 
flight  load  survey. 


44.2  LIMIT  LOAD  FACTORS 
44.2.1  Symmetrical  Flight 

The  nature  of  the  forces  and  moments  acting  upon 
a helicopter  is  discussed  in  par.  44.1  and  a discussion 
of  toad  factors  as  they  relate  to  the  rotor  hub  is  included 
in  par.  4-10.2.  A clear  concept  of  limit  loads  is  an 
important  factor  in  the  efficient  design  and  safe  opera- 
tion of  a helicopter.  The  discussion  that  follows  pro- 
vides more  information  on  limit  load  factors  as  they 
apply  to  various  types  of  maneuvers  and  flight  condi- 
tions. 

The  vertical  accelerations  that  establish  the  maneu- 
ver limit  loads  can  be  related  to  the  maximum  thrust 
capability  of  the  rotor.  The  maximum  load  factor  is  the 
ratio  of  the  maximum  possiblethrust  that  can  be  devel- 
oped by  the  rotor  to  the  gross  weight.  The  maximum 
thrust  is  determined  by  assuming  the  maximum  lift 
coefficient  at  all  blade  sections.  This,  according  to  Ref. 
4,  may  be  represented  by: 

T.m.fx.  (4-6) 

\ 0 J max  ****<«*>’ 


0 20  40  60 

DERIVED  OUST  VaOCHV  V,.,  fps 

Fig.  47.  Derived  Gust  Velocity  Encounter 
Distribution  (Ref.  3) 


where 


CT 


CIR 

9 


thrust  coefficient, 
r/lpir^H^)1],  dimensionless 
rotor  tip  speed,  fps 
~ air  density,  slug/ft3 
<r  =s  rotor  solidity,  bcf/(nR), 
dimensionless 
b = number  of  blades 
ct  = blade  chord  (effective),  ft 
The  lift  coefficient  for  the  basic  structural  design 
gross  weight,  in  the  same  manner,  may  be  represented 
by: 


(-) 

\ 0 / design 


design 


pbceRw y 


(4-7) 


The  maximum  possible  load  factor  ntima  or  maxi- 
mum g load  obtainable  at  basic  structural  design  gross 
weight  then  would  be  obtained  from  Eqs.  4-6  and  4-7 
as  an  alternate  to  Eq.  4-5: 


D 


(cjoy 


max 


max 


(CJo) 


(4-8) 


design 


This  maximum  attainable  load  factor  can  be  com- 
puted for  a given  rotor  system  and  vehicle  combination. 
However,  MIL-S-8698  has  established  limit  load  fac- 
tors to  be  used  in  the  design  and  qualification  of  three 
different  classes  of  helicopters.  They  are  shown  in  Ta- 
ble 4-2.  The  requirements  of  one  of  these  classes  proba- 
bly will  be  applicable  to  any  new  helicopter  design.  On 
the  other  hand,  the  Request  for  Proposal  (RFP)  may 
establish  requirements  that  are  different.  In  addition, 
more  up-to-date  test  data  on  similar  vehicles  may  be 
available  that  justifies  different  limit  load  factors.  These 
data  also  should  be  considered. 

The  determination  of  realistic  load  factors  has  been 
a continuing  effort  by  industry  and  various  Govern- 
mental agencies.  Structural  design  criteria  that  are 


TABLE  4-2 

HELICOPTER  DESIGN  LIMIT  LOAD 
FACTORS 


LIMIT 

LOAD  FACTORS 

MISSION 

CLASSIFICATION 

CLASS  1 
CLASS  II 
CLASS  III 

■3.5, -0,5 
*3.0.  -0.5 
-2.5,  -0.5 

AH.  OH,  TH,  UH 
CH,  PAYLOAD  < 5000  lb 
CH,  PAYLOAD  > 5000  lb 

'V/', V.7JV- 
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peculiar  to  the  varied  missions  performed  by  Army  j 
helicopters  are  necessary  to  assure  procurement  of  j 
vehicles  that  will  provide  satisfactory  service  through-  j 
out  their  useful  lives.  A substantial  amount  of  flight  I 
load  data  now  has  been  acquired  on  Army  helicopters 
in  operational  environments.  These  data  should  be  re- 
viewed as  a part  of  the  preliminary  design  effort  on  a 
new  helicopter. 

Ref.  1 summarizes  some  early  flight  test  data  on  load 
factors  obtained  in  maneuvers.  The  maximum  load  fac- 
tor measured  in  the  test  program  covered  by  the  report 
was  2.68  g obtained  by  a combined  cyclic  and  collective 
pullup  during  autorotation  at  50  mph  with  motion  of 
the  collective  control  delayed  approximately  1.5  sec. 
Other  high  load  factors  obtained  during  the  tests  were: 

1.  Cyclic  pitch  pullup,  level  flight,  85mph;  2.38  g i 

2.  Cyclic  pitch  pulluD.  autorotation.  80  mph;  2.55  g 

3.  Cyclic  pitch  pullup,  5-deg  dive  in  autorotation, 

50  mph;  2.52  g. 

Fig.  12b  of  Ref.  5 summarizes  data  obtained  on  tur- 
bine-powered helicopters  with  gross  weights  less  than 
10,000  lb.  These  data  showed  a maximum  maneuver 
load  factor  of  2.5  g and  fewer  than  50  accumulated 
occurrences  above  2.0  g for  each  1000  hr  in  operation. 

Ref.  6 summarizes  load  factor  data  obtained  on  three 
light  observation  helicopters  and  two  large  load-lifting 
helicopters.  Maximum  maneuver  loads  for  the  light 
helicopters  generally  did  not  exceed  2.5  g,  and  the  num- 
ber of  occurrences  above  2.0  g also  was  fewer  than  50 
per  1000  hr.  The  maximum  maneuver  load  factors  for 
the  heavy-lift  helicopters  were  all  below  2.0  g.  Similar 
data  for  AH  and  UH  helicopters  are  shown  in  Fig.  4-6 
(Ref.  2). 

In  contrast  to  the  case  of  positive  acceleration,  the 
limitations  on  negative  load  factor  provided  by  reach- 
ing CL  are  of  little  practical  interest.  Control  mo- 
ments are  reduced  during  negative  accelerations  and  all 
data  show  that  —0.5  g is  an  adequate  negative  accelera- 
tion for  consideration  in  design.  Inherent  blade  motion 
limitation  is  one  of  the  factors  affecting  the  magnitude 
of  negative  acceleration.  The  most  common  sources  for 
negative  load  factors  are  gust  loads  (par.  4-4.3). 

4-4.2. 1.1  Control  of  Limit  Load  Factors 

As  flight  speed  increases,  a given  rotor  angle-of- 
attack  change  produces  a larger  thrust  increment  so 
that  large  load  factors  may  be  reached  without  large 
attitude  changes.  The  maximum  loads  thus  may  be 
obtained  by  variation  in  rate  of  control  application, 
magnitude  of  control  movement,  and  airspeed. 
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Artificial  limitation  of  load  factors  may  be  accom- 
plished by: 

1.  Rotor  speed  regulation 

2.  Dampers  in  controls 

3.  Force  gradients  in  controls. 

Except  for  rotor  speed  regulation,  these  artificial  meth- 
ods of  limitation  have  not  been  popular  for  helicopter 
design  and  operation. 

Limit  load  factors  for  configurations  such  as  com- 
pounds and  helicopters  with  unconventional  rotors 
must  be  established  on  an  individual  basis.  However, 
the  general  approach  for  these  unconventional  vehicles 
is  the  same  in  that  the  load  factors  used  must  be  justi- 
fied thoroughly  by  test  and  analytical  data. 

4-4.2. 1.2  V-n  Diagram 

Typical  V-n  diagrams  are  shown  in  Fig.  4-8.  The 
load  factors  shown  are  the  limit  load  factors  for  hypo- 
thetical helicopter  designs.  The  upper  limit  of  3.5  g and 
the  lower  limit  of  —0.5  g in  the  low  airspeed  and 
normal  airspeed  region  were  established  by  MIL-S- 
8698.  The  limits  at  high  airspeed  were  determined  by 
rotor  blade  stall  and  blade  tip  Mach  limits.  The  load 
factor  n.  shown  in  this  diagram  is: 

ar 

n = cos  0 ± — (4-9) 

* S 

where 

0 a»  pitch  angle  of  helicopter  body 
axis,  deg 

4-4.2. 1.3  Maneuvers  (Symmetrical  Flight) 

Various  maneuvers  that  are  classified  as  symmetrical 
flight  maneuvers  include  the  following: 

1.  Hover.  Hover  is  normally  at  or  near  zero  air- 
speed and  the  load  factor  is  one. 

2.  Takeoff  and  climb.  Vertical  takeoff  and  vertical 
climb  are  inherent  capabilities  of  the  helicopter.  A 
jump  takeoff  maneuver  consists  of  rapid  application  of 
collective  pitch  on  the  ground  while  the  rotor  is  turning 
at  maximum  power-on  rotational  speed.  The  maximum 
vertical  load  factor  from  this  maneuver  seldom  exceeds 
1 .6.  A maximum  rate  of  climb  from  takeoff  is  a demon- 
stration maneuver  and  results  in  relatively  modest  ac- 
celerations and  associated  load  factors  of  1.5  and  less. 

3.  Level  flight.  The  resultant  thrust  load  during 
level  flight  is  reacted  by  the  weight  of  the  vehicle,  the 
inertial  load  due  to  longitudinal  acceleration,  and  the 
drag  load  from  airspeed.  As  airspeed  and  longitudinal 
acceleration  increase,  the  longitudinal  load  increases 
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accordingly,  causing  an  increase  in  the  required  thrust. 
A diagram  of  these  level  flight  forces  is  shown  in  Fig. 
4-9.  Higher  load  factors  are  more  likely  in  the  high- 
speed regime  of  level  flight  because  the  relatively  large 
thrust  increment  from  the  rotor  facilitates  large  load 
factors  with  modest  flight  attitude  changes.  Larger 
control  capability,  however,  is  available  in  the  airspeed 
range  around  0.6  V# 

4.  One-g  dive.  A 1-g  dive  maneuver  consists  of 
operating  the  helicopter,  in  a dive  attitude  with  rotor 
thrust  approximately  equal  to  gross  weight  (load  factor 
= 1.0).  This  maneuver  often  is  used  (per  MIL-S-8698) 
to  demonstrate  maximum  speed  followed  by  maximum 
load  factor  during  the  puliup  from  the  dive. 

5.  Puliup.  The  puliup  demonstrates  maximum 
load  factor  for  symmetrical  flight.  The  design  condi- 
tions of  MIL-S-8698  are  at  airspeeds  of  VDL  and  0.6 
Vh,  for  maximum  rotor  speed  and  minimum  rotor 
speed.  Fig.  4-10  shows  a diagram  of  forces  encountered 
in  the  maneuver.  The  loads  originate  from  gravity,  aer- 
odynamic pitching  moment,  inertia,  and  the  centrifugal 
force  caused  by  the  angular  velocity  of  the  helicopter 
following  an  arc.  Longitudinal  loads  also  are  encoun- 
tered at  the  rotor  hub  point  of  attachment  because  of 
the  force  associated  with  the  moment  and  because  of 
the  drag  and  the  longitudinal  component  of  the  gravity 
load.  These  longitudinal  loads  must  be  considered  for 
this  maneuver  as  well  as  for  other  maneuvers  to  which 
they  are  applicable.  Lateral  loads  also  are  applicable  in 
symmetrical  flight  maneuvers  because  of  lateral  move- 
ments, directional  controls,  and  tail  rotor  thrust.  Even 
though  these  longitudinal  and  lateral  loads  have  their 
associated  limit  load  factors,  they  are  not  discussed  in 
as  much  detail  because  their  magnitudes  are  small  com- 
pared with  the  vertical  thrust  loads  and  longitudinal 
moments. 

4-4.2. 1.4  Rotor  Speed  and  Power  Ranges 

There  is  a significant  difference  in  load  factor  consid- 
eration between  power-on  and  power-off  operations. 
The  allowable  range  of  power-on  rotor  speed  is  rela- 
tively small,  being  limited  on  the  high  side  by  engine 
limits  and  on  the  low  side  by  helicopter  rotor  blade  stall 
and  associated  vibration  and  comfort  levels.  Power-off 
operation,  on  the  other  hand,  has  a comparatively  large 
allowable  range  of  rotor  speeds.  The  maximum  allowa- 
ble rotor  speed  in  autorotation  is  considerably  higher 
than  the  maximum  speed  allowable  power-on. 

This  maximum  power-off  rotor  speed  limit  is  essen- 
tially the  design  limit  of  the  rotor  (with  some  reduction 
for  a factor  of  safety).  The  minimum  power-off  rotor 
rpm  may  be  set  at  the  lowest  level  from  which,  as 


4-12 


‘ rf  W|;^|7WT!^  • ^w;^,yr^M'»;  ,’ri7  fiyr(^,,i  TTvy »®f"  v,«**.t>«n»Mx<;-»v‘  i •--"  '*r 


>.dw44M...»<;  ... .. 


AMCP  706-201 


(A)  V„,  = VDl  (BI  VN[ 

Fig.  4-8.  Typical  V-u  Diagrams  Showing  Flight  Maneuvers 


shown  by  flight  test  experience,  rotor  speed  recovery 
can  be  accomplished  in  a safe  length  of  time.  As  shown 
in  Eq.  4-6,  the  maximum  thrust  capability  of  the 
rotor  varies  directly  as  (ilR)2.  The  maximum  possible 
thrust  capability  of  the  rotor  is,  therefore,  at  the  maxi- 
mum rotor  speed,  which  is  a power-off  condition. 

This  relationship,  which  ultimately  results  in  the 
determination  of  the  maximum  possible  limit  load  fac- 
tor, is  illustrated  in  Fig.  4-11,  which  is  a graph  of 
maximum  possible  vertical  load  factor  versus  rotor 
speed  for  a hypothetical  rotor  system.  This  graph 
shows  that  the  power-on  operating  range  is  below  the 
maximum  normal  load  capability  of  the  rotor.  Thus, 
demonstration  maneuvers  involving  load  factors 
should  be  conducted  under  partial  power  and  autorota- 
tional  flight  conditions  where  the  rotor  can  be  operated 
at  a higher  speed. 

4-4.2. 1.5  Load  Factors  for  Other  Than 

Normal  Gross  Weights 

If  a helicopter  is  operated  at  a weight  greater  or  less 
than  the  normal  design  gross  weight,  it  must  be  as- 
sumed that  a different  maneuvering  load  margin  is 
available.  For  this  reason  it  is  customary  to  specify  a 
higher-than-normal  gross  weight — normally  called  an 
alternate  design  gross  weight  (par.  4-3)— in  the  detail 
specification.  The  load  factor  for  this  configuration 
should  not  be  less  than  2.0  (MIL-S-8698). 


The  configuration  that  involves  a lighter-than-nor- 
mal  gross  weight  also  should  be  considered.  Certain 
missions  may  call  for  off-loading  a portion  of  the  fuel 
and  cargo.  This  creates  a condition  where  the  relation- 
ship between  rotor  thrust  capability  and  actual  gross 
weight  results  in  a higher  limit  load  factor.  The  princi- 
pal requirement  for  application  of  this  higher  load  fac- 
tor would  be  for  certain  equipment  items. 

4-4.2. 1.6  Fatigue  Analysis 

The  effect  of  a particular  maneuver  on  fatigue  life 
must  be  determined  by  inflight  measurement  of  the 
stresses  on  the  components  for  which  the  fatigue  life 
information  is  needed.  Certain  components  may  ac- 
cumulate damaging  fatigue  cycles  during  high-speed 
flight  with  a relatively  modest  load  factor  increase.  On 
the  other  hand;  higher  load  factors  in  other  flight 
regimes  may  result  in  no  fatigue  damage.  It  is  essential, 
therefore,  that  information  on  both  the  load  factor  and 
the  resulting  stress  is  known. 

In  addition,  it  is  important  to  have  an  accurate  meas- 
urement or  estimate  of  the  maneuver  time  spectrum.  A 
typical  maneuver  time  history  showing  load  factor  ver- 
sus time  is  illustrated  in  Fig.  4-12.  This  type  of  maneu- 
ver time  history  may  be  used  to  determine  the  approxi- 
mate number  of  load  cycles  at  each  load  factor  for  the 
particular  flight  condition.  The  number  of  such  ma- 
neuvers in  a given  time  can  be  estimated  from  data  such 
as  that  in  Ref.  6.  A total  cycle  count  for  load  factors 
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and  associated  stresses  then  can  be  accumulated  to  es- 
tablish the  effect  of  the  maneuver  upon  the  fatigue  life 
of  a component. 

This  procedure  would  be  repeated  for  all  other  ma- 
neuvers that  hhie  been  determined  to  be  critical  for 
fatigue  life  of  components.  The  preliminary  design  task 
should  include  definition  of  the  possible  maneuver 
spectrum  for  the  helicopter  being  designed.  It  is  not 
possible  to  make  a definitive  fatigue  analysis  without 
flight  test  data  from  the  actual  helicopter,  but  back- 
ground data  may  be  used  in  a preliminary  analysis  that 
is  of  value  and  may  assist  in  achievement  of  a near- 
optimum basic  design. 


4-4.2. 1.7  Static  Analysis 


The  static  analysis  of  the  helicopter  should  be  based 
upon  one  or  several  critical  maneuvers  that  result  in  the 
maximum  possible  limit  load  factors.  These  maneuvers 
also  should  be  included  in  the  structural  demonstration 


to  verify  the  maximum  limit  load  capability  or  design 
of  the  rotor  and  helicopter  system.  ( 

4-4.2.2  Asymmetrical  Flight 


Combined  load  factors  (vertical,  lateral,  and  lon- 
gitudinal) and  simultaneous  rotational  accelerations 
combine  to  establish  the  maximum  load  factors  during  ) 
asymmetrical  flight  operations.  Power-on,  power-off, 
and  rotor  speed  variations  also  are  applicable  to  asym- 
metrical flight  maneuvers  (par.  4-4.2. 1 .4).  Asymmetri- 
cal flight  maneuvers  include  rolling  pullups,  sideslips 
and  yaw,  and  sideward  flight. 

A rolling  pullup  maneuver  consists  of  a pullup  while 
the  helicopter  is  in  a rolling  flight  attitude.  The  roll  or 
bank  attitude  results  in  a load  factor  n,  = i/cos  <f>, 
where  — bank  angle  measured  between  the  rotor 
shaft  centerline  and  vertical.  This  load  factor  then  is 
increased  in  proportion  to  the  pullup  and  turn  rates 
with  the  additional  normal  loads  applied  as  shown  in 
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Fig.  4-10.  The  primary  load  factors  encountered  in 
the  rolling  pullup  maneuver  are  in  the  normal  ver- 
tical direction.  However,  the  longitudinal  and  lateral 
loads  also  are  significant,  as  is  the  lateral  moment 
required  for  the  roll  rate,  and  all  shall  be  considered. 
The  rolling  pullup  maneuver  is  one  of  the  principal 
design  maneuvers  of  MIL-S-8698. 

The  sideslips,  yaw,  and  sideward  flight  maneuvers 
provide  the  highest  lateral  load  factors.  Limit  toad  fac- 
tors for  the  tail  boom  and  directional  control  system 
also  are  established  by  these  maneuvers. 


^m.i» 


•>*  (ibcRlOR 


/r  ^ d O , i Q rt 

/.bcRUJRi-’ 


Fig,  4-11.  Mai—  Load  Factor  vs  Rotor  Speed 
(Hypothetical  Bat  Typical  Rotor) 


4-4.3  GUSTS 

It  has  been  established  that  the  reaction  of  a helicop- 
ter to  gusts  is  less  severe  than  is  the  reaction  of  a 
fixed-wing  aircraft.  Ref.  7 summarizes  test  results  from 
operating  a helicopter  and  a fixed-wing  aircraft  side-by- 
side  and  shows  much  larger  load  factors  from  gusts  for 
the  fixed-wing  aircraft.  Other  tests  have  given  the  same 
results. 

However,  load  factors  on  helicopters  due  to  gusts  are 
not  insignificant.  An  incremental  load  factor  of  0.9  due 
to  a gust  was  experienced  by  a commercial  helicopter 
during  a test  in  the  Chicago  area  (Ref.  8).  - 

The  trend  toward  higher  airspeeds  for  helicopters 
makes  gust  criteria  more  significant  because  gust  load 
factors  normally  increase  with  airspeed.  A gust  load 
criterion  is  given  in  MIL-S-8698,  including  definition 
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of  a gust  alleviation  factor.  This  factor,  according  to  the 
specification,  vanes  as  a function  of  disk  loading  and 
becomes  equal  to  ur  y at  6 psf  and  above.  Studies  (Ref. 
9),  however,  have  i gust  alleviation  factors  in  ac- 
cordance with  this  specification  to  be  too  conservative 
and  to  result  in  load  factors  that  are  excessive.  It  is 
apparent  that  gust  load  factors  should  be  established 
carefully.  The  best  approach  during  the  preliminary 
design  stage  is  to  review  the  available  data,  especially 
data  on  similar  vehicles,  and  to  establish  and  then  to 
justify  the  gust  load  factors  to  be  used  for  the  new 
design. 

Because  gust  load  factors  have  been  a relatively  im- 
portant aspect  of  fixed-wing  aircraft  design,  a large 
amount  of  data  on  gusts  has  been  accumulated.  One 
such  example  is  Ref.  10,  which  contains  information 
such  as  gust  length  versus  gust  velocity  and  cumulative 
frequency  of  occurrence  per  mile  of  flight.  Additional 
data  on  cumulative  frequency  of  occurrence  are  given 
in  Fig.  4-7  (Ref.  3). 

4-4.3. 1 Conditions  Requiring  Gust  Load 
Factors 

The  factors  that  e iter  into  the  determination  of  gust 
load  factors  include: 

1.  RFP  and  applicable  specifications 

2.  Fatigue  considerations 

3.  Airspeed  range 

4.  Configuration 

5.  Exposed  surfaces. 

The  RFP  and  the  referenced  specifications  often  es- 
tablish specific  requirements  for  gust  load  factor  con- 
siders* ions.  MIL-S-8698.  for  example,  cites  a specific 
gust  velocity  to  be  applied,  together  with  the  schedule 
for  gust  alleviation  factor  discussed  previously.  The 
gust  velocity  specified  is  50(<r' J)fps  where  <r  = 
p/f»„,  the  tatio  of  the  density  of  air  at  the  altitude  under 
consideration  to  the  density  of  air  at  sea  level.  There- 
fore, the  gust  velocity  t 1 ; considered  at  sea  level  is  50 
fps.  FAR  Part  29  specifies  a gust  velocity  of  30  fps  for 
design. 

Fatigue  considerations  require  gust  load  factor  data, 
especially  if  tne  critical  design  loads  for  the  helicopter 
are  set  by  gust  conditions,  or  if  the  expected  operational 
environment  is  one  in  which  gusty  air  is  normal. 

The  operating  airspeed  is  an  important  factor  in  the 
determination  of  gust  loads  Ref.  7 shows  lower  gust 
load  factors  at  lower  speeds  from  both  calculated  data 
and  test  data.  This  has  bem  confirmed  in  other  tests 
and  invest !ga,:ons  (Ref.  9).  Fig.  4-13  is  a Y-n  diagtam 
showing  tne  n-'ative  load  factors  due  to  gusts  as  a func- 


tion of  airspeed.  This  is  consistent  with  the  gust  load 
criteria  for  fixed-wing  aircraft  (MIL-A-8861),  where  > 
the  incremental  load  factor  due  to  gusts  is  proportional 
directly  to  equivalent  airspeed.  A comparable  relation- 
ship is  not  given  in  MIL-S-8698. 

Rotorcraft  other  than  the  pure  helicopter,  which  has 
freedom  for  blade  flapping,  shall  be  given  special  con- 
sideration in  regard  to  gust  load  factors.  Blades  stiff  or 
rigid  in  the  flapwise  direction,  along  with  auxiliary 
wings,  would  tend  to  make  such  a rotorcraft  behave 
more  like  4 fixed-wing  aircraft.  Supporting  data  on  gust 
effects  are  mandatory  for  this  kind  of  aircraft. 

Gust  load  factor  data  also  are  required  for  ground 
conditions  when  the  rotor  is  stopped  or  in  transition 
between  the  running  and  stopped  positions.  The  behav- 
ior of  rotor  blades  in  the  transitional  period  under  gusty 
conditions  is  an  important  consideration  in  the  design 
of  the  rotor  hub.  The  structural  criteria  for  the  up  stops 
and  droop  steps  of  the  blades  often  are  based  upon  gust 
factors.  Gust  loads  on  fixed  surfaces  also  shall  be  con- 
sidered and  are  a function  of  the  gust  velocity,  the 
surface  area  of  exposure,  and  the  effective  inertia  of  the 
vehicle.  The  dynamic  response  of  the  helicopter  to  the 
specified  gust  loads  also  shall  be  examined. 

4-4.3.2  Gust  Influence 

The  response  of  a lifting  rotor  to  gusts  is  difficult  to 
predict  analytically,  even  when  using  computers,  be- 
cause of  the  transient  nature  of  the  disturbance  and  the 
large  number  of  variables  involved.  A rigorous  math- 
ematical analysis  should  include  transient  blade  flap- 
ping, blade  flexibility,  induced  velocity  changes,  and 
vertical  motion  of  the  vehicle.  For  preliminary  design, 
however,  both  computer  data  and  flight  data  (such  as 
Ref.  9)  are  useful  and  should  be  used  to  the  maximum 
extent  practicable. 


Fig  4-13.  Gust  Load  Facto?  vs  Helicopter  Forward 
Velocity 
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Oust  velocity  causes  a change  in  velocity  through  the 
rotor,  resulting  in  a change  in  rotor  thrust.  This  change 
in  thrust  is  related  primarily  to  a change  in  angle  of 
attack  of  the  rotor  a*.  The  incremental  load  factor 
from  the  thrust  change  may  be  calculated  by  an  ap- 
proach that  considers  the  gust  to  produce  only  an  an- 
gle-of-attack  change  and  that  neglects  any  alleviation 
factors.  This  may  be  expressed  in  the  following  manner 
(Ref.  7): 


An  dCj  (OR)2  nR 2 

U daR  V P Wg 


where 

An  = load  factor  increment 
U = gust  speed,  fps 
V — flight  speed,  fps 

Because  the  change  in  angle  of  attack  is  influenced  by 
vehicle  inertia,  gust  wave  shape,  and  other  physical 
conditions,  a gust  alleviation  factor  is  established  by 
computation  or  by  test  data.  The  most  accurate  factor 
is  based  upon  test  data  from  similar  vehicles. 

When  considering  gust  alleviation  factors  for  heli- 
copters, data  on  fixed-wing  aircraft  sometimes  have 
been  used  for  comparative  purposes.  Helicopters,  how- 
ever, differ  from  fixed-wing  aii  craft  in  that  the  velocity 
at  the  helicopter  blade-tip  leading  edge  is  higher  in 
relation  to  the  gust  velocity  than  is  the  velocity  at  the 
wing  leading  edge.  Another  factor  is  the  flexibility  and 
load  attenuation  provided  by  the  flapping  hinges  and 
flexible  blades  normally  used  on  helicopters. 

Information  on  the  atmospheric  gusts  pertinent  to 
the  helicopter  is  of  fundamental  importance  to  prelimi- 
nary design.  Much  of  this  information  is  included  in 
Ref.  10,  and  those  data  should  be  used  for  estimating 
gust  load  factors,  especially  in  cases  where  the  Uevia- 
tion  factors  are  computed. 

44.3.3  Gust  Loads  During  Maneuvers 

The  superposition  of  gust  loads  and  maneuver  loads 
occurs  infrequently,  and  generally  the  combination  of 
these  loads  does  not  exceed  the  helicopter  limit  load. 
The  limit  maneuver  load  factor  is  determined  by  the 
maximum  capability  of  the  rotor  (par.  4-4.2),  and  ex- 
ceeding this  load  factor  is  not  possible  even  with  the 
addition  of  a gust  load.  Maneuvering  under  gusty  air 
conditions  is  not  normally  a helicopter  demonstration 
requirement. 


44.3.4  Fatigue  Loadings 

The  influence  of  gust  loadings  upon  the  fatigue  life 
of  helicopter  components  depends  upon  the  relative 
sensitivity  of  the  particular  vehicle  to  gust  conditions. 
Fig.  4-7  shows  a cumulative  frequency  of  occurrence 
per  mile  of  flight  versus  gust  velocity.  From  this  figure, 
at  2,000  to  10,000  ft,  one  occurrence  of  50  fps  or  more 
per  1 .3  million  mi  of  flight  is  indicated.  Gusts  of  30  fps 
or  higher  will  occur  only  once  per  27,000  mi.  If  these 
data  are  appropriate  for  a given  helicopter,  gust  loading 
would  have  a small  effect  upon  fatigue  life  because 
30-50  fps  gusts  normally  would  result  in  a load  factor 
less  than  limit  load  factor  when  a reasonable  alleviation 
factor  was  applied. 

4-5  LANDING  CONDITIONS 

4-5.1  DESIGN  LIMIT  LANDING 
REQUIREMENTS 

Army  operating  environments  involve  unprepared 
areas  and  terrain  types  that  must  be  considered  in  the 
selection  of  a landing  gear  type  and  in  subsequent  de- 
sign iterations.  Consideration  of  both  level  and  asym- 
metric landings — with  and  without  forward  speed— at 
varying  helicopter  sizes,  weights,  and  configurations  is 
essential.  The  parameters  of  the  landing  gear  design  or 
configuration  sensitive  to  the  anticipated  operational 
factors  are  likewise  of  interest. 

4-5. 1.1  Symmetrical  Landings 

Symmetrical  landings  can  be  accomplished  in  more 
than  one  manner — from  hover;  during  a power-on  ap- 
proach with  forward  velocity,  possibly  including  drift; 
fully  autorotational  with  or  without  forward  speed,  and 
possibly  with  drift;  or,  in  rare  cases,  under  emergency 
conditions  involving  abnormal  descent  velocity.  These 
rare,  emergency  landings  usually  are  attributable  to 
battle  damage,  vehie'e  malfunction,  adverse  weather  or 
terrain  conditions,  or  pilot  error. 

Power-on  landings  normally  result  in  relatively  low 
descent  velocities  at  ground  contact,  usually  not  ex- 
ceeding 5 fps.  Fully  autorotational  landings  rarely  are 
performed  with  large  multicngine  helicopters  but  are 
frequent  with  the  smaller  single-engine  models,  io  the 
point  that  they  shall  be  considered  as  normal  landings. 
These  normal  autorotational  landings  usually  do  not 
exceed  6.5  fps  descent  velocity  at  ground  contact.  In 
battle  zone  operations,  a descent  velocity  of  8 fps  may 
be  considered  a normal  sinking  speed  at  ground  con- 
tact. Under  emergency  conditions,  or  in  unusual  situa- 
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tions  as  noted,  descent  velocities  of  15  fps  or  more 
occasionally  may  be  encountered  (Ref.  11). 

The  sinking  speeds  at  ground  contact  in  all  of  these 
operating  conditions  are  affected  significantly  by  such 
vehicle  design  parameters  as  autorotational  minimum 
descent  rate;  vehicle  size,  configuration,  and  weight; 
density  altitude  (Ref.  12);  and  many  other  factors.  It 
may  be  necessary  to  increase  the  minimum  design  sink 
rates  in  order  to  allow  for  unusual  or  abnormal  vehicle 
parameters. 

4-5. 1 . 1 . 1 Design  Sinking  Velocity 

Minimum  values  for  the  design  limit  sinking  speeds 
at  ground  contact  are  given  by  MIL-S-8698  as; 

1.  Minimum  flying  weight  and  basic  structural  de- 
sign gross  weight — 8 fps  together  with  0.67  Wt  rotor  lift 
throughout  the  impact 

2.  Alternate  design  gross  weight — 6 fps  together 
with  0.67  fVt  rotor  lift  throughout  the  impact. 

Due  to  the  inadequacy  of  these  criteria  to  account  for 
the  severe  usage  of  Army  helicopters  under  combat 
conditions,  the  design  sink  speed  shall  be  a minimum 
of  10  fps  in  lieu  of  8 fps  for  all  new  designs.  The  hori- 
zontal speeds  with  which  the  design  limit  sinking  speed 
shall  be  combined  shall  include  all  values  between 
zero  and  120%  of  the  speed  corresponding  to  minimum 
power  required  for  level  flight  at  the  landing  gross 
weight. 

Factors  to  be  considered  for  any  particular  combina- 
tion of  design  configuration  and  operational  environ- 
ment are: 

1.  Steady-state  descent  velocity  in  autorotation  (or 
with  all  engines  at  flight  idle  for  multiengine  helicop- 
ters) 

2.  The  forward  velocity  associated  with  the  mini- 
mum steady-state  autorotational  descent  velocity 

3.  Maximum  operational  density  altitude  to  be  de- 
signed for  as  a normal  anticipated  operating  require- 
ment 

4.  Disk  loading 

5.  Vehicle  size  I landing  gear  configuration  as 
indicated  by  Fig.  4-K,  where  A = effective  additional 
drop  height 

6.  Vehicle  low-speed  stability  and  control 

7.  Pilot  location  relative  to  CG  or  relative  to 
ground  contact  (Fig.  4-15).  As  a general  rule,  the  likeli- 
hood of  higher  descent  velocities  at  ground  contact 
increases  as  the  pilot’s  distance  ahead  of  the  CG  and 
ahead  of  or  above  the  initial  ground  contact  point  is 
increased. 

8.  The  requirement,  for  certain  types  of  helicop- 


ters, that  evasive  maneuversbe  performed  immediately 
before  and  during  the  landing  flare.  The  design  descent 
velocities  must  be  increased  in  such  cases  to  reflect 
these  special  tactical  requirements. 

4-5.1. 1.2  Landing  Attitude  Requirements 

Landing  conditions  that  require  structural  load  con- 
sideration are  the  following  variations  of  attitudes  and 
loadings: 

1.  Tricycle  gear,  both  with  and  without  a 0.25 
minimum  drag  factor  on  all  contacting  wheels  (Fig. 
4-16); 

a.  3-point 

b.  Nose  first,  near  level 

c.  Aft  first,  near  level1 

d.  Aft  first,  maximum  nose-up  (as  limited  by 
tail-bumper)1 

e.  Tail-bumper  or  tail  wheel  first  (if  applicable) 

f.  50%  maximum  vertical  load  for  Conditions 
lb  through  le  applied  in  any  horizontal  direc- 
tion one  gear  at  a time,  in  combination  with 
the  vertical  loads.  Free-swivelling  nose  gear 
shall  be  assumed  to  line  up  with  the  obstruc- 
tion load  (lockable  or  steerable  nose  gear 
shall  be  treated  as  nonswivelling). 

g.  Conditions  la  through  If  with  spin-up  and 
spring-back  loads,  if  more  critical. 

2.  Skid  gear,  both  with  and  without  a 0.5  drag 
factor  (Fig.  4-17): 

a.  Perfectly  level 

b.  Nose  first,  near  level 

c.  Aft  first,  near  level 

d.  Aft  first,  maximum  nose-up 

e.  Tail-bumper  first 

f.  Level  landing  on  symmetrical  obstructions 
located  at  forward  contact  points,  and,  alter- 
natively, midway  between  the  skid  attach 
points. 

3.  Tail-wheel  gear,  both  with  and  without  a 0.25 
minimum  drag  factor  on  all  contacting  wheels  (Fig. 
4-18): 

a.  Level  (main  first)1 

1 If  the  aft  (or  main)  gear  is  not  located  more  than  1 5 deg  aft 
(and  below)  the  CO  with  reference  to  the  normal  level  attitude 
(fuselage  reference  line),  no  pitching  relief  to  the  impact  loads  is 
to  be  considered.  However,  if  the  aft  (or  main)  gear  is  located  more 
than  1 S deg  aft  (and  below)  the  CG,  pitching  relief  may  be  consid- 
ered (Ref.  13),  provided  the  additional  (pitching)  momentum  is 
considered  in  regard  to  possible  critical  secondary  impact  of  the 
forward  gear  and  provided  the  effect  of  the  increased  height  of  the 
CG  above  ground  at  initial  comae'  is  accounted  foi  as  the  gear 
position  is  moved  aft. 


4-18 


XTr^'ii'xi  -ivv'r  (7 vittv&j  f^w^lc5  - ',  'nr’T 'JWfifTr/V 


■?•■■»■  * '•rww'*Arf fvJvi* •■.rxr/w •r.'-'-'vr'-f'r - » iti-T^.rrw.Tn •"*•, u ivn»i tvrr vv jr<:  .-;f^vtv  >■  • ■•  i\iv'*«ir«’i’*i vy^tp 


AMCF  706-201 


Fig.  4-14.  Considerations  Affecting  Design  Limit  Sinking  Speed 


b.  3-point 

c.  Tati  first 

d.  30%  maximum  vertical  load  for  Conditions 
3a  and  3c  applied  in  any  horizontal  direction 
one  gear  at  a time,  in  combination  with  the 
vertical  loads.  Free-swivelling  tail  gear 
shall  be  assumed  to  line  up  with  the  obstruc- 
tion load  (lockable  or  steerable  tail  gear  shall 
be  treated  as  nonswivelling). 

e.  Conditions  3a  through  3c  with  spin-up  and 
spring-back  loads,  if  more  critical. 


4.  Quadricycle  gear,  both  with  and  without  a 0.25 
minimum  drag  factor  on  all  contacting  wheels  (Fig. 
4-19): 

a.  4-point 

b.  Nose  first,  near  level 

c.  Aft  first,  near  level'  (footnote  p.4-18) 

d.  Aft  first,  max  nose-up'  (footnote  p.  4- lb; 

e.  Tail-bumper  first  (if  applicable) 

f.  Uneven  terrain,  near  level  attitude;  either  suf- 
ficient terrain  unevenness  shall  be  assumed 
so  as  to  result  in  a three-point  loading,  or 


4-19 


'•V 


AMCP  706*201 


alternatively,  a vertical  unevenness  equal  to 
2%  of  wheelbase,  crest  to  trough,  shall  be 
assumed  at  the  moat  critical  wave  length  and 
skew  angle  for  the  particular  gear  configura- 
tion. For  this  condition,  75%  of  the  ground 
load  factor  at  the  CO  for  Condition  4a,  but 
not  less  than  2.0  g,  may  be  used, 
g.  50%  maximum  vertical  load  for  Conditions 
4b  through  4f  applied  in  any  horizontal  direc- 
tion one  gear  at  a time,  in  combination  with 
the  vertical  loads.  Free-swivelling  forward 


gear  shall  be  assumed  to  line  up  with  the 
obstruction  load  (lockable  or  steerable  for- 
ward gears  shall  be  treated  as  nonswivelling). 
h.  Conditions  4a  through  4d  with  spin-up  and 
spring-back  loads,  if  more  critical. 

4-5. 1 . 1 .3  Weight  and  CG  Factors 

The  CGs  to  be  considered  in  conjunction  with  any 
landing  weight  shall  include  the  most  adverse  combina- 
tion of  vertical,  longitudinal,  and  lateral  limits  for  the 


PILOT'S  VERTICAL  { ACCELERATION}  = CG  {ACCELERATION } 1 X PITCH1NG{  AC^lTrATION f 


(8)  PILOT  LOCATION  vs  INITIAL  GROUND  CONTACT  POINT 

Fig.  4-15.  Effects  of  Pilot's  Location  Upon  Sinking  Speed  at  Touchdown 
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particular  helicopter,  between  and  including  minimum 
J flying  weight  and  alternate  design  gross  weight. 

As  a minimum,  the  weights  to  be  considered  in  re- 
gard to  landing  requirements  are  basic  structural  de- 
sign grots  weight,  minimum  design  gross  weight,  and 
alternate  design  gross  weight. 

The  mass  moments  of  inertia  to  be  considered  at  any 
weight  and  CG  should  reflect  the  most  adverse  distri- 
bution within  the  weight  and  CG  limits  chosen  for 
investigation.  This  consideration  should  include  exter- 
nal as  well  as  internal  weight  items,  provided  they  es- 
sentially are  attached  rigidly  to  the  vehicle. 

4-5. 1.1.' 4 Evaluation  of  Vehicle  Designs 

Factors  affecting  the  maximum  sinking  velocities  at 
ground  contact  for  optimizing  helicopter  designs  in- 
clude: 

1.  Disk  loading.  Higher  disk  loading  means  higher 


^ ~N 


I Fig.  4-16.  Landing  Attitude*,  Tricycle  Gear 


Fig.  4*17.  Landing  Attitudes,  Skid  Gear 


induced  power  losses  in  the  rotor,  and  thus  higher  de- 
scent velocities  in  autorotation,  other  factors  being 
equal. 

2.  Blade  loading.  Very  little  variability  of  this  fac- 
tor is  noted  in  modem  helicopter  designs  (Refs.  13  and 
14). 

3.  Vehicle  aerodynamic  cleanness.  By  reducing 
drag,  sinking  velocities  in  autorotation  are  reduced  in 
several  ways: 

a.  the  L/D  improvement  results  in  higher  for- 
ward velocity  at  a given  sinking  velocity 

b.  the  glide  angle  thus  is  flattened 

c.  the  optimum  minimum  sinking  velocity  is  re- 
duced slightly  because  of  the  reduction  in  in- 
duced power  loss  at  the  increased  forward 
speed 
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Fig.  4-18.  Landing  Attitudes,  Tail  Wheel  Gear 

d.  the  better  glide  path  permits  more  time  for 
pilot  reaction  to  winds  and  terrain  variables 

e . the  higher  forward  speed  provides  more  vehi- 
cle kinetic  energy,  which  can  be  converted  to 
rotor  kinetic  energy  during  the  final  flare. 

4.  Control  power  and  vehicle  response.  The  ability 
to  maneuver  precisely  during  the  approach,  flare,  and 
final  touchdown  has  an  important  effect  upon  descent 
velocity  at  ground  contact,  although  this  effect  is  dif- 
ficult to  define  in  an  absolute  sense. 

5.  Pilot  visibility  and  location  relative  to  the  vehi- 
cle CG  and  to  the  point  of  initial  ground  contact  (Fig. 
4-15).  The  poorer  the  visibility  in  the  forward-down- 
ward-sideward directions,  the  poorer  will  be  the  pilot’s 
ability  to  minimize  the  descent  velocity  at  ground  con- 
tact and  also  the  greater  the  chance  of  pilot  error  in 
judging  the  flare  maneuver  relative  to  the  terrain.  Simi- 
lar effects  result  as  the  pilot's  location  is  moved  forward 
and  upward  relative  to  the  initial  ground  contact  point 
(as  may  occur  in  larger  vehicles).  Also,  as  the  pilot  is 
positioned  farther  forward  of  the  CG,  pitching  acceler- 
ations and  velocities  at  his  station  become  larger  in 
comparison  to  the  accelerations  and  velocities  at  the 
CG,  thus  reducing  “pilot  feel”  during  the  crucial  final 
portion  of  the  landing  maneuver. 
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4-5. 1.1. 5 Preliminary  Substantiation 

Requirements 

Where  a particular  design  or  mission  requirement 
indicates  adverse  factors  of  the  types  in  par.  4-5. 1.1.4, 
the  values  of  sinking  velocities  to  be  used  for  prelimi- 
nary design  must  be  substantiated  in  a rational  manner. 
This  may  be  accomplished  either  by  analytical  com- 
parison relating  back  to  the  (minimum)  conventional 
criteria,  or  by  actual  landing  test  demonstrations  under 
similar  conditions — comparing  the  more  unconven- 
tional design  to  a similar,  operationally  proven,  design. 
In  most  cases,  analytical  comparisons  should  suffice  for 
preliminary  design  purposes. 

4-5. 1.2  Asymmetrical  Landings 

In  general,  the  limit  descent  velocities,  at  the  vehicle 
CG,  to  be  used  with  asymmetrical  landing  conditions 
for  preliminary  design  purposes,  are  not  different  sig- 
nificantly from  the  values  to  be  used  with  the  level 
landing  conditions  of  par.  4-5. 1.1.  The  most  prominent 
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Fig.  4-19.  Landing  Attitudes,  Quadricyde  Gear 
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lv  Fig.  4-21.  Asymmetrical  Attitudes,  Tricycle  Gear 
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2.  Skid  gear,  both  with  and  without  0.5  drag  factor 
(Fig.  4-22): 

a.  One  skid  first,  near  level  laterally;  nose  first, 
near  level  longitudinally;  level  longitudinally; 
aft  first,  near  level  longitudinally;  and  aft 
first,  maximum  nose-up 

b.  One  skid  first,  without  drag  but  with  0.5  fric- 
tion factor  acting  inboard  on  one  skid  and 
outboard  on  the  other.  Assume  same  atti- 
tudes as  for  Condition  2a. 

c.  Level  landing  on  asymmetrical  obstruction 
located  at  one  skid  forward  contact  point 

d.  Tail-bumper-first  attitude,  with  0.5  friction 
coefficient  acting  up  to  ±30  deg  from  aft, 
whichever  is  more  critical 

e.  Level  landing  with  yaw  velocity:  a yaw 
velocity  at  ground  contact  sufficient  to  de- 
velop asymmetrical  0.5  friction  factors  as  a 
transverse  couple  applied  at  the  most  critical 
locations  on  the  skids  and  alternatively  as  a 
longitudinal  couple,  zero  symmetrical  drag 

f.  Level  landing  with  roll  velocity:  Condition 
2a,  with  0.25  rad/sec  roll  velocity  it  ground 
contact  in  most  adverse  combination  with 
75%  limit  sinking  velocity 

g.  Landing  with  roll  displacement:  Condition 


(A)  ONE  SKID  FIRST 
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g.  50%  maximum  vertical  gear  load  for  Condi- 
tions la  and  lc  applied  in  any  horizontal  di- 
rection one  gear  at  a time,  in  combination 
with  the  vertical  loads.  Free-swivelling  nose 
gear  shall  be  assumed  to  line  up  with  the 
obstruction  load  (lockable  or  steerable  nose 
gear  shall  be  treated  as  nonswivelling  if  more 
critical). 

h.  Slope  landing:  a 15-deg  ground  slope  in  the 
most  adverse  direction  in  combination  with 
an  8 fps  descent  velocity 

i.  Tail-bumper-first  attitude  with  0.5  friction 
factor  acting  up  to  ±30  deg  from  aft,  which- 
ever is  more  critical. 
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Fig.  4-22.  Asymmetrical  Attitudes.  Skid  Gear 


2a,  with  5-deg  roll  attitude  in  the  most  ad- 
verse combination  with  75%  limit  sinking 
velocity 

h.  Slope  landing:  a 1 5-deg  slope  in  the  most  ad- 
verse direction  in  combination  with  an  8 fps 
sinking  velocity. 

3.  Tail-wheel  gear,  both  with  and  without  a 0.23 
drag  factor  on  all  contacting  wheels  (Fig.  4-23): 

a.  One  main  gear  first,  level  attitude2  (footnote 
p.4-23) 

b.  One  main  gear  first,  near  3-point  attitude2 

c.  Each  of  Conditions  3a  and  3b  with  spin-up 
and  spring-back  loads,  if  more  critical 

d.  Drift  landings:  main  gear  first,  level,  vertical 
reaction  at  each  gear  equal  to  30%  of  maxi- 
mum vertical  reaction  from  level  and  3-point 
symmetrical  landings  (par.  4-5. 1.1. 2,  Condi- 
tions 3a  and  3b),  inward  side  load  one  gear 
equal  to  80%  of  applicable  vertical  load  and 
outward  side  load  on  other  gear  equal  to  60% 


Max  NOSE  UP 


(C)  DRIFT  OR  YAW 

Fig,  4-23.  Asymmetrical  Attitudes,  Tail  Wheel  Gear 
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of  applicable  vertical  load  simultaneously, 
zero  drag  load 

e.  Landing  with  roll  velocity:  each  of  Condi- 
tions 3a  through  3c  with  0.25  rad/sec  roll 
velocity  at  ground  contact  in  the  most  ad- 
verse combination  with  75%  limit  sinking 
velocity 

f.  Landing  with  roll  displacement:  each  of  Con- 
ditions 3a  through  3c  with  5-deg  roll  attitude 
in  the  most  advetse  combination  with  75% 
limit  sinking  velocity 

g.  50%  maximum  vertical  gear  load  for  Condi- 
tions 3a  through  3c,  applied  in  any  critical 
horizontal  direction  one  gear  at  a time,  in 
combination  with  the  other  gear  vertical 
loads.  Free-swivelling  tail  gear  shall  be  as- 
sumed to  line  up  with  the  obstruction  load 
(lockable  or  steerable  tail  gear  shall  be 
treated  as  nonswivelling,  if  more  critical). 

h.  Slope  landing:  a 1 5-deg  slope  in  the  most  ad- 
verse direction  together  with  a sinking 
velocity  of  8 fps 

4.  Quadricycle  gear,  both  with  and  without  0.25 
drag  factor  on  all  contacting  wheels  (Fig.  4-24): 

a.  One  side  first,  near  level  laterally;  nose  first, 
near  level  longitudinally;  level  longitudinally; 
aft  first,  near  level  longitudinally;  maximum 
nose-up2  (footnote  p.  4-23) 

b.  Condition  4a  with  spin-up  and  spring-back 
loads,  if  more  critical 

c.  Drift  landings:  one,  or  both,  aft  gear  first, 
near  level,  vertical  reaction  at  each  gear  equal 
to  50%  of  maximum  vertical  reaction  from 
4-point  and  near  level  symmetrical  landings 
(par.  4-5. 1.1. 2,  Conditions  4a  through  4c), 
inward  side  load  on  gear  on  one  side  equal  to 
80%  of  applicable  vertical  load  and  outward 
side  load  on  gear  on  other  side  equal  to  60% 
of  applicable  vertical  load  simultaneously, 
zero  drag  load 

d.  Landing  with  roll  velocity:  Conditions  4a  and 
4b  with  0.25  rad/sec  roll  velocity  at  ground 
contact  in  most  adverse  combination  with 
75%  limit  sinking  velocity 

e.  Landing  with  roll  displacement:  Conditions 
4a  and  4b  with  5-deg  roll  attitude  in  the  most 
adverse  combination  with  75%  limit  sinking 
velocity 

f.  50%  maximum  vertical  load  for  Conditions 
4a  and  4b  applied  in  any  horizontal  direction 
one  gear  at  a time,  in  combination  with  the 
vertical  loads.  Free-swivelling  nose  gear  shall 


T t toff WJ 


4-25 


??x5rf^^.>T??Tt^c.;7T^ ."Y"^  IT'-,*Tr^,S91P' 


AMCP  706-201 


\T.^^VrtW^»n>^<t7r^-vy-Tn'rr^^FT,v '-TCrv-v^n^Hry^  rf* *sjij\r*r$.ritm\.Kt‘,\."*>  ■■■<»;•.■,- 1 ■ ■ • 


landing  gear  configuration  to  conform  to  adverse  ter- 
rain conditions  (especially  in  regard  to  quadricycle- 
type  gear) 

2.  Yaw  stability  and  control:  the  degree  to  which 
the  vehicle  can  be  maintained  in  optimum  horizontal 
alignment  with  the  direction  of  motion  during  the  land- 
ing maneuver  under  normal  expected  variations  of 
wind  and  terrain  conditions 

3.  Roll  stability  and  control:  the  capability  of 
maintaining  optimum  roll  alignment  with  respect  to 
the  ground  under  the  normal  expected  variations  of 
wind  and  terrain 

4.  Slope  landing  capability:  heavily  dependent 
upon  the  overall  helicopter  configuration,  including 
type  and  configuration  of  landing  gear,  control  power, 
size,  etc. 


(C)  3-POINT  (ADVERSE  TERRAIN) 


Fig.  4-24.  Asymmetrical  Attitudes,  Quadricycle 
Gear 


be  assumed  to  line  up  with  the  obstruction 
load  (lockable  or  steerable  nose  gears  shall  be 
treated  as  nonswivelling). 

g.  Slope  landing:  a 13-deg  slope  in  the  most  ad- 
verse direction,  with  a sinking  velocity  of  8 
fps 

h.  Tail-bumper- first  attitude:  with  0.3  friction 
factor  acting  up  to  ±30  deg  from  aft,  which- 
ever is  more  critical. 

4-5. 1.2.2  Weight  andCG  Factors 

The  weights  and  CGs  to  be  considered  for  asymmet- 
rical landings  should  be  the  same  for  symmetrical  land- 
ings (par.  4-3.1. 1.3).  It  is  important  that  the  most  criti- 
cal vehicle  mass  moments  of  inertia  in  roll  and  pitch 
also  be  considered  in  this  regard. 

4-5. 1.2.3  Evaluation  of  Vehicle  Designs 

Factors  affecting  the  local  striking  velocities  and  atti- 
tudes at  ground  contact  during  asymmetrical  landings 
for  optimization  of  helicopter  design  are  noted  in  the 
following  paragraphs  (these  are  in  addition  to  the  fac- 
tors of  par.  4-3. 1.1.4): 

1.  Conformability  (Fig.  4-23):  the  ability  of  the 


4-5.2  RESERVE  ENERGY  REQUIREMENTS 
4-5.2. 1 Reserve  Energy  Descent  Velocities 

The  reserve  energy  requirements  for  helicopter  land- 
ing impacts  arc  important  to  both  the  safety  and  the 
continued  operational  availability  of  the  vehicles  under 
the  anticipated  military  operating  environment  (Ref. 
11).  As  noted  in  par.  4-5.1. 1 and  in  Ref.  17,  it  is  impor- 
tant not  only  to  specify  the  design  limit  descent 
velocity,  under  which  no  landing  gear  damage  is  in- 
curred, but  also  to  specify  a more  severe  descent 
velocity  under  which  limited  damage  to  the  landing 
gear  and/or  airframe  would  be  acceptable  operation- 
ally. The  value  of  this  latter  descent  velocity  has  been 
specified  in  MIL-S-8698  as  y/\5 times  the  design  limit 
descent  velocity,  resulting  in  a minimum  value  of  ap- 
proximately 10  fps.  This  value  does  not  reflect  the 
much  wider  variability  of  the  helicopter  operating  envi- 
ronment (Ref.  18),  especially  with  regard  to  terrain, 
weather  conditions,  rate  of  descent  during  landing  ap- 
proach, and  the  more  severe  demands  upon  pilot  skill. 
Thus,  the  criteria  for  the  design  reserve  energy  descent 
velocities  at  ground  contact  for  Army  helicopters  are  as 
follows: 

1.  y/TS  X (design  limit  sinking  velocity)  = 
12.24  fps.  Under  this  severity  of  impact,  minor,  quickly 
repairable  or  replaceable  damage  to  the  landing  gear 
components  only  is  to  be  permitted.  No  damage  to  the 
airftiune  that  would  prevent  continued  safe  vehicle  op- 
eration is  permitted. 

2.  2.0  X (design  limit  sinking  velocity)  = 20  fps. 
Under  this  severity  of  impact,  major  landing  gear  dam- 
age is  permissible,  provided  that  complete  collapse  or 
sudden  catastrophic  failure  does  not  result  and  that 
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Fig.  4-25.  Considerations  Affecting  Conformability  of  landing  Gear  to  Terrain 
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only  minor,  field  repairable  damage  to  the  airframe  is 
likely  to  be  incurred. 

4-5.2.2  Reserve  Energy  Design 
Considerations 

As  stated  in  par.  4-5.2. 1 and  Ref.  19,  it  is  essentia! 
that  means  be  provided  in  helicopter  landing  gear  de- 
sign to  absorb  additional  impact  energy  while  limiting 
the  magnitude  of  the  loads  imposed  upon  the  vehicle. 
Characteristics  that  help  in  achieving  maximum  re- 
serve energy  capability  include  the  effective  dissipation 
of  the  initial  impact  energy  so  as  to  minimize  bounce 
\ and  the  severity  of  secondary  impact,  and  effective  load 
f compensation  for  “hydraulic  lock”  (Ref.  20)  of  air-oil 

I shock  struts  or  for  the  elastic  “spring"  effect  of  under- 

$ damped  landing  gear  designs.  A yielding  “structural 
jj  fuse”  (e.g.,  honeycomb-filled  cylinder  in  landing  gear 
[ system  with  yield  load  above  normal  landing  gear  limit 
load)  has  been  found  to  be  most  effective  in  limiting 
| vehicle  damage  for  the  unusually  high  descent  veloci- 

l ties  occasionally  encountered  in  service. 

As  an  important  side  benefit,  effective  energy  dissi- 
pation—-or  deadening — and  load-limiting  “structural 
f fuse”  have  been  found  by  computer  studies,  extreme 


drop  tests,  and  actual  service  experience  to  reduce  sub- 
stantially the  likelihood  of  blade-to-boom  interference 
(“boom-chops”)  during  the  landing  impact. 

Formerly  it  was  thought  that  reserve  energy  impact 
capability  was  dependent  largely  upon  reserve  strength 
(which  adds  cost  and  weight  penalties),  but  now  it  has 
been  proven  that  relatively  low  landing  load  factors  are 
acceptable,  and  even  desirable,  provided  adequate 
provision  is  made  in  the  landing  gear  design  for  energy 
dissipation  and  load  compensation.  This  is  true  particu- 
larly of  vehicles  that  are  to  be  operated  routinely  for 
pilot  training  or  in  the  battle  zone  environment.  As 
shown  in  Ref.  17,  little  or  no  weight  and/or  cost  pen- 
alty need  result  from  the  provision  of  relatively  severe 
reserve  energy  capability  in  a landing  gear  design,  pro- 
vided proper  optimization  of  the  desired  characteristics 
is  included  during  the  preliminary  design  stage  of  a 
vehicle.  For  example,  substantial  experience  now  is 
available  on  helicopters  with  landing  gears  having  re- 
serve energy  descent  velocity  capabilities  on  the  order 
of  15  fps,  even  though  the  design  limit  ground  load 
factor  was  on  the  order  of  2.0  to  2.5.  These  landing 
gears  also  are  among  the  lightest  in  the  industry,  ex- 
ploding the  myth  of  an  excessive  weight  penalty  for  an 
adequate  reserve  energy  capability. 
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While  structural  yielding  can  be  utilized  efficiently  in 
achieving  adequate  reserve  energy  capability  at  little  or 
no  overall  weight  penalty,  there  no  doubt  are  alterna- 
tive concepts  that  would  be  effective  for  achieving  the 
specified  objectives. 


4-S.2.3 


Other  Considerations 


Because  the  reserve  energy  descent  velocities  speci- 
fied inherently  take  into  account  abnormally  severe 
impact  conditions,  detail  consideration  of  such  addi- 
tional parameters  as  density  altitude,  gross  weight, 
wind  and  terrain,  etc.,  is  not  necessary.  The  basic  struc- 
tural design  gross  weight  should  be  used  for  prelimi- 
nary design  purposes,  along  with  only  the  most  proba- 
ble vehicle  attitudes  and  ground  frictional  con- 
siderations during  the  severe  impact.  It  also  should 
be  kept  in  mind  that  these  extreme  values  of  vertical 
velocity  at  ground  contact  are  generally  the  result  of  an 
excessive  descent  velocity  during  approach,  an  incom- 
pletedor  insufficient  flare  maneuver,  or  excessive  hover 
height  in  relation  to  available  rotor  energy  after  com- 
pletion of  the  landing  flare.  Loss  of  engine  power  near 
the  ground,  or  battle  damage,  also  occasionally  are 
contributing  factors.  Except  for  the  landing  from  a 
hover,  appreciable  forward  velocity  may  exist,  along 
with  some  drift  component.  Ref.  1 1 indicates  that  the 
forward  velocity  at  impact  generally  is  no  greater  than 
that  for  best  approach  speed-power-off,  i.e.,  best  glide 
angle.  Therefore,  for  design  purposes  the  reserve  en- 
ergy descent  velocity  shall  be  combined  with  a hori- 
zontal velocity  equal  to  120%  of  the  speed  for  mini- 
mum power  required.  This  combination  of  velocities 
should  be  considered  throughout  the  attitude  range 
from  15-deg  nose-down  to  the  maximum  nose-up  atti- 
tude attained  during  a maximum  horizontal  decelera- 
tion maneuver. 


rotor  kinetic  energy 
hovvt  power 


K _ rotor  kinetic  energy  (4_U) 

3 sink  rate  energy 


jor=-f  ,fwb 


where 

Ip  — polar  mass  moment  of  inertia 
of  rotor,  slug-ft* 

= rotor  speed  for  autorotation, 
rad/sec 

Slml„  — minimum  rotor  speed  at  which 
rotor  thrust  = helicopter 
weight,  rad/sec 

Hover  power  required  and  autorotational  sink  rates 
are  taken  from  performance  data  normally  available  for 
the  particular  helicopter  configuration  being  consid- 
ered. The  value  Kx  may  be  interpreted  physically  as  a 
comparative  “stand-off  time”,  while  value  K2  may  be 
interpreted  physically  as  a comparative  capability  of 
arresting  the  sink  rate.  The  effects  of  relative  landing 
gear  impact  capability  and  of  relative  vehicle  kinetic 
energy  due  to  forward  speed,  as  well  as  of  relative 
control  power,  also  must  be  taken  into  consideration 
along  with  the  autorotational  constants  noted 
Ref.  21  uses  the  results  of  three  height-velocity  flight 
test  programs  to  formulate  a semi-empirical  procedure 
for  showing  the  effects  of  density  altitude  and  helicop- 
ter gross  weight  on  the  shape  of  the  height-velocity 
(H-V)  diagram  for  autorotational  landings. 


4-5.3  CRASH  LOADS 


■I 


4-5,2.4  Autorotational  Capability  Indices 
(Landings) 


At  least  two  or  more  autorotational  indices  have 
been  found  useful  in  judging  the  comparative  capability 
of  helicopters  to  make  successful  autorotational  land- 
ings (Ref.  11).  In  general,  these  methods  are  used  to 
determine  an  “autorotation  constant”  K , which  is  a 
ratio  of  the  useful  rotor  kinetic  energy  KE either  to  the 
power  required  to  hover  or  to  the  autorotational  sink 
rate  energy  (or  power)  as  in  the  following  equations: 


The  helicopter  shall  be  designed  for  protection  of 
the  occupants  during  a crash.  In  the  paragraphs  that 
follow,  the  application  of  crashworthy  structural  de- 
sign features  for  maximum  protection  of  occupants  is 
discussed.  Included  is  a discussion  of  the  aircraft  crash 
environment,  fuselage  structural  design  considerations, 
and  controlled  deformation  of  structure  (primary,  sec- 
ondary, and  crew  seats).  Retention  of  equipment  such 
as  transmissions,  rotor  masts,  seats,  and  occupants  in 
the  cabin  and  cockpit  regions  is  discussed.  The  reten- 
tion of  other  equipment  and  stores  as  applicable  to 
occupant  protection  from  “missiles”  within  the  decele- 
rating fuselage  also  is  discussed. 
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4-5.3.1 


Crash  Envln  . .at 


The  crash  environments  of  aircraft  range  from  the 
insignificant  hard  landing  to  the  nonsurvivable  landing. 
When  an  aircraft  crashes,  motion  continues  until  the 
kinetic  energy  has  been  attenuated,  primarily  through 
the  application  of  force  through  distance.  The  decelera- 
tive  force  is  a function  of  the  kinetic  energy  of  the 
aircraft  and  the  distance  through  which  it  moves  dur- 
ing deceleration. 

In  the  crash  of  an  aircraft  with  a purely  vertical 
velocity  component,  this  movement  is  permitted  by 
deformation  of  both  the  terrain  upon  which  the  aircraft 
crashes  and  of  the  structure  of  the  aircraft.  If  the  air- 
craft crashes  on  soft  soil,  considerable  soil  deformation 
will  occur  and  the  decelerate  load  will  be  less  because 
of  the  distance  traveled  against  the  force  compacting  or 
moving  the  soil,  and  against  the  crushing  strength  of 
the  fUselage.  If  the  aircraft  crashes  on  a rigid  surface 
such  as  concrete,  the  deformation  distance  essentially 
will  be  supplied  entirely  by  the  crushing  fuselage,  re- 
sulting in  a higher  load  factor. 

If  the  aircraft  crashes  with  a high  longitudinal  com- 
ponent of  velocity,  the  longitudinal  decelerate  load- 
ing can  be  a function  of  many  things.  These  include 
friction,  plowing  and  gouging  of  earth,  aircraft  lon- 
gitudinal crush  strength  (in  the  case  of  barrier  impact), 
or  local  crush  strength  of  the  fuselage  impacting  local 
barriers  such  as  trees,  posts,  and  rocks. 

Combinations  involving  longitudinal,  vertical,  and 
lateral  components  of  velocity  include  longitudinal, 
vertical,  and  lateral  decelerate  loads.  Relatively  high 
vertical  decelerate  loads  also  can  be  applied  through 
the  process  of  rapidly  changing  the  direction  of  the 
longitudinal  velocity  component  of  the  aircraft  struc- 
ture, as  when  an  aircraft  with  high  longitudinal  velocity 
impacts  a relatively  rigid  surface  at  even  a very  slight 
angle.  Consequently,  consideration  must  be  given  to 
the  existence  of  high  vertical  decelerate  loads  in  acci- 
dents consisting  of  primarily  longitudinal  impact 
velocity  components,  as  well  as  in  accidents  having 
high  vertical  velocity  components. 

The  crash  environment  for  helicopters  provides  a 
high  potential  for  rollover  because  of  the  vertical  loca- 
tion of  the  CG  and  because  of  the  turning  rotor.  Rotor 
strikes  on  trees  or  other  obstacles  tend  to  flip  the  air- 
craft on  its  side.  Because  more  than  half  of  the  signifi- 
cant survivable  accidents  of  rotary-wing  aircraft  now 
involve  tollover,  lateral  retention  and  strength  and  ceil- 
ing support  strength  in  the  occupied  regions  are  of 
extreme  significance. 

Another  environmental  hazard  can  be  created  by  the 
main  rotor  of  the  helicopter.  When  the  aircraft  crashes, 
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the  rotor  blades  deflect  downward  which  can  have  seri- 
ous consequences,  in  addition  to  striking  the  ground 
and  rolling  the  aircraft.  For  example,  the  torsional  and 
bending  load  transmitted  to  the  rotor  mast  and  trans- 
mission upon  contact  of  the  blade(s)  with  the  ground 
tends  to  tear  the  transmission  free  and  displace  it  into 
the  occupied  sections  of  the  aircraft.  In  addition,  verti- 
cal deflection  of  a rotor  at  impact  may  permit  the 
blades  to  pass  through  parts  of  the  fuselage,  creating  an 
intrusion  hazard  for  the  occupants  in  those  regions. 

During  a typical  crash  the  aircraft  structure  progres- 
sively collapses  at  its  crush  strength.  The  total  deforma- 
tion distance  of  the  structure  is  a function  of  the  kinetic 
energy  of  the  aircraft  and  the  structural  depth  and 
strength.  The  decelerative  loads  transmitted  to  the  oc- 
cupied sections  of  the  aircraft  thus  are  reduced  from 
those  experienced  by  the  contact  point  of  the  aircraft. 
Additional  deformation  distance  reduces  the  loads  ex- 
perienced by  the  occupants  and  occupied  portions  of 
the  aircraft. 

Survivable  accidents  (defined  by  evaluation  of  pres- 
ent-day aircraft  structure  and  existing  accident  rec- 
ords) are  explained  in  Ref.  1 1 . Deceleration- versus- 
time  pulses  and,  thus,  the  defined  impact  velocity 
changes  representative  of  the  95th  percentile  survivable 
crash  environments,  haye  been  determined  for  the  vari- 
ous directions  and  are  presented  in  Table  4-3.  Ter- 
minology is  defined  in  Fig.  4-26.  Helicopters  should  be 
designed  to  protect  all  occupants  in  crashes  having 
these  characteristics.  However,  the  peak  g levels  listed 
are  a result  of  the  structural  strength  of  existing  aircraft 
and  are  not  necessarily  desirable  design  levels.  Heli- 
copters shall  be  designed  to  protect  the  occupants  in 
crashes  which  produce  the  design  velocity  changes 
listed.  Because  of  variations  in  the  impacted  surface, 
aircraft  orientation , and  effect  upon  mission  perform- 
ance, environmental  conditions  have  been  reduced  to 
design  criteria  for  various  critical  portions  of  the  air- 
craft. These  criteria  are  presented  in  the  discussion  that 
follows. 

4-S.3.2  Structural  Design 

The  aircraft,  once  involved  in  a crash,  is  expendable, 
and  preference  is  given  to  occupant  protection.  There- 
fore, the  helicopter  should  be  designed  to  provide  the 
maximum  degree  of  protection  possible  to  the  occu- 
pants. The  structure  surrounding  occupied  areas  shall 
be  the  strongest  in  the  aircraft  and  shall  remain  rea- 
sonably intact.  If  the  protective  shell  collapses  around 
the  occupants  during  a crash,  then  efforts  to  improve 
their  chances  for  survival  by  improvement  of  occupant 
restraint  systems  or  by  reduction  of  post -crash  hazards 
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are  Tutile.  The  structure  shall  be  designed  to  crush  and 
deform  in  a controlled,  predictable  manner  so  that 
form  and  decelerations  imposed  upon  occupants  are 
minimized  while  still  maintaining  the  protective  shell. 
This  means  that  analysis  for  crashworthiness  must  con- 
sider the  large  deflections  of  structural  members  and 
joints,  with  loading  in  the  plastic  strain  range. 

Airframe  structure  shoufc)  be  designed  first  for  nor- 
mal flight  loads,  landing  loads,  and  ground  handling 
lends;  but  the  requirements  of  crashworthiness  should 
be  kept  in  mind.  A dynamic  analysis  should  be  made 
to  determine  impact  forces  and  accelerations,  particu- 
larly those  deederative  forces  transmitted  to  the  struc- 
ture that  supports  personnel  seats.  This  analysis  is 
necessary  to  determine  the  degree  of  structural 
deformation  required  to  permit  personnel  survival  and 
to  determine  methods  to  prevent  complete  failure  of 
that  structure  that  surrounds  personnel.  In  order  to 
permit  plastic  deformation  of  the  structure,  the  use  of 
a safety  factor  of  1 .0  with  a margin  of  safety  of  0.0  based 


upon  yield  strength  is  desirable  for  the  crash  load  con- 
dition (Ref.  1 1).  In  areas  where  gross  structural  defor- 
mations are  anticipated,  joints  should  be  designed  and 
analyzed  to  reduce  the  p robability  of  failure  under  large 
angular  deflections  and  linear  displacements  and  to 
provide  maximum  capability  for  energy  absorption. 

Crushed  structure  that  remains  intact  and  in  place 
can  help  to  shield  remaining  structures  and  personnel 
from  damage  in  subsequent  impacts.  During  a crash, 
loads  are  rapidly  increasing,  not  instantaneous.  In  most 
cases,  a minimum  of  10  msec  is  required  for  loads  to 
reach  maximum  values.  Under  such  conditions,  inertial 
effects  may  be  of  importance  although  strain  rate  ef- 
fects in  materials  probably  are  insignificant.  Material 
ductility  is  required  to  insure  that  crushing,  twisting, 
and  buckling  of  the  structural  shell  can  occur  without 
rupture. 

The  structure  that  contacts  the  impact  surface  first 
is  usually  the  first  to  deform.  The  localized  deformation 
continues  either  until  the  kinetic  energy  of  the  aircraft 


TABLE  4-3 

SUMMARY  OF  DESIGN  FOR  HELICOPTERS 


■ ■ ■ - 

IMPACT  DIRECTION 

VELOCITY 

CHANGE, 

fps 

i'EAK 

ACCEL, 

g 

AVERAGE 

ACCEL, 

g 

PULSE 

DURATION 

J . sec 

LONGITUDINAL  (COCKPIT) 

50 

30 

15 

0.104 

LONGITUDINAL  (PASSEN- 
GER COMPARTMENT) 

50 

24 

12 

0.130 

VERTICAL 

42 

48 

24 

0.054 

LATERAL 

25 

16 

8 

0.097 

--•'i 
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it  absorbed  or  untl’  the  localized  deformation  capabil- 
ity it  exhausted.  Additional  structure  then  can  be  in- 
volved in  the  deformation.  For  example,  a circular- 
ahaped  fuselage,  when  loaded  radially,  deforms  in  a 
manner  that  produces  a continually  increasing  contact 
surface.  This  characteristic  can  be  used  easily  to  pro- 
vide desirable  force  versus  deformation  and  occupant 
protective  shell  strength  in  an  aircraft  fuselage. 

Occupant  survival  considerations  include: 

!.  Increasing  the  energy -absorption  capacity  of 
the  structure  surrounding  the  occupiable  areas.  Ener- 
gy-absorbing capability  of  the  structure  beneath  the 
floor  is  extremely  important  because  helicopter  crashes 
typically  involve  a relatively  high  vertical  deceleration 
component. 

2.  Designing  the  structure  that  makes  initial  con- 
tact with  the  ground  so  as  to  minimize  gouging  and 
scooping  of  soil,  hence  reducing  the  deceleration  and 
reducing  the  longitudinal  forces 

3.  Designing  for  safe  breakaway  of  components 
such  as  the  tail  rotor  boom  and  external  stores  during 
a crash  to  effect  a reduction  in  the  mass  of  the  aircraft, 
hence  reducing  the  strength  required  in  the  c<  ckpit  and 
cabin  structure  for  energy  absorption 

4.  Reinforcement  of  cockpit  and  cabin  structure  to 
permit  withstanding  of  crash  forces  without  significant 
reduction  in  occupiable  volume 

3.  Designing  tiedowns  of  equipment  located  in  oc- 
cupied areas  for  retention  during  a crash. 

4-5.3.2.1  Lateral  Impact 

The  helicopter  shall  be  designed  to  withstand  lateral 
imrwct  on  a rigid  surface  (such  as  concrete)  with 
velocity  changes  of  30  fps  without  serious  injury  to  the 
occupants.  The  helicopter  must  provide  the  required 
degree  of  protection  for  lateral  crashes  in  which  the 
fuselage  is  rotated  ± 20  deg  about  its  roll  axis  and 
± 20  deg  about  its  yaw  axis. 

A-5.3.2.2  Vertical  Impact 

The  helicopter  shall  be  designed  to  withstand  verti- 
cal crashes  onto  a rigid  surface  with  impact  velocity 
changes  of  42  fps  without  serious  injury  to  the  occu- 
pants. The  helicopter  shall  be  designed  to  provide  the 
required  degree  of  protection  for  vertical  crashes  in 
which  the  fuselage  is  rotated  ± 15  deg  about  its  pitch 
axis  and  ± 30  deg  about  its  roll  axis. 

The  design  shall  include  provisions  for  reducing  the 
decelerative  loads  imposed  upon  occupants.  A recom- 
mended provision  is  energy-absorbing  passenger  and 
crew  seats  that  protect  occupants  in  crashes  at  energy 


levels  that  are  survivable  from  the  standpoint  of  general 
cockpit  and  cabin  collapse. 

The  threat  of  general  cockpit  and  cabin  collapse  un- 
der vertical  impact  may  be  reduced  by: 

1.  Transfer  of  mass  from  the  top  of  the  fuselage  to 
the  cockpit  and/or  cabin  floor 

2.  Localized  strengthening  at  locations  of  large 
concentrations  of  mass  attached  to  upper  structure 

3.  Design  of  subfloor,  sidewall,  cockpit,  and  cabin 
structure  that  increases  elastic  energy  absorption  or 
provides  for  plastic  energy  absorption  at  loads  less  than 
the  general  collapse  load  to  maintain  primary  cabin 
integrity 

4.  Use  of  energy-absorbing  landing  gear  to  reduce 
the  severity  of  cockpit  and  cabin  decelerations  for  mi- 
nor impacts. 

4-5. 3.2.3  Longitudinal  Impact 

The  helicopter  shall  be  designed  to  withstand  a lon- 
gitudinal impact  into  a rigid  wall  or  barrier  with  an 
impact  velocity  change  of  20  fps  without  serious  injury 
to  the  occupants,  including  crew  members. 

The  helicopter  also  shall  be  designed  to  withstand 
longitudinal  crashes  onto  terrain  surfaces  with  30  fps 
velocity  changes  without  serious  injury  to  the  occu- 
pants. The  underbelly  of  the  aircraft  shall  be  designed 
to  minimize  gouging  and  plowing  of  soil  to  minimize 
the  decelerative  loading  and  limit  it  to  the  design  val- 
ues. In  order  to  accomplish  this,  a ductile  material 
having  an  elongation  of  at  least  10%  should  be  used. 
In  addition,  it  is  recommended  that  belly  skins  on  air- 
craft weighing  up  to  3000  lb  should  be  capable  of  sus- 
taining running  loads  of  1500  lb/in.;  over  3000  lb  but 
under  6000  lb,  2400  lb/in.;  and  over  6000  lb,  3000 
lb/in.  over  at  least  the  forward  20%  of  the  basic  fuse- 
lage length. 

4-5. 3.2.4  Combined  Vertical  and  Forward 

Resultant  Velocity 

The  helicopter  shall  be  designed  to  withstand 
crashes  with  a resultant  impact  velocity  change  of  50 
fps  without  serious  injury  to  occupants.  The  sink 
velocity  component  applied  simultaneously  with  the 
longitudinal  velocity  component  shall  not  exceed  42 
fps. 

4-5. 3.2.5  Rollover 

The  helicopter  shall  be  capable  of  acting  sod- 
type  terrain  at  a 5 -deg  impact  angle  up  u a horizontal 
velocity  of  100  fps  without  overturning.  In  addition, 
with  the  helicopter  inverted  or  on  its  side,  the  structure 
shall  be  able  to  withstand  the  loads  resulting  from  the 
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basic  structural  design  gross  weight  and  the  following 
load  factors: 

1.  4.0  perpendicular  to  a waterline 

2.  4.0  parallel  to  a waterline 

3.  2.0  laterally. 

4-5. 3.2.6  Landing  Gear 

The  landing  gear  shall  be  capable  of  totally  decele- 
rating a fully  loaded  helicopter  (basic  structural  design 
gross  weight)  from  an  impact  velocity  of  20  fps  with 
only  minor  airframe  damage  and  without  transmitting 
excessive  forces  to  the  fuselage  or  to  the  occupants  (par. 
4-5.2. 1).  The  gear  shall  not  penetrate  into  the  occupied 
section  of  the  helicopter. 

4-5.3.2.7  Overhead  Masses 

Massive  components  located  overhead,  such  as  the 
transmission  and  rotor  mast  and  other  items  that  might 
cause  injury  to  personnel,  shall  be  designed  to  with- 
stand the  following  separately  applied  loads:  lateral,  ± 
18  g;  longitudinal,  ± 20  g;  and  vertical,  + 20  g and 
- 10  g.  For  simultaneously  applied  loads,  each  of  the 
cited  loads  shall  be  applied  in  turn  at  its  maximum 
value  while  the  remaining  two  are  reduced  to  one-half 
of  thetr  maximum  values. 

4-5.3.3  Seat  and  Restraint  System  Design 

To  perform  their  intended  retention  functions,  the 
seat,  attachments,  and  supporting  structure  shall  pos- 
sess sufficient  strength  to  reduce  the  occupant  velocity 
to  zero  relative  to  the  helicopter  structure  to  which  the 
seat  is  attached.  In  addition,  both  the  restraint  system 
and  the  seat  shall  possess  physical  characteristics  that 
tend  to  reduce  rather  than  to  amplify  the  decelerative 
load  transmitted  to  the  occupant  from  the  helicopter 
structure.  Because  the  harness  and  the  seat  provide  the 
interface  between  the  occupant  and  the  helicopter  and 
will  be  in  contact  with  the  occupant  for  long  periods  of 
time,  comfort  must  not  be  reduced  significantly  fc  ef- 
forts to  increase  crashworthiness.  Crew  seats  shai  te 
designed  in  accordance  with  Mil. -5-58095. 

During  a potentially  survivable  crash,  the  load  that 
the  supporting  structure  must  carry  can  be  reduced 
through  deformation  cf  the  seat  structure,  by  load- 
limiting  devices,  or  through  a combination  of  both.  The 
objective  of  intentionally  load-limiting  seat  systems  is 
to  use  the  space  between  the  seat  and  the  floor  for 
relative  displacement  of  the  seat  and  occupant  with 
respect  to  the  airframe,  thus  decreasing  the  load  trans- 
mitted to  the  occupant.  The  intent  is  to  maintain  tolera- 
ble loads  upon  the  occupant  throughout  the  crash 
pulse.  Factors  that  affect  the  final  design  of  a seat  and 
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restraint  system  include  human  tolerance  limits,  the 
design  input  pulse,  the  occupant  weight,  the  weight  of 
the  seat,  the  cushion,  and  the  restraint  system. 

Additional  factors  that  affect  the  design  of  load- 
limiting  seats  include  the  weight  of  the  movable  part  of 
the  seat  and  the  available  stroke  distance.  Ihe  occupant 
weights  to  be  considered  in  design  of  crew  seats  range 
from  21 1 to  146  lb,  representing  the  95th  to  5th  percen- 
tile Army  aviator,  respectively.  Crew  seat  strength 
shall  be  based  on  the  73th  percentile  soldier  at  a weight 
of  235  lb;  however,  design  of  the  energy-absorbing  sys- 
tem must  include  consideration  for  the  full  range  of 
occupant  weights.  Dynamic  analyses  of  the  cushion, 
occupant,  seat,  and  restraint  system  must  be  accom- 
plished to  establish  an  optimum  load-limiting  system 
within  the  available  stroke  length.  Stroke  length  should 
be  maximized  to  achieve  the  maximum  protection  for 
the  occupant. 

The  seats  shall  be  capable  of  maintaining  their  struc- 
tural integrity  and  attachment  to  the  airframe  during 
floor  angular  and  linear  deflections  resulting  from  a 
crash.  Attachments,  therefore,  shall  be  capable  of  un- 
dergoing angular  and  linear  displacements  while  main- 
taining design  shear,  tensile,  and  compressive  loading 
requirements.  Floor  attachment  joints  shall  be  capable 
of  allowing  a universal  ± 10  deg  angular  rotation  with- 
out failure.  Attachments  of  seat  members  to  seat  sup- 
port structures  shall  be  capable  of  permitting  the  linear 
misalignment  of  the  floor  attachment  points  without 
imposing  excessive  loads  on  seat  members. 

The  load-carrying  capacity  of  components  that  are 
deformed  beyond  their  elastic  limit  shall  be  considered 
in  determining  the  ultimate  strength  of  the  seat.  The 
use  of  ductile  materials  is  desirable.  Materials  having 
an  elongation  of  10%  or  greater  are  recommended  for 
use  on  all  critical  structural  members  on  seat  and  re- 
straint systems. 

Detailed  information  and  requirements  on  seat  and 
restraint  system  design  may  be  found  in  Ref.  1 1 and 
MIL-S-58095. 


4- 5.3.4  Other  Equipment  end  Stores 

All  equipment  and  stores  that  are  carried  openly  in 
the  crew  or  troop/passenger  compartments  and  are  of 
sufficient  or  critical  size,  mass  and  location  to  consti- 
tute a hazard  to  personnel  when  tom  free  in  a crash 
shall  be  provided  with  restraint  devices  and/or  be  an- 
chored securely  to  structure  capable  of  restraining  the 
equipment  in  a survivable  crash.  Minimum  design  load 
factois  fc  such  items  shall  be  in  accordance  with  par. 
4-S.3.2.7. 
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It  is  • relatively  simple  task  to  restrain  small  items 
of  ancillary  equipment  to  withstand  the  specified  static 
loads  without  significant  weight  penalties.  For  larger 
items,  however,  weight  penalties  might  be  incurred.  In 
addition,  and  perhaps  more  important,  the  available 
supporting  structure  may  not  be  capable  of  withstand- 
ing the  loads  anticipated.  For  this  reason  the  use  of  load 
limiters  for  heavier  equipment  or  stores  may  be  an 
option  to  the  static  strength  requirements.  If  load  limit- 
ers are  employed,  they  shall  conform  to  the  seat  reten- 
tion principles  described  in  Ref.  11.  Also,  if  the  strok- 
ing of  such  load  limiters  allows  the  equipment  or  stores 
to  enter  the  occupant  strike  envelope,  the  equipment 
shall  be  padded  in  accordance  with  Ref.  11. 


4-6  TAXI  AND  GROUND-HANDLING 
LOADING  CONDITIONS 

Taxiing  and  ground-crew  handling  can  impose  criti- 
cal loads  on  the  helicopter  basic  structure,  landing  gear, 
and  ground-handling  equipment.  This  paragraph  pre- 
sents the  taxiing  and  ground-handling  criteria  that 
shall  be  considered  during  the  preliminary  design  of 
certain  portions  of  the  helicopter,  based  on  MIL-S- 
8698  and  MIL-A-8862. 

Load  factors  and  weights  that  are  consistent  with 
realistic  operating  conditions  shall  be  used.  Thus,  it 
may  be  necessary  to  go  beyond  the  minimum  arbitrary 
load  factors  specified  in  MIL-S-8698. 

4-6.1  GROUND  MANEUVERING 

Ground  maneuvering  conditions  may  occur  while 
the  helicopter  is  at  its  maximum  weight;  therefore, 
loads  shall  be  computed  using  the  maximum  alternate 
design  gross  weight.  Ground  maneuvering  loads  are 
caused  by  various  b.aking  conditions,  by  turning  or 
pivoting,  and  by  operation  over  uneven  surfaces.  While 
calculating  the  critical  loadings,  it  should  be  kept  in 
mind  that  the  purpose  is  to  determine  whether  the 
maximum  load  in  a local  portion  of  the  structure  is 
more  severe  or  more  critical  in  magnitude  and/or  di- 
rection than  that  which  results  from  normal  landing 
conditions. 

4-6.1. 1 Braking  Conditions 

Only  three-wheel  landing  gear  configurations,  cither 
nose  wheel  or  tail  wheel,  are  considered  in  the  para- 
graphs that  follow.  For  quadricycle  gear  configura- 
tions, criteria  comparable  to  those  given  shall  be  appli- 
cable. 


4-6. 1.1. 1 Two-point  Braked  Roll 

For  either  a nose-wheel  or  a tail-wheel  configuration, 
the  requirements  of  MIL-A-8862  shall  apply  for  the 
two-point  braked  roll  except  that  the  vertical  load  fac- 
tor at  the  CG  shall  be  1.2  for  all  gross  weights.  This 
loading  condition  is  shown  in  Fig.  4-27. 

4-6. 1.1.2  Three-point  Braked  Roll 

The  requirements  of  MIL-A-8862  shall  apply  to  the 
three-point  braked  roil  of  helicopters  with  nose  wheel 
landing  gear,  except  that  the  vertical  load  factor  at  the 
CG  shall  be  1.2  for  all  gross  weights.  This  loading 
condition  is  shown  in  Fig.  4-28. 

4-6. 1.1. 3 Unsymmetrical  Braking 

For  nose-wheel  helicopters,  the  unsymmetrical  brak- 
ing requirements  of  MIL-A-8862  shall  apply. 

4-6. 1.1.4  Reverse  Braking 

For  both  nose-wheel  and  tail-wheel  helicopters,  the 
reverse  braking  requirements  of  MIL-A-8862  shall  ap- 
ply. 

4-6. 1.1. 5 Wheel,  Brakes,  and  Tire  Heating 
In  the  selection  of  wheels,  brakes,  and  tires,  the  re- 
quirements of  MIL-W-501 3,  MIL-T-5041,  and  MIL-B- 
8384  are  applicable.  The  heat  generated  during  braking 
shall  not  result  in  stresses  that  will  cause  explosion  or 
failure  of  these  components  during  and  subsequent  to 
prolonged  and  repeated  brake  application. 

4-6. 1.2  Turning 

The  turning  requirements  of  MIL-A-8862  shall  ap- 
ply to  both  nose-wheel  and  tail-wheel  helicopters.  The 
following  formulas  based  upon  loads  and  dimensions  as 
defined  by  Fig.  4-29,  may  be  used  to  determine  the 
loads.  For  the  gear  on  the  outside  of  the  turn 


~ , Wb  We  ,, 

Fy*r 05  * +n*r  >,b 

(4-12) 

FsMl  = n'F''Ml  ’,b 

(4-13) 

p _ ,h 

Fva~  d ,lb 

(4-14) 

FsA=nsFyA  ,1b 

(4-15) 

In  Eqs.  4-12  through  4-15  the  value  of  the  lateral  load 
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factor  »,  sfei//  be  the  overturning  value,  a,  = 
0.5bt/(de),  although  ft,  need  not  be  greater  than  0.3. 
For  the  gear  on  the  inside  of  the  tum 


Wb  We 

Fyu  “0.5— • -ft,—  .lb  (4*16) 
Mi  at 

i 

i 

} 

F^rn^M2  *,b  <4-i7> 


For  auxiliary  gear,  the  values  of  Ftp.  4*12  through 
4-15  shall  be  used. 

4*6.1. 3 Hunting 

The  pivoting  requirements  of  MIL-A-8862  shall  ap- 
ply to  both  nose-wheel  and  tail-wheel  helicopters. 

4*6. 1.4  Taxiing 

The  taxiing  requirements  of  MIL-A-8862  shall  ap- 
ply to  both  nose-wheel  and  tail-wheel  helicopters. 


In  Eqs.  4-16  and  4-17  the  value  of  the  lateral  load  factor 
ft,  shall  be  the  value  giving  maximum  vertical  and  side 
load  on  the  wheel  on  the  inside  of  the  tum,  ft,  = 
0.25 bt/(de),  although  n,  need  not  be  greater  than  0.3. 


4-6. 1.5  Special  TaH-gaar  Conditions 

The  special  tail  gear  conditions  of  MIL-A-8862  shall 
apply  to  tail-gear  helicopters.  These  special  conditions 
include  a tail-gear  obstruction  condition. 


nxW  = FX  =0-8Fz 

nzW  =FZ  =12W 


Fig.  4-27.  Braked  Roll,  Two-point 


nxW  = FX  = 0.8  Fz 
c Fxh  nzW/2 

rzNOSE  = ~T  * ~T~ 

Fig,  4-28.  Braked  Roll,  Three-point 
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4-6*2  JACKING  AND  MOORING  CONDITIONS 

* 

At  apart  of  the  preliminary  design  of  the  helicopter, 
the  load  investigations  should  include  loading  due  to 
jacking  and  mooring.  This  paragraph  presents  the  cri- 
teria for  these  conditions  and  a discussion  of  applica- 
tions. 

4-&2.1  Jacking  Loads 

For  maintenance  such  as  repairing  or  changing  land- 
ing gear  components  and  for  weighing  and  balancing 
the  helicopter,  jack  points  are  provided.  The  jack-point 
fittings  and  their  backup  structure  must  be  analyzed  for 
the  forces  imposed.  Jacking  loads  for  helicopters  shall 
be  in  accordance  with  MIL-A-8862  except  that  the 
maximum  alternate  design  gross  weight  shall  apply. 
Jacking  conditions  generally  do  not  present  overall 
structural  design  problems  but  may  produce  loads  that 
are  critical  locally. 


WHEaS  ON 
OUTSIDE 
OF  TURN 


44.2.2  Mooring  Loads 

With  the  helicopter  secured  in  the  static  attitude  and 
with  rotor  blades  secured  and  control  surfaces  locked, 
a 70-kt  wind  shall  be  imposed  from  any  horizontal 
direction.  Under  those  conditions  a helicopter  of  con- 
ventional configuration  generally  will  not  develop 
loads  that  exceed  the  friction  resistance  of  the  landing 
gear,  even  with  the  helicopter  in  ait  empty  weight  con- 
figuration. 

Eq.  4-18  is  used  to  compute  the  horizontal  wind  load 

F. 

F^Cd{~t)a 1 >lb  (448) 


where 

A = presented  area,  ft2 
CD  = drag  coefficient,  dimensionless 
V = wind  speed,  fps 

With  the  addition  of  wings  to  the  helicopter  configu- 
ration, a significant  lift  force  may  be  developed.  The 
mooring  system  must  react  the  resultant  of  the  lift  and 
drag  (wind)  loads.  The  wing  lift  L would  be 
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(4-19) 
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F*.  4-29.  Taming 


where 

CL  = lift  coefficient,  dimensionless 
S = wing  area  (planform),  ft2 
The  lift  coefficient  CL  in  this  case  is  based  upon  the 
angle  of  attack  that  the  wing  presents  in  the  static 
attitude. 


4-6.3  TOWING  AND  TRANSPORT  LOADS 

This  paragraph  considers  the  loads  developed  during 
towing  and  transport.  While  towing  is  traditional  and 
requires  no  amplification,  transport  does.  Transport 
refers  to  delivery  by  land  vehicle,  by  airplane,  or  by 
helicopter  (including  sling  carriage). 

4-6.3.1  Towing  Loads 

The  towing  icquirements  of  MIL-A-8862  shall  ap- 
ply to  all  helicopters,  except  that  the  applicable  weight 
shall  be  the  maximum  alternate  design  gross  weight. 
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4-6. 3. 2 Transport  loads 

For  purposes  of  design  for  transport,  a limit  load 
factor  of  2.67  is  considered  appropriate  for  application 
to  the  CO  within  a 30-deg  vertical  cone  at  the  hoisting 
(sling)  attachment  or  on  the  support  points  as  mounted 
in  truck,  train,  or  aircraft.  Gross  weights  must  be  ap- 
propriate to  the  loading  condition;  for  the  sling  condi- 
tion, full  internal  fuel  shall  be  included,  while  for  vehi- 
cle transit,  neither  fuel  nor  payload  need  be  included. 
For  truck,  train,  and  aircraft  delivery,  the  helicopter 
sometimes  is  disassembled,  supported  in  cradles,  and 
boxed.  Transportability  considerations  are  discussed  in 
par.  13-3. 

4-7  MISCELLANEOUS  LOADING 
CONDITIONS 

4-7.1  ROTOR  ACCELERATION 

Rotor  acceleration  is  the  result  of  an  unbalance  of 
torque  acting  upon  the  drive  system. 

The  case  considered  herein  will  be  limited  to  acceler- 
ation from  ground  idle  to  normal  operating  rotor  speed. 
During  rapid  accelerations,  the  rotor  and  drive  systems 
can  be  subjected  to  high  transient  torque  loads  that  can 
overstress  the  system  momentarily.  TTie  primary  con- 
siderations are  initial  rotor  speed,  response  of  the  en- 
gine to  pilot  command,  and  inertia  of  the  rotor/drive 
system.  In  most  applications,  integrated  engine  control 
systems  or  automatic  engine  start  equipment  are  incor- 
porated to  assist  the  pilot  in  avoiding  an  overtorque 
condition  during  startup  and  normal  missions. 

Generally,  the  most  critical  conditions  will  occur 
when  maximum  engine  power  is  applied  to  the  system 
at  low  rotor  speed,  causing  high  peak  torques  in  the 
mast  and  transmission  and  high  inplane  bending  mo- 
ments on  the  rotor  blades. 

The  peak  loads  developed  during  a maximum  power 
acceleration  are  functions  of  the  particular  engine  and 
rotor/drive  system.  The  load*  acting  upon  a rotor  with 
articulated  blades  are  not  necessarily  distributed 
equal!  v to  each  of  the  rotor  blades.  However,  the  loads 
upon  a rotor  that  does  not  incorporate  drag  hinges  are 
distributed  equally.  The  distribution  of  loads  upon  ar- 
ticulated and  rigid  rotors  is  considered  in  par.  4-7. 1.3. 

The  factor  influencing  peak  engine  torque  devel- 
oped in  a maximum  acceleration  are: 

1.  Rotor  speed  at  ground  idle 

2.  Engine  acceleration  time 

3.  Total  rotor/drive  system  inertia 

4.  Ambient  temperature. 
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Figs.  4-30(A)  and  (B)  show  the  relationship  of  horse- 
power and  torque,  respectively,  to  rotor  speed  /or  a 
typical  frce-turbine  engine.  Line  G-A-F  in  both  figures 
depicts  a typical  rapid  acceleration  from  ground  idle  to 
flight  idle.  The  engine  will  accelerate  from  Point  G to 
Point  A (gas  generator  topping)  with  little  rotor  speed 
change.  As  rotor  speed  increases  (Point  A to  Point  F), 
the  engine  maintains  topping  conditions  until  the  gov- 
erned rotor  speed  is  reached.  In  the  governed  range,  the 
engine  governor  schedules  power,  through  fuel  flow,  to 
match  engine  conditions  to  flight  idle  power  required. 

From  Fig.  4-30  the  effect  on  the  baseline  accelera- 
tion case  (Line  G-A)  of  the  principal  system  and  envir- 
onmental factors  can  be  shown  as  follows,  using  the 
relationship  between  inertia  /,  torque  Q,  and  angular 
acceleration  A tf/Ar 

1.  Rotor  speed  at  ground  idle.  Ground  idle  speed 
at  a lower  power  is  shown  by  Point  LG.  A rapid  accel- 
eration from  this  condition  is  shown  by  Line  LG-B, 
which  is  parallel  to  the  base  Line  G-A  but  intercepts 
the  topping  torque  line  at  a higher  peak  value. 

2.  Engine  acceleration  time.  The  engine  (gas  gen- 
erator) accelerates  to  peak  torque  along  Line  G-A  with 
little  rotor  speed  change.  If  the  engine  were  to  be  ac- 
celerated more  rapidly  (Line  G-C),  less  rotor  speed' 
change  would  occur  and  peak  torque  would  be  higher, 
if  the  engine  were  to  be  accelerated  more  slowly  (Line 
G-D),  the  peak  torque  during  the  engine  acceleration 
time  would  be  lower. 

3.  Total  rotor/drive  system  inertia.  An  increase  in 
inertia  would  lower  the  rotor  speed  change  and  in- 
crease the  peak  torque  (Line  G-C),  while  a decrease  in 
inertia  would  decrease  peak  torque  (Line  G-D). 

4.  Ambient  temperature.  A decrease  in  ambient 
temperature  normally  will  increase  the  rotor  speed  at 
ground  idle,  increase  the  engine  acceleration  rate,  and 
increase  the  maximum  torque  available. 

The  procedure  for  estimating  the  loading  condition 
resulting  from  acceleration  of  the  rotor  system  involves 
the  determination  of  ground  idle  speed,  peak  engine 
torque,  and  rotor  blade  loads. 

47.1.1  Determination  of  Ground  Idle  Rotor 
Speed 

17, e ground  idle  speed  is  determined  by  equating 
engine  power  available  to  the  aerodynamic  rotor  load- 
ing at  the  minimum  pitch  or  thrust  position.  The  air- 
frame manufacturer  usually  has  some  latitude  in  selec- 
tion of  the  engine  power — hence,  rotor  speed — at 
ground  idle.  Selection  of  rotor  speed  for  ground  idle 
involves  insuring  that  the  rotor  system  is  stable  with 
regard  to  blade  flapping  and  ground  resonance.  Other 
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(A)  HORSEPOWER 


(B)  TORQUE 


Fig.  4-30.  Horsepower  sad  Torqae,  Reflectively,  n Rotor  Speed  at  Topping  and 
Ground  Idle  Powers  for  a Typical  Free- turbine  Engine 


factors  influencing  the  selection  of  ground  idle  speed  jy 

are  noise  end  down  wash  velocity.  — ^ 

Generally,  the  ground  idle  rotor  speed  of  helicopters  " 

is  40-50%  of  normal  operating  speed.  For  conservatism 
of  acceleration  loads,  ground  idle  speed  may  be  as- 
sumed as  40%  (the  lower  value  will  lead  to  a more  where 
critical  peak  torque).  The  following  approximation 
may  be  used  to  estimate  rotor  speed  when  power  is 
specified: 


ground  idle  power 
aerodynamic  rotor  load 


(4-20) 


N,  = ground  idle  rotor  speed,  rpm 
N*  — flight  rotor  speed,  rpm 
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Aerodynamic  load  in  this  equation  is  the  power  ab- 
sorbed by  the  rotor  at  minimum  collective  pitch  and 
100%  flight  rotor  speed  N *. 

4- 7. 1.2  Determination  of  Peak  Engine 

Torque 

In  order  to  determine  the  peak  transient  torquedevel- 
oped  in  a rapid  engine  acceleration,  an  estimate  of 
rotor  speed  change  AJVduring  engine  acceleration  must 
be  made.  From  the  basic  relationship  for  angular  accel- 
eration, the  equation  describing  the  expression  for 
AN  is  derived: 

/—  (v)  <rpm  (4*2° 

‘tout  \ w / 


where 

/rrrf  — total  rotor/drive  system  mass 
moment  of  inertia,  slug-ft2 
Qmw  — average  torque  acting  on  the 
rotor/drive  system,  Ib-ft 
At  = engine  acceleration  time,  sec 

The  engine  acceleration  time  is  listed  in  engine  model 
specifications.  The  maximum  allowable  time  for  accel- 
eration from  ground  idle  to  maximum  power  is  10  sec 
(MIL-E-8393).  The  engine  manufacturer  usually  ad- 
justs the  engine  to  produce  a sea  level  standard  day 
acceleration  of  S sec  or  less. 

The  average  net  torque  available  for  acceleration  of 
the  rotor  is  the  average  engine  torque  minus  the  aver- 
age aerodynamic  rotor  torque.  The  aerodynamic 
torque  Q,  can  be  estimated  by: 

QA=iQCn(jfJ  T , Ib-ft  (4-22) 

where 

QCP  = ratio  of  aerodynamic  rotor 

torque  at  minimum  collective 
pitch  and  100%  rotor  speed 
to  T,  dimensionless 
T = total  (one  or  more  engines) 
engine  torque  at  maximum 
rated  power,  ib-ft 

The  engine  output  torque  during  a rapid  acceleration 
can  be  estimated  by  a function  of  time  to  the  nth  power 
/'where  n varies  from  4 to  6.  Thus,  the  engine  torque 
Qe  between  ground  idle  Q&  and  its  peak  value  QP  can 
be  approximated  by: 


QE*Qci  + Qp(i)n  <♦*»> 

With  this  information,  the  rotor  speed  change  during 
the  engine  acceleration  can  be  estimated  and,  by  use  of 
the  typical  torque/speed  relationship  given  in  Fig.  4- 
30(B),  the  peak  torque  QP  can  be  approxi.nated. 

The  distribution  of  the  peak  transient  torque  in  a 
drive  system  that  connects  two  or  inert  rotors  is  pro 
portional  to  the  inertia  of  each  rotor/drive  and  to  the 
aerodynamic  load  of  each  ro'or  Thus,  the  total  ea^'ite 
torque  QmD  transmitted  through  each  mtor  drive  shaft 
is  defined  by 


where 

I kid  — single  rotor/drive  system  mass 
moment  of  inertia,  slug-ft1 
QCP  kid  — QCP  of  single  totor/drive 
system  . dimensionless 

During  rapid  accelerations,  the  torque  distribution  usu- 
ally is  dependent  more  upon  inertia  ratio  than  upon 
aerodynamic  loads. 

For  rapid  engine  accelerations,  the  peak  torque  Qf 
transmitted  by  the  rotor  shaft  is  estimated  by  use  of  Eq. 
4-24,  with  Qb  replaced  by  Qr. 

Because  the  maximum  available  torque  of  turboshaft 
engines  increases  as  ambient  temperature  decreases, 
more  power  is  available  and  engines  accelerate  faster  at 
lower  temperatures.  Therefore,  transient  torques  dur- 
ing accelerations  also  will  increase  with  decreasing  am- 
bient temperature,  as  discussed  briefly  in  par.  4-7.1. 
The  temperature  at  which  maximum  power  occurs  can 
be  determined  from  the  engine  specification.  This  tem- 
perature usually  is  dependent  upon  the  engine  control 
and  is  not  necessarily  the  lowest  ambient  temperature 
for  which  the  engine  is  qualified. 

To  determine  the  peak  transient  torque  loads  at  the 
temperature  at  which  maximum  power  is  produced,  the 
pertinent  parameters  must  be  recalculated.  Engine  ac- 
celeration time  At  can  be  approximated  as  a function 
of  the  absolute  temperature  ratio  as  follows: 

A/^  = 9AttUl  , sec  (4-25) 
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where 

A tT/  — acceleration  time  at  any 

ambient  temperature  Tu , sec 
A tSTD  = acceleration  time  at  standard 
atmospheric  temperature,  (59*F 
or  519*R),  sec 

0 = ratio  of  absolute  temperatures, 
T„  /SI 9,  dimensionless 

4-7.1.3  Roto/  Blade  Loads 

When  high  transient  torques  are  applied  to  a rotor  at 
low  rotor  speeds,  and  whe  e centrifugal  stiffening  ef- 
fects are  small,  the  rotor  blades  will  be  subjected  to  high 
inplane  bending.  To  estimate  the  blade  loads,  the 
toro'ie  acting  at  the  rotor  hub  must  be  determined.  The 
equation  used  for  calculating  rotor  hub  torque  Qkak  is 


Through  replace™  mt  of  Qr  b;  Qr  :n  cq.  4-26,  the 
peak  torques  to  «hich  the  rotor  hub  will  be  subjected 
during  a rapid  engine  acceleration  can  be  estimated. 

Criteria  for  distribution  of  loads  oh  articuhted  or 
rigid  rotors  are  provided  in  MlL-S-8f98  For  the  pur- 
pose of  analyzing  rotor  acceleration  It  ads.  '•riteria  fre.n 
this  specification  are  interpreted  as  follows* 

1.  Rigid  retort  For  rotor  blades  without  drag 
hinges,  will  be  distributed  equally  to  each  blade. 

2.  Articulated  rotors.  The  inertia  load  will  be  dis- 
tributed to  each  blade  but  the  aerodynamic  load  will  be 
distributed  to  any  two  blades  of  a three-bladed  rotor  or 
any  three  blades  of  a four-bladed  rotor  or  any  four 
blades  of  a five-bladed  rotor.  The  duration  of  the  un- 
balanced aerodynamic  load  should  be  considered  as  the 
time  per  revolution  divided  by  the  number  of  blades.  At 
the  start  of  acceleration  from  ground  idle,  centrifugal 
effects  can  be  so  low  as  to  allow  the  blades  to  strike  the 
drag  stops  In  this  case,  the  momentum  change  caused 
by  that  collision  must  be  considered  and  distributed 
similarly  to  the  aerodynamic  load. 

4-7.2  ROTOR  BRAKING  LOADS 

Generally,  rotor  brakes  are  designed  to  decelerate 
the  rotor  quickly  during  rotor  shutdown.  Also,  a rotor 
brake  often  is  required  for  use  on  parked  aircraft  to 
prevent  wind-caused  rotor  rotation  or  rotor  rotation 


while  operating  the  engine  at  its  idle  speed.  For  these 
conditions,  the  torque  rating  required  of  the  brake  will 
be  low,  usually  less  than  10%  of  the  maximum  torque 
experienced  during  rotor  acceleration  to  flight  speed. 

The  rotor-braking  load  to  be  considered  involves 
bringing  the  rotor  to  rest  from  a low  rotor  speed 
(ground  idle  or  lower).  Normally,  the  brake  will  decel- 
erate the  rotor  in  15-30  sec  by  the  application  of  a 
constant  pressure  to  the  braking  surface.  Higher  pres- 
sure may  be  required  when  the  rotor  is  to  be  held 
during  engine  startup.  Under  certain  conditions,  appli- 
cation of  the  brake  at  low  rotor  speed  will  cause  the 
transmission  to  stop  almost  instantaneously,  while  the 
rotor  blades  will  continue  their  motion  until  they  strike 
the  lead  stops.  On  rigid  rotors  the  blade  motion  will 
continue  until  the  kinetic  energy  of  the  rotor  is  ab- 
sorbed by  blade  chordwisc  bending.  In  either  case,  the 
inertia  loads  of  the  rotor  must  be  considered. 

The  maximum  torque  transmitted  by  the  brake  is  a 
function  of  initial  speed,  length  of  application,  and  fre- 
quency of  application.  The  brake  manufacturer’s  speci- 
fication usually  provides  sufficient  information  from 
which  to  determine  these  torques. 

4-8  SPECIAL  LOADING  CONDITIONS 

4-8.1  HARD-POINT  LOADS 
4-S.l.l  External  Store  Installations 

When  hard  points  for  the  attachment  of  external 
stores  are  required,  the  stores  to  be  considered  will  be 
specified  by  the  procuring  activity.  Normally,  a varia- 
tion of  loading  conditions  and  stores  must  be  consid- 
ered, including  but  not  necessarily  limited  to  auxiliary 
fuel  tanks,  spray  tanks,  smoke  dispensers,  bombs,  gun 
pods,  mine  and  flare  dispensers,  rocket  launchers,  and 
missiles.  The  contractor  shall  insure  the  structural  in- 
tegrity of: 

1.  Hard-point  fittings  and  their  supporting  struc- 
ture 

2.  Store  and  pylon  fairings 

3.  Control  surfaces  and  adjacent  helicopter  struc- 
ture affected  by  the  presence  or  operation  of  the  stores. 

4-8. 1.1.1  Design  Criteria 

All  external  store  installations,  whether  latent  (fuel 
tanks,  droppable  munitions)  or  active  (guns,  rocket 
launchers,  power-ejected  munitions),  must  be  substan- 
tiated for  static  and  dynamic  loads,  as  applicable.  The 
following  loads  must  be  considered: 

1.  Flight  loads:  (par.  4-4.1) 

2.  Landing  loads:  (pars.  4-5. 1 and  4-5.2) 
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3.  Taxi  and  ground-handling  loads:  (par.  4-6) 

4.  Ejection  loads  (power-ejected  stores) 

5.  Fatigue  loads  due  to  gun  firing,  rocket  launch- 
ing, etc. 

6.  Crash  loads:  (par.  4-3.3). 

Ejection  loads  applicable  to  power  ejected  stores 
should  be  provided  in  the  system  specification.  Fatigue 
loads  applicable  to  external  stores  installations  are  dis- 
cussed in  par.  4-8. 1.1.7. 

If  crash  loads  on  external  stores  are  not  specified,  the 
crash  load  factors  used  shall  be  the  same  as  the  crash 
load  factors  specified  as  applicable  to  other  mass  items 
(transmission,  engine,  etc.)  which  would  endanger  the 
occupants  of  the  helicopter  in  the  event  of  a survivable 
crash. 

4-8.1. 1.2  Weight 

As  a rule,  static  loads  for  hard  points  must  be  devel- 
oped for  the  maximum  weight  of  the  stores  to  be  sup- 
ported. However,  if  the  sequence  in  which  the  disposa- 
ble load  is  expended  or  the  combination  of  store  loading 
with  rotor  capability  or  maneuver  rate  are  such  that  the 
loads  on  the  hard  points  could  become  critical  with 
partial  loading,  then  these  combinations  must  be  con- 
sidered in  the  development  of  the  static  loads. 

4-8. 1.1.3  Center  of  Gravity 

If  provisions  are  made  for  boresighting,  if  partial 
store  loads  can  be  carried,  e.g.,  rocket  pods  not  fully 
loaded,  or  if  flexible  weapons  are  to  be  mounted  on  the 
hard  points,  static  loads  must  be  developed  for  the 
extreme  travel  of  the  CG  of  the  store. 

4-8. 1.1.4  Methods  of  Analysis 

It  is  usual  for  the  geometry  of  the  fitting  installation 
and  the  structural  arrangement  of  the  store  pylon  to 
result  in  a statically  indeterminate  structure.  There  are 
several  generally  accepted  methods  of  determining  the 
loads  on  such  structures,  and  any  of  them  may  be  used, 
including  Refs.  22, 23,  and  24.  If  the  store  is  suspended 
by  a rack,  the  suspension  loads  shall  be  determined  in 
accordance  with  the  appendix  of  MIL-A-8591.  The 
load  factor  diagrams  of  this  specification  are  not  appli- 
cable to  helicopters. 

4-8. 1.1.5  Extent  of  Substantiation 

The  local  support  structure  for  external  stores  must 
be  substantiated  for  the  loads,  shears,  bending  mo- 
ments, and  torsions  resulting  from  the  loads  on  the 
external  stores  under  all  conditions  considered  in  par. 
4-8. 1.1.1.  The  local  support  structure  for  the  stores  is 
those  pylons,  frames,  fittings,  skins  and  other  helicop- 


ter structural  members  for  which  stores  loads  are  criti- 
cal, to  the  point(s)  at  which  other  loading  conditions 
are  critical. 

For  crash  conditions,  the  supporting  structure  for 
the  hard-point  installation  must  be  substantiated  up  to 
the  point  that  the  loads  are  resisted  by  shear  forces  in 
a beam,  bulkhead  web,  or  skin;  there  is  no  requirement 
to  show  a balanced  structure  beyond  that  point. 

4-8. 1.1. 6 Aerodynamic  Load  Determination 

The  following  aerodynamic  loads  must  be  deter- 
mined on  a preliminary  basis  for  the  full  range  of  poten- 
tial flight  attitudes: 

L Lift,  drag,  and  associated  bending  moments  on 
the  stores 

2.  Pressure  distribution  in  the  region  of  the  stores 

3.  Aerodynamic  buffeting  on  control  surfaces  in 
the  wake  of  the  stores. 

Analytical  methods,  described  in  par.  3-2.1,  or  wind 
tunnel  testing,  described  in  par.  3-2.3,  may  be  employed 
for  load  determination.  Wind  tunnel  data  may  be 
derived  from  prior  tests  of  comparable  configurations 
or  from  preliminary  tests  of  the  proposed  configura- 
tion. These  aerodynamic  loads  must  be  added  to  the 
inertia  loads  to  determine  critical  static  loads,  to  deter- 
mine fairing  and  closure  loads,  or  to  estimate  the 
fatigue  lives  of  structures  subject  to  oscillatory  loads. 

4-8. 1.1.7  Dynamic  Loads 

When  external  stores  are  installed,  dynamic  leads  in 
the  helicopter  may  be  generated  from  one  or  more  of 
the  following  sources: 

1.  The  response  of  the  stores  to  rotor-induced  vi- 
bration 

2.  The  reactions  to  store  activation  (gun  firing, 
rocket  launching,  flare  dispensing,  etc  ) 

3.  The  control-surface  loads  generated  by  aerody- 
namic disturbances  induced  by  the  stores 

4.  The  blast  overpressures  of  stote  activation  im- 
pinging upon  adjacent  structure. 

All  external  store  installations  shall  be  substantiated 
for  the  dynamic  loads  that  arise  from  any  or  all  of  these 
sources.  Adequate  consideration  must  be  given  to  all 
known  factors  that  influence  these  loads,  as  described 
in  the  discussion  that  follows. 

Vibratory  loads  arising  from  response  of  the  stores  to 
rotor-induced  vibration  are  influenced  by  the  following 
variables  that  must  be  known  or  assumed  in  order  to 
determine  the  resulting  dynamic  loads: 

1 . The  weight  and  the  CG  of  the  store,  and  their 
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variation  with  the  release  of  expendable  load  in  part  or 
whole 

2.  The  mass  moments  of  inertia  of  the  store  about 
its  three  principal  axes 

3.  The  stiffness  of  the  internal  structure  of  the 
store,  particularly  in  the  area  contacted  by  the  sway- 
brace  pads 

4.  The  natural  frequency  of  the  hard-point  sup- 
porting structure 

5.  Variations  in  the  gross  weight  and  CG  of  the 
helicopter  and  in  rotor  speed. 

Reaction  forces  are  influenced  by  factors  such  as 
recoil  loads,  total  impulse,  and  rate  of  fire  of  weapons, 
and  by  the  natural  frequency  and  damping  characteris- 
tics of  the  hard-point  supporting  structure.  These  fac- 
tors are  discussed  in  detail  in  pars.  4-8.1. 2 and  4-8. 1 .3. 

The  shapes  of  the  stores,  the  speeds  and  maneuvers 
of  the  helicopter,  and  the  shapes  and  locations  of  the 
control  surfaces  are  the  principal  factors  influencing 
the  loads  generated  by  aerodynamic  disturbances. 
Wind  tunnel  data  are  the  best  means  of  confirming  the 
characteristics  of  the  airflow  in  the  area  of  interest 
because  analytical  predictions  cannot  account  reliably 
for  the  effects  of  flow  interferences. 

Loads  resulting  from  the  impingement  of  blast  over- 
pressures upon  adjacent  structures  are  influenced  by 
the  pressure  and  velocity  of  the  shock  wave,  the  loca- 
tion of  adjacent  structure,  and  the  natural  frequency 
and  damping  characteristics  of  the  structural  elements. 
These  factors  are  discussed  in  detail  in  par.  4-8. 1.4. 

4-8. 1.1.8  Flight  Load  Determination 

Flight  vibratory  loads  shall  be  determined  finally  by 
a flight  load  survey  (including  weapon  firing  where 
applicable)  as  described  in  Chapter  8,  AMCP  706-203. 
For  preliminary  design,  vibratory  loads  must  be  deter- 
mined or  established  by  rational  means  and  the  effects 
investigated  by  means  of  appropriate  analysis. 

A dynamic  model  of  the  airframe  structure  that  in- 
cludes at  least  the  first  three  flexible  modes  in  the  verti- 
cal and  lateral  directions  must  be  computed  from  the 
estimated  weight  and  stiffness  distributions.  A maxi- 
mum of  2%  of  critical  damping  must  be  used  in  the 
structural  model.  The  mass  and  inertia  of  the  store  and 
the  spring  rate  and  damping  of  the  support  system  also 
must  be  included  in  the  dynamic  model.  Unless  inten- 
tional support  system  damping  is  provided,  a maxi- 
mum of  2%  of  critical  damping  in  the  support  system 
must  be  in  the  analysis.  The  model  must  be  subjected 
to  oscillatory  loads  simulating  the  loads  imposed  upon 
the  airframe  by  the  rotor.  The  responses  of  the  store 
and  the  oscillatory  loads  in  the  support  system  must  be 


calculated.  For  stores  with  variable  mass — such  as 
mine  dispensers,  fuel  tanks,  or  rocket  launchers — the 
mass  that  produces  the  coincidence  between  the 
predominant  main  rotor  harmonic  frequencies  and  the 
natural  frequency  of  the  support  system  must  be  com- 
puted and  reported. 

Substantiation  of  local  support  structure  for  external 
store?  for  vibratory  (fatigue)  loads  is  required  to  the 
same  extent  that  substantiation  is  required  for  crash 
loads  (par.  4-8. 1. 1.5). 

4-8. 1.2  Reaction  Forces 

In  order  to  analyze  the  effects  of  jettisoning  stores, 
some  consideration  of  helicopter  stability  and  control 
parameters  must  be  included.  In  general,  an  asymmet- 
ric jettison  will  create  an  offset  CG  and  a rolling  mo- 
ment that  will  ten  3 to  aggravate  any  potential  clearance 
problem  between  the  store  and  elements  of  the  helicop- 
ter. Therefore,  the  jettison  impulse  should  be  sufficient 
to  provide  a safe  clearance  margm,  but  should  be  mini- 
mized as  much  as  possible  in  order  to  relieve  the  rolling 
moment  input  and  the  support  loads.  This  specific  im- 
pulse may  be  determined  in  the  following  manner: 

1.  Determine  the  force  developed  against  the  store 
by  the  jettison  mechanism  at  any  instant  during  the 
jettison  sequence. 

2.  Plot  this  force  versus  the  time  of  the  jettison 
sequence  and  integrate  the  curve  thus  developed. 

For  developmental  power -jettison  mechanisms,  an 
estimate  based  upon  tests  can  be  used  and  the  expected 
range  of  variations  can  be  stated  conservatively. 

Reaction  loads  to  the  hard  points  may  be  developed 
from  the  known  or  assumed  power -jettison  force. 
However,  helicopter  inertia  relief  must  be  ignored  in 
calculating  these  reaction  loads  to  include  the  possi- 
bility of  symmetric  jettison. 

4-8. 1.3  Firing  Frequency  Dynamics 

The  installation  of  repeated-fire  weapons  on  heli- 
copters has  in  many  cases  been  a trial-and-error  proc- 
ess, with  design  modifications  following  test  results 
until  the  system  was  acceptable.  Some  weapons — such 
as  the  40  mm  XM129  Grenade  Launcher  and  the  7.62 
mm  XM134  Machine  Gun — have  required  little  if  any 
dynamic  analysis.  For  larger  weapons — such  as  the  20 
mm  M61  Cannon — the  recoil  adapters  were  developed 
with  consideration  of  the  firing  rate  and  the  dynamic 
characteristics  of  the  support  system.  Dynamic  analysis 
usually  can  be  used  effectively  in  tailoring  the  recoil 
system,  in  selecting  the  firing  rate  of  the  weapon  sys- 
tem, and  in  estimating  the  design  fatigue  leads. 
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Generally,  because  of  the  complex  structure  of  the 
support  system,  reaction  forces  can  be  determined  ac- 
curately only  by  firing  tests;  however,  an  analysis  using 
the  impulse  of  the  projectile,  the  firing  rate,  and  the 
calculated  dynamic  characteristics  of  the  support  sys- 
tem can  give  reasonable  design  parameters.  The  reac- 
tion forces  usually  are  significantly  lower  for  a helicop- 
ter support  system  than  for  a hard  stand.  The  only 
e-v.  option  is  when  the  firing  rate  or  one  uf  its  first  few 
harmonics  coincides  with  a lightly  damped  natural  fre- 
quency in  the  support  system.  The  support  structure 
should  be  designed  to  avoid  resonance  of  its  funda- 
mental modes  with  the  firing  rate  and,  if  possible,  with 
the  first  two  harmonics  of  the  firing  rate.  If  gun  design 
parameters  require  that  the  weapon  fire  at  a funda- 
mental frequency  of  the  support  system,  provisions  for 
damping  the  support  system  response  should  be  consid- 
ered. 

4-8. 1.4  Blast  Overpressures 

If  active  weapons  are  close  enough  to  the  helicopter 
for  blast  overpressures  to  impinge  upon  adjacent  struc- 
tural elements,  the  affected  areas  must  be  substantiated 
for  this  additional  loading.  This  substantiation  may  be 
by  test  or  by  a combination  of  test  and  analysis.  The 
aim  of  the  analytical  procedure  is  to  determine  the 
loads  and  stresses  in  the  structural  elements  that  result 
from  their  dynamic  responses  to  the  blast  loading.  An 
analytical  approach  usable  for  design  purposes  is  de- 
scribed in  Ref.  25.  This  reference  also  presents  an  excel- 
lent bibliography  of  additional  work  in  the  field. 

In  order  to  determine  the  desired  dynamic  response 
characteristics,  two  important  parameters  must  be 
known  or  determined:  (1)  the  free-field  blast  pressure, 
and  (2)  the  time  of  arrival  of  the  blast  wave  as  it  sweeps 
across  the  structure  under  consideration.  For  guns,  in- 
cluding those  with  muzzle  brakes,  blast  diffusers,  or 
blast  suppressors,  the  analytical  procedure  described  in 
Volume  I of  Ref.  25  may  be  used  or  the  data  may  be 
determined  experimentally.  For  rocket  launchers,  mis- 
siles, or  power-ejected  munitions,  the  data  must  be  de- 
termined experimentally  because  no  adequate  analyti- 
cal procedure  exists.  The  RFP  may  provide  such 
available  test  data  as  are  pertinent. 

With  these  two  parameters  defined,  the  dynamic  re- 
sponses of  specific  structural  elements  may  be  deter- 
mined. For  the  cases  that  follow,  the  analytical  proce- 
dures described  in  Volume-  II  of  Ref.  25  may  be 
employed  and  the  results  corroborated  during  qualifi- 
cation testing: 

1.  Elastic  response  of  a rectangular  membrane 

2.  Response  of  a simply  supported  circular  plate 
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3 . Large-deflection,  out-of-plane  response  of  a pin- 
jointed  framework 

4.  Elastic-plastic  response  of  a rectangular  plate 

5.  Dynamic  response  of  a beam  with  coupled 
bending  and  torsion 

6.  Coupled  bending  torsional  response  of  rotor 
blades  subjected  to  blast  loading. 

Alternatively,  the  dynamic  responses  of  specific  struc- 
tural elements  may  be  determined  experimentally  by 
testing  representative  sections  of  the  structure.  The  re- 
sults of  either  approach  must  be  corroborated  during 
qualification  testing. 

The  effects  of  repeated  exposure  to  the  structural- 
response  loads  must  be  considered  when  locating  items 
of  equipment  whose  operating  characteristics  might  be 
affected  by  such  exposure.  Such  equipment  must  be  far 
enough  from  the  interior  side  of  the  exposed  structural 
element  or  its  mounting  structure  to  preclude  any  oper- 
ating failure  or  deficiency  due  to  such  exposure. 

4-8.2  EXTERNAL  CARGO 

The  helciopter  is  unique  in  its  usefulness  for  carrying 
external  cargo.  Many  shapes  and  sizes  of  external 
cargo,  both  rigidly  attached  (but  removable)  and  sling 
loaded,  have  been  lifted  and  transported.  Most  external 
cargo  transported  by  helicopters  is  handled  by  an  exter- 
nal sling  attached  to  the  airframe  structure.  A variation 
in  application  of  the  external  sling  is  the  use  of  a hoist 
to  lift  loads  into  the  cabin.  Also,  the  lifting  and  aerial 
towing  of  downed  aircraft  have  proven  to  be  effective 
applications  for  the  external  cargo  sling.  With  the  de- 
velopment of  helicopters  such  as  the  HLH  which  carry 
all  cargo  externally,  rigid  attachments  will  become 
more  common. 

4-8.2. 1 Rigidly  Attached  External  Cargo 

This  discussion  of  rigidly  attached  external  cargo  is 
limited  to  the  design  requirements  imposed  upon  the 
helicopter  structure.  However,  these  requirements  are 
based  upon  the  possibility  that  the  rigidly  attached  con- 
tainer will  be  “man-rated”,  i.e.,  a “people-pod".  The 
helicopter  attachments  must,  of  course,  withstand 
maximum  flight  maneuver  and  landing  loads,  but  the 
most  important  considerations  are  the  crash  load  con- 
ditions. During  preliminary  design  consideration  also 
must  be  given  to  such  things  as  container  location  and 
protection  from  ground  impact  or  other  obstructions 
for  crash  protection.  The  crash  condition  should  be 
handled  as  an  impact/energy  problem,  as  discussed  in 
par.  4-5.3,  instead  of  by  the  use  of  arbitrary  load  fac- 
tors. When  handled  in  this  manner,  the  helicopter 
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structure  must  deform  a predetermined  amount  to  ab- 
sorb the  crash  energy.  In  determining  the  magnitude  of 
the  loads  for  estimates  of  the  degree  of  collapse  re- 
quired of  the  airframe,  impact  velocities  must  be  as- 
sumed. These  velocities  shall  be  those  associated  with 
a 95%  survivable  crash  as  defined  in  Ref.  11.  A more 
complete  discussion  of  the  crash  loads  is  provided  in 
par.  4-5.3. 

4-8.2. 2 Sling-loaded  External  Cargo 

The  combined  loads  for  designing  the  sling  support 
fitting  will  consist  of  the  static  weight  of  the  external 
load  and  the  aerodynamic  loads  adjusted  for  inertia  and 
safety  factors.  Also  to  be  considered  is  sling-load 
bounce,  as  discussed  in  par.  4-10.6. 

4-8.2.2.1  Static  Loads 

The  magnitude  of  the  dead  weight  sling  load  re- 
quired normally  is  established  in  the  system  specifica- 
tion. However,  for  those  cases  where  the  exact  toad  is 
not  specified,  and  for  consideration  of  growth  possibili- 
ties, the  maximum  sling  load  weight  should  be  equal  at 
least  to  the  difference  between  the  basic  structural  de- 
sign gross  weight  and  the  minimum  design  gross  weight 
(par.  4-3).  If  an  alternate  design  gross  weight  is  speci- 
fied for  the  helicopter,  the  sling  load  fittings  shall  be 
capable  of  accommodating  a proportionately  higher 
load. 

4-8.2  2.2  Aerodynamic  Loads 

Aerodynamic  loads  may  be  an  important  considera- 
tion for  sling-loaded  external  cargo.  Their  significance 
is  a function  of  the  shape,  volume,  and  density  of  the 
external  loads  being  considered.  For  high-density  cargo 
the  aerodynamic  loads  usually  can  be  ignored.  Vertical 
loads  are  experienced  from  rotor  downdraft,  and  drag 
and  lift  loads  are  encountered  in  forward  flight.  Addi- 
tional drag  loads  sometimes  are  imposed  artificially  to 
provide  flight  stability  to  the  slung  cargo.  The  allowa- 
ble magnitude  of  the  drag  loads  must  be  determined 
from  prior  test  experience,  aerodynamic  analysis,  and 
wind  tunnel  test  data.  The  maximum  external  drag 
load,  once  determined,  establishes  an  operational  limi- 
tation on  the  aircraft  as  indicated  in  Fig.  4-31.  This,  in 
effect,  limits  the  amount  of  drag  that  must  be  reacted 
by  the  helicopter  fitting. 

4-S.2.2.3  Combined  Loads 

The  maximum  combined  sling  loads  to  be  applied  to 
the  helicopter  fitting  are  determined  by  vectorially  add- 
ing the  dead  weight  and  the  aerodynamic  loads.  The 
resultant  load  then  is  increased  by  a dynamic  magnifi- 
cation factor  of  2.0  to  obtain  the  limit  load.  The  line  of 
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Fig.  4-31.  Drag  Limits  for  Helicopter  Fittings  j 


action  of  this  load  relative  to  the  helicopter  fitting  S 
should  be  derived  from  the  flight  attitude  normal  for  \ 
the  helicopter,  when  operating  without  sling  load,  at  ’ 
the  flight  speed  for  which  the  aerodynamic  load  acting  > 
on  the  sling  load  is  calculated.  Alternatively,  the  line  of 
action  can  be  considered  to  act  within  a cone  of  action 
of  30  deg  from  the  vertical.  The  relationship  of  the 
helicopter  to  the  vertical  depends  upon  the  flight  atti- 
tude required  at  the  maximum  speed  with  sling  load.  ; 

4-8.2. 2.4  Asymmetrical  Loading 

Several  characteristics  of  sling-loaded  cargo  operat-  ! 
ing  conditions  make  the  consideration  of  asymmetrical  ; 
loading  necessary  for  design  of  the  helicopter  interface  i 
fitting.  All  sling  loads  are  subject  to  pendulum  oscilla- 
tion and  to  yaw  or  a minor  amount  of  directional  insta- 
bility. In  order  to  account  for  these  conditions,  the 
fitting  loading  direction  should  be  assumed  to  vary 
proportionally  to  the  control  capability  of  the  helicop- 
ter. 


4-S.2.3  Lifting  and  Aerial  Towing 

Lifting  and  aerial  towing  of  down*  .]  aircraft  recently 
have  become  important  uses  for  the  external  sling.  The 
loading  applied  to  the  helicopter  interface  fitting  will 
not  be  altered  beyond  that  discussed  in  the  previous 
paragraphs  during  the  preliminary  design  stage  for  the 
towing  application. 

The  primary  differences  in  the  loading  considera- 
tions are  those  brought  about  by  the  aerodynamic  char- 
acteristics of  the  towed  vehicle.  Specifically,  these  are 
lift,  drag,  and  flight  stability — all  of  which  are  consid- 
erations for  the  particular  lifting  and  towing  operation. 

If  the  lift  characteristics  of  the  towed  vehicle  in- 
troduce a problem,  its  aerodynamic  surfaces  can  be 
modified  by  the  temporary  installation  of  spoilers. 
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Flight  stability  during  the  towing  operation  can  be  im- 
proved by  the  attachment  of  a drogue  chute.  These 
modifications  will  increase  the  drag,  thus  reducing  the 
maximum  permissible  flight  speed. 

4-8.3  FLOORING  AND  WORK  PLATFORMS 

Structural  design  criteria  for  floors  and  work  plat- 
forms depend  to  a great  extent  upon  the  ultimate  use 
of  the  particular  helicopter  being  developed.  This  para- 
graph lists  design  criteria  for  distributed  and  concen- 
trated design  loads  for  the  floor  and  platform  areas  as 
well  as  local  loads  to  be  applied  at  the  tiedown  fittings. 
Also  discussed  are  requirements  such  as  interchangea- 
bility and  replaceability,  and  the  need  for  ruggedness 
and  durability. 

4-8.3. 1 Flooring  Design  Criteria 

Lightweight  design  is  a major  consideration  for  heli- 
coptei  flooring.  The  lightest  weight  materials  that  are 
capable  of  meeting  the  structural  requirements,  and  are 
economically  feasible,  shall  be  used.  Specific  criteria 
are  described  in  the  paragraphs  that  follow.  The  type 
of  loading— crew  or  cargo — will  determine  the  strength 
requirements. 

The  personnel  restraint  and  seat  load  paths  normally 
pass  through  the  floor  structure  and  into  the  basic 
helicopter  structure.  The  floor  itself,  therefore,  does  not 
carry  the  entire  seat  restraint  load,  even  though  the 
fittings  may  be  located  at  the  floor  surface  and  give 
partial  support  to  the  floor.  The  ultimate  load  require- 
ments for  these  personnel  restraint  fittings  are  the  ap- 
plicable crash  loads  (par.  4-5.3). 

The  fittings  for  cargo  tiedown  also  are  attached  to 
the  basic  helicopter  structure,  directing  the  tiedown 
load  paths  through  the  floor  in  the  same  manner  as  the 
personnel  restraint  fittings. 

The  same  fittings  often  are  used  alternately  for  per- 
sonnel restraint  and  cargo  tiedown,  depending  upon 
the  operational  mission.  A well-executed  preliminary 
design  develops  a maximum  degree  of  multiple  usage 
for  the  floor  fittings.  The  design  loads  applicable  to  the 
tiedown  fittings  are  due  to  flight  maneuvers  and  to  the 
appropriate  crash  conditions,  to  prevent  shifting  of 
cargo  so  that  occupants  of  the  helicopter  are  not  endan- 
gered. 

One  of  the  objectives  in  helicopter  floor  design  is  to 
resolve  most  of  the  floor  loads  into  a pattern  where  the 
concentrated  load-carrying  fittings,  such  as  tiedown 
and  seat  attachment  fittings,  also  provide  the  major 
support  for  the  flbor.  An  approach  that  has  proven  to 
be  successful  for  the  preliminary  design  of  helicopter 


floors  consists  of  surveying  the  various  load  arrange- 
ments anticipated  for  the  vehicle  and  then  laying  out  a 
pattern  of  a minimum  number  of  fitting  attachment 
points  that  fits  any  and  all  helicopter  personnel,  equip- 
ment, and  cargo  loading  conditions.  This  would  in- 
clude provisions  for  cargo  load  tiedown,  seat  attach- 
ment, personnel  restraint,  special  loading  re- 
quirements, and  any  attachment  included  for  special 
mission  requirements  defined  in  the  RFP  system  speci- 
fication. The  fittings  should  be  located  in  a standard 
pattern  (Ref.  26).  When  the  most  efficient  fitting  ar- 
rangement has  been  established,  additional  structure  as 
required  is  provided  for  the  floor. 

Cargo  loading  aids  such  as  tracks  and  floor  pulleys 
can  introduce  concentrated  loads.  Thus,  particular  at- 
tention should  be  given  to  distributing  the  load  among 
the  fittings  already  provided.  The  loading  aids  and  as- 
sociated criteria  will  depend  upon  the  cargo  loads  for 
which  provision  is  required;  such  information  normally 
will  be  included  in  the  RFP  system  specification. 

Design  limit  floor  pressures  shall  be  75  n,  psf  for 
crew  floors  end  300  n,  psf  for  cargo  areas.  The  load 
factors  n,  shall  hi;  3.5  plus  increments  due  to  angular 
accelerations  from  maneuvers,  or  the  load  factor  result- 
ing from  hard  landings  up  to  15  fps,  whichever  is 
greater.  In  addition,  the  following  criteria  shall  apply. 

1 . The  cargo  floor  shall  have  a local  loading  capa- 
bility for  a 50-psi  limit  load  applied  to  a single  0.5 
ft2  area  (8  in.  x 9 in.  to  3 in.  x 24  in.)within  any  6 ft3 
area. 

2.  A cargo  floor  panel,  18  in.  square  and  supported 
at  two  edges,  shall  withstand  the  impact  from  a sturdy 
pine  box,  uniformly  loaded  so  that  the  box  and  its 
contents  weigh  200  ib,  dropped  from  a height  of  1 5 in. 
above  the  panel  (distance  between  panel  and  lowest 
comer  of  box)  so  that  one  comer  of  the  box  strikes  the 
cente'  of  the  panel.  The  local  deformation  in  the  floor 
caused  by  this  impact  shall  not  exceed  0.3  in.  A line 
between  the  comer  of  the  box  and  the  contact  shall  be 
vertical  upon  impact.  The  comer  radius  of  the  box  shall 
not  exceed  0.5  in. 

3.  The  cargo  floor  and  leading  l amps  shall  with- 
stand, without  undue  surface  wear  or  evidence  of 
fatigue  cracking,  the  effects  of  1000  complete  trips  in 
a fixed  path  of  a 1000-lb  load  applied  by  a steel  wheel 
8 in.  in  diameter  and  2.5  in.  wide. 

4.  The  cargL  floor  shall  have  the  capability  to 
withstand  track  and/or  tire  pressures  consistent  with 
the  applicable  vehicle  loading  requirement.  The  appli- 
cable single-axle  weight  loads  will  be  as  specified  by  the 
procuring  activity.  The  cargo  floor  and  loading  tamps 
shall  be  capable  of  withstanding  the  loads  resulting 
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from  application  of  a limit  load  factor  of  2.0  to  the 
loads  imposed  during  loading  of  vehicles  having  the 
maximum  applicable  axle  loads. 

441.3.2  Work  Platform  Daaign  Criteria 

Work  platforms  are  used  for  supporting  mainte- 
nance personnel,  tools,  and,  in  some  cases,  certain  heli- 
copter parts;  therefore,  they  are  subject  to  concentrated 
loads.  For  preliminary  design  purposes,  work  plat- 
forms shall  be  capable  of  supporting  a 200-lb  man  with 
all  his  weight  on  one  foot  at  a load  factor  of  l.S  without 
permanent  deformation.  If  the  platform  is  sufficiently 
large  to  support  more  than  one  person,  the  load  criteria 
shall  be  increased  proportionately.  In  all  cases,  allow- 
ance for  support  of  tools  and  the  appropriate  helciopter 
parts  also  shall  be  made. 

4-S.3.3  Interchangeability  and 
Replaceability 

Floors  of  helicopters  are  subject  to  heavy  usage  and, 
therefore,  the  surface  may  need  periodic  replacement. 
In  case  a panel  of  the  floor  is  damaged  and  requires 
replacement,  it  should  be  replaceable  at  the  organiza- 
tional maintenance  level  without  the  aid  of  special  tools 
and  with  a minimum  expenditure  of  time. 

As  interchangeability  of  floor  parts,  fittings,  and  pan- 
els is  advantageous,  attention  should  be  paid  to  stand- 
ard spacings  and  standard  design  configurations  (Ref. 
26). 

See  par.  1 1-2  for  a more  detailed  discussion  of  inter- 
changeability  /replaceability. 

441.3.4  Durability 

Floors  and  work  platforms  of  helicopters  must  be 
durable  in  order  to  withstand  heavy  service  and  rough 
handling.  The  materials  used  in  these  areas  must  be 
resistant  to  corrosion  and  deterioration,  and  any  por- 
ous material  must  be  treated  to  reduce  moisture  ab- 
sorption. Good  drainage  should  be  provided,  especially 
for  work  platforms  where  snow  or  ice  might  accumu- 
late and  create  a safety  hazard.  The  preferred  surface 
for  a work  platform  is  corrugated  metal  that  is  self- 
draining and  inherently  skid-resistant. 

4-8.4  DOORS  AND  HATCHES 

Doors  and  hatches  must  be  easy  to  operate  and 
rugged,  and  particular  care  is  required  to  minimize 
their  malfunctioning  in  the  field  environment.  The  ap- 
plication of  human  engineering  principles  is  an  impor- 
tant loading  consideration,  and  MIL-STD-1472 


shall  be  used  as  a guide  for  personnel  loadings  during 
the  design  of  these  components. 

Doors  and  hatches  include  the  following  closures  for 
all  openings  provided  in  the  helicopter  for  entry,  egress, 
and  access: 

1.  Access  doors 

2.  Kinged  or  sliding  canopies 

3.  Sliding  doors 

4.  Passenger  doors 

3.  Crew  doors 

6.  Cargo  compartment  doors 

7.  Emergency  doors 

8.  Escape  hatches. 

This  paragraph  discusses  the  structural  design  cri- 
teria for  the  doors  and  hatches  including  distributed 
load,  concentrated  load,  and  deflection  criteria.  Re- 
quirements for  quick  removal  and  replacement  during 
normal  operation,  and  for  emergency  jettison  and/or 
personnel  egress,  are  specified. 

4-8.4. 1 Design  Criteria 

A series  of  mock-ups  and  component  investigations 
during  the  preliminary  design  development  is  recom- 
mended for  achieving  optimum  door  and  hatch  con- 
figurations. Operational  design  criteria  to  be  consid- 
ered during  this  preliminary  design  stage  include: 

1.  Doors  and  hatches  shall  withstand  the  airloads 
resulting  from  flight  at  maximum  speed  VuL  and  side- 
slip angles. 

2.  Doors  shall  be  rugged  and  resistant  to  rough 
handling  or  lack  of  maintenance  during  service  opera- 
tion. 

3.  Doors  shall  provide  easy  access  to  seats  and 
cargo  loading  areas. 

4.  Doors  and  hatches  shall  provide  easy  egress  in 
case  of  emergency. 

3.  Sealing  fropi  rain,  snow,  and  external  environ- 
ment shall  be  provided. 

6.  Mechanisms  shall  operate  under  all  applicable 
environmental  and  weather  conditions. 

7.  Handles  shall  be  easy  to  operated  must  resist 
being  twisted  or  broken  off  inadvertently. 

8.  All  doors  that  may  restrict  the  egress  of  person- 
nel shall  be  easily  removable  and  the  opening  clean  and 
clear  in  times  of  emergency. 

9.  Doors  and  hatches  shall  withstand  applicable 
wind  gusts  in  either  the  open  or  closed  position. 

10.  Doors  shall  be  so  arranged  and  located  that  the 
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aerodynamic  loads  in  forward  flight  will  not  force  them 
open. 


1 


(1.  Production  tolerances  and  structural  deflec- 
tions resulting  from  limit  loads  shall  not  interfere  with 
satisfactory  operation  of  the  doors  and  hatches. 

4*8.4. 1 . 1 Concentrated  Loads 

All  concentrated  loads  associated  with  the  use  and 
operation  of  doors  and  hatches  terminate  in  the  latches 
and  hinges.  The  sources  of  these  loads  are: 

1.  Open  canopy  or  open  vent  door  during  ap- 
proach or  taxi  operation 

2.  Gusts 

3.  Outward  push  from  personnel 

4.  Handles  (normal  and  emergency) 

3.  Seal  loads 

6.  Air  loads 

7.  Rough  handling. 

If  a sliding  or  hinged  canopy  is  used,  it  should  be 
designed  to  withstand  an  air  load  from  taxi  operations 
of  up  to  60  let.  The  closing  mechanism  should  provide 
for  closing  of  the  canopy  in  not  more  than  10  sec  with 
one  motion  by  one  hand.  All  sides  shall  be  locked.  The 
loads  for  operating  this  opening  and  closing  mechanism 
should  be  based  upon  the  criteria  of  MIL-STD-1472. 
Additional  and  more  detailed  design  criteria  for  an 
overhead  canopy  may  be  obtained  from  Ref.  27.  These 
same  criteria  apply  to  a vent  door  if  such  a door  is 
provided. 

All  doors  that  are  subject  to  damage  by  ground  gusts 
shall  be  provided  with  a means  to  absorb  the  energy 
resulting  from  a 40-kt  ground  gust  occurring  during 
opening  or  closing.  These  doors  and  access  doors  or 
panels  shall  be  provided  with  a positive  hold-open  fea- 
ture that  will  withstand  gust  loads  to  63  kt  when  the 
door  or  panel  is  in  the  open  position  and  unattended. 

Due  to  possible  inadvertent  loading  by  personnel, 
doors  into  personnel  compartments  should  be  capable 
of  withstanding  a load  of  300  lb  without  opening.  This 
lead  is  assumed  to  be  applied  upon  a 10  in?  area  at  any 
point  on  the  surface  of  the  door.  Doors  into  other 
compartments  also  may  be  subjected  to  similar  loading 
conditions.  The  magnitude  of  the  load  applied  depends 
upon  the  use  and  application  of  each  door  under  con- 
sideration. The  300-lb  load  shall  be  applied  in  all  cases 
if  a lower  requirement  cannot  be  justified. 

The  normal  door  handle  load  for  operation  should 
not  exceed  10  lb  and  emergency  handles  should  be 
designed  to  operate  at  10-30  lb.  These  emergency  han- 
dles shall  withstand  an  emergency  load  of  300  lb.  The 
handles  shall  be  designed  to  break  at  300+  lb,  and 
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they  should  not  be  stronger  than  the  internal  parts  that 
they  operate.  This  precludes  continued  attempts  by  \ 
trapped  personnel  to  open  an  emergency  door  after  the 
mechanism  has  failed,  and  causes  them  to  seek  alter- 
nate exits.  Additional  criteria  fo»  emergency  handle 
loads  and  design  may  be  obtained  from  Ref.  28. 

Seal  loads  may  originate  from  either  static  seals  or 
pressurized  seals.  Pressurized  seals  have  a greater  po- 
tential for  creating  concentrated  loads  on  the  hinges 
and  latches  of  the  doors.  Pressurizition  normally  is 
supplied  by  the  engine  compressor  tystem  or  by  an 
auxiliary  power  system.  The  seal  must  be  analyzed  for 
maximum  loads,  and  these  loads  should  not  cause  an 
unlatching  tendency. 

The  air  loads  on  doors  and  hatches  for  helicopters 
probably  are  minimal  when  compared  to  the  many 
personnel-oriented  loads.  The  air  loads,  however, 
should  be  investigated,  including  the  application  of  the 
appropriate  gust  criteria  as  outlined  in  par.  4-4.3. 

Consideration  of  rough  handling  of  doors  is  recom- 
mended during  the  preliminary  design  stage.  Experi- 
ence from  past  field  operation  is  most  helpful  in  es- 
timating loads.  A checklist  of  rough  handling 
conditions  with  estimated  resultant  loads  is  one  method 
of  examining  these  possible  problems.  The  list  could 
include  items  such  as: 

1.  Using  an  opened  door  as  \ step 

2.  Failing  to  latch  the  door  in  a strong  wind 

3.  Testing  the  strength  of  the  handle  as  a curiosity 

4.  Wind  loads  from  other  helicopters  being  run  up 
or  taxied  nearby  or  flown  close  overhead. 

4-8.4.1.2  Distributed  Loads 

Cargo  doors  shall  be  capable  of  being  opened  at  all 
flight  speeds  up  to  80  kt  EAS.  It  must  be  possible  to 
perform  the  function  of  opening  the  doors  while  in 
flight  at  all  speeds  from  0 kt  (hover)  to  80  kt  EAS;  if 
the  doors  are  opened  at  low  speed,  flight  at  speeds 
greater  than  80  kt  EAS  should  be  possible.  The  highest 
speed  practicable  without  advene  effect  upon  the  de- 
sign is  desired. 

Personnel  compartment  doors,  and  particularly  the 
doors  to  troop  compartments,  shall  be  capable  of  with- 
standing the  loads  resulting  from  flight  in  the  doors- 
open  configuration  at  all  flight  speeds  up  to  a minimum 
1 10%  of  cruise  speed  (the  higher  speed  at  which  spe- 
cific range  is  99%  of  maximum).  The  highest  speed  in 
the  doors-open  configuration  that  is  practicable  with- 
out adverse  effect  upon  the  design  is  desired. 
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4-8.4. 1.3  Deflection  Criteria 

The  moit  important  deflection  criterion  i%thc  assur- 
ance that  deflection  from  any  and  all  sources  shall  not 
prevent  the  door  or  hatch  from  performing  its  task  as 
a satisfactory  closure.  Also,  the  door  or  hatch  shall  be 
free  to  opu<  and  close  under  all  operating  conditions 
and  especially  under  emergency  conditions.  This  means 
that  adequate  clearance  shall  be  provided  where  de- 
flections are  anticipated.  In  those  cases  where  deflec- 
tions are  present,  they  shall  not  tend  to  disengage  the 
latching  system  but,  instead,  either  should  increase  the 
engagement  without  interference  or  should  not  affect  it. 

The  following  sources  of  deflections  that  could  affect 
the  performance  of  doors  and  hatches  are  presented 
and  discussed  briefly  as  a checklist  for  preliminary  de- 
sign consideration: 


1.  Flight  and  landing  gear  loads.  Deflections  from 
flight  loads  and  landing  gear  loads  are  considered  nor- 
mal and  shall  not  be  very  large. 

2.  Seal  pressurization.  Deflection  from  seal  pres- 
surization must  be  checked  and  the  seal  shall  be 
located  to  that  any  deflection  resulting  from  its  opera- 
tion is  in  a direction  to  improve  latch  engagement. 

3.  Manufacturing.  Permanent  deflections  sotne- 
\ times  are  encountered  in  the  manufacturing  process  as 

y a result  ofdeforming  parts  to  meet  the  established  con- 
tour. 

4.  Overloads.  Permanent  deflections  may  be  en- 
countered from  overloads  due  to  hard  landings,  or 
other  abnormal  operating  conditions.  Effort  should  be 
made  during  the  preliminary  design  stage  to  establish 
basic  door  and  hatch  configurations  that  are  inherently 
forgiving  under  unusual  deflection  conditions. 


4-8.4. 1 .4  Production  Tolerance 


The  bask  preliminary  design  of  the  doors  and 
hatches  should  include  the  consideration  of 
practicable  production  tolerances.  Manufacturing 
representatives  should  be  consulted  to  determine  the 
tolerances  that  can  be  held  reasonably  when  door 
and  frame  structures  are  made  in  separate  jigs.  There 
must  be  sufficient  clearance  between  the  door  and 
frame  so  that  tolerance  buildup  cannot  cause 
interference  between  the  door,  or  any  attachment  to 
the  door,  and  the  frame.  The  minimum  clearance 
never  should  be  less  than  0.20  in. 

Flushness  and  gap  tolerance  requirements  between 
the  doors  and  the  helicopter  skin  Become  a nutter  for 
performance  consideration  and  should  be  allowed  for 
in  the  basic  door  configuration  established  during  the 
preliminary  design  stage.  The  exact  limits  and  methods 
for  achieving  these  limits  must  be  worked  out  during 


the  detail  design  and  are  discussed  in  Chanter  11, 
AMCP  706-202. 

4-8.4.2  Removal  and  Replacement 

Fast  removal  and  replacement  of  doors  and  hatches 
should  be  possible.  Full  consideration  of  this  require- 
ment during  the  preliminary  design  is  necessary  for  the 
establishment  of  satisfactory  configurations. 

4-U.4.3  Emergency  Jettison  and/or 

Personnel  Egress 

Most  personnel  compartment  doors  are  equipped 
with  jettison  devices.  These  devices  are  periodically 
checked  as  an  operational  und  maintenance  procedure. 

MIL-STD-1472  states  that  the  simplest  possible  es- 
cape mode  consistent  with  safety  and  effectiveness  shall 
be  provided.  Ref.  28  states  that  emergency  hatches 
and  doors  should  be  designed  to  be  opened  quickly, 
operated  easily,  and,  wherever  possible,  jettisonable. 
These,  and  other  criteria  pertinent  to  emergency 
evacuation  of  personnel,  are  discussed  in  further  detail 
in  par.  13-2.2.1. 

4-B.4.4  Sin  of  Openings 

The  size  of  the  openings  for  helicopters  should  be  as 
small  as  possible,  yet  large  enough  to  permit  efficient 
performance  by  personnel  and  to  provide  adequate 
convenience  and  safety.  All  openings  that  personnel 
may  contact  must  have  well-rounded  and  smooth  edges 
with  no  obstructions. 

4-8 .4.4.1  Access  Openings 

Access  openings  that  provide  for  adjusting  and  han- 
dling interior  items  shall  be  sufficiently  large  to  permit 
the  required  operations  and,  if  possible,  to  provide  an 
adequate  view  of  the  components  being  worked  on.  The 
dimensions  of  the  openings  shall  be  no  less  than  those 
shown  in  MIL-STD-1472  for  the  appropriate  access 
requirements  for  arms,  hands,  or  fingers.  Allowance 
should  be  made  for  maintenance  personnel  wearing 
cold  weather  clothing. 

4-8.4. 4.2  Entry  Openings 

The  size  of  entries  often  is  established  by  the  RFP  or 
by  the  size  of  the  equipment  and  cargo  to  be  trans- 
ported. Such  openings  should  be  sized  to  provide  ade- 
quate clearances  and  to  permit  convenient  and  expedi- 
tious loading  and  unloading  of  the  specified  equipment 
and  cargo.  Those  openings  that  are  provided  primarily 
for  personnel  entry  shall  be  sized  to  accommodate  the 
95th  percentile  man  (MIL-STD-1472)  with  adequate 
clearance  for  comfort  and  convenience. 
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4-8, 4.4. 3 Egress  Openings 

The  primary  concern  for  size  of  egress  openings  is 
related  to  emergency  exit.  The  emergencies  to  be  con- 
sidered include  aerial  escape,  ground  evacuation,  and 
ditching.  These  requirements  are  discussed  in  par.  13- 
2.2.1. 

4-8.5  STEPS  ANO  HANDHOLDS 

In  order  to  achieve  the  optimum  compatibility  be- 
tween the  equipment  and  human  performance,  con- 
veniences such  as  steps  and  handholds  must  be  pro- 
vided to  make  possible  the  best  use  of  the  equipment. 
Well-placed  steps  and  handholds  will  enable  mainte- 
nance personnel  to  accomplish  necessary  maintenance 
quickly,  safely,  and  effectively.  This  applies  especially 
to  helicopters  because  a large  proportion  of  their  high- 
maintenance  components  and  equipment  is  located 
relatively  high  above  the  ground  when  the  vehicle  is 
parked. 

There  are  virtually  no  specifications  available  that 
provide  detailed  guides  for  the  provision  and  design  of 
steps  and  handholds  for  helicopters.  The  most  appro- 
priate source  of  general  guidance  is  MIL-STD-1472. 

4-8.5. 1 Steps 

After  the  need  for  a step  is  established,  the  require- 
ments of  size,  strength,  and  other  considerations  next 
must  be  established.  Sizing  should  be  provided  so  as  to 
accommodate  the  2nd  to  98th  percentile  anthropome- 
try summarized  in  MIL-STD-1472. 

4-8.5. 1.1  Size  and  Clearance  Requirements 

There  are  three  general  types  of  steps,  all  of  which 
are  associated  with  different  size  and  clearance  require- 
ments. The  type — internal  recessed,  external  fixed,  or 
removable — selected  for  a particular  installation  will 
depend  upon  its  weight,  cost,  and  other  usage  and  sys- 
tem considerations. 

4-8. 5. 1.2  Strength  Requirements 

The  strength  requirements  of  the  steps  and  their 
mounting  will  be  established  by  the  RFP  and/or  the 
proposed  application  of  the  preliminary  design.  Unless 
otherwise  specified,  the  weight  of  the  personnel  for 
which  the  steps  and  associated  fittings  are  designed 
should  be  assumed  to  be  the  95th  percentile,  as  shown 
in  MIL-STD-1472. 

A limit  load  factor  of  2.0  must  be  assumed,  together 
with  the  standard  ultimate  factor  of  1 .5.  In  cases  where 
a lower  limit  load  can  be  justified,  a reduction  of  the  2-g 
limit  is  acceptable.  The  structural  design  of  all  steps 
shall  allow  for  use  by  two  men  each  applying  his 


weight  on  one  foot,  unless  it  can  be  shown  that  two 
cannot  use  the  same  step  at  the  same  time. 

4-8.5.1.3  Other  Considerations 

Other  considerations  for  the  preliminary  design 
stage  of  steps  for  helicopters  are  concerned  primarily 
with  the  safety  aspects.  For  all  steps,  attention  must  be 
given  to  the  provision  of  an  effective  nonskid  surface. 
This  can  be  accomplished  by  several  methods,  includ- 
ing the  application  of  nonskid  material  per  M1L-W- 
5050  and  MIL-W-5044.  In  order  to  retain  the  nonskid 
condition  provided  in  the  design,  consideration  must  be 
given  to  the  possible  environmental  conditions,  and 
provision  should  be  made  for  features  such  as  drainage 
and  adaptability  to  easy  clearing  of  ice  and  snow  or 
other  environmentally  caused  obstructions. 

If  removable  or  hinged  steps  are  used,  it  is  manda- 
tory that  a means  be  provided  for  assuring  their  re- 
turn to  the  proper  flight  operational  position  prior  to 
takeoff.  In  cases  where  the  step  itself  is  a protuber- 
ance. it  should  be  identified  by  noticeable  color 
coding  or  the  equivalent. 

4*8.5.2  Handholds 

The  need  for  and  location  of  a handhold  are  best 
established  by  experience.  Thus,  use  of  a mock-up  or 
experience  on  a similar  installation  is  essential. 

4-8.5. 2.1  Size  and  Clearance  Requirements 
for  Handholds 

There  arc  a number  of  shapes  applicable  for  use  as 
handholds,  among  which  are  the  towel  bar,  T-bar,  J- 
bar,  and  recessed  and  knob  shapes.  Recommendations 
for  dimensions  and  clearances  for  these  various  shapes 
are  given  in  MIL-STD-1472. 

The  size  of  the  handhold  should  be  in  accordance 
with  the  purpose  for  which  it  is  provided.  It  may  be 
designed  for  grasping  by  two  hands,  by  one  hand,  or  by 
two  fingers.  Two-handed  handholds  are  not  common 
for  helicopters,  but  both  the  one-hand  and  two-finger 
configurations  are  useful. 

4 8.5.2. 2 Strength  Requirements 

The  strength  requirements  of  each  handhold  should 
be  determined  on  an  individual  basis,  with  considera- 
tion of  circumstances  such  as  the  possible  mechanical 
force  advantage.  The  first  consideration  is  the  require- 
ments of  the  RFP;  then  other  information  from  experi- 
ence and  testing  should  be  considered.  MIL-STD-1472 
may  be  used  as  a general  guide  for  typical  arm  and 
hand  forces. 

For  preliminary  design  purposes,  unless  more  accu- 
rate information  is  available,  the  strength  of  the  hand- 
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hold  should  be  based  upon  the  weight  of  the  95th  per- 
centile U.S.  Army  personnel  (MIL-STD-1472).  The 
handhold  should  be  designed  for  a limit  load  factor  of 
1.0  with  the  normal  ultimate  load  factr ' of  1.5. 

Local  circumstances  may  alter  these  load  require- 
ments. If  a two-finger  handhold  is  being  provided,  the 
design  load  may  be  reduced  accordingly,  or,  if  the 
handhold  is  positioned  so  that  an  additional  dynamic 
load  could  be  applied,  the  strength  of  the  fitting  must 
be  increased. 

4-8.52.3  Other  Considerations 

Often,  the  most  convenient  handhold  is  a portion  of 
the  structure  that  already  is  available.  The  utilization 
of  available  surfaces  and  projections  as  handholds 
should  be  encouraged,  but  the  structure  supporting 
these  surfaces  and  projections  must  allow  for  the  addi- 
tional loads. 


4-9  STRUCTURAL  SUBSTANTIATION, 
ROTOR,  DRIVE.  AND  CONTROL 
SYSTEMS 

Substantiation  of  the  structural  adequacy  of  a heli- 
copter and  of  its  compliance  with  the  criteria  outlined 
in  the  preceding  paragraphs  is  accomplished  by  analy- 
sis and/or  test.  The  required  analyses  consist  of  the 
calculation  of  stresses  resulting  from  the  application  of 
appropriate  loads  to  the  various  components  of  the 
structure  and,  by  comparing  these  stresses  with  those 
allowable,  the  determination  of  individual  margins  of 
safety.  The  development  of  the  basic  loads  and  the 
substantiation  of  the  rotor,  drive,  and  control  systems 
in  accordance  with  pertinent  criteria  is  discussed  in  the 
paragraphs  that  follow.  The  substantiation  of  the  air- 
frame structure,  including  installation  and  support  of 
all  helicopter  subsystems  is  discussed  in  par.  4-10. 

4-9.1  ROTOR  LOADS— STEADY  AND 

UNSTEADY 

4-9.1.1  Airloads 

In  producing  the  desired  lift  and  propulsive  forces, 
the  rotor  blades  encounter  time-varying  dynamic  and 
aerodynamic  loads  that  cause  steady  and  vibratory 
stresses,  aircraft  vibration,  and  noise  and  that  can  lead 
to  blade  instabilities.  It  must  be  assumed  that  the  air- 
load and  dynamic  load  distributions  are  in  equilibrium. 

When  a helicopter  is  in  forward  flight,  the  airload 
distribution  on  a rotor  blade  varies  substantially  both 
along  the  blade  radius  and  around  the  azimuth.  Fig. 
4-32  shows  a typical  variation  of  the  normal  force  on 


a blade  as  it  rotates.  It  is  evident  that  the  various  peaks 
and  valleys  in  the  spanwise  airload  distribution  pro- 
duce significant  harmonic  content,  causing  blade  stress 
and  aircraft  vibration.  The  sources  of  the  blade  airloads 
are  numerous  and  complex.  For  ease  of  discussion,  they 
are  grouped  into  four  areas: 

1.  Impressed  blade  pitch 

2.  Airflow 

3.  Rotor  position  and  motion 

4.  Airfoil  characteristics. 

4-9. 1.1.1  Impressed  Blade  Pitch 

There  are  three  basic  sources  of  impressed  blade 
pitch:  blade  twist,  control  inputs,  and  pitch  coupling. 

1.  Blade  twist.  Negative  twist,  in  which  the  outer 
end  of  the  blade  has  a smaller  pitch  angle  than  the  root 
end,  is  used  to  provide  a more  uniform  lift  distribution 
along  the  blade.  The  redistribution  of  load  caused  by 
twist  generally  produces  higher  vibratory  stresses  for 
higher  values  of  negative  twist.  For  a possible  explana- 
tion of  this  phenomenon,  see  Fig.  4-33.  The  primary 
contributor  to  the  vibratory  bending  stresses  is  the  dis- 
symmetry between  the  loads  on  the  advancing  and  re- 
treating rotor  blades  in  forward  flight.  Blades  with  high 
negative  twist  carry  negative  lift  outboard  and  positive 
lift  inboard  on  the  advancing  side,  and  carry  positive 
outboard  lift  on  the  retreating  side  of  the  rotor  disk, 
producing  significant  harmonic  excitation  of  the  blade. 
The  loading  distribution  for  an  untwisted  ((Meg  twist) 
blade  is  quite  different;  the  loading  on  the  advancing 
side  is  similar  to  that  on  the  retreating  side,  thus  reduc- 
ing the  dissymmetry  and  the  resultant  vibratory  blade 
stresses. 

2.  Control  inputs.  Main  rotor  controls  generally 
include  both  collective  pitch  and  cyclic  pitch,  produc- 
ing a steady  pitch  angle  and  a one-per-rev  variation  in 
pitch  angle  on  the  blade,  respectively.  Tail  rotor  control 
generally  is  limited  to  collective  pitch.  Both  pitch  in- 
puts lead  to  airloads  in  all  harmonics  due  to  interaction 
with  other  parameters. 

3.  Pitch  coupling.  A third  source  of  impressed 
blade  pitch  is  the  coupling  between  blade  pitch  and 
other  degrees  of  freedom  of  the  rotor.  The  principal 
coupling  terms  are  pitch-flap  6},  and  pitch-lag  a„  in 
which  blade  pitch  varies  with  blade  flapping  or  coning, 
and  with  blade  larging  or  hunting,  respectively.  Pitch 
coupling  also  exists  with  flap  bending/torsion  and 
chord  bending/torsion  degrees  of  freedom  of  the 
blades. 
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4-9.1. 1.2  Airflow 

Two  prime  factors  influencing  blade  airloads  are  for- 
ward velocity  Fand  rotor  tip  speed  flft  These  are 
related  by  the  advance  ratio  jus  » K/(0/f),  which 
denotes  the  size  of  the  reverse  flow  region  of  the  rotor 
disk.  This  region  forms  a circle  centered  at  azimuth 
angle  — 270  deg  with  a diameter  of  ixR  (see  Fig. 
4-34).  Reverse  flow  can  be  significant  in  that  air  flowing 
over  the  blade  from  the  trailing  edge  can  produce  large 
pitching  moments  about  the  blade  pitch  axis.  For  nor- 
mal helicopter  advance  ratios,  the  dynamic  pressure  in 
the  reverse  flow  region  is  low,  and  this  effect  is  not 
significant.  However,  for  compound  configurations  in 
which  rotor  speed  will  be  lowered  to  give  advance 
ratios  approaching  1,  reverse  flow  effects  will  be  signifi- 
cant. 

For  most  flight  conditions,  the  dynamic  pressure  is 
created  primarily  by  the  tangential  velocity  of  air  over 
a blade.  Analyses  generally  have  included  the  vertical 
component  of  velocity,  which  will  be  discussed  later, 
but  have  neglected  the  radial  component.  Recent  re- 


search has  indicated  that  radial  flow  may  be  significant 
for  some  conditions.  For  the  primary  velocity  compo- 
nent at  a blade  section,  tangential  velocity  l/T.  the  mag- 
nitude at  a point  A on  the  blade,  at  radius  r from  the 
hub,  is  given  by 


UT  = S2rT  V sin 


sin  ^ , fps 


(4-27) 


where 

iji  = blade  azimuth  angle,  deg 
Because  dynamic  pressure  is  proportional  to  (/}■,  there 
are  one-  and  two-per-rev  variations  in  dynamic  pres- 
sure due  to  the.  n sin  <|i  term.  For  a given  tip  speed  these 
harmonic  components  become  larger  at  higher  advance 
ratios. 

The  variations  in  tangential  velocity  aiound  the 
azimuth  also  affect  airloads  by  vr-ying  the  effective 
angle  of  attack  along  the  blade.  By  neglecting  radial 
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Fig.  4-32,  Contour  Map  Over  the  Rotor  Disk  of  Test  Airloads,  ft/im. 
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flow  effects,  this  change  in  angle  of  attack  can  be  deter- 
_ n lined  by  considering  tangential  airflow  and  the  flow 

j vertically  up  (inflow)  through  the  rotor  disk.  The  net 
^ J airflow  is  not  parallel  to  the  rotor  disk  but  is  in  a 

direction  given  by  the  vector  sum  of  the  inflow  UP  and 
the  tangential  velocity  UT.  This  has  the  effect  of  de- 
creasing the  angle  of  attack  by  an  angle  ^ = 
Tati*'  (Vp/UrX  Because  both  Xjr  and  UT  vary  arimuth- 
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Fig.  4-34.  Rater  Flan  View  (Leaking  Down) 


ally  and  radially,  the  angle  <f>  also  will  be  a function  of 
azimuth  and  will  have  many  significant  harmonics, 
the  number  depending  in  part  jipon  the  rotor  inflow 
model  used. 

For  most  design  applications,  uniform  inflow  over 
the  rotor  disk  is  assumed.  The  value  of  the  induced 
inflow  is  given  by  classical  momentum  theory  (Ref.  4). 
In  reality,  the  inflow  over  the  rotor  disk  is  not  uniform; 
the  strength  of  the  vortices  in  the  wake  of  each  Made 
determines  the  induced  inflow  distribution.  The  loca- 
tion of  the  tip  vortex  for  each  blade  of  a rotor  at  low 
and  high  speeds  is  shown  in  Fig.  4-35.  The  presence  of 
the  wake  elements  near  the  rotor  disk  affects  inflow 
especially  in  the  immediate  vicinity  of  the  vortex.  Com- 
puter programs  for  calculating  the  nonuniform  inflow 
over  a rotor  disk  have  been  developed  (Refs.  29  and  30). 
These  have  assumed  that  the  wake  is  as  shown  (see  Fig. 
4-35);  i.e.,  the  wake  does  not  distort  due  to  vortex 
interaction.  Research  now  is  under  way  to  define  the 
rotor  inflow  when  wake  distortions  are  taken  into  ac- 
count (Ref.  3 1).  The  wakes  move  due  to  vortex  interac- 
tion as  shown  (see  Fig.  4-36).  Distortion  effects  may  be 
important  for  compound  configurations,  in  which  the 
wake  remains  very  close  to  the  rotor  disk  due  to  the 
nearly  zero  rotor  shaft  tilt  when  the  rotor  is  not  re- 
quired to  supply  propulsive  force. 

Li  addition  to  the  effect  of  rotor  wake  upon  inflow, 
there  ue  other  effects  that  generally  art  not  included 
in  routine  design  analyses  but  that  can  affect  the  rotor 
inflow.  The  presence  of  an  airframe  and  propellers  will 
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alter  main  rotor  inflow  (Ref.  32).  In  the  case  of  the  tail 
rotor,  the  influence  of  the  rotor  wake  and  flow  over  the 
main  rotor  hub,  as  well  as  blockage  due  to  the  tail 
pylon,  can  be  significant  factors  (Refs.  33  and  34). 

4-9. 1.1. 3 Rotor  Position  and  Motion 

Both  the  Up  and  Ur  terms  are  affected  both  by  the 
actual  blade  location  in  space  and  by  the  motion  of  the 
blade.  The  forward  velocity  of  the  aircraft  must  be 
corrected  by  the  sum  of  the  rotor  shaft  inclination  to 
the  flight  direction  and  the  local  blade  flapping  angle 
to  arrive  at  the  local  Ur  and  £/r  components  of  forward 
velocity.  In  addition,  the  outof-plane  or  flapping 
velocity  of  a blade  element  affects  the  Up  term,  while 
lag  velocity  affects  f/r.The  flapping  velocity  term  is  a 
significant  term  for  providing  aerodynamic  damping  of 
the  blade. 

It  would  require  a lengthy  derivation  to  define  how 
all  of  the  elements  discussed  specifically  enter  into  the 
angle-of-attack  calculation  and  the  dynamic  pressure 
calculation.  This  is  discussed  in  Refs.  33,  36,  and  37.  A 
typical  angle-of-attack  distribution  for  a rotor  at  high 
forward  speed  is  shown  in  Fig.  4-37.  A typical  local 
velocity  (Mach  number)  distribution  from  which  the 
dynamic  pressure  is  calculated  is  shown  in  Fig.  4-38. 
These  two  elements,  along  with  the  airfoil  characteris- 
tics, must  be  known  to  define  the  airloads  on  a rotor 
blade. 


4-9. 1.1. 4 Airfoil  Characteristics 

In  the  earliest  rotor  performance  analyses,  designers 
assumed  that  an  airfoil  could  be  represented  simply  as 
a lift-curve  slope  and  an  angle  of  attack.  This  model 
neglected  stall,  but  as  long  as  the  vehicle  was  installed- 
power  limited  (as  early  helicopters  were)  and  operated 
at  low  flights  speeds,  little  or  none  of  the  rotor  disk 
encountered  stall.  A more  sophisticated  model  avoided 
stall  by  not  permitting  the  blade  section  lift  coefficient 
to  exceed  some  fixed  value.  (In  these  models,  drag  and 
section  pitching  moment  customarily  were  ignored.) 

In  fixed-wing  practice  the  primary  importance  of 
stall  is  the  definite  upper  limit  to  lift.  However,  stall  on 
a helicopter  is  accompanied  by  so  many  other  effects  of 
near-equal  importance  that  the  simple  models  pre- 
viously mentioned  are  inadequate  for  prediction  of  ro- 
tor airloads  and  stresses.  Therefore,  two-dimensional 
aerodynamic  data  were  introduced  into  the  analyses. 
These  data,  based  upon  two-dimensional  wind  tunnel 
data,  were  used  because  the  aspect  ratio  of  a helicopter 
rotor  Made  normally  is  large  enough  that  finite  aspect 
ratio  corrections  can  be  neglected.  Such  effects  are 
represented  instead  by  an  empirical  “tip  loss”  and/or 
“root  loss”  in  the  lift  (and  sometimes  pitching  moment) 
and  by  the  addition  of  a drag  coefficient  increment  for 
surface  roughness  and  similar  effects. 
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Fig.  4-35.  Noadisturtcd  Rotor  Wake  Geometry  (Wake  Skew  Neglected) 
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PI*.  4-36.  Wake  TraJectcrim  for  Om  Blade  (Hoveriag  Flight,  CGE) 


With  the  inclusion  of  two-dimensional  aerodynamic 
data,  it  is  instructive  to  observe  the  effects  of  lift,  drag, 
and  pitching  moment  on  rotor  loads,  particularly  in  the 
vicinity  of  stall.  Lift,  as  commonly  defined,  is  perpen- 
dicular to  the  relative  wind.  Thus,  the  primary  compo- 
nent of  lift  is  in  the  flapwise  direction,  which  is  out  of 
the  plane  of  rotation.  However,  a small  inplane  compo- 
nent exists  and  may  tend  either  to  retard  blade  rotation 
(thus  requiring  added  power)  or  to  aid  it  (as  in  the  case 
of  autorataticn).  Its  magnitude  may  he  similar  to  that 
of  the  airfoil  drag  force.  Conversely,  the  primary  result 
of  airfoil  drag  is  excitation  of  blade  chord  wise  bending. 


while  a small  component  of  drag  is  out  of  the  plane  of 
rotation. 

It  is  obvious  that  both  of  these  forces  are  capable  of 
providing  a moment  about  the  Made  feathering  axis. 
With  a blade  deflected  above  or  below  the  feathering 
axis,  moments  tending  to  increase  or  decrease  blade 
pitch  may  be  generated  by  those  airloads  that  are  ec- 
centric to  the  feathering  or  control  axis.  When  the 
elastic  axis  of  the  blade  is  ahead  of  or  behind  the  feath- 
ering axis,  the  airloads  also  can  cause  moments  that 
tend  to  increase  or  decrease  pitch.  These  effects  may 
tend  partially  to  cancel  each  other;  by  appropriate 
blade  design  these  moments  may  be  arrauged  to  be 
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compensating.  The  blade  aerodynamic  pitching  mo- 
ment then  becomes  the  primary  excitation  in  blade 
torsion. 

Because  of  variations  in  Mach  number,  Reynolds 
number,  and  angle  of  attack,  each  span  wise  portion  of 
the  rotor  blade  stalls  at  a different  azimuthal  location. 
For  some  conditions,  the  lift  stall  is  sharp  and  well 
defined;  for  others,  it  is  simply  a region  where  lift  ceases 
increasing  with  angle  of  attack  and  remains  constant. 
However,  steady-state  stall  always  is  accompanied  by 


a rapid  increase  in  both  drag  and  pitching  moment 
components  of  aerodynamic  excitation.  Thus,  if  a seg- 
ment of  a blade  penetrates  the  stall  region  momentarily 
as  it  proceeds  around  the  azimuth,  local  impulsive 
loading  will  occur  and  may  excite  various  vibratory 
modes.  As  Mach  number  increases,  it  becomes  more 
important  to  include  finite  aspect  ratio  effects  in  the 
determination  of  applicable  airfoil  characteristics.  This 
is  particularly  true  of  pitching  moment  coefficient 
CM  for  its  effect  upon  blade  torsion. 


DIRECTION  OF  FLIGHT 
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Fig.  4-37.  Angle-of-attack  Distribution  at  High  Forward  Speed 


■n-T^irf  . nj,  ^ ^^wt'-  't^i j^y» jj»s- 


>7K7icv«yjT*r>i  7s 


i"7>j*'  "y^v^yis*  *T"^r.  }77r,Tiv.-^' 


£ 


i 


Fig.  4-38.  Mach  Number  Distribution  at  High  Forward  Speed 


Because  stall  characteristics  vary  widely  with  airfoil 
section,  it  might  be  expected  that  each  analytical  inves- 
tigation would  use  only  the  airfoil  data  applicable  to  the 
particular  design.  This  is  not  always  true.  Many  heli- 
copters have  been  built  with  only  a few  different  airfoil 
sections,  and  data  on  these  sections  are  available 
readily.  Wind  tunnel  data  on  a more  exotic  section 
contemplated  for  a new  design  often  are  unavailable,  or 
very  expensive  to  obtain;  but  because  the  flow  field 
itself  is  difficult  to  define,  the  data  from  a closely 
related  “standard”  section  often  can  be  used  without 
significant  loss  of  accuracy.  An  even  more  common 
practice  during  preliminary  analysis  is  to  neglect  the 
effect  upon  section  characteristics  of  production/oper- 
ational departures  of  airfoil  contour  such  as  erosion 
strips,  blunt  trailing  edges,  and  tabs,  from  the  theoreti- 
cal section  contour. 

In  most  of  the  more  advanced  computerized  analy- 
ses, the  lift,  drag,  and  blade-pitching  moment  coeffi- 
cients sure  obtained  from  a table  look-up  procedure 
bused  upon  both  angle  of  attack  and  Mach  number. 
Such  tables  are  generated  either  from  wind  tunnel  data 
or  from  the  collections  of  such  data  in  the  literature  and 
the  classic  source  for  such  data  is  Kef.  38.  In  either 
case,  the  table  look-up  procedure  should  handle  ade- 


quately the  nonliaearities  encountered.  While  Mach 
number  usually  is  defined  better  than  angle  of  attack, 
the  uncertainties  in  describing  the  flow  field  make  data 
at  the  more  extreme  Mach  numbers  questionable  be- 
cause of  wall  effects,  transonic  flow,  and  other  com- 
plications in  gathering  the  initial  airfoil  data  in  the 
wind  tunnel.  Reynolds  number  effects  often  are  lumped 
with  Mach  number  because,  during  a constant  chord 
airfoil  test  in  a given  atmosphere,  Reynolds  number 
and  Mach  number  vary  together. 

Recent  analytical  improvements  in  the  treatment  of 
airfoil  properties  include  attempts  to  include  radial 
flow  and  unsteady  aerodynamic  effects.  Radial  flow 
effects  are  the  helicopter  analog  of  swept-wing  theory, 
and  arise  from  considering  the  skewed  flow  on  the 
airfoil.  Skewed  flow  implies  that  the  airfoil  section  as 
seen  by  the  airstream  should  be  modified  to  account  for 
the  fact  that  the  flow  does  not  run  perpendicular  to  the 
span,  and  that  the  total  velocity  and  dynamic  pressure 
also  are  modified.  Further  work  is  required  in  this  area 
(see  Chapter  3).  Unsteady  aerodynamic  effects  arise 
from  the  fact  that  the  actual  rotor  blade  angle  of  attack 
changes  too  rapidly  to  be  represented  properly  by 
steady-state  aerodynamics.  Most  existing  unsteady 
data  were  obtained  for  simple  harmonic  motion  of  an 
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airfoil  (Refs.  39  and  40),  while  rotor  blades  execute 
multihannomc  motion.  Thus,  work  on  the  application 
of  unsteady  aerodynamic  data  to  helicopter  rotors  re- 
quires careful  consideration  of  the  proper  means  of 
making  the  data  and  the  environment  compatible. 

4-9. 1.1. 5 Transient  Loads 

Two  of  the  more  important  perturbations  encoun- 
tered by  helicopter  rotors  are  gust  loads  and  flight 
maneuver  loads.  Both  are  amenable  to  simplified  de- 
scriptions and  are  treated  in  detail  only  rarely.  Here, 
both  simplified  and  detailed  models  will  be  discussed 
for  completeness. 

The  actions  of  a gust  in  producing  a load  transient 
on  a rotor  begin  with  the  change  in  angle  of  attack  that 
a shift  in  the  flow  field  logically  will  cause.  This 
changes  the  lift,  drag,  and  moments  appearing  on  the 
rotor  blade.  The  blade  reacts  to  these  changes  and  in 
so  doing  feeds  a force  and  moment  change  into  the 
airframe.  The  airframe  reacts  to  these  forces  and  to  any 
added  forces  the  gust  produces  (such  as  a change  in  the 
lift  of  the  body  and  wing).  Thus,  a gust  produces  a load 
transient  that  occurs  as  an  aerodynamic  impulse,  fol- 
lowed by  dynamic  responses  that  tend  to  alleviate  the 
initial  shock. 

The  aerodynamic  impulse  is  a function  of  the  ampli- 
tude and  wave  form  of  the  atmospheric  disturbance, 
but  is  not  easily  predictable  because  a given  angle  of 
attack  change  Aa  or  ma  not  cause  a corresponding 
linear  change  in  CL , Cc,and  0/  . Stall  effects  and  other 
nonlinearities  complicate  the  picture. 

In  addition  to  this  uncertainty  in  the  efFect  of  a given 
Aa,  it  should  be  realized  that  the  A a is  itself  an  un- 
known because  a gust  is  a near-random  atmospheric 
disturbance.  To  further  complicate  matters,  the  gust 
alleviation  produced  by  aircraft  dynamic  responses  is  a 
complex  phenomenon  that  varies  with  the  vehicle  un- 
der study.  In  the  light  of  such  complexities,  simplifica- 
tions commonly  are  adopted. 

Discrete  gust  models  are  used  for  design  purposes  in 
examining  the  limit  blade  response  or  extreme  load. 
This  involves  modeling  only  the  limit  gust  of  interest. 
Because  of  their  direct  effect  upon  blade  angle  of  at- 
tack, vertical  gusts  are  much  more  critical  and  are  the 
only  ones  normally  considered.  Experience  has  shown 
that  severe  step  functions  do  not  occur  in  the  atmos- 
phere; that  dynamic  response  alleviation  often  is  quite 
significant;  and  that  a better  empirical  approach  can 
account  for  both  effects  (par.  4-4.3).  Such  an  approach 
might  use  ramp  and/or  trigonometric  functions.  A typ- 
ical example  is  a 50-fps  sine-squared  function  with  a 
ramp  length  of  90  ft  (see  Ref.  9). 
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The  gust  having  been  described,  the  means  of  apply- 
ing it  to  the  rotor  system  are  considered.  In  the  simplest 
rotor  models  the  gust  is  converted  into  an  instantane- 
ous effective  change  in  the  inflow  ratio  AX,  and  this 
AX  is  applied  sumufraneously  to  the  entire  rotor  disk. 
For  a more  sophisticated  description,  a gust  penetra- 
tion model  is  used.  This  method  requires  that  the  gust 
be  applied  to  each  blade  element/time  combination  as 
a local  change  in  the  flow  field  rather  than  as  a change 
in  the  average  downwash.  The  effect  of  the  gust  is 
accounted  for  in  the  analysis  as  a change  in  angle  of 
attack,  which  in  turn  can  be  accounted  for  in  complex 
blade  analyses  such  as  are  discussed  in  par.  4-9. 1.2. 

The  load  transient  produced  by  a maneuver  is  in 
some  ways  analogous  to  the  gust  load  transients  pre- 
viously discussed.  Pilot  action  initiates  an  angle  of  at- 
tack change  in  the  rotor  system,  producing  forces  and 
moments  fed  from  the  rotor  to  the  aircraft,  which  then 
responds  dynamically.  However,  the  maneuver  loads 
are  a closed  loop;  the  dynamic  response  of  the  aircraft 
causes  further  changes  ir.  the  aerodynamic  loading;  and 
the  process  repeats.  While  the  gust  situation  involves 
excitation  primarily  in  one  direction,  with  dynamic  re- 
sponse alleviating  the  loading  without  truly  changing 
the  qualitative  character,  maneuver  loads  are  multidi- 
rectional and  the  dynamic  responses  are  of  much  more 
significance.  This  easily  is  seen  in,  for  example,  a roll. 
To  obtain  a large  roll  acceleration,  the  lift  must  be 
asymmetrical.  At  high  roll  rates,  gyroscopic  precession 
is  significant.  Similarly,  a 30  deg/sec  roll  rate  on  a large 
helicopter  (rotor  diameter  of  about  70  ft)  implies  a 
vertical  velocity  component  at  the  tip  of  about  20  fps, 
which  increases  the  angle  of  attack  on  one  side  and 
decreases  it  on  the  other. 

There  art  two  common  means  of  modeling  maneu- 
ver loads.  In  the  first  case,  only  the  primary  effect  of 
a maneuver — the  increase  in  load  factor  on  the  aircraft 
and  thus  the  lift  required  from  the  rotor  disk — is  con- 
sidered. This  also  may  include  consideration  of  redistri- 
bution of  airloads  to  reflect  a changed  hub  moment. 

However,  this  method  is  inadequate  for  prediction  of 
the  details  of  the  blade  loading  and  the  resultant 
stresses.  A more  exact  approach  involves  applying,  at 
the  rotor  hub,  the  acceleration  and  rotation  time  histo- 
ries actually  felt  there,  along  with  the  corresponding 
time  history  of  control  positions.  Thir.  has  the  effect  of 
fully  describing  the  maneuver  and  has  been  found  to 
provide  insight  into  the  source  of  the  stress  changes 
caused  in  maneuvering  flight.  This  may  be  done  in  a 
closed  loop — assuming  that  the  forces  and  moments 
that  the  rotor  produces  are  consistent  with  the  acceler- 
ations of  the  hub  by  which  one  describes  the  maneuver 
— or  it  may  be  done  open  loop,  ignoring  the  need  for 
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Aiselage  dynamics  to  obtain  a consistent  set  of  dynamic 
conditions.  As  long  as  the  maneuver  is  welt  known 
(such  as  a banked  turn,  roll,  and  dive  pullout)  and  the 
model  has  been  shown  to  be  consistent  for  earlier  cases, 
open  loop  operation  probably  is  adequate.  Further  de- 
scriptions of  this  type  of  analysis  can  be  found  in  Ref. 
41. 

4-9. 1.2  Analytic  Approach  to  Rotor  Load 
Prediction 

Accurate  analytic  prediction  of  the  loads  generated 
by  a rotor  requires  a sophisticated  mathematical  der 
scription  of  the  dynamic  characteristics  of  the  rotor 
system,  together  with  accurate  definition  of  aerody- 
namic forcing  functions.  The  dynamic  complexity  of 
rotors  and  the  aerodynamic  environment  in  which  they 
operate  makes  this  no  simple  task.  By  way  of  example, 
a system  comprising  only  the  rotor  blades  and  the  rotor 
hub  will  be  discussed.  This  neglects  airframe/rotor  sys- 
tem dynamic  coupling. 

The  primary  objective  is  the  prediction  of  the  re- 
sponses of  the  rotor  blades  to  the  aerodynamic  forces. 
The  responses  having  been  established,  the  rotor  loads 
can  be  calculated.  To  do  this,  the  differential  equations 
of  motion  of  the  dynamic  system  are  set  up  first. 

A common  method  of  representing  the  blade  dynam- 
ics is  to  assume  that  the  blade  displacements  qB  can  be 
represented  by  the  sum  of  a series  of  modal  coordinates 
(Fig.  4-39).  These  modal  coordinates,  by  separation  of 
variables,  can  be  represented  by  the  product  of  the 
mode  shape  variables  (functions  of  blade  radius 
only),  and  by  a function  that  defines  the  magnitude  of 
the  particular  modal  participation  |,(a  function  of  time 
only).  The  modal  functions  generally  are  referred  to  as 
normal  or  principal  modes  and  have  the  important 
mathematical  property  of  being  orthogonal;  i.e.,  mo- 
tion in  each  normal  mode  can  exist  independently. 
Thus,  the  number  of  normal  modes  chosen  is  equiva- 
lent to  the  number  of  degrees  of  freedom  describing  the 
motion  of  each  blade.  This  method  can  be  applied  to 
represent  the  flapwisc,  chord  wise,  and  torsional  blade 
displacements.  Clearly,  the  greater  the  number  of 
modes  chosen  to  define  the  deflections,  the  more  accu- 
rate the  representation.  The  number  used  is  dependent 
upon  the  order  of  the  highest  forcing  frequency.  In 
practice,  a total  of  approximately  10-15  modes  gener- 
ally is  sufficient  to  define  the  motions  of  each  blade. 

The  mode  shapes  and  correspond!  ig  frequencies  can 
be  obtained  by  any  standard  method  of  obtaining  the 
free  vibration  characteristics  of  a continuous  system, 
e.g.,  the  method  of  Myklestad  (Refs.  41  and  42).  This 
modal  representation  is  applicable  to  blades  with  any 


general  form  of  root  boundary  conditions,  from  fully 
articulated  through  rigid. 

The  fact  that  the  normal  modes  are  orthogonal  does 
not  preclude  the  inclusion  of  dynamic  coupling  terms 
in  the  description  of  the  rotor  system.  This  is  achieved 
by  simply  including  the  coupling  effects  as  applied 
forces.  Based  upon  the  desired  degree  of  accuracy,  the 
physical  description  of  the  blades  may  include  the  ef- 
fects of  any  or  all  of  the  following:  blade  twist,  chord- 
wise  mass  unbalance,  counterweights,  noncoincidence 
of  elastic  axis  and  quarter  chord,  and  radially  varying 
blade  properties. 

To  obtain  the  dynamic  system  differential  equations 
of  motion,  the  absolute  translational  and  rotational 
coordinates  of  motion  of  any  blr.de  element  are  ob- 
tained. This  is  achieved  conveniently  through  a series 
of  coordinate  transformations,  which  allow  definition 
of  the  blade  velocity  vector  that  is  used  to  specify  the 
blade  kinetic  energy.  Potential  and  dissipation  energies 
resulting,  for  example,  from  blade  root  springs  and 
dampers  are  obtained  readily  through  use  of  the  rela- 
tive coordinates  of  motion.  The  analytic  forms  of  these 
energy  functions  having  been  obtained,  the  method  of 
Lagrange  may  be  used  to  establish  the  differential  equa- 
tions. Lagrange’s  method  states  that 

d&Tlbq) 

bT/bqs  + dV/dqa+bD/dqs  = Qs  (4-28) 


where 

T — kinetic  energy,  ft-Ib 
V — potential  energy,  ft-lb 
D ~ dissipation  energy,  ft-lb 
q,  = coordinates,  or  degrees  of 
freedom,  defining  system 
morion,  ft 

The  Q,  are  applied  generalized  forces  that  will  be  dis- 
cussed in  a subsequent  paragraph.  For  accurate  repre- 
sentation, significant  nonlinear  terms  generally  are  re- 
tained in  the  equations.  In  addition  to  these 
nonlinearities,  the  equations  contain  time-dependent 
coefficient  temis — the  dependency  arising  from  the  ro- 
tational nature  of  the  system. 

The  aerodynamic  characteristics  of  a given  airfoil 
cannot  be  calculated  accurately.  Linear  analytic  ex- 
pressions defining  the  airfoil  characteristics  can  be  used 
in  certain  stability  studies,  but  such  a practice  generally 
is  not  acceptable  for  accurate  prediction  of  rotor  loads. 
There  are  many  reasons  for  this,  not  the  least  being  the 
very  complex  nature  of  the  airflow  around  the  airfoil, 
pan!  ularly  in  regions  of  stall  or  high  Mach  number 
operation.  For  this  reason  aerodynamic  inputs  rely 
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upon  the  results  of  large  numbers  of  wind  tunnel  tests 
(see  par.  4-9. 1.1.4). 

The  aerodynamic  forces  experienced  by  the  rotor 
system,  in  addition  to  being  functions  of  the  aerody- 
namic characteristics  of  the  blades,  are  functions  of  the 
rotor  system  displacements  and  velocities.  For  this  rea- 
son there  is  a high  degree  of  coupling  between  dynamic 
system  motions  and  the  aerodynamic  environment. 

In  producing  thrust,  a rotor  generates  induced  veloc- 
ities across  the  rotor  disk  (Ref.  31).  These  velocities 
are  important  as  they  affect  the  blade  angle-of-attack 
distributions  and,  hence,  bfode  load  characteristics. 
They  are  the  result  of  the  shed  and  trailing  wakes  gene- 
rated by  the  rotor  blades,  and  various  degrees  of  sophis- 
tication may  be  employed  in  predicting  their  effects. 
The  simplest  method  assumes  a uniform  distribution  of 
induced  velocities  across  the  disk,  whereas  the  most 
rigorous  methods  calculate  the  free  wake  geometry  and 
the  resultant  induced  velocity  distribution  across  the 
disk.  The  degree  of  accuracy  required  in  the  rotor  loads 
prediction  determines  which  method  is  employed. 


The  generalized  forces  , which  as  stated  earlier 
may  be  the  result  of  dynamic  coupling  or  aerodynamic 
effects,  may  be  obtained  by  employing  the  principle  of 
virtual  work.  This  in  its  simplest  form  states  that 


where 

P,  — forces  applied  at  any  station  4 
lb 

X,  = absolute  position  vectors  of  the 
points  4 ft 

Combining  the  dynamic  system  equations  and  the 
generalized  forcing  functions  leads  to  a complex,  non- 
linear set  of  second  order  differential  equations  with 
time-dependent  coefficients.  These  can  be  solved  only 
by  numerical  techniques  and  high-speed  computers. 
Briefly,  the  method  employed  is  to  compute  the  system 
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Fig.  4-39.  Modal  Representation  of  Blade  Displacements 
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Flg.  4-40.  Elements  in  Analysis 


response  characteristics  at  each  instant  of  time  as  the 
/ blades  travel  azimuthally.  In  this  way  the  transient 
blade  deflections  and  the  moments  and  stresses  consist- 
ent with  these  deflections  are  obtained.  At  the  same 
time,  the  shears  and  moments  at  the  blade  root  are 
calculated. 

For  steady  flight  all  blades  track  in  the  same  manner, 
therefore,  hub  forces  and  moments  may  be  obtained 
from  a summation  over  all  blades  of  the  root  shears  and 
moments  derived  from  a single  blade  analysis.  How- 
ever, under  certain  circumstances,  e.g.,  certain  condi- 
tions of  turbulence,  a multibladed  analysis  is  necessary. 

Fig.  4-40  shows  in  block  form  how  the  elements 
discussed  may  be  structured  to  form  the  basic  analysis. 

It  has  not  been  possible  here  to  discuss  all  of  the 
important  aspects  of  rotor  load  predictions.  For  exam- 
ple, the  effects  of  airframe  dynamics  or  airframe/rotor 
interference  have  not  been  included;  but  it  has  been 
shown  that  the  problem  is  complex  and  requires  sophis- 
ticated treatments  to  obtain  accurate  forecasts  of  the 
rotor  response  and  load  characteristics.  More  detailed 
information  is  available  in  Refs.  35,  36,  37,  and  43. 

Unfortunately,  few  simplified  procedures  give  mean- 
ingful results.  There  is,  however,  a simplified  method 
for  estimating  flapwise  bending  moment  characteristics 
of  rotor  blades  (Ref.  44)  that  merits  mention.  This 
report  shows  that  the  flapwise  bending  moments  are 


basically  linear  functions  of  several  independent  rotor 
parameters  and  can  be  computed  by  transfer  function, 
superposition  techniques.  Transfer  coefficients  that  re- 
late rotor  parameters  to  harmonics  of  moment  are  pre- 
sented in  the  form  of  design  charts  for  a wids  range  of 
parameters  and  operating  conditions.  Detailed  proce- 
dures for  using  these  design  charts  in  conjunction  with 
performance  charts  (Ref.  45)  are  described  and  illus- 
trated with  sample  calculations.  The  method  is  shown 
to  provide  quantitatively  accurate  results  at  advance 
ratios  from  0.25  to  0.4. 

4-9. 1.3  Preliminary  Design  Considerations 

The  basic  requirements  for  rotor  blade  analysis  are 
contained  in  MIL-S-8698.  In  addition,  checks  of  cen- 
trifugal stress,  static  bending  stress  and  deflection,  and 
resonant  frequencies  are  used  in  the  early  stages  to  size 
the  blade  structure. 

Before  the  blade  can  be  analyzed  structurally,  the 
various  axes  of  the  blade  must  be  located.  Because 
symmetrical  airfoils  usually  are  used,  the  blade  chord 
is  taken  as  the  centerline  of  symmetry  of  all  sections  of 
the  blade  structure.  This  leaves  the  axes  perpendicular 
to  the  mean  chord — the  flexural  (or  neutral)  axis  for 
chordwise  bending,  the  shear  center,  the  feathering  ax- 
is—to  be  located,  and  the  center  of  tensile  restraint  and 
the  mass  centroid  (or  CG)  of  the  entire  blade. 
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Symmetrical  airfoils  with  practicable  construction, 
operating  at  low  Mach  numbers  and  below  stall,  have 
their  aerodynamic  centers  at  the  quarter-chord  point 
(Fig.  4-41).  This  usually  is  used  as  the  location  of  the 
feathering  axis  and  the  mass  centroid  to  avoid  stall  and 
torsional  divergence.  The  shear  center  also  is  located  at 
the  quarter-chord  because  the  summation  of  all  tor- 
sional shears  should  be  zero;  any  other  location  would 
produce  a torsional  shear  moment.  To  keep  the  blade 
straight  in  flight,  the  intersection  of  the  flapping  and 
lead-lag  hinges  also  is  placed  at  the  quarter  chord; 
consequently,  the  flexural  axis  should  be  at  the  same 
location.  The  blade  structure  must  be  proportioned  so 
as  to  place  these  axes  in  approximately  the  correct 
location.  If  they  are  not,  an  iterative  step  is  needed  at 
this  stage,  altering  the  distributions  of  mass  and/or 
stiffness  to  correct  the  deficiency. 

Although  symmetrical  airfoils  normally  are  used,  it 
may  with  some  blade  sections  be  desirable  to  locate  the 
mass  centroid  and  the  shear  center  forward  of  the  aero- 
dynamic center  for  greater  blade  stability. 

Because  the  blade  is  subjected  to  various  combina- 
tions of  flapwise  and  chordwise  bending,  centrifugal 
tension,  flapwise  and  chordwise  shear,  and  torsional 
moments,  it  is  necessary  to  determine  the  spar  cross- 
sectional  area,  flapwise  and  chordwise  moments  of  in- 
ertia, mass  distribution,  mean  area  enclosed  by  the  spar 
outer  and  inner  boundaries,  spar  mean  line  perimeter, 
and  wall  thickness  at  several  locations  (Fig.  4-42). 
These  properties,  in  addition  to  the  inherent  properties 
of  the  spar  material — such  as  its  tensile  and  shear 


moduli  of  elasticity — are  sufficient  to  determine  the 
flapwise  and  chordwise  bending  stresses,  shear  stresses, 
torsional  rigidity,  torsional  stresses,  spur  weight,  and 
natural  frequencies. 

Approximately  six  stations  along  the  blade  v ' 
lected,  and  the  spar  section  is  laid  out  at  each 1 
The  properties  of  each  section  are  calc  / >.  in- 

dividual curves  of  cross-sectional  area  and  A>{.  vige  and 
chordwise  moments  of  inertia  are  plotted  against  blade 
radius.  Because  a plot  of  blade  mass  distribution  also 
is  required  for  use  in  the  calculation  of  blade  weight, 
natural  frequencies,  and  stresses,  an  estimate  of  the 
weights  of  the  nonstructural  blade  components  at  each 
station  is  included,  based  upon  experience  and  trend 
studies. 

Centrifugal  stresses  created  in  the  spar  by  blade  rota- 
tion then  are  checked  at  several  stations  along  the  bladt 
spar.  Slight  modifications  are  made,  as  required,  to  the 
spar  wall  thickness  to  adjust  for  overstressed  or  under- 
stressed conditions.The  centrifugal  stress  should  be  se- 
lected on  the  basis  of  repeated  application,  (start-stop 
cycle)  and  with  consideration  for  the  superposition  of 
vibratory  stresses  in  flight.  A maximum  value  of  20% 
of  allowable  tensile  stress  can  be  used. 

With  the  blade  approximately  sized  in  this  manner, 
the  blade  is  considered  to  be  cantilevered  horizontally 
at  the  root,  and  static  bending  stresses  and  deflections 
are  computed.  Modifications  may  be  made  to  the  span- 
wise  taper  to  adjust  the  tip  deflection  to  a value  suitable 
for  adequate  operating  clearance  of  other  airframe 
components  (par.  13-1)  and  to  provide  a positive  mar- 
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gin  of  safety  with  a limit  load  factor  of  4.67  for  ground 
handling. 

Buckling  of  the  spar  may  occur  at  a stress  below  the 
allowable  static  stress  if  the  compresdvs  stress  due  to 
bending  exceeds  a critical  value.  The  subsequent  analy- 
sis treats  the  spar  wall  as  a curved  plate  and  defines  a 
critical  compressive  stress  as  a function  of  the  dimen* 
sions  and  modulus  of  elasticity  of  the  plate. 

The  dimensions  used  in  the  buckling  analysis  are 
taken  from  scale  drawings  of  the  blade  spar  sections.  By 
ignoring  sharply  curved  front  and  rear  extremities  of 
the  spar,  a circular  arc  is  fitted  to  the  upper  or  lower 
spar  wall  shape,  using  a three-point  fit.  The  radius  of 
curvature  rt  and  wall  thickness  t,  both  in  in.,  are  used 
in  selecting  the  proper  curve  for  determination  of  the 
dimensionless  constant  Kt  (Fig.  4-43).  The  chordal 
width  IF of  the  spar,  also  in  in.,  is  used  to  determine 
the  abscissa  W7/(r,t)  ora  the  graph.  The  selection  of  the 
appropriate  value  for  IF  is  very  important  inasmuch  as 
its  contribution  to  the  critical  stress  is  of  the  second 
order  ( W 0- Appropriate  values  of  t and  W,  combined 
with  modulus  of  elasticity  & inpsi,  and  Kc  are  used  in 
the  calculation  of  critical  buckling  stress  Fc  in  the 
equation: 

-p”  f4-30' 


Ftfr  may  then  be  plotted  against  rotor  radius.  It  is  a 
limiting  value  of  axial  compressive  stress  for  the  blade 
spar.  Bending  stress  may  exceed  this  value  by  the 
amount  of  the  tensile  stress  superimposed  by  centrifu- 
gal force.  Thus,  the  conditions  for  which  buckling 
becomes  a critical  design  consideration  arc  most  likely 
to  be  those  wherein  the  rotor  is  stopped,  or  nearly 
stopped. 


Fig.  , 4-43.  Determination  of  Constant  Kc  to 
Calculate  Critical  Budding  Stress  (Eq.  4-39) 

The  blade  now  is  sized  to  approximately  the  propor- 
tions required  by  dynamic  loading  considerations.  In 
subsequent  analytical  steps,  severe  dimensional 
changes  involving  complete  iteration  of  previous  work 
are  unlikely.  The  calculation  of  resonant  frequencies 
for  flapwise  and  chordwise  bending  are  discussed  in 
par.  5-3. 

Small  adjustments  now  are  made  in  the  section  pro  - 
erties  to  correct  for  dimensional  changes  that  have 
been  made  during  these  preliminary  analyses.  Tor- 
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sional  stiffness  is  calculated  for  each  section  by  stand- 
ard methods,  e.g,.  Ref.  46.  The  properties  now  are 
ready  for  more  extensive  stress  calculation,  and  can  be 
plotted  against  rotor  radius  for  convenience. 

Rotor  blade  stress  and  fatigue  analysis  are  discussed 
in  detail  in  par.  4-11. 


4-9.2  HUB  LOADS 

The  hub  is  the  central  structure  of  both  main  and  tail 
rotors.  On  any  kind  of  helicopter  the  hub  transmits 
flight  loads  to  the  airframe,  and  on  shaft-driven  heli- 
copters it  is  the  structure  through  which  the  drive 
torque  is  distributed  to  the  blades. 

4-9.2. 1 Characteristics  of  Rotor  Hubs 

The  blades  of  all  rotors  are  attached  to  a mechanism 
that  permits  their  pitch  or  incidence  to  be  varied.  This 
mechanism  is  usually  the  most  outboard  portion  of  the 
hub.  (In  some  rotors  this  function  is  accomplished  by 
twisting  the  blade  itself.)  Inboard,  the  nonpitching  part 
of  the  hub  may  have  hinges  that  permit  the  blades  to 
move  in  the  flapping  and  lead-lag  planes. 

Rotor  blades  will  seek  an  equilibrium  position  in  the 
vertical  plane  by  moving  around  the  flapping  hinge, 
real  or  simulated.  The  main  loads  determining  the  equi- 
librium position  are  the  thrust,  or  vertical  airload,  and 
the  centrifugal  force.  Because  the  centrifugal  force  is 
10-20  times  as  large  as  the  vertical  airload,  the  blade 
axis  will  have  a slight  angle  with  respect  to  the  plane 
of  rotation.  This  angle  is  known  as  coning  angle. 

If  a load  that  varies  once  per  revolution  is  applied  to 
the  blade,  the  latter  will  respond  with  a oncc-per- revo- 
lution motion  about  its  flapping  hinge.  The  result  is  a 
tilt  of  the  plane  in  which  the  blade  is  moving,  with  the 
angle  of  tilt  equal  to  the  flapping  angle  of  the  individual 
blades.  Most  helicopters  are  controlled  by  lilting  the 
plane  of  rotation  of  all  blades. 

The  thrust  vector  will  tilt  with  the  plane  of  rotation 
and  will  have  a component  in  the  direction  of  tilt.  It  is 
this  component  that  makes  the  helicopter  move  in  the 
direction  of  rotor  tilt.  In  level  flight  the  vertical  compo- 
nent of  the  thrust  vector  is.  equal  to  the  weight  of  the 
helicopter. 

A number  of  different  types  of  rotor  hubs  have  been 
developed  and  are  in  use.  The  characteristics  of  the 
fundamental  concepts  employed  for  rotor  control  are 
discussed  in  par.  3-3.3.  The  advantages  and  disadvan- 
tages of  the  various  types  are  reviewed  in  that  discus- 
sion. 
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4-9.2.2  Analysis  of  Rotor  Loads 

The  determination  of  loaiis  on  an  individual  rotor 
blade  is  discussed  in  par.  4-9. 1 . The  combination  at  the 
hub  of  the  periodically  varying  loads  on  the  rotor 
blades  and  the  resultant  loads  that  are  transmitted 
through  the  hub  to  the  airframe  are  discussed  in  par.  5-2. 

The  physical  characteristics  of  helicopter  rotors,  as 
described  by  the  distribution  of  mass  and  elastic  prop- 
erries  and  the  aerodynamic  environment  in  which 
they  operate,  are  far  from  linear  with  respect  to  either 
radial  location  or  azimuthal  orientation.  The  typical 
digital  computer  analysis,  therefore,  treats  the  rotor  by 
considering  various  aerodynamic  and  dynamic  effects 
at  discrete  points  as  a function  of  radial  location  and 
azimuth  position.  By  increasing  both  the  number  of 
radial  locations  and  the  number  of  azimuth  positions, 
the  solution  for  the  nonlinear  physical  system  may  be 
obtained  to  within  an  acceptable  degree  of  accuracy. 

For  preliminary  design,  the  principal  uses  of  com- 
puter analyses  are  the  screening  of  proposed  structural 
configurations  and  the  initial  dynamic  tuning  to  avoid 
resonance  with  known  excitation  frequencies.  The  cur- 
rent techniques  include  the  computation  of  aerody- 
namic forces  along  the  blades  based  upon  steady-state 
aerodynamic  coefficients.  These  forces  are  applied  to 
rotating  beams  that  are  restrained  to  the  mast  by  appro- 
priate hub  kinematics  so  as  to  represent  the  boundary 
conditions  for  rigid,  semirigid,  gimbalcd,  or  articulated 
rotors,  as  appropriate.  The  resulting  steady  and  vibra- 
tory blade  moments  then  are  calculated  for  use  in  the 
stress  calculations.  The  resultant  shear  loads  at  the  hub 
are  combined  to  form  the  forces  that  will  cause  the 
fuselage  to  vibrate.  Much  design  effort  is  spent  to 
reduce  the  oscillatory  loads  in  the  rotor  and  to  mini- 
mize the  vibration  level  at  high  forward  velocities.  Ro- 
tor hubs  generally  are  fatigue-critical  components,  and 
their  substantiation  must  include  fatigue  life  determi- 
nation (par.  4-11). 

Nondimensional  coefficients  that  are  convenient  for 
expressing  thrust  capability  are  the  blade-loading  coef- 
ficient tc 


2 T 


bcRp(SlR)2 


.dimensionless  (4-31) 


and  the  mean  blade  lift  coefficient  CL 


IT 


°L  bcRp(OR) 


T , dimensionless  (4-32) 
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where 

T = rotor  thrust,  lb 
b - number  of  blades 
c = blade  chord,  ft 
R = rotor  radius,  ft 
11  = rotor  speed,  rad/sec 
p s air  density,  slug/ft3 
These  coefficients  are  related 

SL  = 3.Sfc  (4-33) 


The  rotor-thrust  coefficient  CT 

T 

CT  ~ p*R2(SlR)2 


(4-34) 


is  not  as  convenient  an  expression  of  thrust  capability 
because  it  includes  the  rotor  solidity  <r  (the  ratio  of 
blade  area  to  disk  area) 
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Fig.  4-44.  Typical  Flapwise-load  Envelope 


7C_  = oC.  , or 

(4-35) 


Until  recently,  most  rotor  blades  used  symmetrical 
sections,  such  as  NACA  0012.  With  these  blades,  the 
loads  in  maneuvers  consistently  were  less  than  tc  = 
0.35,  or  Q = 1 .23.  Newer  blade  designs,  using  camber 
in  the  forward  part  of  the  section,  have  greater  lift 
capacity;  blade-loading  coefficients  of  0.38  can  be  at- 
tained. Airfoil  sections  now  being  developed  should 
make  it  possible  to  reach  tc  - 0.40. 

As  the  forward  speed  of  the  helicopter  increases, 
rotor  thrust  capability  is  reduced.  This  is  because  the 
blade  is  subjected  to  conditions  of  airspeed  and  inflow 
angle  that  are  different  for  each  azimuth  position.  The 
blade  reaches  conditions  of  limit  lift  capability,  or  stall, 
in  some  azimuth  positions  earlier  than  in  others.  Vibra- 
tion and  control  problems  associated  with  this  occur 
rence  will  prevent  the  rotor  from  reaching  its  maxi- 
mum thrust  capabilities  under  these  conditions. 

4-9.2.2.1  Flapwise  Loads 

Current  structural  design  requirements  dictate  that 
a rotor  be  substantiated  for  a static  flapwise  load  enve- 
lope as  shown  in  Fig.  4-44.  The  conditions  represented 
by  the  envelope  can  be  substantiated  by  demonstrating 
that  the  rotor  in  question  satisfies  the  load  conditions 
at  the  corners  of  the  envelope.  Such  an  envelope,  how- 
ever, is  unrealistic  because  thrust  capability  is  not  con- 


stant over  the  rotor-speed  range.  If  the  load  factor  is 
correct  for  the  normal  operating  speed,  it  is  loo  con- 
servative at  lower  speeds. 

4-9.2.2.2  Inplane  Loads 

In  powered  flight,  drive  torque  is  transmitted  from 
the  drive  shaft  or  mast  through  the  hub  to  the  blades. 
Along  each  blade,  this  torque  is  balanced  by  the  inplane 
components  of  the  airload.  In  forward  flight  and  ma- 
neuvers, the  position  of  this  basic  equilibrium  point 
oscillates  as  the  airload  varies;  and  the  oscillation  may 
be  reinforced  if  its  frequency  is  near  the  natural  fre- 
quency of  the  lead-lag  motion 
In  articulated  rotors,  the  loads  cause  oscillatory  lead- 
lag  motions  that  are  damped  by  a mechanism  in  the 
hub.  In  rotors  that  are  stiff  inplane,  the  inplane  loads 
are  only  lightly  damped.  The  loads  transmitted  by  the 
blades  to  the  hub  may  be  balanced  by  opposing  loads 
on  the  other  blades.  Because  it  is  difficult  to  calculate 
limit  loads  in  lightly  damped  structures  that  are  excited 
at  frequencies  near  resonance,  the  design  limit  loads  for 
inplane-stiff  rotors  usually  are  derived  from  flight -test 
data  on  similar  configurations.  The  limit  root  inplane 
moment  Mchm  can  be  expressed  conveniently  in  terms 
of  drive  torque  MT  and  the  number  of  blades  b.  For 
powered  flight 

Mt 

Mcum=  ,lb-ft  (4-36) 
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and  for  power-off  conditions 

mt 

Mclim=  ~ (0  ± K)  Jb-ft  (4-37) 

In  these  equations  AT  is  an  empirically  determined  fac- 
tor. 

Plight  loads  measured  on  various  chordwise-stiff 
two-bladed  and  three-bladed  rotors  during  maneuvers 
have  shown  peak  moments  corresponding  to  K = 3.0 
for  small  helicopters  and  to  K = 4.5  for  medium-size 
helicopters.  Because  a large  number  of  parameters  in- 
fluence the  magnitude  of  the  peak  inplane  bending  mo- 
ments reached,  K factors  cannot  be  specified  for  classes 
of  helicopters.  The  choice  of  the  proper  factor  for  the 
limit  chordwise  moment  is  left  to  the  discretion  of  the 
designer.  Moments  for  new  designs  can  be  derived  by 
using  K factors  determined  from  flight  load  data  for 
similar  helicopters. 

4-9.2.3  Design  Loads  for  Fatigue 

It  is  important  that  allowable  levels  for  oscillatory  or 
fatigue  loads  be  established  during  preliminary  design. 
The  frequencies  of  these  loads  range  from  multiples  of 
the  rotor  speed  to  once  or  less  per  flight.  Because  the 
number  of  cycles  accumulates  rapidly  at  the  higher 
frequencies,  fatigue  damage  cannot  be  permitted  for  the 
load  levels  that  occur  at  the  frequencies;  and,  con- 
versely, high  loads  should  not  occur  at  frequencies  high 
enough  to  accumulate  a critical  amount  of  fatigue  dam- 
age. Therefore,  the  loading  spectrum  of  the  helicopter 
(par.  4-4. 1 ) is  an  important  criterion  in  the  design  of  its 
rotor  hub.  Fatigue  analysts  is  discussed  in  detail  in  par. 
4-11. 

4-9.2. 3.1  Endurance  Load  Level 

Because  it  is  impracticable  during  preliminary  design 
to  analyze  each  component  for  a complete  loading 
spectrum,  a common  practice  is  to  use  the  oscillatory 
loads  that  occur  in  high-speed  level  flight  as  a yardstick 
for  fatigue  analysis  and  to  apply  factors  to  these  loads 
to  account  for  the  material,  the  load  spectrum,  and  the 
desired  life  of  the  components  (Ref.  47).  The  level  flight 
loadings  can  be  calculated  if  the  necessary  parameters 
(weight,  power,  and  drag)  and  the  rotor  dimensions 
and  speed  are  known.  Whenever  feasible,  the  endur- 
ance limit  for  the  hub  components  is  established  at  or 
above  these  load  levels  so  that  no  fatigue  damage  ac- 
cumulates in  high-speed  level  flight.  Oscillatory  loads 
resulting  from  maneuvers  and  other  conditions  in  the 
loading  spectrum  for  which  fatigue  damage  can  be  per- 
mitted to  accumulate  can  be  related  to  the  high-speed 
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level  flight  loads  by  appropriate  factors.  Suitable  values 
for  the  appropriate  factors  generally  can  be  found  by 
statistical  analysis  of  flight  load  data  for  previous  de- 
signs. 

4-9.2. 3.2  Maneuver  Loads 

Although  the  mean  loads  and  the  load  amplitudes 
under  the  transient  conditions  of  a given  maneuver  can 
be  calculated,  the  results  are  far  less  accurate  than  are 
those  for  the  level  flight  conditions.  One  reason  for  this 
is  that  the  load  level  reached  in  actual  maneuvers  is 
dependent  strongly  upon  pilot  handling  and  transient 
response.  Also,  many  factors,  both  known  and  un- 
known, that  cannot  be  considered  in  the  analysis  have 
an  influence  on  the  result.  Therefore,  the  general  ap- 
proach of  analyzing  for  fatigue  based  upon  steady  flight 
conditions  and  applying  appropriate  factors  to  cover 
maneuvers  has  proved  to  be  more  practicable  during 
preliminary  design.  This  is  in  addition  to  a static  analy- 
sis that  uses  a limit-load  envelope  that  includes  any 
peak  loads  that  would  be  experienced  in  maneuvers. 

4-9.2.3.3  Ground-air  Load  Cycle 

A type  of  repetitive  loading  that  usually  is  covered 
by  stati:  analysis,  but  that  may  require  separate  treat- 
ment because  of  the  possibility  of  fatigue  damage,  is  the 
ground-to-air  load  cycle.  For  certain  parts  of  the  rotor, 
especially  the  blade-retention  system  and  the  flapwise 
flexures,  the  stress  cycle  from  standstill  through  runup 
to  flight  is  considerable.  If  the  helicopter  is  used  for 
many  flights  of  short  duration,  fatigue  damage  may 
accumulate  in  a relatively  moderate  number  of  load 
cycles,  e.g.,  less  than  10*.  of  high  stress  level.  The 
material  S-N  curves,  plots  of  failure  load  versus  num- 
ber of  cycles  to  failure,  are  not  well  defined  at  numbers 
of  cycles  less  than  10*  because  fatigue  tests  are  not  run 
regularly  at  such  high  stress  levels.  However,  if  the 
designer  is  aware  that  a considerable  number  of  high 
stress  cycles  may  occur,  he  has  the  option  to  safeguard 
the  structure  by  the  introduction  of  an  additional  factor 
in  the  preliminary  static  analysis. 

4-9.2.4  Miscellaneous  Loading  Conditions 

A number  of  conditions  may  produce  loads  on  the 
hub  that  need  to  be  investigated  separately.  These  con- 
ditions are  discussed  briefly  in  the  paragraphs  that  fol- 
low. 

4-9. 2, 4.1  Starting  and  Shutdown  Loads 

Upon  starting  the  rotor,  the  drive  torque  is  balanced 
only  by  the  inertial  loads  along  the  blades.  The  blades 
of  articulated  rotors  lag  and  hit  the  lag  stops  that  are 
necessary  to  limit  this  motion.  Drive  torque  distributed 
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over  (he  blade*,  therefore,  provides  a loading  condition 
for  the  stop  and  the  adjacent  structure.  In  the  sarnie 
way,  shutdown  loads  arise  from  the  application  of  a 
rotor  brake.  The  rated  torque  of  the  brake,  distributed 
over  the  blades,  is  the  loading  condition  for  the  lead 
stop  and  its  adjacent  structure.  For  a rotor  that  is  stiff 
inplane,  the  starting  cr  shutdown  torque  is  usually  mi- 
nor in  comparison  to  the  rated  torque  at  the  rotor 
operating  speed. 

The  criteria  upon  which  these  loads  are  based  are 
given  in  pars.  4*7.1  and  4-7.2. 

4-9.2.4.2  Wind  Loads 

A rotor  can  be  vulnerable  to  damage  from  wind 
loads  when  the  helicopter  is  parked,  or  when  the  rotor 
is  turning  at  less  than  its  operating  speed.  These  loads 
upon  stationary  blades,  tethered  or  free,  can  be  cal- 
culated readily.  During  runup  and  shutdown,  however, 
the  rotor  may  pass  through  rotor  speeds  where  flapping 
due  to  the  wind  load  becomes  divergent,  resulting  in 
very  high  loads  in  the  hub.  Establishing  applicable 
loads  in  this  condition  is  left  to  the  designer,  using  a 
rational  basis  appropriate  for  the  rotor  system  under 
consideration. 

4*9.2.4.3  Stop-banging  Loads 

Freely  flapping  rotor  blades  are  supported  at  rest  by 
a lower  flapping  stop,  or  “droop  stop”,  which  may  be 
either  s rigid  part  of  the  hub  or  a mechanism  that 
moves  out  of  the  way  to  provide  flapping  freedom  in 
flight.  As  a rule,  gimbal-mounted  and  seesaw  rotors  do 
not  have  droop  stops;  instead,  flapping  freedom  of  the 
entire  hub  is  limited  by  a stop.  In  either  case,  the  flap- 
ping stops  experience  loads  whenever  the  motions  of 
blades  or  the  rotor  exceed  the  available  travel,  and  no 
load  requirement  exists  for  this  condition.  However, 
the  flapping  stop  and  rotor  structure  of  articulated  ro- 
tors shall  be  substantiated  for  the  l.O-g  static  weight 
moment,  multiplied  by  a limit  load  factor  of  4.67  (par. 
4-9. 1.3).  In  the  case  of  seesaw  and  gimbal-mounted 
rotors,  a root  moment  should  be  added  to  account  for 
the  Moderation  loads  of  the  other  blade  or  blades. 

Although  arbitrary,  the  limit  load  factor  of  4.67  will 
cover  many  cases  on  the  ground  where  the  blades  strike 
; I :*  flapping  stops.  These  cases  may  include  ground 

ndling  (transport,  taxiing,  hoisting),  turning  the  ro- 

r at  low  speed  in  a strong  wind,  and  also  the  case 
where  the  helicopter  is  parked  with  the  rotor  unteth- 
ered  while  another  helicopter  hovers  in  close  proximity 
or  overhead. 

It  should  be  noted  that  the  loads  incurred  when  the 
flapping  '.tops  are  hit  in  flight  are  of  an  altogether 
different  order  of  magnitude.  This  condition  must  be 


avoided,  and  the  design  shall  be  such  that,  should  it 
happen  inadvertently,  no  components  of  primary  im- 
portance to  flight  safety  are  damaged. 

4-9.2.4.4  Folding  Loads 

If  the  hub  has  provisions  for  folding  the  blades,  the 
structure  should  be  substantiated  for  the  loads  ex- 
perienced throughout  the  range  of  motion  from  folded 
to  unfolded.  There  is  no  specification  criterion  applica- 
ble to  this  kind  of  operation.  The  gravity  loads  should 
be  multiplied  by  a moderate  factor  (2.0)  to  cover 
ground  handling,  and  a minimum  wind  velocity  of  45 
kt  should  be  included  to  cover  the  likelihood  that  the 
operation  may  be  performed  in  wind,  and  to  be  consist- 
ent with  par.  4-9.2.42. 

4-9.2.4.5  Mooring  and  Tiedown  Loads 

To  protect  rotor  blades  from  damage  when  the  heli- 
copter is  parked,  they  should  be  moored  or  tethered. 
The  mooring  or  tiedown  loads  shall  be  determined  in 
a rational  manner,  based  upon  the  criteria  given  in  par. 
4-6.2.2. 

4-9.2.4.6  Hoisting  Loads 

If  the  rotor  hub  has  provisions  for  hoisting  the  heli- 
copter (either  special  purpose  hoisting  lugs  or  other- 
wise) the  loads  shall  be  based  upon  the  basic  structural 
design  gross  weight  minus  crew  and  payload  and  shall 
include  a load  factor  of  2.0  (par.  4-6.3).  The  helicopter 
may  be  hoisted  either  by  appropriate  ground  equip- 
ment or  by  another  helicopter.  In  the  latter  case  the 
applicable  load  should  include  a component  of  drag 
upon  the  helicopter  during  transport. 

4-9.3  MECHANICAL  DRIVE  SYSTEM  LOADS 

Drive  system  loads  occur  primarily  as  a result  of  the 
transmission  of  engine  power  to  the  rotors.  The  initial 
prime  mover  load,  starting  at  the  engine  as  torque, 
produces  various  dynamic  and  static  loads  es  the  input 
horsepower  is  transmitted  through  the  drive  train  to 
the  rotor  system(s).  The  following  loads  generally  are 
present  on  helicopter  drive  systems  and  must  be  consid- 
ered during  the  predesign  phase  of  the  aircraft: 

1.  Steady  torques 

2.  Oscillating  torques 

3.  Axial  or  thrust  loads 

4.  Radial  loads 

5.  Tangential  loads 

6.  Bending  loads 

7.  Rotating  beam  loading 

8.  Structural  deflection  loads 
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9.  Misalignment  loads 

10.  Torque  reaction  loads 

1 1 . Mast  bending  and  shear  loads 

12.  Aircraft  load  factor 

13.  Gust  loads 

14.  Crash  loads 

15.  Dynamic  loads  from  resonances 

16.  Dynamic  loads  from  geometric  effects 

17.  Gear  tooth  contact  loads 

18.  Frictional  loads 

19.  Loads  that  produce  brinnelling 

20.  Bearing  loads,  bearing  cage  loads,  and  bearing 
preloading. 

These  loads  combine  to  develop  stresses,  both  steady 
and  mediatory,  that  must  be  accounted  for  adequately 
thiougn  the  proper  selection  of  materials  and  allowable 
stresses.  Values  of  allowable  stress  specified  in  MIL- 
HDBK-5  may  be  used  foi  sizing  helicopter  drive  sys- 
tem components.  When  data  for  proposed  materials  are 
not  provided  by  MIL-HDBK-5,  the  values  used  must 
be  validated  on  a rational  basis. 

The  magnitudes  of  the  applicable  drive  system  loads 
are  dependent  upon  the  mission  spectra  projected  for 
the  life  of  the  vehicle.  A growth  factor  should  be  con- 
sidered in  the  preliminary  design.  Designing  the  drive 
system  initially  for  moderate  design  stresses  assures 
minimum  development  risk  while  also  providing  for 
subsequent  growth.  The  difference  between  the  initial 
design  stress  and  the  maximum  allowable  operating 
stress  represents  the  initial  growth  potential.  This 
growth  potential  should  provide  for  an  increase  in  en- 
gine power  capability  that  usually  will  be  specified  in 
the  R.FP. 

4- 9.3. 1 Load  Spectra 

The  drive  system  designer  must  know  the  power 
required  for  the  typical  design  mission  spectrum  and 
aircraft  gross  weights.  Rotational  speeds  must  be  speci- 
fied for  the  various  power  requirements  because  design 
stresses  are  based  upon  torque  loadings,  and  fatigue 
considerations  are  related  to  numbers  of  cycles  when 
loads  are  above  the  material  endurance  limits.  Also, 
drive  system  rotational  speeds  must  be  defined,  particu- 
larly for  long  shaft  sections.  The  section  properties  of 
the  shafting  must  be  selected  so  that  no  critical  speed 
resonances  occur  within  ± 10%  of  any  operating  speed 
of  any  section  of  the  shafting  (see  MIL-T-5955  and  par. 

5- 5). 

Horsepower  is  related  to  torque  Q in  lb-in.  and  rota- 


tional speed  N in  rpm  by  the  formula 


63,000 


(4-38) 


A fundamental  principle  is  that  torque  Q is  propor- 
tional inversely  to  rotational  speed.  The  influence  of  the 
torque  value  varies  in  magnitude  among  the  different 
types  of  components.  For  example,  transmission  gear 
stage  weight  varies  approximately  as  the  0.7  power  of 
torque,  while  shafting  weight  varies  approximately  as 
the  0.38  power  of  torque.  This  explains  the  potential  of 
achieving  lighter  weight  drive  systems  with  higher 
speed  components.  Drive  system  state-of-the-art  is  im- 
proving continuously  to  allow  higher  rotational  speeds 
through  the  use  of  improved  materials,  higher  compo- 
nent accuracy,  and  better  understanding  of  dynamic 
loadings  of  bearings,  gears,  and  other  critical  compo- 
nents. 

The  load  spectrum  must  include  all  possible  tran- 
sient and  overload  conditions  so  that  design  limit  loads 
may  be  established.  Duration  of  transient  loads  also  is 
important  for  determining  fatigue  damage  cycles  and 
possible  life  limits  to  fatigue-loaded  parts. 

The  load  and  rpm  spectra  for  a typicai  small  helicop- 
ter may  appear  like  those  shown  in  Tables  4-4, 4-5,  and 
4-6. 

The  maximum  continuous  (normal  power)  engine 
rating  must  be  matched  to  the  airframe  power  require- 
ments for  the  mission  spectrum.  The  input  power  must 
be  distributed  properly  in  a manner  such  as  is  shown 
in  Table  4-6.  It  should  be  noted  that  in  one  flight  condi- 
tion— autorotation — the  rotor  is  driving,  resulting  in 
side  gear  tooth  loading  and  possibly  in  reversed  thrust 
loads  on  some  bearings.  Although  these  loads  are  not 
high,  this  condition  still  must  be  provided  for  in  the 
gear  tooth  development  and  in  the  bearing  configura- 
tion selection. 

4-9.3.2  Cubic  Mean  Load 

The  sizing  of  bearings  and  the  computation  of  bear- 
ing life,  as  well  as  a preliminary  determination  of  gear 
tooth  compressive  fatigue  (Hertz)  stress,  arc  dependent 
upon  the  cubic  mean  load.  This  is  because  the  compres- 
sive fatigue  loading  is  related  to  both  bearing  life  and 
gear  tooth  surface  durability  approximately  inversely 
as  the  cube  of  the  load. 
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TABLE  4-4  

RPM  RANGE— TYPICAL  SMALL  HEUCOPTER 


TAIL 

POWER-ON 

ENGINE 

DRIVE  SHAFT 

TAIL  ROTOR 

MAIN  ROTOR 

MINIMUM  ipm 

6,000 

( KXK  Np  1 

2,170 

2,974 

495 

MAXIMUM  rpm 

6,2*0 

( 104'j  Np' 

2,257 

3,093 

515 

POWER-OFF 

DESIGN 
MINIMUM  rpm 

666 

2,283 

380 

DESIGN 

MAXIMUM  rpm 

2.486 

3.407 

567 

TABLE  4-5 

ENGINE  HORSEPOWER— TYPICAL  SMALL 
HEUCOPTER 


TAKEOFF  POWER 
( 5-nun  RATING » 

MAXIMUM  CONTINUOUS  POWER 

300  hp  AT  6.000  rpm  OR 
312  hp  AT  6,240  rpm 

270  hp  AT  6.000  mm  OR 
281  hp  AT  6.240  rpm 

10-sec  TRANSIENT 
(MGT*  LIMITS  PER 
ENGINE  SPECS' 

340  hp  AT  6 000  rpm 

•MGT  - NIEASUREO  GAS  TEMPERATURE 


The  cubic  mean  load  Fmay  be  defined  by  the  follow 
ing  equation: 


where 

7f 

P,  = power  required  at  load 
spectrum  condition  4 hp 
Pm*i  = max  rated  power,  hp 

t,  — ratio  of  time  at  load  spectrum 
condition  / to  total  load 
spectrum  time,  dimensionless 
By  use  of  the  small  helicopter  example  of  Table  4-6,  the 
input  cubic  mean  power  would  be  approximately  270 


TABLE  4-6 

LOAD  SPECTRUM— TYPICAL  SMALL  HELICOPTER 


CONDITION 

MAIN  TRANSMISSION 

TR  GEARBOX, 

hp 

BEFORE  TR* 
DRIVE,  hp 

AFTER  TR* 
DRIVE,  hp 

TIME 

CRUISE 

260 

237 

23 

84 

HOVER 

270 

244 

26 

5 

AUTOROTATION 

2 

17 

15 

7 

CLIMB 

300 

265 

35 

3.6 

TRANSIENT 

340 

280 

80 

0.1 

MANEUVER 

150 

0.01 

*TR  = TAIL  ROTOR 
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hp  for  the  main  transmission  and  26  hp  for  the  tail 
rotor  gearbox.  These  loads  are  converted  into  torque 
according  to  Eq.  4-38  and  used  for  gear  tooth  size  and 
bearing  life  determinations. 

Gear  teeth  must  be  designed  for  a balance  between 
surface  durability  and  tooth  bending  fatigue  loading 
such  that  the  gear  teeth  will,  based  on  initial  design 
loads,  have  an  infinite  life.  Properly  designed  gear  teeth 
will  have  a surface  pitting  as  their  principal  life-limiting 
failure  mode.  Gear  tooth  strength  parameters  and  cri- 
teria arediscussed  further  in  Chapter  4,  AMCP  706-202 
and  Refs.  48-31. 

4-9.3.3  Steady  Loads 

Most  drive  system  loads  are  fatigue-related  dynamic 
loads.  However,  low  cycle  and  static  loads  also  must  be 
considered.  For  example,  crash  loads  on  the  mounting 
system  and  ultimate  loads  on  drive  shafting  should  be 
established  to  account  for  brush,  tree,  grass,  and  water 
strikes  by  the  tail  rotor.  Mounting  loads,  in  addition  to 
torque-related  loads,  should  include  crash  load  factors 
in  accordance  with  par.  4-3.3. 

Tail  rotors  add  thrust  and  bending  loads  to  the  tail 
rotor  drive  shaft  that  must  be  combined  with  the  dy- 
namic loads  in  determining  endurance  limits.  Main  ro- 
tors may  be  supported  so  that  the  main  transmission 
components  are  unaffected  by  rotor  loads.  If  the  rotor 
loads  are  reacted  by  the  drive  system,  associated  deflec- 
tion effects  must  be  considered,  along  with  the  normal 
load  reaction  design.  Also,  the  integrity  of  the  main 
rotor  supporting  structure  is  a critical  parameter  and 
may  require  higher  design  loads  than  internal  gearbox 
components  so  that  autorotation  is  still  possible  in 
event  of  an  internal  gearbox  failure.  Steady  loads  from 
the  use  of  rotor  brakes  also  must  bo  reacted  through  the 
transmission  housing.  Par.  7-6  5 describes  predesign 
considerations  for  rotor  brsk  ,. 

Control  system  bell  cranks  and  levers  often  are  sup- 
ported from  the  drive  system  housings.  Loads  from  the 
control  system  should  be  reacted  adequately  with  a 
minimum  of  deflection  and  with  ar.  adequate  margin  of 
safety. 

Some  gearboxes  have  provisions  for  internal  gearbox 
jam-up  protection  by  means  of  a shear-section  struc- 
tural fuse  that  will  open  to  permit  maintenance  of  rotor 
speed.  Careful  consideration  must  be  given  to  the  de- 
sign criteria  for  such  components  to  insure  that  mal- 
functions do  not  occur  under  any  normal  operational 
conditions  of  the  aircraft. 
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4-9. 3.4  Fatigue  Loads 

Historically,  most  drive  system  failures  of  a serious 
nature  are  caused  by  fatigue  fractures.  The  following 
list  indicates  some  of  the  reasons  for  past  service- 
related  fatigue  failures: 

1.  Consistent  operation  above  specification  torque 
limits  (high  stress/low  cycle  loads) 

2.  Stress  raisers  (notches)  caused  from  tool  marks 
and  scratches  in  critical  areas 

3.  Undetected  damage  allowed  to  remain  on  the 
aircraft;  e.g.,  bullet  or  fragment  damage,  buckled  drive 
sliafts  from  tail  rotor  strikes,  and  corrosion 

4.  Inadequate  fatigue  testing  to  establish  realistic 
component  life 

3.  Higher  loads  in  critical  areas  than  indicated  by 
stress  analysis 

6.  Metallurgical  defects,  resulting  in  reduced  en- 
durance limits 

7.  Quality  control  problems,  e.g.,  section  sizes  less 
than  minimum  tolerance  limits 

8.  Assembly  errors 

9.  Reduced  strength  caused  from  overheating  by  a 
previous  malfunction;  i.e.,  spinning  bearing  races, 
jammed  bearings  from  loss  of  oil  and  overheating,  and 
excessive  deflections 

10.  Poor  process  control;  e.g„  grinding-bum  cracks 
at  gear  tooth  roots,  loss  of  case  hardness  as  a result  of 
improper  grind  clean-up,  hydrogen  embrittlement 
from  plating,  and  chemical  attack  of  critical  surfaces 

11.  Misalignment  during  mounting  of  accessories 
and  drive  shafts,  causing  excessively  high  alternating 
bending  moments. 

It  can  be  seen  that  human  factors  are  critical  and 
must  be  accounted  for  in  order  to  attain  adequate 
fatigue  lives  or  endurance  limits. 

Torsional  oscillations  and  alternating  bending  mo- 
ments in  drive  shafts  must  be  verified  by  and  correlated 
with  flight  test  strain  gage  data  before  new  helicopters 
become  operational.  This  is  necessary  because  some 
reversed  loading  cannot  be  fully  analyzed — such  as  tor- 
sional oscillations  caused  by  engine  fuel-governor  servo 
instabilities,  combined  loading  from  multiple  load 
paths,  internal  deflections,  and  rotor  feedback  oscilla- 
tions during  various  maneuvers  and  flight  attitudes. 

4-9.3.5  Load  Analysis  for  Typical 
Helicopter 

The  following  subsystems,  typical  of  single  rotor-tail 
rotor  helicopter  of  small-  to  utility-size,  are  sufficiently 
different  to  require  specialized  load  analysis  treatment: 
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1.  Main  and  tail  rotor  gearboxes 

2.  Free-wheeling  unit  (clutch) 

3.  Spiral  bevel  gear  stage 

4.  Planetary  gear  stage 

5.  Spur  or  helical  gear  stage 

6.  Main  housing 

7.  Drive  shafts  and  couplings. 

4-9. 3.5.1  Main  and  Tail  Rotor  Gearboxes 

Tail  rotor  gearboxes  and  most  main  rotor  gearboxes 
not  only  transmit  torque  with  a change  in  speed  and 
direction,  but  also  supf/ort  and  react  rotor  loads.  These 
rotor  loads  must  be  considered  during  the  predesign  of 
the  gearbox  and  output  gear  shaft. 

As  described  in  par.  4-9.3. 1,  the  rotor  cubic  mean 
loads  must  be  determined  for  the  aircraft  mission  spec- 
tra. A typical  thrust  spectrum  for  a small  helicopter  tail 
rotor  gearbox  is  shown  in  Table  4-7. 

A cubic  mean  tail  rotor  thrust,  derived  from  Table 
4-7  and  using  Eq.  4-39,  must  be  assumed  to  act  in 
conjunction  with  a mean  transverse  load.  These  thrust 
and  transverse  loads  act  in  conjunction  with  the  design 
torque  spectrum. 

The  output-shaft  bending-fatigue  loading  also  is  af- 
fected by  cyclic  torques  and  loads  from  the  rotor.  For 
the  small  helicopter  example,  a ± 1 50-lb  cyclic  load  is 
applied  perpendicular  to  the  shaft  centerline  in  con- 
junction with  a cyclic  torque  of  +450  lb-in. 

Additionally,  the  shaft  shall  have  a calculated  criti- 
cal speed  margin  of  ± 10%  of  any  operating  speed  of 
any  shaft  section,  as  required  by  MIL-T-5955.  Stati- 
cally, the  shaft  should  not  take  a permanent  set  from 
normal  operating  mission  or  handling  loads.  Small  heli- 
copter military  missions,  for  example,  frequently  in- 
volve tail  rotor  strikes  of  various  objects  such  as  birds 
or  tall  grass,  and  the  helicopter  must  be  capable  of 
mission  completion  without  excessive  tail  rotor  vibra- 
tions. As  a result,  shaft  stiffnesses  that  are  higher  than 

TABLE  4-7 

TAIL  ROTOR  THRUST  SPECTRUM— TYPICAL 
SMALL  HELICOPTER 


TAIL  ROTOR  THRUST  SPECTRUM  LOH 

CONDITION 

THRUST,  lb 

TIME,  “c 

EXTREME  MANEUVER 
1 POWER  OFF  i 

+ 390 

0.3 

MANEUVER 

- 230 

4 4 

INTERMEDIATE 

+ 112 

77.4 

CRUISE 

+ 70 

17.9 

normal  may  be  required  to  account  for  the  loads  en- 
countered from  typical  Army  missions. 

Limit  loads,  which  are  the  maximum  operational 
static  loads,  for  which  permanent  deformation  is  not 
permissible,  are  higher  than  loads  causing  fatigue 
stresses.  For  the  small  helicopter  example,  the  limit 
loads  are: 

1.  Thrust:  430  lb 

2.  Angle  of  Thrust:  15  deg 

3.  Input  Torque:  3260  lb-in. 

4.  Control  System:  585  lb. 

Typical  small  helicopter  tail  rotor  gearbox  loading 
diagrams  are  shown  in  Fig.  4-45.  It  can  be  seen  that  a 
complex  set  of  loads,  both  steady  and  cyclic,  must  be 
reacted  through  the  gear  shafts  to  the  housing  via 
bearings  and  finally  to  the  attaching  aircraft  struc- 
ture. Gear  shaft  B,  the  tail  rotor  drive  shaft,  is  the 
most  highly  loaded  element,  and  is  frequently  the 
only  life-limited  part  of  the  gearbox.  A description  of 
the  loads  from  input  torque  T , and  output  torque  T.., 
control  loads  P,  and  P3,  and  tail  rotor  reaction  loads 
Rt  and  Rs  is  shown  in  Table  4-8.  A main  transmission 
that  supports  the  main  rotor  would  have  similar  load 
characteristics  to  consider  in  its  design. 

All  the  shaft  loads  described  in  Table  4-8  must  be 
transmitted  to  the  housing  through  the  bearings  as  a 
combination  of  axial  and  radial  loads.  Housing  and 
bearing  deflections  must  be  controlled  to  prevent  addi- 
tional loading  from  excessive  deflections  at  the  gear 
mesh. 

Gear  tooth  contact  loads  vary  during  the  tooth  mesh 
from  sliding  to  rolling  action.  These  loads  result  in 
tooth  bending,  compressive  fatigue  (Hertz),  and  the 
scoring  or  wear-producing  pressure-velocity  (P-V)  fac- 
tors. Values  of  P-V  may  be  high  enough  to  result  in 
excessive  wear  or  scoring  unless  adequate  lubrication  is 
provided.  Deflections  or  geometrical  errors  causing  less 
than  optimum  tooth  pattei.-s  may  cause  gear  tooth 
contact  loads  to  become  unmanageably  high.  Excessive 
wear,  causing  short  MTBFs  and  TBOs,  will  result  in 
poor  mission  effectiveness. 

Field  failures  of  the  drive  train  have  resulted  in  the 
past  from  inadequate  load  analysis.  Rotating  beam 
bending  loads  are  especially  serious  if  quality  control 
problems  also  are  present;  e.g.,  stress  raisers  from  poor 
machining,  less-than-minimum  sections,  or  heat  treat- 
ment deficiencies. 

Because  all  loads  must  pass  through  the  gearbox 
housing  and  attachment  lugs  into  the  aircraft  structure, 
redundant  load  paths  should  permit  adequate  struc- 
tural integrity  in  the  event  of  a loss  of  one  load  path, 
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such  as  a mounting  lug.  The  gearbox  housing  should  be 
designed  to  be  strong  enough  to  react  crash  loads  with- 
out either  causing  catastrophic  results  during  flight  or 
injuring  the  crew  during  crash  conditions. 

It  can  be  seen  from  the  previous  discussion  that  the 
loads  applied  to  a tail  rotor  gearbox,  or  any  gearbox 
that  reacts  rotor  loads,  combine  into  a complex  pattern 
that  is  difficult  to  analyze.  Although  a complete  analy- 
sis normally  would  not  be  performed  during  the 
preliminary  design  phase,  the  principal  static  and  dy- 
namic loads  should  be  analyzed  sufficiently  to  insure 
structural  integrity  within  the  selected  size,  weight,  and 
performance  of  the  drive  unit. 


4-9.3. 5. 2 Free-wheeling  Unit 

Free-wheeling  units  are  one-way  clutches  that  trans- 
mit torque  in  one  direction,  but  that  free-wheel  in  the 
opposite  direction.  During  autorotational  flight  they 
allow  rotor  sj&ed  to  be  maintained  without  the  rotor 
airloads  being  required  to  drive  the  engine  or  other 
drive  train  components. 


Other  helicopter  applications  may  require  continu- 
ous overrunning  when  more  than  one  rotational  speed 
is  used  by  the  drive  system.  For  example,  the  XV-3 
tilting  prop-rotor  helicopter  used  a two-speed  transmis- 
sion that  required  continuous  operation  of  separate 
free-wheeling  units  in  either  the  helicopter  or  the  high 
rotor  speed  flight  mode.  Multiple-engine  installations 
also  require  one-way  clutches  so  that  free-wheeling  can 
occur  in  the  event  of  an  engine  shutdown.  One-way 
clutches  usually  are  located  in  the  high  rotational  speed 
areas,  where  torques  are  lower,  for  best  weight  and 
cost-effectiveness. 

Both  operating  modes,  drive  and  free-wheel,  must 
be  considered  during  a load  analysis  because  each  mode 
contributes  different  loads  to  the  drive  system. 

1 . Drive  mode.  The  operating,  or  torque-transmit- 
ting, mode  transfers  tangential  forces  by  a wedging 
action  whereby  the  inner  race  and  outer  races  are  con- 
nected by  sprags  or  rollers.  Sprag-type  clutches  should 
be  positioned  and  separated  so  that  multiple  load  paths 
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transmit  torque  equally  at  a precise  wedging  angle  be- 
tween the  races.  The  angle  is  selected  so  that  at  maxi- 
mum or  limit  torques  the  sprags  will  not  go  over  center 
or  slip. 

In  this  mode,  the  following  should  be  analyzed: 

a.  Surface  compressive  fatigue  (Hertz  3tress)  of 
the  races  and  rollers 

b.  Hoop  stresses  of  the  races 

c.  Position  of  sprags  or  rollers  at  maximum 
load. 

Extremely  hard  sprags  or  rollers  and  races  are  re- 
quired to  prevent  brinelling  and  compressive  fatigue 
failures.  Minimum  case  hardnesses  of  Rc  60  and  ade- 
quate support  by  proper  core  structures  are  required 
for  the  free-wheel  components. 

Both  inner  and  outer  races  must  be  sufficiently  rigid 
to  prevent  excessive  deflections  under  the  high  hoop 
stress  loads.  Cases  of  free-wheeling  unit  failure  have 
occurred  when  the  sprags  went  over  center  because  of 
excessive  race  strains.  Bearing  support  and  geometric 
accuracy  must  permit  equal  loading  over  the  length  of 
the  sprags  or  rollers.  Excessive  end  loading  may  cause 
brinelling  and  affect  the  overrunning  free-wheeling 
mode. 

2.  Free-wheel  mode.  Successful  one-way  clutch 
operation  is  dependent  upon  a low  coefficient  of  fric- 
tion between  the  races  and  sprag  or  roller  units  to 


TABLE  4-8 

TAIL  ROTOR  GEARBOX  LOADS 


LOAD 

TYPES 

DESCRIPTION 

F, 

TANGENTIAL.  GEAR  100TH 

STEADY  JOSCIU  A^NG 

F, 

RADiAL,  GEAR  TOOtH 

RADIAL  COMPONENT  OF 
TANGENTIAL 

Fa 

AXIAL.  GEAR  TOOTH 

AXIAL  COMPONENT  OF 
tangential 

rotating  beam  shear 

FATIGUE  LOADS 

Wb 

rotating  beam  bending 

FATIGUE  LOADS 

vs 

MAST  SHEAR 

STEADY  *■  OSCILLATING 

*b 

MAST  BENDING 

STEADY  +OSC' LIVING 

T° 

TORQUE  REACTION  LOADS 
♦ FROM  TAIL  ROTOR' 

STEADY  -CYCLIC 

T, 

Pt*P2 

TORQUE  pEACT,ON  LOADS 
t INPUT  DRIVE' 

DEFLECTION  LOADS 

"r 

TAIL  ROTOR  THRUST 

l ..  _ .4 

CUBIC  MEAN  AVFRA'if 
STEAD*  LOAD  , 

Rs 

1 DRAG  LOAD  FROM  ROTOR 
AND  FLAT  PLANE  AREA 

SHAD*  i INCLUDING  ** 

GUST  LOADS' 

s 

DYNAMIC  LOADS 
VIBRATION  FROM  IMBALANCE 
A'RIOADS  1 

RESONANCt'5  FROM  CRITICAL  i 
SPEEDS  AND  HARMONICS 
MISALIGNMENT  OF  ROTOR 
HUNTING 

1 

j 

1 

i 

I 

| 

minimize  power  loss  and  lubrication  requirements. 
Sprags  and  rollers  are  controlled  by  springs  so  that 
contact  with  the  races  should  never  be  lost  due  to  cen- 
trifugal forces.  This  feature  also  insures  engagement 
when  sudden  torque  is  applied  in  the  drive  direction 
and  minimizes  impact  loads  upon  engagement.  Normal 
forces  during  the  free-wheel  mode  must  be  low  because 
the  differential  speeds  between  inner  and  outer  races 
are  high.  The  heat  generated  by  friction  in  the  free- 
wheeling mode  must  be  stabilized  to  allow  continuous 
or  high-altitude  autorotational  clutch  operations.  Suc- 
cessful one-way  clutches  require  a lubrication  system 
and  surface  finishes  adequate  to  maintain  an  oil  film. 
Further  information  on  overrunning  clutches  is  in- 
cluded in  par.  7-6. 

4-9. 3.5.3  Main  Transmission  Bevel  Gear 
Stages 

Par.  4-9, 3.5. 1 discusses  tail  rotor  gearbox  loads  using 
a spiral  bevel  gear  example  for  a small  helicopter.  This 
paragraph  deals  with  predesign  concepts  involving 
main  transmission  loads.  Main  transmissions  typically 
differ  from  tail  rotor  gearsets  in  the  following  areas: 

1 . Wider  range  of  speeds  and  loads 

2.  Wider  tooth  faces  and  higher  tooth  contact 
ratios 

3.  Larger  reduction  ratios 

4.  More  complex  lubrication  systems 

5.  More  critical  tooth  contact  patterns 

6.  Combined  loadings  (two  gears  on  one  shaft) 

7.  Ring  gear  mounting  requirements 

8.  Bearing  arrangements. 

Whenever  drive  train  direction  changes  are  required 
in  aerospace  appl’cations.  spiral  bevel  gears  most  likely 
will  be  used.  One  common  bevel  gear  system  being  used 
in  aerospace  applications  has  gear  tooth  geometry  ar- 
ranged to  achieve  a balance  in  bending  and  compressive 
fatigue  allowable  loads  and  in  gear  tooth  reaction  loads 
(radial  and  axial).  The  gear  tooth  geometry  in  many 
high-load  applications  considers  tooth  contact  ratios 
adequate  to  minimize  gear  noise.  Gear  tooth  geometry 
also  can  be  adjusted  to  produce  lower  net  loads  for 
efficient  bearing  sizes  and  arrangements.  Bearing  radial 
and  thrust  loads  are  determined  by  a vectorial  summa- 
tion of  the  tangentiaL  radial,  and  thrust  loads  produced 
by  bevel  gear  geometry.  When  more  than  one  gear  is 
supported  by  a bearing  complex,  all  the  vectors  from 
each  gear  system  must  be  combined. 

Trends  indicate  that  input  gear  stages  will  be  re- 
quired to  operate  at  higher  and  higher  speeds  in  the 
future.  The  current  state-of-the-art  includes  gear  tooth 
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peripheral  speeds  to  30,000  fpm.  Dynamic  loads  at 
higher  speeds  must  be  considered  and  analyzed  in  the 
preliminary  design  phase  to  insure  feasibility.  Damping 
techniques  and/or  a higher  degree  of  tooth  accuracy 
also  should  be  considered  to  minimize  dynamic  loads 
at  the  higher  speeds. 

The  trends  are  to  employ  gears  of  finer  pitch  with 
larger  contact  ratios  (more  than  two  teeth  in  contact) 
in  order  to  provide  quieter  gears  and  higher  allowable 
loads.  Wide  tooth  faces,  approaching  33%  of  the  cone 
distance,  require  greater  design  and  manufacturing  ac- 
curacy to  optimize  tooth  contact  patterns  at  maximum 
continuous  power  ratings.  Pinions  and  gears  normally 
are  straddle-mounted  and  supported  so  that  deflections 
are  minimal  and  consistent;  however,  overhung  mount- 
ing arrangements  can  provide  adequate  stiffness.  Tooth 
developments  and  gear  cutting  equipment  must  be  able 
to  assure  constant  contact  pattern  control  in  produc- 
tion. A gear  tooth  with  a large  contact  pattern  area  is 
required  to  assure  a load  distribution  compatible  with 
calculated  bending  and  compressive  fatigue  margins. 
With  these  controls,  and  with  high  quality  gear  materi- 
als that  are  carburized  and  ground  properly,  Gleason 
bending  stress  allowables  in  the  range  35,000-40,000  psi 
and  compressive  fatigue  (Hertz)  values  to  260,000  psi 
can  be  expected  during  the  1970s. 

Gear  wear  and  scoring  are  functions  of  the  load- 
carrying ability  of  the  lubricant  used.  Latest  state-of- 
the-art  developments  indicate  that  scoring  and  wear  are 
related  to  the  Ryder  scoring  index  of  the  oils.  The 
Ryder  scoring  index  is  determined  by  a standard  test 
procedure  and  reflects  the  load  carrying  capability  of  a 
lubricant.  Continuing  improvements  in  the  synthetic 
lubricants  will  result  in  continuing  reductions  in  gear 
wear  rates. 

Bolt  mounting  of  ring  gears  to  gear  shafts  should 
include  an  adequate  number  of  bolts  so  that  the  fric- 
tional forces  (from  clamp-up)  can  carry  the  maximum 
torque  to  eliminate  potential  fretting  or  erosion  prob- 
lems. Hole  clearances  and  bolt  head  seating  must  be 
such  as  to  preclude  the  possibility  of  only  one  or  two 
fasteners  carrying  the  torque  load.  There  have  been 
several  cases  where  bolt  heads  have  popped  as  a result 
of  bending  loads  on  the  bolts.  Best  design  practice  al- 
lows only  tensile  loads  in  the  mounting  bolts,  with 
sufficient  tension  to  permit  the  static  friction  forces  to 
be  higher  than  the  highest  expected  transient  load.  The 
static  friction  coefficient  selected  for  the  load  analysis 
should  consider  oil-lubricated  members  and  not  dry 
coefficients  of  frictions.  Some  ring  gears  have  been 
mount;  d so  that  splines  carry  the  torque  loads.  How- 
ever, fretting  corrosion  from  the  working  of  relatively 
flexible  ring  gears  has  been  the  cause  of  service  prob- 
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lems  in  past  designs.  Further  information  about  this 
type  of  installation  is  contained  in  Chapter  7. 

Bearings  should  be  arranged  for  the  most  efficient 
management  of  the  gear  load  paths.  Gears  and  their 
bearings  should  be  designed  as  a unit  to  obtain  the 
optimum  package.  Manufacturer’s  recommendations 
must  be  reviewed,  understood,  and  qualified  by  the 
transmission  designer.  It  also  is  important  that  the 
bearing  manufacturer  understand  the  application  as 
fully  as  possible  prior  to  making  recommendations. 
The  bearing  manufacturers  can  be  relied  upon  to  verify 
the  most  efficient  arrangements  and  bearing  geometry 
for  minimal  deflections  and  optimum  bearing  life. 
Anti-Friction  Bearing  Manufacturers  Association 
(AFBMA)  life  calculations  also  may  be  used.  Present 
practice  is  to  use  computer  programs  to  determine  the 
optimum  bearing  design. 

4-9. 3. 5.4  Planetary  Gear  Stages 

Planetary  gears  are  used  commonly  on  the  higher 
torque  output  stages  because  the  torque  loading  can  be 
shared  by  multiple  planet  pinions.  If  six  planets  are 
used,  for  example,  gear  tooth  loads  can  approach  one- 
sixth  those  experienced  with  a single  mesh  stage  Much 
finer  gear  diametral  pitches  are  possible,  along  with 
smaller  gear  diameters.  Generally,  planetary  stages  are 
more  compact  and  potentially  lighter,  but  at  the  ex- 
pense of  more  complexity  by  virtue  of  the  larger  num- 
ber of  gears  and  bearings  required. 

The  arrangement  of  planetary  drives  most  com- 
monly used  is  the  fixed  ring  type  with  the  sun  gear 
driving  and  the  planet  carrier  being  the  driven  or  out- 
put member.  This  arrangement  typically  produces  a 
reduction  ratio  above  3.0  to  1 . Other  arrangements  of 
planetary  drives  have  been  used  in  helicopters  to  pro- 
duce reversed  direction  drive  by  fixing  the  planet  car- 
rier. Driving  of  the  ring  gear  with  a fixed  sun  is  used 
when  reduction  ratios  less  than  2.0  to  1 are  desired. 

A load  diagram  of  a standard  helicopter  planetary 
stage  having  a driving  sun  gear,  a driven  planet,  and  a 
fixed  ring  gear  is  shown  in  Fig.  4-46. 

The  sun  gear  tangential  forces  Ts  and  the  separating 
forces  5^  of  all  meshes,  assuming  equal  load  sharing, 
will  provide  a balanced  load  condition  on  the  sun  gear. 
The  tangential  load  TP  on  the  planet  gear  at  its  two 
mesh  points  produces  a resultant  output  load  WF  at 
each  planet  equal  to  the  sum  of  the  applied  tangential 
loads.  The  separating  loads  SP  are  equal  and  opposite, 
resulting  in  a zero  force  at  the  output  necessary  for 
maintenance  of  planet  gear  tooth  alignment  and  posi- 
tioning under  load.  A couple,  resulting  from  twisting 
deflection,  occurs  as  a function  of  rigidity  and  the 
amount  of  offset  between  the  planet  pinion  line  of  ac- 
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tion  and  the  torque  reaction  centerline  of  the  output  base  without  transmission  jamming  is  an  important 
member.  consideration  for  future  predesign  evaluations. 

Although  planetary  systems  are  the  lightest  and 

most  compact  units  for  high-torque  gear  stages,  their  4-9.3.0.5  Spur  and  Helical  Gear  Systems 

design  must  provide  for  minimum  component  misa-  The  pr<rsent  state-of-the-art  in  helicopter  and  engine 
lignment  in  order  to  attain  a near  uniform  distribution  spur  and  hcHca,  geaf  systems  h documented  in  Rcfs.  52 

of  load  on  all  planets.  Development  programs  some-  and  „ Also>  AGMA  and  Aerospace  Gearing  Corn- 

times  are  required  to  optimize  gear  tooth  involute  pro-  mUtw  standards  are  we„  developed  and  should  be  used 

file  modifications  in  highly  loaded  systems.  Tooth  scor-  jn  predesign  gear  tooth  sizing  and  load  detenninations. 

ing  tendencies  resulting  from  inaccuracies  and  straight  and  helical  spur  gears  have  been  used  for 
deflections  of  the  multiple  gear  meshes  usually  are  con-  primary  transmission  drives,  while  straight  spur  gears 

trolled  by  proper  balance  of  involute  profile  modifica-  usual,y  ^ used  fa  tail  rot  ,r  and  accessory  arives.  The 

tions.  A small  lead  modification  also  may  be  developed  use  of  spur  gears  that  producc  only  radial  and  tangen. 

to  assure  equal  loading  across  the  tooth  faces.  tial  forees/and  require  no  provision  for  gear  thrust 

The  floating  sun  gear  requirement  may  present  a loads,  simplifies  the  design  and  assembly-disassembly 

development  problem  on  the  spline  drive  if  the  angular  procedures.  Bearings  may  have  a degree  of  axial  free- 

misalignment,  spline  length,  and  lubrication  are  not  dom,  thus  requiring  no  preloading  or  shimming.  The 

correct.  Fretting  of  the  splines  may  result  in  short-life  lack  of  thrust  with  spur  gears  permits  mounting  with 

components.  roller  bearings,  which  provide  higher  capacity  per 

Cal  .30  and  .50  hits  and  loss  of  lubrication  are  more  pound  of  weight.  The  weight  of  the  gear,  if  mounted  on 

critical  with  planetary  systems  than  others,  as  evi-  a vertical  shaft,  normally  can  be  reacted  by  the  end 

denced  by  battle  statistics  and  test  programs  with  cur-  faces  of  the  rollers.  Ball  bearings  also  can  be  used  in  lieu 

rent  U.S.  Army  helicopters.  However,  this  problem  has  of  a roller  bearing  if  desired.  In  lightly  loaded  systems, 

been  alleviated  by  providing  for  a redundant  oil  supply  such  as  accessory  drives,  ball  bearings  more  commonly 

in  the  original  gearbox  design.  The  ability  to  return  to  are  used.  A trade-off  exists,  however,  because  spur 
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gears  usually  are  noisy  compared  to  single  or  double 
helical  gears  with  their  higher  tooth  contact  ratios. 

When  loads  are  insignificant,  such  as  in  tachometer 
and  lube  pump  drives.  lightweight  spur  gears  of  lower 
quality  than  the  primary  gear  stages  have  been  used  in 
an  effort  to  reduce  cost.  However,  service  experience 
has  shown  that  premature  transmission  removal  and 
oserhaul  has  resulted  because  of  excessive  accessory 
gear  tooth  wear.  This  wear  eventually  may  activate  the 
chip  detection  system  or  cause  iron  content  levels  in  the 
oil  analysis  to  exceed  prescribed  limits.  To  be  cost- 
effective.  the  accessory  drive  train  should  have  ac- 
curacy and  hardness  adequate  to  achieve  a life  at  least 
equal  to,  and  preferably  longer  than,  the  primary  train. 

Helical  gears  are  used  commonly  for  high-horse- 
power applications.  The  helical  gear  permits  higher 
tooth  contact  ratios,  resulting  in  a generally  smoother 
and  quieter  drive.  The  helical  gear  produces  axial  loads 
that  are  proportional  to  the  helix  angle,  and  these  toads 
must  be  reacted  by  the  bearing  arrangement  and  hous- 
ing 

With  the  advent  of  practicable  electron  beam  (EB) 
welding  techniques,  two  helical  gears  may  be  matched 
in  a herringbone  arrangement  to  eliminate  or  cancel  the 
axial  loads  that  are  characteristic  of  helical  gear 
meshes  This  method  of  manufacture  dispenses  with 
the  center  tool  relief  groove  otherwise  required  for  a 
one-piece  herringbone  gear.  The  herringbone  arrange- 
ment also  can  be  achieved  with  a two  piece  design. 
Bearings  for  herringbone  gears  can  be  of  lower  capacity 
and  simplified  to  accept  only  radial  loads.  This  type  of 
mesh  requires  axial  freedom  of  one  member  to  the 
o,V-  to  permit  equalization  of  gear  tooth  loads  on  the 
d>  "Ole  width  gear,  requiring  the  bearing  of  one  gear  to 
provide  axial  location  and  to  react  the  weight  of  the 
gear  mesh. 

A trade-off  of  efficiency  exists  whenever  spur,  heli- 
cal. nr  double  helical  gears  are  used  as  idler  gears,  i.e., 
for  positioning  or  control  of  direction  of  rotation. 
When  an  idler  gear  is  located  in  a drive  train,  it  is 
driven  by  one  gear  while  it  drives  another  gear.  This 
results  in  a load  on  the  idler  axis  equal  to  the  sum  of 
the  loads  of  both  meshes.  For  example,  if  the  idler  were 
in  line  with  the  adjacent  gears,  the  bearing  loads  on  the 
idler  would  be  double  those  of  an  equivalent  single 
mesh  drive.  Fig.  4-46  shows  the  same  additive  loading 
condition  for  planetary  pinions. 

4-9. 3. *>.6  Main  Housing  Loads 

Helicopter  transmission  housings  usually  are  con- 
structed from  aluminum  or  magnesium  because  of  their 
low  den  ,ities  and  because  a considerable  portion  of  the 
housing  is  sized  to  a minimum  practicable  wall  thick- 
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ness.  The  castings  usually  require  minimum  wall  thick- 
nesses of  approximately  0. 1 88  in.  to  assure  sound  struc- 
ture compatible  with  foundry  practices.  Because  the 
minimum  wall  thickness  is  defined  by  these  process 
requirements,  housings  usually  are  designed  conserva- 
tively for  static  strength.  Fatigue  loads  on  housings  also 
should  be  considered,  particularly  in  the  mounting  lug 
areas.  Good  design  practices  are  required  to  minimize 
deflections  resulting  from  gear  and  bearing  loads. 

Bearing  reaction  load  paths  are  analyzed  to  assure 
adequate  backup  support  structure.  Experience  has 
shown  that  some  transmissions  have  had  to  be  derated 
because  excessive  housing  deflections  prevented  devel- 
opment of  gear  tooth  contact  patterns  suitable  for  max- 
imum capacity.  Efficient  location  of  casting  structure 
will  permit  low  weight/hp  transmissions. 

The  amplitudes  and  directions  of  the  loads  resulting 
from  the  vectorial  addition  of  tangential,  axial,  and 
radial  loads  must  be  known  to  assure  proper  placement 
of  stiffening  ribs.  The  load  paths  then  can  be  directed 
to  the  transmission  support  structure  in  the  most  effi- 
cient manner.  Large,  unsupported  flat  plate  areas 
should  be  avoided  to  minimize  gear  deflections. 

Gearbox  mounting  loads  related  to  maximum  design 
torques  must  be  controlled  to  preclude  failures.  The 
attachment  fittings  should  be  adequate  to  maintain 
support  integrity  in  event  of  internal  transmission  fail- 
ures. Extra  margins  are  needed  for  those  designs  re- 
quiring transmission  pylon  support  for  rotor  loads.  The 
strength  calculations  for  all  mounting  lugs  and  attach- 
ments must  consider  rotor-induced  fatigue  loads. 

Crash  loads  must  be  specified  and  controlled  so  that 
the  transmission  pylon  does  not  tear  loose  and  endan- 
ger the  crew.  Impact  loads  must  be  considered  when- 
ever the  soft  supports  reach  the  end  of  their  travel. 
Simulated  aircraft  tests  should  be  specified  in  the  sys- 
tem specification  to  assure  crash  integrity. 

Transmission  housings  may  be  used  to  react  some  of 
the  steady  and  vibratory  rotor  control  loads.  Determi- 
nation of  the  control  load  applied  to  the  transmission 
is  necessary  for  sizing  of  housing  support  areas.  These 
loads,  if  possible,  should  be  based  upon  test  data  for 
similar  aircraft.  Again,  excessive  deflections  may  affect 
control  stability  and/or  gear  performance. 

4-9. 3. 5.7  Drive  Shaft  and  Coup'ing  Loads 

The  paragraphs  that  follow  treat  gear  shaft  loads 
that  have  not  been  discussed  in  par.  4-9.3. 5.1.  Refer- 
ence also  should  be  made  to  the  detail  discussions  of 
pars.  7-5  and  7-6.4. 

Gear  shaft  loading,  including  aerodynamically  in- 
duced loading,  becomes  perhaps  the  most  complex 
loading  condition  of  the  drive  system.  The  tail  rotor 
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output  gear  shaft,  as  s ‘ >wn  in  Fig.  4-4S,  is  an  example. 
The  loads  are  three-dimensional;  are  analyzed  in  the  x-, 
y-,  and  z-directions;  and  then  are  combined  vectorially 
to  obtain  shear  and  bending  moments.  These  combined 
loads  ultimately  are  absorbed  as  radial  and  axial  loads 
through  the  bearings.  A typical  loading  diagram,  a 
shear  diagram,  and  abending  moment  diagram  for  the 
y-direction  are  shown  in  Fig.  4-47.  They  are  for  the 
output  shaft  shown  in  Fig.  4-4S,  and  it  can  be  seen  that 
the  most  critical  section  occurs  at  the  sharp  change  of 
diameter  at  the  outboard  face  of  the  driven  bevel  gear. 
Similar  diagrams  are  developed  for  the  x-  and  z-direc- 
tion,  and  loads  then  are  combined  vectorially  to  deter- 
mine locations  and  magnitudes  of  the  maximum  com- 
bined loads.  These  loads  then  are  used  to  determine 
adequate  strength  at  the  critical  sections. 

Loads  for  the  gear  shaft  should  distinguish  fatigue 
and  static  loading  conditions.  Failures  normally  occur 
from  fatigue  loading  and  primarily  from  excessive 
rotating  beam  stresses.  Drive  shafts  can  carry  steady 
and  cyclic  torque  loading,  depending  upon  the  configu- 
ration, and  the  cyclic  loading  may  be  as  high  as  the 
steady  torque. 

Drive  shafts  that  connect  gearboxes  and  the  en- 
gine(s)  usually  are  designed  to  operate  below  or  be- 
tween two  shaft  critical  speeds.  Therefore,  multiple 
drive  shaft  bearing  supports  usually  are  not  required. 
For  shafts  operating  below  the  primary  harmonic  fre- 
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quency,  short  unsupported  shaft  sections  are  suitable. 
Bearing  supports  must  be  designed  to  semifloat  so  as  to 
prevent  airframe  deflections  from  inducing  high  loads 
on  the  drive  shaft  and/or  bearings.  If  the  shaft  is  de- 
signed to  operate  above  the  first  critical  speed,  damping 
of  the  shaft  is  required  during  runup  of  the  aircraft. 

Helicopters  using  tail  rotors  also  must  use  long  drive 
shafts.  These  shafts  initially  are  sized  to  carry  the  de- 
sign torque.  Wind-up  deflections  can  be  large  with 
these  high  length-to-diameter-ratio  shafts  and,  with 
reversed  loading  also  present,  a dynamic  analysis  is 
desirable  to  assure  operation  outside  the  torsional  natu- 
ral frequencies. 

Combat  experience  on  a typical  scout  helicopter  mis- 
sion has  shown  the  need  for  an  extra  safety  margin  in 
the  shafting  design  due  to  tail  rotor  blade  strikes  on 
various  objects  and  water.  The  high  peak  torsional 
loads  transmitted  to  the  drive  shaft  from  blade  impact 
loading  have  buckled  or  wound  up  some  drive  shafts, 
causing  a shortening  or  bending  of  the  shaft.  This  re- 
sults in  a potential  failure  of  the  shaft  or  mating  compo- 
nents for  which  this  type  of  loading  was  not  initially 
considered. 

Stresses  on  drive  shaft  couplings  are  similar  to  the 
torsional  stresses  on  drive  shafts,  except  that  couplings 
also  must  absorb  the  reversed  bending  loads  caused 
from  misalignments.  These  misalignments  can  be  quite 
large  when  soft-mounted  engines  or  transmissions  are 
involved.  It  is  essential  that  the  maximum  operational 
misalignment  be  known  so  that  proper  coupling  types 
can  be  selected.  The  maximum  operational  misalign- 
ments must  include  the  initial  installation  misalign- 
ments, i.e.,  engin  -to-trammission  centerline  offsets  or 
nonparallelism  tolerances,  as  well  as  maximum  values 
of  inflight  deflections.  These  additive  deflections  must 
not  be  above  the  limitations  of  the  coupling  design. 
When  couplings  are  short -coupled  on  relatively  short 
drive  shafts,  the  designer  must  take  care  to  align  and 
minimize  deflections  properly.  Types  of  couplings  and 
their  respective  capabilities  are  discussed  in  par.  7-6. 
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Fig.  447.  Loading  Diagram  for  y-Direction 


This  paragraph  describes  the  substantiation  of  the 
helicopter  control  systems  during  the  preliminary  de- 
sign. Methods  to  be  used  for  the  determination  of  the 
loads  are  presented  for  cyclic,  collective,  directional 
and  miscellaneous  control  systems,  and  the  require- 
ments for  analysis  and  evaluation  of  the  strength  and 
reliability  of  these  systems  arc  outlined.  The  impact  of 
system  failure  also  is  discussed. 
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4*9.4. 1 Control  System  Description 

Helicopter  cockpit  controls  typically  consist  of  a 
floor-mounted  cyclic  pitch  control  stick,  a collective 
pitch  control  stick,  and  directional  control  pedals.  In 
helicopter  configurations  having  a single  main  rotor 
and  a tail  rotor,  vertical  control  is  obtained  by  the 
collective  control  system,  lateral  and  longitudinal  con- 
trol by  the  cyclic  control  system,  and  directional  con- 
trol by  the  tail  rotor  control  system.  The  collective 
control  system  consists  of  a series  of  push-pull  rods, 
bell  cranks,  and  brackets  that  carry  the  pilot-applied 
control  force  from  the  collective  stick  (which  is  located 
on  the  left  side  of  the  pilot’s  seat  convenient  to  the 
pilot’s  left  hand)  to  the  root  of  each  main  rotor  blade. 
Vertical  control  is  obtained  by  feathering  each  main 
rotor  blade  by  an  equal  amount. 

The  cyclic  control  system,  in  order  of  force  transmis- 
sion, consists  of  a floor-mounted  cyclic  stick  (operated 
by  the  pilot’s  right  hand);  a scries  of  push-pull  rods,  bell 
cranks,  and  brackets  to  the  swashplate  on  the  drive 
shaft;  and  push-pull  rods  from  the  swashplate  to  the 
rotating  rocker  arms  that  are  connected  to  the  roots  of 
the  main  rotor  blades.  Lateral  and  longitudinal  control 
is  obtained  by  tilting  the  swashplate,  causing  cyclic 
feathering  of  the  main  rotor  blades  and  thus  tilting  the 
main  rotor  disk  plane  in  the  direction  of  the  desired 
motion.  A typical  control  system  is  shown  schemati- 
cally in  Fig.  4-48. 

In  the  case  of  tandem-rotor  helicopters,  the  cockpit 
controls  are  unchanged,  but  the  necessary  control  mo- 
ments are  produced  in  a different  manner.  Longitudi- 
nal control  is  produced  by  differential  collective  pitch 
of  the  fore  and  aft  rotors,  while  lateral  control  is  ob- 
tained by  cyclic  feathering  of  the  blades  of  the  two 
rotors  and  tilting  of  both  thrust  vectors  in  the  same 
direction  simultaneously. 

A typical  system  of  upper  controls  is  shown  in  Fig. 
449  primarily  to  identify  terminology.  There  can  be 
much  variation  in  the  configuration  details  of  upper 
control  systems,  but  they  are  similar  in  concept. 

The  stationary  swashplate,  which  encircles  the  rotor 
shaft,  is  nonrotating  and  has  three  degrees  of  freedom: 
vertical  translation,  lateral  tilt,  and  longitudinal  tilt. 

A rotating  swashplate  ring  rests  atop  the  stationary 
swashplate  ring  and  is  separated  by  a thrust  bearing. 
The  rotating  swashplate  is  driven  by  a linkage  to  the 
rotor  shaft  and  rotates  with  the  rotor  system.  The  rotat- 
ing ring  has  the  same  degrees  of  freedom  as  its  station- 
ary counterpart  and  follows  all  motions  imparted  to  the 
stationary  ring  on  a one-for-one  basis. 

The  linkage  that  drives  the  rotating  ring  is  referred 
to  as  the  drive  scissors.  It  normally  is  affixed  to  the 
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rotor  shaft  by  a spline  and  is  attached  to  the  swashplate 
edge  with  a bell  and  socket  connection.  Two  hinges  V 
accommodate  variations  in  swashplate  height  and  tilt. 

Attached  to  the  circumference  of  the  rotating  swash- 
plate are  the  pitch  links,  one  for  each  rotor  blade.  The 
upper  end  of  the  pitch  link  is  attached  *o  the  control 
horn  of  the  blade.  The  pitch  links  impart  a pitch  motion 
to  the  rotor  blades,  controlling  the  angle  of  attack  of  the 
blade  and  the  magnitude  and  direction  of  rotor  thrust 
(Fig.  4-50). 

The  position  of  the  swashplate  determines  the  height 
of  the  pitch  link  relative  to  the  blade  and,  consequently, 
the  pitch  angle  of  the  blade.  Raising  or  lowering  the 
swashplate  parallel  to  the  rotor  shaft  centerline  raises 
or  lowers  all  pitch  links  and  changes  the  angle  of  attack 
of  all  blades  simultaneously.  This  is  known  as  collective 
control  input.  Tilting  the  swashplate  results  in  a pitch 
link  height  that  varies  on  a sinusoidal  basis  with  a cycle 
of  one  rotor  revolution.  Changing  the  angle  of  attack 
of  the  blades  in  this  manner  is  called  a cyclic  pitch 
change.  As  illustrated  in  Fig.  451,  a cyclic  pitch 
change  alters  the  direction  of  the  rotor  thrust  vector 
while  a collective  pitch  change  alters  the  magnitude  of 
the  vertical  component  of  rotor  thrust.  To  obtain  ac- 
ceptable feel  and  force  levels  at  the  cockpit  controls 
may  require  power  boost  and/or  isolation  of  the  lower 
control  system  from  rotor-induced  loads.  Conventional 
mechanical  control  systems  are  categorized  by  the  de- 
gree of  mechanical  influence  in  the  system.  Each  of  the 
system  types  illustrated  in  Fig.  448  is  discussed  in  the 
following  paragraphs: 

1.  TYPE  I.  Mechanical  flight  control  system.  A 
reversible  control  system  wherein  the  cockpit  controls 
are  linked  mechanically  by  a series  of  rods  and  bell 
cranks  directly  to  the  control  horn  of  the  rotor  blade. 

Such  systems  commonly  include  bungee  capsules  to 
react  control  loads  that  are  too  high  for  pilot  reaction. 

A diagram  of  a bungee  capsule  is  shown  in  Fig.  452. 

2.  TYPE  II.  Power-boosted  flight  control  system. 

A reversible  control  system  wherein  the  pilot  effort, 
which  is  exerted  through  a set  of  mechanical  linkages, 
is  boosted  by  a power  source  at  some  point  in  the 
linkages. 

3.  TYPE  III.  Power-operated  flight  control  sys- 
tem. An  irreversible  control  system  wherein  the  pilot, 
through  a set  of  mechanical  linkages,  actuates  a power 
control  that  in  turn  moves  a linkage  attached  to  the 
control  horn  of  the  rotor  blade.  Irreversibility  results 
from  the  isolation  of  each  end  of  the  system  from  the 
loads  applied  at  the  opposite  end. 

The  helicopter  control  system  also  may  incorporate 
a stability  augmentation  system  (SAS).  A typical  SAS 
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consists  of  a sensing  gyro,  an  electronic  control  pack- 
age. and  an  extensible  link  in  the  mechanical  portion  of 
the  control  system  for  each  helicopter  axis  to  be  stabil- 
ized. The  SAS  opposes,  with  limited  authority,  any 
transient  motions  of  the  helioopter  about  the  stabilized 
axis.  The  extensible  links  are  installed  in  push-pull  rod 
locations  between  the  cockpit  and  the  hydraulic  boost 
actuators. 

Directional  control  of  the  single-rotor  configuration 
is  obtained  by  feathering  each  tail  rotor  blade  by  an 
equal  amount.  The  pilot  applies  the  control  force  to 
foot  pedals,  and  the  force  is  transmitted  through  cables 
or  push-pull  rods  to  the  tail  rotor  gearbox.  A linkage 
carries  the  force  along  or  through  the  output  shaft  to 
the  tail  rotor.  A typical  tail  rotor  control  is  shown 
schematically  in  Fig.  4-53. 

In  the  tandem-rotor  helicopter,  directional  control  is 
produced  by  lateral  tilt  of  the  rotor  thrust  vectors  in 
opposite  directions.  Thus,  the  motions  of  the  direc- 


tional control  pedals  must  be  mixed  with  the  lateral 
motion  of  the  cyclic  stick  to  control  the  positions  of  the 
two  swashplates. 

4-9.4.2  Description  of  Load  Sources  and 
Reactions 

The  primary  control  loads  on  a helicopter  are  aero- 
dynamic and  dynamic,  and  they  originate  in  the  sys- 
tems in  which  blade  angle  of  attack  is  being  controlled. 
Main  and  tail  rotor  blade  pitching  moments  are  fed 
back  into  the  control  system  through  the  pitch  links. 

While  performing  their  primary  function  of  position- 
ing the  blades,  the  pitch  links  also  must  react  the  blade 
torsional  moments.  The  magnitude  of  this  load  on  the 
pitch  link  is  a function  of  the  blade  pitching  inertia,  the 
blade  torsional  moment,  and  the  normal  distance  from 
the  blade  pitch  axis  to  the  pitch  link.  In  the  unstalled 
flight  regime,  the  harmonic  content  of  the  alternating 
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portion  of  the  pitch  link  load  is  primarily  one/rev  as 
shown  in  Fig.  4-54. 

Blade  moments  are  caused  by  inplane  movement  of 
the  blade  center  of  pressure  (CP)  away  from  the  feath- 
ering axis.  These  movements  may  be  caused  by  aerody- 
namic CP  shifts  or  by  inplane  deflections  of  the  blade 
due  to  Coriolis  forces  and  aerodynamic  drag.  Also, 
blade  flapping  will  cause  feedback  loads  in  systems 
where  5,  (mechanical  coupling  between  the  bla<  pitch 
setting  9 and  flapping  angle  0)  is  provided.  As  the 
blade  flaps  in  such  systems,  blade  pitch  angle  also  must 
change  and  the  pitching  inertia  of  the  blade  must  be 
overcome.  Upon  the  inception  of  moment  stall,  a 
higher  frequency  loading  occurs  over  a portion  of  the 
rotor  cycle.  This  load,  resulting  from  a torsional  blade 
oscillation,  occurs  when  the  blade  is  located  at  approxi- 
mately 270  deg  azimuth.  A typical  stalled  pitch  link 
waveform  is  shown  in  Fig.  4-S4. 
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The  periodically  varying  pitching  moments  about 
the  blade  feathering  axis  feed  back  into  the  control 
system  (see  par.  6-3).  In  the  case  of  main  rotors,  the 
reaction  divides  between  the  collective  and  cyclic  sys- 
tems. Tail  rotors  have  no  cyclic  system  and  hence  their 
collective  system  must  react  the  entire  feedback  load. 

By  considering  the  parts  of  various  control  systems, 
including  the  pilot  and  the  controlled  element,  the 
sources  and  reactions  ofloads  are  determined.  The  path 
of  the  pitch  link  loads  is  through  the  body  of  the  pitch 
links  into  the  attachment  lugs  of  the  rotating  swash- 
plate  ring.  The  rotating  ring  also  is  loaded  by  the  drive 
scissors.  The  steady  force  required  to  drive  the  rotating 
controls  acts  tangentially  to  the  rotating  swashplate. 

Except  for  friction  losses,  ali  loads  are  transferred 
through  the  swashplate  bearing  to  the  stationary  con- 
trols below.  Loads  on  the  stationary  swashplate  ring  as 
well  as  on  the  individual  control  linkages  can  be  cal- 
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Fig.  4-49.  Typical  Upper  Control  System  on  Aft  Rotor  of  a Tandem  Helicopter 
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Fig.  4-50.  Blade  Pitch  Motion  for  Fully  Articulated  Kotor 


ciliated  as  a function  of  pitch  link  loads.  Swashplate 
thrust  toads  are  obtained  by  summing  the  pitch  link 
loads  with  the  proper  phasing.  Swashplate  moment  in 
the  fixed  system  may  be  obtained  by  calculating  mo- 
ments due  to  the  pitch  link  loads  about  the  lateral  and 
longitudinal  axes.  The  loads  reacted  by  the  individual 
control  linkages  also  are  determined  in  this  manner. 

The  loads  generated  by  the  drive  scissors  and  carried 
through  the  swashplate  bearing  by  friction  are  rela- 
tively small.  Because  they  are  in  the  plane  of  the  swash- 
plate, as  opposed  to  pitch  link  loads  that  act  90  deg 
out-of-plane,  they  need  not  be  a primary  consideration 
in  these  calculations,  but  some  provision  must  be  made 
to  react  them  to  prevent  rotation  of  the  fixed  controls. 

The  harmonics  of  stationary  swashplate  loads  are  a 
function  of  the  number  of  blades  in  a rotor  system  and 
the  harmonics  of  the  pitch  link  load.  Alternating  thrust 
on  the  stationary  swashplate  can  result  only  from  pitch 
link  load  frequencies  of  integer  multiples  of  the  number 
of  blades.  The  alternating  thrust  will  be  of  the  same 
frequency  as  the  pitch  link  load  frequency.  Alternating 
moment  on  the  stationary  swashplate  results  from 
pitch  link  frequencies  of  one  greater  or  one  less  than 


integer  multiples  of  the  number  of  blades  and  will  be 
the  same  frequency  as  the  integer  multiple  of  the  num- 
ber of  rotor  blades. 

4-9.4.2.1  Trim  Actuators 

Trim  actuators  are  introduced  into  a system  to  give 
the  pilot  force-feel  and  to  allow  centering  of  the  stick 
to  trim  out  CG  and  airspeed  effects.  These  actuators 
utilize  a spring(s)  to  provide  the  required  trim  force. 
Because  the  pilot  must  work  against  the  trim  spring, 
some  of  his  effort  will  be  reacted  by  the  trim  unit.  The 
spring  forces  must  be  sufficiently  light  to  permit  hover- 
ing control.  The  maximum  load  that  the  trim  device 
will  be  required  to  react  is  equal  to  the  maximum  spring 
deflection  multiplied  by  the  spring  rate. 

4-9.4.2.2  Rate  Restrictors 

In  systems  in  which  rapid  pilot  stick  movement  can 
result  in  excessive  loads,  restrictors  sometimes  are  in- 
stalled to  limit  (by  hydraulic  means)  the  rate  at  which 
the  pilot  can  move  the  controls.  Load  absorbed  by  this 
type  of  mechanism  is  a function  of  the  velocity  of  stick 
motion. 
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4-9.4.2.3  Hydraulic  Boost 

When  designing  a boosted  control  system  (Type  II), 
pilot  effort  must  be  added  to  the  hydraulic  effort  to 
obtain  the  highest  load  in  the  system  between  the  blade 
and  the  actuator  support.  Irreversible  features,  which 
react  vibratory  load  from  the  controlled  components, 
may  be  added  to  the  boost  system.  In  this  case,  vibra- 
tory feedback  loads  are  not  reacted  by  the  pilot.  How- 


ever, some  or  all  of  the  steady  toads  may  be  fed  back 
to  the  pilot.  \ 

4-9. 4. 2.4  Power  Systems 

A power  system  (Type  III , hydraulic  or  electrical) 
is  one  that  applies  and  reacts  all  of  the  load  to  the  con- 
trolled component.  The  pilot  moves  a servo-mech- 
anism, valve,  or  rheostat.  Redundancies  are  necessary 
in  the  hydraulic  or  electrical  portion  of  these  systems 
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to  allow  for  possible  system  failures.  Division  of  the 
load  between  primary  and  backup  systems  must  be 
considered  during  the  design  of  powered  control  sys- 
tems. 

4-9.4.2.5  Stability  Augmentation 


Stability  augmentation  systems  are  designed  to  have 
a particular  “authority”  to  control  the  system.  In  the 
case  of  a system  containing  extensible  links  for  output, 
these  links  must  be  capable  of  reacting  loads  on  the 
same  basis  as  the  push-pull  rods  they  replace. 


4-9.4.2.6  Vibration  Absorbers 

It  is  possible  to  install  dynamic  absorbers  in  uniso- 
iated  (Type  I and  Type  II)  control  systems  to  provide 
isolation  of  vibratory  forces  being  fed  back  from  the 
rotor  system.  A typical  isolator  is  a spring-mass  system 
having  a natural  frequency  equal  to  the  frequency  of 
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the  vibration  to  be  isolated  (usually  b/ rev,  where  b is 
the  number  of  blades).  The  spring  may  consist  of  a strip 
of  spring  steel  of  proper  length,  with  the  appropriate 
mass  fastened  to  the  free  end  to  provide  the  required 
frequency.  When  this  isolator  is  mounted  at  a pivot 
point  i.t  the  control  system  where  it  is  excited  by  the 
undesired  frequency,  it  will  vibrate  in  response  and 
hence  will  “absorb"  the  troublesome  vibration.  Such  an 
isolator  is  effective  only  against  vibrations  very  close  to 
its  own  natural  frequency.  Therefore,  its  usefulness  is 
questionable  if  the  rotor  speed,  and  hence  the  vibration 
frequency  b/\ rev,  varies  significantly  ( > ± 1.5%). 

4-9.4.2.7  System  Stops 

Stops  are  located  at  various  places  in  the  system  to 
prevent  overtravel  and  subsequent  jamming,  or  inter- 
ference, of  moving  parts.  One  set  of  stops  usually  is 
chosen  to  serve  as  the  primary  point  at  which  system 
rigging  takes  place.  The  stops  react  control  system 
loads  only  under  specified  conditions  in  which  maxi- 
mum control  displacements  are  required. 

4-9.4.3  Determination  of  Loads 

Limit  pilot  effort  loads  given  in  Table  4-9  shall  apply 
in  control  system  design.  These  loads  shall  be  dis- 
tributed through  the  system  to  the  point  of  irreversibil- 
ity and  are  to  be  applied  with  the  pertinent  cockpit 
control  in  any  position  within  its  limits  of  travel.  For 
the  design  of  dual-control  systems,  75%  of  the  pilot- 
applied  load  shall  be  applied,  in  the  same  direction  or 
in  opposition,  simultaneously  at  each  control  station. 
When  duplicate  or  redundant  control  circuits  are  em- 
ployed, the  control  system  loads  shall  be  applied  to 
each  system  separately  with  the  other  system  discon- 
nected. 

Beyond  the  point  of  reversibility,  either  the  boost- 
plus-pilot-effort  loads,  power  unit  loads,  or  feedback 
loads  shall  apply  for  design,  depending  upon  the  type 
of  system  and  the  magnitude  of  these  loads.  However, 
the  loads  specified  or  calculated  for  a control  system 
are  not  necessarily  the  final  criteria  for  preliminary 
design.  The  combined  stiffness  of  the  blade  and  control 
system  required  to  avoid  rotor  instabilities,  including 
flutter  and  weave,  should  be  considered.  Preliminary 
sizing  often  must  be  based  upon  required  stiffness 
rather  than  on  load. 

Various  techniques  are  used  for  the  prediction  of 
control  system  loads.  The  loads  m the  upper  control 
system  can  be  related  directly  to  the  pitch  link  loads. 
The  pitch  link  loads  in  turn  can  be  related  to  the  loads 
on  and  the  responding  motions  of  the  rotor  blades. 
Control  load  calculations,  therefore,  are  related  to  the 
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blade  load  determinations  discussed  in  par.  4-9. 1 . Such 
methods  are  suitable  at  least  for  the  prediction  of  pitch 
link  loads  in  unstalled  level  flight. 

The  complex  analytical  methods  required  to  com- 
pute preliminary  control  system  design  loads  are  han- 
dled best  through  computer  studies.  Fig.  4-55  presents 
an  outline  of  a computer  method  that  is  related  directly 
to  blade  airloads.  Details  of  control  load  analysis  are 
beyond  the  scope  of  this  handbook  because  of  the  many 
detail  differences  in  systems. 


The  procedure  for  determining  blade  control  loads 
begins  with  the  computation  of  flapwise  response.  The 
resulting  flap  motions  then  are  used  in  the  chordwise 
response  determination.  (Coriolis  loads  are  a result  of 
flap  motions.)  Lastly,  these  results  are  inputs  to  the 
program  used  to  determine  torsional  response.  In  turn, 
the  pitch  link  loads  about  the  feathering  axis  are  com- 
puted. 

Portions  of  the  control  system  that  rotate  must  be 
oriented  in  the  proper  position  when  distributing  load. 
As  an  example,  a swashplate  is  a type  of  cam  that  will 


DIRECTIONAL 
CONTROL 
PEDAL 


Fig.  4-53.  Typical  Tail  Rotor  Control  System  Schematic 


n vi  t^t>.  ‘•r^spr-  rn/wr 


'r.Tif  ^'^rTjp.'XTAVP.y'Kr  vjjsfflj  rj/jrpniTwpr-YW  V'V 


AMCP  706-201 


6 = 0 


ONE  ROTOR 


REVOLUTION 

TIME  t,  sec 

(A) UNSTALLED 


TIME  t,  sec 
(B) STALLED 


Fig.  4-54.  Pitch  Link  Load  Waveform 


distribute  load  sinusoidally.  At  certain  azimuthal  posi- 
tions. no  load  is  transmitted.  A rational  orientation  of 
the  entire  system  is  required  as  load  distribution  pro- 
gresses. 

Main  rotor  control  loads  usually  are  mixed  at  some 
point  in  the  system,  i.e.,  cyclic  and  collective  loads  as 
in  Table  4-9  are  mixed  above  the  swashplate  to  obtain 
the  loads  to  be  applied  to  the  blade  pitch  control  horn. 
In  the  single  main  rotor/tail  rotor  configuration,  there 
is  no  need  for  a mixer  in  the  directional  control  system. 
In  tandem-rotor  systems,  where  directional  control  is 
obtained  by  differential  lateral  cyclic  control  of  the  fere 
and  aft  rotors,  loads  from  the  cockpit  cyclic,  collective, 
and  directional  controls  must  be  combined. 

Other  load-producing  phenomena  that  warrant 
identification  are  Mach  instability  and  droop  stop 
pounding.  The  first  of  these  normally  is  not  considered 
in  detail  during  preliminary  design  of  a control  system. 


The  second  is  considered  only  as  a ground  U'*'3  • * 
condition  (par.  4-9.2.4.3). 

Mach  instability  results  from  blade  tip  speeds  ap- 
proaching the  speed  of  sound.  As  Mach  1 is  ap- 
proached, the  airflow  across  the  blade  is  distorted, 
changing  the  relationship  between  the  center  of  lift  and 
the  pitch  axis  and  producing  a torsional  moment  of 
one-half/rev  frequency.  Accurate  predictions  of  the 
critical  Mach  number  and  the  magnitude  of  pitch  link 
loads  during  operation  a!  that  Mach  number  are  not 
within  the  present  state-of-the-art.  Some  production 
helicopters  currently  are  operating  at  Mach  numbers  as 
high  as  0.96  with  no  apparent  problems,  while  Mach 
instability  has  been  osberved  on  other  helicopters  oper- 
ating in  the  same  Mach  number  region.  This  apparent 
discrepancy  may  be  a result  of  differences  in  airfoil 
design. 

Droop  stops  are  provided  to  limit  the  downward 
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travel  of  a horizontally  hinged  rotor  blade  and  to  pre- 
vent blade-fuselage  contact  during  ground  operations 
When  the  hub  arm  hits  the  droop  stop,  the  resulting 
condition  is  referred  to  as  droop  stop  pounding,  If  the 
CG  </  the  blade  is  not  coincident  with  the  blade  pitch 
axis,  the  inertia  of  the  blade  at  impact  will  cause  a 
pitching  moment  that  must  be  reacted  by  the  pitch  link. 

Definition  of  those  maneuvers  that  generate  high 
fatigue  loads  in  the  control  system  is  difficult.  Experi- 
ence has  shown  that  the  maneuvers  themselves  nor- 
mally do  not  produce  fatigue  loads  of  significant  mag- 
nitude. For  example,  a maneuver  conducted  at  one 
altitude  sometimes  will  produce  much  higher  loads 
than  an  identical  maneuver  at  another  altitude.  Ma- 
neuvers are  critical  when  they  prematurely  induce  the 
load-producing  phenomena  discussed  previously. 

4- 9.4.4  Ground  Condition  Load  Criteria 

Criteria  pertinent  to  ground  loading  of  controls  are 
very  limited.  MIL-S-8698  specifies  wind  loads  on  un- 
secured helicopters.  Even  these  criteria  must  be  inter- 
preted to  define  the  combination  of  steady  and  gust 
winds  necessary  to  derive  realistic  design  loads. 

There  are  various  ground  load  situations  that  can 
generate  control  system  loads.  The  most  obvious  is  a 
wind-induced  torque  moment  on  the  blade,  and  MIL- 

5- 8698  provides  the  criteria  for  this  situation.  The 
wind  should  be  considered  to  act  upon  the  blade  at  the 
angle  that  results  in  (he  greatest  pitching  moment. 

Control  load>  resulting  from  the  weight  of  the  blade 


can  be  magnified  by  the  influence  of  external  forces, 
such  as  the  rotor  downwash  of  an  adjacent  helicopter. 
To  allow  for  this  type  of  situation,  a load  factor  of  4.67 
is  recommended.  Experience  has  shown  this  to  be  a 
reasonable  value  for  a droop-stop-poundirg  limit  load. 
Because  of  the  varying  flat  plate  area  or  lift-to-weight 
ratios  that  exist  in  blades  of  different  construction, 
other  load  factors  may  be  equally  rational.  An  applica- 
ble limit  load  factor  must  be  established  rationally  for 
each  blade  design  and  assessment  must  be  made  of  the 
impact  upon  control  loads. 

4-9.4.5  Miscellaneous  Controls 

Miscellaneous  controls — such  as  those  for  the  engine 
throttle,  landing  gear  retraction  and  extension,  rotor 
brake,  fuel  shutoff,  and  parking  brake — shall  be  de- 
signed for  limit  pilot  loads  ranging  from  150  lb  (cranks, 
wheels,  or  levers)  to  133  in.-lb  (twist  grips)  for  the 
desired  range  of  control  forces  as  listed  in  MIL-STD- 
1472. 

4-9.4.6  System  Failure  Effects 

The  impact  of  system  failures  upon  design  loads 
should  be  considered  during  the  preliminary  design  of 
control  systems.  If  difficulty  in  predicting  operating 
loads  is  experienced  due  to  system  complexity  or  lack 
of  experience  with  a given  mechanism,  conservative 
factors  should  be  introduced  into  the  loading  analysis. 
Another  technique  that  can  be  useful  in  satisfying  sys- 
tem requirements  is  to  incorporate  redundancy. 
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Fig.  4-55.  Block  Diagram,  Control  Load  Determination 


It  is  not  sufficient  to  design  against  traditional  sys- 
tem failures  such  as  static,  fatigue,  or  jamming.  Lack 
of  system  stiffness  also  will  promote  failure  because  the 
controls  are  only  a pert  of  the  rotor  dynamic  system. 
Rotor  weave  and  similar  instabilities  are  caused  by 
“spongy”  control  of  the  blades. 

Dual  hydraulic  systems  are  required  when  a control 
cannot  be  pilot-actuated  following  a single  hydraulic 
system  failure. 

Fail-safe  methods  should  be  used  where  practicable. 
In  this  case,  failure  of  a critical  member  shifts  the  entire 
load  to  another  remaining  member;  therefore,  the  full 
design  load  and  required  stiffness  criteria  also  are  appli- 
cable to  the  redundant  part.  At  the  time  of  a failure,  or 


at  the  next  convenient  inspection  period,  failure  of  an 
individual  part 'Should  be  recognizable  so  that  it  can  be 
replaced. 

4-9.4.T  Control  System  Substantiation 

This  paragraph  discusses  the  initial  sizing  and  sub- 
stantiation of  control  components  during  preliminary 
design.  It  is  important,  for  purposes  of  this  discussion, 
to  identify  preliminary  design  as  the  period  before  parts 
have  been  fabricated  and  hence  neither  bench  test  nor 
flight  test  data  are  available.  The  analyst  thus  must  rely 
upon  past  experience,  structural  criteria,  and  predicted 
loads. 
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The  sizing  of  control  components  is  a matter  of  ground  conditions,  such  as  high  winds  or  during  main- 


equating  strength  to  load.  The  design  loads  are  gene- 
rated from  structural  criteria,  the  resultant  stresses  are 
determined  by  analysis,  and  the  design  stresses  then  are 
compared  with  allowable  stresses.  An  iterative  process 
continues  until  a favorable  balance  between  design  and 
allowable  stress  is  achieved.  The  maximum  anticipated 
static  toads  (limit  loads)  are  evaluated  against  the  mini- 
mum expected  yield  strength  to  verify  that  no  struc- 
tural yielding  can  occur.  In  addition,  the  maximum 
anticipated  static  load  is  multiplied  by  a safety  factor, 
and  the  structure  is  evaluated  against  minimum  ex- 
pected ultimate  strength  to  verify  that  no  failure  can 
occur.  A structural  evaluation  of  the  effects  of  alternat- 
ing (fatigue)  loads  also  is  conducted.  In  the  case  of 
fatigue  loads,  both  the  magnitude  of  stress  and  the 
number  of  cycles  of  stress  are  important.  Each  cycle  of 
alternating  stress  above  the  endurance  stress  level  is 
damaging  to  the  structure.  After  exposure  to  many 
cycles  of  fatigue  stress,  it  may  be  necessary  to  retire 
components  from  service  to  preclude  fatigue  failure. 
The  prediction  of  the  fatigue  life  is  a more  complex  task 
than  the  evaluation  of  a single  maximum  static  load. 

The  control  load  criteria  and  basic  loads  are  dis- 
cussed in  pars.  4-9.4. 3 through  4-9.4.5.  Analysis  meth- 
ods are  found  in  textbooks  and  in  contractor  design 
manuals.  Static  strength  allowables  for  metals  are 
found  in  MIL-HDBK-5  (nonmetals  are  not  common  in 
control  systems). 

Fatigue  design  allowables  are  not  documented 
widely,  primarily  because  of  ihe  many  factors  that  af- 
fect material  fatigue  strength.  Fatigue  life  determina- 
tion is  discussed  in  detail  in  par.  4-11. 

Preliminary  design  of  fatigue-critical  control  compo- 
nents does  not  eliminate  the  necessity  of  a bench  test 
program  to  determine  actual  fatigue  strength;  the  vari- 
ables affecting  component  fatigue  life  demand  bench 
testing.  However,  if  an  expected  level  of  fatigue  life  is 
to  be  achieved  in  test,  a thorough  preliminary  design 
evaluation  is  required.  Close  attention  to  the  character- 
istics of  fatigue  during  preliminary  design  will  mini- 
mize the  necessity  for  subsequent  redesign. 

4-9.4.7.1  Lower  Controls 

The  lower  controls  are  a system  of  mechanical  link- 
ages from  the  pilot  to  the  control  system  isolation  point 
(par.  4-9.4. 1).  Criteria  relating  to  pilot-applied  loads 
normally  dictate  the  size  of  the  lower  controls.  The 
design  loads  (Table  4-9)  are  based  upon  the  physical 
limits  of  a pilot  and  are  much  larger  than  the  forces 
normally  required  to  operate  the  system.  They  seldom 
are  encountered  and  hence  are  considered  as  static 
loads.  Possible  control  system  loads  resulting  from 


tenance  functions,  also  should  be  considered  during 
preliminary  design. 

4-9. 4. 7. 1.1  Static  Design  Load 

The  initial  step  in  sizing  an  element  in  the  control 
system  is  th . identification  of  the  applicable  critical 
load(s).  Each  load  or  combination  of  loads  required  by 
the  criteria  is  applied  at  the  applicable  cockpit  con- 
trol(s)  and  reacted  at  the  system  isolation  point.  The 
loads  and  reactions  upon  each  element  of  the  control 
system  are  determined  from  statics  (equilibrium  of 
forces)  and  control  system  geometry.  The  most  adverse 
(highest  load)  position  within  the  possible  travel  is  as- 
sumed. 

The  critical  element  load  for  each  possible  failure 
mode  is  identified  from  the  described  load  study  and  a 
free-body  diagram  then  is  drawn.  This  process  is  re- 
peated for  each  element  in  the  control  system  to  deter- 
mine the  maximum  loads  for  each  loading  condition. 
While  push-pull  rods  usually  are  critical  in  tension  or 
compression,  bell  cranks  and  bolts  may  be  critical  in 
bending.  Therefore,  loadings  for  each  possible  failure 
mode  must  be  established. 

4-9.4. 7. 1.2  Analysis 

Stress,  deflection,  or  stability  for  each  of  the  possible 
failure  modes  must  be  determined  by  analysis.  For  ex- 
ample, for  a push-pull  rod,  tension  stresses  are  deter- 
mined in  the  section  through  the  bolt  hole  in  the  rod 
end,  at  the  minor  diameter  of  the  rod  end  threads,  and 
at  the  major  diameter  of  the  threads  in  the  barrel  of  the 
rod.  The  shear-bearing  failure  mode  of  the  rod  end  alco 
is  evaluated.  The  rod  then  is  analyzed  for  the  maximum 
compression  load,  particularly  for  column  instability. 

Structural  failure  normally  is  associated  with  a con- 
dition where  the  applied  stress  exceeds  the  strength  of 
the  material,  leading  to  breakage.  Another  classical 
mode  of  failure  is  structural  collapse  or  instability 
Such  failures  cannot  be  predicted  by  knowing  the  stress 
in  the  member  but  rather  depend  upon  geometric  fac- 
tors and  material  stiffness.  Expressions  for  the  critical 
or  column  failure  load  for  columns  with  different  end 
conditions  and  nonconstant  cross  sections,  may  be 
found  in  Refs.  22  and  46.  Derivations  of  these  expres- 
sions can  be  found  in  Ref.  54. 

Structural  analysis  also  includes  consideration  of 
deformation.  Evaluation  of  control  system  deforma 
tions  may  be  required  to  assure  adequate  clearance  for 
moving  parts  and  to  optimize  the  stiffness  of  the  con- 
trols. The  interaction  of  control  system  stiffness  and 
rotor  blade  performance  is  discussed  subsequently.  Ap- 
propriate expressions  for  deformations  due  to  axial 
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load  and  transverse  loads  as  well  as  solutions  to  beam 
deflection  problems  for  numerous  end  conditions  and 
loading  combinations  are  tabulated  in  Ref.  46. 

Another  consideration  during  preliminary  design  is 
structural  resonance.  Structural  collapse  can  occur  if  a 
structure  is  subjected  to  vibratory  loads  near  the  natu- 
ral frequency  of  the  structure;  thus  the  natural  fre- 
quency of  control  components  should  be  well  separated 
from  rotor  and  drive  system  frequencies.  Ref.  35  is  one 
of  many  texts  that  present  the  fundamental  equations 
pertinent  to  the  investigation  of  structural  resonance. 

4-9.4. 7. 1.3  Material  Allowables 

MIL-HDBK.-5  contains  the  standards  of  strength 
and  stiffness  properties  of  metals  commonly  used  in 
control  systems  and  also  contains  allowables  for  fasten- 
ers and,  to  a degree,  the  strength  characteristics  of 
structural  elements  such  as  tubes. 

Test  coupons  of  a given  metal  exhibit  small  varia- 
tions in  strength  and  stiffness  properties.  The  statistical 
significance  of  this  scatter  is  included  in  MIL-HDBK-S 
data.  Strength  information  is  classified  statistically 
while  stiffness  data  are  average  values;  MIL-HDBK-S 
“A"  or  “S”  values  are  recommended.  An  “A"  value  is 
a strength  level  expected  from  99%  of  the  material  with 
a confidence  level  of  95%,  while  an  “S"  value  is  a 
material  specification  minimum.  In  the  event  that 
MIL-HDBK-5  or  other  approved  sources  do  not  con- 
tain the  required  allowable  stress,  the  values  used  for 
analysis  shall  be  justified  or  validated  by  the  designer. 

4 9.4. 7. 1.4  Margin  of  Safety 

The  margin  of  safety  MS  is  the  numerical  expres- 
sion of  the  balance  between  design  stress  and  allowable 
stress.  Simply  stated. 


MS  = 


Allowable  Stress 
Stress  due  to  Design  Load 


(4-40) 


When  the  margin  of  safety  is  zero,  or  has  a small  posi- 
tive value,  a desirable  balance  between  allowable  and 
design  stresses  has  been  achieved.  If  the  design  is  good 
fundamentally,  small  positive  margins  imply  a mini- 
mum-weight structure.  Zero  margins  rarely  are 
achieved  because  of  material  and  design  constraints. 

Margins  of  safety  are  determined  for  both  design 
limit  and  design  ultimate  loads  and  stresses  relative  to 
allowable  yield  and  ultimate  stresses,  respectively,  at  all 
critical  locations  for  all  control  components.  These 
margins  shall  be  tabulated  for  ease  of  review  and  evalu- 
ation. 


4-9. 4.7. 2 Rotating  and  Stationary  Upper 

Controls 

The  rotating  and  stationary  upper  controls  usually 
are  sized  by  alternating  loads,  i.e.,  by  fatigue  considera- 
tions. The  effects  upon  the  control  sys**m  of  peak  static 
loads  during  the  extreme,  but  seldom  encountered,  ma- 
neuvers and  during  ground  conditions  must  be  evalu- 
ated. However,  control  components  normally  are  ade- 
quate for  ultimate  design  loads  if  they  have  been  sized 
to  withstand  the  periodic  (alternating)  loads  occurring 
during  each  rotor  revolution  for  the  numbers  of  cycles 
accumulated  during  the  design  fatigue  life. 

The  criteria  for  determining  the  magnitude  of  the 
design  alternating  loads  are  not  covered  specifically  in 
the  applicable  specification  (MIL-S-8698).  The  intent 
of  the  specification  is  to  minimize  the  possibility  of 
fatigue  failure  and  to  provide  a minimum  of  1000  hr  of 
service  life.  However,  preliminary  design  objectives  for 
current  Army  helicopters  well  exceed  the  100O-hr  mini- 
mum life  requirement. 

Control  loads  experienced  by  a helicopter  can  be 
regulated  by  such  factors  as  speed,  gross  weight,  and 
maneuvers.  However,  design  loads  related  to  rotor  stall 
may  be  used  to  initiate  preliminary  design  because 
stalled  conditions  are  a practicable  limit. 

4-9. 4. 7. 2. 1 Alternating  Design  Loads 

The  detailed  fatigue  analysis  of  a control  component 
requires  an  understanding  of  the  magnitude  and  fre- 
quency of  the  alternating  loads  in  relation  to  the  in- 
tended use  of  the  helicopter.  For  example,  the  magni- 
tude of  the  alternating  pitch  link  load  at  a given  density 
altitude  typically  varies  as  a function  of  gross  weight 
and  airspeed. 

Fig.  4-56  shows  typical  pitch  link  loads  at  a common 
density  altitude  for  two  gross  weights  as  a function  of 
airspeed.  Considering  only  the  loads  shown  in  Fig.  4- 
56,  the  required  pitch  link  fatigue  strength  is  dependent 
upon  the  amount  of  rime  the  helicopter  spends  at  each 
weight  and  at  the  various  airspeeds  involved. 

The  curves  in  Fig.  4-56  are  for  steady-state  level 
flight  conditions;  the  load  shown  is  the  unstalled  alter- 
nating load  of  Fig.  4-54<A).  Operating  the  helicopter  at 
different  density  altitudes  will  result  in  different  pitch 
link  loads  at  each  gross  weight. 

The  introduction  of  control  displacements  to  accom- 
plish helicopter  maneuvers  will  cause  alternating  pitch 
link  loads  to  increase  above  the  steady-state  value  dur  - 
ing all  or  portions  of  the  maneuver.  The  magnitude  of 
this  increase  will  be  related  to  the  type,  duration,  and 
severity  of  the  maneuver. 
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It  is  apparent  that  the  analytical  determination  of 
pitch  link  loads  for  all  altitudes,  gross  weights,  rotor 
speeds,  and  airspeeds  in  level  flight  and  in  maneuvers 
is  impracticable.  Measured  flight  loads  covering  these 
variables  ultimately  will  be  required  for  the  final  deter- 
mination of  component  fatigue  life,  but  for  preliminary 
design  a single  alternating  load  is  preferable  and  is 
available.  The  state-of-the-art  is  such  that  pitch  link 
loads  for  steady-state  flight  conditions  can  be  predicted 
adequately  even  into  the  blade  stall  region  (par.  4- 
9.4.3). 

Fig.  4-57  displays  the  significant  features  of  a pre- 
dicted alternating  pitch  link  load  as  a function  of  air- 
speed. The  blade  stall  region  is  identified  by  sharply 
increasing  pitch  link  loads,  together  with  an  increase  in 
frequency  due  to  the  introduction  of  higher  harmonics 
of  rotor  speed,  as  seen  in  Fig.  4-S4(B). 

The  helicopter  level  flight  structural  envelope  nor- 
mally is  limited  to  airspeeds  at  or  only  slightly  beyond 
the  inception  of  blade  stall.  This  is  because  of  the  rapid 
rotor  load  increase  with  small  increments  of  speed 
beyond  this  point.  Maneuvers  conducted  within  the 
flight  envelope  usually  result  in  loads  higher  than  the 
level  flight  values,  due  to  the  fact  that,  during  the  time 
that  the  maneuver  is  producing  positive  accelerations, 
the  helicopter  is  effectively  at  a higher  gross  weight. 

The  design  load  for  the  pitch  link,  and  from  it  the 
load  in  other  upper  control  components,  may  be  based 
upon  the  load  predicted  at  the  inception  of  blade  stall. 
The  predicted  load,  increased  by  an  experience  factor, 
becomes  the  design  load.  The  factor  will  vary  with: 

1.  Configuration  (tandem  or  single) 

2.  Utilization  (maneuver  spectrum) 


3.  Component  material  (steel,  aluminum,  or  com- 
posite) 

4.  Desired  growth  potential  (possible  new  airfoils). 

No  single  factor  can  be  recommended  for  ail  helicop- 
ters. Experience  with  helicopters  of  similar  configura- 
tion is  the  best  guide.  It  is  doubtful  that  any  factor  less 
than  1.2  would  prove  adequate. 

Because  the  pitch  link  alternating  load  is  fundamen- 
tally a one-per-rev  load,  the  number  of  cycles  of  alter- 
nating load  accumulates  rapidly.  For  example,  if  the 
helicopter  operates  at  300  rotor  rpm,  the  pitch  link 
experiences  18,000  load  cycles  per  flight  hour,  or  18  X 
106  cycles  in  1000  flight  hours.  Therefore,  to  provide 
an  acceptable  fatigue  life,  it  is  imperative  that  the  level 
flight  pitch  link  loads  be  below  the  endurance  limit  for 
the  part.  Hence  the  pitch  link  should  be  sized  for  infi- 
nite life,  i.e.,  design  load  £ endurance  limit,  at  the 
design  pitch  link  load. 

4-9. 4. 7. 2. 2 Static  Strength 

In  addition  to  the  requirement  to  provide  adequate 
fatigue  strength,  the  capability  of  the  rotating  and  sta- 
tionary upper  controls  for  the  extreme  maneuver  and 
ground-handling  load  conditions  must  be  evaluated. 
The  design  limit  load  for  the  extreme  maneuver  may  be 
derived  by  multiplying  the  maximum  level  flight  pitch 
link  load  (steady  plus  alternating)  by  a factor  approxi- 
mately equal  to  the  design  load  factor  for  the  helicop- 
ter. The  rotating  and  stationary  controls  should  be 
evaluated  for  these  loads  in  the  same  way  that  the  lower 
controls  are  evaluated  for  pilot-applied  loads  (par.  4- 
9.4.7. 1). 

The  hydraulic  force  required  of  the  boost  actuators 
is  determined  from  the  loads  during  maximum  tnaneu- 
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Fig.  4-56.  Alternating  Pitch  Link  Load  vs  Airspeed 
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ver  conditions.  The  hydraulic  actuator  system  must 
have  sufficient  pressure  and  piston  cross-sectional  area 
to  provide  control  capability  (to  change  blade  pitch) 
under  these  maximum  load  conditions.  Boost  systems 
powered  by  other  than  hydraulic  means  also  must  func- 
tion in  the  presence  cf  these  maximum  loads. 


ated  and  controlled  to  optimize  rotor  blade  perform- 
ance. The  requirements  for  control  system  stiffness 
should  be  established  early  in  the  program  and  pro- 
vided for  in  the  preliminary  design  phase. 


4-9. 4.7. 3 Structural  Concepts 


4'9.4.7.2.3  Stiffness  Requirements 

The  proper  functioning  of  the  control  system  is  de- 
pendent not  only  upon  strength,  but  also  upon  stiffness. 
The  fundamental  equation  of  dynamic  motion  for  a 
simple  spring-mass  system  as  shown  in  Fig.  4-58  is 


16  + KB  m 0 


(4-41) 


where 


/ = mass  moment  of  inertia,  slug-ftJ 
6 — pitch  angle,  rad 
6 = angular  acceleration,  rad/sec2 
K = spring  rate,  ft-lb/rad 
Eq.  4-41  and  Fig.  4-58  represent  a simplification  of 
the  actual  case,  with  both  damping  terms  and  forcing 
functions  omitted.  Also,  K represents  the  total  tor- 
sional spring  rate  of  the  system,  which  comprises  the 
spring  rates  of  the  rotor  blade  and  the  control  system 
considered  in  series;  it  is  the  amount  of  torsion  required 
to  produce  one  radian  of  angular  deflection,  ani  l in- 
cludes the  deflection  in  the  control  system  necessary  to 
achieve  the  blade  deflection.  The  dynamic  response  of 
the  system  is  a function  of  (AT//)0.’  Hence,  K,  including 
the  contribution  erf’  the  control  system,  must  be  evalu- 


The majority  of  helicopter  control  components  in 
existence  today  are  safe-life  designs.  The  safe-life 
method  predicts  the  fatigue  life  of  a component  analyti- 
cally, using  component  fatigue  strength  as  determined 
by  test,  fatigue  loads  as  measured  in  flight,  and  the 
anticipated  utilization  of  the  vehicle  in  service.  Fatigue 
life  determination  is  discussed  in  par.  4-11. 

A fail-safe  structure  is  one  in  which  an  obvious  indi- 
cation of  an  impending  structural  failure  is  provided 
and  can  be  detected  in  sufficient  time  to  preclude  a 
catastrophic  situation  from  developing.  Fail-safety  is  a 
structural  concept  that  will  receive  increased  attention 
in  the  next  generation  of  helicopter  control  systems. 

Some  examples  of  fail-safe  design  are: 

1.  Redundant  load  paths.  Either  of  two  load  paths 
can  carry  the  required  flight  loads  safely  for  the  dura- 
tion of  the  inspection  interval.  Regularly  scheduled  in- 
spections must  be  adequate  to  detect  failure  and  actu- 
ally must  be  conducted  for  the  method  to  achieve  its 
purpose. 

2.  Standby  load  paths.  An  alternate  load  path  be- 
gins to  carry  load  only  after  a structural  failure  in  the 
primary  load  path.  Once  again,  the  routine  inspection 
must  be  capable  of  detecting  the  failure  and  must  be 
enforced  for  the  method  to  be  effective. 
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3.  Partial  failure  indicator.  A positive  indication  of 
partial  failure  is  given  in  sufficient  time  to  avoid  a 
catastrophic  situation.  For  example,  laminated  struc- 
ture may  be  used,  and  initial  failure  of  a single  laminate 
could  release  a dye  as  an  indication  of  failure.  !n 
another  system,  a structural  crack  may  be  detected  by 
means  of  an  internal  pressure  change.  A hollow  struc- 
ture is  pressurized  or  evacuated  and  a crack  in  the 
structure  permits  pressure  equalization  with  the  out- 
side air. 

Fail-safe  structural  concepts  are  currently  in  devel- 
opment and  should  be  considered  in  the  preliminary 
design  of  control  system  components. 


4-10  AIRFRAME  STRUCTURAL 
SUBSTANTIATION 

The  structural  design  criteria  applicable  to  Army 
helicopters  are  defined  in  the  preceding  paragraphs, 
and  the  preliminary  design  substantiation  requirements 
for  several  subsystems  are  discussed.  In  the  cases  of  the 
rotor  and  mechanical  drive  subsystems,  the  substantia- 
tion of  the  structural  adequacy  of  the  components  can- 
not be  readily  separated  from  the  development  of  the 
applicable  loads.  However,  in  the  cases  of  the  airframe 
subsystems,  the  sizing  of  components  and  the  substan- 
tiation of  the  ability  of  the  subsystems  to  withstand  the 
critical  design  loads  are  independent  of  the  determina- 
tion and  development  of  tnese  loads.  In  the  paragraphs 
that  follow,  the  substantiation  of  the  adequacy  of  these 
subsystems  and  components  during  the  preliminary  de- 
sign phase  is  discussed.  The  airframe  is  further  subdi- 
vided into  fuselage,  wing  and  empennage,  landing  gear, 
and  internal  and  external  equipment  installation  sub- 
systems for  purposes  of  this  discussion. 


4-10.1  FUSELAGE  STRUCTURE 

4-10.1.1  Fuselage  System  Description 

The  fuselage  is  defined  as  that  structure  which  sup- 
ports the  useful  load,  supports  and  connects  the  dy- 
namic components,  and  provides  an  interface  between 
the  aerodynamic  and  ground  environments.  The  fuse- 
lage components  include  the  cabin  and  cockpit,  rotor 
pylon,  engine  compartment,  cargo  and  baggage  com- 
partments, and  tail  boom. 

The  cockpit  and  cabin  contain  shear  and  bending 
structure  that  supports  crew,  passengers,  fuel  tank,  and 
equipment  (useful  load);  and  interconnecting  shear,  ax- 
ial load,  torsional,  and  bending  structure  for  the  sup- 
port of  dynamic  components.  This  portion  of  the  fuse- 
lage also  has  secondary  structure  and  fairings  to  provide 
airstream  protection  for  the  occupants  and  an  external 
contour  as  required  for  aerodynamic  efficiency. 

Seating  provisions  must  include  anchoring  structure 
capable  of  retaining  the  occupants  during  crash  condi- 
tions. 

A rotor  pylon  is  a structure,  mounted  upon  the  fuse- 
lage, that  supports  a main  rotor(s)  at  sufficient  height 
to  give  the  rotor  clearance  over  the  tail  boom  and  tail 
rotor  (if  applicable),  fuselage,  and  personnel  on  the 
ground.  Shear  and  bending  are  the  primary  loadings  for 
a pylon  structure. 

The  engine  compartment  structure  must  have  tire- 
walls  and  provisions  to  support  the  engine  and  mechan- 
ical drive  components.  Firewalls  generally  are  flat  pan- 
els that,  if  not  stiffened  for  efficient  shear  capacity, 
must  be  stiffened  to  prevent  panel  vibration  at  engine 
or  drive  system  operating  frequencies.  Such  vibration 
may  result  both  in  fatigue  failure  of  the  panel  and 
increased  noise  levels  in  adjacent  compartments. 

Cargo  and  baggage  compartments  must  have  tie- 
down provisions  to  retain  the  contents.  Compartments 
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Fig.  4-58.  Spring  Mass  System 
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u'cd  for  cargo  or  baggage  should  not  contain  un- 
protected control  linkages,  wiring,  or  flammable  fluid 
lines  because  linkages  could  be  fouled  and  jammed,  and 
unprotected  wiring  and/or  lines  area  fire  hazard. 

A tail  boom  is  a structure  that  attaches  a tail  rotor 
and  its  mechanical  drive  to  the  fuselage.  Loading  is 
primarily  in  shear,  bending,  and  torsion.  Auxiliary  aer- 
odynamic surfaces,  such  as  a vertical  fin  and  a horizon- 
tal stabilizer,  often  are  mounted  on  the  tail  boom.  Care 
should  be  exercised  in  the  design  of  the  tail  boom  to 
provide  adequate  stiffness  so  that  the  tail  boom,  with 
all  of  its  supported  masses,  will  not  have  natural  fre- 
quencies close  to  operating  frequencies. 


4-10.1.2  Load  Sources 


The  major  sources  of  fuselage  load  are  the  rotors, 
which  produce  large  static  and  vibratory  loads,  and  the 
landing  gear,  which  produces  high  static  loads.  The 
landing  gear  loads  actually  are  dynamic  in  nature,  but 
because  peak  landing  loads  are  applied  for  a relatively 
short  period  they  are  evaluated  against  static  strength 
properties. 

Next  in  importance  are  mass-item  inertia  loads  due 
to  flight  and  landing  manuvering  accelerations.  Air- 
loads due  to  the  dynamic  pressure  of  high-speed  flight 
also  are  important.  Such  airloads  produce  the  critical 
design  loads  for  windscreen,  fins,  stabilizers,  wings,  and 
fairings. 

Mechanical  drive  systems  produce  loads  at  the  fuse- 
lage attachments  for  speed-change  or  direction-change 
gearboxes.  In  many  cases  the  gearbox  supports  a shaft 
that  powers  a rotor  or  propeller;  and.  therefore,  the 
rotor  loads  are  distributed  to  the  fuselage  through  the 
gearbox. 

Control  system  loads  on  the  fuselage  occur  at  loca- 
tions where  mechanical  advantage  and  directional 
changes  take  place.  Anchor  points  for  boost  or  power 
cylinders  require  particular  design  attention  due  to  the 
high  vibratory  loads  fed  back  from  rotor  controls. 

Finally,  loading  produced  by  equipment,  cargo,  and 
payload  occurs  during  accelerated  maneuvers.  Han- 
dling loads  during  ground  positioning  and  jacking  also 
must  be  considered  during  the  preliminary  design. 

Although  secondary  structural  elements  may  not  be 
highly  loaded  under  flight  or  landing  conditions,  they 
may  have  a significant  loading  during  manufacture  and 
this  must  be  considered. 

If  other  factors  are  equal,  the  lightest  fuselage  will  be 
the  smallest  one  that  adequately  can  enclose  the  re- 
quired personnel  and/or  cargo,  fuel,  fixed  equipment, 
and  power  plant/drive  system.  This  is  due  to  the  heavy 
dependence  of  the  weight  of  primary  structure  upon  the 


length  of  the  load  paths  and  of  the  weight  of  secondary 
structure  upon  surface  area.  Fuselage  loads  also  can  be 
affected  considerably  by  drive  system  loads  and  by  the 
arrangement  of  the  rotors  relative  to  the  fuselage.  In 
the  last  few  years,  fail-safe  structural  considerations 
have  become  another  important  preliminary  design 
consideration  for  the  fUselage.  with  regard  not  only  to 
improved  flight  safety,  but  also  to  greater  resistance  to 
battle  damage  and  increased  assurance  of  successful 
mission  accomplishment. 

The  basic  fuselage  structure  is  loaded,  in  general,  by 
a complex  system  of  external  loads,  e.g.,  rotors  and 
landing  gear,  that  are  reacted  by  the  inertia  of  the 
vehicle  and  its  contents.  The  internal  member  loads 
generally  are  distributed  among  redundant  load  paths 
in  a manner  dependent  upon  the  relative  stiffnesses 
of  the  various  load  paths.  For  analysis  purposes, 
this  internal  load  distribution  is  accomplished  either 
by  a comprehensive  computer  program  such  as 
that  of  Ref.  56,  or  mathematical  model— modified  by 
experience  and  simplified  by  engineering  judgment — 
that  is  amenable  to  solution  with  a desk  calculator. 
After  the  determination  of  the  critical  external  and 
internal  loads  for  the  fuselage,  the  structural  sizing  of 
the  individual  members  is  accomplished  in  a standard 
manner  by  structural  analysis. 

An  additional  factor  involved  in  helicopter  fuselage 
design  is  structural  stiffness.  Stiffness  requirements  are 
determined  largely  by  the  rotor  configuration,  and  they 
cannot  be  overlooked  inasmuch  as  the  fuselage  is  a part 
of  the  dynamic  system.  A requirement  for  additional 
stiffness  may  add  weight  if  the  increase  is  accomplished 
in  a nonoptimum  manner  (Ref.  57). 


4-10.1.2.1  Flight  Maneuver  Loads 


Flight  maneuver  loads  as  they  affect  the  fuselage  are 
associated  with  either  steady-state  or  transient  motions 
about  or  along  the  three  coordinate  axes  of  the  helicop- 
ter. Examples  of  maneuvers  involving  relatively  steady- 
state  motions  are  banked  turns,  hovering  turns,  side- 
ward flight,  yawed  flight,  and  spiral  dives.  Examples  of 
maneuvers  involving  transient  motions  are  flares,  pull- 
ups,  pushovers,  entries  into  or  recoveries  from  steady- 
state  maneuvers,  rolling  or  yawed  pullouts,  and  control 
reversals.  In  general,  steady-state  maneuvers  such  as 
those  in  Fig.  4-59  are  performed  with  near-constant 
linear  and  angular  velocities  along  or  about  the  three 
vehicle  axes,  and  thus  normally  do  not  involve  signifi- 
cant angular  accelerations.  Similarly,  the  transient  ma- 
neuvers shown  in  Fig.  4-60  require  changing  angular 
and/or  linear  velocities,  and  normally  involve  angular 
accelerations.  The  major  linear  (along  the  axes)  accel- 
erations occur  in  the  vertical  (lift)  direction,  with 
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smaller  values  of  acceleration  along  the  other  two  axes. 
The  various  accelerations  of  the  ftuelage  that  are  of 
concern  for  preliminary  structural  design  are  derived 
from  the  forces  and  moments  applied  at  the  main  ro- 
tor(s)  and  tail  rotor  (if  applicable)  during  these  ma- 
neuvers. These  include  lift,  drag,  and  side  loads  as  well 
as  roll,  pitch,  and  torque  moments  from  the  main  rotor, 
along  with  similar  types  of  (yaw)  forces  from  the  tail 
rotor.  In  addition,  there  are  aerodynamic  loads  from 
the  tail  surfaces  (par.  4-10.2). 

Par.  44.2  specifies  the  values  of  vertical  acceleration 
to  be  used  for  helicopter  structural  design  at  basic 
structural  design  gross  weight  and  maximum  alternate 
design  gross  weight  conditions.  It  is  possible  in  most 
helicopters  to  exceed  these  accelerations  at  light  gross 


weights;  and  in  some  helicopters,  it  may  be  possible  to 
exceed  these  specified  accelerations  at  the  basic  struc- 
tural design  gross  weight.  Because  the  ability  to  devel- 
op sufficient  rotor  lift  to  exceed  the  design  load  factors 
may  be  of  operational  or  military  value  (allowing  in- 
creased maneuverability,  better  speed  and/or  altitude 
capability,  or  increased  ferry  range),  as  well  as  being 
advantageous  from  the  standpoint  of  safety,  it  may  be 
desirable  to  base  the  preliminary  structural  design  upon 
the  actual  maximum  lifting  capability  of  the  rotoK*)- 
However,  there  is  some  design  load  factor  for  any  par- 
ticular type  of  helicopter  beyond  which  little  opera- 
tional or  military  advantage  can  be  realized.  This  is 
because  the  increased  structural  weight  offsets  any 
other  gains. 


(A)  BANKED  TURN 


<Bi  HOVERING  TURNS 


Fig.  4-59.  Typical  Steady-state  Maneuvers 
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(B)  PUSHOVER 


Fig.  4-60.  Typical  Traasieat  Maneuvers 


Fig.  4-61  shows  the  relationship  of  load  factor 
n,  to  pitching  velocity  6 and  airspeed  V for  quasi- 
steady-state conditions.  i.e..  a pullup  into  a climb  with 
no  reduction  in  forward  speed.  The  relationship  be- 
tween bank  angle  4 and  load  factor  n,  for  turns  at  con- 
stant altitude,  as  shown  in  Fig.  4-59(A),  is  presented  in 
Fig.  4-62. 

4-10.1.2.2  Gust  Loads 

Gust  load  criteria  are  given  in  par.  4-4.3.  The  critical 
effects  upon  the  fuselage  structure  normally  result  from 
the  gust  loads  applied  to  the  horizontal  or  vertical  sur- 


faces. Generally,  the  gust  loads  may  be  expected  to  Le 
critical  only  for  the  aft  portions  of  the  fuselage  struc- 
ture, such  as  the  tail  boom.  Depending  upon  the  config- 
uration, inertia  loads  due  to  pitching  or  yawing  acceler- 
ations resulting  from  gust  loads  can  be  quite  high  in 
these  areas.  Gust  loadings  on  auxiliary  lifting  surfaces, 
if  provided,  also  must  be  investigated  for  simultaneous 
loads  imposed  upon  the  fuselage. 

4- 1 0. 1 .2.3  Landing  Loads 

Landing  loads  (pars.  4-3.1  and  4-3.2)  should  be  ap- 
plied to  the  fuselage  structure  wherever  the  specified 
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Fig.  4-61.  Load  Factor  v»  Airspeed  (For  Various 
Pitch  Velocities 


BANK  ANG  LE  A,  deg 


Fig.  4-62.  Load  Factor  vs  Bank  Angle 

conditions  are  likely  to  be  the  critical  loadings.  Perma- 
nent deformation  or  other  damage  detrimental  to  the 
fuselage  prime  structure  shall  not  occur  prior  to  obvi- 
ous damage  to  the  landing  gear  installation. 

In  applying  the  design  landing  loads  to  the  fuselage, 
it  is  important  to  consider  the  simultaneously  acting 
main  rotor,  tail  rotor,  and  driving  torque  loads  to  the 
extent  that  the  resulting  combination  may  be  critical. 
From  a preliminary  design  standpoint,  the  landing 
loads  usually  are  critical  for  at  least  that  portion  of  the 
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fuselage  prime  structure  in  the  vicinity  of  the  various 
landing  gear  attachments.  In  addition,  landing  condi- 
tions often  can  produce  the  most  severe  pitching  and 
rotting  accelerations  that  will  be  applied  to  the  fuselage. 
Asymmetrical  landing  conditions  may  be  critical  for 
the  main  central  portion  of  the  fuselage  because  of  the 
wracking,  or  torsional,  loading.  Landing  impact  loads 
and  attendant  vehicle  accelerations  normally  are  oo- 
tained  for  preliminary  design  purposes  from  computer 
programs  developed  for  this  purpose  (par.  4-10.3).  The 
values  obtained  later  are  confirmed  by  actual  landing 
gear  drop  tests. 

It  is  important  for  the  designer  to  keep  in  mind  that 
flight  safety,  flight  design  loads,  and  strength  consider- 
ations are  of  higher  priority  for  structural  design  pur- 
poses than  are  landing  or  crash  loads  to  which  the 
helicopter  may  be  exposed  only  rarely.  Thus,  any 
weight  penalty  due  to  providing  structure  adequate  for 
the  landing  and  crash  loads  must  be  considered  as  a 
trade-off  against  such  requirements  as  performance, 
fuel,  payload,  armor,  or  armament.  It  is  essential  that, 
during  the  preliminary  design  phase,  all  possible  means 
be  investigated  to  avoid  imposing  unnecessary  weight 
penalties  due  to  nonflight  loads.  For  example,  addi- 
tional landing  gear  stroke  or  the  provision  of  yielding 
deformation  may  be  utilized  to  attenuate  landing  loads. 

4-10.1.2.4  Crash  Loads 

Crash  load  requirements  are  outlined  in  par.  4-5.3. 
The  provision  of  crashworthiness  in  the  fuselage  struc- 
ture is  not  only  a design  load  problem  but,  even  more 
important,  a load-limiting  problem.  In  general,  infor- 
mation from  Ref.  1 1 should  be  used  for  fuselage 
preliminary  design  from  the  crash  load  viewpoint.  Ref. 
17  also  presents  design  objectives  and  methods  for  ac- 
complishing and  evaluating  crashworthiness  provi- 
sions, along  with  a discussion  of  the  weight  penalty 
versus  safety  improvement  trade-ofT  and  guidelines  for 
trading  off  load  factor  versus  deformation  distance  un- 
der load  during  survivable  crash  impact. 

Generally  speaking,  vertical  crash  accelerations  at 
the  floor  line  of  the  fuselage  cannot  be  attenuated  to  the 
full  extent  required  for  minimization  of  injury  to  the 
vehicle  occupants.  This  is  because  of  the  added  crush- 
ing or  yielding  distance  under  load  that  would  have  to 
be  provided  below  the  floor  level  in  the  fuselage.  How- 
ever, from  a design  viewpoint  there  are  several  pos- 
sibilities: (1)  providing  additional  deformation  under 
load  within  the  seats,  (2)  suspending  the  seats  to  the 
airframe  in  such  a manner  that  the  entire  seat  displaces 
vertically  the  desired  distance  under  the  desired  decel- 
eration loads,  and  (3)  provision  of  equivalent  deforma- 
tion under  load  by  the  combined  seat/substructure. 
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Under  probable  helicopter  crash  impact  conditions, 
the  provision  of  energy  absorption  features  in  the  hori- 
zontal direction  is  of  relatively  less  value,  particularly 
where  horizontal  velocity  components  may  be  high. 
Frictional  plowing  effects  of  the  terrain  inherently  give 
excellent  energy  absorption  provided  the  fuselage 
structure  is  designed  to  fail  uniformly  and  not  become 
a “scoop".  Energy  absorption  provisions  within  the 
fuselage  are  desirable  for  “solid  wall”  impacts  and  for 
sideward  impacts.  Rollover  protection  of  the  occupied 
cabin/cockpit  area  also  should  be  provided  (par.  4-5.3). 

The  criteria  for  crew  and  passenger  restraint  systems 
are  given  in  par.  4-5.3.  Wherever  possible,  without  sig- 
nificant weight  penalty,  additional  deceleration  capa- 
bility in  the  forward  direction  is  desired.  However,  the 
provision  of  adequate  restraint  capability  in  the  for- 
ward and  sideward  directions  is  effective  only  if  the 
occupant  restraint  system  (harness)  completely  con- 
trols the  horizontal  motions  of  the  occupant  (and  pre- 
vents his  sliding  out  from  under  the  harness)  while  he 
is  subjected  to  the  anticipated  horizontal  forces,  regard- 
less of  vertical  deformations  of  his  seat  and/or  its  sup- 
port while  attenuating  anticipated  simultaneous  verti- 
cal forces.  Thus,  shoulder  and  leg/pelvic  restraint 
adequate  for  maximum  occupant  survivability  under 
severe  crash  impacts  should  be  provided. 

It  is  highly  desirable  that  the  control  pedals  not  fail 
under  the  maximum  loads  that  may  be  applied  by  the 
crew’s  feet  during  crash  impact.  Local  items  of  mass  in 
the  cockpit/cabin  area  should  be  supported  to  the  an- 
ticipated load  factor  corresponding  to  their  particular 
location.  Instrument  clusters  or  control  consoles  that 
may  be  a secondary  impact  hazard  to  the  occupants 
should  be  designed  either  to  break  away  completely  in 
a noncritical  direction  or  to  provide  additional  local 
energy  absorption  in  case  they  are  struck  by  a crew 
member.  Delethalizing  of  the  control  stick  also  is  desir- 
able. 

All  provision  for  deformation  under  load,  including 
the  occupant  restraint  harness  and  seat  structure, 
should  be  of  a damped  or  plastic  nature  if  possible, 
rather  than  of  an  elastic  or  spring  nature.  Undamped 
elastic  deformation  can  result  in  dynamic  overshoot  to 
even  higher  peak  loads  than  otherwise  would  occur 
with  a well-damped  elastic  or  plastically  deforming 
rigid  restraint  system  (Ref.  17). 

Finally,  it  is  desirable  that  sufficient  support  strength 
be  provided  to  prevent  the  rotor(s)  and  transmission^) 
from  separating  from  the  fuselage  during  a survivable 
impact.  Where  the  rotor(s)/fuselage  configuration  is 
such  that  the  blades  could  hit  the  occupied  cockpit/ 
cabin  area  even  if  the  rotor  did  not  tear  loose  from  its 
supports,  additional  cabin  protection  is  required  so  that 


the  occupied  areas  are  not  violated.  Frangible  rotor 
blade  tip  design  also  should  be  considered  in  order  to 
minimize  helicopter  damage  from  blade  strike. 

There  is  a vehicle  “size  effect"  upon  crash  survivabil- 
ity because  more  deformation  distance  is  inherently 
available  in  larger  vehicles  for  attenuation  of  the  decel- 
eration g’s,  provided  that  equivalent  use  is  made  of  the 
available  deformation  distance  within  the  lower  fuse- 
lage. Thus,  it  is  possible  to  obtain  significantly  lower 
crash  impact  load  factors  for  larger  helicopters. 

4-10.1.2.5  Other  Loadings 

Other  fuselage  loadings  include: 

1.  Cargo  and  passenger  floor  loadings.  In  general, 
crew  and  passenger  seat  support  loadings  will  be  criti- 
cal for  the  crash  load  factor  requirements  of  the  model 
specification.  Design  floor  loadings  are  given  in  par. 
4-8.3.  Higher  values  of  floor  loading  may  be  specified 
in  the  detail  model  specification,  and  lateral  and  hori- 
zontal values  also  are  normally  specified.  Where 
wheeled  or  tracked  vehicles  are  to  be  carried,  their 
special  localized  loadings  also  must  be  considered. 
Provision  may  be  required  in  the  flooring  design  for 
unusually  dense  or  localized  types  of  cargo. 

2.  Drive  system  reaction  loads.  The  fuselage  struc- 
ture supporting  the  drive  system  components  should 
not  fail  at  loads  below  those  corresponding  to  the  fail- 
ure loads  for  the  drive  system  itself.  Thus,  the  fuselage 
support  structure  should  be  designed  to  remain  safe  for 
continued  flight  and  landing  after  any  transient  over- 
load within  the  failure  limits  of  the  drive  system.  Usu- 
ally, these  system  failure  limits  will  be  determined  by 
the  torsional  strengths  of  the  drive  shafts  or  their  inter- 
connections. 

3.  Control  load  reactions.  It  is  essential  that  the 
most  severe  combinations  of  the  design  limit  control 
system  loads  be  used  as  the  design  limit  fuselage  sup- 
port structure  loads.  Combined  or  opposing  loads 
should  be  applied  in  the  case  of  dual  controls,  and  loads 
from  hydraulic  or  other  power  actuators  also  must  be 
considered  (par.  4-9.4).  The  critical  control  system 
reaction  loads  should  be  applied  to  the  fuselage  struc- 
ture in  combination  with  the  other  design  limit  loads 
for  the  fuselage. 

4.  Fuel  tank  support  structure.  Inasmuch  as  post- 
crash  fire  remains  one  of  the  major  helicopter  accident 
hazards,  it  is  essential  that  the  fuselage  structure  in  the 
vicinity  of  the  fuel  tanks  be  designed  not  only  to  sup- 
port the  fuel  tanks  up  to  the  specified  rupture  limits, 
but  also  to  avoid  types  of  failure  that  would  be  likely 
to  tear  or  puncture  the  tank  under  severe  impact  condi- 
tions. Consideration  also  should  be  given  to  location  of 
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fuel  cells  so  as  to  allow  them  to  break  away  from  the 
aircraft  at  specified  loadings. 

S.  Induced  or  secondary  loads.  Structural  deflec- 
tions, resonant  amplifications,  and  stiffness  require- 
ments arc  possible  sources  of  secondary,  or  induced, 
loads  in  primary  fuselage  structure.  These  loads  must 
be  identified  and  evaluated,  and  appropriate  values 
must  be  added  to  other  critical  loads. 

4-10.1.2.6  Load  Paths 

It  is  essential  that  at  least  one  load  path  be  provided 
to  resist  each  critical  loading  that  may  be  imposed 
based  upon  any  of  the  specified  loadings.  For  static 
stability  there  must  be  at  least  one  independent  con- 
straint for  each  independent  loading  degree  of  freedom. 
It  is  desirable  that  more  than  one  load  path  be  provided 
for  the  critical  loadings  so  as  to  produce  the  degree  of 
structural  redundancy  needed  for  a fail-safe  structure 
and  to  resist  catastrophic  failures  from  battle  damage, 
fatigue  damage,  or  other  undetected  failure. 

As  a rule,  the  more  direct  the  load  path  between  the 
externally  applied  loads  and  the  internal  resisting  iner- 
tial forces,  the  lighter  will  be  the  fuselage  structure  for 
a given  overall  design  strength  level.  It  also  can  be 
shown  by  elastic-energy  structural  weight  analogy 
(Ref.  58)  that  the  structure  with  the  shortest  load  paths 
generally  will  be  the  stiffest  structure. 

The  greater  the  extent  to  which  the  major  supported 
j loads  (fuel,  payload,  and  engines)  are  located  closely 
below  and  around  the  main  lifting  rotor(s),  the  shorter 
j the  prime  load  paths  can  be.  The  fuselage  load  paths 
! that  are  determined  during  the  preliminary  design 
, phase  largely  will  determine  the  weight  of  the  primary 
fuselage  structure. 

4-10.1.3  Determination  of  Loads 

Essentially  there  are  four  steps  in  determining  loads 
for  the  fuselage: 

1.  Weight  distribution  (lg) 

2.  Unit  shear,  moment,  and  torsion  distributions 

3.  Specific  maneuver  and  landing  condition  load 
distributions  (shear,  moment,  and  torsion) 

4.  Critical  condition  selection,  and  superposition 
of  system  loads. 

The  applicability  of  the  unit  method  to  preliminary 
analysis  may  be  questioned  because  detailed  informa- 
tion normally  is  not  available.  However,  satisfactory 
preliminary  distributions  are  obtained  by  using  prelimi- 
nary weights  and  configurations  in  spite  of  a limited 
number  of  inputs.  It  is  recommended  that  the  data  for 
fuselage  toad  determination  be  calculated  and  plotted 
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by  computer.  As  detail  weights  and  configurations  are 
determined,  the  computer  inputs  are  changed  easily 
and  the  results  updated  promptly. 

4- 1 0. 1 . 3. 1 Weight  Distribution 

A graphic  presentation  of  weight  versus  station  is 
prepared  for  the  extreme  CG  conditions  from  the 
weight  statements.  Items  that  have  specific  attach- 
ments can  be  distributed  as  concentrated  loads.  Items 
such  as  fuel,  cargo,  and  structural  weight  must  be  dis- 
tributed as  running  loads.  An  example  of  weight  distri- 
bution is  presented  in  Fig.  4-63.  The  illustration  is  for 
a tail  boom,  but  the  same  procedure  is  applicable  to  the 
fuselage.  It  is  necessary  to  investigate  all  loadings,  in- 
cluding the  minimum  flying  weight  condition,  because 
critical  equipment  loadings  may  occur  during  ac- 
celerated flight  maneuvers  under  such  conditions. 

4-10.1.3.2  Unit  Shear,  Moment,  and  Torsion 
Distribution 

External  loads  from  the  rotors  and  landing  gear 
cause  each  item  supported  by  the  fuselage  to  undergo 
an  acceleration  during  maneuvers  or  landings.  In  devel- 
oping the  unit  shear,  moment,  and  torsion  distribu- 
tions, assumptions  are  made  as  to  how  each  load  source 
will  load  the  fuselage.  For  a unit  case  (flight  maneu- 
vers), a unit  load  factor  to  the  CG  is  applied  separately 
along  each  axis.  Unit  angular  accelerations  aiso  are 


Fig.  4-63.  Typical  Tail  Boom  Weight  Distribution 
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applied  separately  about  each  axis.  The  result  will  be  a 
series  of  curves  depicting  the  reaction  by  inertia  loads 
of  unit  linear  and  angular  accelerations  applied  to  the 
helicopter  CG.  Because  not  all  the  items  are  located  on 
the  helicopter  centerline,  a load  factor  along  a given 
axis  also  may  produce  moments  about  the  other  axes. 

Positive  sign  conventions  should  be  defined,  as 
shown  on  Fig.  4-1,  for  a single  main  rotor/tail  rotor 
configuration. 

Curves  then  are  computed  for  each  unit  case  by  sum- 
ming the  shears,  moments,  and  torques  beginning  at 
fuselage  station  zero  and  progressing  toward  the  aft 
end.  The  vertical  shear  Vx  due  to  a unit  vertical  load 
factor  ( n , = 1)  is  determined  by  integrating  the  com- 
bined static  load  applicable  for  the  chosen  loading  con- 
dition and  CG  location.  The  curve  starts  with  zero 
shear  at  the  most  forward  part  of  the  helicopter  fuse- 
lage and  increases  to  a maximum  at  the  aft  end.  It  is 
evident  that  Vx  = Vy  — V.  where  nx  = 1 for  Vx, 
ny  = 1 for  Vy.  and  nt  = 1 for  Vt. 

The  unit  moment  curve  My  (n,  = 1)  is  obtained  by 
integrating  the  shear  curve  Vz  (n,  — 1)  starting  at  the 
most  forward  part  of  the  fuselage.  It  also  is  evident  that, 
because  the  unit  shears  are  equal,  M,  = My  where 
i ny  = 1 for  M„  and  nz  = 1 for  My . 

The  Mx  (n,  = 1)  curve  is  obtained  by  a summation 
of  the  individual  moments  starting  at  the  front  of  the 
fuselage.  Applying  the  same  procedure  to  a load  factor 
of  nx  — 1 , it  is  seen  that  Mz  = ~MX  where  nx  = 1 
for  and  nz  = 1 for  Mx  These  two  unit  loads  may 
be  small  and,  if  so  determined,  may  be  neglected  in 
determining  the  final  fuselage  loading. 

\ Now,  considering  a unit  loading  of  nx  — 1,  many  of 

i the  mass  items  might  be  displaced  vertically  from  the 

assumed  structural  shear  center,  giving  rise  to  a unit 
! loading  My  where  nx  = 1.  A similar  analysis  of  the 

! loads  due  to  a side  load  results  in  a unit  loading  Mt 

where  ny  m l. 

,!  Unit  angular  accelerations  a equal  to  1.0  rad/sec2 

produce  inertia  load  factors  at  any  point  on  the  fuselage 

that  are  given  by: 

",  ~ — [O'- P)<*x  ~(x-x)oty]  (4-42) 


",  = \(z~z)uy-(y- y) az  ] (4-43) 


Fig.  4-64,  Unit  Loading  for  Tail  Boom 


where  x,  y and  z represent  the  coordinates  of  the  point 
on  the  fuselage;  x,  y.  and  z represent  the  coordinates  of 
the  helicopter  CG;  and  all  coordinates  are  measured  in 
inches.  Those  load  factors  that  depend  upon  location 
on  the  fuselage  are  treated  in  the  manner  described 
previously  for  the  constant  unit  load  factors,  resulting 
in  more  shear  and  moment  curves. 

In  addition  to  inertia  load  factors  resulting  from  the 
angular  accelerations,  certain  concentrated  masses  are 
large  enough  that  their  local  moments  of  inertia  are  of 
importance.  Examples  of  these  items  are  landing  gear, 
engine,  rigid  rotors,  structure,  and  armament.  It  should 
be  remembered  that  fuel  and  oil  have  only  small  local 
moments  of  inertia,  depending  upon  viscosity  and  tank 
shape,  and  do  not  act  as  solids  when  an  angular  acceler- 
ation is  applied.  The  local  inertia  moments  M of  these 
individual  masses  due  to  angular  acceleration  a are 
given  by  M,  = — la,  with  the  appropriate  axis  in- 
dicated by  the  subscript  i.  These  moments  are  trans- 
ferred to  the  fuselage  in  the  manner  described  pre- 
viously for  the  unit  load  factors.  Combining  these 
moments  with  the  distributed  loadings  due  to  angular 
acceleration  gives  the  final  unit  shear  and  moment 
curves  for  unit  angular  accelerations.  Fig.  4-64  pro- 
vides an  example  of  a unit  loading  curve  based  on  the 
example  weight  distribution  of  Fig.  4-63. 
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4-10.1.3.3  Specific  Maneuver  and  Landing 
Condition  Load  Curves 

Although  many  operational  loading  conditions  are 
specified,  only  a few  are  important  enough  to  be  consid- 
ered during  preliminary  design.  In  certain  instances, 
loading  conditions  can  be  combined  conservatively  for 
design  purposes. 

A computer  program  is  used  to  determine  the  actual 
limit  loads  due  to  the  static  loading;  i.e.,  the  shears  and 
moments  due  to  the  unit  load  factors  and  angular  accel- 
erations are  multiplied  by  the  design  load  factors  and 
angular  accelerations. 

The  external  forces  and  moments  must  balance  the 
internal  inertia  loads  and  moments: 


T,  = tail  rotor  thrust,  lb 
Wf  - helicopter  gross  weight,  lb 
For  landing  conditions,  the  critical  condition  is  a 
power-off  landing  (the  main  rotor  torque  is  zero).  Sink 
rate  is  not  high  during  power-on  approaches  and,  there- 
fore, the  power-off  case  is  used  for  design.  For  landing, 

T=\Wg  (4-47) 

Therefore,  summing  vertical  forces 

nWg=n.Wg  + \Wg  (448) 


or 


M = / a — / a — I a 

x x x x:  z x v v 


M —la  —I  a — I a 

V V V V.V  * zx  z 


A/.  = la  —l  a — l a 

z z z zy  y xy  x 
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where 

M = moment,  lb-in. 

/,  = moment  of  inertia,  slug-in: 

10  = product  of  inertia,  slug-in; 
Subscripts  indicate  axes  of  interest. 

Loads  contributing  to  the  moments  are  main  and  tail 
rotor  thrust,  drag,  torque  and  side  forces,  airloads  on 
aerodynamic  surfaces,  landing  gear,  armament  recoil, 
etc. 

One  more  set  of  equations  is  required  in  order  to 
determine  the  actual  loading  curves  For  flight  cond' 
tions, 


n - 


-D 

W 


H+T. 


n..  - • 


W 


(446) 


“ n,  + \ 


(449) 


where  rtj  is  determined  by  drop  test  (par.  4-5).  The 
special  dynamic  landing,  where  a forward-velocity 
landing  is  made  with  the  ground  reaction  not  directed 
through  the  CG  and  the  resulting  pitching  moment  is 
reacted  by  inertia,  must  be  analyzed  to  determine  the 
angular  accelerations. 

The  limit  internal  shear  loads  are  combined  with  the 
applicable  external  loads  to  create  shear  Fand  moment 
M curves,  as  shown  in  the  example  curves  in  Fig.  4-65. 

The  combined  shear  curve  then  will  be  described  at 
any  station  sta  as 
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L =-  lift,  lb 
D — drag,  lb 
H = side  force,  ib 
T = main  rotor  thrust,  lb 


where 

x — station  at  which  shear  o: 
external  force  is  applied,  in. 

4-10.1.3.4  Critical  Condition  Selection  and 
Superposition  of  System  Loads 

The  design  flight,  landing,  crash,  and  other  loading 
conditions  applicable  to  helicopters  are  presented  in 
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pars.  4-4  through  4-8.  From  these  conditions,  critical 
loading  conditions  for  specific  portions  of  the  fuselage 
structure  can  be  selected.  The  CG  load  factors  and 
external  loads  can  be  derived  for  these  conditions,  and 
the  loading  curves  developed  as  explained  in  par.  4- 
10.1.3.3. 

Identification  of  critical  conditions  is  difficult,  being 
dependent  both  upon  mission  applications  and  upon 
the  fuselage  configurations  being  considered,  e.g.,  tan- 
dem-rotor and  single-rotor  with  tail  rotor. 

A tandem  arrangement  of  two  main  rotors,  with  the 
useful  load  supported  between  them,  allows  a larger 
CG  range  and,  therefore,  peak  bending  moments  must 


be  considered  over  the  center  section  of  the  fuselage. 
Pullups  and  level  landings  produce  the  maximum  verti- 
cal bending  moments,  which  are  critical  for  the  bending 
stringers. 

The  maximum  yaw  condition,  or  unsymmetrica! 
landing,  will  be  critical  for  the  torsion-carrying  struc- 
ture (skin).  The  maximum  yaw  condition  can  be  com- 
bined with  n.  = 2 to  obtain  preliminary  design  loads 
fo'-  the  shear  and  torsion -carrying  skin  panels.  Frames 
and  bulkheads  are  located  where  controls,  gearboxes, 
landing  gear,  equipment,  and  useful  load  items  are  at- 
tached or  supported.  This  distributes  concentrated  sys- 
tem loads  into  the  skin  and,  together  with  secondary 


4-99 


’ — wiwi/w  Tywqfftwy'F  n"ni»rn.,;i""»|^ir  '.TV^'^'V1.  l,."-‘ " F'V  VT,  ’ 'T,,,‘"  ' * ’-r*.  . ’’  7n”’w V«  r.*r  ' ,- ~*iv  i .;•; «■>  T \ ,T‘\  **  l+W'V-'*'"  •" 


AMCP  706*201 


frames,  reduces  skin  panel  sizes.  Rotor  pylons  carry 
both  the  tension  due  to  lift  and  the  bending  and  shear 
due  to  drag  and  side  forces  down  to  the  fuse  luge 
proper.  Crash  loads  are  applied  to  large  items  of  mass 
that,  if  torn  loose,  would  endanger  the  occupants. 

For  single-rotor  helicopters,  puilup  and  level  landing 
moments  determine  the  design  of  the  forward  fuselage 
downbending  stringers,  frames,  and  bulkheads  located 
under  the  useful  load.  The  maximum  yaw  condition 
contributes  critical  side  bending  and  torsion  to  the  tail 
boom.  The  dynamic  landing  (forward  velocity  or  run- 
on)  presents  the  maximum  vertical  bending  for  the  tail 
boom.  A nosedown  landing  will  result  in  the  highest 
shear  and  upbending  in  the  forward  fuselage.  The  max- 
imum roll  condition  or  unsymmetrical  landing  gives 
maximum  pylon  side  bending. 

4-10.1.4  Fail-safe  Aspects 

Fail-safe  or  damage  tolerant  design  is  achieved  by 
providing  multiple  active  load  paths,  inactive  backup 
structure,  or  a design  that  inhibits  propagation  of  fail- 
ures. Important  to  all  fail-safe  methods  is  the  inspection 
feature;  the  design  must  make  it  highly  improbable  that 
a failure,  once  initiated,  will  go  undetected.  Fuselage 
components  such  as  rotor  pylons,  tail  boom  attach- 
ments, and  transmission  attachments  all  are  candidates 
for  fail-safe  design. 

In  the  multiple  active  load  path  design,  the  critical 
loads  should  be  applied  with  one  path  failed,  and  ade- 
quate stiffness  also  must  be  incorporated  to  meet  all 
pertinent  dynamic  requirements  with  one  load  path 
failed.  It  has  been  popular  to  design  structure  so  that 
after  one  load  path  has  failed,  the  remaining  structure 
can  support  a specified  percentage  of  limit  load,  but  this 
is  not  necessarily  adequate.  Instead,  the  structure  must 
continue  to  take  the  applied  fatigue  loads  until  the 
failure  is  detected  and  repaired.  Therefore,  anticipated 
fatigue  loads  should  be  calculated  for  the  structure  and 
adequate  strength  provided  so  that  no  further  failure 
will  occur  prior  to  the  next  regular  inspection. 

Often  a failure  of  one  load  path  will  change  the  stiff- 
ness of  the  structure  so  that  a change  in  the  dynamic 
environment  will  signal  the  pilot  that  damage  has  oc- 
curred. A higher  level  of  vibration  or  noise  may  result 
even  though  system  stiffness  still  is  adequate. 

A second  inactive  load  path  implies  complete  failure 
of  one  loud  path  with  the  secondary  member  taking  all 
the  toad  following  failure  of  the  primary  structure.  The 
same  criteria  obviously  apply  regarding  ability  to  con- 
tinue operation  until  a repair  is  made. 


4-10.1.5  Fatigue  Considerations 

Fatigue  considerations  usually  are  less  significant  in 
the  preliminary  design  of  the  fuselage  than  for  dynamic 
components  such  as  rotor  or  drive  systems.  Often, 
when  the  vibratory  loads  transmitted  to  the  fuselage  are 
reduced  to  the  levels  necessary  for  pilot  comfort,  the 
fatigue  stresses  are  at  a level  where  good  design,  materi- 
als, and  fabrication  quality  will  result  in  an  adequate 
fatigue  life.  Also,  except  at  the  rotor  pylon  areas  and 
major  attachment  areas  of  the  primary  structure,  the 
normal  fuselage  structure  is  sufficiently  redundant  to 
provide  a reasonable  amount  of  fail-safety  should  a 
fatigue  crack  develop.  Steady  stress  levels  also  are 
lower  in  the  fust  tage  structure  than  in  rotor  or  drive 
system  components  because  most  of  the  structure  is 
critical  for  elastic  stability  rather  than  for  material 
strength.  However,  local  stresses  in  the  vicinity  of  ma- 
jor disassembly  attachments  and  main  rotor  pylon 
structure — as  well  as  in  structure  immediately  adjacent 
to  tail  rotor,  tail  surfaces,  and  tail  rotor  or  main  gear- 
box attachments — may  be  more  critical  for  material 
strength  rather  than  for  elastic  stability  and,  thus,  re- 
quire more  detail  consideration  of  probable  fatigue 
stress  levels. 

Fatigue  load  considerations  for  the  fuselage  (Ref.  59) 
involve  oscillatory  loads  from  main  and  tail  rotors, 
including  effects  of  maneuvers  and  centrifugal  unbal- 
ance (especially  from  the  tail  rotor);  aerodynamic  exci- 
tation of  surfaces  in  the  rotor  wake;  ground  to  air  cy- 
cles; and  weapon  firing.  Practical  considerations 
should  allow  for  amounts  of  main  and  tail  rotor  unbal- 
ance and  for  out-of-track  conditions  in  service  consid- 
erably in  excess  of  normal  drawing  and  manufacturing 
limits.  Fuselage  fatigue  loads  are  affected  greatly  by 
increased  vibratory  load  responses  or  amplification  due 
to  airframe  resonances  lying  at,  or  close  to,  known 
rotor  transmitted  frequencies  (Fig.  4-66);  such  as  1-per- 
rev  and  A-per-rev  of  both  the  main  and  tail  rotor  (N 
equals  the  number  of  blades  per  rotor). 

Occasionally,  it  may  be  impracticable  to  avoid  oper- 
ating at  near-resonant  conditions  for  all  gross  weight 
conditions.  If  such  is  the  case,  some  damping  or  detun- 
ing system  must  be  employed  in  the  cockpit  or  cabin 
area  to  achieve  the  vibration  levels  required  for  crew 
comfort.  In  this  case,  the  actual  vibratory  loads  being 
transmitted  into  the  fuselage  structure  from  the  ro- 
tor(s)  may  be  considerably  higher  than  the  overall  in- 
ternal fuselage  vibratory  response  would  indicate  and 
still  may  require  extensive  investigation. 

In  general,  the  vibratory  loads  transmitted  from  the 
rotor  are  reduced  significantly  as  the  number  of  blades 
in  the  rotor  is  increased,  assuming  equivalent  avoid* 
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Fig.  4-66.  Rotor  Vibratory  Loads  Transmitted  to  Structure 


ance  of  blade  resonant  frequencies.  Also,  a greater 
number  of  blades  per  rotor  increases  the  spread  be- 
tween 1-per-rev  and  Af-per-rev,  giving  the  designer 
greater  leeway  to  avoid  resonant  response  to  the  rotor- 
induced  loads. 

Improvement  of  the  fatigue  quality  of  the  fuselage  is 
possible  without  weight  penalty  through  use  of  adhe- 
sive bonding,  shot  peening,  or  coining  in  high-stress 
concentration  areas  of  the  structure;  specification  of 
adequate  materials  and  parts  inspections;  adequate 
clamping  or  preloading;  or  use  of  cast  or  machined 
parts  with  fillets  adequate  to  reduce  or  avoid  stress 
concentrations.  Fiber-reinforced  plastics,  which  may 
be  used  for  certain  portions  of  the  fuselage  structure, 
also  tend  to  exhibit  excellent  fatigue  strengths  in  rela- 
tion to  their  static  strength  levels. 


4-10.1.6  Internal  Loads 

Current  helicopter  requirements  generally  are  best 
satisfied  with  fully  enclosed,  well-streamlined  mono- 
coque  or  semimonocoque  shell  construction,  with  the 
skin  and/or  stiffening  members  carrying  the  major  in- 
ternal loads.  Structures  of  this  type  inherently  are 
redundant  in  structural  function.  The  determination  of 
the  internal  load  distribution  in  redundant  or  discon- 
tinuous monocoque  or  semimonocoque  structures  re- 
quires consideration  of  the  way  the  loads  are  transmit- 
ted into  and  out  of  a structural  member.  This  is  true 
especially  at  a discontinuity  or  at  an  attachment  fitting, 
and  in  the  case  of  division  of  the  internal  loads  among 
the  redundant  members. 

By  St.  Venant’s  principle,  conventional,  simple, 
standard  beam,  column,  tension,  shear,  and  torque  box 
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formulas  of  structural  analysis  textbooks  should  be  ap- 
plicable except  at  local  areas  of  significant  change  in 
the  structural  section  or  at  points  of  load  application. 
Where  discontinuities  exist  in  the  structure,  additional 
analysis  incorporating  elasticity  considerations  such  as 
"shear  lag"  (Ref.  60)  also  should  be  used.  Where  the 
load  is  distributed  among  structural  members,  a redun- 
dancy of  the  internal  loads  is  indicated,  and  special 
elasticity  methods  such  as  "least  work"  or  elastic  en- 
ergy should  be  used. 

4-10.1.7  Preliminary  Sizing 

Once  the  basic  external  and  inertial  loads  for  the 
fuselage  have  been  determined,  and  the  primary  load 
paths  have  been  established  tentatively  by  preliminary 
design  layout  drawings,  the  internal  load  distribution 
can  be  determined  for  the  initial  member  sizes,  skin 
gages,  etc.  Emphasis  should  be  placed  upon  optimizing 
the  structural  design,  i.e.,  maximizing  the  strength 
versus  weight  and  cost.  This  optimization  also  must 
consider  stiffness  in  order  to  minimize  vibratory  re- 
sponse of  the  fuselage. 

Ref.  57  presents  methods  for  optimum  structural 
design,  using  a “structural  index”  to  scale  similar  struc- 
tures of  different  sizes  and  loading  intensities  and  com- 
pare them  on  the  basis  of  equivalent  optimum  allowa- 
ble stresi.  and  primary  structural  weight.  The  elastic 
energy  structural  weight  analogy  of  Ref.  58  also  allows 
prediction  of  theoretically  “ideal”  (minimum)  struc- 
tural weights  based  upon  the  design  loading  and  stiff- 
ness requirements  for  the  structure,  the  strength-to- 
density  ratio  of  the  material,  the  design  geometry,  and 
the  type  of  stress.  This  weight  prediction  technique, 
although  limited  in  practical  application,  is  useful  par- 
ticularly for  preliminary  design  as  a potential  medium 
for  weight  efficiency  comparison  prior  to  finalization  of 
the  hardware  details.  Ref.  61  details  the  use  of  elastic- 
energy  principles  for  theoretical  strength/weight  op- 
timization of  a complex  structure;  the  lightest,  i.e., 
most  optimum,  structure  results  when  the  strain  energy 
densities  of  all  elements  of  the  structure  are  equal. 

Computer  programs,  such  as  that  of  Ref.  56,  can 
be  used  to  analyze  complex  redundant  structures 
such  as  a complete  semimonocoque  fuselage.  These 
programs  take  into  account  a multiplicity  of  external 
load  conditions,  structural  redundancy,  resistance  to 
inertial  loads,  and  internal  loads  such  as  those  imposed 
by  drive  systems  or  controls.  At  the  present  time,  struc- 
tural sizing  input  iterations  to  the  computer  program 
are  made  by  the  designer  and  structural  analyst.  In  the 
future,  complete  structural  synthesis  may  be  performed 
by  the  computer. 


4-10.1.8  Substantiation 

Substantiation  of  the  fuselage  structure  for  prelimi- 
nary design  purposes  should  consist  of: 

1.  A thorough  basic  load  analysis 

2.  Selection  of  the  loading  conditions  most  likely 
to  be  critical  for  the  primary  structure 

3.  A comprehensive  internal  load  analysis  for  the 
selected  critical  external  loading  conditions. 

These  steps  are  followed  by  a member  and  skin  sizing 
type  of  preliminary  stress  analysis.  Experience  with 
similar  fuselage  designs  may  be  drawn  upon  for  sub- 
stantiation where  such  data  are  available.  Otherwise, 
sufficient  analytical  investigation  must  be  accom- 
plished to  assure  that  the  critical  and  allowable  stresses 
in  all  of  the  major  members  have  been  obtained.  The 
substantiation  may  draw  upon  information  such  as 
published  test  data  and  preliminary  specimen  test  data. 
Any  unusual  or  unconventional  structural  features  al- 
ways should  be  investigated  in  considerable  detail  to 
reduce  later  program  risk.  Margins  of  safety  at  all  criti- 
cal sections  shall  be  tabulated  for  review  and  evalua- 
tion. 

4-10.2  WING  AND  EMPENNAGE 
SUBSTANTIATION 

A wing  installed  on  a helicopter  is  subject  to  a 
velocity  range  from  low-speed  rearward  and  sideward 
flight  to  maximum  forward  airspeed.  The  wing  may 
contain  fuel  tanks,  external  store  mounts,  and  engine 
and  landing  gear  mounts.  The  helicopter  wing  design 
will  differ  from  the  conventional  fixed-wing  arrange- 
ment in  that  different  angles  of  incidence  will  appear  on 
the  left-hand  and  right-hand  wings  because  of  the 
asymmetrical  induced  velocities  of  the  rotor.  Ailerons 
and  trim  tabs  may  be  necessary  for  some  helicopters 
with  articulated  rotors,  but  may  not  be  required  on 
rigid-rotor  designs. 

For  the  general  treatment  of  wing  loads,  the  best 
method  is  to  build  up  the  total  loading  by  superimpos- 
ing the  applicable  individual  loading  distributions  as 
discussed  in  the  fuselage  loads  section.  For  conven- 
ience, all  such  distributions  should  be  given  with  re- 
spect to  a common  load  reference-axis  system. 

In  general,  the  horizontal  stabilizer  may  be  treated 
in  a manner  similar  to  the  wing.  Its  functions  basically 
are  to  stabilize  the  helicopter  about  the  y-axis  and  to 
provide  aerodynamic  damping  of  the  pitching  motion 
of  the  vehicle.  On  a true  helicopter,  the  horizontal  sta- 
bilizer area  is  usually  rather  small,  acting  merely  as  a 
weather  vane.  On  a compound  helicopter,  however,  its 
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function  becomes  more  like  that  of  the  stabilizer  on  a 
fixed-wing  aircraft,  although  no  elevator  is  present. 
This  is  because  at  high  velocity  the  rotor  only  contrib- 
utes a stabilizing  moment  correction  to  the  equilibrium, 
while  the  stabilizer  contributes  its  lift  and  damping 
forces.  Therefore,  the  contribution  of  the  roll  rate  and 
roll  accelerations  dependent  distribution  is  more  pro- 
nounced. 

If  a propeller  and  tail  rotor  are  in  the  immediate 
proximity  of  the  stabilizer,  their  inflow  velocities  must 
be  added  to  the  stabilizer  loading.  Also,  a distribution 
of  rotor  downwash  must  be  considered,  dependent 
upon  rotor  lift  and  forward  velocity.  The  effects  of 
rotor  downwash  and  propeller  and  tail  rotor  inflow  on 
the  stabilizer  toad  distribution  must  be  investigated  to 
establish  design  loads.  For  gust  and  maneuver  re- 
sponse, it  should  be  noted  that  the  local  inertial  load 
factors  are  quite  different  from  those  at  the  aircraft  CG 
because  of  the  rotational  accelerations. 

If  a pusher  propeller  is  installed,  then  the  horizontal 
stabilizer  may  support  the  tail  rotor.  The  eccentric 
placement  of  the  tail  rotor  mass  can  affect  the  dynamic 
response  characteristics  of  the  entire  vehicle. 

The  structural  analysis  of  the  veitical  stabilizer  is 
similar  to  that  required  for  the  wing  and  horizontal 
stabilizer.  The  vertical  stabilizer  damps  and  stabilizes 
the  motion  about  the  z-axis.  On  most  conventional 
helicopters  it  supports  the  tail  rotor  and  partially 
blanks  off  the  tail  rotor  inflow.  On  some  configura- 
tions, a tail  landing  gear  may  be  mounted  on  the  verti- 
cal stabilizer. 

Any  empennage  loading  that  constitutes  a torsional 
excitation  should  have  a driving  frequency  remote  from 
the  fuselage  torsional  natural  frequency.  Because  fluc- 
tuation of  airloads  due  to  rotor  velocity  will  be  gov- 
erned by  the  rotor  frequency  and  its  harmonics,  these 
frequencies  must  not  be  coincident  with  any  oi  the 
fuselage  or  lifting  surface  natural  frequencies.  Because 
natural  frequencies  are  functions  of  both  total  mass  and 
mass  distribution,  it  is  necessary  to  investigate  various 
weight  configurations. 

4-10.2.1  Basic  Considerations 

For  any  loading  condition,  the  helicopter  first  must 
be  in  steady-state  or  dynamic  equilibrium.  Each  par- 
ticular condition  obtained  from  the  mission  analysis  or 
the  design  envelope,  therefore,  will  be  related  to  a per- 
formance analysis  or  landing  load  analysis  of  the  total 
vehicle.  For  each  particular  wing  or  empennage  load- 
ing condition,  the  equations  describing  the  equilibrium 
state  must  include  all  applicable  inertial,  aerodynamic, 


propulsion,  and  landing  gear  force  and  moment  com- 
ponents. 

The  inertial  components  are  dependent  upon  the 
weight  distribution  of  the  configuration  pertinent  to  the 
loading  case  under  consideration  (for  a given  structural 
stiffness).  The  aerodynamic  components  are  dependent 
upon  pertinent  velocity,  altitude,  temperature,  and  atti- 
tude (for  given  vehicle  geometry).  The  propulsion  com- 
ponents follow  from  the  performance  analysis,  and  the 
landing  gear  loads  are  determined  from  forward 
velocity,  sink  speed,  total  effective  lift,  runway  rough- 
ness, runway  slope,  and  gross  weight — again  pertinent 
to  the  load  case  under  consideration. 

Although  single  conditions  can  be  hand-calculated 
easily,  computer  methods  are  preferred.  Also,  the  many 
loading  conditions  of  the  fatigue  spectrum  that  must  be 
analyzed  make  it  desirable  to  conduct  all  loading  analy- 
ses on  a computer  program  capable  of  accepting  the 
input  for  any  loading  condition.  It  is  beyond  the  scope 
of  this  handbook  to  present  such  a program  in  its  en- 
tirety, because  many  program  steps  are  tailored  to  the 
particular  vehicle,  but  the  essential  steps  are: 

1 . Lay  out  a geometric  grid  for  the  definition  of  the 
loading  distributions  and  make  sure  to  represent  con- 
centrated loads  and  moments  on  points  such  as  jack 
pads,  tank  pylons,  armament  mountings,  and  landing 
gear  fulcrum.  Include  allowance  for  gear  extension  and 
brake  moments. 

2.  Lay  out  a geometric  grid  for  the  definition  of 
internal  loading  (shear,  moment)  at  significant  loca- 
tions. Provide  for  proper  representation  of  steps  in 
shears  and  moments  by  defining  one  station  immedi- 
ately before  the  applied  load,  and  one  immediately 
beyond  the  applied  load. 

For  actual  design  it  is  convenient  to  prepare  the 
geometric  data  once  in  matrix  form  for  the  entire  vehi- 
cle, and  then  to  store  the  data.  The  third  step  is  to 
compile  the  loading  input  for  the  individual  load  cases 
and  arrange  the  output  in  a convenient  tabulation  of 
shears  and  moments.  These  data  are  grouped  as: 

1.  Applied  distributed  and  concentrated  loading 

grid: 

a.  Weight  or  mass  distribution 

(1)  Empty  weight 

(2)  Fuel  and  payload 

b.  Airload  distribution  factors 

(1)  Zero  lift  distribution 

(2)  Lift  distribution  due  to  angle  of  attack  (pitch 
angle),  etc. 

c.  Dynamic  increment  distribution  factors 

(1)  Dynamic  landing 
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(2)  Dynamic  taxi 

(3)  Gust 

d.  Unit  concentrated  loads 

(1)  Main  landing  gear  left 

(2)  Main  landing  gear  right,  etc.,  including 
pads,  lugs,  etc. 

2.  Load  case  data: 

a.  Weight  configuration 

b.  Inertial  load  factors 

(1)  Maneuver  load  factor 

(2)  Dynamic  lauding  factor 

(3)  Dynamic  taxi  factor,  etc. 

c.  Aerodynamic  factors 

(1)  Pitch,  roll,  and  yaw  angles 

(2)  Pitch,  roll,  and  yaw  rates 

d.  Velocities 

(1)  Flight  speed 

(2)  Sink  speed. 

The  same  method  may  be  followed  for  the  empen- 
nage, using  its  particular  geometry  and  distributions, 
while  the  load  case  data  may  be  applicable  for  the  entire 
vehicle.  In  fact,  the  described  procedure  was  developed 
to  analyze  a complete  airframe,  including  the  fuselage. 
Entries  such  as  dynamic  landing  and  taxi  distribution 
factors  were  based  upon  a separate  modal  analysis  nor- 
malized on  a reference  input  load.  This  reference  load 
was  contained  in  the  program  equations,  such  that  the 
input  multipliers  for  dynamic  landing  factor  2b(2)  and 
dynamic  taxi  factor  2b(3),  for  example,  were  calculated 
from  the  landing  gear  load  inputs. 

The  analytical  methods  discussed  in  this  paragraph 
are  essentially  the  same  as  those  used  on  conventional 
fixed-wing  aircraft.  Dynamic  loads,  however,  must  be 
treated  more  thoroughly  because  of  the  risk  of  reso- 
nance at  harmonics  of  the  rotary  component  frequen- 
cies (see  Chapter  5).  One  cannot  define  an  independent 
set  of  loadings  for  the  wing  and  empennage.  Instead, 
they  are  an  integral  part  of  the  total  vehicle,  and  will 
respond  in  a particular  way  for  a particular  loading 
condition. 

The  dynamic  load  treatment  for  landing  and  taxi 
conditions  in  this  paragraph  is  an  example  of  a possible 
method  of  presentation  when  dynamic  inputs  are  ob- 
tained from  a separate  analog  or  digital  program.  How- 
ever, it  would  not  be  too  cumbersome  to  substitute  any 
other  presentation  preferred  by  the  structural  dynamics 
engineer  (see  Chapter  5). 

4-10.2.2  Sign  Convention 

Because  the  left  and  right  wings  on  a compound 
helicopter  are  different,  and  because  the  fatigue  loading 


analysis  demands  treatment  of  a complete  vehicle  equi- 
librium condition,  it  is  necessary  for  economic  use  of 
the  computer  to  define  shear  and  moments  with  the 
help  of  a frec-body  diagram.  Such  definition  has  the 
added  advantage  that  the  actual  reactions  of  the  major 
structural  components  upon  one  another  are  shown  on 
the  plotted  diagram 

A step-by-step  development  of  the  equations  for 
loading  analysis  is  not  presented.  For  digital  computa- 
tion, such  equations  would  be  developed  using  FOR- 
TRAN notation  rather  than  algebraic  symbols  because 
of  better  flexibility  in  notation  of  subscripts. 

It  is  convenient  to  describe  the  weight  distribution  as 
a basic  helicopter  distribution,  equal  for  all  configura- 
tions, plus  an  incremental  payload  weight  distribution 
for  the  individual  mission  configuration. 

Selection  of  a geometric  model  grid  for  mass  distri- 
bution as  shown  on  Figs.  4-67  and  4-68  permits  ar- 
rangement of  the  weight  data  in  matrix  form  { WT } as: 

{WT)  - {W\  + jlVOWHS}  (4-52) 


where 

{W}  = matrix  of  empty  weight, 
lb 

{WCON}  — matrix  describing  the 

incremental  payload  weight 
distribution,  lb 

j.Vj  = selection  matrix  for  incremental 
weight,  dimensionless. 

The  inertial  force  at  any  grid  point  is  obtained  by  multi- 
plication by  the  corresponding  load  factor. 

The  distributed  inertial  forces  are  determined  by 
these  operations.  By  adding  the  aerodynamic  forces 
and  the  externally  applied  forces,  the  shear  forces  at 
any  location  on  the  structure  may  be  calculated  by 
using  an  applicable  geometric  matrix. 

The  moment  arms  from  each  force  to  the  location  on 
the  structure  where  the  moment  is  calculated  are  deter- 
mined for  inertial  forces,  aerodynamic  forces,  and  ex- 
ternally applied  forces,  respectively,  and  moment  equa- 
tions are  derived. 

The  geometric  grid  models  on  Figs.  4-67  and  4-68 
show,  for  clarity,  only  one  of  the  three  possible  force 
and  moment  components  at  each  load  station.  Moni- 
toring stations  as  a rule  appear  in  pairs  to  account 
properly  for  steps  in  the  shear  and  moment  curves. 

4-10.2.3  inertial  Loads 

Static  loading  conditions  are  independent  of  time, 
and  inertial  loads  are  due  only  to  the  acceleration  due 
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Fig.  4-67.  Left  Wing  Load  Grid,  Showing  Load  Stations  and  Monitoring  Stations 


to  gravity  or  to  the  sustained  steady  maneuvering  load 
factor.  Transient  maneuvering,  takeoff,  landing,  and 
gust  loads,  however,  are  time-dependent,  and  the  local 
inertial  forces  become  dependent  upon  the  local  accel- 
eration of  the  structure.  This  acceleration  is  simply  the 
second  time  derivative  of  the  local  deflection  or,  in 
other  words,  is  dependent  upon  the  mode  shape  of  the 
dynamic  response  of  the  structure  to  the  forcing  func- 
tion (see  Chapter  5).  Such  mode  shapes  are  different  for 
different  designs  and  loading  conditions  because  of 
their  dependence  upon  mass  distribution,  structural 
damping,  structural  stiffness,  and  the  applied  forcing 
function  as  they  appear  in  the  general  equilibrium 
equations 


mx  + cx  + kx  = F(i) 
19  + C9  +K0  = M(t) 


(4-53) 


where 

m — mass,  lb-secVin. 
c = damping  constant,  Ib-sec/in. 
k = spring  constant,  lb/in. 


I = mass  moment  of  inertia, 
ib-in.-sec3 

C = rotational  damping  coefficient, 
Ib-sec-in./rad 

K = rotational  spring  constant, 
in.-lb/rad 

x = horizontal  displacement,  in. 

0 = pitch  angle,  rad 
F(t)  = time-dependent  external  force, 
lb 

Affi)  = time-dependent  external 
moment,  lb-in. 

These  equations  must  be  specific  to  the  entire  system, 
and  with  the  actual  restraint  for  the  airborne  vehicle 
(free-free),  and  with  applicable  gear  restraint  (gear  stiff- 
ness) entered. 

For  each  dynamic  loading  condition  the  accelera- 
tions x and  0 can  be  obtained  at  any  lumped  mass 
station  and,  by  normalizing  on  a unit  input  in  F(t)  and 
the  results  may  be  tabulated  in  a matrix.  These 
dynamic  loads  are  especially  important  on  the  wing  and 
empennage  because  of  the  relative  flexibility  of  these 
structures  with  respect  to  the  fuselage. 
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A survey  of  taxi  and  landing  runs  for  different  con- 
figurations of  the  helicopter  at  varying  velocities  and 
sinking  speeds  can  be  made  on  an  analog  computer. 
From  studies  on  a dynamic  structural  model,  the 
prominent  mode  shapes  of  the  dynamic  response  can  be 
established,  and  incremental  dynamic  load  factors  at 
the  mass  reference  points  can  be  calculated.  An  exam- 
ple of  the  qualitative  effects  of  a dynamic  load  factor 
increment  upon  the  shear  and  bending  of  the  wing  is 
shown  in  Fig.  4-69. 

For  a unit  gearload  Fthc  incremental  load  factor  at 
the  reference  point  (see  Fig.  4-70)  is  found  from: 


where 


w 


(4-54) 


E w2 


X,  = corresponding  mode  shape 

ordinate  normalized  on  X*  = 1 
\F  — normalized  mode  shape 


ordinate  at  the  force  station 
y = dynamic  response  factor  x4/x, 
for  a ramp  force  excitation 
with  zero  damping  (see  Fig. 
4-71). 

subscript  t = station  along  the  span  0 -+k 
where  the  weight  Wt  is 
concentrated 

4-10.2.4  Aerodynamic  Load  Distribution 

The  aerodynamic  load  distribution — derived  from 
the  general  expressions  for  aerodynamic  forces  and  mo- 
ments as  functions  of  dynamic  pressure,  angle  of  attack, 
and  appropriate  coefficients— also  can  be  expressed  in 
matrix  form. 

The  coordinates  of  the  center  of  pressure  of  the  force 
components  for  this  particular  distribution  may  be  ar- 
ranged in  matrix  form,  and  a simple  integration  proce- 
dure will  give  shears  and  moments  at  any  desired  loca- 
tion on  the  structure. 

Similar  distributions  can  be  written  for  zero  lift  dis- 
tribution. lift  due  to  roll  and  yaw  velocities  and  acceler- 


L 


Fig.  4-68.  Empennage  and  Aft  Body  Load  Grid,  Showing  Load  Stations  and 

Monitoring  Stations 
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The  impact  upon  the  structure  from  blast  pressure 
due  to  weapon  firings  is  dependent  upon  the  particular 
characteristics  of  the  weapon  system  and  upon  the 
proximity  of  such  a system  to  the  structure.  Therefore, 
the  designer  must  obtain  the  relevant  data,  e.g.,  that 
shown  on  Fig.  4-73,  from  the  supplier  of  any  such  ord- 
nance. Also,  the  duration  of  this  pressure  must  be 


stated.  As  with  the  aerodynamic  distribution,  these 
leads  must  be  entered  on  the  corresponding  load  sta- 
tion grid  points. 

4-10.2.5  Gust  Loading 

Gust  intensity  usually  is  given  in  terms  of  a vertical 
gust  velocity  UA, and  its  intensity  as  a probability  func- 


F(t)  = APPLIED  FORCE 

*(t)  ■-  DISPLACEMENT 

x,(t)  = STATIC  EXTENSION  FOR  ZERO  MASS 

x,  lt  = MAXIMUM  STATIC  DISPLACEMENT 

x/  * e MAXIMUM  DYNAMIC  OVERTRAVEL 

* TIME  TO  REACH  MAXIMUM  APPLIED  FORCE 
t,  = TIME  TO  REACH  MAXIMUM  STATIC  DISPLACEMENT 


Fig.  4-71.  Ramp  Force  Excitation 
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Fig.  4-72.  Typical  Span  wise  aad  Chordwise  Lift  Distribution 
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tion  of  miles  flown.  The  probability  distribution  is  used 
to  determine  gust  fatigue  loading  spectra  and  may  be 
used  to  determine  design  limit  loads  (par.  4-4.3). 

For  fixed-wing  aircraft,  an  empirical  gust  alleviation 
factor  is  defined,  and  the  analysis  is  based  upon  an 
incremental  change  in  angle  of  attack. 

For  a compound  helicopter,  however,  such  a rela- 
tively simple  presentation  is  not  valid  because  of  the 
entirely  different  aerodynamic  environment  of  rotor 
and  wing  and  the  difference  in  structural  stiffness  be- 
tween the  rotor  and  the  vehicle.  It  is  not  correct  to  treat 
the  rotor  separately  and  the  vehicle  as  a fixed-wing 
aircraft  and  then  add  up  the  results.  The  only  correct 
presentation  is  to  find  the  dynamic  response  of  the  total 
vehicle  to  a time  history  of  Vt  + Udl.  (equivalent  flight 
speed  plus  design  gust  velocity,  also  equivalent  air- 
speed). Methods  of  analysis  on  this  subject  are  mostly 
proprietary  and  have  not  been  treated  in  the  literature. 
Also,  because  dynamic  response  is  peculiar  to  the  par- 
ticular design  configuration,  general  treatment  of  the 
subject  is  inconclusive  as  far  as  actual  hardware  design 
is  concerned.  Recent  trends  in  gust  intensity  definition 
in  terms  of  the  power  spectral  density  of  gusts  are 
described  in  FAA  ADS-53. 

One  aspect,  not  fully  explored  for  compound  heli- 
copter design,  is  the  effect  of  wing  stall  at  low  velocity, 
where  the  value  of  A a = Ud,/  Vr  may  result  in  signifi- 
cant lift  loss  and  cause  significant  negative  vertical  ac- 
celerations. Because  such  lift  loss  subsequently  affects 
the  rotor  inflow  velocity,  a time  history  of  the  total 
event  must  be  considered  in  order  to  evaluate  the  asso- 
ciated rotor  response. 

As  shown  in  Fig.  4-74,  depending  upon  which  value 
of  a is  pertinent  at  the  time  that  the  gust  occurs,  the 
incremental  Aa  may  result  in  the  wing  angle  of  attack 
a entering  the  stall  region. 

Where  the  original  lift  force  equilibrium  may  be 
represented  by  point  (A)  on  Fig.  4-75,  the  gust  may 
change  this  to  point  (B)  or  (C),  while  the  rotor  may 
experience  its  own  increment  (R).  The  net  lift  resulting 


Fig.  4*73.  Typical  Ordnance  Blast  Pressure 
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from  these  changes  will  differ  from  the  original  1-g  lift 
and,  therefore,  will  cause  an  incremental  load  factor  on 
the  vehicle. 

4-10.2.6  Ground-handling  Loads 

Ground-handling  load  criteria  are  specified  in  par. 
4-6.  The  requirement  for  equilibrium  is,  of  course,  that 
the  resultant  of  all  reactions  opposes  the  action  at  the 
specified  tow  lug.  The  location  of  ground  and  inertial 
reactions  for  the  same  tow  force  might  be  quite  differ- 
ent, causing  a different  load  path  with  respect  to  the 
vehicle,  as  shown  in  Fig.  4-76.  Externally  applied  loads 
resulting  from  these  conditions  are  entered — together 
with  the  landing  gear,  propeller  and  tail  rotor  loads 
— into  the  external  load  matrices. 

4-10.2.7  Mooring,  Jacking,  Hoist,  and  Sling 
Loads 

Mooring  and  jacking  criteria  are  given  in  par.  4-6.2. 
The  mooring  loads  are  based  upon  exposure  of  the 
unattended  aircraft  to  severe  gusty  winds  from  any 
direction.  The  manufacturer  usually  will  specify 
recommended  mooring  practice.  In  applying  the  cri  - 
teria , the  applicable  landing  gear  deflections  should  be 
considered  in  the  determination  of  exposed  areas  and 
moment  arms.  If  parking  on  the  soil  of  an  unprepared 
field  is  specified,  deflection  due  to  soil  impression  (and 
“digging")  should  be  considered. 

Jacking  provisions  usually  are  made  on  all  landing 
gear  units  to  facilitate  tire  and  brake  service.  The  air- 
craft is  usually  emptied  for  maintenance,  and  jacking 
provisions  on  the  aircraft  structure  thus  allow  for  a 
specified  empty  weight.  To  insure  safety  for  the  work- 
ing crews,  lateral  and  vertical  load  factors  also  are 
specified.  It  is  mandatory  that  only  approved  jacking 
equipment  be  used. 

Hoists  and  slings  usually  will  be  applicable  to  the 
fuselage  only,  but  they  also  may  be  applied  to  an  in- 
board wing  store  mount.  Therefore,  it  is  essential  that 
the  rated  loading  of  such  mounts  includes  appropriate 
dynamic  factors  resulting  from  maneuvers  during  air- 
lifts by  other  helicopters.  Examples  are  gusts  encoun- 
tered within  the  specified  operational  weather  limits, 
and  the  inherent  dynamic  effects  of  the  sling  or  hoist 
system  (cable,  rope,  belt  webbing,  hoist  speed,  and 
braking  characteristics).  Also,  any  pendulum  action  or 
wind  and  drag  forces  should  be  within  the  stability 
boundaries  of  the  aircraft. 

4-10.2.8  Structural  Design  Requirements 

The  criteria  for  the  structural  design  of  the  wing  and 
empennage  include  avoidance  of  buckling  due  to  air 
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Fig.  4-74.  Effect  of  Velocity  on  Incremental  Lift  Coefficient  in  Gust  Encounter 


Fig.  4-75.  Wing  and  Rotor  Gust  Load  Comparison 
at  Low  Airspeed 

loads  or  ground-handling  loads.  The  structural  defini- 
tion of  buckling,  as  in  column  buckling,  will  not  apply 
to  such  structures  as  the  wing  and  empennage.  How- 
ever, panel  buckling,  as  described,  for  example,  in  Refs. 
22  and  23,  should  be  considered  as  a criterion  for  the 
properties  of  a skin-stringer  combination  where  the 
buckling  load  per  unit  width  can  be  derived  from  the 
bending  moment  divided  by  the  effective  height  be- 
tween upper  and  lower  surfaces.  This  analysis  will  pro- 
vide the  critical  compression  stress  of  the  panel  config- 
uration. 

During  ground-handling,  only  hard  points  in  the 
structure — such  as  jack  pads,  mooring  lugs,  or  towing 
lugs  on  the  gear — may  be  used  for  concentrated  load 
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application.  The  dissipation  of  such  loads  into  the 
structure  should  be  such  as  to  avoid  structural  crip- 
pling. 

The  true  theoretical  airfoil  shape  will  be  affected  by 
structural  deformation  due  to  local  pressures,  and  com- 
bined torsion  and  bending  of  the  wing.  Because  such 
deflections  will  affect  airfoil  performance,  the  aerody- 
namic criteria  must  provide  a tolerance  for  the  magni- 
tude of  these  local  panel  deflections,  usually  specified 
for  level  flight  at  a given  airspeed  and  for  the  'chicle 
at  rest  on  the  landing  gear.  Therefore,  a specific  stiff- 
ness of  the  skin  panels  is  required,  dictating  a minimum 
skin  gage  at  different  locations  on  the  aircraft.  Fig.  4-77 
shows  the  general  effect  of  panel  dimensions  on  the 
critical  shearflow,  with  the  stiffening  effect  of  the  panel 
radius  appearing  as  an  additional  term.  The  factors 
A,  and  K:  should  be  obtained  from  an  approved  stress 
analysis  manual.  Skin  gages  also  may  be  limited  by  the 
size  and  type  of  fastener  used  (see  MIL-HDBK-5). 
Thus,  either  appearance  or  aerodynamic  cleanliness  re- 
quirements may  dictate  a heavier  skin  gage  than  would 
have  been  required  for  strength  or  stiffness  only.  Manu- 
facturing practice,  usually  described  in  material  proc- 
essing specifications  by  each  manufacturer,  is  another 
limiting  factor  in  the  choice  of  skin  gages. 

Depending  upon  the  proximity  of  the  tail  surfaces  to 
the  engine  exhaust  and  upon  the  acoustical  output  of 
the  engine,  it  might  be  necessary  to  design  the  local 
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Fig.  4-76.  Comparison  of  Towing  Conditions  With  Different  Restraints 

structured  withstand  sonic  fatigue.  This  entails  the 
selection  of  panel  parameters  for  w hich  the  response  to 
the  random  noise  input  produces  stress  levels  below  the 
endurance  limit  of  the  structure.  Careful  consideration 
must  be  given  to  edge  design,  support  symmetry,  fas- 
teners. local  deflection  possibilities,  stiffener  restraints, 
etc.,  because  this  type  of  loading  behaves  like  a continu- 
ous frequency  sweep,  passing  through  all  the  natural 
frequencies  of  the  structure  and  accumulating  millions 
of  cycles.  A more  detailed  discussion  of  thi*  subject  is 
contained  in  Ref.  59. 

4-10.2.9  Combined  Loading  Conditions 

Whatever  the  detail  structure  of  the  wing  may  be.  in 
its  simplest  form  it  may  be  represented  schematically  as 
shown  in  Fig.  4-78. 
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Fig.  4-77.  Allowable  Shear  Buckling  Shearflow 
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The  first  approach  of  the  substantiation  effort  is  to 
determine  the  spanwise  loading  distribution  according 
to  conventional  cantilever  beam  analysis,  obtaining 
shear  and  moment  diagrams  and  showing  the  three 
internal  force  components  and  three  moment  compo- 
nents at  each  spanwise  station  on  a convenient  refer- 
ence axis.  This  operation  must  be  repeated  for  all  signif- 
icant loading  conditions  in  order  to  find  the  actual 
combined  loading  for  each  condition.  For  instance, 
combined  shear  and  torsion  for  two  conditions  may 
compare  as  presented  in  Fig.  4-79.  and  combined  hand- 
ing and  axial  load  may  be  compared  on  the  basis  of  Fig. 
4-80. 

4- 1C. 2. 10  Stress  Analysis 

It  thus  is  possible  to  represent  all  combined  loading 
conditions  in  an  envelope  as  shown  in  Fig  4-81.  giving 
all  the  loading  details  required  for  stress  analysis. 

The  cantilever  beam  representation  gives  all  of  the 
equilibrium  forces  and  moments  required  for  wing  and 
emfvennage  design,  as  well  as  the  reactions  at  the  fuse- 
lage mating  plane  to  be  entered  as  actions  on  the  fuse- 
lage. Margins  of  safety  for  both  limit  and  ultimate  loads 
shall  be  determined  and  tabulated  for  all  the  primary- 
structural  members  of  the  wing  and  empennage,  with 
emphasis  upon  the  fittings  for  attachment  to  the  main 
fuselage  structure.  The  analytical  methods  and  tech- 
niques to  be  used  are  well  described  in  such  standard 
texts  as  Refs.  22  and  23. 


4-10.3  LANDING  GEAR  SUBSTANTIATION 

Landing  gear  loads  are  dependent  upon  descent 
velocity,  type  of  energy  absorber,  and  landing  gear  con- 
figuration. Descent  velocity  criteria  are  specified  in  par 
4-f.l.  For  the  purpose  of  this  presentation,  load  factor 
determination  is  discussed:  then  specific  loads  are  ex- 
plained with  special  emphasis  on  type  of  gear  (wheel, 
skid,  and  float).  The  landing  gear  then  can  be  sized  and 
substantiated  for  the  critical  landing  and  ground  han- 
dling loads. 

4-10.3.1  Load  Factor  Determination 

The  landing  load  factor  ultimately  is  determined  by- 
drop  tests,  but  for  preliminary  design  purposes  an  ap- 
propriate value  can  be  assumed.  Generally,  the  landing 
load  factor  is  chosen  so  that  it  is  equal  to  that  expected 
during  a pullup  maneuver.  This  assures  that  the  struc- 
ture is  a balanced  design  In  any  case,  it  is  recom- 
mended that  n.  not  be  less  than  2.67  because  even 
a minor  vertical  crash  will  give  an  ultimate  load  factor 
of  at  least  4.0. 

Having  chosen  the  load  factor  n..  the  energy  absorp- 
tion deflection — including  all  components  such  as  tires, 
shock  struts,  elastic  or  yielding  springs,  and  float 
bags — can  be  determined.  The  energy  to  be  absorbed 
upon  landing  is  kinetic  energy  KF  plus  ;-'’ential  energy 
PE.  or 


Fig.  4-78,  Schematic  Beam-rib  Structure 
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Fig.  4-79.  Comparison  of  Combined  Shear  ana  Torsion  for  Two  Loading 

Conditions 


W V 2 

K£  + PB  = — — + W (1  -/.)5  , fUb  (4-55) 

2 g g 

Absorbed  energy  AE  is 

AE~  KRKb  --  K{nt  Wg~L Wgfi  , ft-ib  (4-56) 
where 

V,  = descent  velocity  (par.  4-5.1),  fps 


nl  — load  factor,  dimensionless 
L — rotor  lift  ratio  = rotor 

lift/gross  weight  ( =0.67  from 
par.  4-5.1),  dimensionless 
Rtr  = ground  reaction,  lb 
K - energy  absorber  efficiency , dless 
Wt  = gross  weight,  lb 
S = absorber  deflection  required 
during  a limit  landing,  ft 
Equating  Eqs.  4-55  and  4-56 
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I 


-~  + (l-L)&=K(nt-L)& 


and  solving  for  8 


v1  r 

s 

2g 


K(n. -L)-0  ~L) 


ever,  when  an  oleo  strut  is  being  used  together  with  a 
ft  (4-57)  tire,  care  must  be  exercised  in  the  selection  of  the 
proper  value  of  K.  The  respective  deflections  of  the  oleo 
strut  and  the  tire  must  be  considered,  and  a composite 
value  of  K determined,  based  upon  the  total  deflection 
8 being  the  sum  of  tire  deflection  and  oleo  deflection. 
Tht  landing  gear  then  is  designed  to  provide  this 
value  of  total  deflection  during  a limit  landing, 
ft  (4-58)  The  limit  landing  gear  load  or  ground  reaction  R,r  is, 
by  definition. 


As  written,  Eqs.  4-56  through  4-58  are  strictly  accu- 
rate only  for  landing  gear  systems  containing  only  one 
energy  absorbing  component  or  device.  For  example, 
with  an  elastic  spring  absorber  such  as  used  with  skid 
landing  gear,  the  appropriate  value  of  if  - 0.5.  How- 


R = WUi  ~l.\  ,1b 

gr  8l  : 


(4-59) 


This  load  is  divided  among  components  of  the  land 


CONDITION  A CONDITION  B 
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i 

i 


Fig.  4-80.  Combined  Bending  and  Axial  Load  for  Two  Loading  Conditions 
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I'  Fig.  4-81.  Combined  Loading  Condition  Envelopes  at  a Particular  Location 
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ing  gear  (nose,  tail,  and  main)  for  design  purposes  as 
presented  in  the  paragraphs  that  follow. 

4-10.3.2  Specific  Landing  Gear  Load 
Determination 

Criteria  for  the  specific  conditions  that  shall  be  con- 
sidered are  detailed  in  par.  4-5. 1.1  (level  landings)  and 
par.  4-5. 1.2  (asymmetric  landings).  For  the  applicable 
type  of  landing  gear  the  loads  for  each  condition  must 
be  determined  by  rational  or  conservative  methods. 
Critical  loads  then  are  used  in  the  design  of  the  gear  and 
attachments  and  applied  to  the  fuselage. 

4-10.3.2.1  Wheel  Gear  Loads 

Loads  on  the  tire,  oleo  strut,  and  support  structure 
are  in  accordance  with  par.  4-5. 1 . 

As  most  of  the  landing  conditions  for  wheel  gear  are 
explicit  and  the  determination  of  loads  is  straightfor- 
ward, no  further  treatment  is  necessary  here.  The  con- 
ditions to  be  considered,  with  due  regard  to  critical 
weight  and  CG  position,  are: 

1.  Spin-up  and  spring-back  (with  appropriate  ver- 
tical reaction) 

2.  Maximum  vertical  reaction  level  landings  with- 
out and  with  forward  speed  (with  appropriate  fore  and 
aft  load) 

3.  Asymmetric  landings  with  drift  or  horizontal 
forces  at  one  wheel  reacted  by  helicopter  linear  and 
rotational  inertia  about  the  CG 

4.  Taxiing  (braking,  turning,  and  obstruction) 

5.  Ground  handling  (towing) 

6.  Landing  gear  (-.tension  and  retraction 

7.  Special  conditions. 


The  critical  loading  condition  is  maximum  forward 
CG  at  design  gross  weight.  The  method  follows: 

1.  Determine: 

Wt  — gross  weight  of  helicopter,  lb 
I = pitching  moment  of  inertia, 
lb-in.-secJ 

a,  b,  c,  and  d = dimensions  identified  in  Fig. 
4-82,  in. 

Arlt  ki,  and 

kA  = spring  rates  identified  in  Fig. 

4-82,  Ib/in. 

2.  Evaluate1 

Kl=k2+kA  , lb/in. 

K2=k2c  + kAd  ,1b 

A3  = *,  + k3  , lb/in.  (4-60) 

KA  = klb~k3a  ,1b 
Kf-klb2+k2c2+  fc3a2  4 k4d2  , lb-in. 


3.  Determine  values  ol  Px,  F,,  and  Me  for  static 
condition: 


Px=Mg=0  ,lb 
Pz^Wg{\-L)=Wg!2  ,1b 


(4-61) 


where 


The  helicopter  rotor  and  landing  gear  combination 
must  be  designed  for  freedom  from  ground  resonance. 
With  a configuration  having  lead-lag  hinges  and  oleo 
landing  gear,  it  is  probable  that  an  instability  of  the 
helicopter  on  its  gear  will  take  place  unless  sufficient 
damping  is  provided  in  either  the  rotor  system  or  the 
oleo  strut  (par.  5-2.5). 

4-10.3.2.2  Skid  Gear  Loads 

The  analysis  that  follows  outlines  a procedure  for 
determining  loads  for  the  dynamic  landing  condition 
for  helicopters  equipped  with  skid  landing  gear.  The 
helicopter  is  assumed  to  have  two  horizontally 
mounted  “spring  tubes”  as  energy-absorbing  devices. 
With  the  skid  runners  in  contact  with  the  ground,  the 
system  may  be  represented  schematically  by  a mass 
supported  by  four  springs,  as  illustrated  in  Fig.  4-82. 


L = ratio  of  rotor  lift  to  gross 

weight  = 0.67  (par.  4-5. 1.1.1) 

4.  Evaluate  the  static  deflections: 


XST 


2 ST 


w, 

KxKl^K]Ki-KxKiKi 



KxKl+K\K3-KxK3K$ 


.in. 

. in.  (4-62) 


6st 


KlKl+K2K3-KiK3Ki 


. rad 
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5.  Determine  frequencies: 

a.  If  A-,  does  not  equal  K},  solve  the  following 
equation  for  the  three  roots  <o? , u\,  and 

0)]’. 


(K.+K.  K\ 

— ^ + — L4 

V*  lI 


K{K3  (K^K^s-Kl-Kl  1 


r *« 

+ — + 

Uk 


{wjg? 


iwjg 


or 


K^l  +X?K3  ~KtK3Ks 
l(Wg/g)2 


» 0 (4-63) 


where 


g = acceleration  due  to  gravity, 
in. /sec 

b If  K,  - Kit  determine  the  frequencies  for  the 
three  natural  modes: 


w.  = 


w,!t 


h(t^4)  <4-H) 

-m-) 

6.  Evaluate  ft,  ft,  ft,  /?„  /?2,  and  J?3  from 

(4-65) 

■ (^) 


i 

I 

I 

4 


| 

'i 


i 

i 


4 
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Pig.  4-82.  Schematic  of  Spring  Substitution  for  Skid  Gear 


Q,  - generalized  displacement  x,/z, . 

dimensionless 

R,  s=  generalized  displacement  #A. 

in:1 

A'j.  use 


, where 

v ✓ 


ir  at,  = 


for 


(4-66) 


V 


) 


and  for  i — 2 and  i = 3.  use 

G,=  ~Ya  (4-67) 

with  /?,  from  Eq.  4-65 

7.  Determine  initial  conditions  at  i - 0 (time 
skids  contact  ground): 

x = jc  i = i 

o o 

2 = zo  i = io  = V,  <4*68) 

fl  = flo  a=«o  = o 

x„  is  varied  until  the  maximum  horizontal  ground 
reaction  is  equal  to  one-half  the  vertical  ground  reac- 
tion. 

8.  Set  up  the  following  equations: 

<2,?,  sin 7,  + <?2*2  s*n  72 

+ <23*,sin73 

z,  sin  7t  + z2sin72  + z3siny3 

/{,*,  sin  7,  + /fjz2  siny2 

+ Rizisinyi 


- Xo  XST 


Zo  ZST 


(4-69) 


®o  ® ST 
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9.  Set  up  the  following  equations: 
ojlQlzlcosyl  + oj2<?j22  cos72 

+ W3^323COS73  = K 
WjZ,  cosy,  + W2z2  co$72 

+ <V3cos73  - zo  (4-70) 

to^z,  COS7,  + o>2)?2z2  COS72 

+ W3fi3Z3COS73  = O', 

Solve  for  z,  cos  y;,  z:  cos  y:,  and  z,  cos  y„ 

10.  For  / = 1.2.  and  3,  evaluate: 


11.  Substitute  the  solution  to  Eqs.  4-69,  4-70,  and 
4-71  into  the  following  equations: 

x = x}  sin(a>1/  + 71)  + .x2  sin  (to2r  +.72) 

+ *3  sin  (u>3/  + 73)  + xST 

z =2,  sin(cj|r  + 7|)  + zJ  sin  (u>2r -r  y2) 

+ z3  sin(co3r  + 73)  + zsr  (4-72) 

6-  0 x sin  (a>(f  + y, ) + 02  sin  (co2/  + 72) 

+ 03  sin  (ay  + 73)  + esT 


Fig.  4-83  presents  representative  curves  as  obtained 
Solve  for  z,  sin  yi,  z,  sin  y2,  and  z,  sin  yy  from  Step  11  and  the  equations: 
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Oj  x + (*J  + k4)x  - ( k2c  + k4d)6  - Px 

0*  i + (*,  + *3)z  + (ktb  - k3a)d  = P (4-73) 

& 

16  + (k{b2  + k2c 2 + *3</2  + *4<f2)0  - (k2c  + k4d)x 
+ (ktb  — k^a):  = M6 

where 

A LWf  X (distance  to  CG)  throughout 
landing. 

4-10.3.2.3  rloat  Gear  Loads 

Float  gear  can  be  analyzed  in  a manner  similar  to 
skid  gear  with  changes  in  the  forward,  aft,  and  side 
components.  Unless  specified  otherwise  by  the  procur- 
ing activity,  the  criteria  of  FAR  Part  27  are  applicable 
for  float  landing  gear.  The  dynamic  condition  is  less 
severe  than  that  for  skid  gear. 

4-10.3.3  Reserve  Energy  Loads 

A reserve  energy  condition  is  used  for  ultimate  de- 
sign of  the  landing  gear.  The  criteria  for  this  condition 
are  given  in  par.  4-5.2.  The  increased  load  due  to  the 
reserve  energy  condition  can  be  expressed  in  terms  of 
the  ratio  of  the  ground  reactions  at  design  limit  sink 


speed  and  at  the  reserve  energy  sink  speed.  This  ratio  ; 
can  be  calculated,  using  Eqs.  4-57  through  4-59,  with  \ 
appropriate  values  of  sink  speed  F,, absorber  efficiency 
K,  and  rotor  lift  ratio  L for  the  design  limit  and  reserve 
energy  conditions. 

4-10.3.4  Preliminary  Structural  Sizing 

The  preliminary  structural  sizing  of  the  landing  gear 
normally  can  be  accomplished  using  standard  detail 
methods  of  structural  analysis,  in  combination  with  the 
design  limit  and  reserve  energy  loads  as  well  as  the 
various  other  design  loads,  and  including  ground-han- 
dling loads.  The  methods  of  Ref.  57  should  be  used 
whenever  possible  to  assure  an  optimized  structural 
configuration.  Very-high-strength  materials  normally 
can  be  specified  for  the  landing  gear  components  inas- 
much as  flight  safety  is  not  involved  and  the  critical 
landing  gear  loads  rarely  are  encountered. 

Energy  absorption  sizing  for  the  normal  limit  con- 
tact velocities  usually  relates  to  sizing  the  oleo  strut  (if 
applicable)  and  the  flexible  series  member,  such  as  tire 
or  beam.  Sizing  for  the  reserve  energy  requirements  in 
accordance  with  par.  4-5.2  involves  the  plastically  de- 
forming element,  or  structural  load-fuse.  Also,  there 
may  be  size  and/or  configurational  effects  that  require 
stiffness  or  damping  of  the  oleo  struts  in  roll  or  pitch 
(such  as  to  prevent  ground  resonance  or  for  better  ter- 
rain conformability)  that  is  different  from  the  damping 
required  for  the  vertical  impact.  Thus,  some  method  of 
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Fig.  4-83.  Time  History  of  Level  Landing  With  Forward  Velocity 
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mechanically  or  hydraulically  separating  the  symmetri- 
cal and  asymmetrical  energy  absorption  characteristics 
of  the  landing  gear  may  be  nccesshry. 

4-10.3.5  Substantiation  of  Landing  Goar 
Design 

Substantiation  of  helicopter  landing  gear  designs 
should  consist  of  a thorough  discussion  of  any  unique 
or  unconventional  features,  their  technical  or  other  ad- 
vantages, and  the  possible  technical  risks  involved.  Im- 
pact absorption  characteristics,  both  limit  and  reserve 
energy,  should  be  justified  based  upon  combinations  of 
theoretical  analyses,  computer  dynamic  simulation 
studies,  and  comparison  with  existing  drop  test  data. 
The  ground  loads  due  to  the  limit  and  reserve  energy 
impacts — as  well  as  the  other  miscellaneous  design 
load  requirements  of  MIL-S-8698  and  MIL-A- 
8862 — should  be  investigated  to  a reasonable  degree 
of  confidence  prior  to  structural  sizing  of  the  landing 
gear  components.  Special  loading  conditions  may  be 
necessary  for  particular  landing  gear  configurations 
(par.  4-5.1).  The  miscellaneous  ground-handling 
requirements  of  Ref.  62  also  should  be  investigated 
from  the  d>  dgn  load  standpoint.  Landing  gear 
motion,  *"  ‘loess.  and  damping  may  need  to  be  in- 
ve;.';saict(  with  regard  to  assuring  freedom  from  the 
likelili..*'.'  of  ground  resonance  (see  Ref.  63  for 
detail  i J methods  of  substantiation). 

After  the  design  loads,  impact  requirements,  and 
ground  resonance  suitability  requirements  have  been 
investigated,  structural  sizing  of  the  various  landing 
gear  components  can  be  accomplished  using  standard 
structural  analysis  procedures.  Margins  of  safety  for 
limit  and  reserve  energy  conditions  shall  be  calculated 
and  tabulated  for  principal  landing  gear  components. 

4-10.4  SUBSTANTIATION  OF  MISSION 
EQUIPMENT  INSTALLATIONS 

Normally,  the  mission  equipment  requirements  for  a 
helicopter  have  been  established  by  the  time  the  design 
is  subjected  to  its  preliminary  structural  analysis.  How- 
ever, because  this  equipment  is  not  a part  of  the  basic 
helicopter,  there  may  be  a tendency  to  overlook  provi- 
sions for  such  equipment  in  the  initial  preliminary  de- 
sign. This  procedure  is  unacceptable  because  the  effi- 
ciency in  adapting  the  helicopter  to  the  use  of  mission 
equipment  often  determines  system  effectiveness.  In 
fact,  the  design  integration  of  mission  equipment  provi- 
sions into  the  basic  helicopter  may  be  the  most  impor- 
tant task  in  the  early  design  stages.  For  example,  a 
nonoptimized  location  of  a weapon  pod  may  result  in 


a serious  stability  and  control  problem.  Also,  upon 
subjecting  a mission  equipment  mounting  location  to 
preliminary  structural  analysis,  it  may  become  appar- 
ent that  the  internal  structure  of  the  helicopter  must  be 
revised  to  provide  efficient  load  paths. 

Therefore,  the  preliminary  struct  -al  analysis  for 
mission  equipment  shall  encompass  more  than  merely 
a stress  analysis.  It  shall  include  considerations  of  loca- 
tion that  might  affect  personnel  accommodations,  han- 
dling characteristics,  and  safety  concepts.  Essential 
considerations  include  CG  locations,  stiffness,  maneu- 
ver loads,  aerodynamic  loads,  recoil  loads,  location 
relative  to  crew,  and  ease  of  maintenance  of  mission 
equipment. 

4-10.4.1  Equipment  Loads 

The  basic  loads  associated  with  helicopter  equipment  , 
shall , where  possible,  be  based  on  the  criteria  that  have 
been  established  in  the  foregoing  paragraphs  of  this 
chapter.  It  is  recognized,  however,  that  such  equipment 
involves  a wide  variety  of  components  and  associated 
operating  conditions;  therefore,  some  operating  condi- 
tions will  not  have  been  covered  in  the  previously  cst?b- 
lished  criteria.  In  those  cases  where  the  exact  criteria 
have  not  been  discussed,  the  logic  behind  the  criteria 
that  were  established  and  discussed  should  be  used  in 
establishing  the  new  criteria  needed.  Additional  equip- 
ment criteria  and  requirements  also  may  be  established 
in  the  RFP. 

Equipment  loads  resulting  from  maneuver  and  crash 
load  conditions  are  discussed  here,  with  emphasis  on 
the  need  to  restrain  equipment  within  the  cabin  area 
during  a crash  and  to  restrain  equipment  installed  out- 
side from  penetrating  into  the  cabin  area.  Belly- 
mounted  and  pod-mounted  armament  loads  are  in- 
cluded. 

4-10.4.1.1  Equipment  Types 

A representative  listing  of  equipment  items  has  been 
divided  into  three  broad  categories: 

1 . Equipment  installed  within  the  cabin 

2.  Equipment  installed  internally,  but  outside  of 
the  cabin  area 

3.  Externally  installed  equipment. 

This  listing  should  be  adequate  for  establishing  the 
methods  and  constraints  for  determination  of  the  re- 
quired basic  loads. 

4-1 0. 4. 1. 1. 1 Cabin  Equipment 

Equipment  installed  in  the  cabin  includes,  but  is  not 
limited  to: 
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!.  Environmental  control  system  components 

2.  Fire  extinguishers 

3.  Pilot  operated  sights  or  observation  equipment 

4.  Oxygen  equipment 

5.  Electronic  components 

6.  Personnel  armor 

7.  Instruments 

8.  Other  mission  equipment. 

4-10.4.1.1.2 


Equipment  installed  outside  the  cabin  but  inside  the 
helicopter  includes,  but  is  not  limited  to: 

1.  Environmental  control  system  components 

2.  Pneumatic  system  components 

3.  Hydraulic  system  components 

4.  Ballast 

5.  Engine  and  engine  accessories 

6.  Battery  and  electrical  components 

7.  Power  supplies  for  instrumentation  and  elec- 
tronics 

8.  Electronic  components 

9.  Fuel  tanks  and  oil  tanks 

10.  Coolers  and  radiators 

11.  Mission  equipment. 

4-1 0.4. 1.1. 3 Externally  Installed  Equipment 

Externally  installed  equipment  includes,  but  is  not 
limited  to: 

1.  Belly-mounted  armament 

2.  Pod-mounted  armament 

3.  Auxiliary  fuel  tanks 

4.  Mission  equipment. 

4-10.4.1.2  Load  Types 

All  loads,  including  those  within  the  equipment, 
must  be  accounted  for  and  considered  in  the  design  of 
a helicopter  The  primary  consideration  in  this  discus- 
sion, however,  is  the  externally  applied  loads.  These 
loads  include  inertial  loads  from  flight  maneuvers,  air 
loads,  vibratory  loads,  and  crash  loads. 

4-10.4.1.2.1  Flight  Maneuver  Loads 

In  the  determination  of  inertial  loads  from  flight 
maneuvers,  the  three  required  inputs  for  the  computa- 
tion are: 


1.  The  design  flight  load  factors  and  angular  accel- 
erations 

2.  Weights  and  moments  of  inertia  of  the  equip- 
ment 

3.  Location  of  the  equipment  relative  to  the  heli- 
copter CG. 

Limit  load  factors  are  discussed  in  par.  4-4.2.  Equip- 
ment and  equipment  mounting  shall  be  designed  for 
the  limit  load  factor  of  3.5  that  is  required  by  MIL-S- 
8698  for  Class  I service,  unless  a different  factor  is 
justified. 

The  weight  of  mission  equipment  normally  will  be 
specified  in  the  RFP.  An  accurate  weight  must  be  es- 
tablished for  each  component,  including  those  compo- 
nents not  specified  by  the  RFP.  Also,  the  location  of 
the  equipment  must  be  determined.  In  those  cases 
where  disposable  loads  such  as  fuel  or  ammunition  are 
carried,  the  locations  for  varying  load  conditions  must 
be  examined  to  establish  the  most  critical  loading.  Iner- 
tial moments  due  to  angular  accelerations  can  be  im- 
portant, and  an  item  of  equipment  located  at  a signifi- 
cant distance  from  the  helicopter  CG  may  be  subjected 
to  significant  load  factors  as  a result  of  these  accelera- 
tions. 

In  addition,  the  location  of  the  equipment  CG  in 
relation  to  its  mounting  points  may  be  an  important 
consideration,  with  significant  increases  in  support 
loads  resulting  from  offsets  or  eccentricities  in  the  sup- 
port system. 

Other  flight-related  loads  that  sometimes  may  ex- 
ceed the  flight  maneuver  loads  are  landing,  taxiing,  and 
ground-handling  loads.  The  load  factors  associated 
with  these  operating  conditions  also  must  be  consid- 
ered. The  landing  criteria  are  discussed  in  par.  4-5,  taxi 
and  ground-handling  loads  in  par.  4-6. 

4-1 0. 4. 1.2.2  Air  Loads 

Externally  mounted  equipment  is  subjected  to  air 
loads  caused  by  airspeed,  rotor  downwash,  and  gusts, 
and  in  some  cases  by  tail  rotor  or  propeller  thrust. 
Significant  reductions  in  air  loads  may  be  obtained  by 
the  use  of  proper  airfoil  shapes  and  streamlined  fairings 
on  the  exposed  equipment — good  design  practice  dic- 
tates such  an  approach.  However,  the  air  loads  never 
can  be  eliminated  and  must  be  included  in  any  design 
analysis. 

The  air  loads  are  best  determined  from  test  data.  If 
testing  is  impracticable,  applicable  loads  must  be  devel- 
oped by  analytical  methods.  The  loads  from  rotor 
downwash  and  tail  rotor  or  propeller  thrust  may  be 
determined  by  application  of  an  estimated  air  velocity, 
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a drag  coefficient,  and  the  reference  area  of  the  equip- 
ment in  the  air  stream.  An  important  consideration  is 
the  proximity  of  the  equipment  installation  to  the  ro- 
tors and  propellers.  The  determination  of  these  loads 
may  initiate  additional  design  iterations,  resulting  in  a 
more  efficient  configuration. 

The  gust  criteria  have  been  discussed  in  par.  4-4.3. 
The  resultant  air  velocity  associated  with  the  limit  gust 
should  be  applied  so  that  the  most  critical  and  largest 
area  is  exposed. 

4-10.4.1.2.3  Vibratory  Loads 

Vibratory  loads  on  equipment  are  caused  by  vibra- 
tions from  several  sources,  among  which  are: 

1.  Self-imposed  vibration 

2.  Helicopter  structural  vibration 

3.  Rotor  and  propeller  blade  downwash  frequency 

4.  Aerodynamic  buffeting 

5.  Armament  firing  frequency. 

Additional  vibrator;'  loads  that  normally  are  low  in 
frequency  and  are  experienced  only  occasionally  are 
blast  loads  from  armament  and  reaction  loads  from 
jettison  or  launching  operations. 

Equipment  vibratory  loads  often  are  the  critical 
loads  that  establish  the  structural  configuration.  Once 
the  strength  for  these  loads  is  adequate,  all  other  loads 
— including  flight  maneuver  and  crash  loads — become 
secondary  in  importance.  This  is  applicable  especially 
to  certain  armament  installations  where  the  firing  fre- 
quency loads  are  high.  Another  factor  is  the  large  re- 
duction in  allowable  cyclic  stress  or  endurance  limit 
caused  by  stress  raisers,  which  do  not  reduce  signifi- 
cantly the  allowable  stress  for  an  ultimate  load  such  as 
a crash  load. 

The  self-imposed  equipment  vibratory  loads  origi- 
nate from  equipment  containing  rotating  or  oscillating 
components  such  as  fans.  These  vibratory  loads  should 
be  isolated  from  the  helicopter  where  possible,  but  their 
consideration  must  be  a part  of  the  preliminary  design 
basic  load  analysis. 

All  equipment  will  be  subjected  to  helicopter  struc- 
tural vibration,  and  allowance  for  the  resulting  loads 
cannot  be  neglected  during  the  preliminary  design 
stage.  This  is  particularly  true  of  installations  for  sensi- 
tive equipment  such  as  flight  instruments  and  elec- 
tronic assemblies.  The  vibratory  loads  on  these  compo- 
nents must  be  determined  and  used  in  the  design  of 
appropriate  vibration  mounts.  The  most  direct  ap- 
proach for  establishing  these  loads  often  is  review  of 
test  data  from  similar  helicopters.  The  possibility  of 


fatigue  failure  of  flight  instrument  and  avionic  equip- 
ment installations  as  a result  of  the  vibratory  loads  to 
which  they  are  exposed  shad  be  considered. 

Vibratory  loads  from  rotor  and  propeller  blade 
downwash  impulses  must  be  evaluated  for  all  exter- 
nally installed  equipment.  The  frequency  is  a direct 
function  of  the  rotational  speed  and  number  of  blades. 
The  magnitude  of  the  load  is  determined  by  test  or  by 
rational  analytical  means,  as  discussed  in  par.  4- 
10.4.1.2.2. 

The  determination  of  firing  frequency  loads  from 
armament  installations  and  gun  pods  is  discussed  in 
par.  4-8. 1.3.  Loads  from  blast  overpressure  and  reac- 
tion loads  from  jettison  or  launching  operations  are 
discussed  in  pars.  4-8. 1.2  and  4-8. 1.4. 

4-10.4.1.3  Determination  of  Loads 

The  determination  of  the  basic  loads  associated  with 
equipment  and  equipment  installations  often  is  limited 
during  preliminary  design  to  the  most  critical  loading 
condition.  All  applicable  loading  conditions  are  consid- 
ered, the  most  critical  combination  selected,  and  the 
loads  determined.  The  critical  loads  will  be  useful  for 
design  cf  some  of  the  equipment,  as  well  as  of  fittings 
and  other  structural  components  of  the  helicopter. 

4-10.4. 1.3. 1 Loads  on  Cabin  Equipment 

Crash  loads  are  the  critical  design  loads  foi  equip- 
ment that  is  stored  in  the  cabin.  All  equipment  must  be 
restrained  so  that  clearance  is  maintained  between  it 
and  all  personnel  during  any  crash  within  the  limits  of 
human  survivability.  A properly  designed  cabin  will 
maintain  its  shape  during  a crash,  and  it  is  essential  that 
pieces  of  equipment  do  not  become  loose  missiles  that 
can  injure  the  occupants.  In  addition,  under  the  pre- 
scribed crash  load  factors  the  structural  fittings  sup- 
porting the  equipment  must  not  deform  to  the  extent 
that  the  occupants  can  be  injured. 

Location  .of  equipment  is  an  important  factor  for 
crash  consideration.  Because  the  maximum  impact 
velocity  is  normally  in  the  vertical  direction  for  heli- 
copters, equipment  stored  on  the  floor  or  in  the  lower 
portion  of  the  cabin  is  less  likely  to  become  lethal.  This, 
however,  does  not  make  the  separation  of  a component 
in  this  area  from  its  attachment  an  acceptable  condi- 
tion. It  is  characteristic  to  have  the  cabin  experience  at 
least  one  bounce  after  the  major  crash  impact.  There- 
fore, it  is  mandatory  that  the  equipment  be  retained  in 
its  attached  position  to  prevent  personnel  injury  during 
the  negative  acceleration  cycle.  The  requirement,  then, 
is  to  provide  fittings  on  the  equipment  and  the  helicop- 
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ter  that  will  withstand  without  separation  all  load  fac- 
tors prescribed  for  the  crash  condition. 

Several  special  equipment  items  that  are  located  in 
the  cabin  warrant  specific  attention,  namely: 

1.  Components  that  could  be  stored  loose — small 
arms,  flight  handbook,  briefcase,  etc. 

2.  Shock-mounted  equipment 

3.  Movable  components  such  as  armament  sights 
that  require  temporary  storage. 

Loose  equipment  must  be  stored  in  a location  that 
reduces  its  likelihood  of  causing  injury  under  crash 
conditions,  and  it  must  be  tied  down  with  straps  or 
equivalent  devices  capable  of  withstanding  the  pre- 
scribed load  factors.  Equipment  such  as  the  flight 
handbook,  for  example,  is  less  dangerous  if  located  in 
the  lower  forward  portion  of  the  cabin.  Small  arms  or 
briefcases  should  not  remain  loose  in  the  cabin;  en- 
closed compartments  should  be  provided  that  are 
strong  enough  to  restrain  these  items  during  a crash. 

Shock  mounts  are  installed  on  sensitive  equipment  to 
isolate  helicopter  vibratory  loads.  Because  these  loads 
seldom  exceed  1 g,  particular  attention  should  be  paid 
to  the  effect  of  basic  crash  load  factors  to  these  compo- 
nents. Avionic  and  flight  instrument  installation  also 
shall  be  evaluated  to  assure  their  ability  to  withstand 
the  vibratory  loads  without  failure  due  to  fatigue. 

Movable  components  such  as  variable  position  arma- 
ment sighting  equipment  also  must  remain  intact  and 
in  position  during  a crash.  The  crash  loads  should  ap- 
ply to  the  unit  and  its  mounting  in  its  stored  position, 
provided  it  is  used  only  during  specific  operational  con- 
ditions where  a crash  is  extremely  unlikely.  The  provi- 
sion of  a structurally  sound  stored  position  is  manda- 
tory for  the  protection  of  members  of  the  crew  who 
normally  use  the  device. 

4-10.4.1.3.2  Loads  For  E quipment  Installed 
Internally  but  Outside  of  Cabin 

Crash  loads  are  not  necessarily  the  critical  design 
loads  for  a number  of  equipment  items  installed  inside 
the  helicopter  but  outside  of  the  cabin.  The  determina- 
tion of  critical  loads  depends  upon  the  location  of  the 
specific  item  of  equipment.  Am  engine  located  just 
above  the  cabin,  for  example,  must  be  restrained  from 
penetrating  the  cabin  and,  therefore,  the  crash  load 
criteria  may  be  critical.  On  the  other  hand,  if  the  engine 
is  located  in  a low  position  remote  from  the  cabin,  such 
that  the  occupants  of  the  cabin  would  not  be  endan- 
gered when  the  engine  broke  loose  from  its  mounts 
under  crash  conditions,  other  loads  such  as  flight  ma- 
neuver and  vibrational  loads  would  be  the  critical  de- 


sign conditions.  Roth  fuel  and  oil  tanks  require  special 
consideration  for  crash  conditions  because  of  their 
post-crash  fire  hazard.  However,  both  types  of  tanks 
have  specific  requirements  for  pressure  tests  when  in- 
stalled in  the  helicopter.  A more  complete  discussion  of 
the  engine  installation,  and  of  fuel  system  and  oil  sys- 
tem requirements,  is  included  in  pars.  8-2,  8-4,  and  8-5. 

All  equipment  items  should  be  reviewed  to  deter- 
mine the  likelihood  of  cabin  penetration  in  the  event  of 
a crash.  This  applies  especially  to  high-density  items 
such  as  batteries,  ballast,  and  certain  electronic  units. 
The  walls  between  compartments  of  a helicopter  nor- 
mally do  not  provide  a very  significant  barrier  against 
loose  equipment  moving  at  a velocity  of  10-40  fps. 

Mountings  for  system  components  such  as  pumps, 
starters,  generators,  pneumatic  assemblies,  and  envi- 
ronmental control  system  items  normally  are  designed 
by  stiffness  and  vibration  requirements.  Even  though 
some  justification  can  be  made  for  certain  items  of 
equipment  being  permitted  to  separate  from  their  nor- 
mal positions  during  a crash,  in  the  most  acceptable 
configuration  all  parts  will  remain  together  as  a single 
assembly  during  all  operations  including  a crash.  Crash 
toads,  therefore,  have  maximum  priority  as  the  critical 
load  requirement  unless  vibratory  or  maneuver  load 
conditions  exceed  them.  Clear  justification  for  any  de- 
parture from  this  approach  shall  be  mandatory. 

4-1 0.4.1. 3. 3 Loads  on  Externally  Attached 
Equipment 

The  basic  loads  for  externally  attached  equipment 
often  are  furnished  as  part  of  the  RFP  because  the 
external  items  tend  to  be  mission-essential  equipment. 
The  primary  items  classified  as  externally  mounted 
mission  equipment  are  hooks  and  slings  for  external 
cargo,  weapon  pods,  and  similar  items  such  as  anten- 
nas, tanks,  and  special  lights.  The  specific  loads  that 
must  be  provided  for  in  the  support  and  accommoda- 
tion of  externally  mounted  mission  equipment  are  lift, 
drag,  downwash,  gust,  inertia,  jettison,  buffeting,  re- 
coil, and  drogue. 

The  flight  maneuver  loads  applied  to  weapon  pods 
for  preliminary  structural  analysis  should  be  based 
upon  the  maximum  capability  of  the  helicopter.  The 
loads  must  include  components  due  to  pitch,  roll,  and 
yaw  velocities,  and  accelerations  as  determined  by  pod 
location  in  addition  to  the  load  factor  at  the  CG.  In 
establishing  aerodynamic  loads,  it  is  preferable  to  use 
quantitative  data  from  similar  vehicles  or  from  wind 
tunnel  tests.  Loads  must  be  based  upon  speeds  up  to 
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Gust  loads  can  be  an  especially  important  considera- 
tion for  large-area  components  for  whiqh  the  gust  load 
could  be  a significant  factor  in  the  sizing  of  the  fittings. 

The  crash  condition  should  be  considered  as  an  im- 
pact energy  problem  in  which  much  of  the  impact  load 
is  absorbed  by  deformation  of  the  basic  helicopter.  The 
criteria  of  par.  4-5.3  will  provide  a high  probability  of 
occupant  survival  under  a crash  impact  velocity  of  42 
fps  in  the  vertical  direction.  F or  consistency  with  this 
capability,  any  externally  mounted  piece  of  equipment 
that  might  injure  an  occupant  of  the  helicopter  if  it 
should  break  loose  from  its  mounting  shall  have  the 
strength  to  withstand  deceleration  of  at  least  20  g with- 
out separation. 

Certain  externally  mounted  mission  equipment  may 
be  permitted  to  break  loose  from  the  helicopter  if  there 
is  assurance  that  no  injury  will  result.  In  cases  where 
fuel  is  involved,  the  requirements  of  the  most  recent 
criteria  for  crashworthy  fuel  cells  should  apply. 

At  the  preliminary  structural  analysis  stage,  it  nor- 
mally is  considered  sufficient  to  size  the  fittings  for 
mission  equipment  on  the  basis  of  maximum  maneuver 
and  maximum  static  loads.  In  many  cases,  however,  it 
is  advisable  to  consider  fatigue  loading  conditions  on 
certain  externally  mounted  mission  equipment.  This  is 
applicable  especially  for  equipment  such  as  weapon 
pods,  where  recoil  load  may  be  of  such  magnitude  that 
low-cycle  fatigue  becomes  a consideration.  Some  mod- 
ern weapons  accumulate  cycles  at  a very  high  rate  and, 
if  the  loads  are  known  to  be  high,  the  possibilities  of 
fatigue  must  be  considered  during  the  preliminary  anal- 
ysis period.  The  effect  of  blast  upon  the  surrounding 
skin,  as  well  as  load  impulses,  also  must  be  considered. 

There  are  a number  of  other  areas  concerning  fatigue 
of  externally  mounted  mission  equipment  that  may  be 
used  for  reviewing  the  fittings  for  possible  fatigue  prob- 
lems. They  include: 

1.  Mount  stiffness.  The  stiffness  of  the  fitting  that 
supports  the  mission  equipment  assembly  :hould  be 
estimated  analytically.  This  stiffness  then  can  be  used 
in  computing  the  resonant  frequency  of  the  assembly/ 
fitting  combination.  The  computed  frequency  should 
be  at  least  25%,  and  preferably  50%,  above  the  recoil 
frequency  or  main  rotor  frequencies. 

2.  Aerodynamic  excitation  Data  on  aerodynamic 
buffeting  and  any  information  on  tendencies  of  flutter 
in  mission  equipment  installation  should  be  examined 
carefully. 

3.  Sling  load  bounce.  The  combined  stiffness  of  the 
external  sling  and  the  helicopter  sling  attachment  fit- 
ting must  be  such  that  the  sling  load  does  not  tend  to 
bounce  in  resonance  with  the  rotor  or  rotor  blade  fre- 


quencies. This  has  been  a problem  in  previous  helicop- 
ter/sling toad  configurations,  and  available  data  should 
be  reviewed  for  the  purpose  of  avoiding  the  problem.  If 
such  loads  are  inevitable,  the  fitting  design  must  allow 
for  them  at  the  preliminary  design  stage. 

Jettison  loads,  landing  loads,  and  emergency  release 
loads  for  the  external  cargo  sling  probably  will  not 
determine  the  size  of  the  external  equipment  mounting 
fittings,  but  they  should  be  examined  as  a final  check. 

The  jettisoning  of  an  assembly  normally  is  an  emer- 
gency action.  The  reaction  loads  may  be  as  high  as  the 
limit  load  but  should  not  exceed  this  amount.  Any 
fitting  that  may  be  subjected  to  a jettison  load  should 
be  checked  for  this  condition  during  the  preliminary 
design  stage. 

Normal  landing  conditions  should  not  affect  the 
preliminary  sizing  of  externally  mounted  mission 
equipment  fittings.  However,  these  fittings  should  be 
checked  for  the  reserve  energy  landing  condition  (par. 
4-5.2)  if  applicable.  Landing  with  side  or  drag  loads 
produces  large  angular  accelerations  that  may  result  in 
critical  loads  for  certain  installations. 

4-10.4.2  Load  Paths 

A most  important  consideration  in  the  preliminary 
design  of  a helicopter  is  the  provision  of  load  paths  that 
will  result  in  maximum  stiffness.  This  is  true  especially 
in  the  case  of  externally  mounted  mission  equipment. 

When  an  inherently  stiff  support  is  used,  more  flexi- 
bility in  helicopter  utilization  is  offered  for  missions 
where  variation  in  the  weight  of  externally  mounted 
mission  equipment  is  desirable.  Adequate  stiffness 
reduces  the  critical  nature  of  the  installation  because 
resonant  frequencies  are  more  likely  to  be  above  the 
operating  range  of  the  rotor. 

This  support  stiffness  can  be  achieved  best  by  the  use 
of  efficient  load  paths.  These  load  paths  should  lead 
into  at  least  two  primary  load-carrying  fuselage  struc- 
tural members  with  a minimum  amount  of  eccentricity. 
When  inspection  capability  can  be  provided,  a fail-safe 
configuration  is  highly  desirable  for  externally 
mounted  mission  equipment  such  as  those  weapon 
pods  that  operate  with  relatively  high  shock  and  recoil 
loads. 

There  are  configurations,  however,  where  one  load 
path  to  a primary  structural  member  is  adequate.  In  all 
cases,  the  length  of  the  load  path  to  basic  structure 
should  be  as  short  as  possible. 

The  provision  of  good  load  paths  is  a primary  func- 
tion of  preliminary  design  analysis.  In  the  case  of  cargo 
loads,  there  is  a large  variation  in  loadings  and  load 
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locations.  Therefore,  special  study  of  load  paths  in  the 
cargo  compartments  is  required. 

4-10.4.3  Other  Considerations 

The  preliminary  structural  analysis  becomes  an  iter- 
ative process  during  the  design  stage  because  there  are 
considerations  other  than  loads  and  fundamental  struc- 
tural design.  These  include: 

1.  Functional  requirements.  The  functional  opera- 
tion of  a unit  of  mission  equipment  may  dictate  certain 
aspects  of  its  installation.  An  external  litter,  for  exam- 
ple, is  most  useful  if  located  near  a door  or  window. 
Performance  of  certain  avionic  antennas  is  highly  de- 
pendent upon  location.  Special  lights  also  require  more 
than  normal  consideration. 

2.  Performance.  Helicopter  performance  never 
can  be  minimized,  regardless  of  how  vital  is  the  mission 
equipment  being  installed.  Allowance  must  be  made  for 
the  mounting  of  fairings  for  reduction  of  aerodynamic 
loads.  In  addition,  equipment  performance  as  a func- 
tion of  its  specific  location  on  the  helicopter  must  be 
studied.  Certain  flight  control  and  electronic  compo- 
nents must  be  located  in  specific  areas  where  the  envi- 
ronment is  satisfactory  or  where  they  are  accessible  to 
the  crew.  Historical  data  on  similar  helicopter  installa- 
tions are  valuable  for  such  considerations. 

3.  Weight.  Past  results  have  indicated  that  inade- 
quate weight  control  sometimes  is  exercised  on  mission 
equipment  provisions.  Each  fitting  and  load  path  must 
be  evaluated  on  an  individual  basis  with  the  goal  of 
reducing  weight.  The  evaluation  of  the  specific  fitting, 
of  course,  must  be  preceded  by  evaluation  of  all  other 
factors  that  have  affected  its  weight. 

4.  CG  location/weight  and  balance.  Effort  should 
be  made  to  locate  weight  items  in  such  a manner  that 
a minimum  CG  shift  is  effected  and  that  the  weight 
items  are  as  near  as  possible  to  the  lifting  rotorfs).  From 
a crash  survival  standpoint,  the  CG  should  be  as  near 
to  the  ground  as  possible  to  minimize  rollover. 

5.  Safety.  Safety  aspects  must  be  considered  dur- 
ing the  development  of  installation  provisions  for  mis- 
sion equipment.  Hazards  that  may  be  associated  with 
each  unit  of  mission  equipment  must  be  identified  and 
allowed  for  in  the  installation  design.  This  study  may 
result  in  modification  of  mounting  locations  and  in  the 
installation  of  additional  equipment.  Litter  installa- 
tions must  be  placed  so  as  to  provide  the  maximum 
comfort  and  safety  to  the  occupants  and  to  other  pas- 
sengers or  crew  members.  The  litters  must  be  fastened 
securely  to  a structure  of  sufficient  strength  to  with- 
stand crash  loads  without  breakaway.  Also,  the  litters 
should  be  oriented  so  that  the  safety  straps  securing  the 


patient  will  be  acting  in  their  most  efficient  direction  in 
case  of  a crash. 

6.  Human  factors.  Human  factors  must  be  consid- 
ered in  all  preliminary  design,  but  especially  with  re- 
gard to  internal  cargo  loading.  The  number  of  alterna- 
tive loading  possibilities  is  quite  large,  and  the 
placement  of  fittings  and  other  provisions  must  assure 
the  most  appropriate  location  and  distribution  of  the 
loads. 

7.  Boresighting.  Installations  involving  weapon 
pods  probably  will  have  requirements  for  boresighting, 
which  could  result  in  the  need  for  multiple  fittings 
instead  of  a single  fitting. 

8.  Vibration.  The  magnitude  of  the  vibrations  ini- 
tiated by  mission  equipment  is  an  important  considera- 
tion for  flight  comfort  and,  consequently,  for  mission 
effectiveness.  Careful  consideration  of  the  possible  vi- 
bration spectrum  should  be  a part  of  the  preliminary 
structural  analysis.  Historical  flight  test  data  and  flight 
evaluation  information  are  good  sources  for  such  infor- 
mation; analytical  estimates  also  are  useful. 

9.  Ground  and  landing  clearance.  The  location  of 
externally  mounted  mission  equipment  sometimes  is 
restricted  by  its  proximity  to  the  ground  while  the  heli- 
copter is  parked.  The  preliminary  structural  analysis 
should  include  consideration  of  maximum  deflections 
for  both  normal  and  hard  landings.  The  deflections  of 
the  landing  gear,  the  mounting  fitting,  and  the  mission 
equipment  assembly  should  be  considered  in  the  analy- 
sis. 

10.  Spare  parts  and  maintenance.  All  maintenance 
and  support  requirements  should  be  sufficiently  simple 
to  assure  reliable  operation  and  service  at  the  organiza- 
tional level.  The  mounting  provisions  and  fittings  must 
lend  themselves  to  ease  of  inspection  and  must  be  acces- 
sible for  service,  repairs,  and  replacement.  The  fitting!, 
should  be  protected  from  possible  adverse  environmen- 
tal conditions  that  might  reduce  their  structural  integ- 
rity. 

1 1.  Yaw  stability.  Yaw  stability  considerations  are 
applicable  primarily  to  mission  equipment  such  as 
weapon  pods,  where  recoil  loads  from  firing  and 
launching  could  be  relatively  high.  The  locations  of 
these  assemblies  relative  to  stabilizer  surfaces  also  may 
be  a factor  in  the  yaw  stability  considerations. 

12.  Asymmetrical  loads.  External  asymmetrical 
loads  could  be  experienced  when  some  externally 
mounted  mission  equipment  is  jettisoned.  The  effect 
from  such  loads  should  be  examined. 
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4-10.4.4  Preliminary  Sizing 

After  the  basic  loads  have  been  established  and  ac- 
cumulated and  the  tentative  locations  of  the  mission 
equipment  installation  fittings  and  other  provisions 
have  been  determined  by  preliminary  layout,  the  initial 
sizing  and  structural  analysis  can  be  made.  In  most 
cases,  the  fitting  design  at  this  stage  will  be  based  upon 
limit  load  and  ultimate  load  values. 

The  preliminary  structural  analysis  should  include 
several  considerations  pertaining  to  the  materials  from 
which  the  fittings  will  be  made.  If  the  fitting  is  to  be 
made  from  a casting,  for  example,  there  must  be  an 
allowance  for  the  casting  factors.  If  a forging  is 
planned,  a check  should  be  made  to  assure  that  the 
design  being  evaluated  can  be  manufactured  with  an 
acceptable  metallic  grain  direction. 

4-10.4.5  Substantiation 

The  preliminary  sizing  of  the  externally  mounted 
mission  equipment  fittings  can  be  substantiated  by  cal- 
culating their  weights  and  comparing  the  results  with 
previously  established  weight  allocations.  This  proce- 
dure provides  a quick  first-order  substantiation.  In  ad- 
dition, a thorough  review  of  the  load  paths  must  be 
made  to  assure  that  there  is  a path  for  each  load,  and 
that  the  path  is  direct  and  of  minimum  length.  If  these 
requirements  are  fulfilled  and  the  preliminary  struc- 
tural analysis  indicates  adequate  strength,  the  fitting 
designs  are  adequate  for  preliminary  design  purposes. 
The  margins  of  safety  for  critical  loading  conditions  for 
the  fittings  for  attachment  of  major  items  of  mission 
essential  equipment  shall  be  calculated  and  tabulated. 

4-11  FATIGUE  LIFE  DETERMINATION 

4-11.1  GENERAL 

Many  helicopter  components  are  subject  to  alternat- 
ing loading  at  fairly  high  frequencies.  The  primary 
source  of  these  loads  is  the  harmonic  variation  of  the 
aerodynamic  loading  of  a rotary  wing  in  translational 
flight.  The  critical  loading  on  these  components  is  not 
a static  load,  to  be  compared  with  the  yield  strength, 
but  rather  is  a fatigue  load. 

Fatigue  strength  of  a given  component  can  be  de- 
fined in  terms  of  an  endurance  limit,  or  it  can  be  stated 
in  terms  of  a fatigue  life.  The  endurance  limit  is  the 
maximum  value  of  alternating  stress  to  which  the  com- 
ponent can  be  subjected  for  an  infinite  number  of  cycles 
without  failure.  Fatigue  life  is  that  number  of  stress 
cycles  that  can  be  sustained  prior  to  failure.  For  a given 


frequency  of  alternating  load,  fatigue  life  is  stated  in 
hours  rather  than  cycles. 

Following  determination  that  a given  component  is 
loaded  critically  by  alternating  loads  and  hence  subject 
to  fatigue  analysis,  the  loading  must  be  defined  in  de- 
tail, and  the  fatigue  properties  of  the  component  must 
be  determined.  A determination  then  can  be  made  of 
the  fatigue  life  of  the  component.  Each  of  these  phases 
of  the  analysis  is  discussed  in  the  paragraphs  that  fol- 
low. 

During  preliminary  design  it  normally  is  not  practi- 
cable to  determine  component  fatigue  lives  because  the 
fatigue  properties  cannot  be  defined  without  compo- 
nent tests  and  the  fatigue  loadings  cannot  be  deter- 
mined without  flight  tests.  It  is  appropriate,  however, 
to  identify  those  fatigue-critical  components  (par.  4- 
1 1.2)  for  which  the  design  objective  will  be  infinite  life 
and  those  for  which  a finite  life  will  be  established.  The 
preliminary  stress  analysis  report  shall  include  sub- 
stantiation of  acceptable  life  characteristics  for  all  rotor 
system  components  as  a minimum.  In  these  substantia- 
tions the  properties  of  the  components  shall  be  es- 
timated and  the  critical  alternating  loads  shall  be  devel- 
oped by  rational  and  conservative  methods.  The 
methods  for  determination  of  component  properties 
and  of  applicable  fatigue  loads  shall  be  included  in  the 
report. 

Although  final  determination  of  fatigue  lives  is  a part 
of  the  airworthiness  qualification  of  a new  helicopter 
(AMCP  706-203),  the  methods  for  these  determinations 
also  are  discussed  in  the  paragraphs  that  follow.  These 
methods  are  applicable  for  both  preliminary  design  and 
final  qualification.  In  the  latter  case,  of  course,  test  data 
will  be  used  and  the  spectra  of  applied  loads  will  be 
more  complete. 

4-1 1 .2  FATIGUE-CRITICAL  COMPONENTS 

All  components  for  which  a fatigue  life  determina- 
tion is  required  are  defined  as  fatigue-critical  compo- 
nents. All  rotor  system  components — blades,  grips, 
hubs,  control  horns — and  all  control  system  compo- 
nents, rotating  and  nonrotating,  between  the  rotors  and 
a point  of  load  isolation  shall  be  fatigue-critical  compo- 
nents. All  drive  shafts  shall  be  fatigue-critical  com- 
ponents— along  with  all  drive  system  support  struc- 
tures including  engine  mounts  and  main  transmission 
and  antitorque  rotor  gearbox  mounts  and  supports. 

A fatigue  life  determination  shall  be  made  for  all 
fatigue-critical  components.  If  this  determinalion  indi- 
cates infinite  life,  the  component  no  longer  need  be 
classified  as  fatigue-critical  for  the  specific  mission 
loading.  A new  life  determination  shall  be  made  in  case 
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TABLE  4-10 

SUMMARY  OF  TYPICAL  MISSIONS  FOR  UH 
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of  any  change  of  fatigue  loading  upon  the  component. 
Such  changes  may  result  from  changes  to  the  mission 
gross  weight,  to  a mission  profile,  or  to  the  mission 
frequency  (anticipated  utilization). 

4-11.3  FATIGUE  LOADINGS 

As  discussed  in  par.  4-4,  fatigue  loadings  vary  with 
flight  conditions,  with  the  most  severe  loadings  result- 
ing from  maneuvers.  The  frequency  of  occurrence  of  a 
given  loading,  or  the  number  of  occurrences  per  100  hr 
of  helicopter  operation,  is  dependent  upon  the  mission 
profiles  of  the  individual  missions  assigned,  together 
with  the  frequency  of  performance  of  each  mission.  The 
frequency  of  occurrence  distribution  is  obtained  by 
considering  carefully  all  factors  that  affect  the  fre- 
quency of  performance  of  each  of  the  applicable  flight 
conditions. 

In  formulating  the  frequency  of  occurrence  distribu- 
tion, the  following  factors  should  be  considered: 

1.  Helicopter  missions  as  defined  in  the  applicable 
specification  (see  Table  4-10  for  a summary  of  these 
missions  for  the  example  being  considered) 

2.  Frequency  of  performance  of  each  assigned  mis- 
sion 

3.  Frequency  of  occurrence  of  individual  flight 
conditions  through  analysis  of  all  missions,  primary 
and  alternate.  Effects  of  field  environment  based  upon 
pertinent  operational  experience  and  anticipated  de- 
ployment should  be  included. 

4.  Density  altitudes  at  which  each  leg  of  the  appli- 
cable mission  profiles  will  be  flown 

3.  Practicable  gross  weight  operating  ranges,  in- 


cluding consideration  of  usable  fuel  load  and  expenda- 
ble payload. 

Using  the  detail  specification  as  a beginning  point, 
mission  profiles  and  other  information  about  prospec- 
tive use  of  the  helicopter  should  be  analyzed  to  estab- 
lish rough  percentages  of  time  in  the  various  modes  of 
flight.  The  potential  helicopter  missions  shall  be  evalu- 
ated for  altitudes,  and  this  factor  considered  in  the 
detailed  breakdowns.  Once  these  percentages  have  been 
established,  each  group  of  maneuvers  (in  ground  effect, 
level  flight,  transition,  etc.)  can  be  considered  individu- 
ally and  a detailed  breakdown  of  flight  time  calculated 
for  each  particular  maneuver.  Next,  each  of  the  in- 
dividual maneuvers  should  be  considered  separately 
and  the  specific  airspeed  breakdown  within  the  maneu- 
ver developed.  Finally,  a careful  analysis  produces  the 
gross  weight  and  rotor  speed  breakdowns.  Table  4-11 
is  a sample  mission  analysis  for  one  of  the  missions  to 
be  considered.  Fig.  4-84  presents  the  mission  profile  for 
the  mission  analyzed  in  ' able  4-11.  The  same  type  of 
profile  would  be  constructed  for  each  of  the  other  as- 
signed missions,  and  a frequency  of  occurrence  analysis 
similar  to  Table  4-1 1 would  be  made  for  each  mission. 

4-11.3.1  Determination  of  Composite 
Maneuver  Spectrum 

Because  flight  loads  are  dependent  upon  the  density 
altitude  at  which  the  flight  condition  occurs,  it  is  neces- 
sary to  establish  a frequency  of  occurrence  distribution 
as  a function  of  altitude.  (It  is  acceptable  to  establish 
altitude  ranges  and  to  determine  the  frequency  of  oc- 
currence within  each  such  range.)  Table  4-12  is  an 
example  of  such  a distribution.  Each  of  the  assigned 
missions  is  listed,  together  with  the  relative  frequency 
of  performance  of  each  in  the  selected  range  of  density 
altitude  hd  (0-4000  ft  hd  in  Table  4-12).  The  relative 
frequency  of  each  mission  is  presented  as  percentage  of 
utilization.  Similar  distributions  for  the  other  two  alti- 
tude ranges  (4000-8000  ft  and  8000-12,000  ft)  are  not 
shown  separately,  but  their  effect  is  included  in  Table 
4-13,  which  gives  a composite  flight  condition  fre- 
quency of  occur  mnee  distribution  for  the  helicopter. 
The  effects  of  each  of  the  eight  assigned  missions  shown 
in  Table  4-10  are  included,  and  the  relative  frequency 
of  operation  in  each  of  the  three  altitude  ranges  is 
shown. 

The  missions  listed  in  Table  4-10  are  considered  typi- 
cal of  those  that  might  be  considered  applicable  for  a 
UH  class  helicopter.  Comparable  lists  can  be  prepared 
for  other  classes  of  helicopters,  based  upon  mission 
assignments  included  in  the  RFP  or  in  the  helicopter 
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TABLE  4*11 

FREQUENCY  OF  OCCURRENCE  FOR  MISSION  A (PERSONNEL 

TRANSPORT) 


BASE  TO  FIELD 

RETURN  TO  BASE 

TIME  PER 

NO.  OF 

TOTAL 

NO.  OF 

TOTAL 

MISSION 

MISSION  TIME;  120  rain 

MANEUVER 

EVENTS 

NO.  OF 

EVENTS 

NO.  OF 

°0  TIME 

EVENT.sec 

min 

min 

1.  HOVER  IGE 

1 

2.00 

1 

1.16 

2.63 

2.  HOVER  OGE 

1 

0.12 

1 

0.12 

0.20 

3.  LOITER  A/S 

27.61 

23.00 

4.  LEVEL  FL'GHT  0.6  VNE 

1.54 

1.54 

2.58 

5.  LEVEL  PLIGHT  0.7  VNE 

0.30 

0.30 

0.50 

6.  CRUISE  0.8  VNE 

9.40 

7.05 

13.72 

7.  CRUISE  0.9  VNE 

18.81 

15.57 

28.65 

8.  HIGH-SPEED  VNE 

4.54  J 

4.54 

7.56 

9.  FLAT  PITCH  FLIGHT  IDLE 

1 

2.00  1 

0.40 

2.00 

10  NORMAL  START 

120 

1 

2.00 

1.67 

11.  NORMAL  SHUTDOWN 

60 

c 

0.83 

12.  IGE  TURNS 

6 

La 

r / 

0.08 

13.  IGE  CONTROL  REVERSALS 

1 

Jm 

0.03 

14.  IGE  SIDEWARD  FLIGHT 

5 

A 

/ 

15.  IGE  REARWARD  FLIGHT 

3 4k 

w y 

16.  VTO  TO  40  ft  AND  ACCEL. 

^0.10 

/ 

0.10 

0.17 

17.  NORMAL  TAKEOFF  AND  ACCEL 

As 

0.25 

18.  SLIDE  TAKEOFF  AND  ACCEL. 

S 

19.  TE  SLIDE-ON  LANDIN'!  i 

20.  TE  APPR.AND  LANDING 

s 

i 

0.33 

0.28 

21.  SE  APPR.AND  LANDING  4 

* / 

22.  SE  APPR.WITH  TE  REM|E1l 

/ 

23.  TE  CLIMB  „ 

/ 5 

4.62 

i 

0 76 

4.46 

24.  SE  CLIMB  jj? 

25.  ACCEL.CLIMMfcS  TOCRIJISES, 

^24  r 

4 

1.60 

1.33 

26.  OGE  TURNS  f 

- > 

12 

1.60 

1.33 

27.  OGE  CONTROL  RP^BS 

/» 

2 

0.03 

0.03 

28.  CYCLIC  PULL-UPS  j 

2 

1 

0.03 

0.03 

29.  DECEL.TO  OESCENT  AS  / 

30 

3 

1.50 

i 

0.50 

1.67 

30.  TE  DESCENT  ' 

5 

2.52 

i 

1.67 

3.50 

31.  SE  DESCENT 

32.  TE  TO  SE  TRS  IN  CLIMB 

2 

33.  TE  T0SETRS  IN  CRUISE 

2 

34.  SE  TO  TE  TRANSITION 

4 

35.  SLING  LOAD  LIFTOFF 

36.  SLING  LOAD  LANDING 

37.  MIN  PWR.APPRrPWR.REC  IGE 

24 

i 

0.40 

0.33 

38.  FIRE  SUPPRESSION  PUSHOVER 

2 

6 

0.20 

0.17 

39.  FIRE  SUPPRESSION  DIVE 

14 

6 

1.40 

1.17 

40.  FIRE  SUPPRESSION  PULL-UP 

10 

6 

1.00 

0.83 

41.  FIRE  SUPPRESSION  HIGH‘,g,t  TURNS  6 

i 

6 

1.20 

1.00 

TOTAL 

100.00 

NOTES 


TAKEOFF  GROSS  WEIGHT 

10.000  lb 

Vm 

VELOCITY  NEVER  TO 

UNDING  GROSS  WEIGHT 

8.850  lb 

BE  EXCEEDED 

APPROXIMATE  MISSION  RADIUS  - 

60  mi 

IGE 

IN  GROUND  EFFECT 

CRUISE  ALTITUDE 

2.000  ft  ABOVE 

OGE 

OUT  OF  GROUND  EFFECT 

TERRAIN 

A S 

AIRSPEED 

TAKEOFF  ALTITUDE  RANGE  - 

0 TO  4000  ft 

TRS 

TRANSITION 

TE 

TWIN  ENGINE 

REC 

RECOVERY 

SE 

SINGLE  ENGINE 

VTO 

VERTICAL  TAKEOFF 
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detail  specification  together  with  secondary  missions 
such  as  ferry  and  training. 

In  any  case  the  procedure  used  in  developing  the 
composite  maneuver  spectrum  is  the  same : 

1.  Develop  a typical  profile  for  each  applicable 
mission. 

2.  List  the  flight  conditions  and  maneuvers  re- 
quired during  completion  of  the  profiled  missions. 

3.  Estimate  the  time  per  condition  or  event. 

4.  Estimate  the  number  of  occurrences  of  each 
condition  and  event  per  mission. 

5.  Accumulate  times  for  each  condition  and/or 
event  and  convert  to  percentage  of  mission  time. 

6.  Estimate  relative  frequency  of  performance  of 
assigned  missions  as  percentage  of  total  time. 

7.  Estimate  relative  frequency  of  performance  of 
assigned  missions  at  specified  altitude  or  range  of  alti- 
tudes as  percentage  of  total  time  at  altitude. 

8.  Accumulate  percentage  of  total  time  at  specified 
altitude  or  range  of  altitudes,  using  percentage  of  total 
time  for  each  type  of  mission  (Item  6)  as  a weighting 
factor. 

9.  Accumulate  percentage  of  total  time  for  each 
occurrence  or  event  at  specified  altitude  or  range  of 
altitudes,  using  percentage  time  at  altitude  for  each 
mission  (Item  7)  as  a weighting  factor. 

10.  Accumulate  composite  percentage  of  total  time 
for  each  occurrence  or  event,  using  percentage  total 
time  at  each  specified  altitude  or  range  of  altitudes 
(Item  8)  as  a weighting  factor. 


4-11.3.2 


Determination  of  Gross  Weight  and 
Rotor  Speed  Distributions 


This  procedure  was  employed  to  develop  the  example 
spectrum  given  by  Tables  4-11,  4-12,  and  4-13.  This 
composite  spectrum  must  be  distributed  further  by  mis- 
sion gross  weight  and  rotor  speed  to  develop  the  fatigue 
loading  spectrum  that  will  be  used  in  fatigue  life  deter- 
minations. 


The  frequency  of  occurrence  distributions  of  mission 
gross  weight  result  from  analysis  of  each  of  the  applica- 
ble mission  profiles  to  determine  takeoff  gross  weight, 
fuel  consumption  rate,  mission  duration,  and  amount 
an'’  rate  of  depletion  of  expendable  payload. 

For  the  example  missions  of  Table  4-10,  this  analysis 
is  presented  in  Fig.  4-85.  This  figure  shows  the  varia- 
tion of  gross  weight  for  each  of  the  eight  missions  in  the 
for  m of  the  cumulative  percentage  of  total  mission  time 
at  or  below  a given  gross  weight.  By  use  of  the  percent- 
age total  time  for  each  mission  as  the  weighting  factor, 
a single,  composite  relationship  of  cumulative  time  at 
or  below  a given  gross  weight  can  be  developed. 

For  the  example  case,  three  gross  weight  ran- 
ges— 7500-8200  lb,  8200-9500  lo,  and  9500-10,500 
lb — were  selected.  From  the  composite  variation  of 
mission  gross  weight  with  time,  the  percentage  total 
time  for  occurrence  of,  or  operation  in,  each  gross 
weight  range  was  determined.  These  percentages  are 
shown  in  Table  4-14.  As  with  the  effect  of  altitude, 
acceptable  alternative  procedures  would  use  either  spe- 
cific values  or  more — and  hence  narrower — ranges  of 
values  of  operating  gross  weight. 

The  final  parameter  to  be  considered  in  the  develop- 
ment of  the  fatigue  loading  spectrum  is  the  rotor  speed. 
The  frequency  of  occurrence  of  rotor  speeds  less  than, 
equal  to,  and  greater  than  the  design  value  must  be 
estimated.  The  anticipated  use  of  the  helicopter,  opera- 
tional experience  with  other  helicopters  with  similar 
mission  assignments,  and  the  characteristics  of  the  ro- 
tor speed  control  system  (engine  governor  and  control) 
must  be  considered  when  making  this  estimate.  In  the 
case  of  the  utility  class  helicopter  being  discussed,  an 
estimate  was  made  for  the  distribution  of  rotor  speeds 
above  and  below  the  design  value  during  level  flight 
conditions.  It  was  assumed  that  maneuvers  would  be 
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Fig.  4-84.  Schematic  Mission  Profile — Personnel  Transport  Mission 
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TABLE  4-12 

FREQUENCY  OF  OCCURRENCE— ALL  MISSIONS 


NOTE:  VNE  FOR  MISSION  D IS  THE  V**  FOR  SLING  LOAD  AND 


NE 


IS  NOT  THE  SAME  VNE  USED  FOR  OTHER  MISSIONS. 


A 

1 8 

TV 

D 

E 

1 F 

TTF" 

UTILIZATION 

31.00 

37.00 

1 14.00 

2.00 

5.00 

2.00 

1.00 

8.00 

MANEUVER 

*9 

TIME 

1.  LOITER  A/S 

23.00 

30.00 

1.00 

0.50 

0.49 

5.44 

0 

0.42 

2.  LEVEL  FLIGHT  0.6  VNE 

2.58 

0.58 

2.00 

1.00 

0.98 

3.71 

0 

1.12 

3.  LEVEL  FLIGHT  0.7  VNE 

0.50 

2.00 

3.50 

2.43 

2.73 

6.67 

8.33 

1.96 

1 

1 

4.  CRUISE  0.8  VNE 

13.72 

7.61 

9.60 

10.43 

7.84 

8.68 

60.00 

11.19 

1 

5.  CRUISE  0.9  VNE 

28.65 

29.70 

36.43 

31.67 

17.15 

5.21 

12.44 

34.13 

1 

) 

6.  HIGH-SPEED  VNE 

7.56 

2.49 

11.38 

2.43 

39.08 

3.33 

7.00 

3.08 

j 

7.  IGE  HOVER 

2.63 

2.10 

8.51 

7.45 

1.73 

4.73 

1.45 

1.40 

1 

8.  OGE  HOVER 

0.20 

0.03 

0.50 

2.48 

0.22 

0.17 

0 

0 

1 

9.  FLAT  PITCH/FLIGHT  IDLE 

2.00 

2.00 

0 

0 

12.26 

2.00 

0 

11.29 

10.  NORMAL  START 

1.67 

1.33 

6.15 

4.76 

1.95 

3^3 

1.11 

5.60 

1 

) 

11.  NORMAL  SHUTDOWN 

0.83 

0.66- 

3.08 

2.38 

0.98 

0.56 

2.81 

1 

1 

12.  IGE  TURNS 

0.08 

0.07 

0.31 

0.71 

0.59 

k 0.06 

1.12 

f 

[ 

13.  IGE  CONTROL  REVERSALS 

0.03 

0.03 

0.08 

0.26 

1 0% 

0.53B 

Jei 

0.20 

1 

14.  IGE  SIDEWARD  FLIGHT 

0 

0 

0.13 

0.40j 

KB* 

yk 

Y 

0.70 

15.  IGE  REARWARD  FLIGHT 

0 

0 

0.08 

ll 

o.ir 

0.14 

16.  VTO  TO  40  It  AND  ACCEL. 

0.17 

0.07 

0.3L 

>i?9 

0 

0.28 

17.  NORMAL  TAKEOFF  AND  ACCEL 

0.25 

0.20 

0.8^ 

>46 

0.17 

0.84 

18.  SLIDE  TAKEOFF  AND  ACCEL. 

0 

0 

AC5 

X 

0.98 

0.04 

0 

0 

19.  TE  SLIDE-ON  LANDING 

0 

0.05 

0 

0 

20.  TE  APPR.AND  LANDING 

0.28 

m 

%.78/ 

3.28 

0.18 

1.87 

21.  SE  APPR.AND  LANDING 

0 ^ 

y 

■Ti 

0 

0.16 

0 

0 

22.  SE  APPR.WITH  TE  REC  IGE 

%. 

'0 

0 

0.40 

0 

0 

i 

23.  TE  CLIMB 

24.  SE  CLIMB 

4.40s 

0 

i.r 

8.21 

0 

3.50 

0 

5.37 

1.79 

3.43 

0 

6.33 

0 

i 

! 

1 

25.  ACCEL.CLIMB  A/S  TO  CRUISE 

1.33 

1.23 

2.86 

1.17 

2.05 

0.28 

2.24 

1 

1 

26.  OGE  TURNS 

1.33 

3.53 

1.03 

3.79 

0.52 

3.44 

0.29 

1.87 

! 

27.  OGE  CONTROL  REVERSALS 

0.03 

0.02 

0.05 

0.21 

0.12 

0.55 

0.01 

0.20 

' 

28.  CYCLIC  PULL-UPS 

0.03 

0.02 

0 

0.07 

0 

0.55 

0.02 

0 

29.  DECEL  TO  DESCENT  A/S 

1.67 

2.33 

1.54 

3.57 

1.47 

2.50 

0.22 

2.80 

30.  TE  DESCENT 

3.50 

5.01 

5.18 

8.37 

3.92 

6.72 

4.44 

8.41 

1 

3’.  SE  DESCENT 

32.  TE  TO  SE  TRANSITION 

0 

0 

0 

0 

0 

2.55 

0 

0 

IN  CLIMB 

33.  TE  TO  SE  TRANSITION 

0 

0 

0 

0 

0 

2.55 

0 

0 

IN  CRUISE 

0 

0 

0 

0 

0 

0.05 

0 

0 

34.  SE  TO  TE  TRANSITION 

0 

0 

0 

0 

0 

0.22 

0 

0 

35.  SLING  LOAD  LIFTOFF 

0 

0 

0 

0.48 

0 

0.66 

0 

0 

36.  SUNG  LOAD  LANDING 

0 

0 

0 

0.48 

0 

0.66 

0 

0 

37.  MIN  PWR.APPR.-PWR.REC  IGE 

0.33 

0.27 

1.23 

2.86 

1.17 

0.67 

0 

0 

38.  FiRE  SUPPRESSION  PUSHOVER 

0.17 

0.27 

0 

0 

0 

1.11 

0 

n 

39.  FIRE  SUPPRESSION  DIVE 

1.17 

1.87 

0 

0 

0 

7.78 

0 

0 

T-.  FIRE  SUPPRESSION  PULL-UP 
41.  FIRE  SUPPRESSION  HIGH"g" 

0.83 

1.33 

0 

0 

0 

5.55 

0 

0 

TURNS 

1.00 

0.80 

0 

0 

0 

2,50 

0 

0 
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TABLE  4*13 

COMPOSITE  MANEUVER  SPECTRUM 


V, , 


SE  = SINGLE  ENGINE 
TE  = TWIN  ENGINE 

DENSITY  ALTITUDE 
<11  X lo-.'i 

0 TO  4 { 4 TO  8 1 8 TO  12 

COMPOSITE 

TIME 

MANEUVER 

40.0 

50.0 

10.0 

1.  LOITER  A S 

IS. 55 

17.76 

17.51 

18.05 

2.  LEVEL  FLIGHT  0.6 

1.53 

2.88 

2.71 

2.32 

3.  LEVEL  FLIGHT  0 .7 

1.94 

1.93 

; 1.78 

1.92 

4.  CRUISE  O.S 

10.68 

6.01 

4.02 

7.68 

5.  CRUISE  0.9  VNE 

29.42 

17.71 

12.23 

21.85 

6.  HIGH-SPEED  V : 

7.24 

23.07 

31.11 

17.54 

7. 

8. 

9. 

10. 
11. 
12. 

13. 

14. 

15. 

16. 

17. 

18. 

19. 

20. 
21. 
22. 

23. 

24. 

25. 

26. 

27. 

28. 

29. 

30. 

31. 

32. 

33. 

34. 

35. 

36. 

37. 

38. 

39. 

40. 

41. 


IGE  HOVER 
OGE  HOVER 

FLAT  PITCH  FLIGHT  IDLE 
NORMAL  START 
NORMAL  SHUTDOWN 
IGE  TURNS 

IGE  CONTROL  REVERSALS 
IGE  SIDEWARD  FLIGHT 
IGE  REARWARD  FLIGHT 
VTO  TO  40  RAND  AC 
NORMAL  TAKEOEF  A 
SLIDE  TAKE&FI1&ND 
TE  SLIDE -omWING 
Ty#ftOACHl$%LAN 
SE%mCH  Af  ' 

SE  M^WITHTfcREC. 
TECLifB^ 

SE 

ACCEL.CLMB'ft/S  TO  CRUISE 
OGE  TURNS 

OGE  CONTROL  REVERSALS 
CYCLIC  PULL-UPS 
DECEL. TO  DESCENT  A/S 
TE  DESCENT 
SE  DESCENT 

TE  TOSE  TRANSITION  IN  CLIMB 
TE  TOSE  TRANSITION  IN  CRUISE 
SE  TOTE  TRANSITION 
SLING  LOAD  LIFTOFF 
SLING  LOAD  LANDING 
MIN.PWR.  APPR.-PWR.  REC.IGE 
FIRE  SUPPRESSION  PUSHOVER 
FIRE  SUPPRESSION  DIVE 
FIRE  SUPPRESSION  PULL-UP 
FIRE  SUPPRESSION  HIGH "g" TURNS 


TOTAL  1 00u« 


•THIS  COLUMN  IS  THE  COMPOSITE  SPECTRUM  TO  BE  USED  IN  LIFE  DETERMINATION. 
THE  VALUES  OF  No.  7 THROUGH  No.  41  ARE  IDENTICAL  TO  T HOSE  LISTED  FOR  0 TO 
4000  R. 
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NOTE:  LETTER  DESIGNATES  MISSION 
(TABLE  4-10)  I 
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Fig.  4-85.  Mission  Gross  Weight  Variation  With  Time 
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TABLE  4-14 

GROSS  WEIGHT,  ALTITUDE,  AND  ROTOR  SPEED  DISTRIBUTIONS 


GROSS  WEIGHT 
RANGE 

7500  TO  8200  lb 
8200  TC  9500  lb 


DENSITY 

ALTITUDE 

RANGE 

0 TO  4000  ft 

4000  TO  8000  ft 


9500  TO  10,500  lb  I 8000  TO  12j0QQft 

performed  with  the  rotor  speed  maintained  at  the  de- 
sign value. 

The  gross  weight,  altitude,  and  rotor  speed  distribu- 
tions are  shown  in  Table  4-14  as  percentages  of  total 
time.  These  values  then  are  applied  to  the  flight  spec- 
trum for  use  in  fatigue  life  calculations. 

Determination  of  the  loads  on  each  fatigue-critical 
component  ultimately  will  be  accomplished  during  the 
flight  load  survey  (AMCP  706-203).  During  prelimi- 
nary design  it  is  necessary  to  use  calculated  loads.  It 


LEVEL  FLIGHT 

■:  AT 

•.•AT 

•••OF 

rpm 

»« 

ALTITUDE 

LOW 

HIGH 

20 

40 

10 

90 

35 

50 

10 

90 

45 

10 

10 

90 

MANEUVERS 
WQ  (MID- 


also  is  appropriate  to  select  a minimum  number  of 
flight  conditions  as  representative  of  the  more  complete 
maneuver  occurrence  tables  required  for  test  purposes. 
Experience  with  helicopters  performing  similar  mis- 
sions is  usually  a sufficient  basis  upon  which  to  select 
maneuver  and  flight  conditions  that  will  be  critical  for 
the  individual  fatigue-critical  components. 

The  fatigue  loading  spectrum  shall  be  prepared  by 
the  contractor  and  approved  by  the  procuring  activity. 
This  spectrum  must  be  developed  carefully.  It  must 


illAl 


ir 


represent  the  proposed  utilization  of  the  helicopter  rea- 
listically with  respect  both  to  frequency  of  performance 
of  the  assigned  missions  and  to  the  maneuvers  and 
flight  conditions  required  during  the  performance  of 
each  of  the  missions. 


1 


4-11.4  FATIGUE  PROPERTIES 

Fatigue  properties  for  use  in  preliminary  design  are 
based  mainly  on  small  specimen  test  results.  Small 
specimen  fatigue  data  are  compiled  into  a constant-life 
fatigue  diagram  (also  known  as  a Goodman  diagram) 
(Fig.  4-86).  This  diagram  presents  mean  results  for 
small  specimens  for  fixed  numbers  of  cycles  of  vibra- 
tory stress  to  failure,  defining  the  permissible  vibratory 
stresses  for  all  applied  steady  stresses  from  zero  to  the 
ultimate  tensile  stress  of  the  material.  Compressive 
steady  stresses  normally  are  not  applicable  to  rotor 
system  design,  and  the  effects  of  compressive  stress 
upon  the  constant-life  diagrams  may  be  ignored. 

I An  S-N  diagram  is  constructed  from  the  constant- 
j life  fatigue  diagram  for  each  steady  stress  under  consid  - 

| eration.  A vertical  line  drawn  at  a given  value  of  steady 
stress  on  the  Goodman  diagram  intersects  each  con- 
j star.t-life  line  at  the  value  of  vibratory  stress  corre- 
spond, ng  to  that  number  of  cycles  (Fig.  4-87).  Cross- 
| plot  ting  in  this  fashion  produces  the  mean  S-N  diagram 
* foi  the  steady-stress  levels  of  interest  for  smooth,  small 
specimens.  Each  point  on  these  curves  represents  a 
combination  of  steady  stress,  vibratory  stress,  and 
number  of  cycles  for  which  50%  of  the  specimens  will 
survive  a d 50%  will  fracture. 

For  design  purposes,  it  is  necessary  to  reduce  the 
vibratory  stress  level  to  eliminate  most  of  the  failures. 
Therefore,  it  is  necessary  to  describe  the  nature  of  the 
scatter  experienced  in  fatigue  testing  of  the  material, 
i.e.,  to  determine  or  select  a type  of  statistical  distribu- 
tion of  the  test  points.  In  many  instances,  a normal 
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distribution  adequately  describes  the  scatter,  some- 
times a log-normal  or  a Weibuli  distribution  is  applica- 
ble. Numerous  tests  of  homogeneous  material  usually 
will  describe  a smooth  curve.  The  acceptable  level  of 
risk  must  be  determined  and  the  mean  curve  reduced 
by  an  amount  that  wi'l  exclude  all  but  the  number  of 
test  points  representing  that  risk.  As  an  example,  it  is 
common  practice  to  use  a normal  distribution  and  to 
compute  the  standard  deviation  < r of  the  failing  vibra- 
tory stress  at  a constant  number  of  cycles  and  steady 
stress.  This  deviation  usually  is  between  10%  and  15% 
of  the  mean  value  of  vibratory  stress  at  failure.  The 
mean  curve  then  is  reduced  by  three  standard  devia- 
tions, which  excludes  all  but  about  one  point  in  800. 
The  limiting  value  of  structural  reliability  is  then 
799/800  or  0.9987  for  a single  component,  which  is  an 
adequate  level  of  risk  for  most  applications.  If  the  low- 
est test  point  remains  below  the  adjusted  curve,  i.e.,  lies 
more  than  three  <r  below  the  mean  curve,  consideration 
must  be  given  to  passing  the  adjusted  curve  through  the 
lowest  test  point.  When  the  data  being  used  are  compo- 
nent test  data,  it  becomes  more  important  that  the 
adjusted  curve  lie  below  the  lowest  test  point. 

A full-size  component  is  more  likely  to  fail  than  a 
small  test  specimen  because  it  has  a larger  volume  of 
stressed  material.  In  essence,  the  full-size  component 
can  be  thought  of  as  a large  number  of  small  specimens 
bunched  together;  the  failure  of  any  one  will  initiate  the 
failure  of  the  entire  component.  Appropriate  factors  for 
reducing  the  S-N  curves  to  account  for  size  effect  can 
be  determined  by  comparing  full-size  and  small  speci- 
men fatigue  test  results,  or  from  statistical  studies  such 
as  Ref.  64. 

The  smoothness  of  the  surface,  the  degree  to  which 
it  may  have  been  work-hardened,  the  presence  of  shot- 
peening,  and  the  amount  of  protection  against  corro- 
sion, erosion,  or  nicks  and  scratches  in  service  all  influ- 
ence the  allowable  vibratory  stress. 
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Fig.  4417.  Typical  S-N  Curve 
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The  working  S-N  curve— which  incorporates  reduc- 
tions for  scatter,  size,  and  surface — probably  will  have 
ordinates  between  25%  and  50%  of  those  of  the  mean 
curve  based  on  small  specimens.  The  complete  S-N 
diagram  (for  any  combination  of  steady  stress,  scatter, 
size,  and  surface)  starts  at  1/4  cycle,  which  defines  a 
failure  in  terms  of  the  application  of  the  component.  As 
an  example,  a statically  loaded  member,  in  an  applica- 
tion in  which  deformation  is  unimportant,  does  not  fail 
until  it  is  fractured.  In  contrast,  a machine  member 
whose  exact  size  and  shape  are  important,  or  which  is 
to  be  loaded  repeatedly,  never  must  be  allowed  to  yield, 
and  the  occurrence  of  an  induced  stress  in  excess  of  the 
elastic  limit  signifies  a failuie.  For  rotor  blade  analysis, 
die  value  of  the  ordinate  at  1/4  cycle  should  not  be 
higher  than  yield  stress  Fly/\.\5  or  ultimate  stress 
F,J  1.50,  whichever  is  less.  The  tangent  at  1/4  cycle 
approaches  the  horizontal  because  the  second  1/4  cycle 
cannot  do  more  fatigue  damage  than  the  first  1/4  cycle 
did.  The  curve  will  be  concave  downward  at  the  left 
end,  and  concave  upward  on  the  right.  The  point  of 
inflection  is  usually  between  102  and  10*  cycles,  and  is 
influenced  by  the  manner  in  which  the  working  curve 
has  been  reduced  from  the  mean  curve.  Beyond  107 
cycles,  the  curve  flattens  so  much  that  for  many  materi- 
als it  can  be  considered  to  have  a constant  ordinate, 
which  is  called  the  “endurance  limit”.  For  those  mate- 
rials whose  S-N  curves  have  a noticeab’e  slope  beyond 
107  cycles,  the  ordinate  at  10*  cycles  can  be  considered 
as  an  endurance  limit  for  preliminary  design  purposes. 

The  curves  for  aluminum  alloys,  for  example,  have 
a gradual  slope  that  continues  past  10*  cycles  (see  Fig. 
4-88)  whereas  those  for  steel  alloys  are  steeper  initially 
but  flatten  at  about  107  cycles.  In  Fig.  4-88  the  S-N 
curves  have  been  made  nondimensional  by  plotting  the 
ratio  of  failure  stress  S to  endurance  limit  stress  E. 

The  significance  of  the  shapes  of  the  S-N  curves  can 
be  seen  in  the  following  example.  If  an  aluminum  part 
is  sized  so  that  the  stresses  produced  by  loads  that 
occur  10*  times  during  its  useful  life  can  be  supported 
without  failure,  then  loads  of  twice  that  magnitude  can 
be  carried  for  2.5  X 10s  cycles.  In  contrast,  a steel  part 
sized  for  loads  that  occur  10*  times  during  its  life  will 
take  loads  of  twice  that  magnitude  only  for  6 X 
I04  cycles;  thus,  if  the  parts  are  sized  so  that  the  most 
frequent  loading  produces  stresses  at  the  endurance 
level,  an  aluminum  part  will  withstand  more  cycles  at 
load  levels  above  its  endurance  iimit  than  will  a steel 
part. 

An  aluminum  part  designed  for  infinite  life  based  on 
the  stress  levels  of  high-speed  level  flight  in  a medium- 
sized utility  helicopter  will  absorb  the  damaging  loads 
caused  by  maneuvers  and  still  have  a useful  component 
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Fig.  4*88.  S-N  Curve  Shapes  for  Steel  and 
Aluminum 


life  (at  least  1000  hr).  For  a similar  part  in  steel,  how- 
ever, the  same  loads  must  be  multiplied  by  a factor  of 
the  order  of  1.4  to  compensate  for  the  more  rapid  ac- 
cumulation of  fatigue  damage  in  steel  at  stress  levels 
above  endurance.  Comparable  factors  may  be  used  to 
adjust  for  a flight  spectrum  in  which  a larger  propor- 
tion of  the  time  is  spent  in  maneuvers,  as  for  an  attack 
helicopter.  The  magnitude  of  these  factors  can  be  found 
by  a statistical  analysis  of  flight  load  data  for  previous 
designs.  Mission  profile  and  fatigue  analysis  are  dis- 
cussed in  par.  4-4.1.2  and  par.  4-11.3. 

The  fatigue  properties,  including  endurance  limit, 
for  critical  helicopter  components  ultimately  must  be 
determined  by  test  either  of  actual  components  or  of 
appropriate  material  specimens.  Component  fatigue 
testing  is  discussed  in  Chapter  7,  AMCP  706-203.  The 
S-N  curves  derived  from  actual  component  test  data 
shall  be  reduced  for  scatter  using  a minimum  of  three 
standard  deviations.  If  sufficient  specimens  are  not 
tested  to  failure  at  the  same  vibratory  stress  level  to 
permit  definition  of  a standard  deviation,  the  test  curve 
shall  be  reduced  by  a minimum  of  25%  to  obtain  a 
working  curve  to  be  used  in  fatigue  life  determination. 
Analytical  substantiation  of  infinite  life,  based  upon 
small  specimen  endurance  limit  data,  is  discussed  in 
par.  4-11.8. 


4-11.5  FATIGUE  LIFE 

An  engineering  approach  to  fatigue  life  prediction  is 
the  “cumulative  damage  hypothesis”  or  Miner’s  Rule 
(Ref.  65).  It  is  explained  by  reference  to  Fig.  4-89. 
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Fig.  4-89.  Example  S-N  Curve 


The  theory  is  that  component  failure  will  occur  when 
i V,  cycles  of  a constant  alternating  stress  equal  to  5, 
have  been  applied.  If  the  qart  in  question  is  exposed  to 
alternating  stresses  of  unequal  magnitude,  the  fatigue 
damage  at  each  different  stress  level  is  dependent  upon 
the  number  of  cycles  of  stress  applied  versus  the  capa- 
bility of  the  part  at  that  stress  level.  He  ire.  if  ft,  <"  yeles 
of  stress  equal  to  5,  are  applied,  the  fatigue  damage  is 
equal  to  rt,/N,.  Lik.*wise:  if  ft,  cycles  of  stress  equal  to 
S,  are  applied,  the  fatigue  damage  is  equal  to  ft/ A,. 
Part  failure  is  anticipated  vd.cn  the  summation  of 
ft,/N,  + n7/Nl  4-  nl/Nl  4-  . . equals  unity.  Hence, 
Miner’s  hypothesis  states  that  fatigue  failures  occur 
when 


stress  once  per  flight.  Additional  stress  cycles,  due  to 
accelerating  and  decelerating  a complex  dynamic  sys- 
tem, are  predicted  best  on  the  basis  of  stress  surveys  of 
similar  helicopters. 

For  the  example  shown,  a simplified,  schematic 
stress  history  of  rotor  start  and  stop  also  is  shown  (see 
Fig.  4-90).  The  portions  of  the  stress  history  are  broken 
down  into  cycles  (a,  b,  c,  and  d)  of  various  steady  and 
vibratory  stress  levels.  Not  all  of  the  loading  conditions 
shown  will  apply  to  all  components. 

Cycle  (a)  is  due  to  the  response  of  the  blades  to  the 
starting  impulse,  Cycle  (b)  represents  running  through 
a resonant  frequency,  Cycle  (c)  is  the  basic  application 
and  removal  of  steady  flight  stress,  and  Cycle  (d)  repre- 
sents the  blades  hitting  the  damper  stops.  These  stress 
cycles  are  shown  in  Table  4-15  under  the  heading 
“Starting  and  Stopping".  For  this  portion  of  the  table, 
the  lower  steady  stress  level  requires  the  use  of  a differ- 
ent S-N  curve  than  is  applicable  for  the  normal  rotor 
speed  portion  of  the  loading  spectrum. 

The  abscissa  of  the  S-N  curve  for  each  stress  is  taken 
from  the  appropriate  S-N  diagram  and  entered  under 
“allowable  cycles”.  1 he  ratio  of  elapsed  cycles  to  allow- 
able cycles  is  the  “damage",  or  fraction  of  fatigue  life 
used  up.  In  this  example  only  Cycle  (c)  results  in  any 
fatigue  damage.  The  conditions  tabulated  are  for  100  hr 
of  typical  operation.  The  calculated  fatigue  life  is  ob- 
tained from  the  following  proportion,  in  which  the 
fatigue  life  is  the  length  of  hours  for  which  damage  = 
1.00: 


(4-74) 


calculated  fatigue  life  (hours) 
100  hr 


1 .00  damage 
damage  in  100  hr 


(4-75) 


where 

N,  = number  of  cycles  of  operation 
at  a specified  stress  level 
Mt  = abscissa  of  the  working  S-N 
curve  at  the  specified  stress 
level 

The  way  in  which  the  calculation  customarily  is  or- 
ganized is  shown  in  a more  realistic  example.  The  oper- 
ating conditions  are  listed  in  Table  4-15.  For  each  con- 
dition, the  steady  and  vibratory  stresses  at  a critical 
location  on  the  blade  spar  are  given,  along  with  the 
number  of  elapsed  cycles  of  loading  at  these  stresses  per 
100  hr  of  operation  of  the  helicopter. 

The  effect  of  repeatedly  starting  and  stopping  the 
rotor  is  to  add  a small  number  of  cycles  of  relatively 
high  stresses,  which  have  been  found  to  result  in  fatigue 
damage  to  some  components.  The  most  obvious  stress 
cycle  is  due  to  applying  and  removing  steady  flight 


An  example  calculation  is  showr.  in  Table  4-15. 

Two  important  points  pan  be  noted  from  the  exam- 
ple. First,  the  conditions  that  will  occur  for  large 
amounts  of  time  must  produce  stresses  below  the  en- 
durance limit.  Examples  of  this  are  cruise  and  steady 
hover  for  this  mission.  Second,  the  life  calculation  is 
dominated  by  the  high-load-factor  cot.umon,  which  ac- 
counts for  roughly  40%  of  the  fatigue  damage.  To 
improve  fatigue  life,  it  is  necessary  to  reduce  the  load 
factor,  reduce  the  stresses  associated  with  the  load  fac- 
tor, or  reduce  the  number  of  cycles  at  this  condition. 
Because  the  design  load  factor  and  the  amount  of  time 
(number  of  cycles)  at  that  condition  are  determined  by 
the  assigned  missions  and  their  frequency  of  perform- 
ance, apparently  the  only  approach  available  to  the 
designer  is  the  reduction  of  the  vibratory  stress  level, 
which  requires  a redesign.  However,  prior  to  undertak- 
ing to  redesign  either  the  system  or  the  component,  it 
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TABLE  4-15 

FATIGUE  LIFE  CALCULATION 


OPERATING  CONOITION 

STEADY 

VIBRATORY 

ELAPSED 

ELAPSED 

ALLOWABLE 

DAMAGE, 

( 200  rpm  EXCEPT 

STRESS, 

STRESS, 

TIME, 

CYCLES. 

CYCLES. 

N> 
/ M 

AS  NOTED) 

Ksi 

± Ksi 

hr 

N 

M 

STARTING  AND  STOPPING: 

(at  INITIAL  ACCEL. 

0 

5.0 

— 

8x10' 

— 

(bl  RUNUP 

10 

5.0 

— 

16x10' 

•V 

— 

(Cl  STEADY  FLT.  STRESS 

10 

10.0 



8x10' 

1.0x10’ 

0.000008 

(dl  STOPPING 

0 

5.0 

— 

8x10' 

— 

WARMUP  AND  TAKEOFF 

10 

7.5 

2.50 

3x10" 

— 

HOVER-STEADY 

20 

5.8 

21.40 

2.6x10s 

X 

— 

HOVER- TURNS  AND 

20 

8.0 

4.60 

4.5x10" 

1,8x10" 

0.000250 

REVERSALS 

CRUISE 

20 

7.5 

64.30 

7.7x10s 

V 



MANEUVERS  AND  GUSTS: 
L.F.=  1.13 

20 

7.6 

5.00 

0.0x10" 

N 

. 

1 *38 

20 

8.0 

1.25 

1.5x10" 

1,8x10® 

0.009080 

1.88 

20 

UI.O 

0.42 

5.0x10® 

4.0x10® 

0.001100 

2.13 

20 

12.2 

0.25 

3.0x10® 

b. 0x10s 

0.006000 

2.50 

20 

13.3 

0.16 

1.9x10® 

2.3x10s 

0.008300 

2.75 

20 

14.5 

0.10 

1.2x10-’ 

1.2x10s 

C.OIOOOO 

FLARE.  220 ipm 

24 

9.0 

0.02 

26x10® 

5.0x10® 

0.000050 

TOTAL  DAMAGE  IN  100  hr  = 
CALCULATED  FATIGUE  LIFE 

0.025788 

_10(L-- 
~-'im)258  - 

3880  hr 

0.025788 

) 


usually  is  appropriate  to  re-examine  the  measuvd 
flight  load  data.  The  data  included  in  Table  4- 15  are 


reduced  from  the  flight  data  with  the  assumption  that 
the  maximum  values  of  steady  and  oscillatory  load 
occur  throughout  the  entire  maneuver,  for  the  number 
of  cycles  actually  recorded  during  the  maneuver 
(Chapter  8,  AMCP  706-203).  This  method  of  data  re- 
duction is  preferred  because  it  is  known  to  be  conserva- 
tive. By  reanalyzing  the  flight  data  to  reflect  more  accu- 
rately the  actual  number  of  cycles  at  each  level  of 
damaging  stress,  a new  fatigue  life  can  be  calculated.  If 
this  less  conservative  fatigue  life  also  is  unacceptably 
low,  the  part  must  be  redesigned  or  flight  restrictions 
imposed  to  preclude  operations  that  will  result  in  early 
fatigue  failure. 
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Fig.  4-90.  Gronad-air-ground  Cycles 


4-1 1.6  SERVICE  LIFE  CALCULATION 

Service  life,  or  retirement  time,  for  fatigue-critical 
components  for  which  a finite  fatigue  life  is  calculated 
often  is  specified  as  a period  less  than  the  calculated  life 
in  order  to  reduce  further  the  probability  of  failure  in 
service.  For  example,  for  those  components  for  which 
the  calculated  fatigue  life  is  4000  hr  or  less,  the  service 
life  may  be  taken  as  75%  of  the  calculated  life,  wh'le 
for  calculated  lives  greater  than  4000  hr,  the  service  life 
may  be  taken  as  2000  hr  plus  37.5%  of  the  calculated 
life.  The  service  life  for  each  fatigue  critical  component 
shall  be  approved  by  the  procuring  activity,  based 
upon  the  fatigue  life  determined  by  the  contractor. 
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4-11.7  SPECTRUM  TESTING 


The  fatigue  life  determinations  discussed  in  par.  4- 
11.5  rely  upon  the  linear  cumulative  damage  hypothe- 
sis and  upon  the  development  of  S-N  curves  applicable 
to  the  individual  component.  These  S-N  curves  are 
developed  by  subjecting  samples,  whether  simple 
material  specimens  or  actual  structural  components,  to 
appropriate  combinations  of  steady  and  alternating 
stresses.  The  steady  stress  must  be  essentially  the  same 
for  all  test  points  defining  a given  S-N  curve  and  the 
alternating  stress  is  a constant  amplitude,  or  value,  for 
each  sample  tested. 

An  alternate  type  of  fatigue  test  applies  varying  am- 
plitudes of  alterna  ting  stress,  combined  with  the  appro- 
priate steady  stress  level.  This  spectrum  testing  at- 
tempts to  reproduce  the  loadings  to  which  the 
component  will  be  subjected  in  service.  Fatigue  life 
determination  then  is  based  upon  the  number  of  times 
the  specimen  withstands  the  repetition  of  the  complete 
load  spectrum  prior  to  failure. 

Two  different  types  of  loading  spectra  are  possible. 
The  block  loading  spectrum  consists  of  grouping  sepa- 
rately the  loadings  representative  of  a large  number  of 
flights.  This  type  of  testing  would  be  most  appropriate 
to  components  subjected  to  relatively  simple  loading 
(amplitude  of  alternating  stress  not  greatly  dependent 
upon  severity  of  maneuver)  but  with  a large  variation 
in  steady  stress  level.  For  example,  this  type  of  testing 
was  applied  to  the  tension-torsion  wire  pack  for  the 
AH-56A.  The  unit  block  represented  approximately 
5%  of  the  anticipated  life  of  the  unit.  The  spectrum 
consisted  of  repetition  of  *hc  alternating  loadings  en- 
countered at  normal  rotor  speed  when  the  steady  stress 
(due  primarily  to  centrifugal  force)  was  at  its  highest 
level.  The  number  of  cycles  of  start-stop  loading  corre- 
sponding to  the  same  period  of  time,  or  number  of 
flights,  then  were  grouped  together  at  the  end  of  the 
block. 

The  flight-by-flight  spectrum  consists  of  the  varia- 
tions of  both  steady  and  alternating  stresses  representa- 
tive of  operational  experience.  Higher  loads  encoun- 
tered less  frequently  than  once  per  flight  are  introduced 
periodically  in  order  to  include  their  effects  in  terms  of 
both  amplitude  and  frequency.  The  flight-by-flight 
spectrum  is  applicable  to  those  components  whose 
loadings  and/or  load  paths  are  complex.  This  type  of 
loading  produces  at  various  points  in  the  specimen  the 
full  range  of  amplitudes  and  combinations  of  bending 
and  torsional  stresses  that  represent  the  operational 
environment.  Components  such  as  rotor  blade  reten- 
tions may  be  tested  in  this  manner. 
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comparable  directly  to  the  flight  load  survey  spectrum, 


the  fatigue  life  determination  is  made  by  linear  cumula- 
tive damage  calculations  (Ref.  66).  The  number  of  test 
cycles  applied  first  is  reduced  by  the  applicable  test  life 
reduction  factor.  An  S-N  curve  then  is  developed  for 
the  component  by  determining  the  value  of  stress  con- 
centration factor,  or  notch  factor  KT , which,  when  ap- 
plied to  the  small  specimen  S-N  curve  for  the  compo- 
nent material,  will  predict  exactly  the  reduced  life  using 
cumulative  damage  calculations.  This  curve  then  is 
used  in  conjunction  with  the  loading  spectrum  defined 
by  the  flight  load  survey  to  determine  the  fatigue  life  of 
the  component.  This  determination  would  use  the 
method  described  in  par.  4-11.5. 

If,  at  a later  date,  the  fatigue  load  spectrum  for  a 
component  changes — as  a result  either  of  altered  mis- 
sion profile  or  frequency  of  occurrence,  or  of  helicopter 
weight  growth  or  flight  envelope  change — the  effect 
upon  fatigue  life  must  be  determined.  When  the  compo- 
nent S-N  curve  has  been  determined  by  test,  the  fatigue 
life  for  the  new  spectrum  can  be  determined  readily  by 
the  method  described  in  par.  4-11.5.  If  the  component 
was  subjected  originally  to  spectrum  tests,  the  new 
fatigue  life  determination  requires  either  new  tests  with 
an  amended  spectrum  or  the  derivation  of  an  applicable 
S-N  curve  by  the  means  described  by  Ref.  66.  Experi- 
ence with  derived  S-N  curves  is  limited  and  the  reliabil- 
ity of  fatigue  life  determination  based  upon  them  is  not 


If  the  test  loading  spectra  are  based  upon  flight  test  > 
data  for  the  helicopter,  with  loading  frequencies  based 
upon  the  proposed  utilization,  spectrum  testing  can 
approach  a laboratory  reproduction  of  operational  ex- 
perience. Successful  completion  of  a given  number  of 
blocks  or  flights  prior  to  failure  then  would  be  directly 
representative  of  component  fatigue  life.  However,  ap- 
plication of  an  appropriate  life  reduction  factor  to  ac- 
count for  scatter  is  required.  Adequate  methods  for 
determination  of  this  factor  are  not  available  in  the 
literature.  Therefore,  the  factor  and  the  component 
fatigue  life  must  be  determined  and  substantiated  case 
by  case. 

When  the  test  loading  spectra  are  prepared  from 
calculated  loads,  the  determination  of  fatigue  life 
becomes  more  difficult.  If,  when  fright  test  data  become 
available,  the  test  spectrum  is  found  to  be  generally 
similar  to  that  based  upon  flight  test  data,  a modifica- 
tion of  the  life  reduction  factor  must  be  established  to 
permit  determination  of  component  life  with  statistical 
reliability  comparable  to  that  for  a spectrum  based 
upon  a flight  load  survey.  However,  if  the  test  spectrum 
is  not  comparable  directly  to  that  based  upon  flight  test 
data,  further  analysis  of  the  data  is  required. 

Fo  the  case  where  the  applied  load  spectrum  is  not 


liaaaHMMtaiilMaua 


" 


' i 'i''v*  :yvn  ^r  u**- 


AMCP  706-201 


widely  accepted.  For  this  reason  spectrum  testing  of 
| V.__.  fatigue-critical  components  shall  not  be  used  without 
prior  approval  of  the  procuring  activity. 


4-1 1.8  INFINITE  FATIGUE  LIFE 

The  fatigue  life  of  a component  is  infinite  if  all  alter- 
nating stresses  are  below  the  endurance  limit.  For  com- 
ponents such  as  control  system  parts  for  which  stiffness 
is  a primary  design  criterion,  infinite  life  may  be 
achieved  without  compromise.  Infinite  life  may  be 
demonstrated  without  test  in  certain  cases. 

The  Goodman  diagram  can  be  used  to  demonstrate 
infinite  life.  Fig.  4-86  includes  an  endurance  limit  dia- 
gram in  the  form  of  the  JOMO8  cycle  line.  This  diagram 
was  prepared  from  small  sample  data  and,  therefore, 
represents  the  mean  endurance  level  for  the  given 
material.  By  application  of  a factor  for  data  scatter,  an 
ideal  endurance  level  diagram  can  be  obtained.  Reduc- 
tion of  this  limit  by  a stress  concentration  factor  KT 
appropriate  for  the  configuration  of  the  component  and 
the  imposed  loads  results  in  an  endurance  level  appro- 
priate for  the  component  under  evaluation,  considering 
design  configuration,  and  manufacturing  processes,  in- 
cluding surface  treatment  (Fig.  4-91).  Reduction  of  the 
resulting  component  endurance  limit  by  67%  provides 
a working  curve  acceptable  for  fatigue  life  calculation. 

If  the  maximum  measured  fatigue  stress  falls  below 
this  operating  curve  (Point  A),  infinite  life  is  demon- 
strated, and  fatigue  testing  is  not  required.  When  the 
maximum  measured  fatigue  stress  lies  above  the  oper- 
ating curve  (Point  B),  the  part  shall  be  subjected  to 
fatigue  testing.  If  the  S-N  curve  developed  as  a result 
of  this  testing  demonstrates  an  endurance  limit  that  is 


Nc  STRESS  CONCENTRATION  CORRECTION 
.ENDURANCE  LIMIT  FOR  MATERIAL 


STEADY  STRESS  I US' 


Fig.  4-91.  Analytical  Demonstration  of  Infinite 
Fatigue  Life 


higher  than  the  maximum  measured  vibratory  stress, 
infinite  life  shall  have  been  demonstrated. 


4-12  LIST  OF  SYMBOLS 

A — cross-sectional  area,  in.’ 

AE  - absorbed  energy,  ft-lb 
a = linear  acceleration,  ft/sec2 
= panel  length,  in. 

Oq  = rotor  coning  angle,  rad  or  deg 
B = rotor  blade  tip  loss  factor, 
dimensionless 
b — number  of  blades 
= panel  width,  in. 

C = rotational  damping  constant, 
lb-sec-in./rad 

CD  — drag  coefficient,  dimensionless 
CL  = lift  coefficient,  dimensionless 
CL  = mean  blade  lift  coefficient, 
dimensionless 

C \ — maximum  mean  rotor  lift 

coefficient,  dimensionless 
Cu  = trim  one  g mean  rotor  lift 
coefficient,  dimensionless 
CT  = rotor  thrust  coefficient, 
dimensionless 

c = blade  section  chord,  ft 
= damping  constant,  lb-sec/in. 
c,  = blade  chord  (effective),  ft 
D — drag  force,  lb 

= dissipative  energy,  ft-lb 
E = endurance  limit,  psi 

= Young’s  modulus  of  elasticity, 
psi 

F = force,  lb 

— horizontal  wind  load,  lb 
Fc  — compressive  stress  critical  for 
buckling,  psi 

' Ff,  = resultant  f^ee,  lb 

force  components  along 
coordinate  axes,  lb 
ultimate  stress,  psi 
yield  stress,  psi 
stress  level,  psi 
acceleration  due  to  gravity, 

32.2  ft/sec2  or  386.4  in./sec2 
H = side  force,  lb 
h = altitude,  ft 
/ = mass  moment  of  inertia, 
lb-in. -sec2  or  slug-ft2 
= pitching  moment  of  inertia, 
lb-in. -sec2  or  slug-ft2 
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= polar  mass  moment  of  inertia 
of  rotor,  slug-ft3 

= single  rotor /drive  system  mass 
moment  of  inert  ia,  slug-ft1 
= total  rotor/drive  system  mass 
moment  of  inertia.  slug-ft3 
= empirical  factor,  dimensionless 
= energy  absorber  efficiency, 
dimensionless 

= rotational  spring  constant, 
lb-in./rad  or  lb-ft/rad 
= constant,  dimensionless 
= stress  concentration  factor 
(notch),  dimensionless 
= kinetic  energy,  ft-lb 
= spring  constant,  lb/in. 

= lift,  lb 

= rotor  lift  ratio,  dimensionless 
= moment,  Ib-ft  or  lb-in. 

= abscissa  of  S-N  curve 
= inplane  moment,  lb-ft 
= drive  torque,  lb-ft 
= pitching  moment,  lb-in. 

= margin  of  safety,  dimensionless 
= mass,  general,  lb-sec2/in.  or 
lb-secVft 

= allowable  number  of  cycles 
from  S-N  data 

= rotor  speed  or  engine  output 
speed,  rpm 

= number  of  blades  in  the  rotor 
= flight  rotor  speed,  rpm 
= number  of  cycles  of  operation 
= ground  idle  rotor  speed,  rpm 
= exponent,  dimensionless 
= load  factor,  dimensionless 
= number  of  cycles  applied  at  a 
specific  stress  level  in  a loading 
spectrum 

--  drop  test  load  factor, 
dimensionless 
= lateral  load  factor, 
dimensionless 
= applied  load,  lb 
= power,  hp 
= cubic  mean  load,  hp 
= forces  applied  at  station  A lb 
= potential  energy,  ft-lb 
— torque,  lb-ft  or  lb-tn. 

= average  torque  acting  on  the 
rotor/drive  system,  lb-ft 
= generalized  displacement, 
dimensionless 


Quid  = torque  of  single  rotor/drive 
system,  lb-ft 

Qt  — generalized  forces,  lb 
QCP  — ratio  of  aerodynamic  rotor 

torque  at  minimum  collective 
pitch  and  100%  rotor  speed  to 
T,  dimensionless 

QCP i i/d  — QCP  of  single  rotor/drive 
system,  dimensionless 
q — shear  flow,  lb/in. 
q„  = blade  displacement,  in. 
q,  = coordinates,  or  degrees  of 
freedom,  defining  system 
motion,  in.  or  ft 
R = rotor  radius,  ft 

= curved  panel  radius,  in. 

= reaction  force,  lb 
R,  = generalized  displacement,  in:1 
r = distance  from  elemental  mass 
to  center  of  rotation,  ft 
rr  = radius  of  curvature  of  spar,  in. 
S — wing  area  (planform).  ft1 
= failure  stress,  psi 

1 5}  = selection  matrix  for  incremental 
weight,  dimensionless 
Sjf,  etc.  = shear  load  at  monitoring 
station,  lb 
sta  — station 
T = kinetic  energy,  ft-lb 
= rotor  thrust,  lb 

Ta  = ambient  temperature,  *R  or  *F 
T = total  engine  torque  at 

maximum  rated  power,  lb-ft 
T,  = tail  rotor  thrust,  lb 
t = thickness,  in. 

= time,  sec 

t<  = ratio  of  time  at  load  spectrum 
condition  i to  total  load 
spectrum  time,  dimensionless 
A / = engine  acceleration  time,  sec 
tr  = blade  loading  coefficient, 
dimensionless 
U - gust  speed,  fps 
U&  = design  limit  gust  velocity,  fps 
EAS 

Up  = inflow  velocity,  fps 
UT  = tangential  velocity,  fps 
V = forward  flight  speed,  kt  or  fps 
= potential  energy,  ft-lb 
= shear,  lb 
= wind  speed,  fps 
VPL  — design  limit  flight  speed,  kt 
Vfc  = autorotational  dive  speed,  kt 
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VH  — design  maximum  level  flight 
speed  in  forward,  rearward,  or 
sideward  flight,  kt 
V/HE  = operating  limit  flight  speed 
(“never-exceed”  speed),  kt 
yV,  miH  — flight  speed  for  minimum  rate 
of  descent  in  autorotation,  kt 
V„  — cruise  speed  (highest  forward 
flight  speed  at  which  specific 
range  is  99%  of  maximum),  kt 
Vucm*  — flight  speed  for  maximum  rate 
of  climb,  kt 

Vr  = equivalent  flight  speed,  kt 
= derived  gust  velocity,  fps 
V,.t  = endurance  speed  (flight  speed  at 
which  fuel  consumption  rate  in 
level  forward  flight  is  minimum, 
kt 

= maximum  velocity,  kt 
Vt  = descent  velocity,  fps 
W — weight,  lb 

— chordal  width  of  spar,  in. 

\ty  = matrix  of  empty  weight, 
lb 

j WT\  — weight  data,  in  matrix  form 
WCON\  = matrix  describing  the  incre- 
mental weight  for  specific  con- 
figuration, lb 
Wt  =:  gross  weight,  lb 
h>  = weight  of  an  element,  lb 
X — arm  of  rotor  thrust  vector 
about  CG 

x = coordinate  in  longitudinal 
direction,  in. 

x — location  of  helicopter  CG,  in. 

X = distance  from  any  element  to 
the  aircraft  CG,  ft 
x = velocity,  general,  in./sec 
x - acceleration,  general,  in. /sec2 

Y = coordinate  in  transverse 

direction,  in. 

Y =s  location  of  helicopter  CG,  in. 

z = coordinate  in  vertical  direction, 

in. 

z = location  of  helicopter  CG,  in. 
a = angular  acceleration,  rad/sec2 
= ancle  of  attack,  rad 
a*  = rotor  angle  of  attack,  rad 
a,  = induced  angle  of  attack,  rad 
0 = blade  flapping  angle,  rad 
0g  — coning  angle,  rad 
y — dynamic  response  factor  for 
given  excitation,  dimensionless 


Subscnpts 


A — increment 

6 = required  deflection  during  a 
limit  landing,  ft 
6 = pitch  angle,  rad  or  deg 
= blade  pitch  angle,  rad 
= pitch  angle  of  helciopter  body 
axis,  deg 

= ratio  otaosolute  temperatures, 
r.,/519,  dimensionless 
6 — rotational  velocity,  rad/sec 
6 — rotational  or  angular 
acceleration,  rad/sec2 
X = normalized  mode  shape 
ordinate,  dimensionless 
= inflow  ratio,  dimensionless 
fi  = advance  ratio,  dimensionless 
p = air  density,  slug/ft3  or 
lb-sec2/in.4 

o-  = rotor  solidity,  bc/inR), 
dimensionless 

<j>  = roll,  or  bank,  displacement,  deg 
or  rad 

= blade  mode  shape  variable,  in. 
X,  =*  absolute  position  vectors  of  the 
points  i.  in.  or  ft 
= blade  azimuth  angle,  deg 
ft  = rotor  speed,  rad/sec 
ilm/„  = minimum  rotor  speed  at  which 
rotor  thrust  = helicopter 
weight,  rad/sec 

ft/?  = rotor  tip  speed,  rad/sec 
to  = response  frequency,  rad/sec 
= vibrating  frequency,  rad/sec 
to  v = natural  frequency,  rad/sec 

A = aerodynamic 
= autorotation 

a = maximum  alternate  design 
condition 

h = basic  structural  design 
condition 
ave  = average 
cr  = critical 
E — engine 
ext  = external 
GI  — ground  idle 
gr  = ground 
i = station 
- integer 
int  = internal 
i.j  - axes  of  interest 
lim  = limit 
max  = maximum 
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min  = minimum 

N — value  at  maximum  load  factor, 

*w 

o — initial  condition 
P - peak 
R/D  = rotor  drive 
ST  = static  deflection 
STD  = standard  conditions 
s = side 
sta  = station 
t ~ trim  condition 
ult  — ultimate 
x,y,z  — coordinate  axes 
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CHAPTER  5 


DYNAMICS 


5-1  INTRODUCTION 

The  dynamic  characteristics  of  rotary-wing  aircraft 
are  unique  in  the  field  of  aviation.  Dynamic  considera- 
tions in  helicopters  involve  blade  design,  control  sys- 
tems, and  pilot  and  passenger  comfort,  and  directly 
affect  service  life  and  maintenance  of  the  aircraft.  Satis- 
factory dynamic  analysis  and  design  will  mean  a 
smooth,  dependable  aircraft.  Inadequate  dyna  .ric  anal- 
ysis may  result  in  a catasti  phic  failure  in  a develop- 
ment program,  or  in  a helicopter  that  must  enter  serv- 
ice with  a restricted  flight  envelope. 

Consideration  of  dynamics  in  this  chapter  includes 
the  related  areas  of  vibration,  nature  of  exciting  forces, 
response,  resonant  systems,  and  self-excited  vibrations 
or  instabilities. 

Vibrations  of  mechanical  systems  fall  into  three 
categories: 

1.  Forced 

2.  Free 

3.  Self-excited. 

In  the  case  of  forced  vibrations  the  dynamic  system 
will  continue  to  oscillate  as  long  as  an  external  alternat- 
ing force  is  applied.  When  the  forev.  is  removed,  the 
amplitude  of  the  vibi  ttion  will  decay  at  a rate  that  is 
dependent  upon  the  damping  or  rate  of  energy  dissipa- 
tion in  the  system.  If  the  frequency  of  the  exciting  force 
approaches  the  same  value  as  a natural  frequency  of  the 
dynamic  mechanical  system,  the  amplitude  of  the  mo- 
tion of  the  mechanical  system  will  become  large  and 
will  be  limited  by  the  damping  within  the  system.  Such 
a condition  is  known  as  resonance. 

A free  vibration  is  one  in  which  a dynamic  mechani- 
cal system  is  displaced  from  its  rest  or  equilibrium 
position  and  is  released;  then  the  system  proceeds  to 
oscillate  with  an  amplitude  that  also  decreases  at  a rate 
that  is  dependent  upon  the  amount  of  damping  present. 

A self-excited  vibration  of  a mechanical  system  more 
properly  is  termed  an  instability.  Instability  in  a dy- 
namic system  is  characterized  by  growth  of  the  ampli- 
tude of  a vibration  with  time,  even  in  the  absence  of  any 
external  exciting  force.  The  rate  of  increase  of  the  oscil- 


lation is  dependent  directly  upon  the  detailed  charac- 
teristics of  the  mechanical  system.  Such  instabilities 
may  lead  to  large  amplitudes  of  motion  and  failure  of 
the  machine  part.  In  some  cases,  the  rate  of  amplitude 
increase  may  be  so  great  as  to  be  categorized  as  “explo- 
sive”. On  the  other  hand,  some  instabilities  may  have 
slow  growth  rates  and  can  be  controlled.  Some  may 
reach  a definite  amplitude  and  grow  no  further;  these 
are  “limit  cycle”  instabilities.  In  some  cases,  addition 
of  external  damping  may  be  sufficient  to  prevent  the 
occurrence  of  the  instability  or  to  limit  its  amplitude. 

For  helicopters,  the  most  prevalent  vibrations  fall 
into  the  free  and  forced  vibration  categories.  Typically, 
most  rotor  blade  bending  and  transmission  shaft  vibra- 
tions are  of  the  forced  vibration  category.  The  bouncing 
of  a blade  on  the  droop  stops  would  be  typical  of  a free 
vibration.  Ground  resonance — a coupled  oscillation 
between  rotor  blade  lag  motion  and  fuselage  motion 
while  on  the  ground — is  an  example  of  an  instability 
and  one  that  can  be  explosive. 

Flutter  is  the  self-excited,  undamped,  simple  har- 
monic vibration  of  an  aerodynamic  surface  and  its  asso- 
ciated structure  in  one  or  more  of  its  natural  modes.  It 
is  caused  by  the  combining  of  aerodynamic,  inertial, 
and  elastic  effects  in  such  a manner  as  to  extract  energy 
from  the  airstream.  At  the  critical  flutter  speed,  the 
amplitude  of  oscillation  following  an  initial  disturbance 
will  be  maintained.  At  a higher  speed,  the  amplitude 
will  increase. 

Divergence  is  the  static  instability  of  an  aerodynamic 
surface  which  occur  when  the  torsional  rigidity  of  the 
structure  is  exceeded  by  aerodynamic  twisting  mo- 
ments. If  the  elastic  axis  of  a wing  is  aft  of  the  aerody- 
namic center,  the  torsional  moment  about  the  elastic 
axis  due  to  the  lift  at  the  aerodynamic  center  tends  to 
increase  the  angle  of  attack;  this  further  increases  the 
lift  and,  therefore,  the  torsional  moment.  For  speeds 
below  some  critical  speed  (the  divergence  speed),  the 
additional  increments  of  twist  and  moment  become 
smaller  so  that  at  each  speed  below  the  divergence 
speed  an  equilibrium  position  finally  is  attained  (i.e.. 
the  process  of  moment  increasing  angle  and  thereby 
increasing  moment,  etc.,  is  convergent).  Above  this 
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critical  speed  the  process  is  divergent  Because  the  lift 
force  on  a rotor  blade  section  is  opposed  largely  by  a 
component  of  the  centrifugal  force,  the  chordwise  sepa- 
ration between  the  aerodynamic  center  and  the  center 
of  gravity  has  a significant  effect  on  torsional  diver- 
gence. 

The  various  types  of  vibration  phenomena  arc  pre- 
sented in  greater  detail  in  subsequent  paragraphs  of  this 
chapter. 

The  primary  reason  for  the  emphasis  on  dynamics 
lies  in  the  nature  of  main  rotor  and  drive  system  opera- 
tion and  the  importance  of  these  systems  to  the  whole 
machine.  Both  of  these  systems  can  provide  vibratory 
force  or  motion  inputs  into  the  airframe.  The  airframe 
in  turn  can  respond  to  these  inputs  in  a variety  of  ways. 
For  instance,  if  the  frequency  of  the  vibratory  force  is 
close  to  the  natural  frequencies  of  the  fuselage,  reso- 
nance may  occur  with  resultant  unpleasant  vibration 
levels  in  the  cabin.  It  also  is  possible  that  coupling 
between  the  rotor  and  the  fuselage  may  exist,  causing 
feedback  from  the  fuselage  into  the  rotor  with  adverse 
results. 

The  rotor  is  the  primary  object  of  concern  in  any 
study  of  the  dynamics  of  rotary-wing  aircraft.  It  is  the 
source  of  most  of  the  vibratory  forces,  and  is  a com- 
plicated dynamic  system.  Not  only  does  it  rotate,  but 
its  individual  components  also  describe  various  mo- 
tions while  they  rotate  about  the  drive  shaft.  Blade 
flapping,  lagging,  and  pitch  change  occur  periodically 
in  response  to  airloads  and  pilot  control  action.  Rotor 
blade  flexing  takes  place  in  response  to  the  airloads. 
The  forces  that  are  generated  within  the  rotor  by  these 
actions  usually  are  multiples  of  the  rotor  rotational 
frequency  and  are  harmonic  in  nature.  The  forces  enter 
into  the  fuselage  in  a unique  fashion.  Alternating  thrust 
forces  or  torques  will  enter  the  fuselage  at  the  same 
frequency  as  the  force  that  occurs  in  the  rotating  rotor. 
However,  the  rotor  tends  to  act  as  a filter,  and  will 
cancel  out  all  harmonics  that  are  less  than  the  number 
of  blades  on  the  rotor. 

In  the  case  of  inplane  forces  in  the  rotor  and  the 
change  necessary  when  moving  from  rotating  to  sta- 
tionary coordinates,  the  designer  may  expect  these 
forces  to  be  fed  into  the  stationary  fuselage  If  there 
should  be  a simple  mass  imbalance  in  the  rotor,  an 
unbalanced  centrifugal  force  would  act  radially  out- 
ward from  the  center  of  the  ro  ar.  Viewed  from  the 
rotating  system,  this  unbalance  would  be  seen  as  a force 
of  constant  amplitude.  Viewed  from  the  stationary 
coordinates,  the  unbalanced  force  of  constant  ampli- 
tude would  rotate  once  per  revolution.  In  the  case  of 
alternating  inplane  forces,  a similar  action  would  take 
place. 


The  forces  that  are  transmitted  to  the  fuselage  will 
be  equal  in  general  to  the  frequency  in  the  rotating 
system  ift,  where  ft  is  the  rotor  speed.  It  also  is 
possible  that,  for  certain  numbers  of  blades  on  a rotor 
and  certain  inplane  frequencies,  cancellations  of  in- 
plane forces  can  result  (Ref.  1 ).  Because  of  these  cancel- 
lations and  the  frequency  changes  that  can  occur  with 
rotors,  it  often  is  difficult  to  pinpoint  the  exact  source 
of  any  vibration  frequency  that  may  be  found  in  the 
fuselage  01'  a helicopter. 

The  rotor  itself  as  a dynamic  device  displays  other 
important  characteristics.  As  indicated  in  par.  3-3.3,  0 
fully  articulated  blade  tends  to  flap  as  a rigid  beam  at 
a natural  frequency  close  to  rotor  ro’ational  speed.  Be- 
cause of  the  centrifugal  twisting  moments  on  a blade 
section,  the  flapping  frequency  of  a torsionally  rigid 
blade  without  pitch  control  restraint  also  tends  to  be 
close  to  rotor  speed.  The  motion  of  the  rotor  blade  in 
the  lag  direction  is  dependent  directly  upon  the  details 
of  the  mounting  provisions  at  the  hub,  but  for  a typical 
fully  articulated  blade  the  lag  frequency  is  approxi- 
mately one-third  of  the  rotor  speed.  As  detailed  in  par. 
5-3  various  coupling  actions  can  occur  among  the  flap- 
ping, lagging,  and  pitching  motions  of  the  blades. 

Rotor  blades  are  long,  narrow  structures  and  are 
quite  flexible.  Consequently,  they  respond  to  time- 
varying  airloadings  in  a dynamic  fashion.  Typically, 
the  blades  bend  or  twist  in  ce-tain  characteristic  normal 
modes.  Each  of  these  modes  of  motion  has  a corre- 
sponding natural  frequency.  If  the  frequency  of  the 
applied  airloads  becomes  close  to  any  of  these  natural 
frequencies,  the  blades  will  respond  by  bending  or 
twisting  in  the  mode  affected  by  the  airload.  Such  am- 
plified bending  can  lead  to  high  blade  stresses  or  high 
forces  in  the  control  system.  The  topic  of  blade  re- 
sponse to  aerodynamic  forcing  function  is  presented  in 
greater  detail  in  pars.  4-9.1  and  4-11.1,  along  with  a 
discussion  of  blade  motion  and  structural  dynamic  re- 
sponse. 

In  the  remaining  paragraphs  of  this  chapter,  various 
areas  of  dynamics  are  covered  in  greater  detail.  Air- 
frame dynamics  are  discussed  in  par.  5-2.  Par.  5-3,  on 
rotor  dynamics,  emphasizes  the  potential  instabilities 
that  can  take  place.  Other  paragraphs  deal  with  lifting 
surface  dynamics  and  the  torsional  characteristics  of 
helicopter  drive  systems.  Because  of  its  comprehensive 
nature,  a thorough  review  of  Ref.  2 should  be  consid- 
ered as  a supplement  to  this  chapter. 
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. 5-2  AIRFRAME  DYNAMICS  AND 

w VIBRATION 

5-2.1  GENERAL 

Mechanical  vibration  is  a term  that  describes  the 
oscillatory  motion  resulting  from  fluctuating  forces 
acting  upon  a dynamic  system,  that  is,  a system  pos- 
sessing mass  and  elasticity.  A helicopter  is  subject  to 
vibrations  induced  by  the  rotors  through  the  shafts  or 
through  aerodynamic  vortex  impingement  upon  the 
structure,  and  by  the  engines,  gearboxes,  or  other  por- 
tions of  the  dynamic  drive  train  through  the  component 
mounting  structure.  Generally,  main  rotor(s)  excita- 
tion through  the  shaft  is  the  most  significant  source 
pertaining  to  aircraft  comfort.  The  resulting  oscilla- 
tions are  measured  in  terms  of  frequency,  direction, 
and  amplitude. 

The  frequency  of  a regularly  repeated  motion  is  de- 
fined as  the  number  of  complete  cycles  per  unit  time. 
The  simplest  kind  of  vibration  is  that  which  exhibits  a 
single  frequency.  Simple  vibration  is  not  encountered  in 
helicopters;  these  aircraft  vibrate  at  two,  three,  or  even 
four  frequencies.  These  frequencies  usually  are  multiple 
' harmonics  of  the  rotor  excitation  frequency.  For  exam- 

ple, a three-bladed  helicopter  usually  vibrates  at  IP,  3 P, 
6 P,  and  9 P,  where  P is  the  rotational  speed  of  the  rotor 
in  revolutions  per  unit  time.  In  general,  the  more  blades 
a helicopter  has,  the  less  likely  it  is  that  the  harmonic 
frequencies  will  be  significant;  e.g.,  a five-bladed  rotor 
usually  exhibits  only  1 P and  5 P. 

Some  vibrations  are  nonperiodic  in  that  a plot  of 
displacement  versus  time  shows  no  regularity.  Non- 
periodic vibrations  typically  are  caused  by  gusts,  con- 
trol inputs,  projectile  hits,  and  some  types  of  weapon 
firing.  The  types  of  vibration  are  shown  in  Fig.  5-1. 

Vibration  also  may  be  classified  as  translational  and 
rotational.  From  a human  comfort  and  performance 
I standpoint,  rotational  motion  usually  is  insignificant, 

while  vertical,  lateral,  and  sometimes  longitudinal 
translational  vibrations  are  important. 

The  parameters  used  in  describing  the  intensity  of 
vibratory  motion  are  the  amplitudes  of  the  excursions. 
Amplitude  usually  is  measured  by  the  displacement  of 
the  oscillation  about  its  mean  position.  This  amplitude 
can  be  expressed  by  either  single  amplitude  or  double 
amplitude  (see  Fig.  5-2). 

The  amplitude  of  vibration  for  the  simple  harmonic 
motion  illustrated  also  can  be  expressed  in  terms  of 
velocity  or  acceleration.  In  particular,  the  velocity  and 
acceleration  amplitudes  of  a simple  harmonic  motion 
are  related  to  displacement  amplitude  by  the  following 
expressions: 
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(B)  COMPLEX  PERIODIC  VIBRATION 
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TIME  I 

tC)  NONPERIODIC  VIBRATION 

Fig.  5-1.  Three  Types  of  Vibration 


velocity:  x = ux 

(5-1) 

acceleration:  3f  = u>2x 

(5-2) 

where 

a>  — frequency  of  oscillation,  rad/sec 
x = displacement,  ft 

The  interaction  between  each  of  these  variables  af- 
fects the  efficiency  with  which  pilots  and  crew  members 
can  carry  out  their  tasks  and,  therefore,  must  be  taken 
into  account  in  the  design  of  rotary-wing  vehicles. 

During  preliminary  design  of  any  helicopter,  it  is 
necessary  to  analyze  the  vibration  characteristics  of  the 
airframe  under  steady-state  conditions  in  order  to  as- 
sure compliance  with  the  vibration  requirements.  The 
vibration  levels  experienced  by  the  structure,  aircraft 
components,  crew,  passengers,  and  cargo  will  depend 
upon  the  attributes  of  the  forces  and  the  structure. 

In  their  normal  environment,  humans  are  not  re- 
quired to  counteract  the  effects  of  vibration.  Thus, 
when  asking  a crew  to  perform  flight  tasks  in  a vibra- 
tory environment  such  as  a helicopter,  care  must  be 
taken  to  insure  that  the  vibratory  effects  will  not  be  so 
severe  as  to  degrade  crew  performance.  Specific  effects 
of  excessive  vibration  on  man  are: 

1.  Motion  sickness 

2.  Interference  with  orientation  and  coordination 

3.  Discomfort,  and  finally  pain  and  damage  to  tis- 
sues 
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4.  Interference  with  senses  of  touch,  vision,  etc., 
and  with  the  performance  of  skilled  tasks 

5.  Immediate  or  short-term  phenomena  such  as 
fatigue,  loss  of  sleep,  psychosomatic  or  neuropsychi- 
atric symptoms 

6.  Long-term  cumulative  impairment  of  brain 
function,  circulation,  etc. 

The  direct  biological  effects  of  vibration  are  recog- 
nized easily.  More  difficult  to  assess,  but  even  more 
important  in  their  implications,  are  the  vague  indirect 
effects  of  vibration  upon  human  behavior  and  the  abil- 
ity to  work.  Recent  research  efforts  have  been  devoted 
toward  developing  tools  with  which  to  measure  the 
workload  involved  in  flying  rotary-wing  vehicles.  Suc- 
cessful development  of  such  tools  will  permit  objective 
measurement  of  effort  expended  in  flying  a vehicle,  and 
thus  will  throw  light  on  the  effects  of  vibratory  environ- 
ment on  performance  and  pilot  efficiency. 

5-2.2  VIBRATION  CONTROL  ANALYSIS  AND 
DESIGN  TECHNIQUES 

Considerable  attention  must  be  devoted  to  the  dy- 
namic design  of  a helicopter  if  a vibration  environment 
within  the  existing  specification  is  to  be  expected.  The 
paragraphs  that  follow  outline  the  various  analytical 
and  test  methods  that  can  be  used  by  the  helicopter 
design  engineer  to  help  insure  an  acceptable  vibration 
environment.  It  should  be  recognized  that  use  of  these 
tools  only  can  increase  the  probability  and  confidence 
that  an  aircraft  will  exhibit  an  acceptable  vibration 
environment  in  service,  because  it  virtually  is  impossi- 
ble (technically  and  economically)  to  conduct  a design 
program  that  would  guarantee  design  goals. 

Controlling  n- per- revolution  vibrations  of  the  air- 
frame involves  design  considerations  in  both  the  rotor 
system  and  the  fuselage.  Basically,  design  effort  should 
be  directed  toward  minimizing  vibratory  loads  gene- 


rated by  the  rotor  system  and  minimizing  the  response 
of  the  fuselage  to  the  vibratory  loads. 

The  first  step  in  determining  vibratory  loads  consists 
of  defining  the  airload  distribution  on  the  rotor  blades. 
Several  methods  are  available: 

1 . Blade  applied  load  analysis: 

a.  Uniform  inflow 

b.  Variable  inflow 

2.  Wind  tunnel  test  data. 

With  the  airload  distributions  defined,  the  blade  re- 
sponse and  finally  the  vibratory  rotor  forces  can  be 
assessed.  Available  methods  are: 

1 . Blade  response  analysis: 

a.  Rigid  blade 

b.  Flexible  blade 

c.  Uncoupled  or  coupled  edgewise,  flatwise,  and 
torsional 

d.  With  or  without  main  rotor  head  impedance 

2.  Use  of  rotor  force  measurements  from  similar 
aircraft. 

With  the  rotor  vibratory  forces  defined,  the  sen- 
sitivity of  the  aircraft  to  these  forces  should  be  deter- 
mined. Some  of  the  available  methods  are: 

1 . Fuselage  analysis: 

a.  Rigid  airframe 

b.  Flexible  airframe 

c.  Uncoupled  or  coupled  airframe  modes 

2.  Shake  testing 

3.  Use  of  flight  test  data  from  similar  aircraft. 

As  stated  previously,  the  use  of  these  tools  does  not 
guarantee  an  aircraft  with  an  acceptable  vibrational 
environment.  It  is,  therefore,  most  beneficial  to  make 
provisions  for  vibration  control  in  the  design  of  the 
aircraft.  Typical  examples  of  vibration  control  devices 
ate: 

1.  Rotor  blade  tuning 


Fig.  5-2.  Simple  Harmonic  Motion 
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' 2.  Rotor  vibration  absorbers 

< / 3.  Cockpit  or  cabin  vibration  absorbers 

4.  Transmission  support  structural  tyring 

5.  Airframe  structural  tuning 

6.  Airframe  component  structural  tuning 

7.  Crew  seat  and  seat  cushion  design. 

Further  information  on  the  details  of  blade  applied 
load  analysis  and  blade  response  analysis  can  be  found 
in  par.  4-9.  Techniques  of  fuselage  analysis  are  dis- 
cussed in  the  paragraphs  that  follow.  Design  criteria 
pertinent  to  helicopter  vibration  levels  also  are  re- 
viewed. 

5-2.2. 1 Vibration  Analysis 

The  characteristics  of  the  forces  that  affect  the  re- 
sponse of  the  structure  are  the  frequency  content,  the 
amplitudes  and  relative  phases  at  each  frequency,  and 
the  distribution  over  the  airframe.  The  major  forces  of 
excitation  in  helicopters  are  at  discrete  frequencies  and 
| are  applied  at  specific  points  rather  than  distributed 

over  an  area  (see  par.  5-2.4).  Thus,  in  order  to  predict 
precisely  the  vibration  levels  to  be  expected  in  a heli- 
copter, it  is  necessary  to  know  the  points  at  which  the 
\ applied  forces  act  and  the  amplitude  of  the  component 
at  each  frequency.  The  amplitudes  of  these  forces  may 
be  known  only  approximately  during  preliminary  de- 
sign. However,  knowing  the  frequencies  and  points  of 
application,  it  is  possible  to  determine  the  sensitivity  of 
the  airframe  to  each  of  these  components  and  thus  to 
determine  whether  any  corrective  action  is  necessary. 

The  vibrations  of  the  airframe  may  be  represented  as 
a superposition  of  the  responses  of  each  of  its  normal 
modes  to  each  of  the  applied  forces  (see  par.  5-2. 2. 2). 
This  approach  is  useful  especially  during  preliminary 
design,  because  the  natural  frequencies  and  mode 
shapes  alone  will  give  a good  indication  of  whether  or 
not  the  structure  can  be  expected  to  be  overly  sensitive 
to  any  particular  component  or  force. 

5-2.2.2  Equations  of  Motion 

The  equations  of  motion  of  the  airframe,  using  pres- 
ent state-of-the-art  techniques,  are  formulated  by  con- 
sidering the  structure  to  consist  of  a number  of  lumped 
masses  interconnected  by  spring  and  damping  ele- 
ments. The  number  of  masses  and  number  of  degrees 
of  freedom  used  will  depend  upon  the  detailed  informa- 
tion available  and  the  analyst's  judgment  as  to  the  most 
rational  representation  of  the  structure.  As  a minimum, 
however,  the  degrees  of  freedom  (coordinates)  should 
include  all  the  points  of  interest  (such  as  the  pilot  seat 
and  vibration-sensitive  instruments),  the  points  of  ap- 


plication of  forces  (such  as  the  main  and  tail  rotor  hubs 
on  a helicopter),  and  sufficient  additional  points  to 
represent  adequately  the  shapes  of  all  of  the  normal 
modes  to  be  considered. 

The  equations  for  such  a system  can  be  written  most 
conveniently  in  matrix  form  (Ref,  3).  If  the  number  of 
coordinates  is  N,  then  the  mass  matrix  [ 4/],  the  damp- 
ing matrix  [C],and  the  stiffness  matrix  [A1]  are  square, 
symmetrical,  and  of  order  N,  The  displacements  y,  and 
the  applied  forces  / are  represented  by  N x 1 column 
matrices  (vectors),  where  each  element  in  a function  of 
time  and  represents  the  displacement  of,  and  the  force 
at,  a particular  coordinate.  The  equation,  then,  is  writ- 
ten 

(4/].v,  + [C]yt  + [A  It,  = f,  (5-3) 

For  the  steady-state  condition  at  a frequency  o>,  the 
column  matrices  f and  y,  may  be  written 


/,  = fe <w/  . lb 
v,  = ye  ,ojI  , ft 


where  /and  v are  column  matrices  representing  the 
amplitudes  and  are  not  functions  of  time  t 

The  separate  elements  are,  in  general,  complex, 
representing  the  relative  phasing  between  the  force 
components  and  the  response  of  each  of  the  coordi- 
nates. For  example,  if  an  dement  of  /is  real,  then  the 
real  part  of  an  element  of  y is  the  component  in-phase 
with  the  force  and  the  imaginary  part  is  that  compo- 
nent that  is  out-of-phase  by  90  deg  with  the  force.  This 
relationship  is  shown  in  Figs.  5-3  and  5-4. 

Substituting  the  steady-state  conditions  of  Eq.  5-4 
into  Eq.  5-3  results  in  the  following  equation  of  motion 


Fig.  5-3.  Time  History  of  an  Element  of  f and  y,  In 
Steady  State 
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Fig.  54.  Complex  Representation  of  Condition  of 
Fig.  5-3 


[-« o3M  + iu,C  + K\y=f  (5-5) 


y = <f>„.  Numerical  methods  for  calculating  the  natural 
frequencies  and  norma!  modes  are  discussed  in  par. 
5-2.2.4. 

The  normal  modes  <f>„  are  orthogonal  with  respect  to 
the  mass  matrix  [M\,  i.e.,  <f>[  = 0,  when  m ± 

n and  = m„  the  "generalized  mass"  or  “mod- 

al mass"  of  the  nth  mode,  when  m = n.  This  prop- 
erty allows  separation  of  the  response  of  the  structure 
into  the  responses  of  each  mode  treated  separately  as 
a single  degree-of-freedom  system. 

Consider  y to  be  a linear  combination  of  the  normal 
modes  as  follows: 

(5*8> 
n=  1 


The  type  of  damping  often  associated  with  structures 
is  of  the  form  such  that  C — (g/to)  K,  i.e.,  the  damping 
force  is  proportional  to  the  deflection  (spring  force)  but 
in  phase  with  the  velocity  (Refs.  4 and  5).  Typical 
values  for  the  structural  damping  coefficient  g for  heli- 
copter structures  range  from  0.02  to  0.08.  The  para- 
graph that  follows  shows  that  this  small  value  of  g has 
little  effect  upon  the  response  except  in  the  vicinity  of 
a resonance.  It  generally  is  inadvisable  to  operate  close 
enough  to  a resonance  for  the  effect  of  damping  to  be 
significant.  Thus,  for  the  purpose  of  this  analysis,  the 
damping  term  may  be  ignored  and  the  equation  of 
motion  will  be  written  as  follows: 


+ K\y  -/  (5-6) 


5-2. 2. 3 Normal  Mode  Solution 

If  Eq.  5-6  is  considered  with  no  force  acting  (f  = 0), 
the  solution  for  y would  be  trivial  (zero)  except  in  the 
special  cases  where  the  determinant  of  —oi:M  A"  is 
zero.  This  will  occur  at  special  values  of  ta  = u>„  the 
"natural  frequencies"  of  the  system.  If  there  arc  .V 
degrees  of  freedom,  there  ordinarily  will  be  A’ distinct 
natural  frequencies.  Corresponding  to  each  w„,  there  is 
a solution  y - <f>„  the  "normal  mode".  The  normal 
modes  are  the  relative  displacements  of  the  points  that 
have  been  chosen  as  the  degrees  of  freedom  of  the 
stiucture.  These  quantities  satisfy  the  equation 


(5-7) 


obtained  from  Eq.  5-6  with  /'  — 0,  <o  - o>„.  and 


where  q„  is  the  amplitude  of  the  nth  mode.  Substitute 
this  into  Eq.  5-6  and  use  Eq.  5-7  to  get 


£ qn(u>l  - (5-9) 

«=I 


Premultiply  by  and  use  the  orthogonality  relation- 

ship to  eliminate  all  terms  of  the  summation  except  for 

n — m,  resulting  in 

(5-10) 

r / \ 2* 

(5-11) 

['  - fe) . 

Thus,  the  excitation  of  each  mode  may  be  calculated 
independently  of  the  others  (Eq.  5- 1 1 ) and  the  response 
of  the  structure  then  can  be  formed  by  summing  the 
separate  responses  of  each  mode  (Eq.  5-8). 

As  seen  from  Eq.  5-1 1,  the  excitation  of  a mode  by 
a force  applied  at  a point  is  dependent  upon  the  relative 
amplitude  of  the  mode  at  that  point  4>r„f,  the  general- 
ized mass  of  the  mode  m*  and  the  proximity  of  the 
frequency  of  the  force  •>  to  the  natural  frequency  of  the 
mode  o>„. 

As  an  illustration  of  the  cfTect  of  the  mode  shapes 
upon  the  response  of  a system,  consider  Fig.  5-5,  which 
is  an  illustration  of  a typical  normal  mode  of  a helicop- 
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ter  fbselage.  Consider  the  vibration  of  Point  A due  to 
; unit  forces  of  the  same  frequency  at  Points  B,  C,  and 
D.  Based  upon  the  relative  amplitudes  of  the  mode 
shape  shown,  it  is  apparent  that,  in  this  mode.  Point  A 
responds  most  to  a force  at  Point  D,  second  most  to  a 
force  at  Point  C,  and  least  to  a force  at  Point  B.  The 
minimum  excitation  of  a mode  will  occur  when  the 
force  is  near  a node  (zero  amplitude)  and  the  maximum 
will  occur  when  the  force  is  applied  near  the  point  of 
maximum  amplitude.  Similarly,  for  the  same  excita- 
tion, points  near  a node  will  respond  least  and  points 
near  an  antinode  will  respond  most. 

The  excitation  of  the  mode  is  dependent  strongly 
upon  the  forcing  frequency  and  the  natural  frequency 
of  the  mode  in  question.  How  the  amplitude  response 
of  a mode  varies  with  the  forcing  frequency  is  shown 
in  Fig.  5-6.  This  is  a plot  of  q„  versus  o»/w„  from  Eq. 
5-11.  Also  shown  are  the  effects  of  the  structural  damp- 
ing parameter  g.  It  is  apparent  that  when  the  excitation 
force  is  not  near  a resonance  (natural  frequency),  the 
value  of  the  damping  coefficient  is  immaterial.  It  also 
is  undesirable  to  operate  the  vehicle  in  the  frequency 
range  in  which  the  effect  of  damping  is  significant.  This 
partly  is  because  of  the  relatively  high  amplitudes  of 
vibration  to  be  expected.  Another  undesirable  feature 
) is  the  steep  slope  of  the  response  curve  (Fig.  5-6).  This 
means  that  small  changes  in  frequency  of  excitation  or 
natural  frequency  of  the  helicopter  can  make  large  dif- 
ferences in  the  vibration  level.  Such  changes  could  re- 
sult from  operation  over  the  usually  small  rotor  speed 
range  or  normal  changes  in  payload.  Thus,  in  addition 
to  the  high  vibration  levels  to  be  expected,  the  vibration 
will  be  difficult  to  predict  and  will  change  significantly 
over  normal  operating  conditions. 

In  addition  to  the  considerations  of  shape  and  fre- 
quency, one  other  parameter  that  affects  the  vibration 
level  is  the  generalized  mass  m„  = <f>„r  As  shown 
in  Eq.  5-1 1,  modes  having  a small  generalized  mass  will 
tend  to  be  excited  more  severely.  Modes  having  small 
generalized  masses,  however,  usually  will  have  signifi- 


Fig-  5-5,  Typical  Normal  Mode  of  a Helicopter  in 
Plane  of  Symmetry 


Fig.  5-6.  Relative  Modal  Amplitude  vs  Forcing 
Frequency 

cant  deflections  only  over  a small  region  of  the  struc- 
ture. 

Based  upon  the  previous  discussion,  the  following 
conclusions  can  be  stated: 

1.  Points  in  the  airframe  near  the  high  deflection 
regions  of  an  excitable  mode  will  be  subject  to  greater 
vibration  than  points  near  nodes. 

2.  Modes  having  high  deflection  near  sources  of 
forcing  will  be  subject  to  greater  excitation  than  those 
having  nodes  near  the  forcing  source. 

3.  Modes  with  natural  frequencies  within  about 
10%  of  a forcing  frequency  will  tend  to  be  excited 
significantly. 

4.  Modes  with  natural  frequencies  within  about 
20%  of  a forcing  frequency  may  be  excited  significantly 
and  the  response  may  be  quite  variable  under  normal 
variations  in  rotor  speed  or  payload. 

5.  Modes  having  small  generalized  masses  will 
tend  to  be  excited  easily,  but  exciting  forces  ami  re- 
sponses may  be  limited  to  local  areas  on  the  structure. 

5-2.2.4  Methods  of  Calculating  Normal 
Modes  and  Natural  Frequencies 

The  previous  discussion  described  certain  character- 
istics of  the  vibration  response  of  an  airframe  in  terms 
of  the  normal  modes  of  the  structure.  There  are  a num- 
ber of  rational  methods  available  for  computation  of 
normal  modes  and  natural  frequencies.  The  proper  one 
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to  select  will  depend  upon  the  data  available  (which 
will  vary  considerably  during  preliminary  design),  and 
the  type  of  structure  under  consideration.  Because  the 
numerical  procedure  for  most  of  the  methods  is  labori- 
ous, the  selection  of  a particular  rational  method  tnay 
depend  upon  which  of  these  methods  has  been  com- 
puterized. 

The  information  available  during  preliminary  design 
often  is  insufficient  to  allow  the  reliable  computation  of 
modes  such  as  torsion  or  coupled  bending-torsion  of 
the  fuselage.  The  modes  most  amenable  to  computation 
at  this  stage  are  those  of  uncoupled  bending  in  the 
vertical  or  lateral  directions.  These  also  are  the  modes 
that  usually  are  the  most  susceptible  to  excitation. 
Thus,  it  often  is  appropriate  to  represent  the  fuselage 
as  a beam  in  transverse  bending.  In  the  methods  availa- 
ble. the  structure  is  divided  into  a number  of  seg- 
ments— typically  10  to  20  in  the  early  design  stages.  A 
lumped  mass  and  an  average  effective  bending  rigidity 
El  are  estimated  for  each  segment.  Some  available 
methods  that  are  suited  especially  to  this  representation 
are  given  subsequently. 

The  mode  that  can  be  expected  to  be  closest  in  fre- 
quency to  the  major  applied  forces  usually  will  be  other 
than  the  one  with  the  lowest  bending  frequency.  Thus, 
the  method  used  must  be  capable  of  obtaining  normal 
modes  above  the  first.  In  addition,  it  is  recognized  that 
the  boundary  conditions  for  a vehicle  in  flight  are  those 
of  a free  -free  beam.  The  method  used  shall  handle  this 
condition  properly. 

In  addition  to  the  beam  representation,  the  more 
general  finite  element  approach  is  discussed  in  par. 
5-2.2.4..1.  This  method  may  be  suitable  when  sufficient 
structural  detail  is  available. 

5-2.2.4.1  Stodola  Method  and  Matrix 
Iteration 

The  Stodola  Method  is  used  for  beam  bending  (see 
Refs.  5 and  6).  The  general  approach  is: 

1.  Assume  a trial  mode  shape  (deflection). 

2.  Compute  the  shape  of  the  inertial  loading  by 
multiplying  the  mass  by  the  assumed  mode  shape. 

3.  Compute  the  shear  by  numerically  integrating 
this  loading. 

4.  Compute  the  bending  moment  by  integrating 
the  shear. 

5.  Divide  the  bending  moment  by  the  local  El  to 
obtain  the  radius  of  curvature. 

6.  Integrate  two  more  times  to  obtain  the  deflec- 
tion and  compare  with  Step  1. 

5-8 


When  Steps  6 and  1 are  proportional  to  each  other,  the 
ratio  is  the  natural  frequency  squared  and  the  deflec- 
tion is  the  normal  mode.  When  they  are  not  propor- 
tional, then  the  result  of  Step  6 is  used  in  Step  1 and 
the  procedure  is  repeated  until  convergence.  It  can  be 
shown  that  this  iteration  will  converge  on  the  lowest 
frequency  mode  contained  in  the  trial.  It  is  important 
to  note  that  during  the  integrations  of  Steps  3,  4,  and 
6 it  is  necessary  to  take  the  boundary  conditions  into 
account.  It  may  be  necessary  to  carry  along  unknown 
initial  conditions  until  a later  step  when  they  can  be 
evaluated.  The  details  of  these  computations  are  cov- 
ered in  the  references  given. 

When  modes  above  the  first  are  desired,  it  is  neces- 
sary to  remove  all  components  of  the  lower  modes  from 
the  trial  mode  shape.  When  solving  a free-free  system, 
it  also  is  necessary  to  remove  the  two  rigid-body  modes 
representing  uniform  translation  and  rotation  about 
the  CG.  These  procedures  are  treated  adequately  in  the 
references. 

The  method  of  matrix  iteration  using  influence  coef- 
ficients is  equivalent  analytically  to  the  Stodola  Method 
but  is  more  suited  to  automatic  computation.  This 
method  is  discussed  in  Refs.  4 and  7 where  the  free-free 
condition  is  treated  specifically. 

An  alternate  method  of  computing  the  higher  modes 
by  matrix  iteration,  which  is  particularly  suitable  for 
automatic  computation,  is  presented  in  Ref.  7. 

5-2. 2. 4.2  Myklestad  Method 

Another  important  method  is  that  attributed  to 
Myklestad  (See  Refs.  4 and  5).  In  this  procedure,  which 
is  a modification  of  the  llolzer  Method,  the  frequency 
is  varied  and  the  shape  of  the  beam  ;s  computed  at  each 
frequency.  When  all  the  boundary  conditions  are  satis- 
fied, the  frequency  used  is  the  natural  frequency  and 
the  deflection  is  the  corresponding  normal  mode  shape. 
The  result  often  is  shown  as  a plot  of  an  applied  force 
versus  forcing  frequency.  Whenever  the  curve  crosses 
the  axis  (the  force  is  zero),  a natural  frequency  exists. 

The  main  advantage  of  this  method  is  that  no  special 
treatment  is  required  for  special  boundary  conditions 
such  as  free-free,  and  it  is  unnecessary  to  obtain  the 
lower  modes  before  calculating  the  higher  ones.  Care 
must  be  exercised,  however,  to  avoid  skipping  one  or 
more  modes. 

5-2. 2.4. 3 Finite  Element  Analysis 

The  essence  of  the  finite  element  technique  consists 
of  the  formation  of  the  stiffness  matrix  of  a structure 
by  superimposing  the  effects  of  small  standard  elements 
such  as  plates  and  rods.  These  elements  are  joined  at 
points  (nodes)  and  the  stiffness  elements  relating  to 
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I _..  these  points  are  obtained.  Once  the  stiffness  matrix  is 
* '>'  \ obtained  and  a mass  matrix  is  calculated,  matrix  itera- 

1^./  tion  (as  in  Ref.  5)  may  be  used  for  the  free-body  modes. 

It  will  be  necessary  to  extend  this  procedure,  however, 
to  take  into  consideration  all  six  rigid-body  modes. 

This  technique  usually  involves  the  use  of  a large, 
complex  computer  program  and  requires  the  knowl- 
edge of  considerable  structural  detail.  When  the  neces- 
sary information  is  known,  such  methods  may  provide 
the  most  reliable  results. 

5-2. 2.4.4  Other  Methods 

There  are  other  methods  that  should  be  mentioned. 
The  Rayleigh  and  Rayleigh-Ritz  Methods  (Refs.  5 and 
7)  can  be  used  to  obtain  the  lowest  frequency  bending 
mode.  This  is  not  appropriate  here  because  higher 
modes  than  the  first  generally  are  excited  in  helicop- 
ters. 

The  method  of  Associated  Matrices  (see  Refs.  8 and 
9)  allows  representation  of  different  parts  of  the  struc- 
ture in  different  ways  (e.g.,  beam,  lumped  parameter) 
and  permits  the  assumed  elastic  axis  to  bend  and  follow 
the  shape  of  the  fuselage.  This  method  is  useful  espe- 
cially where  a simple  straight  beam  is  an  intuitively 
poor  representation. 

When  the  analysis  is  being  made  of  a symmetrical 
) structure  (such  as  the  uncoupled  vertical  bending  of  a 

— ' pair  of  wings),  the  free-body  motions  can  be  separated 

into  cantilever-  and  pin-free  motions  of  half  the  struc- 
ture. This  method  is  treated  in  Refs.  5 and  7. 

Often,  it  is  necessary  to  consider  a flexible  portion  of 
the  airframe  that  is  attached  to  a stiff  and  heavy  por- 
tion, such  as  a tail  boom  that  in  turn  is  attached  to  the 
main  fuselage.  Under  such  a condition,  an  approxima- 
tion of  the  tail  boom  vibration  characteristics  may  be 
obtained  by  treating  it  as  a cantilever  beam.  Methods 
such  as  this  represent  the  lowest  level  of  sophistication, 
but  can  be  useful  during  preliminary  design  to  provide 
an  early  warning  of  a potential  vibration  problem. 

5-2.3  VIBRATION  REDUCTION 

[There  are  several  potential  methods  of  reducing  vi- 
bration levels.  If  possible,  the  most  desirable  method 
would  be  to  reduce  the  applied  vibratory  force.  This 
consideration  is,  however,  outside  the  scope  of  this 
paragraph.  Par.  5-2.4. 1 refers  to  a device  that  absorbs 
vibratory  forces  at  the  hub. 

The  remaining  methods,  in  one  way  or  another,  in- 
volve modification  of  the  structure.  These  may  be  di- 
vided into  the  categories  of  airframe  structural  modifi- 
cation, vibration  absorbers,  and  vibration  isolators. 
Each  is  discussed  in  the  paragraphs  that  follow. 


5-2.3. 1 Airframe  Modification 

When  excessive  vibration  is  predicted  because  an 
airframe  natural  frequency  is  close  to  a forcing  fre- 
quency, it  may  be  possible  to  change  the  frequency 
through  structural  changes.  Addin  p mass  will  lower 
the  frequency;  removing  mass  wth  ncrease  it.  The 
greater  the  deflection  of  the  point  at  which  the  mass  is 
changed,  the  more  effective  the  change  will  be.  It  is 
undesirable,  of  course,  to  add  mass  solely  for  this  pur- 
pose. It  also  is  unlikely  that  there  will  be  excess  mass 
that  may  be  removed  to  increase  the  frequency.  It  may 
be  possible,  however,  to  shift  one  or  more  mass  items 
from  low  deflection  to  high  deflection  regions  to  lower 
the  natural  frequency  or  to  do  the  reverse  ar.d  raise  the 
frequency.  Of  course,  other  constraints  such  as  helicop- 
ter CG  and  the  utility  of  the  items  involved  must  be 
considered.  Such  changes  may  involve  large  masses  and 
therefore  may  be  quite  impracticable,  except  possibly  in 
the  early  design  stages  when  major  rearrangements  of 
equipment  are  still  feasible. 

It  also  is  possible  to  change  the  natural  frequencies 
by  changing  the  stiffness.  The  most  effective  areas  are 
where  the  curvature  is  the  greatest.  Increasing  the  stiff- 
ness will  increase  the  frequency.  Such  a change  proba- 
bly will  tend  to  be  more  effective  and  more  practicable 
than  a mass  change.  The  effect  of  the  accompanying 
mass  change  must  be  considered  if  it  is  significant. 

The  extent  of  the  modification  required  can  be  deter- 
mined by  selecting  points  at  which  changes  may  be 
made  and  repeating  the  original  analysis  with  a rela- 
tively small  change  at  each  of  the  points  in  question. 
For  small  changes,  the  change  in  the  square  of  the 
frequency  will  be  proportional  to  the  change  in  stiffness 
and  inversely  proportional  to  the  change  in  mass  at 
each  point.  By  use  of  the  solutions  obtained,  it  now  is 
possible  to  determine  the  magnitudes  of  the  changes 
necessary  to  obtain  the  required  charge  in  frequency. 

5-2. 3.2  Vibration  Absorbers 

When  it  is  not  feasible  to  change  the  character  of  the 
vibration  response  of  the  fuselage  through  structural 
changes,  it  may  be  possible  to  make  local  improve- 
ments through  the  judicious  use  of  dynamic  vibration 
absorbers  (see  Refs.  10  and  11). 

The  main  disadvantage  of  these  devices  is  that  their 
added  weight  ordinarily  serves  no  other  purpose  and 
thus  reduces  the  effective  payload  of  the  vehicle.  An 
application  in  which  an  available  mass  (in  this  case,  a 
battery)  was  used  as  an  absorber  mass  is  given  in  Ref. 
12. 

The  narvow  band  width  of  an  undamped  absorber  is 
not  as  severe  a disadvantage  in  helicopters  as  in  other 
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vehicles  because  the  excitation  frequency  varies  rela- 
tively little.  However,  even  small  var  ’Hons  may  have 
significant  effects,  especially  when  the  absorber  mass  is 
small.  A variable  tuning  absorber  for  use  in  helicopters 
has  been  developed  and  is  described  in  Ref.  13. 

When  an  absorber  has  a small  mass  (the  only  feasible 
circumstance  in  a helicopter),  it  causes  a small  change 
in  the  natural  frequencies  but  produces  a significant 
change  in  the  deflection  shape  by  reducing  the  ampli- 
tude of  motion  at  the  point  of  application.  Thus,  it  is 
most  effective  when  the  point  in  question  has  a large 
deflection  in  the  excited  mode. 

The  dynamic  vibration  absorber  basically  is  a simple 
spring  mass  system  tuned  to  the  frequency  of  excita- 
tion. When  it  is  undamped,  it  acts  to  make  the  deflec- 
tion of  the  point  of  attachment  equal  to  zero.  Damping 
and  off-tuning  tend  to  deteriorate  the  effectiveness  of 
the  absorber. 

In  general,  the  use  of  absorbers  is  not  recom- 
mended except  when  no  other  method  has  been  suc- 
cessful. 


’ ^ mi i ?v ? w< 5 ts* ,-r- „ - •_ ~ ^ rr’w  v 1 ’iTT't/ft  f7?.;  ' * • 


is  shown  in  Fig.  3-7.  In  this  model  all  the  masses  to  be 
isolated — such  as  the  transmission,  the  main  rotor 
shaft,  the  main  rotor  and  the  control  mechanisms — arc 
lumped  at  their  resultant  CG  and  designated  as  a point 
mass  m2  having  a mass  polar  moment  of  inertia  about 
its  centroidal  axis  of  Iv  The  remainder  of  the  helicopter 
and  its  cargo  are  lumped  at  the  resultant  CG  and  desig- 
nated as  a point  mass  m,  having  a mass  polar  moment 
of  inertia  of  /,. 

The  procedure  in  designing  a rotor  isolation  system 
may  be  simple  or  complex,  depending  upon  whether 
shaking  "orces  or  shaking  moments  are  produced  at  the 
rotor  hub.  Teetering  rotors  produce  only  shear  forces 
and  moments  about  the  axis  of  rotation,  whereas  rigid 
rotors  may  produce  both  flapping  moments  and  shears 
at  the  rotor  hub.  Articulated  rotors  also  may  produce 
moments  due  to  offset.  In  each  case,  the  system  may  be 
described  by  the  equations  of  motion  for  the  system  of 
Fig.  5-7  as  follows: 


vrrrm 


5-2. 3.3  Vibration  isolation 

Another  potential  means  of  reducing  vibration  in  the 
fuselage  is  to  isol  ;e  the  major  soutce  of  vibration.  In 
a helicopter,  this  is  the  main  rotor.  This  concept  has 
been  in  the  research  stage  for  many  years.  Two  recent 
approaches  to  the  problem  using  active  and  passive 
devices  are  given  in  Refs.  14  and  15.  In  each  case,  the 
rotor  and  tramsmission  (and  possibly  the  engine)  are 
separated  from  the  rest  of  the  airframe  by  devices  that 
reduce  the  transmissibility  of  the  predominant  frequen- 
cies. The  analytical  investigation  of  vibration  isolation 
is  discussed  in  the  paragraphs  that  follow. 

5-2. 3. 3.1  Mathematical  Methods 

Because  of  excessive  static  deflections,  no  attempt  is 
made  to  isolate  vertical  shaking  forces  by  the  use  of 
spring  elements.  In  fact,  the  vertical  stiffness  usually  is 
given  as  large  a value  as  possible.  The  commonly  used 
rotor  isolation  systems  are  reducible  to  the  equivalent 
of  a system  in  which  the  isolated  mass  is  mounted  in 
a gimbal  in  such  a manner  that  only  relative  angular 
motions  of  the  fuselage  and  the  isolated  mass  are  per- 
mitted. The  relative  angular  motion  of  the  isolated 
mass  with  respect  to  the  fuselage  is  resisted  by  an 
equivalent  angular  spring.  On  the  assumption  that  the 
conditions  required  for  feasibility  have  been  met,  the 
problem  may  be  simplified  further  by  solving  the  roll 
condition  and  the  pitching  condition  as  separate  copla- 
nar  problems.  A mathematical  model  of  such  a system 


Fig.  5-7.  Mathematical  Model  of  an  isolation 
System 
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By  similar  logic  a normalized  response  0KSM  may  be 
developed  for  exciting  moments  applied  at  the  rotor 
head.  Thus 
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for  a shear  force  of  amplitude  />’ 
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for  a moment  of  amplitude  ytf 


Responses  may  be  found  easily  by  the  use  of  Cra- 
mer’s rule.  Thus,  for  shear  excitation  at  the  rotor  hub 
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If  the  numerator  and  the  denominator  of  this  expres- 
sion both  are  divided  by  the  stiffness  K,  which  then  is 
made  infinite,  a response  is  obtained  for  the  case  of  the 
isolate,  the  mass  being  attached  rigidly  to  the  fuselage 
(no  isolation).  As  a means  of  measuring  the  effective- 
ness of  an  isolation  system,  the  normalized  response  is 
defined  as  the  ratio  of  the  given  response  to  the  re- 
sponse that  would  occur  if  there  were  no  isolation  sys- 
tem. Thus,  the  normalized  response  for  shear  excitation 
0,/v  is 

6iNf=  {»"i‘‘>j(/j  ~mi fp)(/-h) 

+ K(p(m,  + m2)  + m,/i](  x 
\m,m}h 2 + (m,  + m:X/i  + /2)J  X 
JjA|wtWj*J  +(wi  +m2MA  + /2  )1 
-w!(mimi|/,/!  + h(f~h)2 1 

+ /,/2(m,  + m2)jf  X ( 

jp(?ni  +«2)  + *i*n  ,d1ess(j  14) 


N » +m!)-ml«2u!(/,-*/)|  X 

.w 


m,ni}h 2 


+ /,  +/2 


_(»ii  + m2 ) 

f/t(mim2/i3  +(m,  + m2  XA  +/2)1 
-u>3{m,m2|/,/3+/2(>i-/j3l  i 

+ /,/2(mi  + m2)|J  , dless  (5-15) 


The  optimum  attenuation  of  the  rotor  forces  occurs 
when  the  normalized  response  is  a minimum.  It  will  be 
noted  that  if  the  numerator  of  the  response  function  is 
set  equal  to  zero,  a value  of  /defining  the  gimbal  loca- 
tion may  be  calculated  so  that  the  angular  motion  of  the 
fuselage  is  zero.  However,  in  practice,  other  considera- 
tions, such  as  reducing  the  relative  motions  between  the 
transmission  and  its  various  input  and  output  drive 
shafts,  govern  the  selection  of  the  gimbal  point.  It  then 
becomes  a matter  of  selecting  a stiffness  within  the 
constraints  of  system  natural  frequency  and  static  de- 
flection characteristics.  If  the  designer  is  successful  in 
locating  the  natural  frequencies  of  the  isolated  package 
at  one-third  to  one-half  of  the  forcing  frequency,  good 
isolation  results.  A typical  normalized  response  for  a 
small  helicopter  is  shown  in  Fig.  5-8. 

In  this  discussion  the  analysis  has  been  simplified 
greatly  by  the  assumption  that  both  the  rotor  and  the 
fuselage  may  be  treated  as  rigid  bodies.  The  assumption 
is  valid  if  the  fuselage  and  blade  vibration  modes  are 
separated  sufficiently  from  the  forcing  frequency. 
However,  as  helicopters  become  larger,  this  premise 
becomes  less  tenable;  also,  static  deflections  of  the  se- 
lected isolator  springs  become  larger  than  can  be  tole- 
rated. In  these  cas>  s the  whole  fuselage  and  rotor  must 
be  considered  as  a multi-degree-of-freedom  system. 
The  mode  frequencies  may  be  adjusted  or  degrees  of 
freedom  may  be  added  at  the  transmission,  which  may 
prove  to  be  desirable.  It  is  necessary  to  consider  each 
configuration  on  its  own  merits. 

5-2. 3. 3. 2 Recent  Developments 

A method  that  may  be  used  to  solve  the  isolation 
problem  for  an  intermediate-to-large  helicopter  is 
called  the  DAVI  (Dynamic  Antiresonant  Vibration 
Isolator)  (Ref.  1 5).  The  essential  elements  of  the  system 
are  indicated  in  Fig.  5-9.  In  this  system  the  isolated 
mass  is  attached  to  the  fuselage  through  a spring  ele- 
ment in  parallel  with  a weighted  lever;  the  mass  and  its 
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FORCING  FREQUENCY.  Hz 

Fig.  5-8.  Normalized  Response  for  a Typical  Isolation  System 
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Fig.  5-9.  Principal  Elements  of  the  DA VI  System 


mechanical  advantage  are  such  that  at  the  selected 
forcing  frequency  the  inertial  force  is  equal  and  oppo- 
site to  the  spring  force.  Thus,  theoretically,  there  is  no 
resultant  force  acting  upon  the  fuselage.  The  proposed 
design  merits  consideration  in  future  designs  as  well  as 
for  retrofit. 

Another  recent  development  particularly  useful  in 
helicopters  with  rotors  having  low  «/ rev  frequencies 
( n equals  number  of  blades)  is  the  nodalized  beam 
concept  described  in  Ref.  16.  This  concept  advocates 
suspending  the  entire  helicopter  airframe  from  a sup- 
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port  beam.  By  attaching  the  airframe  only  to  the 
nodal  points  of  the  beam,  the  fuselage  is  isolated 
completely. 

5-2. 3. 3. 3 Fail-safe  Design 

The  design  and  inspection  of  isolation  systems  can  be 
made  such  as  to  insure  against  complete  failure.  De- 
pending upon  the  rotor  system  used,  the  effects  of  a 
reduction  or  increase  in  stiffness  or  cross-stiffness  due 
to  the  failure  of  an  elastic  element  may  result  in  a 
destabilization  of  the  system,  such  as  ground  reso- 
nance. These  effects  should  be  considered  in  the  overall 
design  of  the  rotor  control  and  isolation  system.  The 
hazards  due  to  such  a failure  of  an  elastic  element  may 
be  minimized  by  distributing  the  required  stiffness  over 
several  elastic  elements  in  order  to  minimize  the  change 
in  stiffness.  Sometimes  means  can  be  provided  to  insure 
that  the  element  functions  even  if  failure  occurs;  for 
example,  the  elastomer  is  preloaded  in  compression.  In 
general,  the  designer  will  provide  means  to  limit  the 
motion  of  the  isolated  package  by  using  mechanical 
stops,  cables,  or  auxiliary  nonlinear  springs  to  restrict 
the  motion  in  the  event  of  a failure  of  the  elastic  ele- 
ments. 
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9-2.4  EXCITATION  SOURCES 

« 

The  dominant  vibratory  forces  in  a helicopter  are 
those  forces  transmitted  through  the  rotor  hub  or  by 
rotor/wing  aerodynamic  interference.  These  forces  are 
largely  aerodynamic  in  origin.  Other  aerodynamic  and 
mechanical  sources  of  excitation  exist  bu1  v*neral]y  are 
of  minor  importance  compared  to  the  rotor  forces. 

S-2.4.1  Rotor  Forces 

The  steady-state  forces  acting  upon  a rotor  blade  are 
at  frequencies  that  are  harmonics  of  the  rotor  speed.  If 
the  blades  all  are  identical  aerodynamically  and  iner- 
tially,  then  the  only  vibratory  forces  or  moments  trans- 
mitted to  the  fuselage  will  be  at  harmonics  that  are 
multiples  of  the  number  of  blades.  Thus,  a two-bladed 
rotor  will  transmit  only  multiples  of  two  cycles  per 
revolution  forces,  and  a three-bladed  rotor  only  multi- 
ples of  three  (see  Refs.  1 and  17). 

Consider  first  the  vertical  forces  and  shaft  torque. 
The  vertical  shear  force  F of  each  blade  can  be  ex- 
pressed as 

F-f0  +/t  cos  +gi  sin  ^ +/2  cos  2 \l/  +gi  sin  2 \(i  + 


••••  +/m  cos  mil/  +gm  sin  m \p 


(5-16) 


where 


4*  = azimuth  angle  of  one  rotor 
blade,  rad 

f — amplitude  of  cos  component  of 
force,  lb 

g,  = amplitude  of  sin  component  of 
force,  lb 

Thus,  if  the  force  on  blade  “A"  is  F(i|>),  then  the  force 
on  blade  “B"  is  F(i|*  + 2 n/rt),  etc.  where  n is  the 
number  of  blades.  When  those  expressions  are 
summed,  there  results 


'•fo  + /„  cosnij'  +gn  sin  n\l/  +f2„  cos  2/n£ 
+ g2n  sin  2 rup  + +fmn  cos  mn\p 


■ gmn  sin  mmp 


(5-17) 


Because  the  vector  representing  shaft  torque  is  in  the 
same  direction,  the  same  form  results. 

Forces  whose  vectors  rotate  in  the  plane  perpendicu- 
lar to  the  shaft  behave  in  a slightly  different  fashion 
when  resolved  into  the  fixed  system.  These  forces  are 
inplane  shear,  radial  shear,  and  pitching  moment.  The 


forces  into  the  fixed  system  transmitted  are  still  only  at 
harmonics  that  are  multiples  of  the  number  of  blades. 
They  are  produced,  however,  by  forces  in  the  rotating 
system  that  ate  one  harmonic  above  or  one  harmonic 
below  the  transmitted  frequency.  For  example,  a three- 
bladed  rotor  transmits  a third  harmonic  lateral  force 
(or  rolling  moment)  that  is  due  to  second  and  fourth 
harmonic  inpiane  loads.  Table  5-1  shows  how  the  loads 
transmitted  by  the  hub  are  dependent  upon  the  number 
of  blades  in  the  rotor,  as  well  as  the  frequencies  of  the 
blade  input  forces. 

The  just-described  characteristics  of  the  transmitted 
forces  are  true  rigorously  only  if  all  the  forces  acting 
upon  each  blade  are  the  same  when  the  blades  are  at  the 
same  azimuthal  position.  This  will  be  the  case  only 
when  the  blades  are  identical.  When  there  are  small 
discrepancies  in  aerodynamic  or  inertial  characteris- 
tics, complete  cancellation  of  terms  will  not  occur  and 
at  least  small  components  of  other  harmonics  will  be 
transmitted.  This  effect  has  been  recorded  in  wind  tun- 
nel tests  (Ref.  18)  and  from  flight  test  data  (Ref.  9). 
Except  for  the  first  harmonic  force  due  to  steady  effects 
such  as  blade  unbalance,  the  only  forces  that  will  be 
significant  will  be  at  harmonics  of  rotor  speed,  as  in- 
dicated previously. 

A study  of  main  rotor  hub  excitation  of  helicopters 
is  reported  in  Ref.  15  in  which  the  available  data  from 
several  sources  were  examined.  The  data  contained 
considerable  scatter;  however,  reasonable  generalized 
criteria  were  obtained.  These  standardized  excitation 
levels,  based  upon  amplitude  of  the  predominant 
n/rev  component  being  unity,  are:  the  1/rev  compo- 
nent, 0.10;  the  2«/rev  component,  0.40;  and  the 
3u/rev  and  4n/rev,  0.10. 

Rotor  blade  dynamics  can  have  a significant  effect 
upon  the  amplitude  of  the  forces  transmitted  through 
the  hub.  When  a blade  natural  frequency  is  close  to  the 
frequency  of  a force  that  is  not  cancelled  at  the  hub,  a 
potential  problem  exists  due  to  the  amplification  of  the 
forces.  For  example,  on  a four-bladed  rotor,  the  follow- 
ing natural  frequencies  should  be  avoided:  4/rev  out- 
of-plane,  and  3/rev  and  5/rev  inplane  and/or  torsion. 

The  resonant  frequencies  for  flapwise  and  chordwise 
bending  must  be  computed  as  functions  of  rotor  speed, 
using  plots  of  blade  weight  distribution  and  moments 
of  inertia  (par.  4-9).  The  determination  of  blade  reso- 
nant frequencies  could  proceed  in  a simple,  closed-form 
calculation  if  mode  shapes,  blade  root  restraints,  and 
hub  motions  were  known  accurately.  Usually  these 
only  can  be  estimated,  so  that  an  approximate  solution 
is  the  best  that  can  be  obtained  without  extensive  itera- 
tion. The  method  of  Ref.  19  usually  produces  results 
that  are  accurate  to  within  10%,  and  has  been  used 
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widely  for  preliminary  design  calculations.  This 
method  assumes  that  the  centerline  of  rotation  is  rigid 
in  space,  and  that  rotation  is  at  a constant  angular 
velocity.  The  mode  shapes  are  assumed  and  used  as  the 
basis  for  frequency  calculations,  as  in  the  Rayleigh 
Method.  Blade  root  restraint  in  the  hub  is  taken  as 
either  a frictionless  pivot  or  a rigid  joint  in  the  flapping 
and  lead-lag  planes.  Mass  and  stiffness  distributions  are 
taken  as  linear  functions  of  radius,  which  involves  some 
degree  of  fairing  the  actual  distributions.  Provisions  are 
made  for  representation  of  concentrated  mass  at  the  tip 
of  the  blade.  For  the  appropriate  root  restraint  and 
mass  and  stiffness  distributions,  coefficients  of  rotating 
and  nonrotating  resonant  frequencies  are  taken  from 
graphs.  The  various  modal  frequencies  then  can  be 
shown  on  a Southwell  diagram  (see  Fig.  5-10)  in  which 
the  frequencies  are  plotted  against  rotor  speed,  with 
lines  superimposed  to  show  multiples  of  rotor  speed. 

In  examining  the  Southwell  diagram  for  coincidence 
of  exciting  and  resonant  frequencies,  it  is  well  to  keep 
in  mind  that  root  restraint  nearly  always  is  more  flexi- 
ble than  assumed,  so  that  the  resonant  frequencies  pre- 
dicted by  Yntema's  Method  (and  even  by  many  more 
sophisticated  techniques)  are  often  too  high.  It  thus  is 
safer  to  have  an  indicated  resonant  frequency  occur 
slightly  below  coincidence  with  an  exciting  frequency 
rather  than  slightly  above  it. 

One  device,  the  “bifilar  absorber”  described  in  Ref. 
20,  is  designed  to  eliminate  the  major  inplane  compo- 
nent of  excitation  at  the  hub.  This  is  a rotating  pendular 
mass  mounted  at  the  main  rotor  hub  and  acting  as  a 
vibration  absorber.  It  has  the  advantage  of  eliminating 
the  vibratory  force  almost  at  its  source. 


b-2.4.2  Other  Sources 

All  the  comments  of  the  previous  paragraph i apply 
equally  well  to  a tail  rotor,  a lifting  fan,  a pr  ; pulsive 
propeller,  or  any  similar  rotating  aerodynamic  ■ urface. 
The  blade  pitching  moments  mentioned  ;r  3- 
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Fig.  5-10.  Southwell  Diagram 


TABLE  5-1 

INPLANE  LONGITUDINAL  OR  LATERAL  BLADE  FORCES 
TRANSMUTED  TO  FUSELAGE 


FREQUENCY  OF 
VARYING  LOAO 
ON  ONE  BLAOE. 
per  rev 

FREQUENCY  OF  LOAD  ON  HUB.  per  rev 

TWO-BLADED 

ROTOR 

THREE-BLADED 

ROTOR 

FOUR-BLADED 

ROTOR 

1 

STEADY  AND  2 

STEADY 

STEADY 

2 

3 

- 

3 

2 AND  4 

4 

4 

3 

5 

4 AND  6 

6 

4 

6 

- 
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2.4.1  can  be  transmitted  to  the  fuselage  as  vibratory 
excitation  through  the  control  system  Thts  considera- 
tion is  discussed  in  Ref.  2 1 . Similar  considerations  ap- 
ply to  any  control  system,  whether  manual,  augmented, 
or  automatic. 

All  rotating  components  such  as  engines,  transmis- 
sion gears,  and  couplings  are  potential  sources  of  vibra- 
tion. These  often  are  mounted  on  resilient  mountings 
that  act  as  isolators  (see  par.  7-7).  For  a general  discus- 
sion of  such  sources,  see  Ref  22. 

5-2.5  GROUND  RESONANCE 

Because  the  instability  known  as  “ground  reso- 
nance" involves  the  dynamics  of  the  airframe  as  well  as 
of  the  rotor,  it  is  appropriate  that  there  should  be  a 
discussion  in  this  paragraph  in  addition  to  that  of  par. 
5-3.3.3.  Presented  here  is  a brief  summary  of  the  classi- 
cal Coleman  theory  (Ret  23)  and  a common  method 
of  evaluating  the  ground  resonance  characteristics  of  a 
rotor-fuselage  combination.  It  should  be  noted  that  this 
type  of  ground  resonance  is  applicable  to  hinged  rotors 
with  small  hinge  offsets  where  there  is  no  consideration 
of  rotor  aerodynamics.  Mechanical  instability  (ground 
and  air)  analysis  of  hingeless  rotors  or  hinged  rotors 
with  large  flap  hinge  offsets  must  include  rotor  aerody- 
namics in  order  to  obtain  meaningful  results.  This  type 
of  mechanical  instability  is  treated  in  Ref.  24  and  dis- 
cussed further  in  par.  5-3.3.3. 

5-2.5. 1 Description  of  the  Phenomenon 

Ground  resonance  is  a self-excited  mechanical  insta- 
bility caused  by  coupling  of  the  motion  of  the  hub  in 
the  plane  of  the  rotor  and  the  motion  of  the  rotor  CG 
due  to  inplane  motion  of  the  blades.  This  potentially 
destructive  instability  usually  occurs  when  the  helicop- 
ter is  on  the  ground  and  the  landing  gear  spring  and 
damping  rates  affect  the  motion  of  the  hub.  The  phe- 
nomenon will  be  discussed  briefly,  first  for  the  common 
case  of  three  or  more  hinged  blades. 

The  inplane  motion  of  the  blades  causes  the  CG  of 
the  rotor  to  be  displaced  from  the  hub.  This  condition, 
for  a four-bladed  rotor,  is  illustrated  in  Fig.  5-1 1. 

This  whirling  of  the  CG  of  the  rotor  in  turn  produces 
an  oscillating  force  on  the  hub.  The  hub  can  be  consid- 
ered to  consist  of  effective  masses,  springs,  and  damp- 
en. These  quantities  reflect  the  characteristics  of  the 
fuselage  and,  in  genernl,  will  be  different  in  the  lateral 
and  fore-and-aft  directions.  The  rotating  force  applied 
to  the  hub  causes  it  to  deflect;  this  motion  in  turn 
applies  forces  to  the  blades,  tending  to  cause  inplane 
motion.  When  this  interaction  is  such  that  the  motions 


Fig.  5-il.  Rotor  Viewed  In  Fixed  System  Oscillating 
in  Ground  Resonance  Mode 


i i 


{.UNSTABLE 
. RANGE 


ROTOR  SPEEDS 


Fig.  5-12.  Plot  of  Roots  of  Undamped  Ground 
Resonance  Equations 


tend  to  increase,  there  is  an  instability.  For  a given  set 
of  parameters,  the  instability  manifests  itself  as  a range 
of  rotor  speeds  in  which  an  unstable  oscillation  will 
occur.  The  solution  obtained  by  solving  Coleman’s 
equations  for  the  case  of  no  damping  is  shown  in  Fig. 
5-12. 

The  phenomenon  for  a one-  or  two-bladed  rotor  is 
essentially  the  same,  except  that  the  unsymmemcal 
condition  introduces  certain  complications  into  the 
equations;  there  are  more  ranges  of  instability  associ- 
ated with  this  condition.  This  is  well  treated  in  Ref.  23. 
Further  physical  descriptions  of  the  phenomenon  are 
given  by  Refs.  25  and  26. 
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S-2.5.2  Important  Parameters 

The  parameters  involved  in  the  computation  of  the 
ranges  of  instability  are  discussed  subsequently. 

There  are  three  quantities  associated  with  the  hub 
degree  of  freedom;  the  effective  mass »».,  the  spring 
constant  K.  and  the  damping  constant  H . In  general, 
there  will  be  several  values  of  each  of  these  parameters 
in  each  direction  depending  upon  the  mode  of  the  fuse- 
lage under  consideration.  For  preliminary  design  of  a 
helicopter,  it  usually  is  sufficient  to  consider  the  fuse- 
lage to  be  a rigid  body  on  the  landing  gear,  which  sup- 
plies all  the  spring  and  damping  effects.  Parameters 
such  as  the  tire  stiffness  (vertical  and  lateral)  and  the 
effect  of  gear  extension  (under  partially  airborne  condi- 
tions) must  be  considered. 

The  parameters  associated  with  the  rotor  are:  blade 
mass  m : lag  hinge  offset  e\ distance  b of  center  of  mass 
of  blade  from  lag  hinge:  radius  of  gyration  r of  blade: 
centering  spring  rate  and  blade  damping  B„.  These 
parameters  are  constants  for  a given  design.  Blades 
without  lag  hinges  may  be  simulated  by  an  effective  lag 
hinge  and  centering  spring  that  will  give  the  same  low- 
est frequency  and  will  approximate  the  mode  shape. 

These  quantities  commonly  are  grouped  into  the  fol- 
lowing dimensionless  parameters: 


(5-18) 


B) 


“ /w. 


where 


are  used  to  represent  the  blade  and  hub  damping,  re- 
spectively. The  rotor  angular  velocity  11  and  the  angu- 
lar whirling  velocity  <u,  measured  in  the  fixed  system 
are  writter  nondimensionally  in  terms  of  w, . 

5-2.5. 3 Method  sf  Analysis 

The  first  step  in  an  analysis  should  be  to  calculate 
any  undamped  instability  ranges.  The  blade  parameters 
are  fixed,  but  ordinarily  there  will  be  several  sets  of  hub 
parameters  to  be  analyzed.  There  should  be  an  analysis 
for  each  hub  natural  frequency  up  to  the  vicinity  of  the 
maximum  operating  rotor  speed.  In  addition,  the  effect 
of  any  parameter  such  as  gross  weight  or  landing  gear 
strut  extension  that  will  affect  the  hub  natural  frequen- 
cies should  be  investigated. 

The  method  given  in  Ref.  23  allows  the  computation 
of  undamped  instability  ranges.  Charts  showing  the 
ranges  for  values  of  A,,  A,,  and  A,  are  given  for 
s - 0.  !.  sc,  for  rotors  with  two  or  more  blades,  where 
s is  the  ratio  of  the  hub  spring  rates  in  the  two  direc- 
tions. Thus  the  charts  touch  the  entire  range  from  rigid 
to  free  in  one  direction  and  include  the  case  of  isotropic 
supports  (s  = t).  The  data  obtained  from  such  a study 
will  give  a good  indication  of  any  potential  instability 
ranges  within  the  operating  conditions  of  the  helicop- 
ter. 

If  an  instability  range  is  indicated  and  the  configura- 
tion is  such  that  blade  and  hub  damping  are  feasible, 
then  it  may  be  possible  to  eliminate  this  unstable  range 
through  the  use  of  dampers.  As  shown  in  Refs.  23  and 
25  for  the  case  of  rotors  with  three  or  more  blades,  a 
specified  product  of  the  two  damping  ratios  is  required. 
This  clearly  implies  that  damping  of  both  the  hub  and 
blade  is  required  to  eliminate  the  instability.  Ref.  25 
gives  an  approximate  form  for  this  product  as 


/ = blade  mass  moment  of  inertia 
about  lag  hinge,  slug-ft 1 
o>r  = hub  natural  frequency 
(reference),  rad/sec 
fi  = mass  ratio  -I-  nm^ 

In  addition,  the  two  dimensionless  parameters 
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A more  detailed  solution,  corresponding  to  the  case 
of  infinite  stiffness  in  one  direction,  has  been  presented 
in  convenient  chart  form  in  Ref.  26. 

For  an  articulated  rotor  with  three  or  more  blades, 
the  usual  means  of  avoiding  the  instability  is  to  use 
appropriate  blade  and  landing  gear  dampers  as  dis- 
cussed previously.  For  two-ciaded  rotors  without 
hinges,  inplane  natural  frequencies  normally  are  above 
the  critical  range  for  ground  resonance.  Therefore  such 
resonance  is  avoided  (Ref.  26).  Because  two-bladed  ro- 
tors with  lag  hinges  are  susceptible  to  shaft-critical 
instabilities  over  a wide  speed  range,  they  are  very  sel- 
dom considered. 


S-2.6  DESIGN  CRITERIA  AND 
CONSIDERATIONS 

With  respect  to  criteria,  information  for  designers  in 
terms  of  allowable  vibration  levels  is  available  from  a 
great  many  sources.  The  only  avai'able  specification 
that  has  vibration  levels  aimed  at  preventing  crew  dis- 
comfort is  M1L-H-8501.  However,  experience  has 
shown  that  the  vibration  levels  specified,  if  strictly  ob- 
served, would  not  yield  a satisfactory  design.  Pitot  and 
passenger  experience  has  shown  that  levels  considera- 
bly below  the  0. 1 5-g  requirement  of  MIL-H-8501  are 
required  for  low  frequency  comfort  (Ref.  27).  More 
realistic  criteria  considering  both  helicopter  reliability 
and  crew  comfort,  based  upon  data  presented  in  Refs. 
27  and  28,  are  being  incorporated  into  new  military 
specifications  superseding  the  MIL-H-8501  vibration 
requirements.  These  new  vibration  characteristics  re- 
quirements are  as  follows: 

1 . Controls.  Vibration  levels  in  any  direction  at  all 
controls  shall  not  exceed  an  acceleration  of0.10g  for 
frequencies  up  to  5 Hr.,  a velocity  of  1.4  in. /sec  for 
frequencies  between  5 and  32  Hz,  and  a double  ampli- 
tude of  0.008  in.  for  frequencies  above  32  Hz.  This 
requirement  shall  apply  at  all  steady  speeds  within  the 
helicopter  design  envelope,  during  slow  and  rapid  tran- 
sitions from  one  speed  to  another,  and  during  transi- 
tions from  one  steady  acceleration  to  another. 

2.  Personnel  stations.  At  the  pilot,  copilot,  and 
passenger  seat  structure  (near  the  floor),  at  the 
pilot  and  copilot  heel  rest  positions  (on  the  floor), 
and  at  litter  stations,  at  all  steady  speeds  between 
30  kt  rearward  and  cruise  velocity  V. . vibratory  ac- 
celeration shall  not  exceed  0.05  g at  or  below  the 
fundamental  main  rotor  passage  frequency  («/rev) 
and  vibratory  velocity  shall  not  exceed  0.6  in. /see  at 
frequencies  greater  than  /»/ rev.  At  steady  speeds 
from  V ,,  to  design  limit  velocity  V,„  the  maximum 
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vibratory  acceleration  at  the  personnel  stations  shall 
not  exceed  0.2  g up  to  20  Hz,  and  vibratory  velocity 
shall  not  exceed  0.7  in. /sec  for  frequencies  greater 
than  20  Hz.  During  slow  and  rapid  linear  accelera- 
tion or  deceleration  between  any  speeds  within  the 
flight  envelope,  vibration  levels  at  the  personnel 
stations  shall  not  exceed  a velocity  of  1.0  in. /sec  for 
frequencies  up  to  50  Hz,  and  a double  amplitude  of 
0.003  in.  for  all  frequencies  above  50  Hz. 

In  the  low-frequency  region  (below  10  Hz),  the  vi- 
bration requirements  are  complicated  hy  the  presence 
of  human  body  responses.  There  is  a vertical  resonance 
near  5 Hz,  while  a resonance  near  2 Hz  is  the  dominant 
mode  in  horizontal  vibration  of  a seated  man.  The 
resonant  frequencies  and  maximum  transmissibilities 
are  affected  by  many  factors  including  muscle  tension, 
body  position  and  posture,  weighi  of  clothing  and 
equipment,  and  the  complexity  of  the  excitation.  Air- 
frame vibration  levels  for  acceptable  comfort  in  the 
cockpit  and  cabin  will  vary  at  low  frequencies  due  to 
the  important  resonances. 

It  should  be  noted  that  these  new  requirements  do 
not  represent  final  comprehensive  vibration  criteria 
relating  to  pilot  and  crew  comfort  and  performances. 
For  example,  the  cumulative  degradation  of  comfort 
caused  by  vibrations  at  more  than  one  frequency  has 
been  disregarded.  Likewise,  the  combined  effects  of 
8-hr  exposure  to  noise,  extreme  temperature,  and  vibra- 
tion upon  pilot  task  performance  have  not  been  ex- 
plored fully. 

Refs.  29  and  30  describe  the  work  completed  in  the 
field  of  visual  disturbances.  The  designer  should  review 
and  utilize  these  data  where  possible. 

5-3  ROTOR  SYSTEM  INSTABILITIES 

5-3.1  GENERAL 

Rotor  system  instabilities  have  been  characterized  by 
a variety  of  names  such  as  flutter,  low-frequency  flut- 
ter, stall  flutter,  wake  flutter,  whirl  flutter,  ground  reso- 
nance, air  resonance,  vertical  bounce,  weaving,  shuf- 
fling, pilot-induced  oscillation  (PIO).  and  others.  A 
more  systematic  way  of  classifying  rotor  system  in- 
stabilities is  according  to  the  essential  mode  contents  of 
the  unstable  oscillations.  In  the  subsequent  discussion, 
unless  otherwise  stated,  the  vibration  modes  and  the 
frequencies  will  be  described  in  a hub-fixed  rotating 
reference  system.  If  we  assume  a rigidly  supported  ro- 
tor hub  and  swashplate,  and  ignore  coupling  effects, 
there  are  three  types  of  structural  modes: 

1.  Blade  pitching  or  torsion  modes  with  angular 
displacements  about  a longitudinal  blade  axis 
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2.  Blade  flapping  or  flap-bending  modes  with  out- 
of-plane  blade  displacements 

3.  Blade  lead-lag  modes  with  inplane  blade  dis- 
placements. 

The  actual  modes  are  coupled  aerodynamically,  elasti- 
cally, and  inertially;  they  include  some  blade  pitching 
or  torsion  and  some  blade  out-of-plane  and/or  inplane 
motion. 

With  respect  to  the  principal  mode  contents,  the 
designer  can  distinguish  among  three  types  of  instabili- 
ties: 


r 


1.  Blade  flutter 

2.  Flapping  instability 

3.  Lead-lag  instability. 

Blade  flutter,  including  wake  and  stall  flutter,  essen- 
tially involves  a blade  pitching  or  torsional  mode  that 
may  or  may  not  be  coupled  with  out-of-plane  or  inplane 
blade  modes.  The  flutter  frequency  is  equal  to  or  lower 
than  the  corresponding  natural  frequency  of  the  purely 
structural  torsional  mode.  Flapping  or  flap-bending  in- 
stability involves  an  out-of-plane  blade  mode  that  may 
or  may  not  be  coupled  with  blade  pitch,  torsion,  or 
lead-lag  motions.  The  instability  occurs  at  high  rotor 
advance  ratios  and,  depending  upon  aerodynamic  cou- 
pling effects,  may  have  a frequency  substantially  differ- 
ent from  the  natural  frequency  of  the  corresponding, 
purely  structural  out-of-plane  mode.  Lead-lag  instabil- 
ity involves  an  inplane  blade  mode  and  may  or  may  not 
be  coupled  with  blade  torsional  or  out-of-plane  mo- 
tions. This  type  of  instability  is  easiest  to  identify  be- 
cause, even  in  the  case  of  coupling  with  either  torsion 
or  out-of-plane  blade  motions,  it  occurs  with  a fre- 
quency approximately  equal  to  the  natural  frequency  of 
the  corresponding  structural  inplane  mode. 

In  addition  to  the  oscillatory  types  of  instabilities, 
there  are  aperiodic  divergences.  Frequently,  the 
analytically  easier-to-determine  aperiodic  divergence 
boundary  is  only  slightly  different  from  the  oscillatory 
stability  boundary  and.  therefore,  can  be  used  as  an 
approximation  of  the  latter. 

If  the  previous  assumption  of  a rigidly  supported 
rotor  hub  and  swashplate  is  removed,  there  are  several 
ways  in  which  single-blade  modes  can  be  coupled.  The 
flutter  modes  of  the  single  blades  are  coupled  through 
swashplate-tilting  and  swashplate-vertical  motions. 
The  flapping  and  flap-bending  modes  of  the  single 
blades  are  coupled  through  hub-tilting  and  hub-vertical 
motions.  The  lead-lag  modes  of  the  single  blades  are 
coupled  through  hub-lateral  and  rotational  motions. 
Finally,  couplings  between  the  individual  blades  can 
occur  if  blade  flapping  deflection  or  flapping  moment 
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signals  are  fed  back  into  collective  or  cyclic  pitch  con- 
trols. 

All  coupled  blade  modes  are  characterized  by  the 
fact  that  each  blade  performs  the  same  oscillation  as 
every  other  blade  except  for  a difference  in  phase. 
There  are  four  types  of  multiblade,  coupled,  modes: 

1 . Collective  modes,  where  the  phase  angles  of  all 
blade  oscillations  are  identical 

2.  Differential  collective  modes,  which  are  possi- 
ble only  for  even-bladed  rotors,  where  the  oscillations 
of  subsequent  blades  are  in  counter  phase 

3.  Regressing  modes,  where  the  location  of  maxi- 
mum blade  deflection  rotates  in  a rotor-fixed  reference 
system  opposite  to  the  direction  of  rotor  rotation 

4.  Advancing  modes,  where  the  location  of  maxi- 
mum blade  deflection  rotates  in  a rotor-fixed  reference 
system  in  the  direction  of  rotor  rotation. 

If  we  count  positions  of  the  blades  in  the  direction  of 
rotation  from  0 to  the  n — I,  and  if  we  assume  that 
each  blade  oscillates  with  a circular  frequency  r«j,  then 
Fig.  5-13  represents  the  phase  relationship  for  the  first 
regressing  mode.  The  deflection  y)k  of  Blade  No.  0 as  a 
function  of  eo/is  shown  in  the  curve.  Blade  No.  1 leads 
in  pnase  by  2-n/n ; Blade  No.  (n  — 1)  lags  in  phase  by 
2ir/n.  Fig.  5-13  shows  Blade  No.  0 in  its  maximum 
deflection.  After  elapse  of  a time  2v/(a>n),  Blade  No. 
(tt  — 1)  will  reach  maximum  deflection.  The  location 
of  maximum  blade  deflection,  therefore,  rotates  back- 
ward with  respect  to  rotor  rotation.  Fig.  5-14  repre- 
sents the  phase  relationship  for  the  first  advancing 
mode.  Blade  No.  1 lags  in  phase  by  2 rr/rt,  and  the 
location  of  maximum  blade  deflection  rotates  forward 
with  respect  to  the  sense  of  rotor  rotation. 

The  second  regressing  and  advancing  modes  are  char- 
acterized by  Blade  No.  1 leading  and  lagging  respec- 
tively Blade  No.  0 in  phase  angle  by  47t/«,  the  third 
regressing  and  advancing  modes  by  a leading  and  lag- 
ging phase  angle  respectively  of  trn/n,  etc.  The  /rth 
blade  is  identical  to  the  0th  blade  and,  with  respect  to 


Fig.  5-13.  Phase  Relations  of  Blades  <//  l),  0,  1 

in  Regressing  Mode 
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the  Oth  blade,  must  have  a phase  lead  or  tag  equal  to 
a multiple  of  2w. 

For  even-bUded  rotors,  the  phase  difference  of  the 
oscillations  of  subsequent  blades  can  be  ±ir.  In  this 
case,  the  regressing  and  advancing  modes  are  identical 
and  such  a mode  suitably  is  called  a differential  collec- 
tive mode,  represented  in  Fig.  5-15. 

For  an  w-bladed  rotor  it  is  necessary  to  introduce 
it  multiblade  generalized  coordinates.  For  a two-bladed 
rotor,  the  two  multiblade  coordinates  describe  the 
mode  contents  of  the  collective  and  differential  collec- 
tive modes.  For  a three-bladed  rotor,  the  three  multi- 
blade  coordinates  describe  the  mode  contents  of  the 
collective  and  the  first  regressing  and  the  first  advanc- 
ing modes.  For  a four-bladed  rotor  the  four  multiblade 
coordinates  refer  to  the  collective,  the  differential  col- 
lective, and  the  first  regressing  and  the  first  advancing 
modes.  For  a five-bladed  rotor,  the  five  multiblade 
coordinates  describe  the  mode  contents  of  the  collec- 
tive, the  first  and  second  regressing,  and  the  first  and 
second  advancing  modes,  etc.  The  differential  collec- 
tive and  the  higher-than-first  regressing  and  advancing 
modes  are  self-contained  and  do  not  feed  forces  or 
moments  into  the  airframe.  However,  due  to  their  aero- 
dynamic coupling  with  the  other,  nonself-contained 
modes,  they  influence  the  dynamic  stability  limits. 

Much  of  the  published  dynamic  stability  work  is 
limited  to  single-blade  treatments.  The  earliest  and  best 
known  multiblade  analysis  concerns  mechanical  insta- 
bility, or  ground  resonance,  when  the  first  regressing 


Fig.  M4.  PhtM  Relation  of  Blades  («  - 1),  0, 1 
In  Advancing  Mode 


Fig.  5-15.  Phase  Relations  of  Blades  (n  — I),  0, 1 
in  Differential  Collective  Mode 
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lead-lag  mode  becomes  unstable.  The  phenomenon 
called  air  resonance  is  similar,  except  for  the  inclusion 
of  aerodynamic  effects,  whereby  instability  also  can 
occur  in  the  first  advancing  lead-lag  mode.  Whirl  flut- 
ter is  a rotor-airframe  instability  involving  advancing 
or  regressing  flapping  or  flap-bending  modes.  Vertical 
bounce  involves  an  unstable  collective  flapping  or  flap- 
bending  mode,  while  PIO  can  be  produced  by  pilot 
coupling  with  either  advancing  or  regressing  flapping 
or  lead-lag  modes.  Finally,  it  has  been  established  that 
coupling  of  blade  modes  resulting  in  unstable  charac- 
teristics is  possible  not  only  through  hub  and  swash- 
plate  motions  or  feedback  controls,  but  also  through 
purely  aerodynamic  blade  coupling  whereby  the  tip 
vortices  of  one  blade  affect  the  lift,  drag,  and  torsional 
moments  of  the  trailing  blade. 

5-3.2  SINGLE-BLADE  INSTABILITY 
ANALYSES 

The  single-blade  analysis  assumes  that  the  hub  and 
the  swashplate  are  supported  rigidly.  Usually  such  an 
analysis  will  provide  only  a crude  approximation  of  an 
instability,  the  actual  stability  limit  being  lowered  or 
raised  by  the  various  coupling  mechanisms  between 
blades.  The  fact  that  a single-blade  analysis  does  not 
uncover  any  instability  should  not  preclude  further 
probing  or  studying  of  multiblade,  coupled  rotor-air- 
frame instabilities,  which  will  be  discussed  later. 

5-3.2. 1 Single-blade  Flutter  and  Torsional 
Divergence 

Most  flutter  work  has  been  done  for  zero  rotor  ad- 
vance ratio.  In  this  case  there  are  three  types  of  flutter: 
classical,  wake,  and  stall. 

A classical  flutter  analysis  (Ref.  31)  is  similar  to  that 
for  a fixed  wing  except  that  the  variation  of  relative 
airspeed  over  the  blade  length  is  considered  in  a type 
of  strip  analysis  and  that  additional  terms  from  Coriolis 
accelerations  are  included.  Reduced  frequencies 
ba/  Ffor  helicqpter  blades  are  in  the  order  of  0. 1 to  0.3, 
using  a representative  velocity  Fat0.7/?or0.8/?,  where 
b is  the  half-chord  of  the  blade  in  ft,  to  is  the  angular 
frequency  of  the  blades  in  rad/sec,  Pis  the  relative  flow 
velocity  in  ft/sec,  and  R is  the  rotor  radius  in  ft.  Ac- 
cording to  classical  flutter  theory,  oscillatory  angle  of 
attack  changes  produce  a lift  that  is  smaller  than  for  the 
equilibrium  condition  and  that  lags  in  phase.  Lift  defi- 
ciency and  phase  lag  are  functions  of  the  reduced  fre- 
quency bo>/  F(see  Fig.  5-16).  The  pitching  inertia  of  the 
blade  is  increased  by  an  aerodynamic  term,  and  there 
is  an  aerodynamic  pitch  damping  term.  Often  it  is  pos- 
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Fig.  5*1$.  Lift  Deficiency  OA/OB  and  Phase  Las  4> 
vs  Reduced  Frequency  bta/  V 


sible  to  omit  the  phase  lag  of  the  lift,  the  aerodynamic 
pitching  inertia,  and  the  aerodynamic  pitch  damping: 
this  is  called  the  “quasi-static’'  approach.  In  a further 
simplification,  all  damping  terms  are  omitted — includ- 
ing the  vertical  damping.  One  then  obtains  a system 
that  is  conservative  over  the  entire  speed  range  up  to 
the  flutter  speed  and  that  now  is  characterized  by  a 
coalescence  of  the  torsional  and  an  out-of-plane  mode. 
In  many  cases  the  approximation  for  this  frequency 
coalescence  method  is  quite  good. 

The  principal  parameter  determining  the  flutter 
speed  is  the  offset  of  the  chordwise  CG  from  the  aero- 
dynamic center  (a.c.).  If  this  offset  is  zero,  flutter  usu- 
ally is  not  possible.  For  a given  aft  location  of  the  CG 
with  respect  to  the  a.c.,  increasing  torsional  stiffness 
tends  to  increase  the  flutter  speed.  However,  the  situa- 
tion is  more  complex  when  pitch-flap  coupling  is  used 
that  can  lead  to  flutter  in  a higher  flap-bending  mode. 
Because  most  helicopter  blades  are  designed  so  that 
chordwise  CG  and  a.c.  are  close  together,  flutter  rarely 
has  been  a problem  at  zero  advance  ratio. 

At  low  blade  angles  of  attack  and  at  low  lift,  wake 
flutter  may  develop.  This  is  caused  by  a rotor  blade 
operating  close  to  its  own  wake  or  to  that  of  thr.  preced- 
ing blade  (Ref.  32).  Flutter  of  this  type,  if  it  occurs, 
disappears  with  increasing  lift  and  increasing  advance 
ratio. 

At  high  blade  angles  of  attack,  stall  flutter  may  devel- 
op. This  is  caused  by  a hysteresis  loop  of  pitching 
moment  versus  angle  of  attack  feeding  energy  into  the 
pitching  oscillation.  Data  on  oscillating  airfoil  charac- 
teristics in  the  vicinity  of  stall  are  scarce.  Ref.  33  in- 
cludes such  data  for  a NACA  0012  airfoil.  Fig.  5-17 
taken  from  Ref.  34  shows  a flutter  boundary  measured 
with  a single-blade  rotor  versus  blade  pitch  angle  for  a 
NACA  23012  airfoil  when  the  chordwise  CG  is  at  37% 
and  the  elastic  axis  at  26%.  The  flutter  speed  drops 
rapidly  with  increasing  blade  pitch  angle.  Classical  flut- 
ter theory  evaluated  in  Ref.  3 1 results  in  this  case  in  a 
reduced  flutter  speed  of  V/(ba),)  = 5 and  a flutter 
frequency  ratio  of  a>/a>,  = 0.47,  where  Fis  taken  at 
0.8/J  and  u>,  is  the  natural  frequency  of  the  blade  in 
torsion.  The  experimental  flutter  frequency  a>  is  about 
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0.7  <t>,  at  low  blade  pitch  and  increases  to  ot,  at  high 
blade  pitch.  Fig.  5-17  should  be  considered  merely  as 
an  example  and  not  as  a typical  case.  The  unsteady 
airfoil  moment  characteristics  depend  in  a complex 
manner  upon  Mach  number,  Reynolds  number,  mean 
angle  of  attack,  amplitude  of  angle  of  attack,  and  re- 
duced frequency,  The  available  data  for  NACA  0012 
and  23010  oscillating  airfoils  show  maximum  unstable 
pitching  moment  characteristics  for  mean  angles  of  at- 
tack of  15  to  20  deg,  reduced  frequencies  of  0.2  to  0.4, 
and  Mach  numbers  of  0.3  to  0.4.  Stable  pitching  mo- 
ments occur  at  both  lower  and  higher  values  of  mean 
angles  of  attack,  of  reduced  frequency,  and  of  Mach 
number. 

Correlation  of  analytical  and  experimental  results  on 
single-blade  flutter  usually  is  not  very  good,  even  at 
zero  advance  ratio.  For  forward  flight  conditions,  with 
their  time-variable  relative  velocities,  no  valid  flutter 
analysis  is  available  at  present.  However,  a frozen 
azimuth  type  of  flutter  analysis  can  be  useful  in  order 
to  avoid  large  blade  loads,  because  such  high  loads 
invariably  occur  in  conditions  for  which  the  frozen 
azimuth  analysis  predicts  flutter.  The  two  most  critical 
azimuth  angles  (measured  counterclockwise  from  the 
rear  of  the  rotor  disk)  are  90  deg,  where  the  relative 
velocity  is  maximum,  and  270  deg.  where  the  angle  of 
attack  is  maximum  and  where  conditions  of  reversed 
flow  exist  over  a portion  or  all  of  the  blade.  Fig.  5-18, 
taken  from  Ref.  31,  shows  the  torsional  amplitude  ver- 
sus chordwise  CG  location,  computed  from  a sophis- 
ticated single-blade  program,  for  an  articulated  blade 
operating  at  advance  ratio  jx  = 0.3  at  low  pitch.  If  the 
90-deg  azimuth  condition  is  frozen,  the  blade  flutters  at 
an  aft  chordwise  CG  position  of  somewhat  above  0.10. 
While  actual  flutter  does  not  occur  because  of  the  tran- 
sient nature  of  this  condition,  the  frozen  azimuth  flut- 
ter limit  does  indicate  a region  of  rapidly  increasing 
torsional  amplitude.  Exceeding  this  limit  would  lead  to 
excessive  blade  loads  or  deflections. 

Similarly,  the  270-deg  frozen  azimuth  flutter  limit 
provides  a useful  indication  of  the  upper  advance  ratio 
boundary  that  would  lead  to  rapidly  increasing  tor- 
sional loads  and  deflections.  For  advance  ratios  or  one 
or  more,  when  the  entire  retreating  blade  expcriei.r..* 
reversed  flow  and  when  the  aft  chordwise  CG  location 
with  respect  to  the  reversed  flow  a.c.  is  about  0.5.  the 
270-deg  frozen  azimuth  flutter  limit  is  quite  close  to  the 
corresponding  torsional  divergence  limit,  which  is 
easier  to  compute.  Fig.  5-19,  taken  from  Ref  35.  shows 
for  a nonarticulated  rotor  the  computed  torsional  stress 
amplitude  versus  advance  ratio  q.  together  with  the 
270-deg  frozen  azimuth  torsional  divergence  limit  fot 
an  advancing  blade  tip  Mach  number  of  0.85.  Again  it 
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Fig.  5-17.  Expsrimcatal  Reduced  Flatter  Speed  V/{ba)  xad  Flatter  Frequency 
(d/cu,  for  Single  Blade  With  37%  Chordwtot  CG  Location 


is  seen  that  the  torsional  frozen  azimuth  divergence 
boundary  is  in  a region  of  rapidly  increasing  torsional 
stress  amplitudes.  The  torsional  divergence  boundary 
at  270  Jeg  azimuth  is  an  important  limitation  to  high 
advance  ratio  operation.  Fig.  5-20.  also  taken  from  Ref. 
35.  shows  this  limitation  in  the  form  of  such  a boundary 
intersecting  the  boundary  of  0.85  Mach  number  at  the 
advancing  blade  tip. 

S-3.2.2  Single-blade  Flapping  Instability 

In  a vertical  or  low  advance  ratio  flight  condition, 
blade  flapping  instability  is  possible  in  the  case  of  a 
power  failure  without  a sufficiently  rapid  reduction  in 
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Fig.  5-19.  Torsional  Stress  Amplitude  vs  Advance 
Ratio,  Nonardculated  Blade 


blade  pitch  to  values  within  the  autorotational  range. 
In  this  case,  rotor  speed  is  lost  and  helicopter  sinking 
speed  is  increased  until  the  up-flow  velocity  through 
the  rotor  produces  an  up-flapping  aerodynamic  mo- 
ment on  the  blade  that  no  longer  can  be  balanced  by  the 
down-flapping  moment  of  the  centrifugal  force.  At 
high  advance  ratio  this  situation  also  can  occur  without 
power  failure- -if  a frozen  azimuth  angle  of  180  deg  is 
consideied.  Fc  • a rigid  blade  hinged  at  the  rotor  center 
and  on  the  assumption  that  the  quasi-steady  aerody- 
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namic  analysis  of  Ref.  36  is  valid,  flapping  divergence 
at  180-deg  azimuth  will  occur  for 


(5-22) 


ferential  equations  with  periodic  coefficients.  The  tran- 
sient solution  to  such  a system  of  equations  can  be 
written  in  the  form 


M = M(01  [<»*  «xp  (X*  + /co*)]  (5-23) 


! This  limit  is  shown  in  Fig.  3-21  for  a tip  loss  factor  of 
B = 0.97  and  for  values  of  pitch-flap  coupling  ratio 
I O^ofOand  —0.3.  Because  of  the  transient  nature  of  the 

frozen  azimuth  unstable  condition,  actual  instability  of 
the  blade  occurs  at  substantially  higher  values  of  rotor 
advance  ratio  M and  Lock  number  y,  and  is  of  an 
oscillatory  type.  It  is  interesting,  however,  that  the 
frozen  azimuth  divergence  limit  usually  agrees  with  an 
entirely  different  limit  computed  in  Ref.  37  and  also 
shown  in  Fig.  3-21  in  dashed  lines.  The  Ref.  37  limit 
was  obtained  by  calculating,  for  a condition  of  blade  tip 
Mach  No.  0.85,  the  maximum  flapping  angle  following 
a sudden  gust  input  of  30  fps  at  zero  azimuth  and 
limiting  this  maximum  flapping  angle  to  13  deg.  The 
beneficial  effect  of  negative  pitch-flap  coupling  ratio 
Op  (positive  8])  is  evident  for  both  sets  of  limit  curves. 
This  result  is  for  a rigid  blade  only,  and  blade  flexibility 
in  torsion  and  bending  has  a very  significant  effect,  as 
will  be  shown  later. 

By  use  of  the  linearized  flapping  equations  as  given 
in  Ref.  36,  it  is  possible  to  define  a flapping  stability 
margin  with  the  help  of  Floquet’s  theory  of  linear  dif- 


Fig.  5-21.  Frozen  Azimuth  Flapping  Instability 
Boundary 


Fig.  5-20.  Boundary  from  Advancing  Tip  Mach  No.  0.85  and  270-deg  Azimuth 
Divergence  Limit  for  Torsional  Blade  Stiffness  Parameter  2GJ/(2npc}  R2)  = 

ll,000(fps)1 
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where 


J 


f xj  = column  matrix  of  state 
variables 

[A(i)]  = matrix  of  periodic  time 
functions 

a*  = constants  derived  from  initial 
conditions 

exp(A*  + io>i)  — complex  eigenvalues  of  the 
transition  matrix  [Q  defined  by 


\x(T)\  = IQ]  |x(0)} 


(5-24) 


where 


T = 2ir/ft  is  the  period,  sec. 


The  eigenvalue  of  [ Q]  with  the  largest  absolute  value 
corresponds  to  the  least  stable  mode.  If  the  absolute 
value  of  an  eigenvalue  is  larger  than  one,  the  corre- 
sponding mode  is  unstable.  The  real  part  A also  can  be 
used  as  a stability  measure,  with  negative  A indicating 
stability  and  positive  A instability.  A practicable  way  of 
computing  the  transitional  matrix  [0]— also  applicable 
for  multiblade  stability  problems — is  given  in  Ref.  38. 
Fig.  5-22  taken  from  Ref.  38  shows  lines  of  constant 
A in  a y — p plot  for  an  articulated  blade.  The  dashed 
lines  separate  three  regions  where  «/ft  — 1/2, 
ta/Cl  = 1 .0  and  where  «/ft  varies.  The  dash-dot  curve 
represents  a ridge  line.  If,  at  a given  y,  the  advance  ratio 
H is  increased  beyond  this  line,  the  damping  — A deteri- 
orates rapidly  until  the  blade  motion  becomes  unstable 
at  A =0.  Comparing  this  ridge  line  with  the  180-deg 
azimuth  flapping  divergence  limit  for  6P  — 0 of  Fig. 
5-21,  it  is  seen  that  excellent  damping  of  the  blade 
transient  motion  is  retained  considerably  beyond  the 
180-deg  frozen  azimuth  flapping  stability  boundary. 

A hingeless  rotor  blade  can  be  represented  approxi- 
mately by  an  articulated  rigid  blade  with  an  elastic 
hinge  restraint.  An  example  of  the  effect  of  elastic  hinge 
restraint  upon  the  flapping  stability  limit  is  shown  in 
Fig.  5-23  taken  from  Ref,  36.  The  parameter  P is  the 
ratio  of  blade  natural  frequency  with  elastic  restraint  to 
that  without  restraint,  and  P:  — 1 is  proportional  to 
the  hinge  spring  constant.  The  boundary  in  Fig.  5-23 
is  for  an  advance  ratio  of  p = 2.4;  it  shows  that  the 
instability  is  most  severe  at  a blade  inertia  number 
(Lock  number)  of  y — 8 and  that,  for  an  elastic  root 
restraint  parameter  (P2  — 1)  > 0.7,  no  instability  is 
possible  at  p = 2.4. 

An  example  of  the  effects  of  torsional  flexibility,  flap- 
bending  flexibility,  and  pitch-flap  coupling  ratio  9P  on 
the  flapping  stability  of  an  articulated  blade  is  shown 
in  Fig.  5-24  taken  from  Ref.  39.  Linearized  aerodynam- 
ics, including  reversed  flow  effects  but  excluding  com- 
pressibility effects,  have  been  used;  and  time  histories 


after  a disturbance  have  been  computed.  An  amplitude 
ratio  of  subsequent  oscillations  of  1.0  represents  the 
stability  boundary.  For  most  cases  the  frequency  of  the 
unstable  mode  is  ft/2;  for  some  cases  it  is  ft.  The 
270-deg  azimuth  torsional  divergence  limit  also  is 
shown  and  agrees  well  with  the  stability  limit  including 
torsional  flexibility.  The  natural  frequencies  of  the  tor- 
sional and  flap-bending  modes  are  w,  — 10ft  and 
<i>4  = 2.5ft,  respectively.  In  spite  of  the  high  torsional 
stiffness,  the  flapping  stability  limit  is  reduced  substan- 
tially by  including  torsional  flexibility.  Also,  the  effect 
of  pitch-flap  coupling  9P  is  reversed  due  to  torsional 
flexibility,  — 0p  improving  the  stability  of  the  tor- 
sionally  rigid  blade  but  reducing  the  stability  limit  of 
the  torsionally  flexible  blade.  The  inclusion  of  flap- 
bending flexibility  has  little  effect  when  0B  — 0 but 
further  reduces  the  stability  in  the  presence  of  pitch- 
flap  coupling  Qp  < 0.  The  latter  effect  is  caused  by  an 
increase  in  blade  pitch  with  up-blade  deflection  in  the 
blade  tip  region,  because  an  up-tip  deflection  corre- 
sponds in  the  first  flap-bending  mode  to  a down-slope 
of  the  blade  centerline  at  the  hinge.  In  spite  of  the  fact 
that  pitch-flap  coupling  is  beneficial  for  the  flapping 
stability  of  a rigid  blade,  it  actually  is  detrimental  to  the 
flapping  stability  in  all  nracticable  blade  designs. 

However,  the  results  of  Ref.  39,  without  flap-bend- 
ing, have  been  confirmed  in  Ref.  40,  which  shows  for 
some  examples  that  dynamic  instability  for  uncoupled 
blade  torsion  occurs  a*  an  advance  ratio  only  slightly 
higher  than  that  for  270-deg  azimuth  torsional  diver- 
gence. 

Ref.  41  reports  on  a case  where  an  instability  with  a 
frequency  of  ft/2  at  a much  lower  advance  ratio  of 
p — 0.5  was  observed  in  flight.  It  appeared  to  be  a 
limit-cycle  phenomenon  and  the  amplitude  of  the  self- 
excited  oscillation  was  a function  of  the  advancing 
blade  tip  Mach  number.  By  feeding  some  hypothetical 
nonlinear  blade-pitching-moment  characteristics  into 
an  available,  elaborate,  nonlinear  single-blade  com- 
puter program,  the  phenomenon  could  be  reproduced 
analytically.  It  was  concluded  that  the  instability  was 
caused  by  statically  unstable  pitching  moments  occur- 
ring at  high  subsonic  Mach  numbers  at  small  or  nega- 
tive blade  tip  angles  of  attack.  Hence  the  instability 
boundary  should  be  increased  when  thinner  blade  tip 
sections  are  used.  The  observed  instability  shows  that 
high  subsonic  advancing  blade  tip  Mach  numbers  may 
be  critical  with  respect  to  subharmonic  self-excited  os- 
cillations. 

Except  for  this  Mach  number  effect,  both  the  1 80- 
deg  frozen  azimuth  flapping  divergence  limit  and  the 
270-deg  frozen  azimuth  torsional  divergence  limit  are 
useful  indicators  of  severe  rotor  operational  conditions. 
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Fig.  5-72.  Damping  Levels  of  Articulated  Blade,  B — 1.00 


LOCK  NUMBER  y 

Fig.  5-23.  Flapping  Stability  Boundary  for  Rigid 
Articulated  Blade  Wtth  Elastic  Root  Restraint 

While  the  180-deg  flapping  divergence  limit  can  be 
exceeded  substantially  without  encountering  actual  in- 
stability, the  270-deg  torsional  divergence  limit  is  a 
reasonable  approximation  for  the  dynamic  instability 
that  may  occur  earlier,  particularly  when  using  a pitch- 
flap  coupling. 
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Fig.  5-24.  Amplitude  Ratio  vs  Advance  Ratio  for 
Articulated  Blade,  y = 5 With  and  Without 
Torsional  and  Flap-bending  Flexibility 
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5-3.2 -3  Single-blade  Coupled  Pitch-flap-lag 
Instability 

The  concept  of  single-blade  lead-lag  motions  as- 
sumes that  the  shaft  rotates  with  uniform  angular 
velocity.  Because  the  shaft  is  relatively  flexible  in  tor- 
sion, this  assumption  is  not  valid  for  collective  lead-lag 
motions,  when  alt  blades  move  simultaneously  fore  or 
aft.  However,  for  cyclic  lead-  lag  motions,  for  which  the 
resulting  shaft  torque  is  zero,  the  concept  of  single- 
blade  lead-lag  motions  is  a good  approximation  if  cou- 
pling between  the  blades  from  horizontal  hub  motions 
can  be  ignored. 

Single-blade  pitch-flap-lag  instability  basically  is  a 
nonlinear  phenomenon  and  involves  the  product  of 
flapping  angle  and  rate  of  flapping.  The  flapping  rate 
is  proportional  to  the  Coriolis  acceleration  in  the  plane 
of  rotation.  One  can  linearize  the  problem  by  stipulat- 
ing a mean  coning  angle  /30  about  which  comparatively 
small  flapping  oscillations  take  place.  The  lead-lag  os- 
cillation is  damped  negatively,  or  amplified,  if  the  lead- 
lag  damping  ratio  t]{  satisfies  the  condition 


(5-25) 


where 


o>, 


= undamped  lead-lag  frequency 
ratio,  w{/n,  dimensionless 
0{  = pitch-lead  coupling  ratio, 
dO/d£,  dimensionless 

This  stabi'  ty  criterion  was  established  first  in  some- 
what different  form  (Ref.  42).  It  is  applicable  to  hinged 
blades,  when  o>{  is  small,  and  indicates  that  kinematics 
that  result  in  an  increase  in  pitch  with  lead  angle  should 
be  avoided  unless  one  is  sure  that  adequate  lead-lag 
damping  always  is  present  to  overcompensate  for  the 
negative  damping  from  the  pitch-lead  coupling.  On  the 
other  hand,  with  a negative  6(  (increase  in  blade  pitch 
with  lag  angle),  considerable  damping  of  the  lead-lag 
mode  is  possible  at  positive  coning  (mean  flapping) 
angle  /30  However,  the  sign  of  the  damping  is  reversed 
with  a reversal  of  the  sign  for  /30,  so  this  method  of 
damping  the  lead-lag  motion  is  not  feasible  unless  nega- 
tive mean  flapping  angles  can  be  avoided  or  kept  small. 

Pitch-lag  coupling  is  possible  not  only  from  control 
linkage  kinematics  but  also  from  torsional  flexibility. 
Assume,  for  example,  a hingeless  blade  with  preconed 
feathering  axis  and  a low  lead-lag  natural  blade  fre- 
quency. The  vibration  mode  then  has  little  damping, 
and  elastic  coupling  effects,  although  smalt,  may  pro- 
duce instability.  Fig.  5-25  shows  a rotor  operating  with 
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Fig.  5-25.  Hingeless  Blade  in  Drooped  and  Leading 
Position 


less  lift  than  is  designed  into  the  preconing  angle.  The 
blade  is  shown  in  a drooped  and  leadrng  position.  The 
forward  inertia  forces  and  the  lift  forces  have  pitch-up 
moments  with  respect  to  the  feathering  axis,  resulting 
in  an  elastic  pitch-lead  coupling  that  may  produce  in- 
stability. 

For  a lead-lag  oscillation  frequency  ratio  o>{  > 1 , 
and  again  assuming  the  undamped  blade  flapping 
frequency  ratio  ~ 0.  the  instability  criterion  of 
Eq.  5-25  is  replaced  by 


8^(1  -wr2) 


(5-26) 


For  positive  0O,  instability  now  occurs  for  negative 
0{,  or  decrease  of  blade  pitch  with  lead. 

The  evaluation  of  the  available  lead-lag  damping 
ratio  r){  is  difficult.  The  aerodynamic  damping  dep  nds 
upon  the  shaft  power  and  is  larger  for  powered  flight 
than  for  autorotational  flight.  Because  of  the  usual  non- 
linearity in  the  damping  characteristics,  the  mechanical 
lead-lag  damping  also  is  difficult  to  evaluate,  particu- 
larly in  the  presence  of  forced  lead-lag  motions  that  can 
reduce  drastically  the  available  damping  for  the  poten- 
tially unstable  natural  lead-lag  mode.  Some  of  these 
effects  are  analyzed  in  Ref.  43. 

A mild  instability  also  can  occur  for  = 0,  as 
shown  in  Ref.  44,  When  the  flapping  natural  frequency 
term  \/\  + and  the  lead-lag  natural  frequency 
u><  are  not  too  different  from  each  other,  one  obtains 
the  instability  criterion 
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The  conclusion  obtained  in  Ref.  44,  namely,  that  insta- 
bility for  hingeless  rotors  is  possible  only  when  blade  4>j  ~ 

flapping  frequency  <HB  #=  0,  differs  from  the  conclu- 
sions of  Ref.  43.  A simplified  expression  representing 
the  potentially  destabilizing  flap-lag  coupling  is  pre-  4>T  = ~^n-i 

sented  in  Ref.  43  as 


- Ev,/M/" 

n k=Q 


v'r* 1 ‘ ",V"  ivT*  t • 


(5-30) 


d’less  (5-28) 


where,  by  use  of  a simple  approximation  of  the  inflow 
parameter, 


^ = 200 


(5-29) 


p2=V+1 


where  tj*  is  the  deflection  of  the  *th  blade. 

It  is  shown  in  Ref.  46  that,  for  the  problem  of  ground 
resonance,  only  the  equation  for  <f>,  is  coupled  with  the 
rotor  support  equation  of  motion,  while  the  equations 
for  4>pj  being  other  than  1 or  n — 1,  are  uncoupled. 
The  solution  for  <f>,  provides  what  were  called  the  first 
advancing  and  the  first  regressing  modes  in  par.  5-3.1. 
However,  for  problems  other  than  ground  resonance, 
forward  flight  rotor  aerodynamics  generates  coupling 
terms  between  all  of  the  multiblade  mode  equations. 

From  a point  of  view  of  easy  visualization  of  the 
multiblade  modes,  it  is  preferable  to  use  real  rather 
than  complex  multiblade  coordinates.  The  deflection  of 
the  *th  blade  then  is  given  in  terms  of  such  coordinates 
Vi  by 

■nk  = »?0  + Vd(- 1 )k  + Vj  cos  Ipk  + Vlf  sin  i>k 

+ r?/;/  cos  (2*1/ k)  + nIV  sin  (2i pk)  + •••  (5-31) 


It  can  be  seen  that  flap-lag  coupling  does  not  vanish 
when  — 0 (p  — 1).  The  discrepancy  between  the 
two  conclusions  is  attributed  to  the  difference  in  the 
derivation  of  the  aerodynamic  flap  and  lead  moments, 
as  discussed  in  Ref.  45. 

Stability  criteria  as  in  Eqs.  5-25,  5 26,  5-27,  and  5-28 
should  be  considered  only  as  first  approximations  for 
preliminary  design  purposes.  The  actual  limits  require 
more  complete  representations  of  the  rotor  and  a more 
accurate  evaluation  of  the  stability  criterion. 


* = 0,2 n-  1 

where 

v|/  = blade  azimuth  angle,  rad 
For  n blades  the  n generalized  multiblade  coordinates 
are  taken  as  the  first  n of  the  quantities  ij/t 

Vu-  Vm-  V iv-  whereby  the  differential  collective  coordi- 
nate 17^  occurs  only  in  even-bladed  rotors.  Inverting  Eq. 
5-31  for  n blades  one  obtains 


5-3.3  COUPLED  ROTOR/AIRFRAME 
INSTABILITY  ANALYSES 

Most  actual  rotor  instabilities  involve  essential  cou- 
pling effects  between  blades.  In  the  dynamic  analysis, 
individual  blade  coordinates  can  be  used  to  evaluate  the 
system  of  coupled  equations  for  the  individual  blades, 
as  in  Ref.  38.  However,  it  is  better  to  introduce  general- 
ized multiblade  coordinates,  because  the  mode  shapes 
then  are  easier  to  interpret.  This  allows  presentation  of 
the  distinction  between  essential  and  nonessential 
modes  contributing  to  an  instability.  Generalized  mul- 
titape lead-lag  coordinates  first  were  introduced  in 
Ref.  46  in  the  form  of  complex  numbers 

5-26 


j n- 1 

nk 

k=0 

*=0 


(5-32) 


2 n~  1 

*/=n  E Vkcos4>k 
0 


2 ft -1 

*//=7rE  ^ sin 

*= 0 


(5-33) 
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2 n- 1 

%rn'H  nkem{2 +k) 

kB 0 
2 n~l 

”*sin<2**> 

kB0 


(5-34) 


where 


tf.  = S2f  + . A - 0, 1 n - 1 (5-35) 

* /i 


The  cyclic  modes  i],.  ij„.  r),„.  rj/y.  etc.,  are  seen  as 
nonrotating  modes.  For  example,  if  i)  represents  Hap- 
ping, tj;  would  be  fore  and  aft  tilting,  i)  ,/sick ?/ise  tilting, 
7]w  warping  about  longitudinal  and  transverse  axes, 
and  rj/y  warping  about  the  axes  ±45  deg  to  the  lon- 
gitudinal axis.  In  the  absence  of  aerodynamics,  t),,  and 
r)j  would  represent  uncoupled  normal  modes  and 
(tj/.rj,,),  (tJ/z/.i?^)  would  represent  pairs  of  uncoupled 
normal  modes.  If  we  assume  for  the  0th  blade  the  har- 
monic motion  cos  o>t,  the  first  regressing  or  advancing 
modes  are  given  by 


/ 2irk\ 

r*  -) 


(5-36) 


Inserting  Eq.  5-36  into  Eq.  5-33,  one  obtains 
7J/  = cos  (S2  ± oj){ 

VIt  - sin  (12  ± a>V 


(5-37) 


In  terms  of  the  cyclic  coordinates  t],  and  V),,  the  first 
regressing  mode  is  indicated  by  the  frequency  12  — 
<»>,  the  first  advancing  mode  by  the  frequency  fl  + 
<!>. 

Multiblade  modes,  as  defined  by  Eqs.  5-31  through 
5-35  can  be  computed  for  the  fundamental  and  the 
higher  individual  blade  modes  in  torsion,  flap-bending, 
or  lead-lag  bending.  In  a final  analysis,  coupling  of 
these  multiblade  modes  with  the  main  fuselage  modes 
must  be  included. 


5-3.3. 1 


Multiblade  Flutter 


No  multiblade  classical  flutter  analysis  has  been  pub- 
lished to  date.  According  to  the  concept  of  multiblade 
generalized  coordinates,  there  would  be  collective  flut- 
ter or  torsional  divergence  and  cyclic  fiutter  in  the 


advancing  or  regressing  modes.  At  zero  forward  flight 
speed  it  would  not  be  difficult  to  analyze  the  multiblade 
flutter  conditions.  At  forward  speed  not  even  the  prob- 
lem of  single-blade  flutter  has  been  solved  satisfac- 
torily. The  frozen  azimuth  flutter  analysis  could  be 
extended  to  include  coupling  effects  among  the  blades 
and  with  the  airframe.  However,  the  concept  of  multi- 
blade generalized  coordinates  would  not  be  applicable 
because,  in  the  case  of  fictitious  frozen  azimuth,  the 
various  blades  would  not  oscillate  with  the  same  ampli- 
tude and  with  litk/n  phase  differences.  Nevertheless 
multiblade  flutter  is  not  a design  consideration,  al- 
though the  problem  is  of  academic  interest. 

5-3.3.2  Multiblade  Flapping  Instability 

Multiblade  flapping  instability  is  encountered  at 
high  rotor  advance  ratio,  both  for  axial  flow — as  in  the 
case  of  a prop-rotor — and  in  oblique  flow,  as  in  the  case 
of  a compound  helicopter.  Instability  for  axial  flow 
often  is  called  whirl  flutter,  although  blade  torsion  es- 
sentially is  not  involved.  In  fact,  this  type  of  instability 
is  possible  for  entirely  rigid  rotor  blades.  In  whirl  flut- 
ter studies,  the  expressions  “retrograde  whirl"  and 
“progressive  whirl"  refer  to  an  airframe-fixed  coordi- 
nate system.  A regressing  mode  in  the  previously  de- 
fined sense,  therefore,  can  be  either  a retrograde  or  a 
progressive  mode,  depending  upon  the  sign  of  12  — 
o.  An  advancing  mode,  however,  always  is  a progres- 
sive mode. 

5-3. 3. 2.1  Axial  Flow 

Ref.  47  presents  an  exhaustive  study  of  axial-flow 
multiblade  flapping  instability.  The  assumptions  are 
that  rigid  blades  are  connected  to  the  hub  at  its  center 
by  elastically  restrained  flapping  hinges,  and  that  the 
horizontal  rotor  shaft  can  perform  elastically  re- 
strained angular  pitching  and  yawing  motions  about  a 
pivot,  or  nodal  point,  0 located  downstream  of  the  rotor 
(see  Fig.  5-26).  Refs.  47  and  48  give  an  interpretation 
of  this  work  in  simplified  terms.  At  high  rotor  advance 
ratio  fi,  there  are  substantial  aerodynamic  negative 
spring  and  negative  damping  moments  for  the  nacelle 
angular  motions  about  the  nodal  point,  leading  to  static 
divergence  or  dynamic  instability.  The  system  is 
treated  as  one  with  four  degrees  of  freedom:  the  two 
first  cyclic  multiblade  flapping  modes  and  the  two  na- 
celle modes  with  the  angular  deflections  (f>x  and  <f>y.  For 
a pivot  ratio  of  h/R  — 0.31,  a rotor  to  nacelle  effective 
inertia  ratio  of  0.27,  and  an  axial  flow  rotor  advance 
ratio  n = 1.0,  Fig.  5-27,  taken  from  Ref.  47,  shows 
stability  boundaries  in  terms  of  nacelle-pitching  natural 
frequency  and  undamped  blade-flapping  fre- 
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quency  <t>0/Sl  for  a variety  of  nacelle  yawing  to  nacelle 
pitching  frequency  ratios  w^  ./tu^  .The  areas  above  the 
boundaries  represent  stable  conditions;  the  solid  lines 
indicate  oscillatory  instability;  the  dashed  line  indicates 
static  diveigence.  The  unstable  mode  is  a retrograde  (in 
the  airframe-fixed  coordinate  system)  circular  nacelle 
motion  about  the  nodal  point  with  relatively  little  blade 
flapping.  The  nacelle  stiffness  requirement  at  the  stabil- 
ity boundary  reduces  with  decreasing  blade  flapping 
natural  frequency  until  intersection  with  the  static  di- 
vergence limit,  when  the  trend  is  reversed.  In  the  region 
1.1  < cVJl  < 1.3,  which  is  typical  of  prop-rotors,  the 
static  divergence  limit  is  not  much  above  the  oscillatory 
instability  limit.  The  static  divergence  limit  may  be 
used  in  preliminary  design  if  whirl  flutter  is  a primary 
criterion  in  the  determination  of  wing  stiffness.  For 
blade  flapping  frequencies  oi^/n  < 1.1,  the  unstable 
mode  changes  to  a progressive  (in  the  airframe-fixed 
reference  system)  circular  motion  of  the  nacelle  about 
the  nodal  point  with  large  blade  flapping  content.  The 
nacelle  stiffness  requirements  at  the  stability  boundary 
then  are  increasing  steeply  with  decreasing  blade  flap- 
ping frequency  While  this  indicates  that,  from 

a stability  viewpoint,  a flapping  frequency  of  about 
o^/li  = 1.1  would  be  best.  Ref.  48  points  out  that  to 
avoid  excessive  flapping  deflections  or  flap-bending 
siresses,  for  the  dynamic  system  studied,  higher  values 
for  ojy/ll  may  be  necessary.  Also,  the  analysis  in  Ref. 
47  neglects  effects  of  preconing,  of  elastic  blade  torsion, 
and  of  elastic  inplane  blade  bending — all  of  which  may 
modify  appreciably  the  results  shown  in  Fig.  5-27.  The 
pivot  distance  h/R  is  destabilizing  and  the  differences 
in  stability  l >undaries  power-on  and  power-off  are 
small.  The  inclusion  of  nonlinear  aerodynamic  terms 
neglected  in  the  analysis  for  Fig.  5-27  leads,  in  case  of 
the  progressive  mode,  to  a nondivergent  limit  cycle. 

The  analysis  of  Ref  49  is  for  a two-bladed  teetering 
rotor  in  axial  flow,  and  the  results  are  comnared  to 
wind  tunnel  test  results.  Pitch-flap  coupling  is  included 
and  has  a substantial  effect.  Instabilities  are  possible  in 
both  the  retrograde  and  progressive  modes.  The  nacelle 
mode,  with  little  blade-flapping  content,  can  be  sup- 
pressed with  moderate  nacelle  damping.  The  unstable 
rotor  cyclic  flapping  mode,  occurring  at  much  lower 
frequencies,  is  the  predominant  instability  at  high  rotor 
advance  ratio  for  configurations  with  high  negative 
pitch-flap  coupling  ratios,  and  anisotropic  pylon  stiff- 
ness. The  stability  of  this  mode  can  be  influenced  by 
swashplate-nacelle  displacement  coupling.  In  Ref.  49 
the  problem  was  treated  while  both  including  and  ex- 
cluding nonlinearities,  and  agreement  was  found  in  the 
stability  boundaries. 
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The  whirl  flutter  phenomenon  has  been  investigated 
quite  extensively,  both  analytically  and  experimentally. 
Typical  of  these  studies  are  Refs.  50-55,  in  which  the 
effects  of  nacelle  stiffness  and  damping,  hub  stiffness, 
pitch-flapcoupling, and  flapping  hinge  offset  have  been 
examined.  A review  of  all  available  data  shows  that 


Fig,  5-26.  Prop-rotor  Pitching  and  Yawing 
About  Pivot 


Fig.  5-27.  Stability  Boundaries  for  System  of  Fig. 
5-26 
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both  retrograde  and  progressive  modes  are  possible 
with  symmetrical  or  unsymmetrical  nacelle  stiffness 
configurations,  depending  on  whether  the  pitch -flap 
coupling  ratio  is  positive  or  negative.  Also,  for 
> 1 . a resonance  type  coupling  destabilizes  the 
system  when  ~ ft  + w4.  The  effect  of  structural 
damping  on  the  flutter  modes  that  is  given  is  Refs. 
47-49  is  verified,  and  the  parameter  combinations  that 
generate  bimodal  instability,  or  simultaneous  progres- 
sive and  retrograde  modal  flutter,  can  be  identified. 

Ref.  56  describes  a study  similar  to  that  of  Ref.  47 
except  that  hinge  offset,  flapping  restraint,  and  pylon 
isotropy  were  varied.  The  results  of  Ref.  47  were  ex- 
tended to  show  that  the  flapping  frequency  for  op- 
timum pylon  stiffness  design  is  invariant  for  combina- 
tions of  hinge  offset  and  flapping  restraint,  thus 
confirming  the  equivalence  of  these  two  parameters. 
The  optimum  flapping  frequency  was  found  to  be  de- 
pendent upon  pylon  isotropy.  Design  criteria  recom- 
mended to  avoid  whirl  flutter  are  discussed  in  par. 
5-4.5. 

5-3.3.2.2  Oblique  Flow 

Multiblade  flapping  instability  for  oblique  rotor  flow 
can  be  investigated  by  means  of  a linearized  blade  flap- 
ping equation,  written  in  a rotor-fixed  reference  system 
and  ignoring  reversed  flow  effects.  The  periodic  forcing 
functions  applicable  to  such  an  equation  are  given  in 
Ref.  36.  Introducing  multiblade  coordinates,  as  defined 
by  Eqs.  5-31  through  5-35,  and  assuming  feedback  rela- 
tions between  the  multiblade  flapping  coordinates 
and  the  forward  and  left  cyclic  pitch  coordi- 
nates 0,,  0„,  respectively,  of  the  form, 


6,  + LB,  = - KQj 
e„  + LBU  = - K$j 


(5-38) 


where  L and  K are  rotor  tilt  feedback  constants,  one 
obtains  five  coupled  equations  for  a three-bladed  rotor 
and  six  coupled  equations  for  a four-bladed  rotor  for 
0t) , (only  for  four-bladed),  0,,and  9„. 

The  equations  for  the  three-bladed  rotor  (except  for 
Eq.  5-38)  have  periodic  coefficients  sin  30/  and 
cos  30/,  those  for  a four-bladed  rotor  have  periodic 
coefficients  sin  20/,  cos  20/,  sin40/,  and  cos  40/.  Fig. 
5-28,  taken  from  Ref.  57,  shows  the  root  locus  plots 
to  versus  X for  constant  L = 0. 1 and  varying  integral 
feedback  constant  K,  comparing  the  cases  of  three 
blades,  four  blades,  and  where  the  terms  with  periodic 
coefficients  have  been  neglected.  The  latter  case  uncou- 
ples the  {it  mode  from  the  remaining  modes  so  that 


there  is  no  difference  between  three  and  four  blades. 
Fig.  5-28  should  be  considered  only  as  a trend  study, 
because  at  the  advance  ratio  p,  - 0.8,  reversed  flow 
effects  are  not  negligible  and  have,  for  rigid  blades,  a 
stabilizing  influence.  The  periodic  coefficient  cases 
have  been  computed  with  the  Floquet  transition  matrix 
method  of  Ref.  38  discussed  in  par.  S-3.2.2.  According 
to  this  method  one  obtains  for  the  parameters  of  the 
example  (p  = 0.8,  y =8,  /*  — 1.15,  B — 0.97)  for 
a single  blade  two  flapping  modes  with  the  same  fre- 
quency and  two  damping  values  y,  = —0.26  and 
y2  - —0.63.  The  time  scale  has  been  selected  so  that 
a>  = 1 means  a flapping  frequency  of  once  per  revolu- 
tion. The  matrix  of  periodic  time  functions  is  periodic 
with  frequency  a>  = 1,  so  the  values  of  to*  are  defined 
only  for  additive  terms  in,  n — 1,2,3,...  Of  these 
many  possibilities,  we  select  the  two  flapping  eigenval- 
ues exp(— 0.26  + i)and  exp  (-0.63  + ;).  Combining 
several  uncoupled  blades,  collective  and  differential 
collective  modes  have  the  same  eigenvalues;  the  ad- 
vancing mode  has  the  eigenvalues  exp (—0.26  + 2/); 
exp  (—0.63  + 2/);  and  the  regressing  mode  has  the 
eigenvalues  exp  ( -0.2f),cxp(  — 0.63). Introducing  inte- 
gral feedback  with  the  gain  factor  K defined  by  Eq.  5-38 
and  L = 0.1,  the  blades  become  coupled  and  two  more 
inodes  are  added  because  of  the  feedback  system  of  Eq. 
5-38.  The  three-bladed  rotor  with  feedback  system, 
therefore,  has  eight  modes;  the  four-bladed  rotor,  10 
modes.  In  Fig.  5-28  all  curves  start  with  a gain  factor 
K = 0.2.  Therefore  an  additional  mode  associated 
with  each  of  the  two  lower  sets  of  curves  is  not  shown. 
A complete  presentation  would  include  branch  points 
at  a>  = 0 and  xtensions  into  the  region  representing 
negative  values  of  frequency  to. 

The  labels  “advancing",  “collective”,  and  “regress- 
ing” mode  can  be  used  only  for  the  uncoupled  or 
weakly  coupled  blade  motions;  with  coupling  the 
modes  become  mixed.  Of  particular  interest  is  the  mix- 
ing of  the  lowly  damped  advancing  and  collective 
modes  for  a three-bladed  rotor,  resulting  in  a branch 
point  at  a)  = 1.5  and  a subsequent  separation  in  a 
mode  with  increasing  damping  and  one  with  decreasing 
damping,  both  at  a>  = 1.5,  the  latter  being  unstable  at 
K = 0.3.  No  such  mixing  of  these  two  modes  occurs 
in  a four-bladed  rotor,  which  also  is  unstable  at 
K = 0.8  but  in  a different  mode  and  with  a different 
a).  Omitting  the  periodic  terms  in  the  equations  of  blade 
motion,  as  is  done  sometimes  for  the  sake  of  simplicity, 
washes  out  the  difference  between  three  and  four 
blades.  Also,  there  are  only  one  mode  for  a single  blade 
and  only  four  modes  for  a complete  rotor  including  the 
feedback  system  (Eq.  5-38),  as  indicated  by  the  dashed 
lines  in  Fig.  5-28.  The  constant  coefficient  system  does 
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Fig.  5-28.  Multiblade  Root  Plots  for  Three-  and 
Four-Mailed  Rotors  With  Integral  Tilting  Moment 
Feedback 


not  result  in  an  instability  up  to  AT  = 0.8  and  therefore 
is  unconservative. 

Fig.  5-28  is  for  hinged  rigid  blades  with  elastic  flap- 
ping restraints,  for  rigid  hub  support,  and  tor  rigid 
controls.  Fig.  5-24  and  Refs.  39  and  40  show  the  sub- 
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stantial  influences  of  torsional  blade  or  control  flexibil- 
ity, of  pitch-flap  coupling,  and  of  blade  flap-bending. 
Other  effects  that  must  be  included  in  a complete  anal- 
ysis are  coupling  with  elastic  and  rigid-body  airframe 
modes  and  with  multiblade  lead-lag  nk^^s. 

5-3.3. 3 Coupled  Rotor-Airframe  Lead-lag 

instability 

Ground  resonance  has  been  treated  classically  a« 
self-excited  biade  lead-lag  oscillations  when  the  rotor 
center  is  restrained  elastically  in  the  x-direction  and 
rigid  in  the  ^-direction  (Fig.  5-29).  The  analysis  follows 
Ref.  46  in  the  improved  form  of  Ref.  58.  Usually  the 
lateral  direction  is  the  critical  one,  so  that  the 
x-direction  will  be  sidewise.  It  is  not  difficult  to  extend 
the  analysis  to  include  the  ^motion  of  the  rotor  center 
Both  blades  and  airframe  are  assumed  to  have  viscous 
damping  with  the  lead-lag  damping  ratio  tj{  and  lateral 
airframe  i)x.  The  blades  are  hinged  at  the  distance  e 
from  the  rotor  center.  In  a reference  system  moving 
with  the  hub  center,  there  is  an  inertia  force  — dmx 
acting  upon  the  blade  mass  element  dm  that  has,  in  the 
lead  direction,  a moment  with  respect  to  the  hinge  of 
xSsin  ij/*,  S’ being  the  static  mass  moment  of  the  blade 
about  the  hinge.  The  equation  of  blade  motion  in  the 
rotor  fixed  reference  system  then  is 

*xS 

ik  + 2ui(nttk  + u\Sk  = y sin  \hk  (5-39) 


with  the  undamped  blade  lead-lag  natural  frequency 


ojj.  = £2 


(5-40) 


where 

= lead  angle  of  Arch  blade,  rad 
/ = mass  moment  of  inertia  of 
blade  about  lag  hinge,  slug-ft2 
The  equilibrium  of  forces  on  the  hub  center  in  the 
x-direction  is  expressed  by  the  equation 


x + 2ojxnx.x  + W*  .V 

= i S [(i* " ** + **]  <Ml) 

k 

The  right-hand  side  of  Eq.  5-41  represents  the  forces  of 
the  blades  upon  the  rotor  center  in  the 
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x-directioo — the  firat  term  from  angular  inertia 
— rfmC*;  the  second  term  from  the  centrifugal  force 
component  in  the  lead  direction,  and  the  third  term 
from  the  variation  of  centrifugal  force  due  to  (*. 
Higher  order  terms  are  neglected  because  {*  and  e are 
assumed  to  be  small.  Mis  the  equivalent  airframe  mass 
at  the  rotor  center  that  includes  the  blade  masses.  We 
now  introduce  the  cyclic  multiblade  lead  coordinates 


f//=ir  y2h*n+k  4 


( (5-42) 


Considering  for  n blades,  n > 3,  one  has  the  relations 
52  *in  cos  \hk  = 0 

* • (5-43) 

52  *inJ  1>k  * E cos*  4>k  = «/2 

* * f 

The  inverses  of  Eq.  5-42  are 
Sk  * cos  + f;/ sin  k-0, ....  n - 1 (5-44) 


Multiplying  Eq.  5-39  first  by  sin  v|f*  and  then  by 
cos  ij/* , and  summing  each  equation  over  k,  one  obtains 
with  Eq.  5-43 


f//  + ■*  (O1  — )f// 


x.S 


-2W, -2utntilSr  — (5-45) 

?/  + - (ft1  - to*#, 

+ 2ftf;/  + 2wtv(Wf/  = 0 (5-46) 


Performing  the  summations  over  & on  the  right-hand 
side  of  Eq.  5-41,  one  obtains 


••  . , nS  •» 

x + 2u„t)yx  + w*x  = — 

xx  x 2V" 


(5-47) 
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Fig.  5-29.  Deflaitkm  of  Parameters  for  Ground 
Resonance  Analysis 


The  homogeneous  sys>m  of  Eqs.  5-45  and  5-46  has  a 
sixth  order  characteristic  equation  with  three  conjugate 
complex  roots.  The  combination  of  the  cyclic  modes 
(,,£/,  representing  a regressing  blade  mode  can  become 
unstable  under  certain  conditions.  Fig.  5-30  taken  from 
Ref.  57  shows  boundaries  of  blade  and  airframe  damp- 
ing ratios  and  T},  versus  nondimensional  rotor  speed 
ft/te,  at  the  limit  of  stability.  If  either  rjt  or  t),  is  smaller 
than  indicated  by  a point  on  one  of  the  curves,  instabil- 
ity occurs.  Maximum  damping  is  required  at  a rotor 
speed  ft/w,  = 1/(1  — co{/ft),  for  which  the  sum  of 
blade  natural  frequency  a>{  and  airframe  natural  fre- 
quency a,  is  equal  to  ft.  The  plots  in  Fig.  5-30  refer  to 
(tOf/Cl)2  = 0.1  and  nS2/(2Mf)  = 0.025.  Correspond- 
ing sets  of  curves  for  (o>{/ft)J  = 0.0625  and  0.090  in 
combination  with  nS}/(2MI)  — 0.02, 0.04, 0.06, 0.08, 
and  0.10  are  given  in  Ref.  17.  For  a two-bladed  rotor 
the  same  problem  would  result  in  differential  equations 
with  periodic  coefficients  and  could  be  solved  with  the 
Floquet  transition  matrix  method  discussed  in  par.  5- 
3.2.2  in  a simpler  way  than  in  Ref.  46. 

Coupled  airframe/rotor  lead-lag  instability  also  can 
occur  in  the  air.  In  this  case  aerodynamic  effects 
become  important  and  should  be  included  in  the  analy- 
sis. Aerodynamic  effects  provide  a coupling  between 
lead-lag  and  flapping  motions,  and  also  provide  posi- 
tive or  negative  damping  for  the  airframe  motion  and 
for  the  blade  motions.  Fig.  5-31  shows,  schematically, 
the  lowest  airframe  frequency  o>,  on  the  ground  and  in 
the  air;  and  (ft  — for  hinged,  hingeless  inplane 
soft,  and  hingeless  inplane-stiff  blades  plotted  versus 
rotor  speed.  The  shaded  areas  refer  to  potential  insta- 
bility regions  of  the  rotor  speed  centered  around  the 
intersection  of  an  wx  with  an  (ft  — wt)  curve.  Similar 
curves  can  be  shown  for  the  (ft  4-  cu{)  mode.  The 
analysis  should  include  the  instability  regions  around 
the  intersection  of  to,  with  this  mode  as  well.  For 
hinged  blades  the  regions  associated  with  the  (ft  — 
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Fig.  5-30.  Damping  Ratios  for  Blade  and  Airframe 
at  Ground  Resonance  Stability  Limit 
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(Of)  mode  are  at  low  rotor  speed.  In  the  air,  self-excita- 
tion of  the  lowest  airframe  mode  is  excluded  because  it 
occurs  at  a rotor  speed  impossible  in  flight.  However, 
self-excitation  of  higher  airframe  elastic  or  automatic 
control  modes  through  coupling  with  lead-lag  blade 
modes  is  quite  possible  and  must  be  investigated. 

For  a hingeless  inpiane-soft  blade,  Fig.  S-3I  indicates 
potential  unstable  rotor  speed  regions  both  on  the 
ground  at  a higher  than  normal  rotor  speed  and  in  the 
air  at  a lower  than  normal  speed.  Because  of  the  low 
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damping  ratio  of  a hingeless  blade  (in  the  order  of  0.02),  { 

the  avoidance  of  actual  instabilities  in  these  regions  is 
difficult.  Ref.  59  compares  analytical  and  flight  test 
results  for  such  a case.  Although  the  instability  at  about 
85%  of  normal  rotor  speed  could  not  be  removed,  the 
analysis  predicted  the  measured  damping  ratios  of  the 
potentially  unstable  mode  quite  well.  Ref.  60  reports  on 
a similar  case  where  self-excitation  could  be  avoided. 

The  aerodynamic  damping  of  the  helicopter  in  roll  is  an 
important  parameter  in  suppressing  the  potential  insta- 
bility and  must  be  evaluated  carefully.  Because  of  the 
low  structural  blade  damping,  it  is  important  to  con- 
sider many  design  details  that  influence  the  aerody- 
namic damping  of  the  lead-lag  mode,  such  as  precon- 
ing, droop,  sweep,  and  both  elastic  and  kinematic 
pitch-flap  and  pitch-lead  coupling. 

As  indicated  in  Fig.  5-31,  a hingeless  inplane  stiff 
blade  does  not  have  potential  instability  regions  at  or 
below  normal  rotor  speed  either  on  the  ground  or  in  the 
air,  this  applies  to  those  instabilities  caused  by  coupling 
of  airframe  modes  having  horizontal  hub  motion  with 
blade  lead-lag  modes. 

However,  unstable  lead-lag  modes  of  the  kind  dis- 
cussed in  par.  5-3.2. i well  may  occur  in  the  operating 
speed  range  of  an  inplane-stiff  hingeless  rotor,  and  the 
same  attention  to  all  the  design  details  mentioned  pre- 
viously is  necessary  in  order  to  avoid  such  instabilities. 

For  example.  Ref.  61  reports  on  a case  in  which  a 
lead-lag  instability  observed  on  an  inplane-stiff  rotor 
could  be  removed  by  reversing  the  elastic  pitch-lead 
coupling  from  negative  to  positive  (see  also  Eq.  5-26). 

Ref.  62  discusses  another  case  of  lead-lag  instability 
of  an  inplane  stiff  rotor  that  occurs  at  high  axial  inflow 
in  the  prop-rotor  mode  of  operation  if  the  pitch-flap 
coupling  ratio  O0  is  negative.  In  this  case,  the  inplane 
blade  mode  contains,  at  high  axial  inflow  ratio  and  the 
associated  high  blade  pitch  setting,  a rather  strong  out- 
of-plane  deflection.  This  deflection,  through  the  nega- 
tive 9P  coupling  ratio,  produces  the  equivalent  of  a 
negative  0{  coupling  ratio,  thus  destabilizing  the  lead- 
lag  motion,  according  to  Eq.  5-26.  The  remedy  sug- 
gested in  Ref.  62  is  the  use  of  a positive  value  of  pitch- 
flap  coupling  ratio  $D\  the  result  is  to  lower  the  flapping 
divergence  limit  and  to  lower  the  reversed-flow,  270- 
deg  azimuth,  torsional  divergence  limit,  but  the  desired 
effect  of  reducing  flapping  at  high  axial  inflow  ratio  is 
achieved,  as  with  negative  90. 

5-3.4  EFFECT  OF  ROTOR  CONFIGURATION 
ON  INSTABILITIES 

While  some  of  the  types  of  instability  can  occur  in 
any  rotor  configuration,  there  are  others  that  are  char- 
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Uacteristic  of  particular  rotor  configurations,  The  main 
rotor  configurations  and  their  associated  potential  in- 
stabilities are  discussed  in  the  following  paragraphs. 
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5-3.4. 1 Fully  Hinged  Rotor 
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If  the  feathering  axis  is  aligned  with  the  blade  axis, 
as  is  customary,  the  effects  of  inplane  or  out-of-plane 
bending  are  minimized.  In  rotors  with  fully  hinged 
blades,  ground  and  air  resonance  must  be  avoided  by 
providing  adequate  lead-lag  damping.  Because  of  the 
large  forced  lead-lag  amplitudes  in  forward  flight,  lin- 
ear blade  dampers  will  cause  excessive  blade  loads. 
Therefore,  damping  force  limiters  in  the  form  of  fric- 
tion devices  or  relief  valves  in  hydraulic  dampers  are 
necessary.  The  associated  nonlinearity  of  the  damping 
force  makes  the  protection  against  ground  or  air  reso- 
nance amplitude-dependent,  and  it  is  necessary  to  as- 
sess the  largest  amplitude  for  which  the  protection  is 
desired.  If  this  assessment  is  in  error  and  larger  ampli- 
tudes occur  in  operation,  the  helicopter  is  endangered. 

In  hinged  rotors,  kinematic  pitch-flap  and  pitch-lead 
coupling  ratios  vary  with  rotor  power  and  thrust,  and 
particular  care  is  necessary  to  insure  that  instability 
cannot  occur  under  any  operational  condition.  In  this 
respect,  critical  conditions  are  those  of  large  forced 
lead-lag  oscillations  that  leave  small  amounts  of  damp- 
ing for  superimposed,  potentially  self-cxcited  lead-lag 
oscillations.  Because  the  blade  dampers  are  essential  for 
suppression  of  self-excitation,  their  reliability  is  very 
important.  The  same  is  true  of  the  oleo  landing  gear 
struts. 

High  advance  ratio  flapping  instability  of  hinged 
blades  occurs  earlier  than  for  hingeless  blades,  and  tor- 
sional or  control  flexibility — in  combination  with  nega- 
tive pitch-flap  coupling — is  particularly  effective  in 
lowering  the  stability  timit.  Nonlinear  effects  (from 
Coriolis  accelerations  when  flapping  about  a coned  po- 
sition) are  unlikely  to  produce  instability  in  fully 
hinged-blade  rotors.  Other  instabilities  that  have  been 
observed  on  fully  hinged-blade  rotors,  such  as  the  high 
Mach  number/low  tip  angle-of-attack  instability  or  the 
vortex-wake-induced  instability  of  rotors  with  many 
blades,  could  occur  on  other  rotor  configurations. 

5-3.4.2  Semihinged  Rotor 

The  configuration  in  which  the  blades  have  only 
flapping  hinges  but  no  lead-lag  hinges  has  not  been 
used  often,  but  may  have  some  appeal  in  the  future.  If 
the  feathering  hinge  is  aligned  with  the  blade  axis,  the 
potentially  unstable  Coriolis  acceleration  coupling  is 
avoided.  In  order  to  prevent  large  inplane  moments 
from  the  forced  lead-lag  response  in  forward  flight,  the 
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blades  should  be  inplane  soft,  with  the  major  flexibility 
inboard  of  the  feathering  hinge.  Otherwise,  a destabiliz- 
ing pitch-lead  coupling  will  result.  The  ground  and  air 
resonance  problem  of  this  configuration  is  a difficult 
one  and  requires,  in  addition  to  some  damping  of  the 
inplane  blade  mode,  careful  attention  to  the  airframe 
modes  that  might  couple  with  cyclic  inplane  blade 
modes. 


5-3.4.3  Seesaw  Rotor 

The  widely  used  two-bladed  seesaw,  or  teetering,  ro- 
,or  has  some  advantages  with  respect  to  instabilities 
over  rotors  with  three  or  mort  blades.  The  lowest  in- 
plane blade  mode  is  rather  high  because  the  rotor  cen- 
ter is  an  antinode.  Therefore,  it  is  practicable  to  place 
the  lowest  inplane  mode  frequency  above  the  frequency 
of  rotor  revolution,  thus  avoiding  the  equivalent  of 
mechanical  instability.  At  high  aavance  ratio  there  is 
no  180-deg  frozen  azimuth  flapping  divergence,  be- 
cause the  flapping  moments  or.  the  fore  and  aft  blades 
cancel  each  other.  The  two-bladed  seesaw  rotor  thus  is 
capable  of  operation  at  considerably  higher  advance 
ratios  than  the  hinged  rotor  with  three  or  more  blades. 
There  are,  however,  a number  of  possible  coupling  ef- 
fects that  may  produce  an  instability  (called  weaving) 
under  certain  operational  conditions.  Careful  attention 
to  the  detail  design  is  necessary  in  order  to  avoid  this 
instability. 


S-3.4.4  Floating  Hub  Rotor 

The  floating  hub  configuration  is  the  extension  of  the 
seesaw  principle  to  three  or  more  blades.  It  has  been 
used  in  various  ways  and  may  have  a future  applica- 
tion, particularly  with  respect  to  tip-jet  drive  or  to 
prop-rotors.  The  main  advantage  of  the  floating  hub 
configuration  is  that,  due  to  the  alignment  of  the  hub 
with  the  tip  path  plane,  the  forced  inplane  deflections 
and  moments  of  the  blades  are  kept  smail.  It  requires 
considerably  more  inplane  blade  stiffness  than  does  the 
seesaw  rotor  in  order  to  allow  the  lowest  inplane  natu- 
ral frequency  to  be  higher  than  the  frequency  of  rotor 
revolution.  Floating  hub  rotors  have  been  built  both 
with  inplane  soft  and  with  inplane  stiff  blades.  In  the 
latter  case,  care  shall  be  taken  with  both  the  kinematics 
and  the  elastic  characteristics  so  that  negative  pitch- 
lead  coupling,  which  can  cause  self-cxcited  lead-lag 
oscillations,  does  not  occur.  For  inplane  soft  blades, 
positive  pitch-lead  coupling  shall  be  avoided  and  both 
ground  and  air  resonance  shall  be  prevented.  The 
floating  hub  rotor  can  be  destabilized  if  hub  tilting 
motions  are  reduced  by  cyclic  pitch  feedback,  which . 
mechanically,  is  easy  to  do.  The  phasing  between  hub 
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tilting  and  cyclic  pitch  feedback  is  of  great  importance 
in  avoiding  early  instability  (Ref.  57).  The  phasing 
most  likely  to  be  selected  without  the  benefit  of  a stabil- 
ity analysis  is  a forward  cyclic  pitch  with  aft  tilting  and 
a left  cyclic  pitch  with  light  tilting.  This  phasing,  how- 
ever, results  in  a low  stability  limit. 

S-3.4.5  Hingeless  Rotor 

The  hingeless  rotor  is  attractive  for  its  high  control 
power  and  for  low  maintenance  requirements,  due  to 
the  use  of  fewer  bearings.  The  u*e  of  inplane  stiff  blades 
facilitates  the  avoidance  of  grc  and  and  air  resonance 
but  imposes  a significant  penalty  in  rotor  weight.  In- 
plane soft  blades  therefore  would  be  desirable,  but  they 
require  mechanical  or  aerodynamic  blade  damping,  as 
well  as  judicious  selection  of  natural  frequencies  of 
those  airframe  modes  that  can  produce  ground  or  air 
resonance.  Because  of  the  numerous  elastic,  inertial, 
and  aerodynamic  coupling  possibilities  between  the 
blade  modes  of  a hingcless  rotor,  the  dynamic  analysis 
and  design  are  particularly  demanding.  Feedback  ele- 
ments may  be  required  to  obtain  satisfactory  control 
characteristics,  or  to  overcome  a pitch-up  tendency. 
However,  if  incorporated,  the  feedback  elements  inter- 
fere with  the  dynamic  rotor  stability  and  add  to  the 
numerous  parameters  whose  effect  must  be  studied  in 
a hingeless  rotor  stability  analysis. 

5-3.5  SUBSTANTIATION  CRITERIA  AND 
METHODS 

Design,  construction,  and  materials  for  a helicopter, 
including  attached  aerodynamic  surfaces  and  main  and 
tail  rotors,  shall  be  such  that  there  shall  be  no  flutter, 
divergence,  or  other  instability,  throughout  the  design 
envelope.  This  design  envelope  shall  include  the  com- 
plete design  range  of  airspeeds,  maneuvers,  altitudes, 
thermal  conditions,  ground  conditions,  weights,  and 
external  stores  or  other  loading  configurations  for  the 
helicopter.  Instabilities  include  all  those  of  mechanical, 
aerodynamic,  or  aeroelastic  origin.  Also,  so  far  as  is 
practicable  the  helicopter  shall  be  designed  to  be  free 
of  flutter,  divergence,  or  other  instability  following  the 
failure  of  a single  structural  element. 

Specifically,  a helicopter  shall  be  free  of  dynamic 
instabilities  or  divergence  at  operating  conditions  up  to 
1.15  VnL  at  design  maximum  rotor  speed  flw,  1.15 
ilni  at  VDh  and  maximum  load  factor  attainable  at 
Vnl  and  ilDt  for  all  design  ranges  of  altitude,  maneu- 
vers, and  loading  conditions.  In  addition,  the  helicopter 
shall  be  free  of  mechanical  instability  (ground  reso- 
nance) under  conditions  of  0%  and  95%  airborne,  one 
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blade  damper  inoperative,  and  the  combination  of  a flat 
tire(s)  on  a single  strut  and  the  shock  absorber  pressure 
at  zero  (fiat  strut).  Blade  dampers  (except  friction 
dampers)  shall  provide,  during  ground  rev-up,  torques 
at  least  proportional  to  the  angular  lead-lag  velocity.  In 
the  case  of  friction  dampers,  the  effective  damping  in 
any  mode  critical  In  m the  point  of  view  of  mechanical 
instability  shall  be  at  least  30%  of  critical  damping. 

The  requirements  of  MIL-S-8698  with  respect  to 
rotor  system  instabilities  provide  a rough  guide  to  the 
problem  of  substantiating  the  freedom  from  instabili- 
ties for  rotor  systems,  but  many  important  questions 
remain  unanswered.  There  is,  for  example,  the  problem 
of  nonlinearity,  wliich  affects  most  types  of  rotor  sys- 
tem instabilities.  In  many  cases  the  nonlinearities  are 
such  that  the  rotor  system  oscillations  remain  within 
certain  limits  after  moderate  disturbances,  and  thus  the 
instability  appears  to  be  mild  and  is  characterized  as  a 
limit-cycle  phenomenon.  However,  occasional  large 
disturbances  may  lead  to  a severe  instability,  and  possi- 
ble destruction,  of  the  rotor  system.  If  essential  non- 
linearities  are  involved,  as  is  the  case  for  blade  friction 
dampers  or  for  blade  hydraulic  dampers  with  relief 
valves,  it  is  necessary  to  specify  the  magnitude  of  dis- 
turbance that  will  not  lead  to  self-excited  oscillations. 
For  example,  a single-wheel  landing  with  impact  equal 
to  landing  gear  ultimate  load  shall  not  lead  to  mechani- 
cal instability. 

Another  difficult  problem  not  solved  as  yet  is  a use- 
ful specification  for  the  minimum  damping  of  vibration 
modes  within  the  limit  speed  envelope.  A damping  co- 
efficient of  g > 0.03  as  specified  in  MIL-A-8870  for 
fixed-wing  aircraft  flutter  and  vibration  modes  corre- 
sponds to  a minimum-damping-over-critical-damping 
ratio  of  0.015.  This  is  a very  small  damping  ratio  and 
the  presently  available  analytical  methods  are  not  capa- 
ble of  predicting  damping  ratios  of  rotor  system  vibra- 
tion modes  with  sufficient  accuracy  to  make  a require- 
ment for  a minimum  damping  ratio  of  0.015 
meaningful.  In  addition  to  the  uncertainties  of  estimat- 
ing aerodynamic  damping — e.g.,  for  the  lightly  damped 
chordwise  blade  modes — structural  damping  of  blade 
and  airframe  modes  that  contributes  substantially  to  the 
damping  ratio  is  equally  or  even  more  uncertain.  Ex- 
perimental efforts  to  determine  structural  damping  are 
hampered  by  energy  dissipation  through  the  support 
structure,  by  the  difficulty  of  simulating  in  a vibration 
test  the  exact  free  flight  modes,  and  by  the  usually 
prevalent  severe  nonlinearity  of  the  structural  damping 
phenomenon.  For  all  of  these  reasons,  MIL-A-8870 
and  MIL-S-8698  can  serve  merely  as  broad  statements 
of  intent  rather  than  as  unambiguous  rules  that,  when 
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followed,  will  prevent  serious  troubles  from  rotor  sys- 
tem instabilities. 

Because  no  detailed  specification  requirements  exist, 
a careful  search  for  rotor  system  instabilities  is  in- 
dicated whenever  advances  in  the  state  of  the  art  are 
attempted  either  by  widening  the  flight  envelope  of 
well-known  rotor  systems  or  by  introducing  new  design 
features  such  as,  for  example,  mechanical  or  electronic 
feedback  systems,  new  blade  hinging  arrangements,  or 
hingeless  blade-hub  attachments.  The  three  comple- 
mentary methods  of  studying  potential  rotor  system 
instabilities  are  analysis,  wind  tunnel  tests,  and  ground 
and  flight  tests. 

With  respect  to  analytical  methods,  one  can  distin- 
guish roughly  between  partial  and  total  system  analy- 
ses. The  first  method  consists  of  devising,  for  each  of 
the  potential  instability  types,  a simplified  mathemati- 
cal model  that  nevertheless  will  bring  out  the  essential 
features  of  the  particular  instability  and  will  provide 
guidance  for  the  selection  of  appropriate  parameters  for 
the  dynamic  design.  In  a partial  system  analysis,  modes 
with  frequencies  substantially  different  from  the  fre- 
quency of  the  unstable  mode  are  omitted  and  non- 
linearities  disregarded  unless  recognized  as  essential. 
Quasi-steady  aerodynamics  is  applied  if  the  reduced 
frequency  of  the  potential  instability  is  sufficiently  low. 
For  moderate  advance  ratios,  terms  with  periodic  coef- 
ficients are  neglected,  so  that  the  actual  system  is  re- 
placed by  a simple  linear  constant-coefficient  system  of 
equations.  Obviously,  the  essential  feature  of  the  insta- 
bility must  be  represented  properly  in  the  analysis;  it 
would  be  erroneous,  for  example,  to  use  a single-blade 
analysis  for  an  essentially  multiblade  or  coupled  air- 
frame/rotor instability.  The  method  of  partial  system 
analysis,  although  it  can  provide  only  approximations 
of  the  actual  stability  boundaries,  is  the  backbone  of  the 
dynamic  design. 

The  increasing  capability  of  modem  computer 
equipment  has  created  the  desire  for  a total  system 
analysis  that  will  cover  all  potential  instabilities  in  addi- 
tion to  providing  dynamic  loads,  vibrations,  and  han- 
dling characteristics.  Helicopter  manufacturers  have 
developed  extensive  computer  programs  that  take  into 
account  nonlinear  aerodynamic  effects  and  that  include 
the  basic  rotor  and  airframe  elastic  modes  as  well  as  the 
rigid  body  modes  treated  in  control  dynamics.  These 
total  system  representations  can  be  exercised  to  simu- 
late steady  and  unsteady  flight  conditions,  and  to  pro- 
vide information  on  handling  characteristics,  rotor  and 
airframe  loads,  and  dynamic  stability  boundaries.  Al- 
though such  total  system  representations  are  useful  in 
anticipating  the  dynamic  characteristics  of  a helicopter 
after  its  design  has  been  frozen,  they  are  no  substitutes 


for  the  partial  system  representations  that  provide  the 
necessary  visibility  for  the  different  types  of  instabilities 
and  that  reveal  the  essential  parameters  involved  in  the 
mechanism  of  these  dynamic  instabilities.  Such  insight 
would  be  all  but  impossible  to  extract  from  one  of  the 
extremely  complex  and  expensive-to-operate  total  sys- 
tem representations. 

There  usually  will  be  sufficient  doubt  as  to  the  valid- 
ity of  some  of  the  numerous  inputs  into  the  analysis  to 
justify  dynamic  stability  tests  with  a wind  tunnel 
model.  The  unavoidable  restraints  of  a wind  tunnel 
model,  compared  with  free  flight,  usually  will  cause 
considerable  modification  in  the  stability  boundaries, 
whereby  these  boundaries  can  be  either  increased  or 
decreased.  Some  types  of  instability  may  be  removed 
entirely  and  others  created  by  the  restraints.  The  prin- 
cipal value  of  testing  wind  tunnel  models  for  dynamic 
stability  boundaries  is  not  the  direct  substantiation  of 
the  true  stability  characteristics  of  the  flight  vehicle  but 
the  checking  and  refining  of  the  analytical  tools  used  to 
predict  these  characteristics. 

Because  of  the  imperfections  of  both  analysis  and 
wind  tunnel  model  testing,  well-planned  ground  and 
flight  prototype  tests  must  be  performed  to  correlate 
measured  responses  to  either  impulsive  or  frequency 
excitation  with  analytical  predictions.  Obviously,  it 
would  be  unwise  to  attempt  to  determine  dynamic  sta- 
bility boundaries  by  flight  testing.  These  boundaries 
should  be  well  outside  the  flight  envelope  and  should 
be  inaccessible  within  the  helicopter  limit  speed  and 
maneuver  loadings.  The  only  purpose  of  the  prototype 
flight  testing  should  be  to  obtain  another  check  on  the 
validity  of  the  analytical  tools  with  which  the  various 
stability  margins  have  been  determined. 

The  procedure  of  substantiating  freedom  from  in- 
stabilities in  helicopters  rarely  has  been  applied  in  the 
past.  The  analytical  tools  have  been  developed  only 
recently  and  still  are  imperfect.  Dynamic  wind  tunnel 
model  tests,  which  are  of  little  value  unless  designed  to 
perfect  an  available  theory,  only  rarely  have  been  used 
in  the  development  of  prototypes.  Historically,  the  se- 
quence of  events  often  was  reversed;  instabilities  were 
discovered  first  in  flight,  and  such  a discovery  stimu- 
lated a search  for  analytical  tools  to  expla  the  in- 
stabilities and  to  provide  the  remedies.  The  develop- 
ment of  methods  of  dynamic  analysis  should  tend  to 
make  such  an  empirical  approach  unnecessary  in  the 
future.  To  secure  adequate  analysis,  a vigorous  analysis 
and  test  program  shall  be  included  in  any  helicopter 
development  program. 
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5-4  LIFTING  SURFACE  DYNAMICS 

5-4.1  GENERAL 

This  paragraph  presents  simplified  design  criteria  to 
be  used  as  a guide  for  the  prevention  of  flutter,  diver- 
gence, and  control  reversal  of  fixed  surfaces.  Also  dis- 
cussed are  the  basic  elements  involved  in  the  propeller 
whirl  mode  phenomenon  and  the  design  criteria  to  be 
used  as  a guide  for  its  prevention.  Guidance  is  provided 
as  to  acceptable  practice  for  the  design  of  nonstructural 
mass  balance  weights  and  their  attachments.  The  cri- 
teria developed  include  wing  torsional  rigidity;  aileron, 
elevator,  and  rudder  mass  balance;  and  control  tab  and 
balance  weight  attachment  criteria. 

5-4. 1.1  Definitions 

The  definition  of  a number  of  terms,  other  than  those 
previously  defined,  that  will  be  used  throughout  the 
discussion  of  lifting  surface  dynamics  follows: 

1 .  Control  surface  reversal.  Reversal  in  the  direc- 
tion of  the  net  normal  force  induced  by  the  deflected 
control  surface  due  to  aerodynamic  moments  twisting 
the  elastic  “fixed”  surface.  This  phenomenon  can  be 
illustrated  best  by  considering  the  case  of  aileron  rever- 
sal. Normally,  the  lift  over  the  wing  with  down  aileron 
is  increased  by  the  aileron  deflection  while  the  lift  over 
the  wing  with  up  aileron  is  decreased  by  the  aileron 
deflection;  thus  a rolling  moment  results.  However, 
because  the  center  of  pressure  for  the  lift  due  to  the 
deflected  aileron  usually  is  aft  of  the  elastic  axis,  de- 
flecting the  aileron  downward  tends  to  reduce  the  wing 
angle  of  attack  and  thereby  to  reduce  the  increment  of 
lift.  For  the  wing  with  up  aileron,  the  torsional  moment 
due  to  up  aileron  tends  to  increase  the  wing  angle  of 
attack.  Thus  it  can  be  seen  that  the  rolling  moment  for 
an  elastic  wing  is  less  than  that  for  a rigid  wing.  Be- 
cause the  wing  torsional  rigidity  is  constant  while  the 
twisting  moment  due  to  aileron  deflection  increases 
with  the  square  of  the  velocity,  it  is  obvious  that  at 
some  critical  speed  the  rolling  moment  due  to  aileron 
deflection  will  be  opposite  to  that  normally  expected  at 
speeds  below  this  critical  speed.  The  critical  speed,  so 
defined,  is  *he  aileron  reversal  speed. 

Although  it  theoretically  is  possible  for  a rudder/ftn 
and/or  an  elevator/horizontal  stabilizer  to  suffer  con- 
trol reversal — i.e.,  side  force  or  vertical  tail  force  rever- 
sal with  control  displacement — no  such  case  is  known 
to  have  occurred. 

2.  Propeller  and  rotor  whirl  flutter/propeller  and 
rotor  divergence.  Aerodynamic  propeller  or  rotor  nor- 
mal forces  and  moments  provide  the  energy  source  for 
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the  phenomenon  commonly  referred  to  as  whirl  flutter 
or  rotor  weaving.  The  structural  support,  propeller  or 
rotor  aerodynamic  forces  and  moments,  and  gyroscopi- 
cally  coupled  freedoms  can  combine  to  produce  two 
aeroelastic  instabilities.  These  are  (1)  static  divergence 
and  (2)  a divergent  spiraling  motion  of  the  propeller 
(rotor)  hub  in  an  elliptical  motion  (circular,  if  struc- 
tural and  inertial  properties  are  symmetrical)  rotating 
in  a direction  opposite  to  the  regular  propeller  (rotor) 
rotation  (termed  regressive  motion).  Large  propellers 
that  are  flexible  relative  to  the  support  structure  devel- 
op additional  disk  tilt  modes  and  usually  are  more 
whirl  critical  than  conventional  stiff  propellers.  These 
large  flexible  systems  also  are  critical  in  an  advancing 
mode  and  are  thrust/drag  critical.  The  conventional 
propeller  operating  in  either  a tractor  or  pusher  config- 
uration is  not  thrust,  drag,  or  power  sensitive  due  to  the 
absence  of  disk  warpage. 

3.  Static  balance.  Complete  static  balance  of  a 
movable  control  surface  is  obtained  when  the  CG  of  the 
control  surface  lies  on  the  hinge  line,  i.e.,  the  resultant 
moment  of  the  mass  of  the  surface  about  the  hinge  line 
is  zero.  If  the  CG  of  a surface  lies  aft  of  the  hinge 
surface,  it  is  described  as  statically  unbalanced; 
whereas  if  the  CG  lies  forward  of  the  hinge  line,  the 
surface  is  described  as  statically  overbalanced. 

4.  Dynamic  balance.  A movable  surface  is 
dynamically  balanced  with  respect  to  a given  axis  if  an 
angular  acceleration  about  that  axis  does  not  tend  to 
cause  the  surface  to  rotate  about  its  own  hinge  line.  The 
dynamic  balance  coefficient  K/I  is  a measure  of  the 
dynamic  balance  condition  of  the  movable  control  sur- 
face, where  K is  the  product  of  inertia  of  the  surface 
(including  balance  weights)  about  the  hinge  and  oscilla- 
tion axes  and  / is  the  mass  moment  of  inertia  of  the 
control  surface  (including  balance  weights)  about  the 
hinge  axis.  Physically  the  dynamic  balance  coefficient 
K/I  may  be  interpreted  to  represent  exciting  torque/re- 
sisting torque. 

5*4. 1.2  Basis  of  Criteria 

Because  the  flutter  and  static  aeroelastic  stability  of 
a specific  design  is  the  result  of  a combination  of  aero- 
dynamic, inertial,  and  elastic  effects,  any  criteria  that 
do  not  include  ali  three  effects  are  bound  to  have  severe 
limitations.  Presently  accepted  criteria  are  based  upon 
studies  of  both  civifand  military  aircraft  conducted  by 
Rosenbaum  (Ref.  63),  propeller-nacelle  whirl  flutter 
studies  by  Houbolt  and  Reed  (Ref.  64),  and  the  applica- 
ble sections  of  MIL-A-8870  and  MIL-A-8866. 

Although  satisfactory  and  rational  analytic  methods 
have  been  available  for  a number  of  years  (Refs.  5 and 
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7 for  example)  and  are,  in  some  cases,  preferred  to  the 
simplified  criteria  contained  herein,  the  application  of 
these  simplified  criteria  to  conventional  helicopter 
fixed  surfaces  is  reasonably  adequate  to  assure  freedom 
from  flutter.  Experience  with  rational  analyses  that 
have  been  carried  through  for  specific  designs,  sophis- 
ticated flutter  model  tests,  and  flight  flutter  tests  is 
discussed  within  this  paragraph  to  point  out  the  appli- 
cability of  the  criteria  as  well  as  areas  of  limitation. 


5-4.2  FLUTTER 
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Fixed  surface  flutter,  exclusive  of  control  surface  in- 
teraction, can  be  attributed  almost  universally  to  cou- 
pled bending  and  torsion  motions  of  the  surface.  Al- 
though single-degree-of-freedom  flutter  can  occur,  it 
generally  is  associated  with  stall  and  the  hysteresis  loop 
that  occurs  with  lift  and  angle-of-attack  variations.  Al- 
though important  in  propeller  and  fan  design,  this 
mechanism  generally  is  not  considered  in  fixed-wing 
design,  because  maneuvering  load  factors  ar.d  torsional 
stiffness  relationships  essentially  preclude  this  phe- 
nomenon. 

The  basic  practice  to  be  followed  relative  to  the  flut- 
ter of  fixed  surfaces  such  as  helicopter  wings  or  tail 
surfaces  is  to  provide  good  frequency  separation  be- 
tween the  fundamental  bending  modes  and  the  first 
torsional  frequency,  along  with  reasonable  dynamic 
balance.  To  promote  good  dynamic  balance  when  ex- 
ternal stores  are  added  to  a wing,  the  CG  of  the  store 
should  be  placed  on  the  local  wing  quarter  chord. 
Should  the  stores  be  disposable  in  increments — i.e., 
fuel,  rockets,  or  multiple  stores  on  one  station — their 
disposition  should  be  such  that  quarter  chord  balance, 
or  balance  slightly  forward  of  the  quarter  chord, 
is  maintained  approximately.  The  amount  of  CG 
variation  allowable  will  be  a direct  result  of  the  dy- 
namic balance  and  frequency  separation  of  bending  and 
torsion  for  the  specific  applied  load  and,  in  some  cases, 
is  related  to  the  aerodynamics  of  the  store  itself.  Com- 
partmentalization  (usually  two  compartments),  and  a 
design  that  keeps  the  forward  section  of  an  external  fuel 
tank  full  by  drawing  fuel  from  the  forward  section 
while  pumping  fuel  forward  from  the  aft  section  with 
a pressurization  system,  is  a common  practice. 

Pylon  elasticity  characteristics  as  well  as  the  amount 
of  structural  damping  within  the  pylon  are  difficult  to 
stipulate,  but,  as  a rule,  the  mounted  store  should  have 
a basic  primitive  frequency  at  least  twice  the  torsional 
frequency  in  the  vertical  plane  of  motion.  The  possibil- 
ity that  the  wing  system  whose  stores  configuration  is 
designed  in  this  manner  will  be  critical  is  very  low.  This 
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refers  to  first  bending  mode,  first  torsional  mode  flut- 
ter. 

Engine-nacelle  systems  and  landing  gear  installa- 
tions on  the  wing  do  not  fit  within  this  general  picture 
of  external  stores.  These  items  nominally  provide  over- 
balance (forward  CG)  and,  because  they  are  not  located 
far  outboard  on  the  span,  there  is  relatively  weak  iner- 
tial coupling  between  the  fundamental  bending  and 
torsional  modes. 

It  is  most  important  to  note  that  the  spanwise  distri- 
bution of  internal  and  external  stores  can  promote  a 
second  bending  mode,  first  torsional  mode  flutter,  it  is 
clear  that  one  local  section  can  be  stabilized  highly  by 
the  presence  of  a large  concentrated  mass-  but,  should 
a spanwise  node  occur  just  inboard  or  outboard  of  this 
station,  the  idler  action  of  the  node  line  provides  a 
strong  driving  phase  because  its  effect  upon  the  surface 
segment  across  the  node  line  from  the  loaded  station  is 
the  same  as  an  unbalance.  Experience  with  the  size  of 
store  and  the  planform  being  considered  are  required  to 
assist  in  these  judgments.  The  basic  factors  are  the 
aerodynamic  surface  areas  involved  and  their  motions. 

5-4.3  DIVERGENCE 

A second  interpretation  of  the  definition  of  static 
aeroelastic  divergence — other  than  that  the  aerody- 
namic torsional  moment  per  unit  of  surface  rotation  is 
equal  to  the  structural  restoring  moment  per  unit  rota- 
tion— is  that  the  wing  torsional  mode  has  been  reduced 
to  zero  frequency.  This  interpretation  shows  the  ex- 
treme hazard  of  approaching  torsional  divergence  rela- 
tive to  potential  unstable  flutter — i.e.,  frequency  coales- 
cence between  the  wing-bending  modes  and  the  first 
wing  torsional  mode  is  certain  to  occur  prior  to  diver- 
gence. Flutter  stability  is  possible  if  adequ«  ..  . mic 
balance  is  provided,  but  at  best  this  is  highly  u ' wtive 
to  inertial  variations  of  the  configuration. 

Because  the  worst  possible  phase  relationships  can 
exist  when  the  bending  and  torsional  frequencies  are 
crossing,  dynamic  balance  must  have  been  achieved  or 
a relatively  explosive  instability  is  possible. 

Use  of  materials  such  as  Fiberglas  and  composite 
filament  material  must  be  examined  carefully  with  re- 
spect to  torsional  rigidity.  Spanwise  layup  of  the  fila- 
ments or  fibers  is  an  attractive,  structurally  efficient 
arrangement.  However,  except  for  the  shear  stiffness  of 
the  bonding  matrix,  this  system  has  no  torsional  rigid- 
ity. Layups  at  forty-five-degrees  most  often  are  used 
to  relieve  this  problem.  Although  designers  may  recog- 
nize the  “structural  inefficiency”  of  such  construction, 
the  aeroelastic  (static  and  dynamic)  characteristics  of 
such  designs  also  must  be  monitored  carefully. 
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5-4.4  CONTROL  SURFACE  BALANCE  AND 
STIFFNESS  CRITERIA 

5-4.4. 1 Mass  Balance  of  Control  Surface 

All  fixed  surface  control  surfaces  (aileron,  elevators, 
or  rudders),  unless  they  are  irreversible,  shall  contain 
sufficient  dynamic  balance  to  prevent  flutter  in  all  pos- 
sible critical  modes  (Dynamic  balance  requirement, 
MlL-A-8870).  Such  controls  rarely  are  applied  to  heli- 
copters, but  the  criteria  that  follow  apply  when  such 
surfaces  are  employed. 

For  low-speed  helicopters,  the  adequacy  of  dynamic 
balance  may  be  established  either  by  flutter  analyses  or 
by  demonstration  that  the  dynamic  balance  coefficient 
K/J  of  the  surface  meets  the  following  condition 


where 

K — product  of  inertia  of  the 

control  surface  with  respect  to 
the  hinge  axis  of  the  control 
surface  and  an  axis  in  the  plane 
of  the  control  surface,  normal 
to  the  hinge  axis,  whose  origin 
usually  is  on  the  centerline  of 
the  fuselage,  slcg-ft?  Nodal 
lines  determined  from  vibration 
tests  of  prototype  helicopters  or 
from  analyses  shall  be  used  as 
axes  when  available. 

/ — mass  moment  of  inertia  of  the 
control  surface  about  its  hinge 
axis,  slug-ftJ 

Vo,  — design  limit  airspeed,  kt 

The  use  of  balance  weights  to  prevent  flutter,  as 
outlined  in  this  paragraph,  is  to  prevent  the  coupling  of 
a mode  involving  bending  of  the  fixed  surface  and  rota- 
tion of  the  control  surface.  In  the  case  of  a wing  system, 
the  movements  of  the  node  line  due  to  wing  fuel  loading 
variations  or  wing  stores  usually  require  that  dis- 
tributed balance  be  used  for  the  aileron.  For  rudder  and 
elevator  systems  it  usually  is  not  required  that  fully 
distributed  balance  be  used,  primarily  due  to  the  small 
change  in  character  of  the  empennage  modes  with  wing 
and/or  fuselage  inertia  loading  variations.  Because  the 
use  of  irreversible  flight  controls  has  not  been  applied 
it.  the  design  of  low-subsonic-speed  aircraft,  no  discus- 
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sion  of  this  subject  will  be  presented.  Irreversible  flight  i 
control  system  requirements  are  covered  extensively  in 
MIL-A-8870. 

5-4.4.2  Balance  Weights 

5-4. 4.2.1  Location  of  Balance  Weights 

Balance  weights  in  control  surfaces  shall  be  located 
so  that  the  flutter  safety  of  both  the  control  and  the 
fixed  surfaces  is  assured.  Insofar  as  is  practicable,  bal- 
ance weights  shall  be  located  in  the  regions  where  the 
deflections  of  critical  mode  shapes  are  a maximum. 
Balance  weights  shall  be  distributed  if  possible  and,  for 
high-speed  helicopters,  each  third  of  the  span  of  each 
main  reversible  control  surface  shall  be  balanced  stati- 
cally. However,  fewer  than  three  concentrated  weights 
may  be  used  providing  that  the  torsional  natural  fre- 
quency of  the  surface  with  balance  weights  installed  is 
at  least  twice  the  critical  flutter  frequency.  Balance 
weights  shall  not  be  located  externally  with  respect  to 
the  planes  of  the  control  surfaces  (Balance  weight  re- 
quirement, MIL-A-8870). 

S-4.4.2.2  Rigidity  and  Strength  of  Balance 
Weight  Attachments 

The  natural  frequencies  of  vibration  of  the  balance 
weights  as  installed  shall  be  at  least  twice  the  highest 
frequency  of  the  flutter  mode  for  which  the  balance 
weight  is  required  to  be  effective.  Also,  the  installation 
shall  be  shown  to  be  sound  structurally.  An  inertial 
load  corresponding  to  a load  factor  of  100  and,  sepa- 
rately, repeated  inertial  loads  of  500,000  cycles  of  both 
positive  and  negative  load  factors  of  60  shall  act  upon 
each  control  surface  balance  weight  in  directions  nor- 
mal to  the  plane  of  the  control  surface.  Inertial  loads 
corresponding  to  a load  factor  of  + 30  shall  act  upon 
each  control  surface  balance  weight  in  the  other  two 
mutually  perpendicular  directions  (see  Loads  on  bal- 
ance weight  attachment  requirement,  MIL-A-8866). 

5-4.5  PROPELLER-NACELLE  WHIRL 
FLUTTER 

Turbine-powered  helicopters,  such  as  turboprop  or 
turbine/shaft-driven  propeller/rotor  configurations, 
may  result  in  whirl  flutter  becoming  a practical  con- 
cern rather  than  of  academic  interest  only.  Considera- 
tion of  large  flexible  rotor/propeller  configurations  is 
too  complex  for  simple  criteria  to  be  applied  relative  to 
whirl  flutter.  Refs.  2,  65,  and  66  represent  good  exam- 
ples of  the  current  state  of  the  art  relative  to  this  sub- 
ject. For  the  case  of  relatively  small  rigid  propeller 
systems  (13.5  ft  or  smaller),  some  guidance  for  the 
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design  of  such  systems  can  be  given  from  the  stand- 
point of  divergence  and  whirl  flutter.  When  the  con- 
y tinuous  system  is  approximated  by  a single  natural 
pitch  mode  and  a single  natural  yaw  mode  coupled  by 
the  gyroscopics  of  the  spinning  propeller,  the  system 
behaves  like  a gyroscopic  pendulum.  Neglecting  the 
flexibility  of  the  propeller  blades  eliminates  the  possi- 
bility of  mechanical  instability  of  such  a system.  The 
aerodynamic  forces  acting  upon  the  propeller  are  the 
sources  of  the  potential  instabilities  of  this  system,  ei- 
ther divergence  or  whirl  flutter  (Refs.  63  and  67). 

St.:tic  divergence  of  a pusher-propeller  configuration 
theoretically  is  impossible.  For  the  tractor-propeller 
configuration,  the  designer  should  assume  that  the 
wing/fuselage  is  fixed  and  that  the  angular  stiffness  of 
the  propeller  due  to  a force  acting  at  the  propeller 
centerline  is  computed.  This  propeller  force  shall  be 
applied  in  the  direction  that  produces  the  largest  rota- 
tion. This  stiffness  Ka  should  have  a value  (lb/rad) 
equal  at  least  to  two  times  the  propeller  normal  force 
Nf  (lb)  computed  at  VoL-  Should  wing  flexibility  or 
nacelle  configuration  add  substantially  larger  loads  and 
moments  than  those  obtained  by  consideration  of  the 
propeller  alone,  a detailed  wing-nacelle  propeller  diver- 
gence analysis  shall  be  made. 

Propeller  whirl  considerations,  in  both  pusher  and 
j tractor  configurations,  require  that  the  angular  stiffness 
computed  at  the  propeller  due  to  both  pitching  Kt  and 
yawing  K+  moments  be  examined.  As  a simplified  de- 
sign criterion,  it  is  recommended  that  the  computed 
rms  stiffness,  K^,  = y/(k}  + A^)/2  be  multiplied  by 
an  arbitrarily  assumed  damping  factor  of  0.02.  This 
must  have  a value  (in.-lb/rad)  equal  to  or  in  excess  of 
the  value  of  the  aerodynamic  moment  of  the  propeller 
M„  (lb-in.)  at  1.2  VDL. 


,.2vdl  <M9> 


The  critical  relationship  between  the  Jffness  and 
damping  levels  of  the  structure  and/or  mounting  and 
the  stability  of  the  installation  is:  shown  in  Ref.  63. 
Experience  with  models  indicates  that  the  fully  coupled 
helicopter  system  will  be  stable  if  the  recommended 
criterion  is  utilized.  This  must  be  verified  by  analysis 
and  tests  of  the  complete  system. 

These  criteria  do  not  apply  to  propellers  with  flap- 
ping hinges  even  though  they  are  not  subject  to  me- 
chanical instability.  This  is  due  to  the  added  degrees  of 
freedom  provided  by  the  disk  warpage,  which  has  been 
assumed  to  be  zero.  Clearly  defined  fail-safe  criteria 


also  must  be  established  for  this  configuration  (see,  for 
example,  FAR  Part  25). 

5-5  DRIVE  SYSTEM  DYNAMICS 

5-5.1  SCOPE 

This  paragraph  presents  a design  philosophy  and 
design  criteria  foi  attaining  the  freedom  from  critical 
speeds  or  flywheel  resonances  required  by  MIL-S-8698. 
Methods  are  shown  for  predicting  the  natural  frequen- 
cies of  the  drive  system  and  for  optimizing  the  system 
in  the  early  s'^ges  of  design.  It  is  not  the  purpose  of  this 
paragraph  to  provide  a means  of  structural  substantia- 
tion for  any  part  of  the  drive  system  because  this  sub- 
stantiation must  be  accomplished  by  analysis  of  the 
effects  of  the  loads  developed  during  the  flight  test 
program.  However,  calculations  based  upon  the  meth- 
ods shown  here  will  provide  an  excellent  basis  for  inter- 
preting the  test  results. 

5-5.2  DESIGN  PHILOSOPHY  AND  DESIGN 
CRITERIA 

The  ideal  design  would  require  complete  freedom 
from  vibration.  The  necessary  deviations  from  the  ideal 
shall  assure  that  the  residual  vibration  is  not  damaging 
structurally  and  does  not  interfere  with  the  operation 
or  control  of  the  helicopter.  Flight  safety  and  the  com- 
fort of  the  passengers  and  crew  must  be  assured.  The 
criteria  that  follow  are  considered  necessary  for  the 
accomplishment  of  these  objectives  during  preliminary 
design: 

1.  In  all  branches  of  the  drive  system  torsional 
resonance  with  any  multiple  of  the  product  of  the  rota- 
tional speed  and  the  number  of  blades  for  any  of  the 
system  rotors  shall  be  avoided  by  a minimum  margin 
of  ±40%  of  the  pertinent  rotational  speed.  The  critical 
speed(s)  of  any  sections  of  the  drive  system  shall  be 
separated  from  any  operating  speed  of  the  section  by  a 
minimum  margin  of  10%  of  the  operating  speed  (see 
MIL-T-5955). 

2.  Natural  frequencies  of  torsional  vibration  of  any 
branch  of  the  drive  system  shall  not  be  less  than  3 Hz 
unless  means  are  provided  to  assure  that  there  can  be 
no  inadvertent  cycling  of  the  blade  pitch  controls  by  the 
pilot.  This  is  important  particularly  in  aircraft  of  less 
than  6000  lb  maximum  gross  weight  where  antitorque 
rotor  drive  shafts  are  known  to  have  failed  because  of 
resonance  built  up  by  the  pilot’s  cycling  of  the  direc- 
tional control  pedals.  In  the  case  of  large  helicopters, 
time  lags  in  the  control  system  usually  assure  a slow 
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rate  of  change  of  blade  pitch  angle,  thus  preventing 
cycling  at  the  natural  frequency.  However,  the  designer 
should  make  sure  that  there  is  no  problem  in  this  re- 
spect. 

3.  The  torsional  natural  frequency  of  the  system 
shall  provide  maximum  compatibility  with  the  engine 
control  system.  It  is  necessary  to  consider  this  at  an 
early  stage  of  the  design  because  changes  required  to 
stabilize  the  power  control  system  decrease  the  gain  of 
the  governor  with  a consequent  increase  in  engine  re- 
sponse time. 

4.  The  failure  of  any  part  V the  drive  system  shall 
not  result  in  resonance  of  the  Remaining  part  of  the 
drive  system. 

5-5.3  MATHEMATICAL  METHODS 


5-5.3. 1 


The  Mathematical  Model 


Fig.  5-32  illustrates  the  mechanical  drive  system  of 
a typical  single-totor  helicopter.  The  complete  system 
consists  of  main  rotor,  antitorque  (tail)  rotor,  transmis- 
sion, oil  cooler  fan,  engine  power  turbine,  and  all  con- 
necting shafting. 

Critical  speeds  of  the  drive  system  are  calculated  by 
methods  given  in  standard  texts  such  as  Refs.  10  and 
1 1.  These  critical,  or  flywheel  resonance,  speeds  are  the 
rotational  speeds  that  coincide  with  the  natural  fre- 
quencies of  the  shafts  in  bending. 

In  order  to  investigate  the  torsional  frequency  char- 
acteristics, consider  the  system  shown  in  Fig.  5-32  to  be 
replaced  by  the  dynamically  equivalent  system  of.  Fig. 
5-33.  This  is  comprised  of  lumped-mass  polar  moments 
of  inertia  I reduced  to  a common  speed  and  concen- 
trated at  the  plane  of  the  main  rotor,  transmission, 
engine,  oil  cooler  fan,  and  tail  rotor,  respectively.  The 
masses  are  connected  by  shafts  of  stiffness  K reduced 
to  the  reference  speed  but  having  no  mass.  Mass  polar 


moments  of  inertia  of  the  rotating  parts  of  the  transmis- 
sion are  considered  as  one  lump  and  referred  to  the 
reference  speed.  The  mass  moments  of  inertia  of  all 
other  gears  are  considered  to  be  negligible  because  the 
five  primary  masses  shown  in  Fig.  5-33  are  the  domi- 
nant masses  in  the  system. 

This  simplified  representation  of  the  drive  system  is 
valid  only  if  the  assumption  that  each  rotor  can  be 
replaced  by  an  equivalent  lumped -mass  moment  of 
inertia  remains  sound.  This  substitution  is  not  realistic 
for  those  rotor  systems  whose  chordwise,  or  inplane, 
stiffness  is  relatively  low.  The  effects  of  rotor  blade 
flexibility  upon  the  characteristics  of  the  system,  and 
upon  their  analysis,  are  discussed  in  par.  5-S.3.4. 

Means  of  determining  the  equivalent  mass  moments 
of  inertia  and  stiffnesses  of  Fig.  5-33  are  shown  in  Refs. 
68  and  69. 

S-5.3.2  Solution  by  Matrix  Methods 

The  equations  for  the  system  shown  in  Fig.  5-33  may 
be  developed  easily  by  operating  on  the  kinetic  and 
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Fig.  5-33.  Diagram  of  Sample  Drive  System 
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Fig.  5-32.  Sample  Helicopter  Drive  System 


o 


potential  energy  functions  T and  V,  respectively,  with 
j Lagrange's  equation 


a_  /a t\  w 

dt  \3q  J dq 


(5-50) 


The  following  equations  result: 
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where 

s — operator  representing  time 
derivative,  sec"' 

0 = angular  deflection  of 
component  identified  by 
subscript,  rad 

It  is  observed  readily  that  this  is  & statically  coupled 
system  for  which  the  stiffness  matrix  may  be  con- 
structed immediately  by  simply  overlapping  the  2*2 
stiffness  matrices  for  adjacent  stiffness  elements. 

The  eigenvalues  of  this  equation  give  roots  that  are 
the  natural  frequencies  of  the  system  and  the  eigenvec- 
tors describe  the  mode  shapes  for  these  natural  frequen- 
cies. 


5-5.3.3 


Porter's  Method 


This  matrix  equation  can  be  solved  by  any  of  a num- 
ber of  methods  (Refs.  4,  10,  and  1 1).  Porter’s  method 
has  certain  merits  because  it  can  be  used  without  high- 
speed computer  facilities  (although  it  can  be  computer- 
ized to  advantage).  It  is  well-supported  by  basic  theory. 


I 
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Fig.  5-34.  Diagram  of  a Multiple-mode  Torsional 
System 


An  exposition  of  its  derivation  and  usage  may  be  found 
in  Refs.  4 and  69. 

To  explain  the  method  and  its  uses,  reference  is  made 
to  Fig.  5-34  in  which  are  shown  consecutive  lumped 
mass  elements  Jm,  J[2,  J1},  and  Ju,  connected  by  stiff- 
ness elements  Klt  Kit  and  Ky  The  notation  J„„  is  used 
to  indicate  that  the  lumped  mass  is  concentrated  be- 
tween the  stiffness  elements  Km  and  AT„. 

If  a mass  is  substituted  at  the  left  end  of  the  stiffness 
element  AT,  to  be  dynamically  equivalent  to  the  mass 
occurring  at  the  right  side  of  the  stiffness  element 
Kx,  it  must,  during  the  vibration,  produce  the  same 
twisting  moment  at  the  left  end  of  the  stiffness  element 
as  does  the  mass  at  the  right  side  acting  through  the 
stiffness  element  AT,.  We  will  call  the  substituted  mass 
the  impedance,  J‘LX,  due  to  the  mass  concentrated  at  the 
right  end  of  the  stiffness  element.  The  subscript  Ln  is 
used  to  indicate  the  left  end  of  the  stiffness  element 
Af„  while  the  subscript  On  is  used  to  indicate  the  right 
end,  Defining  the  impedance  from  right  to  left  we  may 
say: 

The  impedance  at  the  right  end  of  AT,  is  J’m  = 

Jov 

The  impedance  at  the  left  end  of  element  A,  is 


(5-52) 


The  impedance  at  the  right  end  of  element  K,  is 

J 02  — J L\  d\1’ 

Impedances  also  may  be  calculated  from  left  to  right 
according  to  the  definitions  that  follow. 

The  impedance  at  the  left  end  of  element  AT,  is 

~ J[i- 

The  impedance  at  the  right  end  of  the  element  K}  is 
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Fig.  5-35.  Generalized  Diagram  of  Individual  Mode 
from  Fig.  9-34 
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1 - 


The  impedance  at  the  left  end  of  element  AT,  is 

*f*£2  = J'oi  <^33- 

The  prime  mark  indicates  that  the  impedances  are 
calculated  from  the  right  while  the  double  prime  mark 
indicates  that  the  impedances  are  calculated  from  the 
left. 

By  these  procedures  the  impedances  at  any  point  in 
the  system  may  be  calculated.  For  any  natural  fre- 
quency the  impedance  at  a point  calculated  from  the 
left  must  balance  the  impedance  at  the  same  point  cal- 
culated from  the  right. 

Thus 


j"  + j ' =o 
JOn  JOn  u 


JLn  + ' in  =0 


(5-54) 


Now  if  wc  consider  the  impedances  J“,_„  and  J'0„ 
assembled  at  each  end  of  the  stiffness  element  we 
have  a two-mass  system  comprised  of  the  impedances 
or  equivalent  masses  J“L„  and  J'Q„  connected  by  the 
torsional  stiffness  element  K„  as  shown  in  Fig.  5-35. 

The  standard  formula  for  the  natural  frequency  to  of 
this  two-mass  system  is 


UJ  = 


FKn_  *JOn 
V J’Ln  J0„ 


(5-55) 


Multidegree-of-freedom  torsional  systems  may  be 
analyzed  by  assuming  a trial  value  of  the  natural  fre- 
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quency,  selecting  a stiffness  element,  calculating  the 
impedance  at  each  end,  and  solving  for  e>.  This  value 
of  to  will  be  exactly  equal  to  the  trial  value  if  the  trial 
value  has  been  correctly  chosen.  If  not,  this  result  is 
used  as  a new  trial  and  the  process  is  repeated.  Conver- 
gence usually  occurs  within  three  or  four  iterations  if 
the  correct  stiffness  element  has  been  selected.  This  will 
be  made  somewhat  clearer  in  the  sample  calculations  in 
par.  5-5.3.3.3. 

5-5. 3.3.1  Mode  Shapes  Calculated  by 
Porter’s  Method 

When  the  solution  for  the  natural  frequency  has  con- 
verged, the  final  iteration  contains  all  of  the  informa- 
tion required  for  the  calculation  of  the  mode  shape. 
Referring  to  Fig.  5-35,  let  the  angular  motion  at  the 
right  end  of  the  stiffness  element  be  90„  and  let  the 
angular  motion  at  the  left  end  be  6U.  Then 


»Ln 

°On  JLn 


(5-56) 


It  should  be  noted  that  the  impedance  ratio  must  be 
consistent.  The  two  impedances  must  be  calculated 
from  the  same  direction  in  the  system,  right  or  left. 

To  calculate  the  mode  shape,  a unit  deflection  is 
assumed  at  an  arbitiary  point  in  the  system  and  the 
deflections  at  the  other  points  are  calculated  succes- 
sively using  Eq.  5-56.  Because  the  amplitudes  have  been 
calculated  for  a system  that  has  been  reduced  to  a 
common  reference  speed,  the  true  amplitudes  at  points 
in  the  real  system  vary  from  the  calculated  values  di- 
rectly as  the  gear  ratios. 

5-5. 3. 3. 2 Parametric  Studies 

A useful  tool  in  the  early  design  stage  is  the  paramet- 
ric variation  of  the  mass  and  stiffness  characteristics  for 
study  of  their  effect  on  the  natural  frequencies  of  the 
various  modes.  The  procedure  consists  of  selecting  a 
number  of  frequencies  and  calculating,  for  each  one 
selected,  the  mass  required  at  a selected  point  or  the 
stiffness  required  in  a selected  element  to  make  the 
selected  frequency  a natural  frequency.  The  calculated 
values  then  are  plotted  as  curves  of  mass  (inertia)  ver- 
sus natural  frequency  or  stiffness  versus  natutal  fre- 
quency. Figs.  5-36  and  5-37  are  examples.  By  using 
logarithmic  coordinates  for  the  plots,  a much  greater 
range  of  parameters  can  be  covered  with  fewer  selected 
points.  It  is  usual  to  select  frequencies  in  increments  of 
1 Hz  up  to  10  Hz,  in  increments  of  2 Hz  from  10  Hi; 
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Fig.  5-36.  Variation  of  Natural  Frequency  With  Inertia  of  Power 
Turbine — Example 


to  20  Hz,  and  in  increments  of  10  Hz  above  20  Hz.  In 
regions  of  discontinuities,  additional  frequencies  may 
be  selected. 

To  calculate  the  stiffness  curve  (Fig.  5-37),  the  sys- 
tem is  reduced,  by  the  methods  of  par.  5-5.3. 3,  to  a 
two-mass  system  that  includes  the  selected  stiffness  ele- 
ment. Then  Eq.  5-55  is  solved  for  the  value  K„  corre- 
sponding to  each  selected  frequency. 

To  calculate  the  mass  curve  (Fig.  5-36),  use  is  made 
of  the  fact  that  at  a natural  frequency  the  right  and  left 
impedances  must  match  at  any  chosen  point  in  the 
system  (Eq.  5-54).  Thus  for  a selected  mass  such  as 
Jn  in  Fig.  5-34 


02 


*Jn  *Ji.\ 


(5-57) 


Equations  of  the  type 


j + j"  +y;  =o 

mn  On  Lm 


(5-58) 


may  be  solved  for  the  values  of  Jm„  required  to  make 
each  selected  frequency  a natural  frequency. 

An  interesting  case  occurs  when  the  required  value 
of  Jm,  is  negative.  The  physical  significance  of  this  re- 


 iaaaiaaa  taaaa  ■ - 


suit  is  that  in  order  to  make  the  selected  frequency  a 
natural  frequency,  a device  such  as  a tuned  mass  having 
a negative  impedance  is  required  at  the  location  of 

^ mir 

If  a tuned  mass  is  required,  a parametric  study  lead- 
ing to  an  optimum  combination  of  stiffness  and  mass 
for  the  tuned  mass  may  be  made  by  adding  another 
degree  of  freedom  to  the  system  at  this  point. 

Fig.  5-36  shows  the  effect  of  variation  of  the  mass  of 
the  power  turbine  upon  the  several  modes  of  the  system 
shown  in  Figs.  5-32  and  5-33.  Fig.  5-37  shows  the  effect 
of  variation  of  the  stiffness  of  the  engine-to-transmis- 
sion  input  shaft.  These  figures  are  examples  of  the  type 
of  information  that  can  be  obtained  from  a parametric 
study. 

5-5. 3. 3.3  Sample  Calculations 

To  demonstrate  the  use  of  these  methods,  the  arith- 
metical steps  in  the  calculation  of  ihe  first  and  second 
natural  frequencies  of  the  system  shown  in  Fig.  5-33  are 
shown  in  Table  5-2.  Including  notation  to  conform  to 
that  of  par.  5-5. 3.3,  the  characteristics  of  the  system  are 
as  follows: 

1 . Mass  Polar  Moments  of  Inertia 


a. 


Main  rotor 
slug-in? 


Ig  = Jm  = 4.9  X !0J 
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b.  Tail  rotor  !r  = = 1.87  x 10‘ 

slug-in; 

c.  Transmission  Ia  — Jn  — 22.4  slug-inf 

d.  Power  turbine  Ie  ~ J1}  - 4.66  x 10" 

slug-inf 

e.  Cooling  fan  lF  - Ju  ~ 4.7  slug-inf 
2.  Shaft  Stiffnesses 

a.  Main  rotor  shaft  — K\  — 582,300  in.- 
Ib/rad 

b.  Tail  rotor  shaft  Kr  = Ka  — 117,000  in.- 
Ib/rad 

c.  Turbine  shaft  KE  = K}  » 11,000,000  in.- 
Ib/rad 

d.  Cooling  fan  shaft  Kf  = Ks  = 798,300  in.- 
lb/rad 

An  approximation  for  the  ftrst  natural  frequency  is 
made  by  fixing  the  left  end  and  solving  the  equation 


/r, 


"I* 


J\2*J21  +y/.3 


(5-60) 


i 


The  solution  will  be  made  in  the  Ka  stiffness  element  for 
the  first  frequency  and  in  the  Kt  stiffness  element  for 
the  second  frequency. 

The  mode  shape  calculation  follows  easily  from  the 
last  line  of  each  natural  frequency  solution.  Assuming 
a unit  angular  amplitude  at  the  main  rotor,  we  have 
60i  = 1 (assumed)  at  the  main  rotor 


/ ' 
Jo  1 


h\  ~8I.a  = e02=‘d0\  T 

JI.  1 

= -3.274  at  the  transmission 


4900 

1496.6 


<Uj  = 
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JOa 


J La  -994.1 

= 6,.  — 7T-  * -r-3.274 


"0a  La  t » 
JOa 


-187 


A good  approximation  for  the  second  frequency  is  to 
solve  the  equation 


-17.40  at  the  tail  rotor 


(5-61) 
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Fig.  5-37.  Variation  of  Natural  Frequency  With  Stiffness  of  Turbine  Output 

Shaft — Example 
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3.347  at  the  turbine 


-3.357  at  the  cooling  fan 


TABLE  5-2 

SAMPLE  CALCULATION,  TORSIONAL  NATURAL  FREQUENCIES 


1 

rr“ 

3 

4 

5 

6 

7 

w1 

mm 

J! , = — 

mm 

1”  _ ^s.3 

(5)  + J„ 

1 _ (6)wJ 

Ka 

K, 

(2) 

k3 

03  (4) 

505.80 

-3.256 

-1504.9 

0.9970 

4.714 

469.7 

0.9784 

508.95 

-3.283 

-1492.5 

0.9970 

4.714 

469.7 

0.9783 

507.95 

-3.274 

-1496.6 

0.9970 

4.714 

469.7 

0.9783 

j;>(3)  (9)+J0.  O)  x J0i 

+ <«>  + ■»„ 


-815.4  -187449 

-803.0  -185122 

-994.1  -807.1  -185900 


tuJ  =K„  Jill 

(11)  W,»  22.54  rad/sec 

f _ 22.54  #(2i7)  = 3.59  Hz 

508.95 

507.48 

507.98 


16Q0.Q 

1551.3 

1568.5 


K, 


-1.5573 


-1.4794 


-1.5069 


8 


r =i_6i 

02  (7) 

504.18 

503.09 

503.47 


y = 
l"  (2) 


-124.10 


9 


+ (8)+J„ 
406.50 
399.09 
401.77 


2nd  MODE 


4 


0.99058 


0.99087 


0.99067 


10 


(9)+J„ 

5306.5 
5299.1 
5301 .8 


(9)xJ01 

1991850 

1955541 

1968673 


6 


(5)+J„ 


469.75 


469.74 


469.74 


12 


wJ  = K,  Jlil 

I (o,  = 39.60  rad/ sec 


7 


( 6 )u,J 


0.9317 


0.9337 


0.9330 


1551.3 

1577.9 

1568.2 


f2  =39.6/(2-)=6.3  CP 


NOTE  : ( ) REFERS  TO  COLUMN  WHERE  NUMERICAL  VALUE  IS  TO  BE  FOUND 


f.  aio*!-  fai  .\HtrS. 
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The  required  mass  ratios,  or  their  reciprocals,  are 
contained  in  Columns  2,  4,  and  7 of  Table  5-2.  In 
calculating  the  mode  shape  for  the  second  natural  fre- 
quency, the  appropriate  values  are  taken  from  the  table. 


Q0  j * 1 at  the  main  rotor 


n „ « JOi  -4900 

Ll  = La " L2=  01  j[\  " 401.77 

= -12.196  at  the  transmission 


JLa  -12.196 


eOaa6La~p~ 

JOa 


-1.5069 


(5-62) 


= 8.094  at  the  tail  rotor 


0L2=eo3*eo2yr 

JL  2 


J02  -12.196 


0.9330 


= -13.072  at  the  turbine 
J02  -13.072 


JL3 


0.99067 


= -13.194  at  the  cooling  fan 


These  calculated  mode  shapes  are  of  sufficient  ac- 
curacy to  permit  an  evaluation  of  the  stress  due  to 
torsional  vibration  in  any  part  of  the  system,  if  the 
amplitude  of  applied  moment  or  of  angular  deflection 
is  known  or  can  be  measured  at  any  point  in  the  system. 

S-5.3.4  Effect  of  Rotor  Characteristic! 

The  effect  of  rotor  characteristics,  and  particularly  of 
rotor  blade  flexibility,  upon  the  torsional  natural  fre- 
quencies of  the  drive  system  depends  upon  the  blade 
natural  frequencies,  and  upon  the  degree  to  which  the 
rotor  participates  in  the  mode  in  question.  For  instance, 
in  the  previous  example,  the  rotor  has  no  effect  upon 
the  third  mode  frequency,  which  is  a function  of  the 
cooling  fan  mass,  the  power  turbine  mass,  and  the  stiff- 
ness of  the  fan  drive;  nor  does  the  rotor  have  any  effect 
on  the  fourth  mode  frequency,  which  depends  princi- 
pally on  the  turbine  mass,  the  lumped  transmission 
mass,  and  the  stiffness  of  the  turbine-to-transmission 
drive.  Also,  any  natural  frequency  of  the  drive  system 
that  is  iess  than  the  first  (lowest)  rotor  blade  natural 
frequency  will  be  unaffected  by  the  rotor  blade  modes. 
Investigation  of  blade  effects  upon  a particular  mode 


" ivjnro '?  vpyvi1  r 


can  be  accomplished  readily  by  overlapping  the  blade 
matrices  with  the  drive  system  matrices  at  the  coordi- 
nate that  describes  the  angular  motion  of  the  rotor  hub. 

The  effect  of  rotor  blade  modes  must  be  included  in  the  v — J 

final  analysis  of  drive  system  torsional  characteristics 
and  their  compatibility  with  the  engine  control  system. 

$-5.3.5  Compatibility  Between  the  Drive 
System  and  the  Engine  and  Engine 
Control  System 

When  a turbine  engine  is  connected  to  a low-fre- 
quency propulsion  system,  such  as  occurs  in  most  heli- 
copter installations,  the  resulting  combination  may  be 
unstable.  The  engine  output  shaft  speed  is  senaed  by  the 
power  turbine  governor.  The  power  control  adjusts  the 
fuel  flow  to  maintain  the  selected  turbine  speed.  The 
governor  also  can  sense  superimposed  oscillatory  mo- 
tions at  the  power  turbine,  such  as  6U  in  the  sample 
calculations  of  par.  5-S.3.3.3.  At  certain  frequencies 
inherent  in  the  engine,  the  gains  and  dynamics  of  the 
engine  and  its  control  may  cause  sufficient  phase  shift 
to  reinforce  the  oscillations  of  the  drive  system  in  one 
of  its  natural  modes. 

Careful  analysts  of  the  engine,  power  control,  and 
drive  system  is  necessary  early  in  the  design  stage.  This 
requires  close  cooperation  between  the  designer  of  the 
drive  system  and  the  engine  manufacturer.  Failure  to  V_ 
consider  this  problem  early  enough  may  result  in  com- 
promising of  engine  response  time  and  droop  perform- 
ance by  reducing  the  governor  gains,  or  in  introducing 
time  lags  into  the  system. 

Investigations  of  problems  of  this  type  usually  are 
conducted  by  combining  the  transfer  functions  for  the  i 

engine  and  power  control  system  (obtained  from  the 
engine  manufacturer)  with  the  transfer  functions  for 
the  drive  system.  The  two  systems  are  linked  by  the 
torque  acting  upon  the  power  turbine  and  the  turbine 
speed,  which  is  fed  back  to  the  control  system.  Solu- 
tions for  the  problem  are  found  easily  on  an  analog 
computer,  although  sometimes  it  is  desirable  to  plot  the 
roots  of  the  characteristic  equation  in  the  complex 
plane  to  study  the  effects  of  the  variation  of  the  drive 
system  lumped  parameters.  Other  methods  of  study  are 
available  and  may  be  useful.  A digital  computer  may  be 
used  to  obtain  time-histories  suitable  for  evaluation  of 
drive  system  stability.  This  method  makes  use  of  math- 
ematical models  of  the  engine,  the  fuel  control,  and  the 
rotor  and  driye  system.  The  Bode  analysis  and  plot 
provide  a means  of  evaluating  both  the  low-frequency 
phase  margin  and  the  torsional  gain  margin  (magni- 
tude). The  phase  margin  indicates  the  stability  of  the 
baric  system-governing  loop  while  the  gain  margin  in- 


dicatcs  the  allowable  increase  in  the  loop  fain  of  the 
system  before  divergence  occurs.  Because  a high  gain 
is  desirable  to  obtain  rapid  response  of  the  engine  to 
load  demands,  it  is  important  to  provide  a drive  system 
that  has  been  optimized  to  the  point  that  a minimum 
of  gain  adjustment  is  required. 

A common  error  in  this  type  of  analysis  is  to  ignore 
the  effects  of  the  tail  rotor  for  the  purpose  of  simplify* 
ing  the  problem.  If  this  is  done  without  a thorough 
understanding  of  the  nature  of  the  mechanical  drive 
system,  the  results  of  the  analysis  may  be  erroneous.  In 
fact,  there  have  been  cases  in  which  the  natural  fre- 
quency of  the  tail  rotor  was  the  casue  of  an  instability. 
Also,  the  tail  rotor  may  have  considerable  effect  upon 
that  natural  frequency  which  is  dependent  principally 
upon  the  stiffness  of  the  main  rotor  shaft.  Referring  to 
Column  3 of  the  second  mode  natural  frequency  calcu- 
lation of  Table  3-2,  the  tail  rotor  contributes  an  imped- 
ance at  the  transmission  of  —124.1  slug-in?  This 
reduces  the  effective  impedance  acting  upon  the  main 
rotor  shaft  by  about  20%,  which  in  this  esse  is  enough 


AMCP  706-201 


to  make  the  difference  between  stability  and  instability. 

For  articulated  rotors  with  lag  hinge  dampers  it  also 
may  be  necessary  to  include  the  effect  of  the  hydraulic 
fluid  acting  as  a spring  in  order  to  simulate  the  torque 
oscillations  actually  found  with  such  a system. 

High  frequencies  such  ss  the  third  and  fourth  modes 
shown  in  Figs.  3-36  and  3-37  have  no  effect  upon  the 
low-frequency  stability,  and  these  degrees  of  freedom 
may  be  eliminated  from  the  problem  by  lumping  their 
masses  with  the  transmission  mass.  This  leaves  only  a 
three-mass  system  comprised  of  the  main  rotor  and 
main  rotor  shaft,  the  transmission  and  turbine  lumped 
masses,  and  the  tail  rotor  drive  shaft  and  tail  rotor.  A 
simplified  block  diagram  for  the  system  of  Fig.  3-33  is 
shown  in  Fig.  3-38.  The  moments  of  inertia  lumped  at 
the  transmission  are  designated  as  IM  =»  Ia  + Ie  + 

Ip- 

The  analysts  of  the  compatibility  of  the  engine  con- 
trol system  with  the  dynamic  characteristics  of  the  cou- 
pled airframe-engine  system  is  discussed  in  greater  de- 
tail in  par.  8-7. 


Fig.  3-38.  Simplified  Block  Diagram  of  Engine,  Rotor,  Drive,  and  Engine  Control 

Systems 
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5-6  LIST  OF  SYMBOLS 

A.F.  — aerodynamic  force,  lb 
( >4U)  ] = matrix  of  periodic  time  functions 
a = moment  am  of  A.F.  with 
respect  to  flap-hinge,  A 
B = tip-loss  factor,  dimensionless 
s hub  effective  damping,  lb-sec/ft 
= blade  lag  damping,  Ib-A-sec/rad 
= distance  from  lag  hinge  to 
center  of  mass  of  blade,  ft 
= half-chord  of  blade,  ft 
= damping,  Ib-sec/A 

— centrifugal  force,  lb 

2Po 

— blade  chord,  A 
El  = bending  rigidity,  ?b-in: 

e — base  of  natural  (Naperian) 
logarithms,  2.71828 

— vertical  (lag)  hinge  offset  from 
rotor  center,  A 

F — shear  amplitude  of  forcing 
function /(/)  = Fem‘,  lb 


Bf 
B . 


C 

C.F. 

Cb 

c 


f = complex  column  matrix  of 
applied  force  amplitudes,  lb 

= distance  from  CG  of  m,  to 
gimbal  axis,  A 

f = amplitude  of  cos  component  of 
force,  lb 

f — column  matrix  of  applied  force 
time  history,  lb 

GJ  — blade  torsional  stiffness,  lb-ft2 

g — structural  damping  coefficient, 
dimensionless 

g,  = amplitude  of  sin  component  of 
force,  lb 

h = rotor  to  nacelle  pivot  distance, 
A 

= distance  from  CG  of  m,  to  CG 
of  m,,  A 

I = blade  mass  moment  of  inertia 
about  vertical,  or  lag,  hinge, 
slug-A2 

= mass  moment  of  inertia  of  the 
control  surface  about  its  hinge 
axis,  slug-A2 

= lumped  mass  polar  moment  of 
inertia,  slug-in.2 

/,  = mass  polar  moment  of  inertia 


' ' .T*'~  ,yr:jrrr\  ■ • • * * 


of  Aiselage,  slug-A2  | 

/,  = mass  polar  moment  cf  inertia  V 
of  isolated  part  about  its 
centroidal  axis,  slug-A2 
i = imaginary  unit,  V—  1 
J = mass  polar  moment  of  inertia 
(effective  impedance),  slug-in2 
J^.  J\j  — lumped  inertias,  or  impedances 
slug-in? 

K — hub  effective  spring  rate,  Ib/ft 
= stiffness,  Ib/A  or  in.-lb/rad 
= product  of  inertia  of  control 
surface  with  respect  to  the 
hinge  axis  and  to  an  axis  in  the 
plane  of  the  control  surface, 
normal  to  the  hinge  axis, 
slug-A2 

Km  — stiffness  ofthemth  stiffness 
element,  in.-lb/rad 
K„  — stiffness  of  the  nth  stiffness 
element,  in.-lb/rad 
— root-mean-square  angular 
stiffness  of  propeller,  in.-lb/rad 
Kq  — angular  stiffness  of  propeller, 
lb/rad 

Kfi  — centering  spring  constant,  _ 

lb-A/rad 

K„  K+  = angular  stiffness  of  propeller, 
pitch  and  yaw  modes 
respectively,  in.-lb/rad 
k = blade  number,  k = 0,1,... 1 
counted  in  direction  of 
rotation 

L,  K = tilting  feedback  constants,  sec*1 
M = equivalent  airframe  mass  at 
rotor  center,  including  blade 
masses,  slug 
s=  mass,  slug 
= moment,  lb -A 

Mf  = propeller  aerodynamic  moment, 
lb -in. 

m,  = effective  mass  of  hub,  slug 

mb  — mass  of  blade,  slug 
m,  = generalized  mass  of  Mh  mode, 
slug 

m6t,  m$„  = periodic  time  functions 

proportional  to  blade  flapping 
moments  from  6t,  Q„, 
dimensionless 

m,  = mass  of  fuselage,  slug 
m,  = mass  of  isolated  pari,  slug 


i 


i 


;'X/  ? "’^':  •:'• 


-T-?v • »•  W:.w»^.r.T.>sa8 


V — number  of  degrees  of  freedom, 
dimensionless 

? = propeller  normal  force,  lb 
* = number  of  blades  per  rotor 
9 — ratio  of  blade  natural  frequency 
with  elastic  restraint  to  that 
without  restraint 
> = distance  from  CG  of  m,  to 
plane  of  rotor  hub,  ft 
= (tip  + l)'  , dimensionless 
! = torque,  lb-ft 
= response  to  shear  force  of 
amplitude  F or  moment  of 
amplitude  M 
= transition  matrix 
= generalized  coordinate 
= modal  amplitude  of  nth  mode, 
ft 

= rotor  radius,  ft 
= radius  of  gyration  of  blade 
about  CG,  ft 

— blade  mass  moment  about 
vertical  hinge,  slug-ft 

= ratio  of  effective  hub  springs  in 
two  directions 

= operator  signifying  the  time 
derivative,  sec-1 
= period  of  rotor  revolution, 

2 rr/(l,  sec 

— kinetic  energy  in  Lagrange 
equation,  in.-lb  or  ft-lb 

= time,  sec 

= relative  flow  velocity  with 
respect  to  blade,  fps 

- potential  energy  in  Lagrange 
equation,  in.-lb  or  ft-lb 

= cruise  airspeed,  kt 
= design  limit  airspeed,  kt 
a lateral  hub  deflection,  ft 
= displacement,  ft 

- column  matrix  of  state  variables 

= IQ] 

= complex  column  matrix  of 
displacements,  ft 
! matrix  of  displacement  time 
history,  ft 

; constants  derived  from  initial 
conditions 

mean  blade  angle  of  attack,  rad 

blade  flapping  angle,  positive 
up,  rad 
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&i  > fin 


SQt/dai, 


BQM/bo>H 


bQr/do)r 


£/»  £// 
Vi.  Vi, 


Viii,  Viv 


e 

&i<  0„ 


! i 1=1  first  multiblade  flapping 
coordinates,  dimensionless 
i ~ differential  collective  multiblade 
flapping  coordinate  (only  for 
even-bladed  rotors), 
dimensionless 

= coning,  or  mean  blade  flapping, 
angle,  rad 

= blade  Lock  number, 
R*pc(dcL/da/I ), 
dimensionless 

= damping  factor  for  main  rotor, 
Ib-ft-sec/rad 

— damping  factor  for  turbine, 
transmission,  and  fan  (lumped), 
lb-ft-sec/rad 

— damping  factor  for  tail  rotor, 
lb-ft-sec/rad 

= blade  lead  angle,  positive 
forward,  rad 

— first  cyclic  lead  coordinates,  . 

= first  multiblade  cyclic 

coordinates,  dimensionless 
= second  multiblade  cyclic 
coordinates,  dimensionless 
— ' differential  collective  multiblade 
coordinate  (only  for 
even-bladed  rotors), 
dimensionless 
= deflection  of  Ath  blade, 
dimensionless 

= lateral  airframe  damping  ratio, 
dimensionless 

— lead-lag  damping  ratio, 
dimensionless 

= collective  multiblade 
coordinate,  dimensionless 
= torsional  amplitude,  rad 
: torward  and  left  cyclic  pitch, 
rad 

pitch-flap  coupling  ratio 
36/  dfi,  positive  for  increase  in 
blade  pitch  with  up  flapping, 
dimensionless 
pitch-lead  coupling  ratio 
bO/d  £,  positive  for  increase  in 
blade  pitch  with  lead, 
dimensionless 

normalized  response  to  exciting 
forces  at  the  rotor  head, 
dimensionless 

normalized  response  to  exciting 
moments  at  the  rotor  head, 
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dimensionless 

A,  = e/[b(  1 + r2/b2)],  dimensionless 
Aa  = K0/(Ia}2r),  dimensionless 
A3  - M 2(1  + r2/b% 
dimensionless 

Ar  = B/(Mo>),  dimensionless 
Afl  --  Bp/(Io)r),  dimensionless 
exp(A*  + = eigenvalue  of  Floquet 

transition  matrix  [Q]  defined  by 
[x(T»  = t<2][x(0)] 
fx  — rotor  advance  ratio  V/((IR), 
dimensionless 

= mass  ratio  nmb/(mf  + nm£, 
dimensionless 
p = air  density,  slug/ft3 
<f>j  — complex  multiblade  lead-lag 
coordinate,  as  defined  by 
Coleman,  dimensionless 

4>)  = conjugate  complex  of  <f>, 

<f>„  — mode  shape,  dimensionless 
= amplitude  of  normal  mode,  ft 
<j>x,  <f>y  — nacelle  angular  deflections  in 
pitch  and  yaw,  respectively,  rad 
4*  — azimuth  angle  of  rotor  or  blade, 
rad  or  deg 

= azimuth  angle  of  Ath  blade,  rad 
ft  = rotor  rotational  frequency, 
rad/sec 

a > = frequency,  rad/sec 

= forcing  frequency,  rad/sec 
o)b  = structural  flap-bending 

frequency  at  ft  =0,  rad/sec 
a >/  = whirling  angular  frequency  in 
fixed  system,  rad/sec 
o),  = circular  natural  frequency  of 
the  ith  mode,  rad/sec 
oj„  = natural  frequency,  rad/sec 
o)t  — reference  frequency,  rad/sec 
<t>,  = structural  blade  torsional 
frequency,  rad/sec 
a>,  = natural  frequency  of  airframe 
(hub)  lateral  mode,  rad/sec 
a>0.  a>(  = undamped  blade  flapping  and 
lead-lag  frequencies,  rad/sec 
wa,  S>4  = undamped  blade  flapping  and 
lead-lag  frequency  ratios, 

<Dp/fl,  «4/ft,  respectively, 
dimensionless 

a>*,,  = nacelle  structural  pitch  and 

yaw  frequency,  respectively, 
rad/sec 

Subscripts 

DL  = design  limit 


E = pertaining  to  the  engine  or 
engine  shaft 

F = pertaining  to  the  cooling  fan  or 
fan  drive  shaft 

G = pertaining  to  the  transmission 
k — pertaining  to  the  Xth  blade 
Lit  — occurring  at  the  left  end  of  the 
nth  stiffness  element 
M = pertaining  to  turbine,  fan,  and 
transmission  lumped 
mn  — occurring  between  the  /nth  and 
nth  stiffness  elements 
On  = occurring  at  the  right  end  of 
the  nth  stiffness  element 
R = pertaining  to  the  main  rotor  or 
main  rotor  drive  shaft 
T = pertaining  to  the  tail  rotor  or 
tail  rotor  drive  shaft 

Superscripts 

' — indicates  that  impedances  have 
been  accumulated  from  the 
right 

* = indicates  that  impedances  have 
been  accumulated  from  the  left 
T = transpose  of  matrix 
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CHAPTER  6 


STABILITY  AND  CONTROL 


6*1  INTRODUCTION 

Principal  attention  in  this  chapter  is  given  to  the 
stability  and  control  requirements  for  helicopters,  as 
specified  by  MIL-H~850t.  However,  this  general  speci- 
fication for  handling  qualities  is  acknowledged  to  have 
significant  shortcomings  when  all  classes  of  helicopters 
of  current  interest  are  considered.  This  chapter,  there- 
fore, includes  characteristics  desired  or  required  for 
specific  classes  where  appropriate. 

The  use  of  armed  helicopters  was  not  considered 
during  the  development  of  the  MIL-H-8501  require- 
ments. Subsequent  use  of  helicopters  as  attack  vehicles 
has  shown  that  stability  and  control  characteristics  ac- 
ceptable for  other  missions  are  not  adequate  for  these 
aircraft.  Although  data  available  from  existing  attack 
helicopters  (AH)  have  not  resulted  yet  in  updated  Mili- 
tary Specifications  with  quantitative  requirements,  the 
specific  characteristics  and  handling  qualities — both 
required  and  desired — are  known.  This  chapter  in- 
cludes consideration  of  the  effects  of  alternate  mission 
configurations  and  loadings  of  these  vehicles  upon 
these  qualities.  The  effects  of  both  normal  and  abnor- 
mal operation  of  weapon  systems  during  a mission  also 
are  discussed. 

Tb , normal  helicopter  rotor  is  inherently  unstable. 
The  regions  for  this  are  discussed,  together  with  the 
methods  available  for  modifying  the  stability  character- 
istics. The  latter  treatment  includes  the  use  of  stability 
augmentation  to  achieve  helicopter  handling  qualifies 
similar  to  those  of  a fixed-wing  aircraft. 

Once  it  has  been  determined  that  artificial  stability 
devices  should  be  incorporated  into  the  design,  it  is 
appropriate  to  consider  the  extension  of  the  capability 
of  this  equipment  to  include  such  pilot-assist  or  autopi- 
lot modes  as  heading-hold,  velocity-hold,  or  altitude- 
hold.  For  specific  mission  applications,  it  also  may  be 
appropriate  to  couple  this  equipment  with  the  onboard 
navigation  system  and  thereby  to  provide  an  automatic 
flight  control  system  (AFCS),  These  optional  installa- 
tions also  are  discussed. 

MIL-H-8501  recognizes  the  increased  difficulty  of 
controlling  a helicopter  in  the  absence  of  external  visual 


reference  by  stipulating  more  stringent  stability  re- 
quirements for  operations  under  instrument  flight  con- 
ditions than  are  given  for  helicopters  operated  under 
visual  flight  rules.  Because,  as  noted  in  Chapter  1,  this 
handbook  deals  only  with  helicopters  to  be  operated 
under  day  or  night  visual  flight  rules  (VFR),  instru- 
ment flight  rules  (IFR)  operation  is  not  discussed  in 
detail.  The  requirements  of  MIL-H-8501  are  presented, 
and  the  need  for  them  is  mentioned.  However,  neither 
their  adequacy  nor  their  implementation  is  discussed. 

For  an  understanding  of  the  mathematical  processes 
and  techniques  employed  in  the  solution  of  the  equa- 
tions of  motion,  as  used  in  this  chapter,  reference 
should  be  made  to  a text  on  the  subject,  such  as  Ref. 
1. 


6-2  FUNDAMENTALS  OF 

HELICOPTER  STABILITY  AND 
CONTROL 

6-2.1  DEFINITIONS 

Stability  and  control  analysis  is  a complex  process 
because  it  deals  with  both  linear  and  angular  motions 
of  the  helicopter  with  respect  to  each  of  the  three  axes 
necessary  to  define  the  position  of  the  vehicle  in  space. 
Stability  is  the  tendency  of  the  helicopter  to  maintain 
or  to  deviate  from  an  established  flight  condition.  Con- 
trol is  the  ability  of  the  helicopter  to  be  maneuvered  or 
steered  from  one  flight  condition  to  another.  The  term 
“flying  qualities”  is  used  to  designate  those  characteris- 
tics ihat  are  relevant  to  both  of  these  aspects. 

Helicopter  stability  and  control  analyses  are  similar 
to  those  for  other  aircraft  types  but  are  complicated  by 
the  ability  of  the  helicopter  to  hover  as  well  as  to  fly  in 
any  direction  without  change  of  heading. 

6-2. 1.1  Axis  Systems 

Fundamental  to  the  analysis  is  the  establishment  of 
a reference  or  coordinate  system  to  define  the  position 
and  motion  of  the  helicopter.  Right-handed  systems  of 
Cartesian  coordinates  are  conventional. 
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Although  the  coordinate  systems  and  associated 
symbols  are  common,  a variety  of  reference  axes  may 
be  used.  The  choice  of  a reference  system  is  dependent 
upon  the  nature  of  the  problem  being  investigated  and 
the  helicopter  configuration  being  analyzed.  The  most 
common  systems  of  reference  axes  are: 

1 . Gravity  axes 

2.  Stability,  or  wind,  axes 

3.  Body  axes. 

6-2. 1.2  Gravity  Axes 


ment  of  inertia  and  product  of  inertia  terms  vary  for 
each  flight  condition.  In  general,  these  terms  are  as- 
sumed to  be  constant  in  the  equations  of  motion.  This 
limits  the  use  of  the  stability  axis  system  to  small  dis- 
turbance motions. 

In  addition  to  simplification  of  the  aerodynamic 
terms,  the  use  of  stability  axis  systems  of  reference  has 
a specific  application  in  correlating  the  theoretically 
calculated  stability  results  with  wind  tunnel  results, 
which  commonly  are  resolved  automatically  parallel 
with  and  perpendicular  to  the  wind. 


! 


Gravity  axes  refer  to  a coordinate  system  with  the 
origin  either  fixed  at  a point  on  the  surface  of  the  earth 
or  at  the  helicopter  center  of  gravity  (CG)  and  moving 
with  the  helicopter. 

In  each  case  the  z-axis  is  pointing  to  the  center  of  the 
earth  (positive  downward),  the  x-axis  is  directed  along 
the  horizon  (positive  forward),  and  the  y-axis  is  ori- 
ented to  form  a right-handed  orthogonal  axis  system 
(positive  toward  the  right). 

The  gravity  or  earth  axes  are  useful  primarily  as  a 
reference  system  for  the  gravity  vector,  and  for  linear 
displacements  and  angular  orientation.  The  use  of  these 
axes  introduces  certain  simplifications  into  the  stability 
analyses,  in  that  the  velocity  components  along  the 
respective  axes  are  independent  of  helicopter  rotation 
about  the  CG  and  are  functions  only  of  translation  and 
climb  angle  yc  In  the  derivation  of  the  equations  of 
motion  using  this  reference  system  the  aerodynamic 
force  contribution  is  accounted  for  through  the  sine  or 
cosine  of  climb  angle  yc.  Further  simplifications  occur 
for  level  flight  (yc  = 0).  However,  the  use  of  gravity 
axes  introduces  rather  cumbersome  corrections  to  iner- 
tial terms  and  products  of  inertia  in  accounting  for 
helicopter  rotation. 


6-2. 1.4  Body  Axes 

The  body  axis  system  refers  to  an  orthogonal  system 
of  axes  fixed  at  the  helicopter  CG,  rotating  and  trans- 
lating with  the  helicopter.  The  x-axis  is  aligned  along 
a reference  line  (datum  line)  fixed  to  the  vehicle  (posi- 
tive pointing  forward).  The  z-axis  is  perpendicular  to 
the  x-axis,  positive  toward  the  bottom  of  the  vehicle. 
The  y-axis  is  perpendicular  mutually  to  x and  z,  and 
positive  pointing  to  the  right. 

The  use  of  axes  fixed  to  the  vehicle  insures  that  the 
inertial  terms  in  the  equations  of  motion  are  constant 
(independent  of  flight  conditions);  furthermore,  by 
coinciding  one  of  the  body  axes  with  a principal  axis  of 
inertia,  certain  product -of-inertia  terms  can  be  elimi- 
nated. In  this  axis  system,  the  aerodynamic  forces  and 
moments  are  dependent  upon  relative  velocity  orienta- 
tion with  respect  to  the  body  as  defined  by  the  angles 
of  attack  and  sideslip,  a and  0S,  respectively. 

Body  axes  are  useful  particularly  in  the  study  of 
helicopter  dynamics  because  velocities  and  accelera- 
tions with  respect  to  these  axes  are  the  same  as  those 
that  would  be  experienced  by  a pilot  or  would  be  mea- 
sured by  the  instruments  mounted  in  the  helicopter. 
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6-2. 1.3  Stability  Axes 

The  stability  axes  represent  a coordinate  system  with 
the  origin  located  at  the  helicopter  CG  and  with  the 
axes  oriented  so  that  the  x-axis  is  coincident  with  the 
velocity  vector  and  is  positive  pointing  into  the  relative 
wind,  the  z-axis  is  perpendicular  to  the  relative  wind 
and  is  positive  downward,  and  the  y-axis  is  oriented  to 
form  a right-handed  orthogonal  axis  system  (positive  to 
the  right).  The  use  of  stability  axes  eliminates  the  terms 
containing  the  velocity  components  v0  and  w0  along  the 
y-and  z-axes,  respectively,  and  thus  introduces  substan- 
tial simplifications  into  the  aerodynamic  terms.  In  this 
case,  the  only  linear  velocity  component  existing  is 
u,  which  is  independent  of  helicopter  rotation  (as  in  the 
case  of  gravity  axes)  and  which  represents  perturbation 
of  the  forward  velocity  vector  Uq.  However,  the  mo- 
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6-2. 1.5  Choice  of  Axes 

Because  it  is  more  convenient  to  express  aerody- 
namic and  gravitational  forces  and  moments  with  re- 
spect to  body  axes  than  to  express  inertial  forces  and 
moments  with  respect  to  wind  or  gravity  axes,  a body 
axis  coordinate  system  commonly  is  selected  for  a gen- 
eralized analysis  (Ref.  2).  Inasmuch  as  the  analyses 
presented  in  the  paragraphs  that  follow  are  perturba- 
tion analyses,  stability  axes  generally  are  employed. 
Regardless  of  the  reference  axis  system  selected,  it  is 
important  that  the  characteristics  be  understood  and 
that  the  externally  applied  forces  and  moments  be 
related  properly  to  the  coordinate  system  being  used. 
The  body  axis  and  stability  axis  systems  are  shown  in 
Fig.  6-1.  The  notation  for  displacement  and  orientation 
of  the  helicopter  also  are  defined  in  the  figure. 
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In  addition  to  analysis  of  the  helicopter  CG  motions, 
the  dynamics  of  the  rotor  must  be  included  in  any 
investigation  of  stability  and  control.  Complete  consist- 
ency must  be  maintained  between  rotor  and  airframe 
coordinate  systems  when  the  analysis  includes  both. 

Rotor  system  dynamics  are  described  in  par.  5-2, 
along  with  the  instabilities  that  can  occur  within  the 
rotor  system.  The  analyses  discussed  in  the  paragraphs 
that  follow  use  the  same  coordinates  and  reference  sys- 
tem as  is  used  in  Chapter  5 when  examining  the  stabil- 
ity and  controllability  of  the  rotor  system  as  a part  of 
the  helicopter. 

The  aerodynamic  forces  and  moments  applied  to  the 
helicopter  are  discussed  in  Chapters  3,  4,  and  5.  In 
Chapter  3 the  development  of  these  forces  and  mo- 
ments, including  the  periodic  components  of  rotor 
blade  lift  and  drag,  is  described.  Tn  Chapter  4 the  appli- 
cation of  aerodynamic  loads  to  various  parts  of  the 
helicopter  structure  is  detailed.  In  Chapter  5 the  analy- 
ses include  treatment  of  the  helicopter  (both  rotor  and 
airframe)  as  an  elastic  rather  than  a rigid  body. 

In  each  of  these  chapters,  there  are  minor  variations 
in  the  mathematical  notation.  These  variations  stem 
from  the  origins  of  each  of  the  applicable  disciplines 
(aerodynamics,  stress  analysis,  and  dynamics)  from  dif- 
ferent engineering  specialties.  In  a similar  manner,  in- 


dividual authors  in  any  one  of  these  disciplines  (includ- 
ing stability  and  control)  often  use  slightly  differing 
notations. 

The  complexity  of  helicopter  stability  analysis  is  seen 
readily  in  Figs.  6-2  and  6-3.  These  figures,  taken  from 
Ref.  2,  show  the  forces  and  moments  acting  upon  a 
single-rotor  helicopter  (Fig.  6-2)  and  a tandem-rotor 
helicopter  (Fig.  6-3),  and  demonstrate  the  application 
of  a body  axis  reference  system.  They  are  presented 
here  as  examples  that  are  applicable  to  a complete  and 
generalized  analysis.  However,  because  such  a com- 
plete system  is  not  investigated  here,  no  effort  is  made 
to  define  all  of  the  parameters  indicated. 

6-2.2  EQUATIONS  OF  MOTION 

The  analysis  of  stability  and  control  is  primarily  a 
study  of  the  solutions  of  the  pertinent  equations  'f 
motion.  An  equation  of  motion  is  a mathematical  state- 
ment of  the  balance  between  the  forces  or  moments 
externally  applied  to  a body  and  the  inertial  reactions. 
Ref.  2 presents  the  generalized  equations  for  all  six 
degrees  of  freedom  (three  linear  and  three  angular). 
These  equations  were  developed  for  application  to  any 
helicopter  configuration.  They  can  be  particularized  by 
deletion  of  terms  inapplicable  to  the  specific  configum- 
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tion  and  by  evaluation  of  the  pertinent  parameters  in 
accordance  with  the  properties,  dimensions,  and  char- 
acteristics of  the  configuration  under  study.  Ref.  1 also 
treats  the  development  of  helicopter  equations  of  mo- 
tion. 

Generalized  equations  are  not  presented  here  be- 
cause an  analysis  employing  all  six  degrees  of  freedom 
and  including  all  applicable  coupling  terms  is  not  dis- 
cussed. Such  an  analysis  is  performed  most  often  by 
means  of  an  analog  computer.  In  the  paragraphs  that 
follow,  simplified  analyses  are  discussed.  At  most, 
three  degrees  of  freedom  are  treated  at  one  time,  wi.h 
most  analyses  being  concerned  with  a single  degree  of 
freedom.  Also,  the  analyses  performed  for  the  most 
part  are  concerned  with  small  perturbations  from  trim. 
The  pertinent  equations,  therefore,  are  simplified  by 
the  omission  of  all  terms  having  no  effect  upon  the 
resulting  motion(s). 

Prior  to  analysis  of  the  equations  of  motion,  it  is 
customary  to  reduce  the  coefficients  to  nondimensional 
form.  In  this  manner  the  equations  are  simplified  fur- 
ther. Also,  the  analysis  01  the  effects  of  the  geometric 


and  inertial  characteristics  of  a particular  configuration 
upon  a generalized  solution  is  performed  more  readily. 
Several  methods  are  in  common  use  for  the  reduction 
of  the  equations  to  nondimensional  form.  A completely 
consistent  method  must  be  used,  of  course,  in  the  devel- 
opment of  a set  of  equations.  Review  of  a given  equa- 
tion, or  set  of  equations,  also  is  meaningful  only  with 
a complete  understanding  of  the  method  used;  the  vari- 
ables may  or  may  not  have  been  nondimensionalized, 
for  example.  If,  as  is  common  in  airplane  stability  anal- 
ysis, the  equations  have  been  nondimensionalized  com- 
pletely so  that  the  solutions  represent  the  time-dspend- 
ent  functions  of  nondimensional  variables,  even  the 
time  scale  is  affected.  Then,  the  particularization  of  the 
solution  also  involves  the  correction  of  the  time  scale 
by  a time  constant  that  is  dependent  upon  both  a char- 
acteristic dimension  (wing  semichord  or  semispan  are 
used  in  airplane  equations)  and  a reference  velocity 
(flight  speed  or,  in  helicopter  analysis,  rotor  tip  speed). 
Ref.  1 provides  a detailed  discussion  of  the  develop- 
ment of  nondimensional  equations. 


Fig.  6-2.  Definition  of  Parameters  and  Sign  Convention  for  a Compound, 
Single-rotor  Helicopter 
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Fig.  6 3.  Definition  of  Parameters  and  Sign  Convention  for  a Tandem-rotor 

Helicopter 


V 


6-2.3  STABILITY  DERIVATIVES 

Those  terms  in  an  equation  of  motion  that  describe 
the  relationship  between  the  aerodynamic  forces  or  mo- 
ments acting  upon  the  helicopter  and  the  linear  or  an- 
gular displacements  or  velocities  from  which  they  re- 
sult are  called  the  stability  derivatives.  These 
derivatives  are  dependent  upon  the  geometric  and  aero- 
dynamic characteristics  of  the  conjuration  under 
study.  The  geometric  characteristics  generally  are 
known,  but  the  aerodynamic  characteristics  often  are 
unknown.  For  example,  the  rate  of  change  of  pitching 
moment  with  angle  of  attack  dM/da  includes  in  its 
complete  form  the  pitching  moment  contributions  of 
the  complet1  helicopter,  including  the  rotor.  Investiga- 
tion of  pitch  stability  in  forward  flight  requires  consid- 
eration of  this  derivative. 

Evaluation  of  a derivative  of  this  nature  can  be  ac- 
complished in  several  ways.  For  example,  the  helicop- 
ter can  be  separated  into  its  principal  components — 
main  rotor,  tail  rotor,  fuselage,  wing,  horizontal 
stabilizer,  and  landing  gear — and  the  contribution  of 
each  determined  separately.  Such  a determination  is 
based  upon  the  similarity  of  the  respective  components 
to  items  for  which  data  are  available.  The  contribution 
of  each  component  to  the  moment  about  the  CG  of  the 


helicopter,  of  course,  includes  not  only  the  aerody-- 
namic  moment  of  each  about  its  own  reference  center, 
but  also  both  the  magnitude  and  the  direction  of  lift 
and  drag  forces  at  that  reference  center.  The  contribu- 
tion of  these  forces  to  the  moment  about  the  CG  is 
obtained  as  the  product  of  the  force  and  the  appropriate 
moment  arm  to  the  CG. 

Fundamental  to  the  evaluation  of  the  moment  con- 
tributions of  the  individual  components  is  the  determi- 
nation of  the  local  flow  environment  of  each  compo- 
nent. Owing  to  the  effect  of  rotor  downwash  velocity 
upon  the  airflow  over  the  helicopter,  such  a determina- 
tion often  is  difficult.  As  a result,  reliable  values  for  the 
stability  derivatives  of  the  fuselage  usually  can  be  ob- 
tained only  from  test  data.  For  preliminary  design  stu- 
dies, the  data  generally  are  obtained  in  a wind  tunnel. 

The  wind  tunnel  determination  of  helicopter  stability 
derivatives  requires  considerable  care.  The  model  must 
represent  the  complete  helicopter.  Because,  as  noted,  it 
is  necessary  to  reproduce  the  flow  around  the  fuselage, 
the  rotor  must  be  operating  and  must  reproduce  rea- 
sonably the  downwash  velocity  of  the  full-scale  helicop- 
ter under  the  flight  conditions  being  tested.  At  the  same 
time  the  model  rotor  must  be  capable  of  isolation  from 
the  remainder  of  the  model  so  that  the  fuselage  forces 
and  moments  can  be  measured  independently  of  the 
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rotor.  Even  using  such  techniques,  the  reliability  of  the 
wind  tunnel  duta  is  not  assured  because  the  typical 
problems  of  scale  effect  (Reynolds  number)  and  tunnel 
wall  corrections  must  be  resolved.  Furthermore,  all 
desired  derivatives  cannot  be  measured  in  the  wind 
tunnel.  For  example,  satisfactory  techniques  arc  not 
available  yet  for  the  determination  of  angular  rate 
derivatives,  e.g.,  rate  of  change  of  pitching  moment 
with  pitching  velocity. 

Stability  derivatives  also  can  be  determined  from 
flight  test  data,  but  this  procedure  seldom  is  suitable  for 
preliminary  design  purposes.  The  flight  test  method 
requires  testing  of  a number  of  flight  conditions,  and 
the  test  must  be  planned  so  as  to  permit  the  isolation 
of  one  derivative  based  upon  the  difference  between  the 
results  of  two  tests.  Additional  derivatives  are  evalu- 
ated in  a similar  manner.  The  equations  of  motion  are 
written,  and  the  solutions  of  the  equations  are  mea- 
sured in  flight.  It  then  is  possible  to  calculate  the 
derivatives  compatible  with  the  measured  helicopter 
responses. 

The  rotor  derivatives  can  be  determined  in  a number 
of  ways.  Ref.  2 contains  graphs  for  several  of  the 
derivatives;  for  the  most  part,  these  were  obtained  by 
measuring  the  gradients  of  test  data  for  rotors  that  had 
been  tested  under  many  operating  conditions.  The 
curves  presented  include  variations  of  the  values  of  the 
derivatives  as  functions  of  both  design  characteristics 
and  operating  conditions.  However,  because  the  origi- 
nal testing  had  been  performed  for  performance  meas- 
urement, some  simplifying  assumptions  were  required 
in  the  use  of  the  data  for  determination  of  stability 
derivatives. 

In  the  paragraphs  that  follow,  most  of  the  derivatives 
have  been  simplified  during  the  development  of  the 
perturbation  equations  of  motion.  In  several  cases  the 
values  of  the  rotor  derivatives  have  been  based  upon 
theoretical  expressions. 


6-2.4  BASIC  STABILITY  AND 

STABILIZATION  SYSTEMS 

The  objective  of  the  paragraphs  that  follow  is  to 
present  a clear  understanding  of  helicopter  stability  and 
response  characteristics.  The  basic  problems  are  dis- 
cussed and  methods  to  overcome  some  of  the  undesir- 
able features  are  analyzed.  Because  this  presentation  is 
concerned  primarily  with  fundamentals,  the  math- 
ematical models  used  are  simplified  greatly. 

The  blade  is  assumed  to  be  rigid  in  bending  and 
torsion.  It  has  one  degree  of  freedom — flapping — and 
is  characterized  by  two  independent  nondimensional 
parameters,  the  Lock  number  y and  the  flapping  fre- 
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quency  parameter  P where  P ~ flapping  frequency 
divided  by  rotor  angular  velocity  11.  By  definition,  the 
Lock  number  y (Eq.  6-1)  is  a measure  of  the  ratio  of 
the  aerodynamic  forces  to  inertia  forces: 


, dimensionless 


(6-1) 


where 

a — blade  section  lift  curve  slope, 
rad  1 

c = blade  chord,  ft 
lb  = blade  flapwise  mass  moment  of 
inertia,  slug-ftJ 
p = density  of  air,  slug/ftJ 
R — rotor  radius,  ft 

For  full-scale  rotors  generally  4 <y  < 12,  and  a low 
value  of  y characterizes  a heavy  blade. 

For  an  unrestrained  blade  with  zero  flapping  hinge 
offset,  P — 1.  A hinge  offset  or  elastic  restraint  in- 
creases the  value  of  P.  For  typical  rigid  rotor  operating 
at  nominal  rotor  speed,  for  example,  P = 1 . 1 5.  In  the 
case  of  a rigid  rotor,  a flapping  restraint  is  added  to  the 
mathematical  model.  Its  spring  rate  is  selected  such 
that  the  flapping  frequency  of  the  hinged,  inelastic 
blade  is  identical  with  that  of  tne  first  flap-bending 
mode  of  the  actual  blade. 

The  rotor  blade  represents  a classical  spring-mass- 
damper  system  that  responds  to  its  excitations  with  a 
flapping  angle  /?,  measured  from  a plane  normal  to  the 
shaft.  The  flapping  angle  is  written  as 

0 = aQ'-al  cos  i//  “ sin  \p  (6-2) 

where  Oq  represents  the  coning  angle,  »j/  describes  the 
azimuth  position  of  the  blade,  and  a,  and  b,  are  compo- 
nents of  blade  flapping  relative  to  a plane  normal  to  the 
rotor  shaft.  For  a conventional  rotor,  rotating  counter- 
clockwise when  viewed  from  above,  a positive  a,  value 
means  a tip-path  plane  tilt  to  the  rear  and  a positive 
bs  denotes  a tilt  to  the  right.  In  these  cases  the  rotor 
applies  to  the  fuselage  a nose-up  pitching  moment  and 
a rolling  moment  to  the  right.  For  the  calculation  of  the 
moments  about  the  CG  of  the  helicopter,  two  compo- 
nents must  be  taken  into  account:  the  moments  gene- 
rated by  the  tilt  of  the  thrust  vector  and  the  moments 
due  to  flapping  hinge  offset  and/or  elastic  restraint.  It  is 
assumed  that  the  moment  vector  produced  by  the  rotor 
thrust  at  all  times  is  normal  to  the  tip-path  plane.  Un- 
less otherwise  stated,  the  equations  derived  refer  to  a 
centrally  arranged  flapping  hinge. 
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6-2.4. 1 Pertinent  Rotor  Derivatives 

As  for  fixed-wing  aircraft,  the  following  stability 
derivatives  are  of  significance: 

1.  Static  stability,  or  rate  of  change  of  pitching 
moment  with  angle  of  attack  a 

2.  Speed  stability,  or  rate  of  change  of  pitching 
moment  with  speed 

3.  Damping  in  pitch  and  roll. 

For  most  helicopter  rotors  the  contribution  of  the  in- 
plane forces  to  the  pitching  and  rolling  moments  gener- 
ally can  be  neglected,  in  which  case  the  stability  deriva- 
tives are  proportional  directly  to  the  rotor  derivatives 
defined  in  Eq.  6-3.  However,  at  high  forward  speeds 
(high  values  of  advance  ratio  p)  the  contribution  of 
rotor  inplane  forces  can  become  sufficiently  large  that 
they  can  no  longer  be  neglected. 


9 a.  ) 

a.  - ~~  , static  stability  derivative , d’less  \ 


bp 


, speed  stability  derivative , d’less 


, damping  in  pitch , sec 


, damping  in  roll  , sec 


These  derivatives  can  be  obtained  from  either  experi- 
ments or  analysis,  and  have  a decisive  influence  upon 
the  stability  characteristics  of  helicopters. 

1 .  Static  stability.  Consider  a rotor  in  a wind  tun- 
nel. At  a given  tunnel  speed  and  shaft  angle  of  attack 
a the  rotor  is  trimmed  such  that  a,  = b,  = 0.  Starting 
from  this  trimmed  condition  the  angle  of  attack  is  in- 
creased. For  conditions  with  essentially  constant  rotor 
speed,  an  increase  in  a results  in  a rearward  tilt  a , of 
the  tip-path  plane.  For  advance  ratio  p up  to  approxi- 
mately 0.6,  Eq.  6-4  is  a valid  expression  for  static  stabil- 
ity derivative  a,a. 


stable  with  forward  speed.  More  accurately,  the  static 
instability  increases  in  proportion  with  the  square  of 
the  advance  ratio.  This  leads  to  several  undesirable 
characteristics,  which  are  investigated  in  par.  6-2.4.4. 

Eq.  6-4  holds  only  for  driven  rotors.  For  an  autoro- 
tating  rotor  an  increase  in  shaft  angle  of  attack  speeds 
up  the  rotor;  by  definition,  this  means  a decrease  in  the 
advance  ratio.  For  an  autorotating  rotor  a,  essentially 
is  proportional  to  the  advance  ratio,  and  an  increase  in 
angle  of  attack  results  in  a reduction  of  a,.  Thus,  in 
forward  flight  an  autorotating  rotor  is  statically  stable. 
On  the  other  hand,  this  operating  condition  has  the 
disadvantage  that  at  higher  advance  ratios  the  rotor 
becomes  very  sensitive  to  angle-of-attack  disturbances. 

2.  Speed  stability.  Let  us  consider  again  a rotor  in 
the  wind  tunnel.  At  a given  shaft  angle  of  attack  and 
speed  the  rotor  is  trimmed  such  that  a,  = b,  = 0. 
With  the  controls  fixed,  the  tunnel  speed  is  increased. 
As  before,  a distinction  must  be  made  between  powered 
and  autorotating  operating  conditions.  For  the  pow- 
ered condition,  an  increase  in  tunnel  speed  results  in  a 
nose-up  pitching  moment;  i.e.,  the  rotor  has  positive 
speed  stability,  with  its  value  dependent  upon  the  blade 
and  the  specific  operating  conditions.  For  a typical 
helicopter  near  hovering,  the  value  approximates 


a.  =0.3  .dimensionless  (6-5) 

M 

At  constant  shaft  angle  of  attack,  the  rotor  speed  of  an 
autorotating  rotor  changes  in  the  same  ratio  as  the 
tunnel  speed.  This  means  the  advance  ratio  remains 
unchanged  and,  therefore,  aX/i  = 0.  In  summary,  a 
driven  rotor  has  positive  speed  stability  and  an  autoro- 
tating rotor  has  a speed  stability  that  essentially  is  zero. 

3.  Pitch  and  roll  damping.  For  simplicity,  consider 
a rotor  subjected  to  a steady  pitching  velocity  q about 
the  rotor  center  in  hovering.  The  flapping  motion  is 
excited  by  the  gyroscopic  moment  2 IbSlq  and  the  aero- 
dynamic moment  2 KIbSlq.  The  quantity 


K 


(6-6) 


fl,  = 2.2p2  , dimensionless  (6-4) 

or 

Inasmuch  as  a negative  value  of  a derivative  is  required 
for  stability,  Eq.  6-4  indicates  that  the  hovering  rotor 
(p  — 0)  is  neutrally  stable  and  becomes  statically  un- 


includes the  effect  of  the  tip  loss  factor  B upon  the 
simplified  expression  for  the  aerodynamic  flapping  mo- 
ment used  in  the  derivation  of  the  Lock  number.  The 
parameter  K can  be  interpreted  as  the  specific  damping, 
i.e.,  damping  divided  by  critical  damping,  of  the  flap- 
ping motion  for  the  case  P — 1 and  p = 0.  For  a 
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nose-up  pitching  motion  the  gyroscopic  moment  has  its 
maximum  at  ij/  = 270  deg  and  the  aerodynamic  mo- 
ment has  its  maximum  at  t|r  = 0.  A blade  with  flapping 
restraint,  i.e.,  P > 1,  responds  to  these  excitations  with 


a f 2 K(J*  + 1) 

Si  L (2X)2  + (P3  - i)1. 


(6-7) 


and 


a T(2 X)3  -2(J*-1)1 

" n L(2iOJ  + (?  -i)jJ  (6*8) 


For  P = 1 these  equations  simplify,  and  the  deriva- 
tives with  respect  to  q of  the  simplified  expressions 
become;  damping  in  pitch  a, 


1 


a ss  — ■ 

‘a  KSl 


and  roll-pitch  coupling  derivative  bt  { 

b — - L 
»«  £2 


(6-9) 


(6-10) 


The  rotor  moment  generated  by  a,  is  proportional  to 
the  pitching  velocity  and  opposes  the  pitching  motion, 
i.e.,  <i,v  presents  a pitch  damping  term.  The  lateral  tilt 
6,  results  in  a rolling  moment  proportional  to  pitching 
velocity  q.  This  coupling  is  highly  undesirable  and  must 
be  kept  to  a minimum. 

4.  Pitch-roll  decoupling.  The  most  convenient 
method  of  countering  the  pitch-roll  coupling  is  the  in- 
troduction of  an  inclination  of  the  flapping  hinge.  This 
is  denoted  as  the  angle  S3  and  its  effect  is  to  couple 
mechanically  the  pitch  setting  6 of  each  blade  with  its 
flapping  angle  (i.  To  represent  this  effect,  let  the  pitch 
variation  be 


= (6-11) 

wnere 

Cj  = — tan  6j  (6-12) 

Obviously,  the  coupling  parameter  C,  modifies  the  ef- 
6-8 


fective  spring  rate  of  the  flapping  motion.  It  can  be 
shown  that  the  nominal  flapping  frequency  parameter 
P changes  to 


P'  = s/P*  -2 KCt  (6-13) 


According  to  Eqs.  6-8  and  6-13  the  pitch-roll  coupling 
is  eliminated  if  the  83  angle  is  selected  such  that 


C. 


Pa-\-2K? 
2 K 


(6-14) 


Fig.  6-4  shows  the  C,  values  required  for  decoupling. 

As  there  is  no  distinction  between  pitch  and  roll 
responses  of  a hovering  rotor,  the  results  obtained  for 
pitch  also  are  applicable  to  roll.  This  means,  for  exam- 
ple, that  for  P — 1 

\-—k  <6-,5) 


Fig.  6-4.  C,  Values  Required  for  Pitch-roll 
Decoupling 
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where  p denotes  the  rolling  velocity,  positive  for  rolling 
to  the  right.  It  can  be  shown  that  for  conventional 
advance  ratios  the  flight  velocity  has  only  a minor  ef- 
fect upon  the  pitch  damping  of  the  rotor.  The  pitch-roll 
coupling,  however,  it  affected  markedly  by  the  advance 
ratio,  meaning  that  a compromise  between  the  op- 
timum values  of  these  derivatives  must  be  made  for  the 
flight  regime  of  interest. 

6-2.4.2  Dynamic  Stability  of  Basic 
Helicopter 

The  longitudinal  stability  of  a hovering  single-rotor 
helicopter  with  fixed  controls  is  investigated  first.  For 
simplicity,  it  is  assumed  that  the  longitudinal  and  lat- 
eral motions  are  decoupled.  Because  the  rotor  adjusts 
itself  very  quickly  to  changing  operating  conditions,  it 
is  permissible  to  use  a quasi-static  flapping  equation  of 
motion  and  to  write 


a -a  n+a  q 
M q 


(6-17) 


The  rotor  derivatives  a1(i  and  a,y  are  given  by  Eqs.  6-5 
and  6-9.  The  tip-path  plane  tilt  a,  produces  a pitching 
moment  about  the  CG  of  the  helicopter  that  can  be 
expressed  as 


M^=ai  (h%+y  Jfcj  ,1b-  ft  (6-18) 


where 


b — number  of  blades 
W = helicopter  gross  weight,  lb 
h — height  of  rotor  hub  above  CG, 
ft 

kp  = flapping  stiffness  of  rotor  blade, 
lb- ft/rad 

The  first  term  in  the  parentheses  represents  the  con- 
tribution due  to  tilt  of  the  thrust  vector  and  the  second 
term  represents  the  contribution  due  to  flapping.  The 
spring  rate  ke  takes  into  account  either  an  elastic  blade 
restraint  or  a flapping  hinge  offset.  It  can  be  shown  for 
elastic  restraint  that 

kff  = n’V7*  • lb-ft/rad  (6-19) 

and  for  a rotor  with  flapping  hinge  offset 


kreFi 

J m(r—e)dr  , lb-ft/rad  (6-20) 

where 

<?  = flapping  hinge  offset,  ft 
m — distributed  blade  mass,  slug/ft 
r ~ incremental  radius,  ft 

In  the  latter  case  F,  is  the  inertial  force  due  to  the 
flapping  acceleration  fi.  This  force  acts  at  the  hinge. 
i.e.,  at  the  distance  e from  the  rotor  center 

Because  in  the  hovering  condition  the  vertical  mo- 
tion of  the  helicopter  is  not  coupled  with  all  the  other 
degrees  of  freedom,  the  dynamic  system  to  be  discussed 
has,  in  addition  to  the  constraint  equation  for  blade 
flapping,  only  two  additional  degrees  of  freedom.  These 
are  pitch  angle,  or  angle  of  attack  a,  and  the  horizontal 
translational  velocity  u of  the  CG  of  the  aircraft  as 
shown  in  Fig.  6-5. 

The  translational  velocity  of  the  rotor  center  is  as- 
sumed to  be  identical  to  that  of  the  CG,  i.e., 
ah<  u. 

The  two  equations  of  motion  representing  the  equi- 
librium of  the  horizontal  forces  and  pitching  moments 
read 


W 


W‘*  + al)  + — u 


(6-21) 


and 


where 


(fr22) 


g = acceleration  due  to  gravity, 
ft/ sec2 

I,  — aircraft  moment  of  inertia 
in  pitch,  slug-ft2 

and  3i  is  given  by  Eq.  6-17.  The  quantity  [1  4- 
bkn/(2Wh)\  can  be  interpreted  as  an  amplification 
factor  for  the  moment  derivatives  of  the  rotor.  It  is 
worthwhile  to  note  that  for  rigid  rotors  with  elastic 
root  restraint,  this  amplification  factor  can  have  a 
value  of  10  or  higher. 

The  equations  of  motion,  Eqs.  6-21  and  6-22,  lead  to 
a third-order  frequency  equation 


where 


s3  +/4as2  +A.s  + An  = 0 


s — Laplace  operator,  sec 


(6-23) 
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In  these  equations. 


a = — — , rad/fps  (6-25) 

1 


roots  with  a positive  real  part  describes  an  unstable 
oscillation  that  is  characterized  by  its  period  of  oscilla- 
tion Tn  and  the  time  required  to  double  amplitude 

T„. 

In  order  to  give  a better  insight  into  the  free  oscilla- 
tion of  the  helicopter  T0  and  T0  are  shown  as  functions 
of  A0  and  A2  in  Figs.  6-6  and  6-7.  These  stability  charts 
apply  for  A,  — 0 and  arc  taken  from  Ref.  3.  Fig.  6-6 
gives  the  period  of  oscillation  T0  and  Fig.  6-7  the  time 
to  double  amplitude  Tn.  A typical  helicopter  with 
kp  — 0 and  Wh/J,  = 0.5  sec~:  is  characterized  by 
a frequency  equation  with  approximately 

AQ  =0.1  see-3,  A2  =0.2  sec”1  (6-27) 


e 


Wh  + fk0 


, sec 


-2 


(6-26) 


According  to  Figs.  6-6  and  6-7,  for  this  case 

r0  = 16sec,  7^  = 4560  (6-28) 


Routh’s  stability  criteria,  when  applied  to  Eq.  6-23  in 
which  the  coefficient  At  = 0,  indicates'  that  the  heli- 
copters being  discussed  are  independent  of  kp  and 
dynamically  are  unstable.  Generally  speaking,  the  fre- 
quency equation,  Eq.  6-23,  has  one  negative  real  root 
and  one  pair  of  conjugate  complex  roots  with  a positive 
real  part.  The  negative  real  root  represents  a decreasing 
aperiodic  motion  that  generally  is  well  damped  and, 
therefore,  of  little  significance.  The  pair  of  complex 


This  means  the  particular  helicopter  is  unstable 
dynamically  and  has  a period  of  oscillation  of  16  sec, 
while  the  amplitude  of  a disturbance  is  doubled  in  4 sec. 

Next,  the  effect  of  a flapping  hinge  offset  or  elastic 
flapping  restraint  is  investigated,  ft  already  has  been 
established  that  the  helicopter  remains  dynamically  un- 
stable. Numerical  investigations  show  that,  in  general, 
the  term  galu  in  the  expression  for  A2  (Eq.  6-24)  is  small 
when  compared  with  eo,(  This  means  that  the  intro- 


o 
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Fig.  6-5,  Disturbed  Hovering  Condition 
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A2,  sec- 


Fig.  6-6.  Period  of  Oscillation  for  ,4,  =0 


duction  of  a A„  effect  (flapping  hinge  offset  or  restraint) 
multiplies  the  coefficients  A0  and  A,  by  the  same  factor 
by  which  € is  increased.  With  regard  to  the  stability 
charts,  Figs.  6-6  and  6-7,  this  is  represented  by  the 
operating  point  of  the  helicopter  moving  away  from  the 
origin  of  the  coordinate  system  on  a straight  line  that 
passes  through  both  the  origin  and  the  point  referring 
to  the  helicopter  with  A„  = 0.  For  Afl-»oc  the  helicop- 
ter becomes  neutrally  stable. 

Let  us  assume  that  the  helicopter  previously  investi- 
gated (Eq.  6-27)  is  equipped  with  an  elastic  root  re- 
straint that  multiplies  the  moment  derivatives  and,  as 
a result,  amplifies  the  value  of  e by  a factor  of  7 5.  The 
coefficients  of  the  new  characteristic  equation  are 


40  = 0.75  sec-3,  A2  = l.SOsec-1  (6-29) 


According  to  Figs.  6-6  and  6-7,  the  period  of  oscilla- 
tion and  time  to  double  amplitude  are  changed  to  ap- 
proximately 


Because  the  time  to  double  amplitude  has  been  in- 
creased slightly  (from  4 sec  to  6 sec)  the  dynamic  stabil- 
ity is  improved  slightly.  The  major  improvement,  how- 
ever, lies  in  the  increase  of  the  control  power.  Because 
as  the  initial  angular  acceleration  due  to  a cyclic  con- 
trol application  is  proportional  directly  to  c,  the  addi- 
tion of  the  flapping  restraint  in  the  given  example  mul- 
tiplies the  initial  angular  acceleration  by  a factor  of  7.5; 
and  the  unstable  motions  of  the  helicopter  rotor  are 
controlled  much  more  easily. 


S-2.4.3 


6-2. 4. 3.1  Control  Input  Required 

Let  us  assume  that  a stabilization  system  has  been 
installed  that  applies  automatic  control  displacements 
proportional  to  and  in  phase  with  both: 

1 . Angular  disturbance  Aa  of  the  fuselage  in  pitch 
(attitude) 

2.  Pitching  velocity  q — a (rate) 


Fundamentals  of  Automatic 
Stabilization 


T0  - 10  sec,  Tt}  = 6 sec  (6-30) 


The  cyclic  pitch  input  9,  of  the  stabilization  system 
then  is  expressed  as 
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where  kt  and  k^  are  nondimensional  quantities  that 
introduce  an  effective  static  stability  and  pitch  damp- 
ing, respectively.  In  principle,  a third  automatic  control 
application,  proportional  to  the  angular  acceleration 
a,  could  be  considered;  but  the  effect  of  such  an  input 
primarily  is  to  change  the  apparent  mass  moment  of 
inertia  of  the  helicopter.  Therefore,  the  acceleration 
term  is  of  minor  interest  at  this  point. 

The  equations  of  motion  for  the  horizontal  forces 
and  pitching  moments  (Eqs.  6-21  and  6-22)  are  not 
affected  by  the  stabilization  system,  but  Eq.  6-!  7 
changes  to 


> sew 

An=gea  , sec-3 

u 

From  these  equations  some  interesting  conclusions  can 
be  drawn.  Most  important  is  that  because  a helicopter 
with  .4,  = 0 is  unstable  dynamically,  a pure  k^  input, 
or  increase  in  damping,  is  not  sufficient  to  achieve  dy- 
namic stability.  To  obtain  stability,  a A,  control  appli- 
cation, proportional  to  the  angular  disturbance  A a is 
required.  The  magnitude  of  the  input  must  be  selected 
such  that 


a , H+a  q — k.OL — ,ra  d (6-32) 

1 1 a 1 a 1 


The  equations  of  motion  (Eqs.  6-21,  6-22,  and 
6-23)  lead  again  to  a third-order  frequency  equation 
similar  to  Eq.  6-23.  However,  the  coefficients  now 
read 


, dimensionless  (6-34) 


ga , ~eal  + 


However,  for  best  results  an  optimum  combination  of 
the  attitude  and  rate  control  inputs  k , and  k^  is  desired,  i 


A2.  soc  ' 

Fig.  6-7.  Time  to  Double  Amplitude  for  A, 
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Fig.  <$»8.  Period  of  Oscillation  for  A,  = 0.5  sec 


To  illustrate  this  see  Figs.  6-8  and  6-9,  stability 
charts  for  A,  = 0.5  sec  .2  These  charts  again  present 
the  period  of  oscillation  T0  and  the  times  T0,  Tft  in 
which  the  amplitude  is  doubled  or  halved,  as  the  case 
may  be.  For  A,  > 0 the  charts  are  divided  into  stable 
and  unstable  ranges.  The  stability  boundary  is  defined 
by  a straight  line  that  passes  throrgh  the  origin  with  the 
slope  A,.  The  region  above  this  line  corresponds  to  an 
unstable  helicopter  and  the  region  below  it  to  a stable 
one.  For  the  helicopter  investigated,  A , = 0.5  sec'2 
corresponds  to  an  attitude  input  k,  = A,/e  = 0.1.  If 
no  additional  damping  is  used,  i.e.,  for  1^  = 0,  the 
frequency  equation  has  the  coefficients 


A2  ~ 0.2  sec-1 


A{  =0.5  sec-2  (6-35) 

/4Q  =0.1  sec-3 


According  to  Fig.  6-9  this  combination  lies  on  the 
stability  boundary,  which  means  that  the  configuration 
is  neutrally  stable.  However,  the  dynamic  stability  can 
be  improved  considerably  by  adding  a control  input 


proportional  to  the  angular  velocity,  or  a term  (Eq. 
6-31). 

Let  us  assume  that  by  proper  selection  of  L the 
coefficient  A2  of  the  frequency  equation  is  increased 
from  A2  = 0.2  sec'1  to  0.7 sec".1  For  this  case,  i.e.,  for 


A2  = 0.7  sec  1 

Ay  =0.5  sec-2  (6-36) 

Aq  = 0.1  sec-3 


Figs.  6-8  and  6-9  give 


T0  = 1 1 sec,  Th  = 3 sec  (6-37) 


Thus,  the  dynamic  stability  is  improved  significantly, 
as  demonstrated  by  the  change  from  neutral  stability  to 
a response  that  is  well  damped.  For  the  helicopter  in- 
vestigated, a change  of  the  coefficients  A2,  A[t  and 
A0  from  the  values  given  by  Eq.  6-27  to  those  given  by 
Eq.  6-36  requires  a stability  augmentation  system  with 
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*,  =0.1.  A2  = 3.0  (6-38) 

To  summarize  the  conditions  necessary  to  ivercome 
the  inherent  instability  of  a helicopter  rotor,  an  increase 
in  damping,  or  a control  input  proportional  to  and  in 
phase  with  the  angular  velocity,  is,  by  itself,  not  suffi- 
cient and  merely  makes  the  aircraft  less  unstable.  At 
best  (i.c.,  for  damping  coefficient  L-+  oe ) neutral  stabil- 
ity is  obtained.  Effective  stabilization  requires  a proper 
combination  of  automatic  control  inputs  proportional 
to  the  attitude  and  rate  of  change  of  attitude.  In  princi- 
ple, this  applies  to  both  pitching  and  rolling  motions. 


gyro  arm,  such  as  a bar,  rotating  together  in  a counter- 
clockwise direction.  The  bar  is  90  deg  ahead  of  the 
rotor  blade  and  pivoted  to  the  shaft.  Its  angular  dis- 
placement 8 is  coupled  with  the  blade  pitch  setting 
6 such  that  the  linkage  ratio  C,  is  given  by 


AO  = C\&  (6-39) 


The  gyro  motion  is  damped  slightly  and  its  natural 
frequency,  for  ali  practical  purposes,  is  identical  with 
the  rotor  angular  velocity  ii.  The  gyro  displacement 
5 ts  expressed  as 


6-2.4. 3.2  Response  Characteristics  of 
Mechanical  Gyratory  Systems 

In  the  past,  several  attempts  have  been  made  to 
achieve  acceptable  dynamic  stability  characteristics  by 
the  use  of  gyratory  systems  that  rotate  with  and  are 
coupled  to  the  main  rotor.  The  best  known  devices  of 
this  type  are  the  Bell  stabilizer  bar  and  Hiller  control 
rotor.  Because  they  are  discussed  in  detail  in  par.  6-4, 
only  their  basic  characteristics  and  frequency  responses 
are  dealt  with  here. 

These  gyratory  stabilization  systems  may  be  evalu- 
ated mathematically  by  considering  one  blade  and  one 


5 --  5s  sin  \jj  + 5c  cos  t//  (6-40) 

where 

- azimuthal  position  of  the  blade, 
rad 

8,  --  amplitude  of  sin  ijr  component 
of  gyro  displacement,  rad 
8,.  = amplitude  of  cos  i|<  component 
of  gyro  displacement,  rad 

Therefore,  a positive  value  for  8,  means  a tilt  of  the  gyro 
tip-path  plane  to  the  rear  and  a positive  value  for  8r 
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Fig.  6-9.  Time  to  Double  or  Halve  Amplitude  for  Ax  0.5  sec  ‘ 
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means  a tilt  to  the  left.  If  second-order  coupling  effects 
( are  neglected,  the  equation  for  8, , which  determines  the 

~ longitudinal  cyclic  pitch  input,  reads 


m +CS2J8  =-S2a 

3 3 


(641) 


In  this  equation,  which  refers  to  a pitching  motion  of 
the  aircraft,  the  right  side  represents  the  gyroscopic 
moment  due  to  the  pitching  velocity.  It  is  important  to 
note  that  the  attitude  a does  not  appear  as  an  excita- 
tion. The  quantity  G is  the  gyro  specific  damping,  i.e., 
G = damping/critical  damping.  In  the  case  of  the  Bell 
stabilizer  bar,  the  damping  is  provided  by  a viscous 
damper;  the  motion  of  the  Hiller  control  rotor  is 
damped  by  the  aerodynamic  forces  acting  upon  the 
paddles. 

In  order  to  determine  the  cyclic  pitch  imposed  by  the 
gyratory  systems  upon  the  rotor,  the  response  of  these 
systems  to  a steady-state  pitching  oscillation  such  as 


a = aQ  sin  vt 


(6-42) 


is  investigated.  Here  a0  denotes  the  amplitude  and 
v,  the  frequency  of  the  pitching  oscillation.  It  can  be 
shown  that  the  mechanical  systems  investigated  are 
equivalent  to  a stability  augmentation  system  with  the 
characteristics  (see  Eq.  6-3 1 ) 


C v 2 

k = - — 2 

1 r.2 


vl  + G2 


CXG 


vi  + C 


71 


(6-43) 


(6-44) 


and  6-44  and  Figs.  6-10  and  6-11  the  following  conclu- 
sions can  be  drawn; 

1.  Most  important,  the  effective  ky  value  kJC^  is 
equal  to  unity  for  G = 0 and  rapidly  decreases  with 
increasing  gyro  damping. 

2.  The  quantity  k^  — 0 for  G — 0 and  has  a 
maximum  at  u = G. 

3.  In  the  range  of  higher  damping,  k,  is  practically 
independent  of  i>. 

It  was  shown  previously  that  effective  stabilization 
requires  a proper  combination  of  k{  and  A,  inputs  and 
that  A,  is  the  more  critical  quantity.  To  obtain  a proper 
attitude  input  A„  the  gyro  damping  must  be  kept  small. 
On  the  other  hand,  for  low  G values  the  Aj  input  into 
the  rotor  is  dependent  to  a great  extent  upon  the  fre- 
quency ratio  v , i.e.  , on  the  period  of  the  pitching  oscilla- 
tion, which  cannot  be  selected  arbitrarily.  Therefore, 
the  gyratory  stabilization  systems  provide  minimum 
latitude  for  optimization. 

This  condition  is  evident  from  Fig.  6-12,  which  refers 
again  to  the  helicopter  previously  investigated.  It  is 
assumed  that  a stabilizer  bar  with  3%  specific  damping 
has  been  added.  The  curves  of  Fig.  6-12,  taken  from 
Ref.  3,  show  the  period  of  oscillation  T0  and  time  to 
half  amplitude  TH  versus  the  linkage  ratio  C,.  As  can 
be  seen,  the  helicopter  is  approximately  neutrally  sta- 
ble. At  best,  i.e.,  for  C.  •=  0.3,  the  amplitude  of  a 
disturbance  is  halved  in  approximately  38  sec.  The 
period  of  oscillation  for  this  cose  is  7^,  =26  sec,  which 
for  an  assumed  angular  velocity  of  H = 25  rad/sec 
corresponds  to  a reduced  frequency  Accord- 

ing to  Figs.  6-10  and  6-1 1 for  v = 0.01  and  G ~ 0.03, 
the  gyratory  system  is  characterized  by  A*,/C;  = 0.1 
and  k:/ C:  — 30.  These  characteristics  being  based 
upon  a linkage  ratio  C = 0.3.  this  gyro  bar  system  is 
equivalent  to  a stability  augmentation  system  with 
these  attitude  and  rate  gains. 


3 


■1 


m 
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In  these  equations  the  frequency  v of  the  pitching 
oscillation  has  been  replaced  by  the  reduced  frequency 
v where 


t>  - 


v _ 2n 

~ 


(6-45) 


Figs.  6-10  and  6-11  show  A/C,  and  A,/C,  as  functions 
of  v and  G.  For  a rotor  angular  velocity  of  !i  = 25 
rad/sec,  the  reduced  frequencies  shown  i.e.,  i - 0.005, 
0.01,  0.02,  and  0.03,  refer  to  periods  of  oscillation 
of  approximate/  71,  - 50,  25.1 3,  and  8 sec,  respectively. 

In  Fig.  6-11,  v — 0 corresponds  to  a pitching  mo- 
tion with  constant  pitching  velocity.  From  Eqs.  6-43 


A,  =0.03,  A2=9 


(6-46) 


Comparison  of  Eq.  6-46  with  the  desirable  ivsults 
represented  by  Eq.  6-38  reveals  that  the  attitude  gain 
A,  is  too  low.  On  the  other  hand,  the  rate  gain  A-  is 
about  three  times  larger  than  desired. 

As  is  to  be  expected,  the  addition  of  a gyratory  sys- 
tem reduce*  tbp  inherent  instability  characteristics  of 
the  helicopter  but  the  results  are  less  than  optimum 
Both  the  Bell  stabilizer  bar  and  Hiller  control  rotor  act 
primarily  as  damping  devices  for  pitch  and  roll  mo- 
tions, and  cannot  provide  sufficient  attitude  gain  to 
counteract  the  instability. 
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The  Hiller  control  rotor  has  the  added  disadvantage 
that  its  linkage  ratio  is  fixed  as  Cj  = 1.  Further,  be- 
cause the  control  rotor  also  is  used  for  rotor  control 
(the  pilot  applies  a cyclic  pitch  input  to  the  control 
rotor,  which  in  turn  controls  the  cyclic  pitch  of  the 
main  rotor),  a compromise  must  be  made  with  regard 
to  the  control  rotor  damping  G.  Low  damping  favors 
the  automatic  stabilization  function  and  high  damping 
favors  the  control  response. 

In  view  of  these  shortcomings  the  current  trend  is  to 
eliminate  gyratory  devices  and  to  replace  them  with 
more  sophisticated  electronic  systems  that  provide 
greater  flexibility  in  selection  of  system  gains  and  there- 
fore better  opportunity  for  system  optimization. 


6-2.A.4  Gust  Alleviation 
6-2. 4.4.1  Rotor  Sensitivity 

The  equation  of  motion  for  blade  Happing  (see  Ref. 
4)  can  be  written  as 


-J-fi+nto) 

y 

+ + Kty)  1 = (6-47) 


where  C(40  and  AT(*|0  represent  aerodynamic  damping 
and  aerodynamic  spring  effects,  respectively,  which 
vary  with  the  azimuth  angle  i|t.  The  right  side  of  the 
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Fig.  6-10.  Attitude  Input  of  Gyratory  System  in  Steady-state  Pitching  Oscillation 
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Fig.  6-11.  Damping  Effect  of  Gyratory  System  in  Steady-state  Pitching 


Oscillation 


equation  summarizes  the  excitations  due  to  inflow, 
blade  twist,  and  cyclic  and  collective  pitch. 

Eq.  6-47  describes  a spring-mass-damper  system 
with  periodically  changing  damper  and  spring  rates.  As 
can  be  seen,  the  spring  rate  consists  of  two  components. 
The  constant  term  2 P2/y  represents  the  restoring  mo- 
ments due  to  the  centrifugal  forces  and  the  root  re- 
straint. The  aerodynamic  spring  rate,  i.e.,  the  periodic 
function  AT(<j(),  is  positive  for  the  rear  half  and  negative 
for  the  front  half  of  the  rotor  disk.  The  amplitude  of  the 
aerodynamic  spring  rate  increases  as  advance  ratio  p. 
increases.  Asa  result,  a blade  operating  at  high  advance 
ratios  experiences  transient  negative  spring  effects  at 


the  front  of  the  disk  that  upset  the  flapping  motion. 
These  effects  finally  lead  to  a dynamic  instability  of  the 
flapping  motion,  which,  for  conventional  rotors,  occurs 
at  approximately  p.  — 2. 

The  periodic  variation  of  the  spring  rate  also  results 
in  a deterioration  of  the  response  characteristics  in  the 
stable  region.  Specifically,  at  advance  ratios  above  ap- 
proximately p = 0.4  the  rotor  becomes  increasingly 
sensitive  to  longitudinal  disturbances,  i.e.,  to  sin  exci- 
tations such  as  those  produced  by  gusts  or  angle-of- 
attack  disturbances.  Thus,  at  higher  advance  ratios  the 
rotor  responds  to  these  excitations  with  an  excessive 
tip-path  plane  tilt  that  Tansfers  undesirable  moments 
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Fig.  6-12.  Effect  of  Gyro  System  Linkage  Ratio  C 
on  Hovering  Stability 


to  the  fuselage.  This  especially  is  true  for  rigid  rotors 
with  elastic  blade  restraint. 

in  order  to  reduce  the  amplitude  of  flapping  re- 
sponse, a mechanical  or  electrical  servo  system  is  re- 
quired to  counteract  the  external  disturbances  auto- 
matically by  proper  cyclic  pitch  input  to  the  rotor.  The 
next  p?  . aphs  evaluate  some  of  the  existing  systems. 
Their  drawbacks  are  discussed  and  the  equations  of 
motion  for  an  idealized  electrical  system  are  derived. 


6-2. 4. 4. 2 Mechanical  Feedback  Systems 


f 

i’ 

! 

ii 

\ 


The  simplest  approach  to  reducing  the  flapping  re- 
sponse of  a rotor  to  external  disturbances  would  be  a 
mechanism  that  applies,  without  time  lag,  a longitudi- 
nal and  lateral  cyclic  pitch  proportional  to  the  tip-path 
plane  tilt.  Such  a system  would  provide  cyclic  control 
inputs  having  sine  and  cosine  components  0t  and 
0, , respectively,  of  the  form 


, rad 

&C  = +C2bt 

, rad 

(648) 


where 

а,  = cosine  component  of  blade 

flapping,  rad 

б,  - sine  component  of  blade 

flapping,  rad 
C,  = linkage  ratio 

Such  a system  has  been  investigated  (Ref.  5).  The  feed- 
back was  achieved  by  coupling  the  pitch  setting  of  each 
blade  in  a four-bladed  rotor  with  the  flapping  motion 
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of  the  preceding  blade.  Although  the  results  obtained 
were  not  particularly  impressive,  they  will  be  discussed 
briefly  because  they  identify  the  problems  that  arise. 

It  can  be  shown  that  the  feedback  given  by  Eq.  648 
reduces  the  amplitude  of  rotor  response  to  one-per-rev 
external  disturbances  by  the  response  factor  RF 

1 

RF  - • - .dimensionless  (649) 

I « t - 


A conventional  rotor  with  a centrally  arranged,  free- 
flapping  hinge  and  no  feedback  system  corresponds  to 
RF  = 1.  A response  factor  of  0.5  indicates  that  the 
amplitude  of  response  to  a given  excitation  is  halved. 
However,  both  theory  and  experiments  show  that  for 
/ 1 = 0 the  flapping  motion  becomes  dynamically  un- 
stable for  C,  — 1 or  RF  = 0.5.  Therefore,  a 50% 
reduction  in  the  response  is  the  maximum  that  can  be 
obtained  for  a hovering  rotor.  For  p.  — 0.8  the  stability 
boundary  shifts  to  C2  = 0.6.  This  means  that  at  the 
advance  ratio  0.8,  a reduction  of  the  response  of  less 
than  30%  is  the  maximum  possible.  These  figures  re- 
veal a characteristic  that  seems  to  be  applicable  to  all 
feedback  systems,  i.e.,  with  increasing  advance  ratio, 
the  stability  boundary  of  the  system  shifts  to  lower 
feedback  values  or  gains;  the  pure  feedback  systems 
have  a deteriorating  effect  on  the  original  stability  char- 
acteristics of  the  rotor. 

The  next  logical  step  is  to  employ  a subsidiary  dy- 
namic system  that,  ideally,  is  excited  by  the  pitching 
and  rolling  moments  generated  by  the  rotor.  The  cyclic 
pitch  applied  is  dependent  upon  the  equation  of  motion  ’ 
of  the  system  used.  The  subsidiary  system  can  be  either 
mechanical  or  electrical.  Representative  of  the  mechan- 
ical type  is  the  Lockheed  rigid  rotor  control  system, 
which  uses  a gyro.  The  gyro  is  linked  mechanically  to 
the  rotor  and  rotates  with  the  rotor  angular  velocity 
ft.  In  principle,  each  blade  applies  to  the  gyro  a mo- 
ment Mg  proportional  to  its  flapping  angle, 

Mm  = -v  , Ib-ft  (6-50) 

8 4 0 


where 

It  = gyro  polar  mass  moment  of 
inertia,  slug-flJ 
A - feedback  parameter, 
dimensionless 

In  the  Lockheed  system  the  gyro  excitation  is  obtained 
indirectly  by  a forward  sweep  of  the  blade  with  refer- 


tr  ~ \ ence  (o  its  feathering  axis  (Ref.  6)  although  other  meth- 
, l J ods  of  mechanical  implementation  also  are  possible. 

For  an  ideally  tunea  gyro,  i.e.,  one  in  which  the  gyro 
natural  frequency  is  identical  with  the  rotor  angular 
velocity  II,  the  gyro  equations  of  motion  read 

2125  + 2Gft25 

3 3 

+ (6c  + 2GI25e)  = - 4-  bASl\ 

. ° ‘ (6-51) 

2126  + 2Gft26 

c c 

— (5  + 2GS26  ) » + 4-  bASl2b, 

s s 2.  * 


These  equations  assume  that  all  blades  perform  identi- 
cal, first -order  flapping  motions:  as  before  b denotes  the 
number  of  blades  and  G is  the  gyro  specific  damping. 
The  cyclic  pitch  applied  to  the  rotor  amounts  to 


0r  = C-S  . rad 

S 2s. 

0 ~ C 5 . rad 

c 2 c 


(6-52) 


where  C;  again  represents  a linkage  ratio. 

For  the  steady-state  conditions  of  a four-biaded  ro- 
tor, Eq.  6-51  yields 


(6-53) 


I 


s 

t 
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which  corresponds  to  a response  factor  of 


RF 


G ___ 

G *-  A C2 


(6-54) 


According  to  Eq.  6-54,  the  amplitude  of  the  rotor  re- 
sponse is  dependent  only  upon  thequantity  AC/G.  For 
G 0,  i.e.,  zero-gyro  damping,  the  blade  does  not 
respond  to  steady-state,  one-per-rev  excitations,  inas- 
much as  the  cyclic  pitch  'mposed  by  the  gyro  fully 
compensates  for  the  external  excitations  of  the  rotor. 

Eq.  6-54  suggests  that  the  gyro  specific  damping 
must  be  kept  low.  The  selection  of  the  quantity  AC,  is 
controlled  by  stability  considerations.  It  can  be  shown 
that  for  /a  0 the  stability  boundary  for  the  rotor 
hlade  motion  lies  at 
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P2p  * 

/1C2=— - (6-55) 

where 

v — reduced  frequency  of  pitching 
oscillation,  frequem  'v/O 
dimensionless 

For  the  unrestrained  gyro  v = 1.  The  stability  boun- 
dary given  by  Eq.  6-55  represents  a static  instability 
that  is  not  affected  by  the  gyro  specific  damping.  For 
forward  flight,  the  conditions  change  and  the  location 
of  the  stability  boundary  depends  also  upon  the  value 
of  the  gyro  damping. 

In  order  to  stay  away  from  the  stability  boundary, 
one  may  select  50%  of  the  value  given  by  Eq._6-55,  e.g., 
AC , — 0.5.  Let  us  further  assume  that  G = 0.05. 
According  to  Eq.  6-54,  in  this  case  the  response  to  a 
disturbance  is  reduced  to  approximately  9%  of  that 
without  a feedback  system.  This  is  a vast  improvement 
over  the  results  obtainable  with  internal  feedback. 

However,  the  gyro  may  encounter  problems  of  its 
own.  As  is  to  be  expected,  the  allowable  feedback  A 
decreases  with  increasing  advance  ratio.  Fig.  6-13 
shows  the  stability  margin  for  a typical  case,  applicable 
to  a four-bladed  rotor  with  P - 1.15.  The  graph  indi- 
cates that  for  advance  ratios  above  ju,  =1.2,  the  feed- 
back parameter  A must  be  reduced  greatly  to  avoid 
instability.  According  to  Eq.  6-54  the  gust  alleviation 
effect iveness  then  suffers.  This  poses  a problem  for 
stopped-  or  slowed-rotor  configurations  that  operate  at 
extremely  high  advance  ratios.  This  difficulty  can  be 
overcome  by  using  a high-speed  gyro,  rotating  with  the 
angular  velocity  o>  = /ft.  It  can  be  shown  that  an 
increase  in  the  speed  ratio /has  a stabilizing  effect  and 
allows  use  of  a larger  feedback  term  AC„  which,  in 
turn,  improves  the  gust  alleviation  aspects. 

However,  all  mechanical  gyratory  systems  have  in- 
herent limitations.  First,  their  equations  of  motion  con- 
tain undesirable  coupling  terms  that  cannot  be  elimi- 
nated, as  is  illustrated  by  the  expressions  in  the 
parentheses  of  Eq.  6-51  that  couple  pitch  and  roll  con- 
trol in  transient  conditions.  Secondly,  the  mechanical 
gyro  systems  cease  to  function  properly  if  the  specific 
damping  is  too  high  or  if  the  input  signal  from  the  blade 
(see  Eq.  6-50)  is  disturbed;  i.e  , if  the  gyro  is  excited  bv 
moments  other  than  those  proportional  to  the  flapping 
angle  (3. 

6-2. 4. 4. 3 Electronic  Feedback  Systems 

For  the  reasons  presented  in  par.  6-2. 4.4. 2.  increased 
attention  has  been  given  to  electronic  systems  for  stabil- 
ization of  helicopter  rotors.  The  equations  of  motion 
used  are  identical  in  principle  with  those  of  an  ideal 
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Fig.  6*13.  Effect  of  Advance  Ratio  on  Allowable 
Feedback  Parameter  A 


gyro.  The  idealization  refers  to  the  elimination  of  un- 
desirable excitations  and  to  the  deletion  of  the  coupling 
terms  in  the  equations  of  motion.  The  latter  already 
have  been  discussed.  An  example  of  an  undesirable 
excitation  is  the  gyro  excitation  due  to  a pitching  accel- 
eration that  results  in  a lateral-gyro  tilt  and  therefore 
a roll  input  into  the  main  rotor. 

If  the  coupling  terms  in  Eq.  6-51  are  ignored,  the 
expressions  simplify  to 


2bs  + 2GQJbs  = bAQal 
28e-r2GS26c=  +j-Mnbi 


(6-56) 


Again,  b denotes  the  number  of  blades  and  the  feedback 
parameter  A can  be  interpreted  as  a nondimensional 
actuator  gain.  According  to  Eq.  6-54  the  electronic 
system  preferably  should  be  designed  such  that  G — 0. 
In  this  case  the  rotor  no  longer  responds  to  steady, 
one-per-rev  excitations;  but  the  rotor  moment  deriva- 
tives, i.e.,  static  and  speed  stability,  and  damping  in 
pitch  and  roll  also  become  essentially  zero.  For  these 
reasons  the  addition  of  an  autopilot  becomes  manda- 
tory. 

As  with  the  mechanical  systems,  the  allowable  gain 
A decreases  with  increasing  advance  ratio  and  must  be 
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selected  such  that  a good  compromise  is  obtained  with 
respect  to  transient  response  to  control  input,  transient 
response  to  external  rotor  excitations,  and  rotor  dy- 
namic stability.  Generally  speaking,  a decrease  in  the 
gain  A improves  the  dynamic  stability  of  the  flapping 
motion  but  has  a deteriorating  effect  upon  the  transient 
response  of  the  rotor  to  a control  input  by  the  pilot. 

If  the  electronic  feedback  system  senses  pitching  and 
rolling  moments,  i.e.,  moments  in  the  nonrotating  coor- 
dinate system,  Eq.  6-56  must  be  applied  to  all  blades. 
For  this  case,  the  equations  of  the  feedback  system  read 


b 

2b  s + 2Gnbs  = + cos  $ 

b 

28 c + 2GSl8c  = -AtijTPi 

i=\ 


> (6-57) 


If  the  pilot  applies  manual  control,  additional  excita- 
tions appear  on  the  right  side  of  Eq.  6-57. 

The  quantities  6,  and  5,.  determine  the  swashplate  tilt 
and  cyclic  pitch  applied  to  the  main  rotor.  However, 
instead  of  using  the  equation 

A 6 = C2{8s  sin  \p  + 8c  cos  tf/)  (6-58) 


applicable  to  the  mechanical  gyro,  a phase  shift  can  be 
introduced.  This  means  the  cyclic  pitch  applied  to  the 
/th  blade  is  expressed  as 

Wt  = c2  [«,  sin(^-A)  + 5c  cos(^-A)j  (6-59) 

The  angle  A is  an  additional  parameter  that  can  be  used 
to  correct  rotor  phasing  problems  for  steady-state  or 
transient  forward  flight  conditions.  It  should  be  noted) 
however,  that  the  phase  angle  A may  affect  the  stability 
characteristics  of  the  system  adversely  (Ref.  7). 

Exploratory  investigations  on  electronic  feedback 
systems  are  reported  in  Refs.  7 and  8.  Definitive  test 
results  are  not  yet  available. 

6-2.5  SPECIAL  MISSION  CONSIDERATIONS 

In  the  preceding  paragraphs  consideration  has  been 
given  only  to  the  motions  of  the  helicopter  rotor,  with 
or  without  the  benefit  of  additional  systems  to  improve 
the  stability  characteristics.  However,  it  is  the  motions 
of  the  helicopter  that  ultimately  are  of  interest.  The 
rotor  is  of  importance  not  only  because  of  its  stability 
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characteristics,  but  also  because  it  is  the  primary  source 
of  the  forces  and  moments  required  for  helicopter  con- 
trol. In  the  paragraphs  that  follow  consideration  is 
given  to  the  effects  of  mission  loadings  or  configura- 
tions upon  control  capabilities,  characteristics,  and  re- 
quirements. This  discussion  then  is  followed  by  a more 
detailed  examination  of  helicopter  flight  dynamics 
(par.  6-3). 

6-2.5. 1 Center  of  Gravity  Travel 

For  a given  helicopter,  the  maximum  allowable  CG 
travel  from  the  design  position  will  correspond  to  the 
possibility  of  reaching  one  of  the  following  limitations 
at  some  flight  condition: 

1 . All  of  the  available  control  motion  used  for  trim 
(either  longitudinal  or  lateral) 

2.  Blade  flapping  above  design  limits 

3.  Fatigue  stresses  in  blades,  hub,  and  mast  above 
design  limits 

4.  Unacceptable  longitudinal  stability. 

The  mfi  ods  for  determining  when  these  limits  are 
tcjJiai  are  discussed  in  the  paragraphs  that  follow. 

6-2. ^.i.l  Single-rotor  Helicopters 

The  blade  flapping  required  to  balance  a CG  offset 
on  a single-rotor  helicopter  can  be  calculated  by  exam- 
ining the  forces  and  moments  acting  upon  the  helicop- 
ter in  hovering  flight  as  shown  in  Fig.  6-14. 

The  summation  of  moments  M about  the  CG  is 


T(x  - ha x) 


(6-60) 


where  M„  is  the  pitching  moment  of  the  rotor  on  the 
hub  and  the  other  symbols  are  defined  in  Fig.  6-14. 

The  pitching  moment  at  the  hub  due  to  a single  blade 
may  be  found  by  integrating  around  the  azimuth  the 
fore-and-aft  component  of  the  rotating  moment  due  to 
centrifugal  force  CF,  hinge  offset  e,  and  cyclic  blade 
flapping  a,. 


Mh  = 4 (CF)eax  , Ib-ft  (6-62) 


Thus,  the  cyclic  flapping  component  required  to  bal- 
ance the  CG  offset  in  hover  is 


a.  = 


f b(CF)e  ' 
h L1  + 277i  J 


, rad  (6-63) 


where  the  symbols  not  previously  defined  are  again  as 
shown  in  Fig.  6-14.  For  a blade  with  a uniform  span- 
wise  mass  distribution 


3/^2 

CF=  -k-  ,1b 


(6-64) 


A convenient,  nondimensional  parameter  relating 
blade  inertia  and  aerodynamic  characteristics  is  the 
Lock  number  y (described  in  par.  6-2.4)  as 


7 = 


_ epaR* 


(6-65) 


Combining  Eqs.  6-63  and  6-64  and  the  definition 
for  rotor  thrust -coefficient/solidity  ratio  Ct/u  — 
T/  \pbcR(Sl  R)*  \ with  Eq.  6-65  gives  the  required 
flapping  a , in  a convenient  form: 


, rad  (6-66) 


r 

h 1 + 


3 ae 


4 yh(CJa) 


For  teetering  rotors  or  articulated  rotors  with  zero 
hinge  offset,  e in  Eq.  6-66  is  zero  and  in  that  case 


a,  = 


, rad 


(6-67) 


M 


H 
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For  a rotor  with  b blades 


Referring  to  Fig.  6-14,  it  is  apparent  that  the  amount 
of  flapping  necessary  to  balance  a large  forward  CG 
offset  may  become  large  enough  to  permit  the  blade  to 
(6-61)  strike  the  tail  boom.  In  order  to  prevent  this,  adequate 
clearance  shall  be  provided  between  the  rotor  blades 
and  tail  boom  or  other  fuselage  structure.  In  esiablish- 
ing  thin  clearance,  provision  shall  be  made  for  the 
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additional  blade  deflection  occurring  as  a result  of  pilot 
contro!  inputs,  turbulence  and/or  gusts,  and  harder- 
than-normal  landings  (up  to  the  design  limits  of  the 
landing  gear)  while  operating  at  maximum  allowable 
forward  CG  position.  For  helicopters  with  little  or  no 
hinge  offset,  sufficient  clearance  may  be  achieved  only 
with  an  increase  in  rotor  mast  height.  This  increased 
height  also  may  result  in  increased  weight. 

Hingeless  or  spring-restrained  rotors  have  an  effec- 
tive hinge  offset  el/r  that  can  be  determined  from  Eq. 
6-62  if  the  rotor  stiffness  MH/ax  is  known,  or  from  Eq. 
6-68  if  the  flapwise  natural  frequency  o>„  is  known. 


Keeping  the  required  CG  travel  to  a minimum  should 
be  a design  goal  even  on  the  so-called  rigid  rotors,  with 
which  large  CG  offsets  are  balanced  by  small  amounts 
of  blade  flapping  but  at  the  expense  of  high  blade,  hub, 
and  mast  stresses.  If  these  stresses  are  high  enough  to 
be  critical  in  the  fatigue-loading  spectrum,  they  will 
require  additional  structural  weight  in  the  rotor  com- 
ponents. 

For  maximum  flexibility  in  tactical  operations,  and 
to  permit  rapid  loading  under  combat  conditions,  indis- 


criminate loading  capability  is  desired  for  Army  heli- 
copters. However,  extension  of  the  allowable  range  of 
CG  travel  beyond  reasonable  limits  must  be  judged 
against  potential  increases  in  structural  weight  and  cor- 
responding decreases  in  payload. 

The  increments  of  cyclic  pitch  A/?,  and  A^,  re- 
quired to  produce  the  longitudinal  flapptng  a,  are 

A5j=-0,  .rad  (6-69) 


and 

aa'=  °i  ,rad  (6'70) 


Lateral  CG  offsets  are  balanced  with  lateral  flapping 
6,,  and  the  increments  of  cyclic  pitch  required  to  pro- 
duce this  flapping  are 

AA1-bl  , rad  (6-71) 


and 


Fig.  6-14.  Forces  and  Moments  Acting  on  a Single-rotor  Helicopter  While 

Hovering 
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Fig.  6-15.  Effect  of  Center  of  Gravity  Position  on  Stability 


A»,=  ~b j , rad  (6-72) 


The  increments  of  cyclic  pitch  A A,  and  A B,  apply  to 
forward  flight  as  well  as  to  hovering,  and  must  be 
added  to  the  basic  cyclic  pitch  required  to  position  the 
tip-path  plane  perpendicular  to  the  mast  in  order  to 
determine  the  total  cyclic  pitch  required.  MIL-H-8501 
requires  that,  in  all  steady  flight  conditions,  enough 
cyclic  control  to  provide  pitch  and  roll  moments  equal 
to  at  least  10%  of  the  moments  obtainable  in  hover 
remain  above  the  control  required  for  trim.  The  critical 
case,  with  respect  to  maximum  longitudinal  cyclic 
pitch,  almost  always  is  an  aft  CG  position  and  maxi- 
mum forward  speed. 

The  CG  position  has  an  effect  upon  the  longitudinal 
stability  of  the  helicopter  in  forward  flight.  As  shown 
in  Fig.  6-15,  if  the  CG  is  ahead  of  the  rotor,  an  increase 
in  rotor  thrust  due  to  an  increase  in  angle  of  attack 
Aa  will  produce  a stabilizing  nose-down  pitching  mo- 
ment about  the  CG. 

If  the  CG  is  behind  the  shaft,  the  effect  will  be  to 
produce  a destabilizing,  or  nose-up,  pitching  moment. 
This  is  in  addition  to  the  inherent  destabilizing  moment 
produced  by  the  rearward  flapping  of  the  rotor  when 
subjected  to  an  increased  angle  of  attack.  The  nose-up 
moments  can  be  balanced  with  a nose-down  moment 
from  a horizontal  stabilizer,  but,  for  a given  helicopter 
in  forward  flight,  a rearward  travel  of  the  CG  eventu- 


ally will  result  in  an  unstable  oscillation  or  in  a pure 
pitching  divergence,  depending  upon  the  helicopter 
and  the  flight  condition. 

The  stability  characteristics  as  a function  of  CG  posi- 
tion can  be  determined  by  the  methods  discussed  in 
par.  6-2  4.  The  required  degree  of  stability  is  specified 
in  MIL-H-8501  and  is  summarized  in  Table  6-1. 

In  addition  to  the  requirements  of  Tabie  6-1,  MIL- 
H-8501  specifies  that,  following  a longitudinal  control 
step  input,  the  time  histories  of  both  the  normal  accel- 
eration and  the  pitching  velocity  must  become  concave 
downward  within  2 sec.  A helicopter  that  is  character- 
ized by  a pure  divergence  probably  will  not  meet  this 
requirement.  This  helicopter  also  may  have  negative 
maneuvering  stability,  i.e.,  negative  stick  force  per  g, 
unless  equipped  with  a bob-weight  on  the  stick.  MIL- 
H-8501  does  not  specifically  require  positive  maneuver- 
ing stability,  but  this  is  desired  for  Army  helicopters. 

The  effect  of  the  vertical  CG  position  generally  is 
negligible  within  the  possible  range  on  existing  heli- 
copters. External  loads  that  are  attached  rigidly  to  the 
helicopter  are  destabilizing  because  they  lower  the  CG 
and  increase  the  instability  of  the  fuselage.  The  effects 
of  other  types  of  sling  loads  are  discussed  in  par.  6-3.5. 

6-2.5. 1.2  Tandem-rotor  Helicopters 

A tandem-rotor  helicopter  compensates  for  lateral 
CG  offset  in  the  same  manner  as  does  a single-rotor 
helicopter,  but  longitudinal  offset  is  balanced  by  differ- 
ential thrust  between  the  front  and  the  rear  rotors. 
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With  a forward  CG  position,  the  front  rotor  must  oper- 
ate at  a higher  collective  pitch  than  with  a neutral  CG 
position;  thus,  in  forward  flight  the  front  rotor  will 
have  more  rearward  flapping,  or  will  require  more  for- 
ward cyclic  pitch  to  suppress  the  flapping.  At  high 
speed,  a given  forward  CG  position  will  correspond  to 
the  maximum  allowable  rearward  flapping  or  to  the 
maximum  available  trim  capability.  The  effect  of  an  aft 
CG  position  is  similar  to  that  on  the  single-rotor  heli- 
copter; the  further  aft  the  CG,  the  worse  the  longitudi- 
nal stability.  For  aft  CG  locations,  the  moment  arm  of 
the  front  rotor  is  greater  than  the  moment  arm  of  the 
rear  rotor,  and  an  equal  change  in  rotor  thrust  due  to 
an  equal  increase  in  angle  of  attack  will  produce  a 
destabilizing  nose-up  pitching  moment.  The  limits 
upon  the  rearward  travel  can  be  determined  analyti- 
cally in  the  same  manner  as  for  the  single-rotor  helicop- 
| ter. 

6-2. 5. 2 Hover  Height  Control 

The  requirements  for  precision  in  hover  height  con- 
trol are  dictated  by  the  helicopter  mission  and  operat- 
ing environment.  Specific  tasks  that  involve  precise 
height  control  are  hovering  sling  hookups  and  load 
placement,  touchdown  in  turbulent  conditions,  and 
personnel  on-  or  off-loading  without  landing  in  un- 

I friendly  territory  with  rough  terrain  and  tall  trees.  Suc- 

cessful accomplishment  of  these  tasks  is  dependent 
upon  the  ability  of  the  pilot  to  maintain  close  control 
over  vertical  rates  and  positions. 

With  regard  to  height  control  and  precision  hover- 
« ing,  MIL-H-8501  requires  only  that  it  shall  be  possible 
j to  keep  the  aircraft  over  a given  point  on  the  ground, 

| for  all  terrain  clearances  and  with  winds  of  up  to  3 kt, 
f with  cyclic  control  movements  of  less  than  ±1.0  in. 

I The  proposed  specifications  described  in  Refs.  9 and  10 

f state  that  it  should  be  possible  to  control  vertical 

| velocity  within  all  vertical  flight  conditions  with  less 


than  ±0.5  in  movement  of  the  vertical  control.  In  addi- 
tion, both  of  these  documents  state  that  it  should  be  \ ) 

possible  to  hover  continuously  in  a designated  wind  at 
any  height  up  to  the  disappearance  of  ground  effect 
while  any  point  on  the  aircraft  remains  within  a circle 
of  3-ft  radius.  This  is  to  be  accomplished  without  ac- 
quiring a velocity  of  more  than  2 fps  in  any  horizontal 
direction,  and  without  requiring  undue  pilot  effort  or 
skill. 

Flight  research  has  shown  that  the  precision  achieva- 
ble in  hover  is  related  strongly  to  the  height  above  the 
ground.  This  relationship  appears  to  be  more  the  result 
of  the  pilot’s  reduced  sensitivity  to  visual  cues  at  higher 
altitudes  than  to  aerodynamic  effects.  The  vertical  er- 
rors found  during  this  research  were  about  twice  as 
great  at  50  ft  as  they  were  at  5 ft.  However,  the  average 
rate  of  collective  pitch  control  motion  was  about  50% 
greater  at  the  5-ft  height,  indicating  that  a higher  work- 
load was  the  price  of  the  increased  precision.  Mean- 
while, pilot  opinion  data  indicated  that  performance 
and  work  load  both  were  improved  at  50  ft;  thus,  the 
pilots  were  not  aware  of  the  differences  in  their  preci- 
sion at  the  two  heights.  Therefore,  the  mission  require- 
ments for  height  above  terrain  must  be  considered 
when  specifying  hovering  accuracy. 

The  design  procedure  used  in  developing  helicopter 
height  control  systems  includes  obtaining  desirable 
force  characteristics,  acceptable  levels  of  sensitivity, 
and  a comfortable  physical  layout.  Some  form  of  fric- 
tion or  breakout  characteristic  always  has  been  re- 
quired in  the  collective  control  to  prevent  unwanted 
inputs  due  to  disturbances,  pilot-induced  oscillations 
(PIOs),  or  mass  unbalance  in  the  stick.  Some  recent 
helicopter  designs  have  incorporated  a fixed-friction 
device  for  this  purpose.  Early  helicopters  used  an  ad- 
justable-friction device  but  this  was  subject  to  problems 
due  both  to  foreign  objects  and  to  wear. 

To  reduce  the  possibility  of  PIO,  several  precautions 
should  be  taken.  1 lie  natural  frequency  of  the  first 


TABLE  6-1 

LONGITUDINAL  STABILITY  REQUIREMENTS  (MIL-H-8501 ) 


PERIOD, 

sec 

DAM 

VISUAL  FLIGHT 
(PAR  3.2.111 

PING 

INSTRUMENT  FLIGHT 
(PAR  3 .6.1 .2' 

0 TO  5 

DAMP  TO  0.5  A IN  2 CYCLES 

DAMP  TO  0.5  A IN  1 CYCLE 

5 TO  10 

AT  LEAST  LIGHTLY  DAMPED 

DAMP  TO  0.5  A iN  2 CYCLES 

10  TO  20 

NOT  DOUBLE  IN  10  sec 

AT  LEAST  LIGHTLY  DAMPED' 

OVER  20 

NO  REQUIREMENT 

NOT  DOUBLE  IN  20  sec 
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fuselage  bending  mode  should  be  kept  above  the  rotor 
rotational  frequency  (when  the  two  coincide  it  is  possi- 
ble to  obtain  a PIO  that  causes  the  aircraft  to  oscillate 
vertically).  This  is  discussed  further  in  Chapters  4 and 
5.  In  the  case  c f crane  operations,  the  characteristics  of 
the  cable  in  relation  to  the  load  weight  can  be  impor- 
tant; certain  combinations  of  cable  size,  material,  and 
length  create  a situation  where  vertical  PIO  may  be 
induced.  The  control  system,  including  the  influence  of 
the  pilot's  forearm,  should  not  have  natural  frequencies 
near  the  critical  one-per-rev  frequency. 

The  need  for  more  accurate  control  has  resulted  in 
the  use  of  feedbacks  to  the  collective  stick  system  to 
provide  a means  of  controlling  altitude.  Because  of  the 
lack  of  generally  available  and  inexpensive  precision 
altitude  measuring  devices  for  helicopter  use,  little  at- 
tempt is  made  to  put  a tight  feedback  system  on  the 
collective  control.  Radar  altimeters  have  been  used 
with  success  for  sonar  dipping  (lowering  a sonar  trans- 
ducer into  the  water  from  a hovering  helicopter  to 
search  for  submarines),  where  accuracy  is  required. 
Barometric  altimeters  also  have  been  used  but  are  not 
as  accurate.  Vertical  damping  can  be  obtained  through 
a limited-authority  inner  loop  in  automatic  stabilizing 
equipment  (par.  6-4.3);  generally,  this  has  taster  re- 
sponse than  feedback  to  the  collective  stick,  but  it  also 
requires  adequate  altitude  sensing  capability.  An  in- 
stantaneous vertical-speed  indicator  (IVSI)  or  integrat- 
ing accelerometer  also  may  be  employed  to  derive  a 
vertical  rate  signal,  from  which  additional  vertical 
damping  may  be  obtained.  Any  method  used  must  in- 
clude appropriate  provision  for  the  lag  in  the  control 
system.  It  is  necessary  to  consider  not  only  the  collec- 
tive control  system,  but  the  engine  control  system  as 
well. 

Inherent  damping  results  from  changes  in  inflow  due 
to  changes  in  vertical  speed.  The  parameters  affecting 
vertical  damping  are  rotor  tip  speed,  rotor  thrust  coeffi- 
cient, solidity  ratio,  and  lift  curve  slope.  Because  these 
parameters  are  selected  for  aerodynamic  efficiency, 
there  is  very  little  the  designer  can  do  to  change  vertical 
damping.  The  vertical  damping  derivative  Zw  can  be 
evaluated  for  preliminary  design  purposes  by  using  the 
following  equation: 


= 


~g 


8 C, 


SIR 


aa 


(1  + ^) 


.see-'  (6-73) 


Therefore,  vertical  damping  can  be  increased  only  by 
decreasing  the  quotient  RCjJicra).  This  can  be  accom- 


Fig.  6-16.  Damping  vs  Control  Sensitivity,  Vertical 
Motion 


plished,  for  a given  gross  weight,  only  by  increasing  the 
rotor  blade  area  bcR.  The  blade  area  will  have  been 
selected  for  optimum  rotor  efficiency  and,  therefore,  as 
noted,  an  increase  in  inherent  damping  can  be  achieved 
only  at  the  expense  of  performance.  Empty  weight  and, 
hence,  payload  probably  will  be  among  the  parameters 
adversely  affected. 

In  terms  of  vertical  control  sensitivity  Zfi  the 
helicopter,  because  of  its  considerable  weight 
variation  with  payload,  has  a wide  range  of  sen- 
sitivity. Research  has  been  done  in  this  area  for 
V/STOL  vehicles,  and  some  of  the  applicable  criteria 
are  shown  in  Fig.  6-16,  along  with  typical  helicopter 
values.  The  boundaries  (Refs.  11  and  12)  were 
developed  using  a moving  base  simulator.  These 
boundaries  have  been  confirmed  to  some  extent  by 
other  investigators  using  the  large  NASA-Ames 
simulator  and  the  NASA-Langky  variable  stability 
helicopter  (Ref.  1 2). 

Fig.  6-16  indicates  the  acceptable  values  of  vertical 
control  sensitivity  Z6  to  be  Z5  > 4.0  (ft/secJ)/in. 
(0.125  g/in.).  Also  the  vertical  damping  Z„  will  be 


s 
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acceptable  only  if  |Z„|  > 0.3  sec'1.  The  ideal  damp- 
ing/control sensitivity  relationship  has  not  been  de- 
termined. The  AGARD  recommendations  for  V/ 
STOL  handling  qualities  (Ref.  9)  indicate  the  opti- 
mum control  sensitivity  is  on  the  order  of  4.83 
(ft/se^Vin.  (0.15  g/in.)  which  compares  favorably 
with  Refs.  11  through  13.  However,  flight  test  data 
(Ref.  13)  show  that  the  simulation  studies  may  be  con- 
servative. Nevertheless,  it  is  recommended  that  the 
curve  labeled  PR  = 3.5  (Ref.  12)  be  used  as  a guide 
for  design. 

Rotor  pitch/cone  coupling  resulting  from  an  angle  of 
inclination  8,  of  the  flapping  hinge  away  from  the  nor- 
mal to  the  pitch  axis  has  the  eftect  of  reducing  both  the 
control  sensitivity  and  the  damping  of  the  rotor.  There- 
fore. if  8,  is  incorporated,  its  effect  must  be  considered 
in  setting  control  sensitivity.  For  example,  to  maintain 
the  same  control  sensitivity  with  the  use  of  pitch/cone 
coupling  it  is  necessary  to  increase  the  blade  pitch 
travel  by  an  amount  approximately  equal  to  the  prod- 
uct of  tan  8 , and  the  hover  coning  angle  Oq.  The  collec- 
tive pitch  input  gradient  (deg  input/in.  stick  displace- 
ment) also  must  increase  proportionately  because  the 
stick  travel  is  fixed. 

‘ Control  system  lags  have  a pronounced  effect  upon 
vertical  height  control.  Refs.  11,  12,  and  13  show  that 
as  the  control  system  time  constant  increases,  the  air- 
craft becomes  more  difficult  to  fly.  Increased  damping 
is  helpful  in  enabling  the  pilot  to  cope  with  the  in- 
creased control  system  lags. 

It  is  possible  for  collective  control  to  vary  from  slug- 
gish to  overly  sensitive  if  the  variation  in  operating 
weight  for  the  helicopter  is  large.  Generally,  the  pitch 
input  gradient  has  a fairly  high  value  because  a signifi- 
cant collective  pitch  range  is  required  to  accommodate 
both  the  high  speed  and  the  autorotation  settings.  This 
range,  together  with  the  desire  to  keep  the  collective 
stick  trim  positions  within  a comfortable  range  consist- 
ent with  the  requirements  of  MS  33575  (less  than  12 
in.),  results  in  high  sensitivity  Z8  at  low  operating 
weights. 

For  contemporary  helicopters  the  sensitivity  usually 
is  established  as  described,  with  priority  being  given  to 
considerations  other  than  hover  requirements.  Eventu- 
ally, as  more  importance  is  placed  upon  hover  ac- 
curacy, the  collective  control  system  no  doubt  will 
evolve  to  provide  some  form  of  constant  response.  The 
technology  is  adequate  now  to  improve  the  system; 
however,  the  justification  for  the  added  complexity  is 
not  yet  sufficient  to  support  such  solutions. 

While  operating  in  ground  effect  (IGE),  it  has  been 
noted  that  there  is  an  improvement  in  controllability. 
As  the  helicopter  moves  into  ground  effect,  the  collec- 


tive control  becomes  more  of  a displacement  control 
than  a rate  control  for  small  changes  in  trim  position,  i 
The  effect  upon  approach  to  a ground  plane  has  been 
shown  (par.  3-2)  to  be  a reduction  in  power  required  for 
a given  thrust,  or  in  an  increase  in  thrust  at  a given 
power.  Therefore,  within  ground  effect,  there  exists,  for 
a given  weight,  a unique  relationship  between  power 
and  height,  and  a change  of  collective  pitch  results  in 
a change  of  height  rather  than  a change  of  thrust  or  of 
rate  of  climb. 

6-2.5.3  Weapon  Platform  Requirements 

Often,  mission  success  is  dependent  highly  upon  the 
ability  of  the  attackers  to  bring  accurate  fire  upon  a 
wide  range  of  potential  targets.  Therefore,  the  perform- 
ance of  a helicopter  as  a weapon  platform  is  an  essential 
design  criterion  involving  many  system  trade-offs.  The 
designer  must  establish  weapon  system  specifications 
commensurate  with  the  helicopter  upon  which  they 
will  be  installed  and  the  missions  the  helicopter  will  be 
required  to  perform.  Because  missions  vary  greatly 
among  types  of  helicopters,  the  weapon  and  fire  control 
requirements  also  are  varied.  The  level  of  sophistica- 
tion of  the  fire  control  system  and  the  characteristics  of 
the  weapons  determine  the  requirements  for  platform 
stability. 

In  order  to  obtain  specific  design  requirements  for 
the  helicopter  as  a weapon  platform,  it  is  useful  to 
consider  the  design  goals  of  a helicopter  weapon  sys- 
tem. This  system  should  be  able  to  detect  and  identify 
a target,  rapidly  hit  the  target  with  each  round  fired, 
and  have  the  capacity  to  destroy  or  immobilize  the 
target.  Apart  from  the  capabilities  of  the  weapon  sys- 
tem itself,  the  helicopter  characteristics  that  enhance 
system  effectiveness  include: 

1.  Unobstructed  visibility  from  the  cockpit 

2.  Low  vibratory  levels  in  the  cockpit  and  at  the 
weapon  station 

3.  Low  external  noise  level 

4.  High  speed 

5.  High  maneuverability  or  nap-of-the-earth  capa- 
bility, including  high  rates  of  roll,  high  load  factor 
capability,  good  sideslip  capability,  and  precision  con- 
trol 

6.  Safe  jettisoning  clearance  for  weapon  debris 

7.  Night  or  all-weather  flight  capability 

8.  Absence  of  small-ampiitude  random  oscilla- 
tions 

• 9.  Low  response  to  gusts 

10.  Low  response  to  weapon  recoil  forces. 
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The  last  three  items  represent  the  stability  characteris- 
tics that  are  important  during  the  actual  Tiring.  Current 
design  goals  are  for  first-round  accuracy  to  be  within 
0.25  to  0.5  deg  of  azimuth.  Because  this  accuracy  in- 
cludes the  helicopter  motion  as  well  as  all  errors  in  the 
weapon  system,  the  helicopter  must  be  held  at  an  essen- 
tially fixed  heading  during  the  aiming  process,  or,  alter- 
natively, the  weapons  must  be  aimed  and  fired  with  a 
complex  fire  control  system. 

Small-amplitude,  random  oscillations — primarily  in 
yaw — are  common  to  most  helicopters  but  generally 
are  overlooked  in  normal  flight.  The  oscillations  can  be 
seen  during  flight  by  watching  the  pattern  that  a speck 
on  the  windshield  traces  out  on  the  landscape.  Heading 
changes  of  up  to  S deg  are  common  even  in  calm  air. 
These  oscillations  may  be  the  result  of  unsteady  separa- 
tion af.  the  aft  end  of  bluff  body  components,  such  as 
mast  fairings,  engine  nacelles,  and  cargo  compart- 
ments, that  affects  the  airflow  at  the  tail  rotor,  or  at  the 
rear  rotor  in  the  case  of  tandems.  To  minimize  this 
effect,  several  operational  helicopters  have  mast  fair- 
ings that  act  as  vortex  generators  to  establish  steady 
flow  conditions  behind  the  mast.  Pilot  efforts  to  sup- 
press the  oscillations  with  pedal  inputs  generally  are 
unsuccessful  due  to  the  random  nature  of,  and  the  lags 
in,  the  pilot-helicopter  response.  Simple  yaw  dampers 
using  rate  gyros  have  resulted  in  order-of-magnitude 
decreases  in  both  inherent  oscillations  and  responses  to 
gusts;  such  dampers  should  be  considered  for  all  weap- 
on-carrying helicopters  whose  weapon  systems  are  not 
stabilized  electronically. 

The  response  to  weapon  recoil  forces  should  be  suffi- 
ciently small  that,  during  steady  firing,  the  helicopter 
can  be  held  in  its  trimmed  attitude  with  control  mo- 
tions no  larger  than  0 5 in.  Meeting  this  requirement 
may  be  a problem  for  a helicopter  with  a weapon  offset 
horizontally  from  the  CG,  or  with  a turreted  weapon 
ofTset  below  the  CG. 

Requirements  for  weapon  platform  stability  should 
be  compared  with  the  basic  helicopter  stability  require- 
ments described  in  par.  6-3.4.  Trade-off  studies  may  be 
appropriate  to  establish  compromises  among  weapon 
system  power  and  accuracy,  weapon  system  stabiliza- 
tion, and  helicopter  maneuverability  and  stability. 

Preliminary  design  of  a helicopter  that  is  to  serve  as 
a weapon  platform  is  affected  by  several  factors  other 
than  the  stability  and  maneuverability  requirements 
mentioned  previously.  For  example,  provisions  must  be 
made  for  internal  or  external  mounting  of  various 
weapon  and  fire  control  components.  In  some  cases, 
the  design  and  location  of  these  components  must  be 
coordinated  with  requirements  for  alternate  weapons 
or  alternate  uses  of  the  basic  helicopter. 


If  the  helicopter  is  to  carry  a variety  of  ordnance,  the 
fire  control  system  must  include  a weapon  selection 
controller  and  programmer.  Such  a unit  also  is  required 
for  conditions  that  involve  launching  of  missiles  and 
rockets  from  alternate  sides  of  the  helicopter  at  selec- 
tive or  automatic  intervals  or  sequences.  The  controller 
provides  the  operator  with  type  and  quantity  of  ord- 
nance. The  programmer  stores  basic  information  on 
ordnance  availability  and  performs  weapon  selection 
sequencing  as  commanded  by  the  controller. 

The  requirement  for  safe  jettisoning  of  weapon  de- 
bris imposes  design  constraints  that  vary  with  the  type 
of  armament  system  under  consideration.  Armament 
subsystems  for  helicopters  include  flexible  turreted 
guns,  fixed  guns,  rockets,  and  missiles.  The  armament 
subsystem  may  or  may  not  be  integral  to  the  helicopter. 
Requirements  for  flexibility  may  dictate  that  the  arma- 
ment system  consist  of  modular  “snap-on”  compo- 
nents. Thus,  the  designer  must  coordinate  the  fire  con- 
trol requirements  with  the  other  mission  requirements 
of  the  helicopter.  External  stores  should  be  capable  of 
being  jettisoned  singly  or  in  multiples,  provided  that 
the  warheads  are  unarmed.  Depending  upon  the  arma- 
ment system  design,  missiles  may  be  jettisoned  by  free 
fall  or  they  may  be  separated  explosively  from  their 
launchers. 

Detail  design  of  weapon  system  installations  is  dis- 
cussed in  further  detail  in  AMCP  706-202. 

6-2.5.4  VFR/IFR  Flight 

As  noted  in  Chapter  1,  detail  requirements  for  opera- 
tion under  instrument  flight  rules  (IFR)  arc  beyond  the 
scope  of  this  handbook.  Nevertheless,  it  is  appropriate 
to  discuss  the  areas  in  which  these  requirements  vary 
from,  and  are  more  severe  than,  the  requirements  for 
qualification  of  Army  helicopters  for  visual  flight  rules 
(VFR)  day  and  night. 

The  first  area  in  which  IFR  requirements  differ  from 
those  of  VFR  is  in  helicopter  stability  and  control  char- 
acteristics. Experience  has  shown  that  the  pilot’s  ability 
to  control  a helicopter  under  visual  conditions  is  de- 
pendent largely  upon  the  visual  cues  available  to  him. 
Deprived  of  these  cues — especially  a visible  horizon — 
the  pilot  suffers  a marked  increase  in  workload  in  order 
to  maintain  control  of  the  helicopter  attitude.  Because 
the  communication  and  navigation  workload  also  in- 
creases, the  task  often  exceeds  the  capability  of  a single 
pilot. 

The  difficulty  encountered  by  *he  pilot  of  a helicop- 
ter Operating  under  IFR  is  not  just  a matter  of  work- 
load; in  the  absence  of  visual  cues- -except  as  provided 
by  instruments  such  as  attitude,  heading,  angle-of- 
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bank,  rate-of-turn,  altitude,  and  rate-of-climb  indica- 
tors—it  is  possible  for  a pilot  who  is  not  concentrating 
upon  flight  control  to  become  disoriented.  In  such  a 
case  his  immediate,  or  instinctive,  reaction  to  an  exter- 
nal disturbance  would  be  incorrect,  probably  with 
catastrophic  results. 

MIL-H-8501  specifies  separate  stability  require- 
ments for  VFR  and  IFR  flight  (par.  6-2.5. 1).  In  addi- 
tion, different  levels  of  damping  about  all  three  axes  are 
stipulated.  Because  existing  helicopters  do  not  comply 
with  this  specification,  the  validity  of  the  quantitative 
requirements  cannot  be  confirmed.  Nevertheless,  there 
is  no  question  that  better  stability  characteristics  are 
required  for  instrument  flight,  and  that  improvements 
in  stability  for  most  helicopters  can  be  achieved  only  by 
the  addition  of  some  type  of  stability  augmentation. 

Stability  augmentation  systems  are  discussed  in  par. 
6-4,  as  is  the  evolution  from  a system  that  improves 
stability  to  an  automatic  flight  control  system.  The 
extent  to  which  this  evolution  is  undertaken  depends 
upon  the  mission  requirements  for  a given  helicopter. 
Many  approaches  are  available,  including  systems  us- 
ing ground-based  navigation  aids,  airborne  sensors 
(Doppler  radar  or  inertial  platforms),  or  combinations 
of  these. 

Minimum  instrumentation  and  avionic  requirements 
for  Army  helicopters  are  defined  by  AR  95-1.  This 
regulation  is  applicable  to  flight  operations  and,  there- 
fore, is  not  a definition  of  design  criteria;  however,  it 
recognizes  the  necessity  for  such  flight  instruments  as 
vertical-speed  and  gyro-rate-turn  indicators,  as  well  as 
for  the  communication  and  navigation  equipment  re- 
quired for  safe  and  successful  operation  under  instru- 
ment flight  conditions.  The  only  navigational  equip- 
ment specified  is  the  automatic  direction  finder  (ADF). 
Otherwise,  it  merely  is  required  that  the  airtv  me 
equipment  be  compatible  with  the  ground-based  navi- 
gational aids  available  foi  a given  planned  flight. 

Based  on  the  problems  of  flight  attitude  control,  of 
navigational  and  flight  path  control,  and  of  the  neces- 
sary communication  with  air  traffic  control,  weather 
stations,  and  other  stations.  Army  flight  regulations 
require  that  the  flight  crew  for  IFR  helicop- 
ter operation  shall  include  two  instrument-qualified 
pilots. 

The  second  area  in  which  the  IFR  requirements  ex- 
ceed those  for  VFR  is  in  weather  protection.  Operation 
under  instrument  conditions  cannot  be  differentiated 
readily  from  "all-weather"  operation.  Known  or  fore- 
cast instrument  flight  conditions  may  include  light- 
ning, rain.  hail,  snow,  or  ice.  Therefore,  an  IFR -quali- 
fied helicopter  also  should  be  all-weather  qualified. 
However,  true  all-weather  capability,  including  the 


ability  to  operate  during  tornadoes  and  hurricanes  or 
to  fly  through  thunderheads,  can  be  achieved  only  at  a 
prohibitive  cost  in  helicopter  empty  weight,  if  at  all. 
Thus,  all-weather  is  a relative  term  and  the  design  lim- 
its must  be  defined  and  must  be  understood  by  the 
operators. 

The  lack  of  suitable  anti-icing  and/or  deicing  equip- 
ment on  most  helicopters  precludes  flight  through 
known  or  forecast  icing  conditions.  In  addition  to  loss 
of  lift  and  increase  in  weight  due  to  an  accumulation  of 
ice,  uneven  accumulation  or  irregular  shedding  of  ice 
on  the  rotor  blades  may  cause  severe  vibrations  due  to 
the  resulting  unbalance.  The  most  severe  danger  to 
present  helicopters,  however,  is  ingestion  of  ice  into  the 
turbine  engines.  Ice  accumulated  on  the  windshield, 
fuselage,  or  engine  nacelles  may  enter  the  air  induction 
systems  if  and  when  it  is  shed  in  flight.  If  this  ice  enters 
the  engine,  it  may  cause  compressor  blade  damage, 
compressor  stall,  or  engine  flameout,  depending  upon 
the  severity  and  duration  of  the  icing  conditions. 

Safe  operation  in  conditions  of  heavy  snow,  hail,  or 
rain  also  may  require  protective  systems.  Ingestion  of 
snow  or  hail  into  the  engine  presents  hazards  similar  to 
those  resulting  from  ice  ingestion.  Extended  flight  in 
rain  can  necessitate  protection  of  the  rotor  blades  from 
the  erosion,  similar  to  sandblasting,  caused  by  rain 
droplets. 

Regular  operation  under  instrument  conditions  will 
increase  the  probability  of  lightning  strikes  upon  a heli- 
copter markedly.  Therefore,  adequate  protection 
against  destructive  lightning  damage  must  be  incor- 
porated in  helicopters  to  be  qualified  for  instrument 
operations. 

It  is  anticipated  that  pertinent  requirements  for  the 
design  of  IFR -qualified  helicopters  will  be  added  to  this 
handbook  by  amendment  as  they  are  established  and 
approved. 


6-3  FLIGHT  DYNAMICS 

6-3.1  CONTROL  POWER 

Control  power  is  a measure  of  the  total  moment  or 
force  available  to  the  pilot  for  maneuvering  the  helicop- 
ter from  a steady  trimmed  flight  condition  or  for  com- 
pensating for  large  gust  disturbances.  It  is  defined  as 
the  moment  about  the  helicopter  CG  produced  by  a 
unit  control  displacement.  Control  sensitivity  is  the 
rate  of  change  of  angular  displacement  about  the  CG 
achieved  as  a result  of  a unit  displacement  of  the  con- 
trol. The  requirements  of,  limitations  of,  and  methods 
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TABLE  6-2 

MINIMUM  DISPLACEMENT  IN  DEGREES  FOLLOWING  A ONE-INCH 
CONTROL  INPUT  IN  HOVER,  MIL-H-S501 


RESPONSE 

VISUAL  FLIGHT, 
deg 

INSTRUMENT  FLIGHT, 
tieg 

PITCH  <•  IN  1 sec 

45 

73 

tf  - iOGG 

\J\-I  • 1000 

ROLL  6 IN  0.5  sec 

27 

32 

^ W ♦ 1000 

* 1000 

YAW  •>  IN  1 iec 

110 

110 

y » + iooo 

^7.7  t 1000 

of  computing  both  control  power  and  control  sen- 
sitivity are  discussed  in  the  paragraphs  that  follow. 

6g3.1.1  BnuirtmwU 

6-3. 1.1.1  Control  Sensitivity  and  Damping 
Requirements 

The  combination  of  control  sensitivity  and  damping 
governs  the  ability  of  the  pilot  to  make  precise  maneu- 
vers or  to  hold  the  helicopter  steady  in  gusty  air.  Studies 
of  variable-stability  aircraft  generally  result  in  plots  of 
control  sensitivity  and  damping  upon  which  bounda-i 
rks  can  be  drawn  separating  satisfactory  from  unsatis- 
factory flying  qualities.  MIL-H-8501  indirectly  speci- 
fies minimum  values  of  control  sensitivity  in  hover  by 
specifying  the  minimum  angular  displacement  in  pitch, 
roll,  and  yaw  at  the  end  of  a specified  time  following 
a one-inch  control  step  input.  These  requirements, 
which  are  listed  in  Table  6-2,  are  a function  of  gross 
weight  and  * »•  Nised  upon  the  flight  testing  of  a varia- 
h?i*  'V'''.. 1 1>  N ”r  as  reported  in  Ref.  14. 

These  require  » . oan  he  converted  into  equivalent 

control  sensitivity  Miming  that  there  is  no  lag  in 
.Moducing  the  moment  .ir;d  that,  in  hover,  the  helicop- 
ter tan  be  treated  as  a mass-damper  system.  The  equa- 
tion of  motion  for  pii.i.  attitude  9 is 


Iy  = moment  of  inertia  in  pitch, 
slug-ft: 

Cy  = damping  in  pitch, 

Ib-ft  /(rad/sec) 

The  solution  to  this  equation  is 


(6-75) 


Eq.  6-75  can  be  solved  for  the  pitch  control  sensitivity 
( M/I)/h„  using  the  displacement  0 |(at  the  end  of  1 sec 


, (rad/sec2  )/in. 
(6-76) 


M ly*)+cy6  , lb-ft.  (6-74) 

where 

M - pitching  moment  about  CG, 
Ib-ft 


where 

6U  = longitudinal  displacement  of 
control  stick,  positive  aft,  in. 

If  minimum  values  of  0,  are  evaluated  from  TaWe-6^2 
and  are  substituted  into  Eq.  6-76,  a plot  of  4///,.  versus 
Cy/Jy  can  be  made.  Such  a plot  is  shown  on  Fig.  6- 1 7 
for  gross  weights  of  1000,  10,000,  and  100,000  lb  for 
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both  visual  and  instrument  (light  The  corresponding 
equation  for  roll  control  sensitivity  (Z.//J  8, , .using  the 
roll  displacement  <jb0<  at  the  end  of  O.S  sec,  is 


UK 


*y 


W*o.s 


5 (0.5  + 

sy 


“*te)x 

f-m-31 


, (rad/secJ  )/in. 
(6-77) 


r ’ 'vr;  n*  ’W-’U  n." 


! -pr-pvT  •’nf  " TvrTV  ■ 


6U.  = lateral  displacement  of  control 
stick,  positive  to  right,  in. 

and  for  yaw,  using  the  displacement  t|«in,  at  the  end 

of  1 sec, 


, (rad/sccJ)/iri. 
(6-78) 


where 


L = rolling  moment  about  CG,  !b-ft  where 


= VISUAL  FLIGHT 
r INSTRUMENT  FLIGHT 


W = 100.000  lb  W --  10.000  lb 


->s*  in- 
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Fig.  6-17,  Minimum  Control  Sensitivity  and  Damping  Requirements  in  Pitch 

from  MIL-K  8501 
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Ml. 


N = yawing  moment  about  CG, 
lb-ft 

6,  — pedal  displacement,  in. 

Plots  for  the  roll  and  the  yaw  requirements  are  shown 
on  Pig.  6-18  and  6-19. 

Figs.  6-17  through  6-19  assume  that  there  is  no  lag 
between  the  control  input  and  the  development  of  the 
moment.  In  practice,  there  are  at  least  two  lag  elements 
that  should  be  considered  when  evaluating  a control 
system.  The  first  is  the  lag  of  approximately  one-quar- 
ter of  a revolution  between  the  cyclic  pitch  input  and 
the  tilt  of  the  tip-path  plane.  The  second  is  the  time 
required  for  the  production  of  the  blade  cyclic  pitch 
input  corresponding  to  a one-inch  control  displace- 
ment. This  lag  will  be  dependent  upon  breakout  forces, 
lost  motion,  flexibility  of  the  control  system  between 


the  pilot's  control  and  the  blades,  and  flow  limits  on  the 
hydraulic  actuators.  Some  helicopters  with  gyro  con- 
trol systems  will  have  a further  lag  because  a step  con- 
trol input  produces  a ramp  input  of  cyclic  pitch.  All  of 
the  time  lags  that  can  be  accounted  for  between  the 
control  motion  and  the  development  of  the  moment 
must  be  subtracted  from  the  appropriate  time  / to  de- 
termine the  equivalent  control  sensitivity. 

The  minimum  acceptable  damping  about  each  of  the 
three  axes  are  specified  in  MIL-H-8501  and  are  listed 
in  Table  6-3.  These  requirements  have  been  evaluated 
for  moments  of  inertia  of  1000,  50,000  and  500,000 
slug-ftJ  and  also  are  plotted  on  Figs.  6-17  through  6-19. 

The  response  requirements  from  MIL-H-8501  state 
that  the  rate  of  roll  per  inch  of  stick  displacement 
should  not  exceed  20  deg/scc  and  that  the  maximum 


^visual  flight 

INSTRUMENT  FLIGHT 


W = 1000  lb  W = 10.000  lb 
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Fig.  6-18.  Minimum  Control  Sensitivity  and  Damping  Requirements  in  Roll  from 

MIL-H-8501 


AMCP  706*201 


TABLE  6-3 

MINIMUM  ACCEPTABLE  DAMPING, 
MIL-H-S501 


AXIS 

VISUAL  FLIGHT 
ft-lb/(rad/sec) 

INSTRUMENT  FLIGHT 
ft— lb/(rad/sec) 

PITCH 

81^ 

15  ly°' 

ROLL 

18  lx' 

25  1 x 

YAW 

27 1,' 

27  i;w 

yaw  displacement  one  second  after  a one-inch  pedal 
input  in  hover  should  not  exceed  SO  deg.  These  require- 


ments also  have  been  converted  into  boundaries  on 
Figs.  6-19  and  6-20,  respectively. 

6-3. 1.1. 2 Control  Sensitivity  and  Damping 

Considerations 

The  requirements  shown  in  Figs.  6-17  through  6-19 
are  the  subject  of  some  controversy,  especially  with 
regard  to  their  dependence  upon  helicopter  size.  Re- 
cently proposed  specifications  have  suggested  relating 
the  control  sensitivity  and  damping  requirements  to  the 
mission  of  the  aircraft  rather  than  to  its  size. 

A comparison  of  the  flight  test  results  of  two  varia- 
ble-stability helicopters  similar  in  configuration  but  dif- 
ferent in  gross  weight — the  Sikorsky  S-51  and  the  Si- 
korsky S-56 — is  shown  in  Fig.  6-20  based  upon  the  data 
of  Refs  14  and  15. 
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Fig.  6-19,  Minimum  Control  Sensitivity  and  Damping  Requirements  in  Yaw  from 

MIL-H-8501 
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Fig.  6-20.  Comparison  of  Flight  Test  Results  With  MIL-H-8501  Requirements 

for  Instrument  Flight 


The  MIL-H-8501  requirements  applicable  to  each 
helicopter,  based  upon  its  respective  gross  weight  and 
inertia,  are  presented  in  Fig.  6-20  for  both  the  pitch  and 
roll  axes.  Combinations  of  control  sensitivity  and 
damping  must  fall  within  the  bounded  areas  in  order  to 
comply  with  the  specification.  The  results  of  pilot 
evaluations  of  different  combinations  of  characteristics 
for  the  two  helicopters  also  are  presented,  and  the  for- 
mat is  similar  to  that  used  for  the  requirements.  Those 
combinations  of  sensitivity  and  damping  falling  within 
the  area  defined  by  the  indicated  boundaries  were  ap- 
proved by  the  evaluating  test  pilots.  In  the  case  of  the 
S-51  (Ref.  14),  the  flight  test  boundaries  plotted  corre- 
spond to  the  differentiation  by  the  pilots  between  "ac- 
ceptable” and  “minimum  acceptable".  For  the  S-56 
(Ref.  1 5)  a Cooper  rating  of  3.5,  which  is  the  boundary 
between  "satisfactory”  and  “unsatisfactory"  flying 
qualities,  is  plotted.  It  may  be  seen  that,  whereas  the 
flight  test  boundaries  do  show  a difference  due  to  size 
(primarily  in  the  damping  level),  the  difference  is  not 
as  great  as  is  the  difference  in  the  requirements. 

Another  flight  test  study  of  a variable-stabtlity  heli- 


copter (Ref.  16)  concludes  that  the  amount  of  speed 
stability  has  a significant  influence  on  Cooper  ratings 
near  hover.  This  conclusion  is  verified  by  examination 
of  the  equations  of  motion  in  hover  flight,  which  show 
that  positive  speed  stability  contributes  to  dynamic  in- 
stability. This  effect  may  explain  much  of  the  variation 
in  pilot  opinion  regarding  optimum  combinations  of 
control  sensitivity  and  damping  on  helicopters  of  differ- 
ent sizes  and  configurations. 

In  roll  and  yaw,  maximum  boundaries  of  control 
sensitivity  are  established  by  MIL-H-8501  as  shown  in 
Figs.  6-18  and  6-19,  but  no  similar  limit  is  defined  for 
pitch.  The  S-51  flight  test  results  shown  on  Fig.  6-20, 
indicate  however,  that  such  a requirement  should  be 
established  to  prevent  the  pitch  response  from  being  too 
sensitive.  A suggested  requirement  for  design  purposes 
is:  “the  pitch  displacement  at  the  end  of  one  second 
following  an  abrupt  one-inch  displacement  of  the  stick 
while  hovering  shall  not  exceed  three  times  the  mini- 
mum requirement  for  instrument  flight”. 

The  damping  requirements  of  Table  6-3  are  based 
upon  the  same  flight  tests  of  the  variable-stability  heli- 
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copter  that  were  used  to  define  the  control  response 
requirements.  Helicopter  control  response  can  be  eval- 
uated in  flight  test  by  measuring  the  displacement  at  a 
specific  time  after  a unit  control  input.  Demonstration 
of  compliance  with  the  damping  requirements  in  pitch 
and  roll,  on  the  other  hand,  cannot  be  accomplished 
easily  in  flight  test  because  it  requires  obtaining  a 
steady  rate  of  pitch  or  roll  in  hover.  This  is  difficult  or 
impossible  to  achieve  without  either  placing  the  heli- 
copter into  a dangerous  attitude  or  going  into  transla- 
tional flight.  The  damping  in  yaw.  on  the  other  hand, 
is  found  readily  by  measuring  the  yaw  acceleration  4i 
at  the  time  of  the  step  input,  and  the  final  rate  of  yaw 
tf.  The  damping  c.  is 


c 


. lb-ft/(rad/sec) 


(6-79) 


An  anomaly  exists  in  MIL-H-8501  with  respect  to 
the  yaw  damping.  The  paragraph  governing  visual 
flight  (3.3.19)  states,  "the  yaw  angular  velocity  damp- 
ing should  preferably  be  at  least  27  /.'  ft-lb  per 
rad  per  sec".  The  paragraph  governing  instrument 
flight  (3.6.1. 1)  states.  “ . . . . the  following  angular 
velocity  damping  requirements  shall  apply  in 
hovering  . . . directional.  27  /.°  ft-lb  per  rad  per 
sec".  Most  helicopters,  both  single-rotor  and  tandem- 
rotor  configurations,  cannot  meet  this  requirement 
without  artificial  damping.  The  visual  flight 
requirement  apparently  was  written  with  this  fact  in 
mind  and  was  stated  as  a goal  rather  than  as  a 
requirement.  This  distinction  was  lost  when  writing 
the  instrument  flight  paragraph.  In  effect,  it  requires 
that  all  helicopters  intended  for  instrument  flight  in- 
corporate artificial  yaw  damping. 

6-3. 1.1. 3 Control  Power  Requirements 

MIL-H-8501  indirectly  specifies  total  control  power 
in  hover  by  requiring  minimum  angular  displacements 
at  the  end  of  a specified  time  following  a full  control 
input.  These  minimum  displacements  correspond  to 
four  times  the  minimum  displacement  for  pitch  and  to 
three  times  those  for  roll  s .d  yaw  as  listed  in  Table  6-2 
for  a one-inch  control  step.  The  control  power  require- 
ments tre  listed  in  Table  6-4. 

For  all  steady-flight  conditions,  MIL-H-8501  further 
specifies  that  the  pitch  and  roll  control  power  remain- 
ing \bovc  that  required  for  trim  must  be  such  that  at 
least  10%  of  the  maximum  moment  attainable  in  hover 
may  be  generated. 

Minimum  acceptable  directional  control  power  is 
specified  by  MIL-H-8501  by  requiring  that,  while  hov- 


ering at  the  maximum  alternate  design  gross  weight 
over  a spot  in  a 35-kt  wind,  a full  control  input  in  the 
most  critical  direction  will  result  in  a yaw  displacement 
from  any  heading  of  ai  least  1 10/  ( W 4-  1000)1'*  deg 
at  the  end  of  the  first  second. 

6-3. 1.1. 4 Other  Control  Power 
Considerations 

Control  power  not  only  is  a measurement  of  the 
ability  to  produce  angular  accelerations  or  to  balance 
external  moments  but,  in  conjunction  with  the  damp- 
ing. it  also  governs  the  achievable  maximum  angular 
velocities.  The  maximum  velocities  required  are  de- 
pendent upon  the  mission  of  the  helicopter.  An  attack 
helicopter,  for  example,  needs  high  rates  of  pitch,  roll, 
and  yaw  for  rapidly  bringing  its  weapons  to  bear  upon 
a target,  for  nap-of-the-earth  flying,  and  for  evasive 
maneuvers.  T ransport  helicopters  require  much  lower 
angular  velocities.  For  single-engine  helicopters,  the 
nose-down  rotation  following  a cyclic  flare  from  au- 
torotation may  establish  a more  realistic  goal  for  the 
rate  of  pitch  than  any  other  maneuver.  In  this  case,  it 
is  desirable  to  level  the  helicopter  during  the  time  that 
stored  rotor  energy  is  available  to  cushion  the  landing. 
The  time  available  from  the  stored  rotor  energy  is  typi- 
cally about  1 sec  so  that  a nose-down  pitch  rate  of  at 
least  45  deg/sec  is  required. 

Extra  control  motion  must  be  designed  into  those 
helicopters  in  which  stability  augmentation  systems 
(SAS)  can  introduce  control  inputs  without  moving  the 
pilot’s  controls.  Such  devices  usually  do  not  differenti- 
ate between  the  response  to  an  external  disturbance  and 
a pilot-initiated  maneuver,  and  tend  to  “wash  out"  the 
pilot’s  control  input  so  that  he  has  to  move  the  control 
further  than  he  would  without  the  SAS.  For  this  reason 
the  authority  of  the  SAS  usually  is  limited  to  15-20% 
of  the  full  control  input.  This  limited  authority  also  is 
insurance  that  a "hardover"  failure  of  the  SAS  can  be 
overridden  by  the  pilot. 

The  high  control  power  achieved  with  large  Happing 
hinge  offset,  spring-restrained  flapping,  or  cantilevered 
blades  carries  with  it  both  advantages  and  disadvan- 
tages. The  high  control  power  and  corresponding  high 
damping  can  be  used  to  improve  the  helicopter  flying 
qualities,  especially  when  used  in  conjunction  with 
relatively  simple  stability  augmentation  systems.  These 
types  of  rotors  can  be  used  on  compound  helicopters 
for  pitch  and  roll  control  even  when  the  rotor  is  un- 
loaded completely.  On  the  other  hand,  high  control 
power  can  make  it  difficult  to  match  control  sensitivity 
wi*h  reasonable  stick  displacement  for  trim  at  high 
speeds  (par.  6-3. 1.2).  The  relatively  small  allowable  tilt 
of  the  tip-path  plane  with  respect  to  the  shaft,  when 
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TABLE  6-4 

MINIMUM  DISPLACEMENT  IN  DEGREES  FOLLOWING  A FULL 
CONTROL  INPUT  IN  HOVER,  MIL-H-8501 


INSTRUMENT  FLIGHT, 

deg 


compared  to  a teetering  or  an  articulated  rotor  with 
little  or  no  hinge  offset,  restricts  the  use  of  the  rotor  for 
producing  a horizontal  force  for  ground  taxiing  or  run- 
ning takeoffs.  It  also  compromises  the  ability  to  make 
a landing  on  a slippery  slope  while  keeping  the  rotor 
thrust  vector  vertical.  Landings  on  nonslippery  slopes 
can  be  made  by  using  the  uphill  landing  gear  to  produce 
a side  load  to  balance  the  tilt  of  the  rotor  thrust  vector 
during  the  final  letdown.  Another  consideration  of  high 
control  power  is  the  hazard  of  tipping  the  helicopter 
over  on  the  ground  at  low  collective  pitch.  A suggested 
requirement  to  prevent  this  possibility  is:  "With  the 
helicopter  on  the  ground  with  minimum  collective 
pitch,  it  shall  not  be  possible  to  tip  the  helicopter  over, 
to  cause  a blade  strike  on  the  fuselage,  or  to  exceed  the 
design  loads  in  the  rotor  system  with  less  than  two 
inches  of  control  motion  or  50  lb  of  stick  force,  which- 
ever comes  first,  at  any  rotor  speed".  For  some  heli- 
copters this  stipulation  will  dictate  the  incorporation  of 
a device  to  increase  the  stick  force  gradient  when  col- 
lective pitch  is  low  and  the  helicopter  is  on  the  ground. 

No  requirement  for  control  power  along  the  vertical 
axis  is  specified  in  MIL-H-8501;  for  a helicopter,  this 
requirement  is  incorporated  in  the  hover  ceiling  re- 
quirement. At  the  hover  ceiling,  the  vertical  control 
power  is  zero.  This  normally  is  due  to  a lack  of  shaft 
power  available  rather  than  to  a lack  of  rotor  thrust 
capability.  For  any  less  stringent  condition,  the  vertical 
control  power  will  have  some  positive  value.  For  exam- 
ple, if  a turbine-powered  helicopter  can  hover  OGE  at 
6000  ft  at  95T,  the  shaft  power  available  at  sea  level  on 
a standard  day  will  be  about  40%  greater  than  required 
to  hover.  Therefore,  the  ratio  of  thrust  capability  to 
gross  weight  will  be  at  least  1 .25  for  hovering  OGE  and 


appreciably  higher  IGE  at  sea  level  and  standard  tem- 
perature. 


6-3. 1.2 


Determination  of  Control 
Characteristics 


6-3.1. 2.1 


Pitch  and  Roll 


Control  sensitivity  is  governed  by  the  moment  about 
the  CG  that  can  be  generated  per  inch  of  control  dis- 
placement. Because  the  rotors  of  single-rotor  and  tan- 
dem-rotor helicopters  are  used  differently  to  produce 
these  control  moments,  the  two  types  of  helicopter  will 
be  discussed  separately. 


6- 3. 1.2. 1.1  Single- rotor  Helicopters 

For  single-rotor  helicopters  in  hover,  the  pitch  and 
roll  moments  are  caused  by  blade  flapping  with  respect 
to  the  shaft  as  shown  in  Fig.  6-21.  The  control  sen- 
sitivity in  pitch  (A///,.)/8lt  is 


MIL 


(rad/sec2  )/in. 
(6-80) 


where 


a , = 


B , 


cosine  component  of  blade 
flapping  with  respect  to  a plane 
normal  to  the  shaft,  rad 
cosine  component  of  swashplate 
tilt  with  respect  to  a plane 
normal  to  the  shaft,  rad 
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h = height  of  rotor  hub  above  CG, 
ft 

MH  = pitch  moment  of  rotor  on  hub, 
Ib-ft 

T — rotor  thrust,  lb 

The  rotor  stiffness  is  discussed  in  par, 

6-2.5. 1 and  may  be  shown  by  the  relationships  pre- 
sented there  to  be 

a M„  leap  A.  (SIR)2 

ST-  = 7Z ■ Ib-ft/rad  (6-81) 


where 

a = blade  section  lift  curve  slope, 
rad-1 

Ab  — total  blade  area,  ft2 
e = flapping  hinge  offset,  ft 
y = Lock  number,  dimensionless 
The  total  moment  Mmax  that  can  be  produced  with  full 
stick  displacement  from  trim  in  hover  is 


The  stick  position  required  for  trim  corresponds  with 
the  cyclic  pitch  required  to  compensate  for  the  forward 
speed  and  to  produce  the  flapping  with  respect  to  the 
shaft  required  to  balance  any  CG  offset  or  aerodynamic 
pitching  moment  from  the  fuselage  and/or  horizontal 
stabilizer.  Writing  this  balance  of  moments  in  terms  of 
the  required  swashplate  tilt,  the  trim  stick  position  is 
seen  to  be 


limit 


trim 


)■ 


Ib-ft 


(6-82) 


In  forward  flight,  the  control  moment  in  pitch  also  is 
a function  of  the  CG  position  x 


where 

Ma  = pitching  moment  about  CG 
produced  by  aerodynamic 
forces  on  the  fuselage,  wing, 
and  empennage,  Ib-ft 

For  helicopters  with  high  rotor  stiffness , such  as  those 
with  a large  flapping  hinge  offset  or  with  cantilevered 
blades,  a special  problem  is  illustrated  by  rewriting  Eq. 


T 
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Fig.  6-21.  Pitching  Moments  Produced  in  Hover  by  Stick  Displacement  on  a 

Single-rotor  Helicopter 


6-84  with  the  stick  displacement  expressed  as  a func- 
tion of  the  control  sensitivity  (it///,.)/ 8„  as  defined  by 
Eq.  6-80 
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no  flapping 


f bMJba.  \ 

"ll  + - w-J 


M 77r  + (0A/w/d<r 

+ ax rbr  Tv, TV, — - .in.  (6-85) 

bAl^lda,  (Aft l )/ 

rf  i \ y 


The  maximum  roll  control  moment  Lmu , is 


) . lb-fi 
rim  1 


For  high  rotor  stiffness,  several  terms  are  negligible  and 
Eq.  6-85  reduces  to 


/ \ bM  Jba. 

6 = -(/?,  I -777rr7r  (6-86) 

sx  trim  l 1 no  flappingl  (^l^yVy 


For  a helicopter  with  no  stability  augmc  ation.  the 
damping  in  pitch  and  roll  during  hover  can  be  consid- 
ered to  be  due  entirely  to  the  rotor,  unless  the  aircraft 
has  an  exceptionally  large  horizontal  stabilizer  or  wing. 
The  longitudinal  flapping  a,  due  to  pitch  velocity  in 
hover  can  be  expressed  (Ref.  17)  as 


At  high  forward  speeds,  where  B,  no  is  high,  a 
stiff  rotor  will  result  in  a large  stick  displacement  for 
a given  control  sensitivity  and  inertia.  The  maximum 
longitudinal  stick  displacement  recommended  by  MS 
33575  is  ±7  in.  Thus,  the  rotor  stiffness  must  be  lim- 
ited to  that  value  which  is  compatible  with  a maximum 
value  of  control  sensitivity  for  helicopters  employing  a 
conventional  cyclic  pitch  control  system.  If  a rate  con- 
trol system  is  used,  the  problem  does  not  exist  because 
the  stick  is  centered  for  all  steady  flight  conditions. 

The  control  sensitivity  in  roll  (/,//*)/§„.  that  can  be 
obtained  from  a given  configuration  of  rotor  and  con- 
trol system  is 


and  thus  the  damping  parameter  is 


Similarly, 


Th  + bM 


WJda.  / 16  \ 

.sec  ' (6-91) 


n>  + bi.Hibb , /1(, 


, see"'  (6-92) 


The  amount  of  cyclic  pitch  required  to  produce  a given 
, (rad/sec1  )/in.  (6-87)  rate  of  roll  can  be  determined  from  the  equation  for  the 

maximum  rate  of  roll  4>  „ax 


where 

4,  = sine  component  of  swashplate 
tilt  with  respect  to  a plane 
normal  to  the  shaft,  rad 
6,  •-=  sine  component  of  blade 

flapping  with  respect  to  a plane 
normal  to  the  shaft,  rad 

Because  the  moments  about  the  hub  LH  and  MH  are 
dependent  directly  upon  the  tilt  of  the  thrust  vector 
and,  hence,  upon  cyclic  flapping  6,  and  a„  respectively. 


, rad/sec 


The  lateral  flapping  6,  as  a function  of  roll  velocity  in 
forward  (light  can  be  expressed  (Ref.  17)  as 


f^TV- 

('  + JW 
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Thus  from  Eqs.  6-89,  6-92,  and  6-93 

A, 


<*> 


16 


7«  (i  + 4) 


. rad/sec  (6-95) 


and  the  lateral  cyclic  pitch  A , required  to  produce  a 
given  rate  of  roll  4>mui  is 


and  the  maximum  control  moment  , is 

maxf 


(M„ 


) 

tandem 


,lb-ft  (6-98) 


where  377  30tl  can  be  evaluated  from  the  methods  of 
par.  3-2. 1 . The  pitch  damping  parameter  is 


= !— ^-r - , rad  (6-96) 

70  (l  + 4) 


6-3. 1.2. 1.2  Tandem-rotor  Helicopters 

For  tandem-rotor  helicopters,  the  equations  for  roll 
control  sensitivity,  control  power,  and  damping  are  the 
same  as  for  the  single-rotor  helicopter  (considering 
both  rotors).  However,  in  pitch,  control  of  tandem- 
rotor  helicopters  is  obtained  with  a couple  produced  by 
differential  rotor  thrust  as  shown  in  Fig.  6-22. 

The  tandem-rotor  pitch  control  sensitivity 

IW- is 


fy  = j_  far  /* r\ 2 

ly  *y  L^v  \ 2 / 

+ (re+  ,6-"> 

where 

Vx  — vertical  velocity  at  rotor,  fps 
6-3.1. 2.2  Yaw 

6-3. 1.2. 2.1  Single- rotor  Helicopters 

For  a single-rotor  helicopter  with  a tail  rotor,  the 
control  sensitivity  in  yaw  (N//J/Sp  for  a given  configu- 
ration is 


, (rad/sec2  )/in. 
(6-97) 


where 

xK  — distance  between  rotors  of 
tandem-rotor  helicopter,  ft 
0U  = main  rotor  collective  pitch,  rad 


, (rad/sec2  )/in.  (6-100) 


where 

xTH  = horizontal  distance  between  tail 
rotor  and  CG,  ft 
T1R  = tail  rotor  thrust,  lb 
0 Tk  = tail  rotor  pitch,  rad 
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Fig.  6-22.  Pitching  Moments  Produced  in  Hover  by  Stick  Displacement  on  a 

Tandem-rotor  Helicopter 
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and  the  maximum  control  moment  that  can  be 


provided  is 


a t. 


N = — 
1 max 


TR 


TR 


IX  ^ 
1*Tr 


(™tr\ 

\ a«p  r 

(^umu-^trrn)  C6-101) 


The  trim  pedal  position  should  be  computed  while  hov- 
ering at  the  maximum  alternate  gross  weight. 

The  yaw  damping  is  due  primarily  to  the  tail  rotor, 
but  the  contribution  of  the  fuselage  and  the  vertical 
stabilizer  also  should  be  calculated.  The  equation  for 
the  yaw  moment  N in  hover  as  a function  of  yaw 
velocity  x|i  is 


bT. 


N - ■ 


TR 


bV, 


TR 


x2  \ It 
*TRy 


«[£ 


nose 


xdCD{xi>?  dx 


CG 


l 


tail 


+ I xdCD(x4>)2  dx 
ICG 


, Ib-ft  (6-102) 


where 


Cn  = drag  coefficient  of  fuselage 
section,  dimensionless 
d = fuselage  depth,  ft 


x = horizontal  distance  from  CG,  ft 
Note  that  the  fuselage  contribution  is  a function  of 
iji : Therefore,  Eq.  6-102  should  be  evaluated  at  the 
specified  maximum  yaw  rate  4<  max . The  yaw  damping 
c.  becomes,  at 

* ■ ma\ 


Cz  = 


dTTR  .j  . P 

bV„„  2 


TR 


dx 


/'tail 

I xidC£)  dx  , 
JCG 


lb-ft/(  rad/sec)  (6-103) 


Calculations  of  this  parameter  for  a number  of  single- 
rotor  helicopters  show  that  it  generally  is  only  of  the 
order  of  30-50%  of  the  value  of  27  /I”  specified  as  a 
design  goal  by  MIL-H-5801  (par.  6-3. 1. 2.1). 


6-3. 1.2. 2. 2 Tandem-rotor  Helicopters 

Yaw  control  of  tandem-rotor  helicopters  is  achieved 


with  differential  lateral  tip-path  plane  tilt  to  produce 
a couple  about  the  CG  as  shown  in  Fig.  6-23. 
The  tandem-rotor  yaw  control  sensitivity  is 


[(N/I2)/&A  for  a given  configuration 

^ turtiirm 


NUt 


tandem 


9A4, 


96. 


jc  , (rad/sec2  )/in.  (6-104) 


The  maximum  yaw  control  moment  {Nmaj 


available  from  a given  configuration 
fSAA.\ 


^ max) tandem  \ 96, 


}XR  X 


( W - *,«»)  ■ lb-R  <6'105> 


and  the  damping  in  yaw  (cJw((J .for  the  configura- 

tion at  maximum  yaw  rate  »fj 


U 


nose 


xidCD  dx 


I 


CG 

tail 


x3dCD  dx 


CG 


, lb-ft/(rad/sec) 
(6-106) 


Vn  — lateral  velocity  at  tail  rotor,  fps  where 


V,  — lateral  velocity  at  the  main 
rotor(s),  fps 


6-3.2  CONTROL  POSITION  VERSUS  SPEED 


6-3.2. 1 


Requirements 


The  change  in  longitudinal  stick  positior  required  to 
trim  a helicopter  following  a change  in  speed  at  a con- 
stant collective  pitch  and  power  setting  is  a measure  of 
that  aspect  of  static  stability  referred  to  as  “speed  sta- 
bility”. If  the  helicopter  possesses  speed  stability,  an 
increase  in  speed  will  produce  a nose-up  moment  that 
will  result  in  the  helicopter  pitching  up  and,  therefore, 
slowing  down.  Positive  speed  stability  requires  tha*  the 
pilot  push  the  stick  forward  if  he  wishes  to  hold  a new 
speed.  If,  on  the  other  hand,  the  helicopter  has  negative 
speed  stability,  an  increase  in  speed  will  produce  a 
nose-down  moment  that  will  pitch  the  helicopter  into 
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a dive,  with  the  speed  increasing  in  a divergent  manner. 
Therefore,  negative  speed  stability  requires  that  the 
pilot  pull  the  stick  aft  if  he  wishes  to  hold  a new  speed. 
This  type  of  instability  can  be  very  dangerous  during 
flight  conditions  in  which  the  pilot  cannot  devote  full 
attention  to  the  control  of  speed  and  attitude.  For  this 
reason  MIL-H-8501  requires  that  a helicopter  shall 
have  positive  static  longitudinal  control  force  and  con- 
trol position  stability,  with  respect  to  speed,  for  all 
speeds  and  power  conditions,  with  the  exception  that  in 
the  transition  speed  regime  a moderate  degree  of  insta- 
bility is  permitted.  No  minimum  level  of  stability  has 
been  specified;  it  is  sufficient  that  a measurable  forward 
stick  displacemen.  and  force  be  required  to  establish 
equilibrium  at  a speed  above  initial  trim.  Excessive 
speed  stability  results  in  large  stick  displacements  when 
going  from  hover  to  maximum  speed,  and  is  objectiona- 
ble to  the  pilot  on  two  counts:  (1)  the  possibility  of 
running  out  of  longitudinal  control,  and  (2)  the  incon- 
venience of  flying  for  long  periods  of  time  with  the  stick 


so  far  forward  that  the  arm  is  straightened  out  uncom- 
fortably and  the  elbow  cannot  be  rested  upon  the  knee. 

A related  requirement  in  MIL-H-8301  concerns  the 
change  in  control  position  required  to  trim  the  helicop- 
ter following  a change  in  power  at  the  same  speed,  e.g., 
going  from  a full-power  climb  to  autorotation.  This 
requirement  specifies  that  the  change  in  longitudinal 
stick  position  during  a change  of  power  at  any  speed 
must  be  less  than  3 in.  and  the  change  in  lateral  stick 
position  must  be  less  than  2 in.  Control  forces  and 
control  force  gradients  from  trim  are  discussed  in  par. 
6-3.6. 

6-S.2.2  Physical  Phenomena  involved 

6-3. 2. 2.1  Single-rotor  Helicopters 

When  the  forward  speed  is  increased  from  a trim 
value,  two  things  happen  to  the  rotor.  First,  it  flaps 
back,  tilting  the  rotor  thrust  vector  and  producing  a 
hub  moment.  Second,  depending  upon  the  flight  condi- 
tion, the  thrust  either  increases  or  decreases.  If  the 
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rotor  is  at  a negative  angle  of  attack,  as  is  typical  of 
he1. copter  flight,  the  rotor  thrust  will  decrease.  If  the 
rotor  is  at  a positive  angle  of  attack,  as  in  autorotation, 
the  rotor  thrust  will  increase,  In  order  to  achieve  trim 
at  a new  flight  speed  at  a constant  collective  pitch 
setting,  the  rotor  thrust  must  be  brought  back  to  the 
original  value  by  a change  in  the  angle  of  attack  (in- 
creased angle  for  powered  flight  and  decreased  for  au- 
torotation). This  change  in  angle  of  attack  will  produce 
a further  change  in  the  rotor  flapping,  and  usually  a 
change  in  the  aerodynamic  pitching  moments  of  the 
fuselage  and  horizontal  stabilizer.  The  methods  of  de- 
termining these  various  effects  upon  the  speed  stability 
are  discussed  in  par.  6-3.2J. 

Changes  in  power  settings  at  2 constant  speed  require 
corresponding  changes  in  collective  pitch,  angle  of  at- 
tack, and  tail  rotor  thrust.  These  changes  in  turn  pro- 
duce pitching  and  rolling  moments.  These  moments 
must  be  compensated  for  by  further  changes  in  the  stick 
position  in  order  to  retrim  at  the  new  power  setting. 
Three  separate  effects  contribute  to  the  amount  of  stick 
displacement  required:  (1)  the  change  in  rotor  flapping 
due  to  the  change  in  collective  pitch,  (2)  the  change  in 
rotor  flapping  due  to  the  change  in  angle  of  attack,  (3) 
the  change  in  fuselage  and  stabilizer  pitching  moments 
due  to  the  change  in  tail  rotor  thrust.  The  methods  of 
determining  the  contribution  of  each  of  these  effects  are 
discussed  in  par.  6-3.2. 3. 
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blade  flapping  or  with  an  aerodynamic  moment  from 
a horizontal  stabilizer.  For  configurations  in  which  the 
two  retreating  tips  are  outboard,  increased  rotor  torque 
produces  a nose-up  pitching  moment,  requiring  aft 
stick.  When  power  is  decreased,  the  stick  must  be 
moved  forward. 

6-3. 2. 3 Methods  for  Calculating  Speed 
Stability 

6-3. 2. 3.1  Single-rotor  Helicopters 

For  a single-rotor  helicopter  with  a conventional  cy- 
clic pitch  control  system,  the  stick  position  corresponds 
to  the  cyclic  pitch  required  to  trim  the  tip-path  plane 
perpendicular  to  the  shaft,  plus  the  increment  of  cyclic 
pitch  required  to  produce  the  necessary  flapping  with 
respect  to  the  shaft.  This  latter  increment  must  be  suffi- 
cient to  generate  at  the  hub  a moment  that  will  balance 
CG  offsets,  aerodynamic  pitching  moments  of  the  fu- 
selage and  horizontal  stabilizer,  and  tail  rotor  thrust. 
For  the  helicopter  shown  in  Fig.  6-24  the  longitudinal 
stick  position  has  been  shown  (Eq.  6-84)  as 


no  flapping 


xT 


Th  + 


*1 


6-3.2. 2. 2 Tandem-rotor  Helicopters 

For  a tandem-rotor  helicopter,  the  change  in  the 
stick  position  required  to  trim  either  at  a new  speed  or 
at  a new  power  setting  primarily  is  a function  of  the 
change  in  the  differential  thrust  between  the  twc  rotors. 
For  example,  an  increase  in  speed  in  normal  flight 
produces  a decrease  in  the  thrust  of  each  rotor.  When 
the  angle  of  attack  is  increased  so  as  to  obtain  the 
original  total  thrust,  the  distribution  of  thrust  between 
the  two  rotors  may  be  different.  This  produces  a pitch- 
ing moment  that  will  require  a stick  deflection  to  com- 
pensate. Whether  the  pitching  moment  is  positive  or 
negative  depends  upon  the  helicopter  configuration, 
the  CG,  and  the  flight  condition. 
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where 

q = dynamic  pressure  p V */2,  lb/ft2 
The  change  in  stick  position  with  a change  in  speed  at 
constant  thrust  is 


6-3. 2. 2. 3 Synchropters 

Synchropters,  those  helicopters  having  two  inter- 
meshing,  laterally  displaced  rotors,  have  essentially  the 
same  speed  stability  characteristics  as  single-rotor  heli- 
copters, except  in  the  case  of  changes  in  power  setting 
at  a constant  speed.  Because  the  shaft  axes  are  tilted 
laterally,  some  component  of  rotor  torque  is  applied  to 
the  helicopter  as  a pitching  moment.  This  unwanted 
pitching  moment  must  be  trimmed  out,  either  with 
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where,  because  of  the  equivalence  of  feathering  .uid 
flapping 


solidity  coefficient  CT/cr  with  respect  to  advance  ratio 
ft  to  zero 


C^Jo^comt 


(6-109) 
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Following  the  techniques  of  Ref.  18,  this  derivative  can 
be  determined  as  a function  of  the  collective  pitch 
0o»  the  thrust  solidity  coefficient  Cr/<r  and  the  advance 
ratio  ft.  The  techniques  of  Ref.  18  are  valid  for  most 
helicopter  flight  conditions  but  should  be  used  with 
caution  for  flight  conditions  involving  significant  blade 
stall  or  for  values  of  advance  ratio  ft  > 0.5.  The  flap- 
ping derivative  is 


or 
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Using  the  techniques  of  Ref.  18,  da/dft  may  be  writ- 
ten 


where  C,  and  C,  are  functions  of  advance  ratio  ft  as 
shown  on  Fig.  6-25.  The  partial  derivative  of  angle  of 
attack  with  respect  to  advance  ratio  da/  3ft  can  be 
found  by  equating  the  total  derivative  of  the  thrust 
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Fig.  6-24.  Forces  and  Moments  on  Single-rotor  Helicopter  in  Forward  Flight 
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ADVANCE  RATIO  |i,  dimensionless 


ADVANCE  RATIO  //.  dimensionless 
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Fig.  6-25.  Coefficients  of  Flipping  With  Respect  ts  Speed  Derivative 


where  the  coefficients  Et  to  are  plotted  on  Fig.  6-26 
as  a function  of  fj.  and  tr. 

For  positive  speed  stability,  the  stick  must  be  moved 
forward  for  increasing  speeds.  Thus,  the  total  deriva- 
tive of  Eq.  6-108  must  be  negative,  or  the  terms  within 
the  brackets  must  be  positive,  because  the  gearing  term 
dhiX/dB{  is  negative.  At  speeds  above  transition,  the 
rotor  contribution  always  is  positive.  The  contribution 
of  the  airframe — including  fuselage,  empennage,  and 
wing — can  be  either  positive  or  negative  depending 
upon  the  relative  values  of  the  initial  moment  term 
M,/q  and  the  airframe  stability  term  9 (M,/q)/ba. 
For  positive  speed  stability,  the  initial  moment  term 
should  be  oositive  or  nose-up.  Angle-of-attack  sta- 


bility, i.e„  a negative  value  for  d(M/qJ/da,  actually  is 
destabilizing  with  respect  to  speed  because  the  in- 
creased aircraft  angle  of  attack  required  to  com- 
pensate for  the  loss  in  rotor  thrust  will  produce  a 
nose-down  moment  due  to  the  increased  lift  of  the 
horizontal  stabilizer.  Experience  has  shown,  however, 
that  for  reasonable  stabilizer  sizes,  this  effect  by  itself 
is  never  large  enough  to  cause  trouble. 

The  change  in  longitudinal  stick  position  due  to  a 
change  in  power  setting  at  a constant  speed  and  rotor 
thrust  involves  a change  in  collective  pitch  and  a 
change  in  angle  of  attack.  From  Eq.  6-107  the  change 
in  stick  position  with  respect  to  power  control  setting 
8,  is 
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= 0 (6-117) 

The  speed  stability  is  proportional  to  the  total  deriva- 
tive of  the  moment  with  respect  to  speed  V 


Because  of  the  equivalence  of  blade  feathering  and 
flapping  3Z?,/30O  = 3a,/  30, „ and  3Zf,/3a  = 

3a,/ 3a.  The  two  flapping  derivatives  are  shown  in 
Fig.  6 -27  as  functions  of  advance  ratio  fi,  with  the  effect 
of  variations  in  the  value  of  solidity  <r  also  being  shown. 

The  values  of  A00  and  A a required  in  E<  6- 1 1 4 must 
be  calculated  from  trim  considerations  for  the  helicop- 
ter and  flight  conditions  in  question.  Changes  in  lateral 
stick  position  are  due  primarily  to  changes  in  tail  rotor 
thrust  because,  for  the  same  main  rotor  speed  and 
thrust,  there  is  no  significant  change  in  lateral  cyclic 
pitch  required  to  trim  the  rotor.  The  change  in  lateral 
stick  position  due  to  a change  in  power  control  setting 
is 
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where 


where 


hrK  - height  of  tail  rotor  above  the 
CG,  ft 
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6-3.2. 3.2  Tandem-rotor  Helicopters 

The  speed  stability  of  a tandem-rotor  helicopter  can 
be  determined  from  the  equation  for  the  summation  of 
moments  about  the  CG.  For  the  helicopter  shown  in 
Fig.  6-28: 
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where 

a 4 — airframe  angle  of  attack,  rad 

The  sign  of  this  derivative  (Eq.  6-118)  determines 
whether  the  helicopter  has  positive  or  negative  speed 
stability.  Because  nearly  equal  terms  with  opposite 
signs  occur  in  the  equation,  the  sign  of  the  total  can  be 
either  positive  or  negative  depending  upon  the  relative 
magnitude  of  the  individual  terms.  The  partial  deriva- 
tives can  be  evaluated  by  the  methods  of  Ref.  18  once 
the  trim  conditions  are  established  from  the  simultane- 
ous solution  of  the  lift,  drag,  and  pitching  moment 
equations  of  equilibrium.  Because  the  rear  n tor  and 
the  airframe  operate  in  the  wake  of  the  front  rotor,  the 
partial  derivatives  3a,/3F  and  ba4/bV  must  be  eval- 
uated by  considering  rotor  downwash  characteristics 
such  as  are  presented  in  Ref.  19. 

For  powered  flight  conditions,  the  rotor  terms  of  Eq. 
6-118  can  be  identified  as  being  either  stabilizing  or 
destabilizing  as  shown  in  Table  6-5.  The  fuselage  terms 
are  stabilizing  for  an  initial  nose-up  pitching  mo- 
ment term  MA/q  and  destabilizing  for  a positive 
3(Af4/0)/3aA,  i.e.,  an  unstable  fuselage.  A tandem- 
rotor  helicopter  with  inherent  negative  speed  stability 
can  be  stabilized  by  using  an  auxiliary  device  that 
senses  changes  in  speed  through  a *‘q"  bellows  or  by 
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means  of  a spring-loaded  drag  vane  that  adds  a nose-up 
control  signal  into  the  longitudinal  control  system  in 
parallel  to  the  pilot's  control. 

6-3.3  SPEED  STABILITY  AND 
MANEUVERING  FLIGHT 

The  speed  stability  of  a helicopter  normally  is  deter- 
mined in  the  manner  just  discussed  by  examining  the 
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sign  of  the  pitching  moment  derivative  with  respect  to 
forward  speed,  3 M/  BV.  If  this  derivative  is  positive, 
the  helicopter  is  said  to  have  a positive  static  speed 
stability.  An  alternative  method  of  determining  speed 
stability  is  to  examine  the  changes  in  longitudinal  cyclic 
control  with  speed. 

To  produce  a static  speed  stability  ( BB,/  BV  > 0) 
for  fixed  values  of  collective  pitch  and  power  control 


Fig.  6-27.  Flapping  Derivatives 
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Fig.  6-28.  Forces  and  Moments  Acting  on  Tandem*rotor  Helicopters 


setting,  the  stick  must  be  moved  forward  progressively 
to  trim  as  speed  increases. 

Using  either  the  pitching  moment  or  the  cyclic  con- 
trol derivative  as  the  criterion,  the  rotor  usually  is  sta- 
ble with  speed.  However,  the  combination  of  a torsion- 
ally  soft  blade  and  a highly  cambered  blade  section,  or 
the  use  of  a symmetrical  blade  whose  aerodynamic 
center  is  well  behind  the  twist  axis,  can  result  in  a 
forward  tilt  of  the  rotor-tip  path  plane  with  an  increase 
in  speed.  This  results  in  a negative  speed  stability  for 
the  rotor  and  is  unacceptable. 

MIL-H-8501  requires  positive  speed  stability,  in  the 
form  of  positive  control  position  and  control  force  sta- 
bility with  speed,  throughout  the  major  part  of  the 
flight  regime.  This  stability  shall  be  apparent  in  that  a 
forward  stick  displacement  and  a push  force  shall  be 
required  to  hold  an  increased  value  of  steady  forward 
speed,  and  a rearward  displacement  and  pul!  force  shall 
be  required  to  hold  a decreased  value  of  speed.  In  the 
speed  ranges  from  15  to  50  kt  forward  and  10  to  30  kt 
rearward,  mild  instability  is  acceptable,  although  not 
desirable.  The  change  in  the  unstable  direction  shall 
not  exceed  0.5  in.  for  stick  position. 

It  is  clear  that  a high  value  of  speed  stability,  in  the 
form  9/?,/  dK  also  will  serve  to  limit  helicopter  for- 
ward speed,  because  there  are  real  constraints  upon  the 
amount  of  cyclic  pitch  input  that  can  be  provided  by 


mmm 


the  control  system.  Further,  high  values  of  this  deriva- 
tive have  an  adverse  effect  upon  maneuvering  capabil- 
ity because  of  the  large  stick  displacements  required. 
On  the  other  hand,  a very  low  value  for  speed  stability 
is  undesirable  because  of  its  importance  to  long-period 
damping. 

Because  the  speed  stability  derivative  9/?,/  9 V de- 
pends primarily  upon  the  rotor,  which  is  symmetrical, 
results  comparable  to  those  found  at  low  forward  speed 
also  are  found  for  sideward  and  rearward  flight.  There- 
fore, the  ability  to  achieve  required  values  of  sidewaid 
and  rearward  flight  speed  may  be  determined  by  the 
speed  stability  characteristics  of  the  rotor. 

6-3.4  DYNAMIC  STABILITY 

The  dynamic  stability  requirements  for  helicopters 
as  prescribed  by  MIL-H-8501  are  tabulated  in  par.  6- 
2.5.  Those  oscillatory  modes  having  sufficiently  low 
frequencies — or  sufficiently  long  periods  of  oscilla- 
tion— to  be  controlled  by  the  pilot  need  not  be  stable, 
i.e.,  positively  damped. 

MIL-H-8501  does  not  specify  hovering  dynamic  sta- 
bility requirements  in  the  same  manner  as  for  forward 
flight.  However,  it  is  required  that  the  helicopter  shall 
be  reasonably  steady  while  hovering  in  still  air  (winds 
up  to  3 kt).  It  shall  be  possible  to  keep  the  helicopter 
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over  a given  spot  on  the  ground,  for  all  heights  above 
the  ground  up  to  the  disappearance  of  ground  effect, 
with  displacements  of  the  cyclic  controls  of  less  than  ± 
I in. 

The  parameters  pertinent  to  dynamic  stability  char- 
acteristics are  discussed  in  pars.  6-2.4  and  6-4.2.  Be- 
cause the  typical  rotor  is  unstable  dynamically,  both  of 
these  paragraphs  discuss  possible  methods  for  achiev- 
ing acceptable  stability. 

6 1.5  EFFECTS  OF  EXTERNA?.  STORES 

It  is  extremely  difficult  at  the  preliminary  design 
stage  to  predict  with  accuracy  the  effects  of  external 
stores  upon  the  stability  and  control  of  a rotary-wing 
aircraft.  Consideration  must  be  given  to  weapons  and 
other  external  loads  (external  fuel  tanks)  that  are  at- 
tached rigidly  to  the  helicopter,  as  well  as  to  sling  loads. 
Estimates  of  the  aerodynamic  forces  and  moments  re- 
sulting from  armament  system  stores  are  subject  to 
large  errors  due  to  aerodynamic  interference  effects. 
Experience  with  state-of-the-art  helicopters  operating 


at  level  flight  speeds  of  up  to  160  kt  has  shown  that  the 
effects  of  most  store  configurations  are  within  the  con- 
trol capabilities  of  vehicles  designed  to  the  conventional 
criteria  required  by  MIL-H-8501.  A number  of  consid- 
erations and  concepts,  however,  should  be  borne  in 
mind  during  preliminary  design,  to  assure  that  the  ad- 
verse effects  of  external  stores  are  minimized. 

6-3.5. 1 Angle  of  Attack 

The  aerodynamic  environment  of  stores  on  helicop- 
ters differs  from  that  of  stores  on  fixed-wing  aiicraft 
principally  in  the  much  larger  variations  in  airflow 
angle  of  attack  that  the  helicopter  must  tolerate.  Angle- 
of-attack  excursions  of  high  performance,  fixed-wing 
aircraft  are  relatively  small  (5-10  deg)  throughout  the 
flight  envelope,  even  though  flight  modes  may  encom- 
pass large  attitude  changes.  Rotary-wing  aircraft,  on 
the  other  hand,  are  characterized  in  flight  by  relatively 
small  excursions  of  attitude  and  by  large  changes 
(40-50  deg)  in  angle  of  attack.  Fig.  6-29  depicts  a typi- 
cal angie-of-attack  envelope  for  a helicopter. 
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TABLE  6-5 

STABILITY  CHARACTERISTICS  OF  ROTOR  TERMS  IN 
TANDEM-ROTOR  STABILITY 


STABILIZING  TERMS 


DESTABILIZING  TERMS 
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40  8P  I?0  160  200 

EQUIVALENT  AIRSPEE:  V.  kt 


Fig.  6-29.  Angle-of-attack  Envelope  for  Armed  Helicopter  (Clean  Configuration) 


The  helicopter  designer  must  bear  in  mind  that  the 
vehicle  configuration  that  results  after  installation  of 
stores  is  subject  to  a wide  range  of  airflow  directions. 
To  minimize  the  effects  of  the  stores  upon  the  airframe, 
it  generally  is  desirable  that  they  produce  constant  aer- 
odynamic forces  and  moments  throughout  a wide 
range  of  angles  of  attack.  This  requirement  implies, 
aerodynamically,  that  the  stores  should  resemble  a 
sphere.  Experience  with  current  helicopters  and  stores 
has  shown  that  such  secondary  angle-of-attack  consid- 
erations as  the  effects  of  the  wakes  of  the  store  on 
elevator  effectiveness  seldom  create  problems  (Refs.  20 
and  2 1 ).  For  example,  in  the  tests  of  Ref.  2 1 the  weapon 
pod  was  so  “dirty”  aerodynamically  that  its  installation 
resulted  in  a 14%  reduction  in  helicopter  range.  But 
there  were  no  discontinuities  in  static-stability  gradi- 
ents due  to  wake  effects.  From  the  test  results  of  Refs. 
20  and  21  it  is  concluded  that  wake  effects  have  not 
been  of  major  concern  with  the  airspeed  envelopes  of 
current  helicopters  up  to  about  1 50  kt.  A broader  gen- 
eralization is  not  justified  without  data  from  more  con- 
figurations. 


6-3.5.2  Attitude 

Attitude,  angle  of  attack,  and  boresight  capability 
must  be  considered  when  positioning  fixed  forward- 
firing  armament  such  as  rock-*  pods.  Fig.  6-30  is  a 
typical  map  of  attitudes  in  level  and  diving  flight.  For 
a typical  case  of  a design  rocket-firing  flight  condition 
of  120  kt,  level  flight,  and  forward  CG,  the  fuselage 
angle  of  attack  (Fig.  6-29)  is  — 8 deg  and  ;ts  attitude 
(Fig.  6-30)  is  also  - 8 deg.  To  launch  rockets  along  the 
flight  path,  it  is  necessary  only  that  they  be  positioned 
at  an  angle  of  +8  deg  with  respect  to  the  airframe 
reference  axes  (Fig.  6-31). 

Most  rocket  attacks,  however,  are  conducted  during 
high-speed  descending  flight.  A typical  design  flight 
condition  would  be  a speed  of  160  kt.  At  this  speed,  in 
partial-power  descending  flight  with  a forward  CG,  the 
angle  of  attack  is  -0.7  deg  (Fig.  6-29)  and  the  fuselage 
attitude  is  — ’o  deg  (Fig.  6-30).  Despite  the  steep  nose- 
down  attitude,  the  fuselage  angle  of  attack  is  more 
positive  than  it  is  in  level  flight.  Thus,  to  launch  rockets 
along  the  flight  path,  the  pods  should  be  positioned  at 
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Fig.  6-32.  Descending  Flight  (160  kt) 


G-3.5.3  Aerodynamic  Forces  and 

Jettisoning  of  Stores  or  Dispensing 
of  Payloads 

The  aerodynamic  loading  conditions  affecting  exter- 
nal stores  are  of  concern  only  under  specialized  circum- 
stances: 

1 . The  jettisoning  of  low-density  stores  or  stores 
whose  shapes  can  generate  a high  ratio  of  lift  to  weight 

2.  The  dispensing  of  corrosive  or  toxic  liquid 
agents  or  lightweight  ordnance  that  might  be  carried 
into  contact  with  the  airframe  by  the  relative  wind. 

Examples  of  the  first  case  are  the  XM157  and 
XM159  Rocket  Pods.  When  empty,  they  resemble  a set 
of  crude  annular  wings.  Therefore,  they  may  generate 
sufficient  lift  to  reduce  markedly  their  separation  rate 
after  jettison.  Furthermore,  they  seldom  are  stable  in 
pilch  and  yaw;  usually  they  begin  tumbling  after  re- 
lease, and  they  may  strike  the  airframe  several  times 
before  positive  separation  is  attained.  Therefore,  if 
there  is  a requirement  to  jettison  stores  at  moderate  to 
high  airspeeds,  it  probably  will  be  necessary  to  use 
forced  ejection.  Presently  available  analytical  determi- 
nations of  the  forces  acting  upon  these  types  of  store  are 
inexact.  The  effect  of  Reynolds  number,  interference 
effects,  rotor-downwash  influence,  the  necessity  to  con- 
sider sideslip  conditions,  and  the  lack  of  prior  knowl- 


edge of  all  store  configurations  that  possibly  will  be 
used  makes  it  difficult  to  predict  the  forces  resulting 
from  airloads  even  with  the  use  of  wind  tunnel  data. 

A requirement  to  dispense  liquid  or  lightweight 
material  introduces  additional  design  considerations. 
The  path  of  the  dispensed  material  will  be  nearly  coin- 
cident with  the  relative  wind  about  the  fuselage,  and 
because  it  may  be  necessary  to  keep  the  material  away 
from  the  airframe  and  tail  rotor  because  of  toxicity  or 
corrosiveness,  the  dispensing  store  must  be  positioned 
so  as  to  preclude  or  minimize  the  possibility  of  such 
contact.  While  avoidance  of  contact  throughout  the 
complete  flight  envelope  may  not  be  possible,  the  de- 
signer must  make  every  effort  to  provide  adequate 
clearance  throughout  the  jettison  envelope.  When  such 
an  envelope  has  been  established,  its  limits  must  be 
provided  to  the  pilot  to  assure  that  the  helicopter  is 
operating  within  the  envelope  at  the  time  of  jettison. 

6-3.5.4  Forced  Jettisons 

Based  upon  reliability  data  for  specific  armament 
subsystems,  consideration  must  be  given  to  a rocket 
hang  fire.  The  pilot  must  be  given  the  data  necessary 
to  permit  him  to  maintain  control,  or  to  retain  control, 
following  such  a mishap. 

Control  can  be  upset  by  the  effects  of  a forced  jettison 
of  an  external  store.  In  addition  to  the  initial  disturb- 
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ance  created  by  the  recoil  forces,  the  changes  in  heli- 
copter weight  and  CG  may  require  control  responses 
about  more  than  one  axis.  For  some  flight  conditions, 
the  changes  in  aerodynamic  forces  and  moments 
brought  about  by  the  release  of  the  store  also  may  be 
significant,  it  i . reasonable  to  assume  that  if  any  of 
these  effects  is  objectionable  by  itself,  the  combined 
effects  will  be  even  more  objectionable.  For  example, 
any  recoil  force  resulting  in  an  angular  acceleration 
greater  than  some  threshold  tolerance  level  will  be 
unacceptable  regardless  of  the  change  in  weight,  bal- 
ance, and/or  aerodynamic  force  or  moment  that  ac- 
companies the  ejection.  Likewise,  the  jettisoning  of 
stores  must  not  result  in  a combination  of  weight  and 
CG  that  falls  outside  the  allowable  flight  envelope. 
Consequently,  each  of  these  effects  should  be  evaluated 
separately  to  determine  the  allowable  limits  under  con- 
ditions that  otherwise  are  optimal. 

In  evaluating  the  combined  effects  of  the  disturb- 
ances associated  with  a forced  jettison  of  store , the 
most  adverse  conditions  to  be  considered  are  those  that 
require  all  of  the  corrective  control  displacement  to  be 
in  the  same  direction.  For  example,  a store  mounted  on 
the  left  wing  tip  may  exhibit  an  aerodynamic  download 
and  the  jettison  impulse  will  cause  the  aircraft  to  expe- 
rience a step  roll-rate  change  (jettison  i mpulse  effect) 
accompanied  by  a roll  acceleration  (balance  and  aero- 
dynamic effect)  in  the  same  direction.  At  the  same 
time,  there  may  be  a considerable  yaw  moment  from 
the  change  in  drag.  The  combined  effect  might  prove 
to  be  totally  unacceptable,  even  though  a gravity  drop 
of  the  same  store  might  be  routine.  For  roll  and  yaw, 
this  condition  can  occur  only  for  asymmetric  jettisons. 
For  pitch,  however,  it  also  can  occur  during  a symmet- 
rical jettison  if  there  is  a longitudinal  shift  in  the  CG 
or  a change  in  the  aerodynamic  pitching  moment. 

Because  so  many  factors,  including  flight  conditions, 
affect  the  ultimate  helicopter  reaction,  it  is  difficult  to 
predict  how  acceptable  a particular  jettison  will  be  to 
the  pilot  when  his  aircraft  is  in  an  unusual  attitude. 

6-3.5. 5 Effects  of  External  Stores  on  Static 
and  Dynamic  Stability  (Laterally 
Symmetrical  Loadings) 

The  effects  of  external  stores  upon  longitudinal  and 
lateral-directional  stability  and  control  characteristics 
usually  are  small.  The  changes  that  have  been  mea- 
sured can  be  attributed  to  changes  in  the  moment  of 
inertia  of  the  helicopter  about  a particular  axis,  to  in- 
creased drag  and  lift,  or  to  the  accuracy  with  which 
these  parameters  and  characteristics  can  be  measured 
in  engineering  flight  tests.  The  same  is  true  of  control- 


response  characteristics.  The  primary  concern  is  con- 
trol positions  in  stabilized  flight.  If  sufficient  aerody- 
namic drag  is  added  below  the  helicopter  CG,  unstable 
control  position  gradients  will  result.  This  condition, 
which  is  true  particularly  of  sling-load  operation,  may 
result  in  the  definition  of  a limiting  airspeed  for  a given 
loading  condition.  Generally,  it  is  desirable  to  locate 
external  stores  near  the  CG  of  the  helicopter  and  the 
aerodynamic  center  of  the  fuselage. 

6-3.5.6  Effects  of  External  Stores 
(Asymmetrical  Loadings) 

Special  consideration  must  be  given  to  asymmetric 
loadings  of  stores.  Store  loadings  may  be  asymmetric 
by  intent — a single  rocket  pod  mounted  on  the  right 
wing — or  by  mischance,  as  when  simultaneous  jettison- 
ing of  symmetrically  installed  pods  is  attempted  and 
one  fails  to  separate.  All  of  the  appropriate  handling- 
qualities  criteria  of  MIL-H-8501,  e.g.,  for  failure  of 
stability  augmentation  systems,  entry  into  autorota- 
tion, sideward  and  rearward  flight,  and  control  mar- 
gins in  stabilized  flight,  must  be  met  for  all  critical 
asymmetrical  loadings.  Typical  control  position  re- 
quirements are  illustrated  in  Fig.  6-33. 

Under  normal,  symmetrical  store-loading  condi- 
tions, control  margins  are  adequate  for  normal  ma- 
neuvers and  emergencies.  With  asymmetrical  loading, 
however,  the  control  margins  may  be  sufficient  for  hov- 
ering flight,  but  rapidly  may  approach  the  displace- 
ment limits  in  forward  flight.  Therefore,  they  may  be 
inadequate  for  maneuvers  and  emergencies.  The  de- 
signer must  have  information  about  control-trim  posi- 
tion comparable  to  that  shown  in  Fig.  6-33  in  order  to 
establish  flight  envelopes  for  asymmetrical  loadings 
based  upon  acceptable  control  margins.  Furthermore, 
it  is  clear  that  the  designer  cannot  merely  analyze  the 
hovering  case  and  then  assume  that  all  forward  flight 
conditions  can  be  accomplished  safely. 

6-3.5.7  Effects  of  Weapon  Recoil 

Although  not  all  aircraft  weapons  are  external 
stores,  many  are  detachable  and  can  be  exchanged  for 
other  weapons;  in  this  sense  they  have  the  characteris- 
tics of  external  stores. 

Weapon  recoil  can  affect  helicopter  flight  path  and 
airspeed,  and,  therefore,  firing  accuracy  as  well.  De- 
pending upon  the  type  of  weapon,  these  adverse  effects 
manifest  themselves  in  one  or  more  of  the  following 
ways: 

1 . They  produce  forces  that  must  be  counteracted. 

2.  They  produce  an  angular  acceleration  about  one 
or  more  axes. 
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Fig.  6-33.  Typical  Cyclic  Stick  Plot 
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3.  They  can  be  a source  of  dynamic  instability. 

4.  They  can  move  the  helicopter  away  from  some 
reference  path,  as  in  a low-speed  firing  situation. 

5.  They  can  cause  excessive  vibration. 

In  addition  to  the  direct  effects  of  weapon  recoil,  in 
the  form  of  the  forces  and  moments  applied  to  the 
airframe,  consideration  also  must  be  given  to  seconds*  y 
effects.  For  example,  the  exhaust  Vom  rockets  being 
launched  may  impinge  upon,  or  pass  very  close  to,  a 
horizontal  stabilizer,  and  the  resulting  change  in  local 
angle  of  attack  may  result  in  a change  of  pitching  mo- 
ment sufficient  to  affect  the  helicopter  flight  path. 

6-3.5. 7.1  High-rate-of-fire  Weapons 

The  most  important  weapon  recoil  parameters  are 
the  impulse  per  round  and  the  rate  of  fire.  For  high- 
rate-of-fire  weapons — such  as  machine  guns  that  are 
capable  of  continuous  firing— the  average  force  can  be 
expressed  as  the  product  of  the  impulse  per  round  and 
the  rate  of  fire.  The  moment  produced  by  firing  is 


dependent  upon  the  weapon  location,  the  direction  of 
fire,  and  the  recoil  parameters. 

The  designer  must  establish  that  control  of  the  air- 
craft can  be  maintained  when  the  weapon  is  fired  con- 
tinuously. Control  power  about  all  axes  must  be  ade- 
quate during  every  flight  and  firing  condition  in  which 
the  weapon  might  be  used.  For  helicopters,  the  condi- 
tions that  must  be  examined  most  closely  are  longitudi- 
nal-control margins  in  high-speed  flight  and  direction- 
al-control margins  under  high-power  conditions.  Even 
when  the  margin  is  adequate  (as  it  usually  is  in  roll), 
recoil  forces  are  objectionab{$  if  excessive  control  mo- 
tions are  necessary  to  compensate  and  to  maintain  atti- 
tude. 

6-3.5. 7. 2 Medium-  and  Low-rate-of-fire 
Weapons 

Helicopter  dynamic  stability  can  be  influenced  by 
any  weapon  that  has  a firing  rate  near  a natural  fre- 
quency of  the  flight  mode.  Generally,  this  considera- 
tion is  important  only  at  high  speeds,  where  the  natural 
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frequencies  are  high  and  the  dynamic  stability  is 
characterized  by  low  damping. 


6-3. 5. 7. 3 High-impulse,  Single-shot  'Weapons 


Any  weapon  characterized  by  a large  impulse-per- 
round  is  likely  to  be  a single-shot  type.  The  angular  rate 
change  about  any  axis  is  a function  of  the  impulse,  the 
weapon  location,  and  the  direction  of  aim.  The  peak 
angular  rate  change  that  can  be  tolerated  may  vary 
with  speed  or  with  tactical  requirements,  but  usually 
becomes  unacceptable  when  it  exceeds  15  deg/sec.  In 
most  instances,  the  moments  created  by  firing  are  more 
critical  than  are  the  forces.  By  restricting  the  location 
and  the  direction  of  fire  of  the  weapon,  larger  recoils 
can  be  tolerated. 


6-3.5. 8 Sling  Loads 


The  increasing  use  of  helicopters  for  externa!  (sling) 
load  operations  requires  that  consideration  be  given  to 
the  effects  of  such  operations.  However,  there  are  so 
many  variables  that  a generalized  analysis  is  difficult  to 
achieve.  For  example,  for  a fixed  sling  length,  the  pen- 
dular natural  frequency  is  constant,  yet  the  effect  of  an 
oscillating  load  will  be  dependent  upon  the  mass  of  the 
load  relative  to  the  mass  of  the  helicopter.  In  forward 
flight,  the  equilibrium  osition  of  a sling  load  is  de- 
pendent upon  both  the  mass  of  the  load  and  its  aerody- 
namic characteristics;  therefore,  both  size  and  shape  of 
the  load  are  significant. 

Coupling  between  airframe  dynamics  and  sling  load 
oscillations  has  been  encountered  in  a number  of  cases. 
In  addition  to  pendular  oscillation,  vertical  oscillation 
has  proven  significant.  The  helicopter  and  the  sus- 
pended load  constitute  a two-mass  dynamic  system, 
with  the  suspension  system  acting  as  a spring  between 
the  masses.  The  spring  rate  of  a given  cable  is  propor- 
tional directly  to  its  length.  Under  certain  circum- 
stances a resonance  can  occur  between  the  sling  system 
and  harmonic  forces  from  the  rotor.  The  helicopter 
may  act  as  a rigid  body  or  it  may  respond  in  its  lowest 
frequency  bending  mode. 

System  parameters  that  result  in  natural  frequencies 
approaching  resonance  with  possible  excitations  must 
be  avoided  because  the  resultant  response  readily  can 
become  so  severe  that  separation  of  the  load  is  neces- 
sary for  the  safety  of  the  helicopter.  Pilot-induced  oscil- 
lations must  be  considered  as  potential  excitations. 

By  using  multiple  suspension  points,  the  dynamic 
characteristics  of  the  slung  load  usually  can  be  modi- 
fied sufficiently  to  avoid  significant  coupling  with  the 
dynamics  of  the  helicopter. 
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6-3.6  CONTROL  SYSTEMS 


6-3.6. 1 


Control  Feel 


6-3.6.1.1 


Force  Feel 


Forces  at  the  primary  cockpit  controls  should  be 
such  as  to  provide  the  pilot  with  proper  force  cues  in 
any  operational  flight  condition,  e.g.,  a pull  force  on  the 
longitudinal  control  results  in  a deceleration  or  in  rais- 
ing the  nose,  right  sideward  force  on  the  control  stick 
generates  a right  roll,  push  force  on  the  right  pedal 
results  in  a right  yaw.  Because  control  forces  are  funda- 
mental to  the  ability  to  handle  a given  situation,  a pilot 
must  not  be  required  to  interpret  control  forces  in  order 
to  apply  the  correct  control  inputs.  There  should  be  no 
objectionable  changes  in  control  force  gradients  (force 
per  unit  control  displacement)  under  normal  operating 
conditions,  including  autorotation.  However,  this  does 
not  rule  out  the  possibility  of  reversals  in  control  posi- 
tion gradients,  although  it  would  be  desirable  to  mini- 
mize such  reversals. 

The  stated  requirements  apply  to  all  control  arrange- 
ments including  reversible  mechanical  and  power- 
boosted  system  and  fully  powered  irreversible  controls. 
For  boosted  or  powered  irreversible  systems,  or  in  any 
scheme  that  prevents  the  cockpit  controls  from  react- 
ing to  control  surface  loads,  alternate  means  must  be 
provided  for  producing  suitable  force  feel.  Devices  such 
as  springs,  bungees,  bobweights,  and  servos  usually  are 
acceptable  for  generating  pilot  force  cues.  An  example 
of  such  an  application  is  depicted  schematically  in  Fig. 
6-34,  showing  a typical  irreversible  and  fully  powered 
control  system.  The  stick-centering  and  force  gradient 
portions  of  the  longitudinal  cockpit  control  are  shown. 
Link  A is  connected  to  the  power  train,  which  produces 
longitudinal  cyclic  pitch  inputs,  and  a minimal  friction 
force  is  required  to  move  link  A.  Note  that  the  control 
input  must  react  against  a spring  force  proportional  to 
displacement  at  B.  With  this  arrangement,  pull  forces 
are  required  for  aft  stick  motion  and  push  forces  are 
needed  for  forward  stick  motion.  Should  the  pilot 
desire  to  maintain  the  stick  at  a position  other  than  the 
neutral  one  shown  here,  he  can  do  so  by  pressing  a trim 
button  on  the  control  stick.  Pressing  the  trim  button 
activates  link  C so  that  there  are  no  forces  due  to  the 
spring  at  the  new  slick  position.  The  spring  characteris- 
tic of  this  system  is ’shown  in  Fig.  6-35.  It  should  be 
noted  that  the  system  here  includes  spring  preload, 
which  provides  a minimum  acceptable  "breakout" 
force  and  insures  return  of  the  stick  to  the  reference 
position  when  it  is  displaced. 

"Breakout"  force  is  defined  as  the  minimum  force 
necessary,  when  applied  at  the  cockpit  control,  to  initi- 
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ate  motion  at  the  corresponding  control  surface.  As  an 
example,  the  minimum  longitudinal  control  force 
would  be  the  stick  force  required  to  start  increasing  the 
longitudinal  cyclic  pitch  at  the  main  rotor.  The  break* 
out  force  is  the  most  critical  combination  of  the  effects 
of  such  factors  as  friction,  spring  preload,  detent,  and 
mass  unbalance.  Limits  upon  the  permissible  range  of 
control  breakout  forces  are  given  in  Table  6-6.  Break- 
out forces  are  discussed  further  in  par.  6-3.6. 1.2. 

Use  of  a bobweight  to  provide  stick-force-per-g  is 
quite  common  in  fixed-wing  aircraft  (Fig.  6-34)  but 
seldom  is  found  in  helicopters.  The  purpose  of  the 
spring  K in  the  system  shown  in  Fig.  6-34  is  to  coun- 
teract the  mass  imbalance  of  the  bobweight  in  level 
flight.  In  accelerated  flight  the  bobweight  requires  pull 
forces  to  maintain  upward  vertical  acceleration  and 
push  forces  to  accelerate  vertically  downward. 

Several  specifications  for  maneuvering  force  gradient 
are  shown  in  Fig.  6-36.  The  data  of  Fig.  6-36  illustrate 
the  wide  variance  in  maneuver  criteria  that  can  be  ex- 
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TABLE  6-6  CONTROL  SYSTEM  BREAKOUT 
FORCES  MEASURED  IN  FLIGHT  WITH 
ADJUSTABLE  FRICTION  OFT 


EMERGENCY,  I 
lb  I 


CONTROL 

normal: 

lb 

Min/Max 

PITCH 

0.5/1 .5 

ROLL 

0.5/1 .5 

YAW 

1/7 

COLLECTIVE 

1/3 

FROM  MIL-H-8501 

pected  depending  upon  speed  or  mission.  Data  based 
upon  fixed-wing  studies  (adjusted  to  a normal  load 
factor  of  3.0)  have  been  included  from  Ref.  22  to  indi- 
cate the  trends  that  might  be  expected  if  fixed-wing 
experience  were  to  be  used  as  a guideline  for  helicop- 
ters. The  shaded  area  is  from  a high-speed  helicopter 
program  that  studied  maneiiver  forces  desired  by  pi- 
lots. More  research  will  be  needed  to  identify  the  desir- 
able characteristics  fully  and  finally. 

Early  in  the  design  iteration,  appropriate  design 
specifications  must  be  identified,  either  by  the  contrac- 
tor or  by  the  procuring  activity,  so  that  maneuver  cri- 
teria can  be  established.  Mission,  speed,  or  special  re- 
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Fig.  6-35.  Spring  Feel  System  With  Breakout 


6-55 


' T'F^'^.^ffTT*’ ,y^»:.1Y^JjTTT^n”j*prp’-7  i v y/v  vnr*V'  r 


'■■'  ’-V " ‘J.*?  ti  TVWW-f*^  i7/fn/'TT','i,.,V  vv 


AMCP  706-201 


quirements  may  dictate  the  choice  of  criteria,  as  may 
the  background  experience  and  training  of  pilots. 

Trim  controls  are  auxiliary  cockpit  controls  that  are 
used  by  a pilot  to  improve  his  comfort  and  reduce  his 
workload.  They  can  be  used  to  nullify  control  forces  or 
to  reorient  a primary  flight  control.  Examples  are 
elevator  tabs,  stick-centering  devices,  and  adjustable 
springs  or  bungees.  By  definition,  trim  controls  are 
irreversible  and  must  maintain  their  positions  indefi- 
nitely unless  altered  or  disengaged  by  the  pilot.  Trim 
systems  are  discussed  further  in  par.  6-3.6.3. 

6-3.6. 1.2  Control  Forces 

Control  forces  shall  be  such  that  the  combined 
forces  from  any  source  in  the  control  system  shall  not 
produce  undesirable  handling  characteristics.  Lon- 
gitudinal, lateral,  and  directional  controls  shall  exhibit 
positive  centering  at  any  trim  setting.  Breakout  forces 
and  stick-centering  characteristics  shall  not  produce 
objectionable  flight  characteristics  or  permit  large 
changes  from  trim  conditions  with  controls  free. 

The  emergency  condition  for  which  maximum  ac- 
ceptable breakout  forces  are  given  in  Table  6-6  is  a 
condition  in  which  a control  system  failure  would  pre- 
vail completion  of  the  intended  mission  of  the  helicop- 


ter, but  from  which  a safe  forced  landing  could  be 
made. 

The  need  for  minimum  values  of  control  breakout 
forces  is  not  necessarily  obvious.  It  might  seem  thut  a 
frictionless  control  system  would  be  desirable,  but  this 
is  not  true  for  several  reasons.  For  example,  if  a control 
stick  is  to  remain  in  position  when  released  by  the  pilot, 
there  must  be  some  basic  level  of  friction  to  prevent  the 
mass  unbalance  of  the  stick  and/or  linkages  from  caus- 
ing the  control  to  fall  to  the  side  against  the  centering 
spring,  thereby  introducing  a control  input.  With 
boosted  or  fully  powered  systems,  there  may  be  only  a 
short  mechanical  linkage  with  little  mechanical  friction 
between  a cockpit  control  and  its  power  boost,  and 
additional  friction  will  have  to  be  provided  by  other 
means.  Also,  in  a servo  system  some  friction  generally 
is  desired  at  the  control  stick  to  serve  as  a base  reference 
for  the  actuator  pilot  value. 

Similarly,  excessive  aircraft  vibrations,  or  flight  in 
gusty  air,  dictate  a minimum  level  of  breakout  force.  A 
frictionless  control  system  is  quite  likely  to  result  in 
oversensitive  controls  in  rough  air,  and  the  mere  pres- 
ence of  the  pilot’s  hand  on  the  control  might  introduce 
unwanted  vibratory  inputs.  A minimum  breakout  force 
is  required  so  that  unwanted  body  motion  cannot  feed 
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into  the  control  system.  In  the  same  manner,  maximum 
control  breakout  forces  are  specified  to  insure  that 
excessive  control  forces  do  not  compromise  precision 
maneuvering  or  tracking.  Variations  in  breakout  forces 
with  airspeed  should  be  avoided,  but  are  permissible  up 
to  the  limits  of  Table  6-6.  Collective  breakout  force 
may  be  measured  with  the  adjustable  friction  set. 

Limit  control  forces  are  listed  in  Table  6-7.  These  are 
the  maximum  permissible  forces  allowed  in  changing 
from  any  given  trim  and  power  condition  to  any  other 
trim  and  power  condition  without  retivnming,  and 
they  apply  to  the  entire  normal  operational  flight  enve- 
lope. In  deciding  whether  or  not  power  boost  is  neces- 
sary, the  designer  must  determine  if  the  limit  forces  of 
Table  6-7  will  be  exceeded  in  normal  operations.  If  not, 
the  choice  between  a boosted  and  fully  powered  system 
involves  trade-offs  in  such  factors  as  weight,  reliability, 
and  redundancy. 

When  a boosted  or  fully  powered  system  is  used,  the 
designer  must  consider  the  impact  of  its  failure  upon 
limit  control  forces.  If  a failure  or  malfunction  results 
in  forces  greater  than  those  listed  in  Table  6-7,  a backup 
or  redundant  system  must  be  provided.  The  overall 
control  system  must  permit  a safe  landing  within  the 
levels  of  failure  and  reliability  agreed  to  by  the  contrac- 
tor and  the  procuring  activity. 

Control  force  sensitivity  should  be  within  the  limits 
of  Table  6-8  in  the  absence  of  other  levels  established 
by  the  procuring  activity.  These  limits  apply  particu- 
larly to  boosted  or  fully  powered  control  systems, 
where  the  designer  must  insure  acceptable,  but  not 
oversensitive,  force  feel  for  the  pilot.  Again,  the  most 
common  means  of  constructing  acceptable  control 
force  sensitivity  is  to  use  a spring-centering  system 
(par.  6-3.6. 1. 1).  Collective  controls  should  have  a mini- 
mal force  sensitivity;  i.e.,  the  force  felt  on  a collective 


TABLE  6-7 

LIMIT  CONTROL  FORCES 


CONTROL 

NORMAL," 

lb 

EMERGENCY;2' 

lb 

PITCH 

10 

40 

ROLL 

7 

20 

YAW 

30 

80 

COLLECTIVE 

7 

7 

ll)  BASED  ON  DATA  FROM  USAAMLTR  65-45 
(2)  BASED  ON  DATA  FROM  AGARD  TR  408 


TABLE  6-8 

CONTROL  FORCE  SENSITIVITY 


CONTROL 

SENSITIVITY,* 
Min/Max,  Ib/in. 

PITCH 

0.5/2 .5 

ROLL 

0.5  2.5 

YAW 

5.10 

COLLECTIVE 

MINIMAL 

"BASED  ON  AGARD  TR  408  AND  MIL-  H - 8501 


control  should  vary  as  little  as  possible  with  control 
motion.  Also,  for  any  given  control  and  trim  position, 
design  control  force  sensitivity  for  pitch,  roll,  and  yaw 
controls  shall  not  be  less  than  the  value  equal  to  the 
breakout  force  per  inch  of  control  displacement  (MIL- 
H-8501).  The  intent  here  is  to  prevent  oversensitivity. 
In  the  event  a pilot  was  faced  with  a high  breakout 
force  coupled  with  relatively  low  force  sensitivity,  ac- 
celeration of  the  control  in  the  same  direction  as  the 
control  motion  might  occur,  thus  increasing  pilot  work 
load.  Instead,  after  the  breakout  force  has  been  over- 
come, the  control  system  must  generate  forces  that 
retard  control  motion. 

Pitch,  roll,  and  yaw  controls  also  shall  show  positive 
self-centering  characteristics  when  displaced  from  any 
trim  position.  Absolute  centering,  or  precise  return  to 
the  trim  position,  is  not  necessary,  although  the  control 
should  return  as  nearly  as  possible  to  the  trim  position 
considering  the  breakout  force.  Any  significant 
changes  in  attitude  from  trim  should  be  easily  percepti- 
ble to  the  pilot  in  terms  of  longitudinal  stick  force.  For 
example,  if  a trimmed  aircraft  is  disturbed  by  a gust 
that  forces  the  nose  down,  the  pilot  immediately  should 
feel  a rearward  force  on  the  longitudinal  stick. 

The  engagement  of  any  trim  or  speed  control  device 
(flaps,  dive  brakes,  etc.)  should  not  introduce  changes 
in  the  operating  sense  of  primary  flight  controls,  e.g., 
with  flaps  and  landing  gear  extended  and  the  aircraft 
in  trim,  pull  forces  should  raise  the  nose  and  push 
forces  should  lower  the  nose. 

For  applications  using  a conventional  control  stick, 
breakout  forces  and  stick  force  gradients  must  be  well 
matched  in  order  to  provide  meaningful  thresholds  for 
the  pilot  and  to  allow  a harmonious  relationship  be- 
tween force  and  motion  (par.  6-3.6.2). 
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6*3.6. 1.3  Control  Linkage 

Control  fsee-play  shall  not  be  excessive,  i.e.,  any  lost 
motion  in  a control  train  must  not  result  in  objectiona- 
ble handling  characteristics  or  excessive  pilot  work 
load.  Lost  motion  can  occur  due  to  slop,  deadband, 
hysteresis,  or  control  flexibility.  As  helicopters  get 
larger,  control  frce-pliy  becomes  more  important.  In 
the  control  system  layout  for  the  CH-S3A  depicted  in 
Fig.  6-37,  inputs  from  the  rudder  pedals  must  pass 
about  55  ft  via  cables  or  rods  through  21  bell  cranks  or 
pulleys.  With  such  a long  transmission  of  force,  there 
are  many  possibilities  for  building  up  friction  or  lost 
motion. 

Wherever  possible,  controls  should  make  use  of  rods 
rather  than  cables.  Cable  arrangements  naturally  are 
more  susceptible  to  effects  of  flexibility,  temperature 
changes,  chafing,  etc.  The  designer  must  consider  care- 
fully the  weight  saving  of  a cable  configuration  as  op- 
posed to  the  maintenance  problems  and  the  possible 
requirement  for  an  expensive  cable  tension  device. 


From  a practical  standpoint,  low  cost  and  weight, 
combined  with  high  reliability  end  safety,  are  desired  i 
in  a control  train,  but  not  at  the  expense  of  handling  V 
qualities.  Because  of  the  subjective  nature  of  the  evalua- 
tions it  is  difficult  to  quantify  acceptable  figures  on  lost 
motion.  As  a guide,  Table  6-9  indicates  one  manufac- 
turer’s set  of  design  goals  for  control  free  play.  The 
guidelines  are  for  normal  operation  and  for  ' \e  condi- 
tion following  simple  failure  in  the  aut.  ? flight 
control  system  (AFCS). 

6*3.6.2  Control  Harmony 

Control  harmony  is  required  to  insure  ease  of  control 
in  coordinated  maneuvers.  The  term  means,  basically, 
a harmonious  relationship  of  pitch,  roll,  and  yaw  con- 
trols in  terms  of  displacements,  related  breakout  forces, 
force  gradients,  human  capability,  and  helicopter  re- 
sponse. 

The  final  measure  of  good  control  harmony  is  the 
pilot’s  opinion  of  the  ease  of  controllability.  For  exam- 
ple, a control  system  might  be  rigged  with  three  times 
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Fig.  6-37.  Flight  Control  System  Schematic 
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TABL  E 6-9 

SUGGESTED  LIMITS  ON  FREE-PLAY  OF  CONTROL  SYSTEMS 


LATERAL 

LONGITUDINAL 

COLLECTIVE 

DIRECTIONAL 

CHARACTERISTIC 

N.O.'2' 

A.013’ 

N.O. 

A.0. 

N.O. 

A.0. 

N.O. 

A.0. 

HYSTERESIS,  in. 

0.1 

0.2 

0.2 

0.3 

0.2 

0.3 

0.1 

0.2 

LINEARITY, X 

+1.5 

+3.0 

+1.5 

+3.0 

+3.0 

+5.0 

+3.0 

+5.0 

OVERTRAVEL,  X 

+10 

+5 

+10 

+5 

+10 

+5 

+10 

+5 

DYNAMIC  RESPONSE 

Max  RATE, %/sec 

100 

50 

100 

50 

100 

50 

100 

50 

N.O. 

A.0. 

PHASE-ALL  MODES 

45°  at  3 Hz  (+10%) 

65  at  3 Hz  {+!  .25%) 

50  at  3 Hz  (+10%) 
70  at  3 Hz  (+1.25%) 

25°  at  1 Hz  (+13%) 

30"  at  1 Hz  (+10%) 

45"  at  1 Hz  (+1.25%) 

50  at  1 Hz  (+1.25%) 

NOTES: 

(1)  FORCES  AND  MOTION  TO  BE  MEASURED  AT  CENTER  OF  GRIP 
12)  N.O.  - NORMAL  OPERATION 

. (31  A.O.  - ALTERNATE  OPERATION,  c.e.,  AFCS  SERVO  OFF  |1  FAILURE  ONLVI 


as  much  breakout  force  in  the  lateral  control  as  in  the 
longitudinal.  If  a pilot  has  to  pay  so  much  attention  to 
the  mismatch  in  breakout  forces  that  precision  ma- 
neuvering is  compromised,  the  control  system  is  said  to 
have  poor  harmony.  Likewise,  the  similarity  of  aircraft 
responses  in  pitch  and  roll,  i.e.,  (rad/sec3)/in.,  might  be 
the  measure  of  control  harmony.  As  this  measure  also 
is  quite  subjective,  there  are  very  few  data  to  use  as  a 
design  guide.  MIL-F-8785  specifies  a ratio  of  2:7:1  for 
forces  in  pitch,  yaw,  and  roll  (elevator,  rudder,  and 
ailerons,  respectively)  in  maneuvering  flight  as  a har- 
mony criterion. 

Good  control  harmony  is  important  in  maneuvers 
that  require  small  control  deflections — such  as  preci- 
sion hover,  aerial  refueling,  and  target  tracking.  Design 
efforts  should  be  directed  toward  providing  a linear  or 
smoothly  varying  response  to  control  deflections  and 
forces  for  all  ranges  of  control  inputs.  The  location  and 
displacement  of  the  controls  from  various  seat  loca- 
tions should  be  such  as  to  permit  convenient  and  com- 
fortable control  by  the  pilot.  High  collective  pitch  lever 
and  full  forward  stick  are  common  control  positions 
and  should  be  arranged  conveniently.  Location  of  en- 
gine power  control  levers,  visibility  of  instruments,  and 
external  visibility  also  must  be  considered.  Helicopter 
cockpit  dimensions  are  given  in  MS  33575.  Cockpit 
arrangement  is  discussed  further  in  par.  13-3. 


The  control  system  should  be  configured  so  as  to 
minimize  the  effects  of  undesirable  cross-coupling.  Al- 
though the  flying  qualities  M1L-H-850I  specification 
does  not  include  quantitative  limitations  for  cross-cou- 
pled responses,  e.g.,  roll  response  to  longitudinal  dis- 
placement, or  longitudinal  and  directional  responses  to 
collective  displacement,  noticeable  amounts  of  such  re- 
sponses are  objectionable  and  must  be  avoided.  M1L- 
H-8501  does  stipulate  that,  for  helicopters  employing 
power-boosted  or  power-operated  controls,  there  shall 
be  no  lateral  or  directional  control  forces  developed 
as  a result  of  longitudinal  control  displacement,  and 
there  shall  be  no  longitudinal  forces  developed  in  con- 
junction with  lateral  or  directional  control  displace- 
ments. For  unpowered  controls,  lateral  forces  of  up  to 
20%  and  pedal  forces  of  up  to  75%  of  the  associated 
longitudinal  force  are  acceptable.  Lateral  control  dis- 
placement shall  not  produce  longitudinal  forces  in  ex- 
cess of  40%  or  pedal  forces  in  excess  of  100%  of  the 
associated  lateral  force.  Pedal  displacement  shall  not 
result  in  longitudinal  forces  in  excess  of  8%  or  lateral 
forces  in  excess  of  6%  of  the  associated  pedal  force. 

With  regard  to  coupling,  the  designer  also  must  con- 
sider the  effect  of  rotor  precession  angle.  Because  rotor 
blade  response  lags  the  control  input  by  almost  90  deg 
of  azimuth  for  articulated  rotors,  care  must  be  taken  to 
insure  that  cockpit  control  inputs  generate  correspond- 
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ing  rotor  motions,  e.g.,  that  longitudinal  stick  motion 
yields  longitudinal  tilt  of  the  rotor.  If  the  rotor  incorpo- 
rates 8 , hinge  characteristics,  the  precession  angle  must 
be  shifted  correspondingly;  in  addition,  the  rotor  speed 
control  must  accommodate  the  influence  of  gusts.  It  is 
recommended  that  mechanical  linkages  be  used  wher- 
ever possible  until  the  reliability  of  alternate  means  is 
demonstrated.  In  the  event  of  failure  or  emergency 
conditions,  the  natural  cross-coupling  of  the  helicopter 
at  least  should  permit  completion  of  a safe  landing. 

Special  attention  must  be  given  to  the  coupling  of 
airplane-type  control  surfaces  in  compound  helicop- 
ters. In  most  cases,  hover  maneuver  requirements  have 
resulted  in  helicopter  controls  that  are  very  sensitive  at 
high  forward  speeds.  The  addition  of  fixed  surfaces — 
such  as  vertical  fins  and  horizontal  tailplanes — tends  to 
reduce  the  effects  of  such  control  sensitivity.  But  as  the 
speed  envelope  is  expanded,  and  wings  and  auxiliary 
propulsion  are  used  to  “unload”  the  rotor,  it  is  advanta- 
geous to  use  airplane-type  surfaces  for  control  at  higher 
speeds.  The  designer  then  must  evaluate  maneuver  cri- 
teria and  control  sensitivity  throughout  the  speed  range 
to  establish  a control  integration  schedule.  It  is  conceiv- 
able that  this  schedule  would  dictate  eliminating  cyclic 
pitch  control  to  the  rotor  at  very  high  speeds.  Whatever 
the  schedule,  control  integration  must  be  smooth,  with 
minimal  changes  in  control  sensitivity.  The  integration 
can  be  accomplished  by  any  mechanical,  hydraulic,  or 
electrical  means  for  normal  operation,  but  the  helicop- 
ter must  be  able  to  make  a safe  landing  if  a failure 
occurs. 

6-3.6.3  Trim  Systems 

MIL-H-8501  requires  that  it  shall  be  possible  to  trim 
a helicopter  in  pitch,  roll,  and  sideslip  in  steady  flight 
at  all  airspeeds,  flight  configurations,  and  power  set- 
tings. The  word  “trim"  includes  the  trimming  of  con- 
trol forces  to  zero  as  well  as  the  maintenance  of  atti- 
tude. All  trim  controls  must  be  irreversible  and  must 
maintain  their  positions  indefinitely  unless  altered  by 
the  pilot.  Activation  of  a trim  control  must  not  in- 
troduce undesirable  stick-force  transients  or  control- 
force  reversals.  Trim  controls  should  have  design  limits 
on  rate  of  operation  so  as  to  permit  the  control  to  be 
actuated  as  rapidly  as  possible  without  causing  over- 
sensitivity of  the  primary  controls  in  precision  maneu- 
vers. Rotational  trim  controls  should  be  so  rigged  that 
their  actuation  will  cause  the  aircraft  to  rotate  in  the 
same  direction  as  does  displacement  of  the  primary 
control  being  trimmed. 

All  trim  systems  must  include  a suitable  indicator  to 
show  the  state  of  the  control  to  the  pilot.  This  consider- 


ation is  important  especially  in  boosted  or  fully  pow- 
ered systems  where  stick  forces  do  not  reflect  the  aero- 
dynamic state  of  the  aircraft.  Often,  stick  forces  are 
provided  by  a combination  of  springs,  weights,  and/or 
electromagnetic  dev'ces  and  bear  little  relationship  to 
the  particular  flight  condition  or  trim  control  setting, 
for  example,  consider  the  case  of  a trimmable  horizon- 
tal tail  on  a helicopter.  The  primary  function  of  this 
control  is  to  alter  the  pitch  attitude  of  the  aircraft. 
However,  use  of  tail  position  to  raise  the  nose  at  high 
speed  requires  higher  rotor  flapping  levels.  If  the  pilot 
desired,  he  could  move  the  longitudinal  trim  control,  to 
maintain  a given  airspeed  and  rate  of  climb  (/I/C)while 
flying  at  a more  pleasant  attitude.  However,  it  is  con- 
ceivable that  he  could,  by  this  action,  demand  too  much 
increased  flapping  and  thus  unknowingly  could  exceed 
the  the  design  flapping  limit.  The  designer,  therefore, 
must  provide  the  pilot  with  information  or  warnings 
that  will  allow  safe  operation  of  the  aircraft. 

Trim  controls  range  from  cockpit  wheels,  cranks,  or 
electrical  switches  on  the  primary  controls  to  foot  pedal 
adjusters.  Whatever  their  physical  arrangement,  their 
operation  must  be  simple,  reliable,  and  obvious  to  the 
pilot.  All  trim  controls  should  operate  in  the  same  sense 
throughout  the  flight  regime.  Trim  control  reversals 
during  transition  from  powered  to  autorotative  flight 
must  be  avoided  wherever  possible. 

The  trim  control  should  have  sufficient  range  and 
capability  to  nullify  control  forces  when  flight  modes 
change  from  power-on  to  power-off. 

Consideration  also  should  be  given  to  the  functional 
reliability  of  the  trim  system.  In  the  event  that  the  trim 
system  is  less  reliable  than  the  primary  system,  the 
overall  control  system  must  have  sufficient  authority  to 
override  the  trim  system  so  as  to  permit  accomplish- 
ment of  the  intended  mission. 

6-4  STABILITY  AUGMENTATION 

6-4.1  STABILITY  REQUIREMENTS 

Helicopter  stability  requirements  are  defined  in 
MIL-H-8501.  Specific  requirements  also  are  cited  and 
discussed  in  prior  paragraphs  of  this  chapter.  For  ex- 
ample, the  minimum  acceptable  damping  characteris- 
tics of  oscillations  resulting  from  a single  disturbance 
in  smooth  air  are  tabulated  in  par.  6-2.5. 1,  and  the 
minimum  acceptable  levels  of  damping  about  each  of 
the  three  axes  are  tabulated  in  par.  6-3.1. 

It  is  noted  in  pars.  6-2.4  and  6-3.1,  in  particular,  that 
the  damping  inherently  available  from  a helicopter  ro- 
tor generally  is  inadequate  to  permit  compliance  with 
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the  damping  requirements  given  by  MIL-H-8501. 
Therefore,  compliance  is  possible  only  if  some  sort  of 
stability  augmentation  system  is  employed, 

Satisfactory  stability  characteristics  alone  are  insuffi- 
cient to  provide  acceptable  handling  qualities.  It  also  is 
necessary  that  adequate  control  capability  be  available. 
MIL-H-8501  defines  minimum  acceptable  controllabil- 
ity in  the  form  of  minimum  values  of  angular  displace- 
ment about  each  axis  at  the  end  of  1 sec  following  a 
1-in.  st.  p displacement  from  hovering  trim  and  follow- 
ing a full  displacement  from  trim.  The  values  for  these 
requirements  also  are  tabulated  in  par.  6-3.1.  Separate 
requirements  are  stated  for  VFR  and  IFR  helicopters. 

The  inadequacy  of  MIL-H-8501,  particularly  with 
regard  to  large  helicopters  (par.  6-3.1),  has  been  ac- 
knowledged for  a long  time.  However,  insufficient  data 
are  available  to  permit  amendment  of  its  quantitative 
requirements  with  assurance  that  the  results  will  be  any 
more  satisfactory.  Although  pilot  opinion  ratings  may 
be  valuable,  they  can  provide  no  guidance  to  the  de- 
signer unless  an  existing  helicopter  of  comparable  size 
(in  both  weight  and  inertia)  has  been  evaluated  in  a 
variable-stability  configuration  adequate  to  establish 
meaningful  rating  information.  Flight  simulators  have 
been  employed  to  obtain  comparable  data  but  the  cor- 
relation with  flight  test  data  has  not  yet  been  adequate 
to  permit  the  use  of  such  information  to  define  stand- 
ards for  new  helicopters. 

Another  deficiency  of  MIL-H-8501  is  its  failure  to 
acknowledge  a difference  in  flying  quality  requirements 
for  helicopters  performing  different  types  of  missions. 
The  stability  and  controllability  characteristics  suitable 
for  a cargo  helicopter  (CH),  for  example,  are  not  ac- 
ceptable for  an  attack  helicopter  (AH).  The  AH  class 
must  operate  over  a much  larger  flight  envelope  in  both 
speed  and  load  factor.  And  although  the  AH  is  more 
maiWUVfrable,  it  also  must  be  capable  of  being  con- 
trolled very  precisely  when  its  weapon(s)  have  been 
trained  Upon  a target  and  a firing  run  has  started.  Expe- 
rience with  t t AH  helicopters  is  being  used  as  the 
^“*•5  > the  d lent  of  handling  quality  require- 
ments pertinent  t'r,  .•>  ,ss.  Discussion  of  such  re- 
quirements will  be  .t.ldcd  to  this  handbook  by  amend- 
ment. 

For  Army  helicopters  of  mission  classes  oth'T  than 
AH,  the  stability  requ.:  ments — minimum  acceptable 
damping  of  u:v  oscri  ioon  resulting  from  a single  dis- 
turbance in  stnooi'.  air — given  by  MIL-H-8501  and 
tabulated'in  par.  6-2.5. 1 still  are  considered  valid.  How- 
ever, in  lieu^if  the  specific  requirements  for  control 
sensitivity  and  damping  given  by  the  specification  as 
functions  of  helicopter  weight  and  inertia,  it  is  sug- 
gested that  a minimum  control  power  margin  be  re- 


quired. Thus,  it  should  be  possible  to  achieve  a rate  of 
angulai  displacement  of  1 5 deg/sec  about  each  of  the 
three  axes  within  at  least  1,5  sec  from  any  trimmed 
flight  condition  within  the  helicopter  flight  envelope. 
The  required  trim  conditions  include  climbs  and  de- 
scents, both  powered  and  autorotational.  This  require- 
ment also  replaces  the  MIL-H-8501  control  margin 
requirement,  which  stipulates  that  10%  of  the  maxi- 
mum movement  available  in  hover  be  available  at  the 
limits  of  the  flight  envelope  to  permit  control  of  dis- 
turbances. Specification  of  the  control  margin  in  terms 
of  available  rate  response  thus  includes  consideration  of 
both  damping  and  control  characteristics  in  forward 
flight,  while  the  MIL-H-8501  requirements  are  based 
only  upon  hovering  values.  The  control  response  re- 
quirements of  MIL-H-8501,  a minimum  time  lag  of0.2 
sec  for  development  of  an  angular  acceleration  in  the. 
proper  direction  about  each  of  the  three  axes,  are  appli- 
cable to  Army  helicopters  of  all  mission  classes.  The 
requirement  that  the  time  histories  of  normal  accelera- 
tion and  angular  velocity  in  pitch  become  concave 
downward  within  2 sec  following  a sudden  rearward 
displacement  of  the  longitudinal  control  from  trim  also 
is  applicable.  Preferably,  the  time  history  of  normal 
acceleration  should  be  concave  downward  from  the 
initiation  of  the  maneuver,  and  the  time  history  of  pitch 
rate  should  be  concave  downward  from  0.2  sec  follow- 
ing the  control  displacement  to  the  attainment  of  maxi- 
mum rate  of  pitch. 

Experience  with  existing  helicopters  indicates  that 
satisfactory  handling  qualities — using  either  pilot  opin- 
ion ratings  or  specific  quantitative  requirements  as  the 
basis  for  evaluation  and  judgment — can  be  achieved 
with  mission  classes  other  than  observation  helicopters 
(OH)  only  through  the  employment  of  artificial  stabil- 
ity devices.  Helicopters  of  the  OH  class  that  do  not 
include  stability  augmentation  equipment  have  been 
qualified  as  airworthy,  indicating  that  their  handling 
characteristics  are  acceptable.  Although  incorporation 
of  stability  augmentation  equipment  results  in  im- 
proved handling  qualities  even  in  this  class,  such  a 
system  has  not  been  considered  cost-effective  for  this 
class  of  helicopter.  For  new  utility  (UH)  and  CH  class 
helicopters,  artificial  stabilization  equipment  shall  be 
required.  For  new  OH  helicopters,  the  use  of  such 
equipment  shall  be  based  upon  effectiveness  trade-ofTs, 
unless  otherwise  specified  by  the  procuring  activity. 

Par.  6-4.2.2  discusses  the  characteristics  of  stability 
augmentation  systems  necessary  to  provide  given  heli- 
copter handling  qualities.  Subsequent  paragraphs  dis- 
cuss the  requirements  pertinent  to  failure  of  stability 
augmentation  equipment  and  the  evolution  from  such 
devices  to  automatic  flight  control  systems. 
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6-4.2 


STABILITY  AUGMENTATION  SYSTEMS 
(SAS) 


6-62 


6-4.2. 1 


Pitch  Control 


In  this  brief  introduction  to  stability  augmentation 
systems,  a few  selected  problems  are  treated  in  simpli- 
fied form.  The  mathematical  description  assumes  only 
smalt  perturbations  from  trim  so  that  linear  equations 
are  applicable.  Only  longitudinal  motions  are  consid- 
ered, and  they  are  assumed  to  be  uncoupled  from  later- 
al-directional motions.  Pilot  acceptability  is  dependent 
primarily  upon  the  characteristics  of  the  short-period 
modes,  although  some  attention  also  must  be  paid  to 
avoidance  of  diverging  tong-period  modes.  The  short- 
period  pitching  mode  is  treated  by  assuming  constant 
flight  speed.  It  is  shown  when  and  why  augmentation 
systems  are  required  for  satisfying  the  minimum  han- 
dling quality  requirements  of  MIL-H-8501.  Simplified 
equations  are  given  for  the  design  of  augmentation  sys- 
tems to  comply  with  short-period  requirements.  The 
effects  of  augmentation  systems  upon  the  long-period 
mode  are  discussed  qualitative!’'. 

A simplified  analysis  also  is  given  for  gust  alleviation 
systems,  for  which  only  prototype  experience  currently 
is  available.  Helicopters  with  hinged  blades,  even  with 
unaugmented  controls,  have  a lower  gust  sensitivity 
than  do  fixed-wing  aircraft.  However,  the  potential  of 
augmentation  systems  for  providing  further  substantial 
decreases  in  gust  responses  of  helicopters  has  not  been 
realized  fully  as  yet.  Because  the  lowest  blade  natural 
frequency  is  an  order  of  magnitude  higher  than  the 
highest  aircraft  pitching  frequency,  a feedback  system 
operating  on  the  rotor  blades  has  a time  constant  an 
order  of  magnitude  shorter  than  a system  operating  on 
an  airplane  elevator  or  ailerons.  Helicopter  augmenta- 
tion systems  sensing  rotor  lift,  or  rotor  pitching  and 
rolling  moments,  and  applying  inputs  to  collective  and 
cyclic  controls,  can  be  made  to  compensate  for  atmos- 
pheric gusts  almost  instantaneously.  Gust  alleviating 
augmentation  systems  are  desirable  for  hinged-blade 
helicopters,  and  they  are  believed  to  be  indispensable 
for  hingeless  rotors  operating  at  high  advance  ratios 
because  of  the  excessive  gust  sensitivity  and  pitch-up 
tendency  of  these  rotors. 

The  effects  of  augmentation  systems  upon  dynamic 
instabilities  also  are  discussed.  This  is  a complex  field 
requiring  more  research,  particularly  with  respect  to 
hingeless  rotors. 

The  basic  helicopter  equations  and  the  simplifica- 
tions used  here  are  derived  from  Ref.  1.  The  notation 
also  is  taken  from  Ref.  1 wherever  possible. 


The  change  in  pitch  attitude  Ad  from  trimmed  level 
flight  with  constant  flight  speed  is  equal  to  the  change 
in  angle  of  attack  from  trim  Aa  and,  using  Laplace 
transform  notation,  the  pitching  equation  of  motion  is 


(sa-Mis-Ma)A6^Ms  AS 


IX 


(6-119) 


M. 


where 

Afj  = pitch  damping  derivative, 

( dM/3  9 )/Iy , negative  for 
damped  motion,  sec'1 
= static  stability  derivative, 

( 3Af/da)//v,  negative  for 
stable  behavior,  sec' 2 
= control  power,  ( dA#/36J//y, 
sec'Vin. 

The  derivative  Afj , representing  the  effect  of  rate  of 
change  of  lift  upon  pitching  moment,  has  been  neg- 
lected in  accordance  with  the  assumed  approximate 
independence  of  pitching  and  vertical  motions.  The 
characteristic  equation  of  this  second  order  dynamic 
system  is  of  the  form 


S*  + 2fWJ  + CJ2  as  0 


(6-120) 


where 

£ = damping  ratio,  dimensionless 
to  = frequency,  rad/sec 

By  comparing  Eqs.  6-119  and  6-120,  it  is  seen  that  the 
natural  frequency  oo  for  zero  damping  and  damping 
ratio  £,  tat,  respectively. 


w = (-Af  )1/:.  S = -AfJ(2u>)  (6-121) 


From  Eq.  6-119  the  pitch  attitude  transfer  function  is 
expressed  as 


Ad 


AS 


sx  s2  + 2fw  s + u>2 


(6-122) 


and  therefore  the  response  AO  to  a unit  control  step 
input  A 8„  = 1/s  is  expressed  as 


M . 


AB  = 


sis2  + 2 feus  + u1 ) 


(6-123) 


/-JTI *7JT  Tn^ir^r^x^jrr 
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The  asymptotic  response  per  unit  control  input  for  the 
time  / approaching  infinity  is,  by  definition, 

di 9(tY  = [sA?(s)l  = Affi  /wJ  (6-124) 

IX 


Inverse  Laplace  transformation  of  Eq.  6-123  into  the 
time  domain  results  in  the  time  functions  for 
A 9/M%  shown  in  Fig.  6-38.  Here  the  time  is  measured 
in  periods  of  the  undamped  natural  frequency  lir/tn.  A 
desirable  response  is  obtained  for  a damping  ratio  of 
£ — 0.7.  The  response  for  £ = 0.3  is  undesirable  be- 
cause of  the  overshoot  and  the  subsequent  oscillatory 
motion;  the  response  for  £ = 2.0  is  undesirable  be- 
cause of  its  sluggishness.  For  airplanes,  the  damping 
ratio  £ is  proportional  to  air  density  over  wing-loading 
[e/(  w/s)] 1 '?  While  light  airplanes  flying  at  low  altitudes 
easily  can  be  designed  with  optimum  damping  ratios 
and  thereby  can  achieve  the  desirable  control  responses 
of  the  middle  curve  in  Fig.  6-38,  high-wing-loading 
airplanes  flying  at  high  altitudes  have  very  low  damp- 
ing ratios  and  need  artificial  pitch  damping  to  achieve 
acceptable  control  response.  MIL-F-8785  specifies  for 
category  A (precision  maneuvering)  and  category  C 
(takeoff  and  landing)  flight  phases  values  of  £ between 
0.35  and  1.30. 

Comparable  specifications  do  not  exist  for  helicop- 
ters, although  similar  values  for  £ could  be  obtained 
with  suitable  augmentation  systems.  In  fact,  for  heli- 
copters, it  is  not  even  required  that  the  asymptotic 
control  response  be  a finite  pitching  angle  Ad.  The 
reason  is  that,  for  helicopters  without  stability  augmen- 
tation, the  static  stability  derivative  Afa  is,  in  the  low- 


o,t/(?r) 


Fig.  6-38.  Pitch  Responses  to  Unit  Step  Control 
Input 


flight-speed  regime,  quite  small  and  often  positive,  in- 
dicating slight  static  instability.  Therefore,  for 
unaugmented  helicopters  operating  at  low  flight 
speeds,  Eq.  6-122  for  the  pitch  response  transfer  func- 
tion therefore,  can  be  approximated  by 


Ad 


Mc 


AS 


iX  s2  + s/t. 


(6-125) 


where  the  pitch  time  constant  is  given  by 

r#  =-  1/Mj  .sec  (6-126) 


Eq.  6-123  for  the  response  Ad  to  a unit  control  step 
input  A6W  — 1/s  now  becomes 


s(s2  +s/rg) 


(6-127) 


and  Eq.  6-124  for  the  asymptotic  response  at  time  t 
approaching  infinity  becomes 

m)^m  = « (6-128) 


meaning  that  the  response  would  grow  indefinitely  if 
the  control  input  from  trim  were  held. 

Inserting  Ad  = A$/s  into  Eq.  6-125  gives  the 
transfer  function  for  the  pitch  rate  Ad  : 

Ad /AS  = — rvr~  (6-129) 

« J+l  /Te 


The  pitch  rate  response  Ad  to  a unit  control  step 
input  ASU  = 1/s  is 


IX 

s(s  + !/t9) 


(6-130) 


And  the  asymptotic  pitch  rate  at  time  t approaching 
infinity  is 


m)=Mt  r9  (6-131) 

IX 
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Fit*  6>9f.  Pitch  ai  Pitch-rate  Regwue  to  Ualt 
Step  Coatrol  Iapat  for  Aerostatic  Stability 


j 

I 

I 


The  pitch  acceleration  aIF  due  to  unit  control  step  input 
A6„  is  given  by 


M. 


AS  = 


sx 


5 + 1/7. 


(6-132) 


Performing  the  inverse  Laplace  transformation  of  Eqs. 
6-127,  6-130,  and  6-132  into  the  time  domain  gives, 
respectively. 


exp(-r/ra)  + (r/T9)~  1 


(6-133) 


AS 

wO 


1 - exp  (-t/rg) 


(6-134) 


UiJ  I 

~M.  ='*P(~t/r9)  . 

O 


(6-135) 


Eqs.  6-133  and  6-134  are  represented  in  Fig.  6-39.  For 
t = rr  a value  of  63.2%  of  the  asymptotic  pitch  rate 
is  reached.  The  initial  pitch  acceleration  for  / = 0 is, 
according  to  Eq.  6-135 

(6-136) 

S3 


MIL-H-8501  specifies  that  helicopters  should  have  for 
visual  flight  a pitch  time  constant  (Eq.  6-126)  of  not 
greater  than  //  V 8 sec,  and  for  instrument  flight  of  not 
greater  than  //V 15  sec.  For  example,  a helicopter  of 
= 10,000  lb  and  rt  — 2ft  should  have  for  visual 
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flight  a pitch  time  constant  t,  < 1.17  sec,  and  for 
instrument  flight  r,  < 0.62  sec.  The  time  constant  of 
a helicopter  with  centrally  hinged  blades  is  approxi- 
mately 


r#  = ftyr£/(ffr)  ,sec  (6-137) 


where 

g — acceleration  due  to  gravity, 
ft/sec2 

h = height  of  rotor  hub  above  CG, 
ft 

rt  = pitching  radius  of  gyration  of 
helicopter,  ft 

y = blade  Lock  number, 
dimensionless 

ft  = rotor  angular  velocity,  rad/sec 
Using  typical  values  of  rotor  angular  velocity  11  = 30 
rad/sec,  blade  Lock  number  y = 8.  pitching  radius  of 
gyration  rt  = 2 ft,  and  rotor  hub  height  h above  heli- 
copter CG  = 8 ft,  one  obtains  r„  = 3.7  sec,  which  is 
significantly  longer  than  the  specified  maximum  of  1 . 1 7 
sec.  Hinge  offset  can  reduce  the  time  constant  consider- 
ably. Blade  tip  weights,  by  lowering  y,  can  reduce 
t0  further;  however,  an  augmentation  system  providing 
artificial  damping  often  is  called  for. 

After  selecting  the  time  constant  r#,  the  appropriate 
control  power  Mtu  must  be  provided.  MIL-H-8501 
specifies  that,  in  hover  one  second  after  application  of 
a unit  (Lin.)  step  control  input  from  trim,  the  pitch 
angle  A0  in  degrees  must  be  at  least 


AS  > 


A 

\/W  + 1000 


, deg 


(6-138) 


where  for  visual  flight  the  feedback  constant  A = 45 
and  for  instrument  flight  A = 73.  For  Wg  = 10,000 
lb^and  A = 45,  one  obtains  from  Eq.  6-138 
A0  £2.04  deg.  Eq.  6-133,  for  t — 1 and  re  = 1.17  sec 
gives  Afiu  >5.3  deg/sec2. 

For  full  stick  motion  from  trim  in  hovering,  the  ini- 
tial pitch  acceleration  and  the  final  pitch  rate  should  be 
four  times  the  values  for  1 in.  of  stick  deflection  in  order 
to  comply  with  the  MIL-H-8501  requirement  that  the 
pitch  angle  1 sec  after  input  of  all  available  control  be 
four  times  the  value  given  by  Eq.  6-138. 

A feedback  loop  as  used  for  augmentation  systems  is 
shown  schematically  in  Fig.  6-40.  The  feedback  signal 
's  subtracted  from  the  control  input  signal,  yielding  a 
ised  loop  transfer  function  ' 
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m+mS) 


(6-139) 


where 

6(j)  = system  transfer  function 
H(s)  = feedback  transfer  function 
K = feedback  gain,  in.- sec 
Mechanical  augmentation  systems,  such  as  the  Bell 
stabilizer  bar  and  the  Hiller  control  rotor,  provide  an- 
gular velocity  damping  in  pitch  and  roll  with  a first- 
order  dynamic  lag.  The  feedback  transfer  function 
H{s)  for  such  systems  then  is 

w -d  - tmitv  <*-140> 


where 

Kx  = integral  feedback  gain , in. 
s = Laplace  operator,  sec  • 

= feedback  input  subtracting  from 
control  input  SM,  in. 
rF  = feedback  time  constant,  sec 
For  these  devices  the  feedback  time  constant  tf  is  very 
small,  only  a fraction  of  the  period  of  rotor  rotation,  so 
that  in  Eq.  6-140  s can  be  neglected  compared  with 
1/t>  For  the  long-period  mode,  s has  a small  stabiliz- 
ing effect.  Taking  now  the  feedback  transfer  function  as 


The  augmentation  system  has  reduced  the  time  con- 
stant from  t#  to 


T*  1 + t.KM, 


2ix 


(6-143) 


The  responses  shown  in  Fig.  6-39  still  are  applicable  if 
r#  is  replaced  by  t*.  Eq.  6-140  also  describes  the  effect 
of  a rate  gyro  with  lagged  signal  in  the  loop.  If  the  time 
constant  of  the  rate  gyro  is  small  compared  to  the 
period  of  rotor  rotation,  Eq.  6-143  again  will  be  a good 
approximation. 

The  combination  of  a rate  and  an  attitude  gyro  (ig- 
noring lag)  results,  instead  of  Eq.  6-141,  in  the  feedback 
transfer  function 

A6 

-JJ  * *(  1 +*/*)  (6-144) 


where 

A = feedback  constant,  sec'1 
The  closed  loop  transfer  function  of  the  pitch  attitude 
AS  in  this  case  is 


M. 

Ad  1 


s*  + (s/r. ) + M.  KA 

IX 


(6-145) 


~aF  = Vf  = * 


(6-141) 


and  the  aircraft  transfer  function  from  Eq.  6-129,  one 
obtains  with  Eq.  6-139  the  closed  loop  transfer  function 


AL 

A 0 _ sSx 

ABjx  s + l/rB  + KM& 


(6-142) 
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Fig.  6-40.  Augmefltor  Loop 


which  is  of  the  same  form  as  Eq.  6-123.  Responses  to 
unit  step  control  inputs  AS„  = 1/5  now  have  the  form 
-hown  in  Fig.  6-38  (same  as  for  airplanes),  and  any 
desired  values  of  a>  and  { as  defined  in  Eq.  6-120  can 
be  obtained  by  selection  of  appropriate  values  of  K and 
A in  Eq.  6-144.  The  asymptotic  response  to  a step  con- 
trol input  from  trim  is  now  a pitch  attitude  angle  rather 
than  a pitch  rate  as  before. 

6-4.2.2  Normal  Acceleration  Control 

In  order  to  discuss  the  effects  of  augmentation  sys- 
tems on  normal  acceleration  control  through  longitudi- 
nal cyclic  pitch,  the  simplest  possible  representation 
again  is  used.  Flight  speed  is  constant  and  all  aerody- 
namic derivatives  are  zero  except  for  pitch  damping 
and  vertical  damping.  Further,  the  effect  of  cyclic  pitch 
upon  rotor  lift  is  neglected.  The  motions  of  the  unaug- 
mented helicopter  in  response  to  a pitch  control  input 
A8U  then  are  given  in  body-fixed  reference  axes  by  the 
equations 
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(s  - ZJAw  - U0sM  = 0 (6- ! 46) 

(jJ  - M6s)M  = MSjx  M3X  (6-147) 

where 

U = velocity  along  helicopter 
longitudinal  body  axis,  fps 
w = vertical  velocity,  fps 
Z,  = vertical  damping  derivative, 
sec"1 

subscript  0 = initial  condition 

The  second  term  in  Eq.  6-146  is  an  inertial  term  re- 
quired for  the  description  in  body-fixed  reference  axes 
and  takes  into  account  the  angular  velocity  0 of  the 
linear  velocity  vector  U0.  Eq.  6-147  is  identical  to  Eq. 
6-119  except  for  omission  of  the  static  stability  term 
— M„,  which  is  assumed  to  be  negligible.  The  down- 
ward acceleration  from  trim  Aa.  is 

Aax  - j(Aw  — UqA6)  .ft/sec1  (6-148) 


Inserting  the  values  from  Eqs.  6- 146  and  6- 147  into  Eq. 
6-148  the  transfer  function  for  the  downward  accelera- 
tion becomes 


Aa_ 


AS 


w 


rj.s  + 1/T„Xi+  I/O 


(6-149) 


where 

t„.  = vertical  time  constant  without 
augmentation,  — 1/Z..,sec 

A typical  value  of  the  vertical  time  constant  r.  for  the 
unaugmented  helicopter  is  3 sec.  The  normal  accelera- 
tion response  to  a control  step  input  AS„  = 1/s  will 
be  denoted  by  Aa. : 


■ r„j(s+!/TsXt+I/0 


(6-150) 


The  asymptotic  normal  acceleu  ;on  response  for  the 
time  t approaching  infinity  is  obtained  by 

Aat(/)_  = (sa(*)]^0 

= “%  (6-151) 

sx 

Inverting  Eq.  6-150  into  the  time  domain, 


= i + 


exp  (-//t„) 


exp(-r/rw) 


(6-152) 


v' 

Response  curves  for  tw/t3  — 2,  4,  and  8 are  shown  in 
Fig.  6-41.  It  takes  considerable  time  before  the  final 
normal  acceleration  following  a step  input  of  cyclic 
pitch  control  is  reached.  For  this  reason  the  asymptotic 
response,  Eq.  6-151,  is  not  a very  good  measure  of 
handling  qualities.  Instead,  MIL-H-8501  specifies  that 
the  inflection  point  in  the  vertical  acceleration  response 
(zero  curvature)  should  be  within  2 sec  from  the  con- 
trol step  input.  As  can  be  seen  from  Fig.  6-41,  the 
location  of  the  inflection  point  is  more  or  less  independ- 
ent of  the  value  of  and  can  be  made  to  occur 
earlier  if  the  pitch  time  constant  re  is  reduced.  A pitch 
rate  augmentation  system  according  to  Eq.  6-140  can 
be  used  to  reduce  the  time  constant,  as  shown  by  Eq. 
6-143. 


6-4.2. 3 Long-period  Mode 

While  the  essential  features  of  pitch  and  vertical  ac- 
celeration control  can  be  obtained  by  ignoring  flight 
speed  changes,  the  description  of  the  long-period  mo- 
tion must  include  variations  in  flight  speed.  The  sim- 
plest representation,  approximately  applicable  for  low 
helicopter  speeds,  is  obtained  by  adding  the  velocity 
term  —AfJAU  to  the  left-hand  side  of  Eq.  6-147 


AU  + (s2 -Mas)AB  = M.  A6  (6-153) 

“ u 0 SX 

w 


and  by  adding  the  horizontal  equilibrium  equation 


Fig.  6-41.  Vertical  Acceleration  Response  to  Unit 
Step  Control  Input 
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sA(/+gA0  = O (6-154) 

where 

M„  — speed  stability  derivative, 
(6M/6u)/I„  (sec-ftT1 
g = acceleration  due  to  gravity, 
ft/sec: 

The  effect  of  cyclic  control  upon  the  horizontal  force 
is  ignored  in  Eq.  6-154.  The  characteristic  equation  is 

s3-s2M6+gMu  = 0 (6-155) 

For  the  long-period  mode  s is  small  and  the  term  s*  can 
be  neglected  in  a first  approximation.  One  then  obtains 
from  Eq.  6-155  the  natural  frequency  of  the  long-period 
mode 

co  = (gMuTg)l/2  , rad/sec  (6-156) 

An  augmentation  system  that  reduces  the  pitch  time 
constant  t9  results,  therefore,  in  a reduced  natural  fre- 
quency to,  or  an  increased  period  of  the  long-period 
mode.  When  extracting  the  roots  of  Eq.  6-155,  one 
finds  a large  negative  real  root  that  is  approximately 
M$,  and  a pair  of  conjugate  complex  roots  with  a 
positive  real  part  and  an  imaginary  part  approximately 
equal  to  tu  from  Eq.  6-156,  indicating  oscillatory  diver- 
gence. The  effect  of  a pure  rate  feedback  upon  this 
mode  primarily  is  to  increase  the  period.  Significant 
improvement  in  the  damping  ratio  of  the  long-period 
mode  can  be  made  only  by  adding  an  attitude  gyro  into 
the  loop. 

Fig.  6-42  shows  the  root  loci  of  a hovering  helicopter 
as  a function  of  K in  Eq.  6-144  for  (A)  rate  feedback 
and  (B)  rate  plus  attitude  feedback.  The  squares  indi- 
cate the  roots  of  the  characteristic  equation  without 
augmentation  and  the  arrows  on  the  root  curves  indi- 
cate the  direction  of  increasing  gain  K. 

6-4.2.4  Hardware 

The  hardware  of  electronic  augmentation  systems 
consists  of  sensors  such  as  rate  or  attitude  gyros,  a 
signal-modulating  network,  and  electric  servos  in  series 
with  the  manual  control  system  (Fig.  6-43).  MIL-C- 
1 8244  specifies  that  the  control  authority  of  augmenta- 
tion systems  shall  be  limited  as  far  as  possible  to  insure 
that  a “hard-over"  signal  will  not  endanger  the  aircraft. 
The  augmentor  servo,  therefore,  usually  has  not  more 
than  25%  authority  over  the  control  travel.  In  case  of 
augmentor  malfunction,  the  servos  often  are  locked 
and  centered  automatically.  The  power  actuator  usu- 
ally is  a hydraulic  type  using  two  independent  hydrau- 


lic circuits.  The  preceding  equations  are  valid  only  if 
augmentor  servo  and  power  actuator  are  responding 
instantaneously.  The  actual  lag  of  these  devices  must  be 
considered  in  a more  realistic  analysis.  Because,  in  ad- 
dition to  a lagged  response,  actuators  often  have  con- 
siderably nonlinear  response  characteristics  such  as 
deadband  or  hysteresis,  the  system  sometimes  is  mod- 
eled as  a hybrid  setup.  In  such  a setup,  real  time  analog 
or  digital  elements  are  mixed  with  actual  hardware 
components  such  as  electrical  servos  or  hydraulic  actu- 
ators, which  then  also  must  be  realistically  loaded. 

Rate  gyros  are  cheaper  and  more  robust  than  atti- 
tude gyros.  In  spite  of  the  additional  stability  improve- 
ments obtainable  from  attitude  feedback,  helicopter 
stability  augmentation  systems  (SAS)  usually  are  lim- 
ited to  rate  feedback.  Another  argument  in  favor  of  rate 
feedback  only  is  that  the  augmented  response  is  of  the 
same  type  as  the  unaugmented  response. 

As  long  as  the  SAS  must  be  considered  as  less  relia- 
ble than  the  basic  control  system,  augmentation  system 
failure  must  be  designed  for  (par.  6-4.3). 

When  attitude  gyros  and  their  associated  electrical 
systems  have  been  perfected  to  the  point  where  their 
reliability  is  sufficient  to  relax  the  requirement  for  a 
mechanical  backup  system,  the  way  will  be  open  for 
control  systems  with  characteristics  entirely  different 
from  the  unaugmented  characteristics.  For  example,  a 
translational  control  system  (Ref.  23)  could  then  be 
used.  With  this  system,  the  helicopter  is  attitude-stabil- 
ized and  a control  force  steering  system  provides  rates 
of  change  of  attitude  in  proportion  to  the  pilot’s  stick 
force  input. 

6-4.2.5  Gust  Alleviation 

None  of  the  conventional  augmentation  systems, 
which  use  angular  rate  or  attitude  sensors,  make  full 
use  of  the  short  response  time  of  the  blades  to  reduce 
or  alleviate  gust  effects  before  they  substantially  influ- 
ence airframe  motion. 

In  order  to  use  the  blades  effectively  for  gust  allev’a- 
tion,  it  is  necessary  to  sense  either  their  motion  or  the 
forces  that  they  transmit  to  the  airframe,  and  to  provide 
fan-acting  feedback  loops  to  the  cyclic  or  collective 
controls.  If  the  rotor  is  the  main  source  of  force  and 
moment  inputs  into  the  airframe,  linear  or  angular  ac- 
celerometers can  be  used  as  sensors.  If  the  rotor  is  only 
one  of  several  sources  of  force  and  moment  input,  as  in 
compound  helicopters,  sensors  must  be  provided  for 
blade  motions  or  for  rotor-to-airframe  transfer  forces 
or  moments. 

Here  again  the  simplest  possible  representations  are 
used  and  the  analysis  is  limited  to  vertical  accelerations 
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Fig.  6-42.  Root  Loci  for  Hovering  Helicopter 


Fig.  6-43.  Control  Schematic  With  Augmentor  Servo 
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and  aircraft  pitching  moments  induced  by  gusts.  Ini- 
tially, the  airframe  is  assumed  to  be  fixed  and  the  rela- 
tive airspeed  constant.  The  description  that  follows  is 
for  a three-bladed  rotor  with  rigid  blades,  elastically 
hinged  at  the  rotor  center,  and  subject  to  uniform  in- 
flow velocity  XflR,  ignoring  tip  losses.  All  quantities 
are  perturbations  from  trim.  An  inertial  reference  sys- 
tem is  used  and  terms  with  periodic  coefficients  in  this 
reference  system  are  omitted.  Unpublished  studies  con- 
ducted at  Washington  University  have  shown  that  this 
omission  is  justifiable  if  rotor  advance  ratio  p < 0.5, 
and  if  accurate  representation  of  the  frequency  re- 
sponse at  circular  frequencies  greater  than  0.50  is  not 
necessary.  In  terms  of  the  three  variables  0O  (rotor 
coning  angle),  /3,  (forward  tilt  angle),  and  02  (left  tilt 
angle)  as  a function  of  60  (collective  pitch  angle),  0, 
(forward  cyclic  pitch  angle),  and  02  (left  cyclic  pitch 
angle),  the  equations  of  rotor  motion  in  Laplace  trans- 
form notation  are 


+ P2  — 1 


0OW 


-*•(- 


3 wf\  Xw 

)6  / 4 


(6-159) 


where 

P = flapping  frequency/O, 
dimensionless 

These  equations  are  generalizations  to  forwa  it 
conditions  of  the  equations  used  in  Ref.  8.  A tin,  unit 
is  used  for  which  ft  = 1 rad  per  unit  time.  A first 
insight  into  gust  rtcponses  can  be  obtained  by  omitting 
coupling  between  0a,  /?,,  and  02  and  by  neglecting 
p2  terms.  According  to  Eq.  6-157  collective  flapping 
from  collective  pitch  80  and  from  inflow  ratio  X are, 
respectively. 


fy)  _ 7 

°o  &(s2 +S7/8+P2) 


(6-160) 
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from  which 


0O  0O 

f-°”t 


(6-162) 


Forward  tilt  from  forward  cyclic  pitch  0,  and  from 
inflow  X,  respectively,  are,  according  to  Eq,  6-159, 


A _ 7 

0,  16(s  + 7/16) 


(6-163) 


£, 

X 


7M 


8(5  + 7/16) 


(6-164) 


from  which 


-T  " -2V- 


K 


(6-165) 


Eqs.  6-160  through  6-165  are  valid  approximations  up 
to  moderate  advance  ratios  for  which  ja3<1.  Instead  of 
comparing  frequency  responses  of  (30  and  /?,  to  gusts, 
or  to  vertical  velocity  X into  the  rotor  with  and  without 
augmentation,  it  is  sufficient,  according  to  Eqs.  6-162 
and  6-165,  to  compare  frequency  responses  to  collec- 
tive pitch  60  and  to  longitudinal  cyclic  pitch  8,. 

The  use  of  LapI  ice  transforms  for  the  evaluation  of 
the  frequency  responses  of  aircraft  is  described  in  Ref. 
24.  Beginning  with  the  collective  pitch  case  having  the 
transfer  function  Eq.  6-160,  and  setting  s = £o  — 
ka/Cl,  one  obtains  for  the  absolute  value  of  the  fre- 
quency response  function,  assuming  y = 8,  P = 1: 


1 

((1  -w2)2  + W2]'/2 


(6-166) 


Assuming  now  a feedback  system  according  to  Fig. 
6-44  with  a coning  angle  sensor  and  proportional  feed- 
back into  the  collective  pitch  control,  instead  of  Eq. 
6-166 
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Fig.  6-44.  Coning  Angle  Sensor  With  Proportional 
Feedback 


i (6-167) 

[(l  +X'0-w2)2  +m2],/2 

where 

Kq  — proportional  feedback  gain 
Figure  6-45  shows  a comparison  of  the  coning  angle 
frequency  response  to  periodic  inflow,  with  and  with- 
out feedback,  assuming  A^  = 3.  It  is  seen  that  for 
values  of  rn/fl  <1.0,  which  is  practically  the  entire 
atmospheric  turbulence  spectrum,  the  feedback 
reduces  the  gust  response  to  about  one  quarter  of  the 
value  without  augmentation  (A^  =0).  Form2  < 1 the 
feedback  system  causes  a reduction  of  Z„  in  Eq.  6-146 
in  the  ratio  1/(1  + Af0).  The  increase  in  r„.  produced 
by  the  feedback  does  not  lead  to  a delayed  inflection 
point,  as  can  be  seen  from  Fig.  6-41.  The  reduction  in 
vertical  acceleration  response  from  cyclic  pitch  can  be 
compensated  for,  if  desired,  by  appropriate  selection  of 
MStx  and  r,. 

For  the  longitudinal  cyclic  pitch  case  having  the 
transfer  function  Eq.  6-163,  with  s = *»  = am/JI  the 
absolute  value  of  the  frequency  response  function,  as- 
suming y = 8,  is 


1 

I 1 


1 

2(0.25  + £52)'/2 


(6-168) 


Assuming  now  a feedback  system  according  to  Fig. 
6-46  with  a fore-aft  flapping  angle  sensor  and  integral 
feedback  into  the  longitudinal  cyclic  pitch  control,  in- 
stead of  Eq.  6-168 


“i (6-169) 

2 {(Ki  — m2)2  + (0.5u5)2],/2 


where 


Kt  — integral  feedback  gain 
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Fig.  6-45.  Coiling  Frequency  Response  to  Periodic  Inflow 


Fig.  6-46.  Tilting  Moment  Sensor  With  Integral 
Feedback 
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(6-170) 


In  addition  to  fixed  hub  gust  alleviation,  the  body 
motion  contributes  to  gust  alleviation  in  a manner  that 
also  is  present  without  feedback.  Considering  uncou- 
pled vertical  and  pitching  motions,  and  assuming  the 
body  to  behave  in  vertical  motion  and  in  pitch  as  a 
first-order  system  (see  Eqs.  6-129  and  6-146  for 
A#  = 0),  the  free-body  gust  alleviation  factor  k is 


Fig.  6-47  shows  a comparison  of  the  fore-aft  flapping 
frequency  response  to  periodic  inflow  with  and  without 
integral  feedback,  assuming  AT,  = 0.5.  It  is  seen  that 
for  values  of  ao/il  < 0.3,  which  covers  a wide  range  of 
the  atmospheric  turbulence  spectrum,  the  feedback 
reduces  the  gust  response  to  a small  fraction  of  the 
unaugmented  gust  response.  For  cu  < 0. 1 fl  the  flap- 
ping response  is  virtually  zero.  This  is  true  not  only  for 
periodic  inflow  but  also  for  all  other  periodic  inputs, 
including  gyroscopic  inputs  from  pitching  oscillations. 
This  means  that,  for  low  frequencies,  the  pitching  time 
constant  re  approaches  infinity.  The  system  of  Fig. 
6-46,  therefore,  must  be  supplemented  by  a conven- 
tional augmentation  system  with  pitch  rate  feedback, 
whereby,  according  to  Eq.  6-143  for  large  re 


k = (6-171) 

(S32  + 1/r2)1/2 


where  k is  defined  as  the  ratio  of  acceleration  with 
damping  over  acceleration  without  damping  and  where 
the  time  unit  again  is  such  that  II  ■=  1 (f  = Hr).  For 
high  frequencies  k = 1,  and  for  low  frequencies 

K = COT. 

Fig.  648  shows  the  free-body  gust  alleviation  factor 
k as  functions  of  frequency  ratio  w/Cl  for  a number  of 
values  of  reduced  time  7 = Hr.  Typical  time  constants 
for  vertical  motion  are  100  < 7 < 300;  for  pitching 
motion  they  are  15  <7  < 50.  Compared  with  the 
reduction  of  responses  shown  in  Fig.  647  and  Fig. 
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Fig.  6-47.  Fore-eft  Flapping  Frequency  Response  to  Periodic  (allow 


6-48,  Fig.  6-45  shows,  in  the  frequency  range  <■>  > 0.05 
ft,  very  little  frec-body  gust  alleviation  can  be  expected. 

In  order  to  correlate  the  frequency  ranges  in  Fig. 
6-45  and  Fig.  6-47  with  atmospheric  turbulence  fre- 
quencies, Fig.  6-49  shows  the  von  (Carman  vertical  gust 
power  spectral  density  (Ref.  25)  with  a scale  length 
L - 400  ft,  which  is  typical  of  altitudes  above  terrain 
) of  300  to  700  ft  (Ref.  25).  The  lower  scale  in  Fig.  6-49 
represents  o>/Sl  for  a flight  speed  of 200  fps  ( 1 1 8 kt)  and 
ft  = 20.  It  is  seen  that  the  gust  alleviation  from  Fig. 
6-45  and  Fig.  6-47  covers  a large  part  of  frequency 
spectrum  of  Fig.  6-49. 

From  Fig.  6-45  and  Fig.  6-47,  it  is  evident  that  intro- 
duction of  feedback  results  in  increased  frequency  re- 
sponse at  high  frequencies.  While  the  atmospheric  tur- 
bulence intensity  in  the  frequency  range  in  which  the 
higher  responses  occur  is  low,  the  response  maxima 
indicate  those  regions  of  the  frequency  spectrum  where 


Fig.  6-48.  Free-body  Gust  Alleviation  Factor 
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coupling  with  low-damped  inplane  modes  needs  atten- 
tion. 

6-4. 2.6  Dynamic  Instability 

Helicopter  rotors  are  subject  to  four  types  of  dy- 
namic instabilities: 
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t.  Those  primarily  involving  blade  torsion  modes 
with  frequencies  several  times  n 

2.  Those  mainly  involving  blade  fundamental  flap- 
ping or  flap  bending  modes 

3.  Those  largely  involving  blade  edgewise  modes 


4.  Those  mainly  involving  free-body  modes  with 
frequencies  substantially  below  A. 

Although  all  of  the  unstable  modes  are  coupled  types 
and  include  some  blade  torsion,  some  blade  flapping  or 
flap-bending,  some  edgewise  motion,  and  some  free- 
body  motion,  they  usually  are  denoted  according  to 
their  principal  mode  contents.  Thus  the  four  types  of 
unstable  motions  are: 


1 . Flutter,  including  stall  flutter  for  unstable  con- 
ditions with  large  blade  torsion  mode  contents 

2.  Flapping  instabilities  with  flapping  or  flap- 
bending mode  contents 

3.  Aeromechanical  instabilities  with  edgewise 
blade  mode  contents  including  mechanical  instability, 
or  ground  resonance 

4.  Free-body  instabilities,  which  usually  are 
treated  in  control  dynamics. 


A review  of  the  first  three  categories  is  given  in  Ref.  27, 
which  also  includes  35  other  references  on  these  sub- 
jects. 

All  four  types  of  instabilities  can  occur  in  both 
hinged  and  hingeless  rotors.  The  hingeless  type  is  much 
more  difficult  to  design  properly  because  of  essential 
nonlinearities;  these  usually  can  be  neglected  in  hinged 
rotors,  where  the  feathering  axes  participate  in  the  flap- 
ping and  edgewise  blade  motions. 

When  augmentation  systems  have  time  constants  of 
the  same  order  of  magnitude  as  those  for  potentially 
unstable  rotor  modes,  the  augmentation  systems  influ- 
ence the  rotor  mode  stability  limits  and  must  be  in- 
cluded in  the  dynamic  stability  analysis.  Pitch-flap  or 
pitch-cone  coupling,  whether  obtained  by  virtual  8, 
hinges  or  by  an  augmentation  system  as  assumed  in 
Fig.  6-45  for  A^  = 3,  has  an  effect  upon  the  blade 
flutter  limit  that  can  be  stabilizing  or  destabilizing  de- 
pending upon  the  shape  of  the  coupled  blade  flapwise 
bending  mode.  High  advance  ratio  flapping  instability, 
occurring  with  frequencies  below  A,  also  is  affected 
strongly  by  pitch-flap  or  pitch-cone  coupling.  Large 
destabilizing  effects  are  produced  in  a so-called  flat- 
tracking  rotor,  where  tip-path  plane  tilting  is  coun- 
teracted by  a proportional  feedback  to  the  cyclic  pitch. 
The  integral  feedback  input  into  cyclic  pitch  with 
which  the  frequency  response  at  low  frequency  is  re- 
duced, as  shown  in  Fig.  6-47,  also  produces  destabiliza- 
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tion  of  the  high  advance  ratio  flapping  or  flap-bending 
modes. 

Fig.  6-50  shows  the  integral  feedback  gain  Kx,  as 
defined  in  Fig.  6-46,  at  the  stability  limit  as  a function 
of  blade  Lock  number  y and  advance  ratio  jm.  The  gain 
Kk  is  measured  in  nondimensional  time  units  for  which 
A = I rail  per  unit  time  and  must  be  multiplied  by 
A to  obtain  degrees  per  second  of  cyclic  pitch  per  de- 
gree of  cyclic  flapping.  Fig.  6-50  (without  numerical 
values  of  A-,)  is  from  Ref.  7 and  has  been  recomputed 
by  a different  method  here.  The  final  analysis,  in  con- 
trast to  Eqs.  6-157, 6-158,  and  6-159,  includes  reversed 
flow  effects  (Ref.  4),  a tip  loss  factor  of  B = 0.97,  and 
a small  stabilizing  feedback  term  not  shown  in  Fig. 
6-46.  The  configuration  Kx  — 0.5,  y — 8 used  for  Fig. 
6-47  is  marked  in  Fig.  6-30  and  shows  a maximum 
advance  ratio  of  (i  — 1.1  at  the  stability  limit. 

The  analysts  leading  to  the  stability  boundaries  of 
Fig.  6-50  has  a minimum  of  ingredients,  i.e.,  four  rigid 
blades  flapping  about  central,  elastically  restrained 
hinges.  Incorporation  of  flapwise  and  edgewise  bending 
flexibility,  torsional  and  control  flexibility,  pitch-flap 
and  pitch-lag  couplings,  and  free-body  modes  leads  to 
numerous  coupling  terms,  many  of  which  have  detri- 
mental effects  upon  the  stability  limits.  Among  them 
are  nonlinear  terms  that  are  not  negligible.  In  addition 
to  corrections  for  the  effects  of  torsional,  flapwise  bend- 
ing, edgewise  bending,  and  free-body  modes,  substan- 
tial errors  also  may  be  introduced  by  the  quasi-steady 
aerodynamics  on  which  the  results  shown  in  Fig.  6-50 
arc  based.  A considerable  body  of  analytical,  wind  tun- 
nel, and  flight  test  work  will  be  required  before  the 
problems  of  dynamic  instabilities  are  understood  sufTi- 
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ciently  to  permit  completion  of  a rational  helicopter 
design  with  assurance  that  specified  stability  margins 
will  be  provided  with  respect  to  the  numerous  potential 
dynamic  instabilities. 

6-4.3  STABILITY  AUGMENTATION  SYSTEM 
FAILURE  ANALYSIS 

A stability  augmentation  system  normally  is  a com- 
plex mixture  of  electronic,  mechanical,  and  hydraulic 
equipment.  All  of  the  devices  used  are  subject  to  fail- 
ures due  to  age.  stress,  or  random  faults.  Thus,  for  a 
given  mission,  certain  criteria  as  to  probable  failure 
rates,  stability  and  control  characteristics  resulting 
from  failure,  and  operational  and  maintenance  meth- 
ods to  minimize  failures  must  be  considered  during  the 
preliminary  system  design.  This  paragraph  covers  the 
consequences  of  inflight  failures  of  a stability  augmen- 
tation system  (SAS)  and  design  methods  that  may  in- 
crease reliability  and  safety. 

The  necessity  for  augmentation  of  helicopter  stabil- 
ity and  control  is  discussed  in  considerable  depth  in 
pars.  6-2.4, 6-2.5,  6-3.1. 6-4. 1 . and  6-4.2.  If  the  helicop- 
ter design  has  produced  a well-stabilized  vehicle  with- 
but  a SAS,  the  addition  of  a SAS  and,  subsequently,  of 
automatic  stabilization  equipment  (ASE)  only  further 
enhances  the  handling  and  control  of  the  aircraft.  SAS 
failures  in  vehicles  with  inherent  stability  usually  do 
not  cause  divergences  that  ultimately  can  destroy  the 
helicopter.  However,  when  artificial  means  are  used  to 
stabilize  the  motions  of  a helicopter  that  definitely  are 
divergent  in  certain  portions  of  the  flight  envelope.  SAS 
failures  may  be  catastrophic  unless  immediate  pilot  ac- 
tion is  taken. 

SAS  failures  can  be  divided  into  passive  failures, 
hardover  failures,  and  null-offset  failures.  Redundancy 
and  monitoring  techniques  may  be  imp'emented  to 
reduce  the  effects  of  SAS  failures. 

6-4.3. 1 Passive  Failures 

All  stability  augmentation  systems  have  in  common 
the  feedback  of  helicopter  angular  rate  information. 
Inputs  proportional  to  and  opposite  in  direction  from 
the  angular  rates  of  displacement  of  the  aircraft  are 
made  to  the  flight  control  system.  With  few  exceptions, 
electromechanical  devices  with  high-speed  rotating 
parts  arc  the  basis  for  angular  rate  gyros  or  attitude 
gyros.  Attitude  gyros  frequently  arc  used  in  an  SAS, 
with  differentiating  networks  to  provide  a rate  signal 
for  feedback.  Alternatively,  rate  gyros  may  be  used, 
with  an  integrating  network  to  provide  an  attitude  sig- 
nal as  well. 
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These  high-speed  rotating  devices  are  subject  to  wear 
of  their  rotor  bearings,  to  gimbal  failures,  and  to  signal 
pickolT  and  motor  failures.  Motor  bearing  failures  ac- 
count for  the  majority  of  rate  and  attitude  gyro  mal- 
functions, with  gimbal  bearing  failures  probably  .being 
next  most  common.  Neither  of  these  types  of  failures 
produces  a hardover  output,  but  both  result  in  loss  of 
the  SAS  function  in  nonredundant  systems. 

For  aircraft  with  inherent  stability,  a passive  failure 
of  the  sensors  is  not  critical.  If  sutltcient  damping  and 
controllability  have  been  included  in  the  design,  the 
pilot  will  notice  the  degraded  handling  but  can  com- 
plete his  mission  and  return  to  base.  In  vehicles  with 
unstable  sideslip  and/or  angle-of-attack  characteris- 
tics. loss  of  sensor  function  may  result  in  upsets  that 
can  be  disastrous  (especially  under  night  VFR  condi- 
tions) because  the  proper  corrective  action  is  not  in- 
dicated when  external  upsets  occur.  Control  of  the  air- 
craft after  such  a failure  usually  requires  that  the 
mission  be  aborted,  or  at  least  be  modified  by  flying  at 
low  speeds  where  the  divergence  rate  is  slower.  If  ASE 
that  relies  upon  the  damping  of  the  SAS  is  included,  the 
divergence  rate  following  pavsive  failure  of  the  rate 
sensing  system  may  be  increased  over  the  rate  for  the 
basic  airframe  until  the  ASE  is  disconnected.  With  an 
inherently  unstable  airframe,  a portion  of  the  fate  feed- 
back should  be  included  in  the-  ASE  to  preclude  this 
degradation  in  performance. 

Passive  failures  of  SAS  electronics  and  actuators 
have  the  same  result  as  passive  failure  of  a sensor.  The 
electronics  can  be  designed  so  that  passive  failures  are 
the  predominant  type.  Electromechanical  actuators 
also  fail  predominately  in  the  passive  mode,  but  gener- 
ally have  a higher  failure  rate  than  do  clectrohydraulic 
actuators. 

The  actuator  includes  a feedback  that  matches  the 
actual  output  with  the  commanded  output.  Passive  fail- 
ures of  these  feedback  elements  result  in  conversion  of 
the  actuator  into  an  integrating  component,  and  yield 
a control  input  equal  to  the  time  integral  of  the  input 
commanded  by  the  SAS.  In  this  case  an  oscillatory 
airframe  motion  will  result  as  long  as  the  SAS  remains 
engaged.  However,  depending  upon  the  SAS  compen- 
sation selected,  the  oscillation  may  diverge  at  a lower 
rate  than  for  passive  failures  elsewhere  in  the  system. 

6-4.3.2  Hardover  Failures 

Hardover  failures  of  sensors,  electronics,  and  actua- 
tors all  result  in  the  same  airframe  response,  i.e.,  a 
control  input  followed  by  the  response  of  the  uncon- 
trolled aircraft.  Such  failures  are  always  worse  than 
passive  failures.  M1L-H-8501  stipulates  that  hardover 
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failures  must  not  cause  angular  rates  about  any  axis 
greater  than  10  deg/sec  nor  result  in  changes  in  normal 
acceleration  greater  than  ±0.5  g during  the  first  3 sec 
following  such  a failure  in  level  trimmed  flight.  This 
requirement  is  appropriate  for  all  aircraft  intended  for 
use  on  night  VFR  missions.  For  helicopters  used  for 
day  VFR  missions  only,  the  delay  time  for  pilot  action 
may  be  reduced  if  the  pilot  workload  is  such  that  he  can 
maintain  hands-on  flight. 

6-4.3»3  Null-offMt  Failures 

Various  elements  of  the  SAS  can  fail  in  such  a man- 
ner that  a fixed  offset  is  superimposed  upon  the  normal 
feedback  signal.  This  failure  mode  results  in  a transient 
input  with  continued  normal  operation  of  the  system. 
The  pilot  must  decide  whether  to  disengage  the  SAS  or 
to  retrim  the  aircraft  and  continue  with  degraded  per- 
formance. An  offset  actuator  may  result  in  nonlinear 
damping  of  the  airframe,  which  may  be  reinforced  by 
the  pilot  until  'he  system  is  disconnected. 

64.3.4  SAS  Monitoring 

Nonredundant  SAS's  have  been  developed  that  can 
reduce  the  transients  of  a hardover  failure.  These  sys- 
tems warn  the  pilot  of  a passive  failure  before  a large 
attitude  upset  can  develop.  Offset  failures  also  may  be 
detected  depending  upon  the  magnitude  of  the  offset. 

In  an  internally  monitored  system,  a test  signal  is 
added  to  the  airframe  rate  signal.  The  test  signal  fre- 
quency and  amplitude  are  selected  so  as  to  be  outside 
of  the  response  characteristics  of  the  augmented  air- 
frame. To  test  the  entire  system,  the  test  signal  is 
summed  with  the  airframe  motion  at  the  rate  gyro.  The 
summation  is  accomplished  by  torquing  the  rate  gyro 
via  a self-test  coil.  The  resulting  high-frequency  signal 
is  detected  at  the  output  of  the  electronics  as  a safe 
indication 

Hydraulic  actuator  monitoring  can  be  accomplished 
by  comparing  the  actuator  output  with  an  electronic 
model  of  the  actuator.  The  model  can  be  designed  to 
include  the  velocity  and  position  limits  of  the  actuator, 
as  well  as  the  dynamic  and  static  characteristics.  With 
these  techniques,  many  failures  of  the  SAS  can  be  de- 
tected; the  system  may  be  disengaged  and  a warning 
annunciation  may  be  illuminated  in  the  cockpit.  The 
time  for  detection  and  cut-off  can  be  less  than  0.5  sec, 
with  nuisance  disconnects  occurring  infrequently. 

6-4.3. 5 Redundancy 

When  mission  or  handling  characteristics  demand 
full-time  augmentation  of  the  airframe  dynamics, 
redundancy  of  the  SAS  is  considered  necessary.  The 
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level  to  which  redundancy  must  be  implemented  is 
based  upon  the  allowable  SAS  failure  rate,  along  with 
the  failure  rates  of  the  proposed  components  that  will 
comprise  the  system. 

The  most  common  form  of  redundancy  is  to  dualize 
the  complete  system  from  sensors  to  actuators.  Dual 
systems  have  been  implemented  in  configurations  with 
both  systems  engaged  at  all  times  (on-on),  and  with  one 
system  operating  and  the  other  on  standby  (active- 
standby). 

The  on-on  configuration  has  the  advantage  that,  fol- 
lowing a failure  of  one  channel,  the  other  channel  acts 
to  attenuate  the  heiicopter  response  that  normally 
would  result.  In  addition,  with  two  separate  systems, 
authority  may  be  increased  while  still  meeting  the  fail- 
ure requirements  of  MIL-H-8501  for  a single  fault.  The 
on-on  configuration  may  result  in  a false  sense  of 
security,  however.  In  helicopters  with  unstable  modes 
without  augmentation,  a hardover  of  one  channel  starts 
a reaction  that  is  opposed  by  the  remaining  system.  If 
means  for  automatically  detecting  and  disconnecting 
the  failure  are  not  included  in  the  system  design,  the 
active  channel  may  saturate  in  an  opposing  direction 
with  a resultant  divergence  similar  to  a passive  failure. 
This  type  of  passive  failure  response  starts  from  an 
untrimmed  condition,  and  although  the  time  to  double 
amplitude  may  be  unchanged,  the  upset  develops  to 
dangerous  levels  more  rapidly. 

A monitoring  system  that  compares  the  outputs  of 
the  two  channels  may  improve  the  failure  characteris- 
tics by  disconnecting  both  channels  before  the  transient 
is  developed  fully.  The  preferred  method,  however,  de- 
termines logically  which  channel  has  failed  and  discon- 
nects only  the  faulty  system.  The  desired  monitoring 
may  be  achieved  by  using  two  self-monitored  channels, 
or  by  adding  a third  set  of  components  to  complete  the 
necessary  logic.  Systems  of  both  types  have  been  devel- 
oped and  tested  with  excellent  results. 

Another  self-monitoring  system  that  has  been 
demonstrated  successfully  is  a combination  of  redun- 
dancy and  monitoring  techniques.  Tripiexed  sensors 
and  electronics  with  monitoring  to  isolate  faults  are 
interfaced  to  the  flight  controls  via  dual  actuators,  with 
a single  electronic  model  for  comparison.  Comparisons 
at  intermediate  levels  in  the  electronics,  not  just  at  the 
output,  allow  ail  three  electronic  channels  to  operate  at 
an  intermediate  level  following  a failure  by  switching 
the  average  of  the  active  signals  to  all  three  channels 
downstream  of  the  fault. 

All  of  the  self-monitoring  systems  have  the  advan- 
tages of  failure  isolation  following  the  first  fault  and  of 
failure  attentuation  if  a second  fault  should  occur.  Of 
course,  as  the  number  of  redundant  SAS  channels  in- 
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v creases,  so  must  the  number  of  independent  aircraft 
’ power  sources  so  that  a failure  remote  to  the  SAS  can- 
not disable  two  channels  simultaneously. 

The  active-standby  method  has  no  advantages.  In 
the  cases  where  it  has  been  used,  it  w^s  necessary  be- 
cause the  existing  actut  tor  could  accept  only  u single 
input.  Several  disadvantages  preclude  acceptance  of 
such  a system  in  future  helicopters.  First,  unless  moni- 
toring is  included  to  determine  that  a fault  exists  in  the 
active  channel,  pilot  action  is  necessary  to  switch  to  the 
standby  channel.  Second,  there  is  no  assurance  that  the 
standby  channel  has  not  failed  prior  to  switching, 
which  may  compound  an  already  deteriorating  situa- 
tion. 

64.3.6  Other  Considerations 

In  addition  to  the  various  single-axis  failures,  the 
design  of  an  SAS  must  consider  the  consequences  in 
one  axis  of  a failure  of  another  axis.  For  example,  if 
crossfeed  of  roll  rate  into  yaw  is  used  to  enhance  turn 
entry  characteristics,  a roil  failure  can  affect  yaw  con- 
trol as  well.  In  monitored  systems,  switching  off  of  a 
failed  channel  also  should  remove  the  crossfeed  associ- 
ated with  that  channel.  In  unmonitored  systems,  provi- 
sion should  be  included  in  the  cockpit  for  switching  off 
both  a failed  axis  and  its  crossfeed. 

The  ability  to  disconnect  a single  failed  channel  in 
flight  should  be  provided  in  helicopters  with  critical 
missions  requiring  SAS.  The  switching  off  of  all  three 
SAS  axes  because  of  a fault  in  only  one  channel  should 
be  avoided.  The  cockpit  switching  for  channel  isolation 
does  not  need  to  be  in  the  primary  control  console,  but 
should  be  readily  accessible  to  the  pilot. 

In  redundant  systems  that  are  operating  in  active 
configurations,  the  system  gain  is  divided  equally 
among  the  channels.  In  the  event  that  one  channel  is 
switched  off,  the  gain  in  the  remaining  channels  should 
be  increased  as  necessary  to  maintain  a suitable  level  of 
stability.  Some  degradation  in  performance  may  be  ac- 
ceptable in  high-gain  systems  if  actuator  saturation 
during  normal  maneuvers  is  likely  to  occur  with  the 
reduced  actuator  authority.  Actuator  saturation  in 
high-gain  systems  may  cause  excessive  angular  acceler- 
ations as  the  dynamics  change  from  the  free  airframe 
response  during  saturation  to  tight  response  as  the  ac- 
tuator becomes  unsaturated.  The  resulting  nonlinear 
response  may  be  oscillatory  and  may  lead  to  pilot  in- 
duced oscillation. 


64.4  AUTOMATIC  STABILIZATION 
EQUIPMENT 

As  helicopter  missions  have  become  more  sophis- 
ticated, so  have  the  demands  upon  pilot  skills  in  naviga- 
tion, tactics,  and  precision.  To  enhance  the  mission 
capabilities  of  the  helicopter,  several  special  forms  of 
automatic  flight  control  are  used  to  provide  pilot  assist- 
ance and  automatic  guidance.  The  stability  augmenta- 
tion system  discussed  in  par.  6*4.2  is  intended  to  im- 
prove short-period  angular  damping;  the  ASE  provides 
long-period  angular  damping  and  flight  path  control. 
The  modes  discussed  in  this  paragraph  rely  primarily 
upon  a compatible  SAS  for  short-period  damping.  In 
helicopters  with  mission  requirements  that  demand 
full-time,  long-period  stabilization,  the  augmented  sta- 
bility is  provided  with  the  ASE. 

The  ASE  function  is  divided  into  pilot-assist  and 
aircraft  guidance  modes  for  this  discussion. 

64.4.1  Pilot-assist  Modes 

The  pilot-assist  modes  relieve  the  flight  crew  of  the 
task  of  stabilizing  the  long-term  dynamics,  enhance  the 
static  control  characteristics,  and  improve  the  flying 
qualities  by  providing  responses  more  suitable  to  mis- 
sion accomplishment  than  are  possible  with  an  SAS  or 
with  the  unaugmented  aircraft.  The  pilot-assist  modes 
discussed  are: 

1 . Attitude  hold 

2.  Heading  hold/select 

3.  Control  stick  steering 

4.  Automatic  turn  coordination 

5.  Altitude  hold/select 

6.  Velocity  vector  control. 

The  pilot-assist  modes  form  the  command  reference 
for  the  guidance  modes,  which  provide  the  interface 
computations  between  various  avionic  systems  and  the 
flight  controls. 

6-4. 4. 1.1  Attitude-Hold 

Attitude-hold  is  the  primary  pilot  relief  mode  and  is 
the  basis  for  many  of  the  guidance  and  special  modes. 
In  general,  the  purpose  of  an  attitude-hold  mode  is  to 
stabilize  the  long-term  longitudinal  and  lateral  attitude 
divergences  found  in  helicopters.  The  static  accuracy  of 
an  attitude-hold  mode  is  dependent  in  targe  part  upon 
the  mission  requirements,  but  in  no  case  should  exceed 
the  limits  of  ± 1 deg  over  the  flight  regime  of  the  air- 
craft given  in  MIL-F-9490  and  MIL-C-18244  . The 
requirement  of  MIL-F-9490  that  attitude  should  be 
maintained  up  to  ±60  deg  of  bank  and  ±15  deg  of 
pitch  is  valid  for  many  Army  helicopters.  In  some 
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cases,  however,  the  bank  angle  limits  should  be  reduced 
to  less  than  ±60  deg  due  to  maneuver  restrictions. 

Upon  completion  of  a pilot-controlled  maneuver,  the 
attitude  maintained  by  the  ASE  shall  be  the  attitude  at 
tlie  time  the  pilot's  control  forces  were  removed.  In 
those  systems  that  do  not  provide  synchronization  of 
attitude  reference  with  control  stick  position,  the  heli- 
copter shall  return  to  the  reference  attitude  com- 
manded by  the  zero-force  stick  position  or  to  the  refer- 
ence last  established  with  the  flight  control  equipment. 
The  “wings  level”  requirements  of  MIL-F-9490  and 
MIL-C- 18244  generally  are  not  desirable  for  helicop- 
ters due  to  the  need  to  maintain  some  roll  attitude  for 
unaccelerated  flight,  especially  at  hover.  If  a wings  level 
mode  is  determined  to  be  undesirable,  vemi  * control 
of  attitude  is  required  via  the  normal  trim  controls.  A 
requirement  for  vernier  control  precludes  trim  systems 
in  which  control  forces  are  trimmed  by  release  of  a 
spring-centering  feel  system  and  re-engagement  at  a 
new  trim  position. 

Dynamic  accuracy  of  the  attitude-hold  mode  has  not 
been  established  by  any  of  the  applicable  Military 
Specifications.  Until  such  time  as  specifications  are 
available,  attitude  changes  in  pitch  due  to  power 
changes  for  climb  or  autorotation  entry  should  not 
exceed  ±5  deg  during  the  first  2 sec.  The  transient 
effects  of  release  of  stores,  weapon  firing,  and  sudden 
CG  shifts  due  to  normal  operation  should  be  specified, 
and  will  be  dependent  upon  mission  requirements.  Roll 
attitude  changes  due  to  sideslip,  power  changes,  and 
release  of  stores  should  not  exceed  ±2  deg  and  should 
be  specified  in  accordance  with  mission  requirements 
for  each  vehicle.  A smooth  return  to  the  reference  pitch 
and  roll  attitude  after  a transient  change  is  mandatory, 
and  overshoot  shall  not  exceed  20%  of  the  maximum 
upset  as  per  MIL-F-9490  and  MIL-C- 18244. 

Design  of  the  attitude-hold  mode  should  consider 
the  effects  of  the  system  upon  ground-handling  quali- 
ties as  well  upon  flight  characteristics.  Landing  and 
takeoff  from  terrain  slopes  up  to  the  maximum  allowa- 
ble for  the  helicopter  must  not  require  special  pilot 
techniques  when  the  mode  is  engaged  nor  cause  mo- 
tions of  the  rotor  tip  path  that  result  in  a blade  striking 
another  part  of  the  helicopter.  In  some  cases  Army 
helicopters  may  be  required  to  land  on  riverine  or  sea- 
going vessels.  The  utilization  of  an  attitude-hold  system 
for  the  approach  reduces  the  effects  of  upsetting  mo- 
ments caused  by  turbulence  off  the  superstructure  of 
large  vessels  and  thus  is  a desirable  feature  during  ap- 
proach. Again,  special  techniques  should  not  be  re- 
quired to  engage  or  disengage  the  ASE,  and  deck  mo- 
tion must  not  cause  movements  of  the  tip-path  plane 
that  are  hazardous  to  deck  personnel. 
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6-4.4. 1.2  Heading-Hold/Select  Mod® 

The  heading-hold  mode  provides  pilot  assistance 
throughout  the  flight  regime.  In  hover,  the  directional 
stability  and  antitorque  requirements  of  most  single- 
rotor  helicopters  require  constant  attention  to  heading 
control  by  the  pilot,  especially  in  gt  sty  crosswinds.  The 
tandem  and  coaxial  rotor  configurations,  as  well  as 
reaction-powered  single-rotor  configurations  with  low 
directional  stability,  generally  do  not  place  as  severe  a 
r equipment  upon  heading  control.  In  cruise  flight, 
heading-hold  reduces  the  navigation  task.  The  ± 1 deg 
static  accuracy  requirements  of  MIL-F-9490  and  MIL- 
C- 1 8244  are  reasonable  for  most  helicopter  missions.  In 
a cases  where  mission  requirements  dictate  high  naviga- 
tional accuracy,  more  stringent  specifications  should  be 
applied. 

The  most  common  method  of  achieving  heading- 
hold  in  helicopters  is  via  feedback  of  a synchronizer- 
referenced  heading  error  to  the  yaw  moment  control. 
As  helicopter  speeds  increase,  designs  that  implement 
heading-hold  via  roll  control  become  desirable.  Justifi- 
cation of  control  mode  changing  is  predicated  upon  the 
mission  requirements,  and  should  be  considered  care- 
fully. 

Dynamic  accuracy  for  the  heading-hold  mode  has 
not  been  established  by  Military  Specification.  How- 
ever, in  no  case  should  transient  excursions  greater 
than  ± 10  deg  occur  during  rapid  uncommandcd  decay 
of  rotor  toruqe.  At  airspeeds  above  the  best  climb 
speed,  the  maximum  dynamic  upset  caused  by  a sudden 
uncommanded  decrease  in  rotor  torque  should  not  ex- 
ceed ±5  deg  during  the  first  2 sec  following  the  power 
loss.  Variations  in  heading  caused  by  normal  power 
changes,  except  for  jump  takeoffs  and  quick  starts  and 
stops,  should  not  exceed  ±2  deg.  In  the  excepted  ma- 
neuvers, uncommanded  heading  changes  should  not 
exceed  ±5  deg. 

Heading-select  is  a special  type  of  heading-hold  and 
command.  In  the  heading-select  mode,  the  ASE  shall 
turn  the  helicopter  automatically  through  the  smallest 
angle,  left  or  right,  to  a heading  either  selected  or  prese- 
lected by  the  pilot,  and  shall  maintain  that  heading  as 
in  the  heading-hold  mode  of  MIL-F-9490  and  MIL-C- 
18244.  The  static  and  dynamic  requirements  for  the 
heading-hold  mode  also  are  applicable.  Heading-select 
is  a desirable  mode  for  many  missions,  primarily  in 
cruise  flight.  However,  incorporation  of  this  mode  into 
helicopters  has  not  been  accepted  widely.  Because 
heading-select  is  achieved  through  the  roll  control  sys- 
tem, a roll  attitude-hold  system  also  is  necessary, 
whereas  heading-hold  through  the  yaw  control  system 
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may  be  incorporated  into  an  aircraft  without  roll  stabil- 
ization. 

Turn  coordination  for  the  heading-select  maneuver 
is  maintained  by  the  ASE  turn  coordination  feature. 
The  heading  selector  must  have  360-deg  control.  The 
bank  angle  while  turning  to  the  selected  heading  should 
be  limited  to  an  amount  that  provides  a satisfactory 
turn  rate,  commensurate  with  the  maneuver  limits  for 
constant  altitude  turns  and  for  preclusion  of  blade  stall. 
This  latter  requirement  may  limit  the  use  of  this  mode 
near  maximum  speed  if  bank  angles  greater  than  25  deg 
are  specified,  due  to  the  teduced  speed  for  blade  stall 
onset  with  increased  load  factor.  In  extreme  cases,  a 
bank  angle  limit  as  a function  of  airspeed  may  be  neces- 
sary. 

Turn  entry,  using  the  heading-select  mode,  must  be 
made  rapidly  with  a smooth  variation  in  roll  rate,  with- 
out reversals,  up  to  the  bank  angle  limit.  Turn  exit 
should  also  be  made  with  a smooth  variation  in  roll 
rate,  with  reversal  permitted  only  after  reaching  or 
overshooting  the  selected  heading.  The  helicopter  shall 
not  overshoot  the  selected  heading  by  more  than  1.5 
deg  as  per  MIL-F-9490  and  MIL-C- 18244. 

Special  procedures  for  engagement  or  disengagement 
of  the  heading-select  mode  during  normal  aircraft  oper- 
ations must  be  avoided.  Engage  logic  should  preclude 
operation  of  the  heading-hold  and  heading-select 
modes  during  ground  operations. 

6-4.4. 1.3  Control  Stic1'  Maneuvering 

The  pilot  should  be  able  to  perform  maneuvers  using 
the  normal  helicopter  controls  while  the  attitude,  alti- 
tude, and  heading-hold  modes  are  engaged.  There  is  no 
specific  requirement  in  the  Military  Specifications  for 
the  inclusion  of  proportional  maneuvering.  The  various 
forms  of  control  stick  maneuvering  are: 

1 . Disconnect  or  overpower 

2.  Position  proportional 

3.  Force  proportional. 

6-4. 4. 1.3.1  Disconnect  Maneuvering 

Disconnect  control  stick  maneuvering  provides  the 
same  maneuvering  characteristics  as  the  SAS  or  basic 
airframe  by  disconnecting  the  ASE  error  signal  from 
the  appropriate  axis  actuator.  Thus,  no  change  i.  ma- 
neuvering qualities  results  from  the  operation  of  the 
ASE.  To  maneuver,  the  pilot  applies  a force  to  the 
cyclic  stick,  collective  control,  or  rudder.  The  force  i« 
sensed  by  switches  or  a force  transducer.  The  ASE 
error  signal  is  disconnected  while  the  pilot  has  control, 
as  indicated  by  the  control  force  sensors.  In  some  sys- 
tems, the  attitude  reference  remains  constant  through- 


out the  maneuver,  and  the  aircraft  attitude  returns  to 
the  previous  reference  when  the  force  is  removed.  In 
these  designs,  a change  in  reference  may  be  com- 
manded linearly  via  a beeper  trim,  or  by  releasing  the 
force  feel  system  temporarily  and  thus  commanding 
resynchronization  when  the  feel  system  is  re-engaged. 
In  either  case,  changes  in  reference  require  positive 
pilot  actions.  This  mode  of  attitude  operation  is  very 
desirable  in  night  VFR  missions  for  the  pitch  and  roll 
axes  because  the  pilot  may  return  the  aircraft  to  a 
known  airspeed  and  turn  rate  merely  by  releasing  the 
control  force.  Obviously,  this  form  of  maneuvering 
generally  is  undesirable  for  the  heading  and  collective 
axes  because  returning  to  the  previous  heading  and/or 
altitude  seldom  is  required  or  desired.  An  applied  lat- 
eral or  pedal  force  should  result  in  synchronization  of 
the  heading  signal.  Likewise,  collective  force  should 
synchronize  the  altitude  reference.  A heading-select 
mode  should  disengage  automatically  and  the  system 
should  revert  to  a heading-hold  mode  upon  application 
of  lateral  and  pedal  forces.  For  many  day  VFR  mis- 
sions, the  synchronization  of  pitch  and  roll  attitudes 
upon  application  of  cyclic  control  forces  may  also  be 
desirable. 

Disconnect-type  control  stick  maneuvering  systems 
require  detection  of  force  levels  within  the  mechanical 
breakout  range  of  the  flight  control  system  to  avoid 
transients  upon  switching.  Even  though  reference  atti- 
tude synchronization  with  maneuvering  force  is  used, 
any  attitude  error  at  the  time  of  disconnect  or  recon- 
nection will  result  in  a transient.  Transient  softening  by 
fade-in/fade-out  of  system  gain  is  very  desirable  in  a 
disconnect  steering  system.  However,  it  may  be  elimi- 
nated if  system  closed-loop  gains  are  low.  Another  un- 
desirable feature  of  some  disconnect  systems  is  the 
change  in  control  system  stiffness  and,  therefore,  fre- 
quency response,  when  the  error  signal  is  connected.  If 
the  forces  are  released  in  a dynamic  condition,  large 
angular  accelerations  may  be  commanded  unless  tran- 
sient softening  is  employed. 

6-4. 4. 1.3.2  Position  Proportional  Maneuvering 

The  control  position  command,  or  position  propor- 
tional, system  has  been  used  widely  in  helicopter  cyclic 
ASE  maneuver  modes  and  in  a few  directional  systems. 
This  system  senses  pilot-commanded  control  motions 
and  forces  as  a response  of  the  aircraft  proportional 
either  to  rate  or  to  attitude.  Thus,  the  farce-feel  system 
may  remain  engaged  to  provide  a feel  and  an  attitude 
or  rate  reference,  or  it  may  be  released  for  reduced  pilot 
effort  during  transitions  and  hovering.  Generally,  this 
form  of  control  stick  maneuvering  has  been  used  in 
aircraft  without  attitude  synchronization  and  with  se- 
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ries  actuator  systems  because  of  the  inherent  instability 
of  the  control-position  sensor,  parallel-actuator  loop.  If 
means  are  provided  for  measuring  the  difference  be- 
tween the  control  position  commanded  by  the  ASE 
through  a parallel  servo  actuator  and  the  control  posi- 
tion commanded  by  the  pilot,  this  minor  loop  can  be 
stabilized.  However,  the  control  differential  allows  op- 
eration only  with  force  feel  engaged  and  is  much  like 
the  force  command  system  discussed  below.  A series 
actuator  with  parallel  automatic  trim  follow-up  could 
be  employed  with  the  differential  position  sensor, 
providing  maneuver  command  with  or  without  the 
feel  system  engaged  by  disabling  the  trim  system 
during  maneuvers. 

As  in  the  case  of  disconnect  systems,  the  position- 
proportional  maneuvering  system  must  provide  for 
beeper  control  of  lateral  and  lc  jitudinal  attitudes. 
Beeper  control  of  heading  also  has  been  used,  but  not 
widely  accepted.  In  a series  actuator-controlled  system, 
the  usual  beeper  control  commands  control  position 
and  thus  either  maneuvering  attitude  or  rate.  With  a 
parallel  actuator,  or  series  actuator  plus  trim  follow-up, 
a reference  signal  proportional  to  the  time  integral  of 
beeper  switch  defleetton  may  be  summed  with  the  atti- 
tude error  signal  for  trim,  thus  eliminating  actuator 
offset.  Position  referenced  command  of  the  collective 
control  has  been  employed  using  a reference  control 
determined  by  a self-synchronizing  sensor.  The  refer- 
ence control  position  is  established  at  the  time  the  sys- 
tem is  engaged  and  is  summed  with  synchronized  atti- 
tude information.  A simitar  system  could  be 
implemented  by  synchronizing  the  attitude  signals  in 
the  other  control  axes  to  .educe  senes  actuator  offsets 
and  thus  eliminate  the  .endency  for  transients  upon 
engagement  or  disengagement. 

6-4. 4. 1.3. 3 Force  Proportional  Manet  vering 

Force  proportional  control  maneuvering  is  the 
method  specified  by  MIL-F-9490  and  MIL-C-18244. 
However,  the  desirability  of  maneuvering  with  no  force 
gradient  during  hovering  and  translational  flight  indi- 
cates that  some  exceptions  should  be  considered.  As  the 
hovering  handling  qualities  of  helicopters  are  improved 
through  automatic  flight  control  systems,  the  desirabil- 
ity of  maintaining  a force  feel  at  all  times  may  make  the 
force  proportional  system  more  acceptable  to  pilots. 

Force  proportional  systems  may  be  implemented 
with  parallel,  series,  or  combination  actuation  systems 
Either  step  and  hold  inputs  or  release  of  the  controls  by 
the  pilot  requires  an  actuator  response  that  causes 
unusual  cockpit  control  motions  or  forces. 


6-4.4. 1.4  Automatic  Turn  Coordination 

Both  MIL-F-9490  and  MIL-C-18244  require  auto- 
matic turn  coordination  throughout  the  airspeed  range 
between  30  kt  and  the  maximum  airspeed  unless  the 
aircraft  mission  is  such  that  automatic  turn  coordina- 
tion can  be  deleted.  Specifying  a single  airspeed  for  all 
helicopters  above  which  turn  coordination  is  required 
does  not  seem  justified  because  large  sideslips  can  be 
tolerated  up  tc  *he  minimum  power-required  speed 
(which  may  be  above  50  kt).  Also,  sensing  a 30-kt  speed 
for  switching  in  the  turn  coordination  function  is  dif- 
ficult in  view  of  the  poor  accuracy  of  measurement  in 
the  very  low  airspeed  regime. 

The  necessity  for  automatic  turn  coordination  may 
come  from  inherent  aircraft  characteristics  or  from  the 
SAS  implementation.  The  yaw  SAS  generally  detracts 
from  turn  coordination  during  the  turn  entry  until  the 
rate  signal  has  washed  out.  If  no  washout  is  employed, 
the  steady-state  coordination  also  is  affected.  In  some 
helicopters  the  automatic  turn  coordination  system  en- 
hances the  apparent  static  directional  stability  as  well 
as  the  maneuvering  characteristics;  the  automatic  sys- 
tem is  attempting  to  reduce  either  lateral  acceleration 
or  sideslip  angle  to  zero  in  opposition  to  the  pilot's 
control  input,  and  the  pilot  is  required  to  command  a 
larger  pedal  displacement  per  degree  of  sideslip  and 
thus  feels  an  apparent  increase  in  stability  gradient. 

Automatic  turn  coordination  has  been  implemented 
by  lateral  acceleration  feedback,  sideslip  sensing,  and 
calculated  coordination  signal  methods.  The  pilot 
senses  the  amount  of  miscoordination  by  feeling  lateral 
forces  or  by  reading  the  cockpit  sideslip  indicator,  nor- 
mally a pendulous  accelerometer.  In  single-rotor  heli- 
copters, to  nullify  these  indications,  it  generally  is  nec- 
essary to  maintain  an  aerodynamic  sideslip  and  bank 
angle.  A lateral  accelerometer  is  the  best  sensor  choice 
for  a turn  coordination  system  in  this  type  of  vehicle. 

Tandem-rotor  helicopters  have  been  instrumented 
successfully  for  turn  coordination  using  either  sideslip 
sensing  or  an  accelerometer  as  the  signal  source.  Side- 
slip sensing  has  been  accomplished  successfully  in  oper- 
ational helicopters  by  sensing  the  differential  pressure 
on  opposite  sides  of  the  a'rcraft  structure  at  the  forward 
part  of  the  fuselage.  In  several  tandem  designs,  this 
method  has  been  used  to  improve  substantially  the  di- 
rectional static  stability  of  an  otherwise  unstable  heli- 
copter. The  lateral  accelerometer  feedback  can  provide 
both  sideslip  stability  and  turn  coordination.  Because 
of  the  relative  simplicity  of  the  lateral  acceleration  sens- 
ing system,  it  should  be  considered  in  future  designs. 

The  computational  technique  for  turn  coordination 
uses  the  relationship  between  bank  angle  and  forward 
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velocity  to  determine  the  required  turn  rate.  However, 
this  method  can  result  in  large  lateral  acceleration  er 
rors  when  airspeed  is  used  in  the  computation  rather 
than  the  velocity  of  the  CG  referenced  to  earth  axes.  In 
high-speed  helicopters,  where  high  bank  angles  are  de- 
manded for  turns,  the  error  between  the  computed  turn 
rate  about  the  vertical  axis  and  the  commanded  body- 
axis  yaw  rate  can  be  significant.  This  method  has  been 
used  with  moderate  success  but  clearly  is  not  the  best 
system. 

Selection  of  the  accelerometer  location  for  turn  coor- 
dination has  a significant  effect  upon  system  perform- 
ance. Effects  of  angular  accelerations  about  both  roll 
and  yaw  axes  must  be  considered  to  obtain  best  per- 
formance. Accelerometers  must  be  of  the  nonpendu- 
ious  type,  especially  in  helicopters  with  large  allowable 
normal  load  factor  ranges.  Pendulous  accelerometer 
gain  is  affected  directly  by  normal  acceleration,  with 
gain  reaching  infinity  during  a zero  load  factor  maneu- 
ver. 

The  requirements  of  MIL-F-9490  and  MIL-C- 18244 
for  static  and  dynamic  accuracy  are  consistent  with  the 
missions  of  Army  helicopters.  To  achieve  the  dynamic 
requirement  limits,  a crossfeed  of  shaped  lateral  control 
displacement  or  roll  rate  generally  is  necessary.  When 
the  crossfeed  is  found  to  be  necessary,  consideration 
should  be  given  to  the  possible  effects  of  roll  system 
failures  on  the  yaw  axis  characteristics. 

Turn  coordination  systems  almost  always  control 
the  helicopter  via  series  actuation.  This  technique 
avoids  feedback  of  rapid  control  motions  during  turn 
entry  and  allows  improvement  of  static  directional 
stability.  A trip  follow-up  generally  is  desirable  if 
large  actuator  offsets  are  required  for  control. 

6-4.4. 1.5  Altitude-hold  and  Altitude-select 

Historically,  the  altitude-hold  mode  has  been  de- 
signed to  control  the  thrust  of  the  main  rotor  directly. 
In  some  instances,  the  penalty  in  additional  fuel  con- 
sumption has  been  great  enough  to  preclude  opera- 
tional use  of  this  mode.  As  helicopter  speeds  increase, 
it  becomes  necessary  to  consider  indirect  control  of  lift 
via  changes  in  angle  of  attack  as  the  means  of  controll- 
ing the  high-frequency  portion  of  the  altitude-hold 
function.  System  complexity  considerations,  of  course, 
may  dictate  a single  mode  of  control  throughout  the 
flight  envelope. 

The  barometric  altitude-hold  accuracy  requirements 
of  MIL-F-9490  and  MIL-C- 18244  are  not  stringent 
enough  for  flight  safety  during  maneuvering  flight  in 
that  a 90-f;  error  is  permitted  for  bank  angles  greater 
than  30  deg.  For  helicopters,  altitude  errors  should  not 
exceed  50  ft  up  to  the  maneuvering  limits. 


The  design  of  a barometric  altitude-hold  mode  must 
consider  the  means  of  synchronization,  the  actuation 
system,  the  mode  of  commanding  changes  of  reference, 
and  the  flight  envelope  in  which  the  system  must  per- 
form. Self-synchronizing  barometric  pressure  sensors 
are  available  as  the  system  reference.  These  devices 
have  a bellows  arrangement  that  senses  the  change  in 
pressure,  and  a means  of  clutching  the  sensitive  element 
to  the  bellows  at  the  time  of  engagement.  The  sensitive 
element  can  have  a high  output  gradient  because  only 
a small  range  of  altitude  variation  must  be  sensed  fol- 
lowing system  engagement.  However,  the  stick  steering 
requirements  of  MIL-F-9490  and  MIL-C- 1 8244,  which 
require  an  altitude  rate  proportional  to  collective  force, 
cannot  be  met  easily  with  this  system  configuration. 
Disconnect  stick  steering  in  the  altitude-hold  mode  has 
been  very  satisfactory  in  operational  systems  and 
should  be  considered  as  a possible  alternative. 

Electronic  or  electromechanical  synchronization  of 
continuous  proportional  altitude  sensors  is  becoming 
more  common  as  a source  for  barometric  altitude  input 
to  ASE.  As  automatic  altitude  reporting  becomes  a 
requirement  across  the  continental  U.S.,  most  Army 
helicopters  will  be  equipped  with  altimeters  that  in- 
clude some  form  of  electrical  output.  If  these  sensor 
signals  are  encoded  externally,  the  same  reference  may 
be  used  both  for  reporting  and  for  the  ASE.  In  this  case 
the  altitude-rate-proportional  control  maneuvering  is 
accomplished  easily  by  driving  the  synchronizer  at  a 
rate  proportional  to  control  force. 

Whichever  control  maneuvering  system  is  chosen,  a 
positive  means  must  be  provided  by  which  the  pilot  can 
disengage  the  vertical  mode  without  removing  his 
hands  from  the  control.  This  requirement  results  from 
the  necessity  for  eliminating  ASE  vertical  axis  control 
during  autorotation.  In  a disconnect  control  stick  ma- 
neuvering system,  no  transient  will  occur  with  system 
disengagement.  In  a force  or  displacement  proportional 
system,  means  must  be  provided  to  smoothly  but  rap- 
idly reduce  the  commands  to  zero  prior  to  disconnect. 
In  some  helicopters,  the  stable  autorotation  rotor  speed 
is  indicated  by  a force  detent  that  might  be  used  to 
disconnect  the  altitude-hold  mode  automatically  as  the 
collective  is  lowered  through  the  detent  position. 

Barometric  altitude-hold  via  collective  control  gen- 
erally may  be  achieved  at  low  speeds  without  additional 
damping.  If  an  integrating  servo  is  used  as  the  control- 
ler at  high  speeds  with  only  collective  control,  damping 
may  need  to  be  augmented.  In  most  cases,  the  altitude 
sensors  will  provide  signals  with  low  enough  vibration 
content  that  derived  altitude  rate  is  usable  for  this  func- 
tion. 
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Radar  altitude-hold  in  helicopters,  especially  under 
night  VFR  conditions,  is  becoming  a common  require- 
ment. This  mode  is  useful  especially  in  terminal  area 
operations,  and  in  low-speed  flight  (40  kt)  where  bar- 
ometric altitude  data  are  subject  to  large  errors.  The 
radar  altitude  mode  may  take  the  form  of  a hold  or  a 
select  and  hold  system,  depending  upon  mission  re- 
quirements. If  synchronization  of  the  barometric  signal 
is  achieved  with  the  ASE,  a common  synchronizer  may 
be  used  for  both  radar  and  barometric  modes.  Thus, 
co.itrol  maneuvering  may  have  the  same  effect  upon 
the  helicopter  regardless  of  mode. 

Radar  altitude  accuracy  requirements  of  MIL-F- 
9490  and  MIL-C-18244  are  given  as  ±7  ft  or  10%, 
whichever  is  greater,  with  respect  to  the  altimeter  ac- 
curacy. The  Navy's  general  helicopter  specification, 
SD-24,  Volume  II,  allows  only  a ±2-ft  deviation  con- 
sistent with  the  accuracy  of  the  radar  altimeter.  While 
the  latter  requirements  seem  excessively  restrictive,  the 
former  requirements  generally  are  not  adequate.  A 
variation  in  total  system  accuracy  (including  the  altim- 
eter) from  ± 2 % at  an  altitude  of  20  ft  to  ± 10%  at  300 
ft  and  ±30  ft  above  300  ft  will  produce  a more  satisfac- 
tory system  from  both  operational  and  flight  safety 
viewpoints.  This  accuracy  should  be  met  in  straight 
unaccelerated  flight.  These  accuracy  limits  with  respect 
to  the  radar  altimeter  indication  should  be  retained  in 
coordinated,  turning  maneuvers  that  result  in  turn 
rates  of  3 deg/sec.  The  dynamic  response  requirements 
of  the  Military  Specifications  are  acceptable  in  all  cases. 

Altitude-select  modes  using  the  radar  altimeter  as  a 
reference  have  been  a part  of  the  ASE  for  a large  num- 
ber of  helicopters.  This  mode  provides  means  for  the 
pilot  to  descend  or  climb  to  a given  altitude  while  de- 
voting most  of  his  attention  to  airspeed  control  and 
maneuvering  during  terminal  operations.  The  system 
compensation  for  radar  altitude-hold  and  select  is  the 
same,  but  vertical  velocity  limiting  and  command 
smoothing  are  necessary  to  prevent  excessive  load  fac- 
tors and  altitude  rate  commands.  The  radar  altitude- 
select  mode  should  revert  to  a radar  altitude-hold  mode 
if  control  maneuvering  is  used  by  the  pilot.  Thus,  a 
change  in  altitude  may  be  commanded  by  the  pilot 
without  returning  to  the  previously  selected  reference 
when  the  control  forces  are  released,  and  a pilot  action 
is  required  before  the  altitude-select  mode  can  regain 
control  of  the  helicopter. 

Due  to  the  low-pass  filter  characteristics  of  radar 
altimeters,  a combination  of  radar  and  barometric  alti- 
tude signals  may  be  desirable  for  improved  system  per- 
formance. The  barometric  signals  can  provide  damping 
and  short-period  control,  with  long-term  reference  es- 
tablished by  the  radar  signals.  Thus,  the  filter  charac- 
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teristics  that  reduce  radar  high-frequency  performance 
are  compensated.  However,  the  gain  of  the  barometric 
rate  damping  signal  must  be  low  enough  to  permit 
rapid  climbs  and  descents  without  causing  large  alti- 
tude offsets  from  the  radar  altimeter  reference. 

Control  of  altitude  through  the  collective  axis  nor- 
mally is  via  a parallel  actuator.  Limited  authority  series 
actuation,  with  trim  followup,  also  has  been  employed. 
However,  rapid  control  inputs  by  the  ASE  that  are  not 
reflected  to  the  cockpit  collective  control,  but  are  de- 
tected as  toique  changes,  are  not  readily  accepted  by 
pilots,  especially  if  variations  of  5%  or  more  are  com- 
manded. 

In  cruise  flight,  especially  in  high-speed  helicopters, 
the  short-period  control  of  altitude  may  be  accom- 
plished by  commanding  pitch  attitude  with  long-term 
trim  of  thrust.  This  arrangement  is  unsatisfactory  at 
hover,  and  means  for  programming  the  method  of  con- 
trol with  airspeed  must  be  provided.  It  may  be  possible 
to  provide  a discrete  switching  point  for  the  change- 
over, but  programming  will  produce  the  most  desirable 
system. 

A further  consideration  in  all  altitude-hold  systems 
is  engine  governing  dynamics.  In  helicopters  with  rapid 
engine  response  characteristics,  a problem  seldom  is 
encountered.  However,  in  some  helicopter  systems,  the 
frequency  response  of  the  governor  system  and  alti- 
tude-hold loop  may  cause  sufficient  phase  shift  to  devel- 
op instability,  especially  at  hover.  In  these  cases,  addi- 
tional lead  to  the  engine  controls  via  collective  position 
feed-forward  may  stabilize  the  loop. 

6-4.4. 1.6  Velocity  Vector  Control 

The  concept  of  velocity  vector  control  in  the  low- 
speed  flight  regime  has  been  used  in  Navy  helicopters 
for  several  years.  Velocity  information  from  Doppler 
radar  systems  is  summed  with  pitch  and  roll  attitude  to 
produce  a velocity  proportional  to  control  position. 
The  resulting  system  does  not  really  fit  in  the  general 
category  of  pilot-assist  modes  but  rather  is  a navigation 
or  guidance  mode. 

More  recently,  several  systems  have  been  developed 
that  produce  pseudo-inertial  velocity  feedbacks  from 
autopilot-quality  accelerometer  and  vertical  gyroscope 
systems.  The  velocity  and  acceleration  data — either  in 
a body  axis  reference  system  corrected  for  gravity  ef- 
fects, or  in  a vertical  referenced  system — are  summed 
with  attitude  and  shaped  pilot  commands  to  provide 
short-term  velocity  responses.  Typically,  these  systems 
wash  out  with  a time  constant  of  something  under  1 
min  so  that  inaccuracies  in  the  computation  are  elimi- 
nated. 
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The  advantage  of  such  a system  lies  in  reducing  the 
effects  of  external  disturbances  and  the  amount  of  an- 
ticipation required  from  the  pilot  in  controlling  heli- 
copter velocity.  The  stability  of  the  airframe  with  this 
type  of  system  allows  the  pilot  or  possibly  a crew  mem- 
ber to  control  the  helicopter  without  reference  to  the 
horizon.  Thus,  instead  of  hovering  with  a reference 
some  distance  from  the  aircraft,  the  pilot  can  concen- 
trate on  a point  near  the  aircraft. 

In  choosing  the  best  maneuver  response  for  a given 
aircraft  mission  near  hover,  greatly  improved  apparent 
speed  stability  can  be  provided  if  necessary,  or  an  atti- 
tude response  may  be  maintained  like  that  of  the  atti- 
tude-hold system. 

The  velocity  vector  control  system  requires  a series 
actuator  system  if  apparent  speed  stability  improve- 
ment is  desirable.  The  authority  requirements  of  the 
system  are  proportional  directly  to  speed  stability  and 
the  range  of  speeds  over  which  the  system  is  operated. 
In  most  cases,  the  velocity  error  signals  should  be  lim- 
ited to  preclude  actuator  saturation  and  loss  of  the  SAS 
function  of  the  ASE. 

6-4.4.2  Guidance  Modes 

Upon  the  addition  of  guidance  modes,  the  system 
becomes  a true  automatic  flight  control  system.  Guid- 
ance modes  provide  complete  control  of  certain  parts 
of  the  aircraft  mission  profile,  with  the  pilot  ac;ing  as 
a monitor  on  system  function.  In  most  cases  the  modes 
have  been  developed  and  demonstrated,  but  with  a few 
exceptions  they  have  not  been  included  in  operational 
helicopter  automatic  flight  control.  In  all  of  the  modes 
— except  some  of  the  navigational  functions — sophis- 
ticated sensing  and  computational  requirements  will 
restrict  the  use  of  these  modes  to  medium  and  heavy 
attack/assault  helicopters.  The  guidance  modes  are: 

1.  Automatic  navigation 

2.  Automatic  transition 

3.  Automatic  hover 

4.  Automatic  stationkeeping 

5.  Automatic  terrain-following. 

6-4.4.2.1  Automatic  Navigation 

Automatic  navigation  modes  for  helicopters  have 
been  demonstrated  successfully  in  a wide  variety  of 
vehicles.  However,  the  operational  necessity  for  such 
systems  has  been  established  only  recently.  All  of  the 
modes  have  in  common  the  requirement  to  maintain  a 
flight  path  to  achieve  a given  destination,  and  all  re- 
quire a suitably  stabilized  lateral-directional  inner  loop 
(par.  6-4.4. 1.1).  The  navigational  modes  discussed  are: 

1.  VOR/TACAN 


2.  Localizer 

3.  Ground  speed. 

The  VOR  and  TACAN  navigation  modes  are  similar 
functionally.  The  desired  course  to  the  station  is  se- 
lected in  the  cockpit,  using  the  normal  procedures  for 
flying  either  mode  manually.  Upon  engagement  of  the 
VOR/TACAN  guidance  mode,  if  a valid  signal  is  being 
received,  t ;e  helicopter  commences  a tut.<  to  the  se- 
lected magnetic  bearing.  As  in  the  heading-select  mode, 
the  bearing  error  commands  a bank  angle  proportional 
to  the  bearing  angle  up  to  some  preset  limit.  As  the 
error  is  reduced  to  zero,  the  aircraft  rolls  out  to  the 
attitude  required  for  straight  flight  and  flies  to  or  from 
the  beacon  as  necessary  to  null  the  bearing  error.  Com- 
pensation of  the  beam  error  signal  by  adding  beam 
error  generally  is  necessary  for  suitable  system  stability. 

Because  the  VOR/TACAN  bearing  error  is  an  angu- 
lar measure,  the  lateral  position  variation  with  respect 
to  the  beam  for  a given  Vrror  is  proportional  to  the 
distance  to  or  from  the  transmitting  station.  Thus,  the 
closed  loop  response  of  the  helicopter  to  lateral  position 
changes  also  is  a function  of  range.  When  the  TACAN 
receiver  is  operated  in  the  receive  mode,  or  in  conjunc- 
tion with  an  omnidirectional  beacon  without  range  ca  - 
pability, a compromise  loop  gain  must  be  selected  to 
provide  suitable  accuracy  at  long  ranges  without  lightly 
damped  hunting  at  short  range.  If  the  TACAN  receiver 
is  operated  in  the  transmit/receive  mode,  provision  for 
navigational  mode  gain  changing  as  a function  of  dis- 
tance will  provide  excellent  performance  regardless  of 
range.  A means  should  be  provided  for  holding  gain  at 
some  preselected  value  as  signal  strength  weakens  and 
the  range  data  consequently  become  invalid,  even 
though  a valid  bearing  signal  may  still  exist.  Also, 
means  should  be  provided  to  inhibit  commands  during 
the  TO-FROM  switchover  period  as  the  helicopter  flies 
over  the  ground  station.  Reversion  to  heading  hold  for 
a set  period  of  time — approximately  10  sec  after  loss  of 
signal — will  allow  the  aircraft  to  overfly  the  station 
without  developing  significant  errors.  This  same  func- 
tion will  hold  the  helicopter  on  heading  as  loss  of  sir- 
occurs  at  the  range  extremes.  If  the  signal  is  no,,  re- 
gained during  the  delay  time,  the  VOR/TACAN  mode 
should  disengage,  with  proper  annunciation  on  the 
cockpit  control  panel,  and  the  system  should  revert  to 
a heading-hold  mode. 

Control  stick  steering  during  any  navigational  mode 
should  cause  the  system  to  revert  to  the  basic  ASE 
modes. 

The  localizer  mode  is  a special  radio-beam  coupler 
mode.  In  this  mode,  only  one  course  can  be  flown.  A 
polarized  signal  proportional  to  the  helicopter  position 
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with  respect  to  the  beam  centerline  is  detected  and 
processed  in  the  receiver.  The  processed  signal  indi- 
cates the  angular  relationship  to  the  beam.  As  in  the 
VOR/TACAN  mode,  a turn  to  the  beam  is  com- 
manded. The  initial  capture  of  the  beam  should  be 
possible  from  ranges  of  4-8  mi  and  intercept  angles  of 
45  deg.  For  conventional  approaches,  i.e.,  glide  slope 
angle?  of  approximately  3 deg,  the  intercept  should  be 
completed  5-6  mi  from  the  touchdown  point.  For  heli- 
copters the  trend  is  toward  steeper  approaches  of  6-9 
deg  with  the  4-mi  intercept  being  a maximum  require- 
ment under  night  VFR  conditions  using  a conventional 
coupler  mode.  The  intercept  angle  requirement  may  be 
increased  to  suit  certain  missions.  Following  the  local- 
izer intercept,  the  coupler  gain  and  compensation 
should  change  to  assure  minimum  error  as  the  ap- 
proach terminates. 

M1L-F-9490  requires  that  the  beam  intercept  over- 
shoot not  exceed  50%  of  full-scale  deflection  of  the 
localizer  indication.  The  second  overshoot  and  steady- 
state  error  must  not  exceed  10%  of  full  scale. 

The  velocity  vector  control  method  (par.  6-4.4. 1.6) 
has  been  used  successfully  during  manual  approaches 
at  glide  path  angles  of  up  to  9 deg  with  good  success. 
Analysis  has  shown  that  self-contained  inertial  damp- 
ing can  enhance  the  coupled  approach  mode  greatly. 
Additional  system  gain  modification  as  a function  of 
radar  altitude  also  may  be  beneficial  during  the  termi- 
nal phase  of  the  approach. 

Automatic  coupling  of  the  vertical  mode  through  a 
glide  path  coupler  has  not  been  required  in  past  Army 
helicopter  ASE.  The  advent  of  tactical  landing  beacons 
with  accurate  localizer  and  glide  path  capabilities  may 
bring  forth  such  requirements  in  the  future.  The  alti- 
tude-hold modes  of  par.  6-4.4. 1.5  can  be  modified  to  be 
compatible  with  fully  automatic  approach  couplers. 
Such  a system  would  maintain  altitude,  either  baromet- 
ric or  radar,  until  the  glide  path  is  intercepted.  The 
beam  error  then  would  control  the  aircraft,  command- 
ing altitude-rate  variations  through  the  same  controls 
as  the  altitude-hold  mode.  Some  of  the  beacons  also 
provide  range  information  that  can  be  used  to  control 
a programmed  deceleration  as  a function  of  distance  to 
destination.  The  basic  requirements  for  the  control  of 
speed  are  covered  in  par.  6-4.4.2.2. 

Automatic  control  of  helicopter  drift  and  heading 
velocity  has  been  used  for  a number  of  years  in  the 
Navy  antisubmarine  warfare  (ASW)  mission.  As  Dop- 
pler and  inertial  navigation  systems  are  added  to  the 
Army  avionic  complement,  this  type  of  automatic  navi- 
gation may  become  a mission  requirement. 

The  Doppler-based  systems  have  been  implemented 
in  both  speed-hold  and  speed-select  configurations.  A 


ground-speed-select  system  uses  a reference  from  a 
cockpit  controller  to  command  ground  speed  and  drift 
angle,  or  heading  and  cross-track  velocity.  The  error 
between  the  reference  and  the  ground  speed  commands 
appropriate  pitch  or  roll  attitude  changes.  Limits  upon 
pitch  and  roll  attitudes  that  may  be  commanded  during 
accelerations  should  be  set  at  not  more  than  ±10  deg. 
Control  maneuvering  by  the  pilot  should  disconnect 
the  ground-speed-select  mode. 

A synchronized  ground-speed  mode  has  several  ad- 
vantages over  a select  type  of  system.  For  example, 
variations  in  reference  speed  can  be  achieved  by  a 
velocity-proportional  control  force,  by  a displacement- 
maneuvering  system,  or  by  beeper  trim.  With  a syn- 
chronized ground-speed  system,  the  automatic  transi- 
tion system  (par.  6-4,4.2.2)  is  a natural  outgrowth. 
Ground  speed  control  of  compound  helicopters  will  be 
achieved  by  modulation  of  the  horizontal  thrust  sys- 
tem. Control  maneuvering  for  this  type  of  system  is 
undefined  as  yet,  but  a disconnect  and  resynchroniza- 
tion approach  seems  logical  because  speed  variations 
should  be  controllable  easily  by  thrust  variation  if  alti- 
tude-hold is  controlling  pitch  attitude  and  rotor  thrust. 

Because  of  the  noise  characteristics  of  Doppler  sys- 
tems, inertial  augmentation  is  a desirable  part  of  the 
system.  The  feedback  portion  of  the  velocity  vector 
system  (par.  6-4.4. 1.6)  could  be  used  to  provide  the 
damping  necessary  to  stabilize  the  flight  path  during 
periods  when  the  Doppler  data  are  noisey  or  unreliable. 
Because  long-term  velocity  information  is  provided  by 
the  Doppler  system,  the  pseudo-inertial  velocity  infor- 
mation may  be  washed  out  for  a period  of  10-20  sec  to 
avoid  null  and  subsequent  drift  problems.  Velocity  data 
from  an  inertial  navigation  system  may  be  used  as  a 
direct  replacement  for  Doppler  information,  with  a 
probable  improvement  in  performance  of  the  short- 
period  characteristics. 

The  ground-speed-hold  system  requirements  of 
MIL-C- 18244  are  ±1  kt  or  ±2%,  whichever  is 
grea'er;  those  of  MIL-F-9490  are  ±5  kt  or  ±10%, 
whichever  is  greater.  Both  specifications  are  for  flight 
in  calm  air.  The  latter  specification  may  suffice  for 
some  missions,  but  performance  somewhere  between 
the  two  levels  should  be  sought.  The  ±l-kt  require- 
ment indicates  a relatively  high  gain  between  ground 
speed  and  pitch  attitude  that  could  produce  undesirable 
angular  accelerations  in  a helicopter  in  gusty  weather 
and  high-speed  flight.  MIL-C-18244  also  specifies  that 
in  a ground-speed-select  system,  the  transition  from  the 
speed  at  the  time  of  engagement  to  the  selected  speed 
shall  be  smooth  and  shall  not  overshoot  more  than 
20%  of  the  incremented  change  in  ground  speed.  A 
more  realistic  requirement  might  be  for  an  overshoot 
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limit  of  20%  or  10  kt,  whichever  is  smaller,  to  preclude 
the  possibility  of  exceeding  helicopter  limitations.  Be- 
cause the  variation  in  helicopter  velocity  is  usually  a 
low-frequency  function,  a parallel  actuation  system 
may  be  used  to  give  the  pilot  an  indication  of  the  trim 
condition  of  the  aircraft  without  compromising  system 
performance. 

6-4.4.2.2  Automatic  Transition 

Automatic  transitions  have  been  a basic  part  of  the 
mission  requirements  of  Navy  ASW  helicopters.  The 
automatic  systems,  as  configured  presently , use  Dop- 
pler velocity  and  radar  altitude  select  systems.  The 
ASE  coupler  controls  the  rate  of  change  of  altitude  and 
ground  speed  to  produce  a transition  to  hover  once  the 
pilot  has  established  a given  set  of  initial  conditions. 
The  resulting  response  is  open  loop  in  that  a specific 
hover  position  is  not  obtained  automatically;  however, 
an  experienced  pilot  can  achieve  desired  hover  position 
by  estimating  the  distance  necessary  for  the  transition 
and  engaging  at  the  proper  time. 

The  Army  helicopter  mission  cannot  tolerate  the 
open  loop  nature  of  the  described  type  of  transition  due 
to  the  limited  area  in  which  the  final  hover  usually 
must  be  achieved.  The  additional  requirement  for  an 
accurate  position  following  the  inbound  transition  de- 
mands that  the  automatic  transition  mode  rely  upon 
command  signals  generated  in  a coupler  based  upon  the 
navigation  system,  the  obstacle  avoidance  radar,  the 
ASE,  and  perhaps  an  external  beacon  system,  as  well 
as  upon  air  data  and  power  management  information. 
The  complexity  of  the  calculations  necessary  to  gener- 
ate attitude  and  altitude  commands  vinually  requires 
inclusion  of  a digital  computer  in  the  aircraft  avionic 
complement. 

The  navigation  system  information  is  the  basis  for 
the  automatic  transition  position  information.  Depend- 
ing upon  the  accuracy  of  the  navigation  system,  and  the 
accuracy  to  which  the  final  hover  point  is  known,  an 
external  reference  such  as  a radio  beacon  may  be  re- 
quired as  the  absolute  reference.  The  beacon  may  up- 
date the  navigation  system  reference  prior  to  initiation 
of  the  approach  by  being  overflown  by  the  helicopter 
(a  technique  that  is  undesirable  tactically)  or  during  the 
inbound  approach  prior  to  engagement  of  the  coupler. 
The  engage  gate  thus  becomes  a volume  in  space  with 
vertical  and  horizontal  limits  dependent  upon  the  max- 
imum permissible  and  the  desirable  maneuver  limits  for 
the  transition.  The  length  of  the  engage  gate  is  a func- 
tion of  range  and  existing  airspeed.  The  pilot  must 
establish  a set  of  initial  conditions — altitude  rate, 
ground  speed,  and  heading — within  the  limits  of  the 
engage  gate. 


AMCP  706-201 


The  digital  computer  generates  speed,  roll,  and  verti- 
cal commands  that  are  referenced  to  the  ASE  sensors. 
The  commands  are  constrained  by  the  maneuvering 
limits  placed  upon  the  system  by  requirements  of  flight 
safety  and  crew  acceptability.  These  constraints  in- 
clude, but  are  not  limited  to: 

1 . Maximum  attitude  upsets 

2.  Minimum  and  maximum  glide  path  angles 

3.  Power  requirements 

4.  Power  available 

5.  Limits  following  engine  loss 

6.  Obstacle  avoidance  radar  limitations. 

Acceptable  performance  of  a transition  coupler  is 
not  covered  by  a general  specification  and  hence  must 
be  developed  for  each  helicopter.  As  a guideline,  the 
following  criteria  probably  can  be  met  with  available 
technology: 

1.  Hover  position.  Horizontal  within  two  rotor 
diameters  of  the  reference. 

2.  Vertical  position.  ±2  ft  with  overshoot  not 
more  than  20%. 

3.  Final  velocity.  Less  than  ±2  kt. 

4.  Attitude  excursions.  Not  greater  than  ± 10  deg. 

5.  Power  variations.  Less  than  ±50%  of  the 
power  required  for  level  flight  at  all  speeds. 

The  outbound  transition  also  can  be  controlled  auto- 
matically if  desired.  Because  the  end  point  is  not  as 
critical  as  for  the  inbound  transition,  the  constraints 
upon  position  and  final  attitude  are  not  as  important. 
However,  the  power  available  and  power  required  con- 
straints become  critical  in  achieving  a successful  out- 
bound transition.  Determining  these  parameters  is  dif- 
ficult without  flight  testing.  A power  topping  check  can 
give  an  accurate  estimate  of  power  available,  and  power 
required  can  be  extrapolated  from  the  topping  power 
required.  However,  the  pilot  probably  would  prefer  to 
use  handbook  data  and  to  apply  manual  control 
through  the  automatic  coupler  for  an  initial  transition, 
and  to  let  the  computer  store  the  necessary  data  for 
subsequent  inbound  and  outbound  approaches  on  a 
given  mission. 

6-4.4.2.3  Automatic  Hover 

The  automatic  hover  mode  may  be  a requirement  for 
future  Army  helicopters,  especially  heavy-lift  vehicles. 
As  the  helicopter  reaches  the  hover  position,  down- 
wash  and  recirculation  of  dust  can  obscure  the  horizon 
and  the  area  adjacent  to  the  helicopter  completely:  an 
automatic  hover  control  system  thus  would  be  a desira- 
ble feature.  Several  successful  systems  based  upon  cable 
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references  have  been  developed  and  flown  operation- 
ally; but  the  desirability  of  not  having  to  deploy  and 
retrieve  any  external  device  is  apparent.  However,  few 
noncooperative  sensors  can  produce  position  accura- 
cies of  even  ± 10  ft  for  periods  of  up  to  10  min  over  all 
types  of  terrain  and  with  the  nearest  targets  varying 
from  perhaps  100  to  1000  ft;  and  for  a hover  hold 
system,  the  sensor  accuracy  requirement  is  in  the  order 
of  ±2  ft,  with  drift  of  2 fpm  or  less. 

With  a suitable  reference,  the  accurate  positioning  of 
the  aircraft  in  a closed  loop  fashion  is  fairly  straightfor- 
ward. Displacement  information  from  the  sensor  sys- 
tem and  velocity  data  from  either  the  navigation  system 
or  the  pseudoinertial  system  (par.  6-4.4. 1.6)  are 
summed  to  form  a coupler  error  signal.  The  coupler 
then  commands  longitudinal  velocity  via  thrust  varia- 
tion or  pitch  attitude,  and  roll  attitude  and  altitude  via 
the  ASE. 

Pilot  control  of  position  must  be  provided  in  this 
mode  for  maneuvering.  Due  to  the  large  variation  of 
position  maneuvering  that  might  be  required,  a velocity 
command  system  similar  to  the  velocity  vector  control . 
of  par.  6-4.4. 1.6  or  ground  speed  control  of  par.  6- 
4.4.2.2.1  probably  is  desirable.  The  position  reference 
would  be  synchronized  during  the  pilot  overpower  of 
the  hover  mode.  Upon  release  of  the  control  force,  a 
new  position  reference  would  be  established.  During 
maneuvers,  acceleration  greater  than  0.2  g seldom  will 
be  required  in  the  automatic  hover  mode.  Velocities  of 
up  to  30  kt  might  be  demanded  occasionally,  but  most 
of  the  maneuvers  would  be  at  10  kt  or  less.  The  position 
overshoot  from  pilot  release  of  a 30-kt  command  would 
be  approximately  100  ft  for  a 0.2  g deceleration.  Nor- 
mal piloting  techniques  will  reduce  this  magnitude  con- 
siderably. 

6-4.4.2.4  Automatic  Stationkeeping 

The  development  of  automatic  stationkeeping 
(ASK)  has  been  an  area  of  considerable  interest  with 
various  Army  aviation  agencies  for  several  years.  Basi- 
cally, the  problem  is  similar  to  the  automatic  hover 
position  problem  (par.  6-4.4.2.3)  but  is  compounded  by 
a reference  (the  leader  aircraft)  that  is  moving  in  space. 
Sensing  the  relative  motion  between  the  leader  of  a 
group  of  helicopters  and  all  of  the  followers  is  quite 
complex. 

Several  systems  have  been  proposed  for  controlling 
the  formation  flight  of  the  followers,  and  limited  flight 
evaluations  of  equipment  have  been  conducted.  All  of 
the  systems  to  date  have  generated  command  positions 
for  the  follower  aircraft  based  upon  the  range  and  an- 
gular relationships  between  follower  and  leader.  De- 
pending upon  how  the  lead  aircraft  maneuvers,  and 
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how  the  formation  is  to  follow  the  leader  through  the 
maneuvers,  a numberof  system  models  have  been  devel- 
oped. Continuing  studies  in  these  areas  must  be  re- 
viewed for  each  new  helicopter  mission  to  determine 
their  applicability. 

The  mode  of  control  within  a follower  aircraft  proba- 
bly will  be  by  attitude-  and  altitude-rate  commands. 
Damping  of  follower  aircraft  position  will  require 
three-axis  velocity  information  from  an  onboard  navi- 
gation system  or  some  other  source  of  inertial  velocity 
information,  as  in  the  hover  case.  Command  limits 
necessarily  will  be  larger  for  this  mode  than  for  other 
coupler  modes  if  the  capabilities  of  the  helicopter  are 
to  be  realized  fully.  Bank  attitudes  of  up  to  ±30  deg 
and  pitch  attitudes  of  ± 10  deg  are  necesssary  once  the 
formation  has  been  established.  Thrust  variations  will 
be  required  in  compound  helicopters  to  allow  ac- 
celerated changes  of  up  to  ±0.3  g along  the  longitudi- 
nal axis. 

The  rendezvous  phase  of  the  mission  also  may  be 
achieved  automatically,  using  the  same  limits  at  lower 
speeds  to  perform  turning  maneuvers  in  less  time  and 
distance.  During  rendezvous,  each  aircraft  will  be  di- 
rected by  the  ASK  system  to  a preassigned  position 
placed  into  the  computer  by  the  pilot.  Any  change  in 
command  position  following  rendezvous  will  require 
the  pilot  to  change  his  position  input.  The  capability  for 
position  changes  during  flight  will  require  a data  ex- 
change among  all  formation  elements  in  the  event  the 
desired  change  interferes  with  the  airspace  allotted  to 
another  aircraft. 

6-4.4.2.5  Automatic  Terrain-following 

Automatic  terrain-following  (ATF)  for  helicopters  is 
another  coupler  mode  that  has  been  developed  by  the 
Army  in  its  program  of  avionic  research  and  develop- 
ment. The  function  also  may  be  categorized  as  terrain 
avoidance.  These  systems  presently  are  based  upon 
range  and  angle  inputs  from  forward-looking  radar, 
radar  altimeter,  Doppler  velocity,  airspeed,  or  other 
inputs  unique  to  the  vehicle  in  which  they  are  installed. 
Ranging  techniques  based  upon  laser  technology  may 
interface  with  the  ASE  in  future  designs. 

Terrain-following  can  be  accomplished  at  a varyin, 
speed  and  a fixed  altitude  with  respect  to  the  terrain 
cr  at  varying  altitudes  and  a fixed  speed.  The  latter 
method  maintains  a constant  clearance  for  peaks,  but 
smooths  the  flight  path  to  avoid  the  major  terrain  fea- 
tures. 

The  bases  for  terrain-avoidance  or  terrain-following 
are  the  ASE  attitude  and  the  radar  altitude  holds.  For- 
ward-looking radar  data  are  processed  by  various 
means,  and  longitudinal  maneuvers  and/or  power  vari- 
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ations  are  commanded.  If  speed  is  allowed  to  vary, 
many  of  the  required  maneuvers  can  be  accomplished 
by  trading  speed  for  climb  angle.  Thus,  a combination 
of  pitch  attitude  and  normal  acceleration  is  com- 
manded by  the  ATF  coupler;  as  speed  is  reduced, 
power  may  be  added  via  collective  or  thrust  commands 
to  maintain  a preselected  minimum  speed.  In  some 
power-limited  helicopters,  rotor  speed  sensing  may  be 
required  to  override  the  ATF  system  and  prevent  un- 
safe conditions  during  steep  climbs. 

As  the  aircraft  reaches  the  top  of  a hill,  the  forward- 
looking  radar  no  longer  sees  a close-range  terrain  fea- 
ture and  commands  a decrease  in  climb  angle.  The 
radar  altimeter  prevents  a pushover  until  the  hill  has 
been  cleared. 

The  processing  of  the  radar  data  is  the  most  impor- 
tant aspect  of  the  ATF  system.  The  range-to-terrain 
features  that  will  cause  a climb  must  change  as  a func- 
tion of  ground  speed  and  climb  or  descent  angle.  The 
angle  from  the  aircraft  to  a feature  that  effects  a com- 
mand also  is  variable. 

The  ATF  system  probably  places  mote  demands 
upon  ASE  actuators  than  any  other  mode  of  flight. 
Large  pitch  changes  in  the  short-period  frequency 
range  of  the  helicopter  are  necessary  to  control  the 
flight  path,  as  are  power  variations  from  flight  idle  to 
intermediate  power.  The  other  guidance  modes,  be- 
cause of  the  limited  maneuvering  requirements,  gener- 
ally can  be  achieved  with  limited-authority  series  actu- 
ators and  automatic  trim  follow-up.  Automatic 
stationkeeping  requires  full-authority  actuation  for 
pitch  and  thrust  control;  this  actuation  has  both  higher 
rates  and  better  frequency  response  characteristics  than 
an  automatic  trim  system  requires.  The  safety  require- 
ments for  such  systems  are  discussed  in  par.  6-4.4. 3. 

6-4.4.3  Automatic  Stabilization  Equipment 

Failures 

Failures  of  the  ASE  have  the  same  requirements  for 
allowable  transients  as  SAS  failure  (par.  6-4. 3.2).  The 
detail  configuration  of  the  ASE  actuators  has  a signifi- 
cant effect  upon  the  magnitude  of  the  transients. 

6-4.4.3.I  Passive  Failures 

Passive  failures  of  the  ASE  degrade  the  mission 
capabilities  of  the  helicopter,  but  generally  lesult  in 
nothing  worse  than  a slow  divergence  from  the  con- 
trolled attitude.  The  exceptions  are  failures  in  the  basic 
pilot-assist  modes  when  a guidance  mode  is  engaged 
that  is  dependent  upon  the  attitude  or  altitude  reference 
of  the  ASE.  In  systems  where  the  ASE  is  controlling 
the  aircraft  along  a path,  especially  during  approaches 
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or  in  terrain-following  or  stationkeeping,  redundancy 
of  the  critical  portions  of  the  ASE  is  required. 

6-4.4.3.2  Hardover  Failures 

The  effect  of  hardover  failures  of  the  electronics  of 
the  ASE  is  largely  dependent  upon  the  actuator  config- 
uration. Systems  that  use  the  SAS  series  actuators  for 
ASE  control  should  be  limited  electronically  to  pre- 
clude saturation  of  the  actuators.  The  limits  area  func- 
tion of  maneuvering  requirements  and  SAS  authority 
requirements  to  control  the  aircraft  following  the  fail- 
ure. If  automatic  trim  followup  of  the  series  actuator 
position  is  used,  the  trim  rate  during  ASE  operation 
must  be  a compromise  between  system  operation  and 
failure  characteristics. 

Parallel  position  servo  actuators  are  employed  in 
ASE  systems  used  in  maneuvering  modes  requiring 
large  authority.  The  disadvantage  of  this  actuator 
method  is  that  it  usually  is  opposed  by  the  SAS  series 
actuator  and  thus  must  move  through  greater  ampli- 
tudes. The  advantage  comes  in  pilot  acceptance  of  the 
ASE  system.  Commanded  control  inputs  are  reflected 
to  the  cockpit  controls  so  that  the  pilot  can  monitor  the 
system  performance  during'  the  maneuver,  and  may 
react  before  the  safety  of  the  helicopter  is  compro- 
mised. Because  of  the  large  authority  (usually  greater 
than  50%  of  full  travel),  the  rate  limits  on  these  actua- 
tors must  be  selected  to  meet  the  failure  criteria.  In 
modes  such  as  ATF  and  stationkeeping,  the  maneuvers 
quite  frequently  will  exceed  the  failure  limits  in  less 
than  3 sec.  These  modes  and  the  pilot-assist  modes 
must  be  provided  in  a redundant  or  monitored  configu- 
ration, or  deviations  from  the  failure  specifications 
must  be  allowed. 

Overpowering  of  failed  parallel  actuator  systems 
must  be  possible  within  the  limits  of  the  allowable  con- 
trol forces  of  MIL-H-8501  for  hover  and  low-speed 
flight.  The  allowable  overpower  forces  must  not  exceed 
the  limits  of  MIL-F-8785  for  helicopters  at  speeds 
above  1 50  kt  or  speeds  at  which  control  of  the  helicop- 
ter is  achieved  through  aerodynamic  surfaces  other 
than  the  rotor.  Further  guidance  in  this  area  is  included 
in  MIL-F-83300. 

A positive  means  for  disconnecting  a failed  parallel 
actuator  must  be  included  in  the  system  design.  If  pos- 
sible, no  controls  other  than  the  normal  ASE  controls 
should  be  necessary  for  actuator  release  following  a 
failure;  accordingly,  the  device  must  be  readily  accessi- 
ble to  the  flight  crew. 
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6-5  LIST  OF  SYMBOLS 


A = feedback  parameter,  sec'1 
A6  — total  blade  area,  ft3 
At  =■-  cosine  component  of  blade 
feathering  with  respect  to  the 
shaft,  positive  for  down 
feathering  at  vp  = 0 deg,  rad 
— sine  component  of  swashplate 
tilt  with  respect  to  a plane 
normal  to  the  shaft,  rad 
40>/4,,/<2  = generalized  coefficients  of  third 
order  frequency  equation 
a — blade  section  lift  curve  slope, 
rad'1 

q,  = coning  angle,  rad 
a.  = vertical  acceleration,  positive 
down,  ft /sec' 

<f.  = response  a.  to  unit  control  step 
input,  ft/sec1 

a,  = cosine  component  of  blade 

flapping  with  respect  to  a plane 
normal  to  the  shaft,  positive  for 
down  displacement  at  iji  = 0 
deg.  rad 

aip  = pitch-roll  coupling  derivative, 

3 a,/  dp,  sec 

alf  = damping  in  pitch,  3a,/  3 q,  sec 
al((  = speed  stability  derivative, 
3a,/3«,  rad/fps 
a,o  = static  stability  derivative, 
da,/  3a,  dimensionless 
a,M  = speed  stability  derivative, 

3 a,/  dp,  dimensionless 
B — tip  loss  factor,  dimensionless 
Bx  = sine  component  of  blade 

feathering  with  respect  to  the 
shaft,  positive  for  down 
feathering  at  ip  = 90  deg,  rad 
= cosine  component  of  swashplate 
tilt  with  respect  to  a plane 
normal  to  the  shaft,  rad 
b = number  of  blades 
3,  = sine  component  of  blade 

flapping  with  respect  to  a plane 
normal  to  the  shaft,  positive  for 
down  displacement  at  tj>  = 90 
deg,  rad 

3,  = damping  in  roll,  dbj  bp,  sec 
3,  - roll-pitch  coupling  derivative. 
33,  / dq.  sec 

Cn  = drag  coefficient  of  fuselage 
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section,  dimensionless 
CF  — centrifugal  force  at  blade 
flapping  hinge,  lb 
Cr  - rotor  thrust  coefficient, 

7/[irA3p(0/i)2],  dimensionless 
Cr/cr  — rotor  thrust-coefficient/ 

solidity  ratio,  T/[pbcR(Q,RY], 
dimensionless 

C\  = pitch-flap  coupling  parameter, 
-tan  fij,  dimensionless 
Ci  = linkage  ratio,  dimensionless 
= aerodynamic  damping 
coefficient,  dimensionless 
c = blade  chord,  ft 
c,  = damping  in  roll,  Ib-ft/(rad/sec) 
cy  = damping  in  pitch, 
lb-ft  /(rad/sec) 

c2  = damping  in  yaw,  lb-ft/(rad/sec) 
c,,c2  = coefficients  in  equation  for 

change  of  flapping  with  respect 
to  speed,  dimensionless 
d — fuselage  depth,  ft 
£,.  • .Ej.  = coefficients  in  equation  for 

change  of  trim  angle  of  attack 
with  respect  to  speed 
e — flapping  hinge  offset,  ft 
F,  = inertial  force  due  to  flapping 
acceleration,  lb 

/ - speed  ratio,  dimensionless 
G(s)  = system  transfer  function 
G = gyro  specific  damping, 

damping/critical  damping, 
dimensionless 

g — acceleration  due  to  gravity, 
ft/sec’ 

fl(s)  — feedback  transfer  function 
A = height  of  rotor  hub  above  CG, 
ft 

hn  = height  of  tail  rotor  above  CG, 
ft 

/*  = blade  flapwise  mass  moment  of 
inertia,  slug-ft2 

I,  = moment  of  inertia  in  roll, 
slug-ft2 

/,.  = moment  of  inertia  in  pitch, 
slug-ft2 

/.  = moment  of  inertia  in  yaw, 
slug-ft2 

K = feedback  gam,  in  .-sec 
— specific  damping  of  blade 
flapping  motion, 
damping/critical  damping 
K>  = proportional  feedback  gain 
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Jf,  = integral  feedback  gain,  in. 

K(ij<)  = aerodynamic  spring  coefficient, 
dimensionless 

— attitude  gain  of  stabilization 
system,  dimensionless 
ki  = rate  gain  of  stabilization 
system,  dimensionless 
ka  — flapping  stiffness  of  rote  blade, 
lb-fi/rad 

L — rolling  moment  about  CG, 
positive  down  to  right,  lb-ft 
Lh  = rolling  moment  at  hub 

produced  by  blade  flapping, 
positive  down  to  right,  lb-ft 
M = pitching  moment  about  CG, 
positive  nose-up,  lb-ft 
MH  = pitching  moment  of  rotor  on 
hub,  positive  nose-up,  lb-ft 
MA  = pitching  moment  produced  by 
aerodynamic  forces  on  fuselage, 
wing  and  empennage,  lb-ft 
Mg  = gyro  moment,  lb-ft 
My  - speed  stability  derivative, 

( dM/  bu)//y,  (sec-ft)“ 1 
K - static  stability  derivative, 

negative  for  stable  behavior, 
(dM/da)/Iy,  sec2 
Mi  = pitch  damping  derivative, 

negative  for  damped  motion, 

O M/d6  )/Iy,  sec'1 
Mh  = control  power,  (d M/ dd^/Iy, 
sec~Vin. 

m — blade  mass  distribution,  slug/ft 
N — yawing  moment,  positive 
clockwise  from  top,  lb-ft 
P = flapping  frequency  parameter, 
flapping  frequency/ , 
dimensionless 

P = nominal  flapping  frequency 
parameter,  dimensionless 
p = rolling  velocity  about  rotor 
center,  rad/sec 

q = pitching  velocity  about  rotor 
center,  rad/sec 

= dynamic  pressure,  p V*/2,  lb/ ft 2 
R = rotor  radius,  ft 
RF  — response  factor,  dimensionless 
r — incremental  radius,  ft 
rt  = aircraft  pitching  radius  of 
gyration,  ft 

s = Laplace  operator,  sec ' 1 
T = rotor  thrust,  lb 
TD  — time  required  to  double 


amplitude,  sec 
Th  =>  time  required  to  half 
amplitude,  sec 
?T*  - tail  rotor  thrust,  lb 
T0  = period  of  oscillation,  sec 
t = time,  sec 

U = velocity  along  helicopter 
longitudinal  body  axis, 
u = horizontal  velocity  of  CG  of 
aircraft,  positive  forward,  fps 
V a speed,  fps 

Vt  - lateral  velocity  at  main  rotor, 
fps 

Vt*  = lateral  velocity  at  tail  rotor, 
fps 

V,  - vertical  velocity  at  rotor,  fps 
v = lateral  velocity  of  CG  of  the 
aircraft,  positive  to  right,  fps 
IV  — helicopter  weight,  lb 
w = vertical  velocity  of  CG  of  the 
aircraft,  positive  down,  fps 
x = horizontal  distance  from  CG,  ft 
x"  = horizontal  location  of  CG 
ahead  of  shaft,  ft 
xM  = horizontal  distance  between 
rotors  of  a tandem-rotor 
helieepter,  ft 

xn  = horizontal  distance  between  tail 
rotor  and  CG,  ft 
Z = vertical  force  on  aircraft, 
positive  down,  lb 

Z„  = vertical  damping  derivative, 
negative  for  damped  motion, 

sec"' 

Z4  = vertical  control  sensitivity, 
(ft/sec2  )/in. 

a = angle  of  attack,  rad  or  deg 
Oo  = amplitude  of  pitching 
oscillation,  rad 
(Z  = flapping  angle,  rad 

00  = rotor  coning  angle.,  rad  or  deg 
0,  — angle  of  sideslip,  rad 

0 1 = forward  tilt  angle  of  rotor  tip 

path  plane,  rad  or  deg 

02  = left  tilt  angle  of  rotor  tip  path 

plane,  rad  or  deg 
y = Lock  number,  Rtcop/ Ij,, 
dimensionless 
yc  = climb  angle,  rad 
A - phase  angle,  rad 
= incremental 

6 = angular  displacement  of  gvro.  rad 
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8, 


s, 

s, 


amplitude  of  cos  4<  component 
of  gyro  displacement,  rad 
feedback  input  subtracting  from 
control  input , in. 

- pedal  displacement,  in 
amplitude  of  sin  t|/  component 
of  gyro  displacement,  rad 

8„  = longitudinal  displacement  of 
control  stick,  positive  aft,  in. 

8V  = lateral  displacement  of  control 
stick,  positive  to  right,  in. 

8,  = power  control  setting,  rad 
6)  = angle  of  inclination  of  flapping 
hinge . rad  or  deg 
t = a constant  in  generalized 
coefficients  A{,  A},  and  A}, 
sec'1 

= damping  ratio,  dimensionless 

- pitch  attitude,  positive  nose-up, 
rad 

- response  0 to  unit  control  step 
input,  rad 

ft,  = cyclic  pitch  input  of  stabilization 
system,  rad 

0T„  = tail  rotor  pitch,  rad 
0o  — main  rotor  collective  pitch,  rad 


e 


e 
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- forward  cyclic  pitch  angle,  rad 
= left  cyclic  pitch  angle,  rad 
= displacement  in  pitch  I.Osec 

following  control  displacement 
= inflow  ratio,  positive  for  upflow 
through  rotor . dimensionless 
= free  body  gust  alleviation 
factor,  dimensionless 

— advance  ratio,  U/((IR)< 
dimensionless 

= frequency  of  pitching 
oscillation,  rad/sec 
= reduced  frequency  of  pitching 
oscillation,  v/fl,  dimensionless 
= density  of  air,  slug/ft’ 

= rotor  solidity,  bc/(nR) , 
dimensionless 

Tf  = feedback  time  constant,  sec 
r t — pitch  time  constant  with 
feedback , sec 

t„  — vertical  time  constant  without 
augmentation,  sec 
¥ = reduced  time,  ftr, 
dimensionless 

r8  = pitch  time  constant , sec 
<f>  = roll  attitude,  positive  down  to 
right,  rad 


P 

cr 


fin » 


u> 


- displacement  in  roll  0.5  sec 
following  control  displacement 

= yaw  attitude,  positive  clockwise 
from  top,  rad 

~ azimuth  position  of  blade,  rad 
or  deg 

o — displacement  in  yaw  1 sec 

following  control  displacement 
rotor  angular  velocity,  rad/scc 
angular  velocity  of  gyro, 
rad/sec 

~ frequency  rad/sec 
5 = reduced  frequency,  w/lL 
dimensionless 

— blade  flapwise  natural 
frequency,  rad/sec 


ft 


O) 


Subscripts 


A airframe 

t'ff  ■ effective 
i - i th  blade 
0 - .nitial  condition 
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CHAPTER  7 

DRIVE  SYSTEM  DESIGN 


71  INTRODUCTION 

The  primary  purpose  of  a helicopter  drive  system  is 
to  transmit  power  from  the  engine(s)  to  the  lifting  ro- 
tor(s)  and  to  the  antitorque  rotor,  if  one  is  provided. 
Power  takeoff  from  the  main  drive  is  used  to  power  the 
accessories.  The  basic  transmission  elements  required 
to  accomplish  these  tasks  depend  upon  the  aircraft  ro- 
tor configuration  (single  rotor,  tandem  rotors,  coaxial 
rotors,  etc.)  and  also  upon  the  location  and  orientation 
of  the  engine(s)  with  respect  to  the  rotor.  In  general,  the 
largest  reduction  is  taken  in  a main  gearbox,  whose 
output  drives  the  main  rotor.  Supplementary  gearboxes 
may  be  used  where  necessary  to  change  the  direction  of 
the  drive  and  speed.  Reductions  can  be  accomplished 
in  these  as  well.  Special-purpose  gearboxes  may  be  in- 
cluded in  the  drive  system;  e.g.,  the  tail  gearbox  that 
drives  the  antitorque  rotor  in  a single-rotor  machine, 
and  the  intermediate  and  combining  gearboxes  neces- 
sary to  provide  a synchronizing  (ink  between  the  main 
rotors  of  a multirotor  machine. 

7-1.1  TRANSMISSION  SYSTEMS 

Initial  considerations  that  influence  the  design  of  a 
transmission  drive  system  include  the  missions  for 
which  the  helicopter  is  to  be  used.  Such  missions  might 
include  search  and  rescue,  heavy  lift,  attack,  transport, 
observation,  or  any  combination  of  these.  Helicopter 
performance  requirements  that  affect  the  design  of  the 
power  train  include  payload,  power  requirements  of 
various  mission  segments,  hovering  capability,  noise 
level,  operational  environment,  system  reliability,  and 
mission  altitude.  These  mission  requirements  would  be 
converted  into  specific  design  requirements  such  as  en- 
gine power  and  speed  versus  rotor  rpm,  design  life  of 
transmission  components,  and  individual  component 
reliability. 

The  design  of  the  transmission  system  similarly  is 
governed  by  the  configuration  of  the  helicopter  itself. 
In  the  single-rotor  machine  it  is  possible  to  refer  to  a 
typical  configuration  (Fig.  7-1),  as  the  main  variation 
is  in  the  location  and  orientation  of  the  engine(s). 


Multirotor  transmission  configurations  are  more 
varied.  The  rotors  can  be  placed  in  tandem  or  side  by 
side,  having  a separate  engine  for  each  rotor  and  incor- 
porating interconnecting  shafting  to  synchronize  rotor 
speeds  and  provide  power  to  both  rotors  in  case  of  an 
engine  malfunction.  The  two  rotors  also  can  be  ar- 
ranged coaxially  and  made  counterrotating  to  balance 
rotor  torques. 

The  loads  that  the  transmission  system  components 
must  withstand  are  a function  of  power  and  speed 
(r~hp/rpm).  Required  engine  power  can  be  cal- 
culated based  upon  the  maximum  performance  require- 
ments of  the  mission,  e.g.,  in  hover  at  4000  ft  (out-of- 
ground-effect)  at  95*F  (hot-day  performance).  The 
input  rpm  is  fixed  by  the  output  speed  of  the  engine 
while  the  rotor  speed  usually  is  determined  by  the  tip 
speed  of  the  rotor  blades.  Thus,  the  overall  transmis- 
sion ratio  can  be  obtained  readily  if  rotor  diameters  are 
known.  Splitting  this  ratio  among  the  various  transmis- 
sion elements  (bevel  gear  set,  epicyclic,  offset  spur  set. 
etc.)  to  obtain  the  minimum-weight  design  can  be  ac- 
complished by  preliminary  design  layout  iterations.  In 
general,  however,  it  is  better  to  take  the  largest  reduc- 
tion in  the  final  stage.  Trade-off  studies  should  be  made 
to  evaluate  different  arrangements  to  determine  mini- 
mum weight  design.  These  studies  should  include  hous- 
ing design  and  should  be  sufficiently  extensive  to  pro- 
vide data  for  plotting  a graph  of  weight  versus  gear 
ratio  distribution. 

The  design  loads  for  the  drive  system  components 
are  derived  from  a load-time  spectrum  that  represents 
the  helicopter  mission.  This  spectrum  of  operation  is 
similar  to,  but  not  necessarily  the  same  as,  that  used  for 
the  structural  reliability  and  fatigue  analysis.  It  has 
become  evident  that  the  simple  design  information  of 
takeoff,  hover,  and  cruise  power  and  speed  require- 
ments no  longer  ern  be  considered  as  sufficient  descrip- 
tion of  the  design  parameters  for  the  drive  system.  To 
achieve  maximum  reliability  at  minimum  weight,  the 
design  must  be  based  upon  complete  aerodynamic  anal- 
ysis of  the  helicopter  mission  including  complete  spec- 
tra of  maneuver  and  transient  loads  and  rotor  moments 
and  loads  as  well  as  the  normal  power  conditions.  In 
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addition,  the  increasing  requirements  of  accessory 
drives  must  be  considered.  These  accessories  in  some 
helicopter  systems  must  be  operated  on  the  ground 
with  the  rotors  stationary,  requiring  rotor  braking  sys- 
tems and  accessory  clutching  systems. 

To  judge  the  reliability  of  a transmission  design,  the 
loads  and  resulting  stresses  ultimately  must  be  com- 
pared with  historical  data  for  similar  components. 
Basic  mean  load-life  relationships  are  available  for 
most  transmission  elements.  Many  of  these  have 
become  standardized  throughout  the  industry  and  can 
be  used  with  confidence.  Others  may  be  peculiar  to  a 
particular  company  and  have  become  standard  through 
general  usage. 

Most  of  the  transmission  elements  can  be  broken 
down  into  the  following  main  categories:  gears,  free- 
wheel units  (clutches),  shafting,  beatings,  housing,  and 
lubrication  systems. 

7-1. 1.1  Gears 

High-performance  gears  are  case  hardened  and 
ground  with  a surface  finish  of  20  rms  or  better.  Gear- 
ing usually  is  designed  for  unlimited  life  with  0.999 
reliability  or  better  at  the  maximum  power  (other  than 
instantaneous  transients)  transmitted  by  that  mesh. 
Primary  drive  gears  should  be  made  from  consumable 
electrode  vacuum  melt  (CEVM)  processed  steel,  which 
is  less  susceptible  to  fatigue  failure  than  is  air-processed 
steel. 

One  of  the  primary  causes  of  premature  gear  failures 
can  be  traced  to  high  load  concentrations  induced  by 
flexible  mounting,  especially  when  the  housings  are 
made  of  lightweight,  low-modulus  materials  such  as 
magnesium  or  aluminum.  Experience  indicates  that, 
wherever  possible,  all  heavily  loaded  gears  should  be 


straddle-mounted  to  minimize  deflections  and  prevent 
end  loading. 

7-1. 1.2  Clutches 

Clutches  must  be  provided  between  engine(s)  and 
rotor  system.  To  meet  this  requirement,  a freewheel 
unit  is  located  in  the  drive  train  between  the  main  rotor 
and  engine  so  that,  if  an  engine  malfunctions,  the  unit 
will  overrun  and  allow  autorotation  or,  for  multiengine 
helicopters,  will  allow  operation  on  the  remaining  en- 
gine(s).  Generally  the  freewheel  unit  is  located  at  the 
high  speed  side  of  the  gearbox  because  location  at  the 
low-speed/high-torque  end  would  result  in  an  unneces- 
sarily heavy  design.  Several  basic  types  of  designs  are 
available  and  the  various  types  must  be  compared  to 
determine  the  best  type  to  use  for  reliability,  wear, 
weight,  overrunning  capability,  and  cost.  For  high 
horsepower  applications  the  sprag  and  the  cam-roller 
types  of  freewheel  units  have  been  used  successfully 
with  high  reliability.  If  the  freewheel  unit  is  expected 
to  overrun  for  long  periods  of  time  (as  would  be  the 
case  if  the  accessories  were  driven  by  an  auxiliary  de- 
vice), the  most  important  design  consideration  would 
be  wear.  To  solve  wear  problems,  freewheel  unit  mem- 
bers have  been  flameplated  with  tungsten  carbide  on 
the  housing  bore,  and  have  utilized  pressurized  lubrica- 
tion to  insure  a high  oil  flow  rate  during  overrunning. 

7-1. 1.3  Transmission  Shafting 

Transmission  shafting  usually  is  hollow  with  as  high 
a diameter-to-thickness  ratio  as  is  practicable  for  mini- 
mum weight.  These  shafts  are  subjected  to  torsional 
loads,  bending  loads,  axial  tension  or  compression,  or 
to  a combination  of  all  of  these.  Because  the  shaft  is 
rotating  with  respect  to  the  bending  loads,  this  loading 


7-2 


Fig.  7-1.  Typical  Transmission  System  In  Single-rotor  Helicopter 
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is  of  a vibratory  nature.  Due  to  this  combination  of 
steady  and  vibratory  loads,  an  interaction  equation 
must  be  used  to  calculate  a margin  of  safety.  Such  an 
equation  based  upon  the  maximum  shear  theory  of 
failure  can  be  used  when  all  three  types  of  stresses  are 
present.  The  resulting  margin  of  safety  MS  is  deter- 
mined by: 


MS 


JFhHi) 
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where 


f ~ aual  tension  stress,  psi 
fh  = vibratory  bending  stress,  psi 
f = torsional  shear  stress,  psi 
F„  ~ endurance  limit  stress,  psi 
F,y  = shear  yield  stress,  psi 
Fly  — tensile  yield  stress,  psi 
In  this  relation,  the  vibratory  bending  stress  is  com- 
pared with  the  allowable  or  enduranr  .»  limit,  while  the 
axial  and  torsional  stresses  are  compared  with  their 
respective  yield  values.  This  method  of  computing  mar- 
gins of  safety  is  considered  conservative. 

Gear  shafting  usually  is  designed  for  unlimited  life  at 
a power  level  and  reliability  commensurate  with  the 
geartooth  design.  Engine  drive  and  tail  rotor  drive 
shafting  carry  torsional  loads  primarily,  although  some 
bending  may  be  induced  by  semiflexibie  couplings 
spaced  along  such  shafts  to  accommodate  misalign- 
ment. 


7*1.1.#  Bearing*  and  Housings 

ThS  tarings  for  the  power  train  are  selected  or 
designed  for  overhaul  intervals  of  at  least  3000  hr.  All 
critioil  br^r:-  are  made  from  M-50  type  steel  made 
by  the  census:  electrode  vacuum  remelt  process 

'a  5490),  SAL  ■210'  steel  consumable  electrode 
vacuum  melted  (AMS  0444),  or  SAE  52100  steel, 
bearing  quality  (AMS  6440)  to  obtain  maximum  relia- 
bility. In  high  speed  applications,  bearing  life  is  a func- 
tion of  the  centrifugal  f rce  imposed  upon  the  bearing 
rotating  elements  as  a dl  as  of  the  radial  and  thrust 
load.  Where  a stack  of  bearings  is  required  to  support 
a gear  shaft,  distribution  among  the  individual  bearings 
must  be  considered.  The  selection  of  high  speed  bear- 
ings often  involves  a complex  computer  solution  that 
considei  s the  effects  of  load  and  speed  as  well  as  of 
minute  changes  of  internal  bearing  geometry,  i.e.,  con- 
tact angle  and  radial-axial  clearances. 
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Bearings  usually  are  assembled  with  separate  inner 
and  outer  races,  although  in  some  cases  it  may  be 
economical  to  use  the  shaft  as  the  inner  or  outer  race. 
The  advisability  of  using  this  scheme  would  depend 
upon  the  size,  complexity,  and  resultant  cost  of  the 
components  involved.  Integral  races  are  being  used  ex- 
tensively in  advanced  design  applications. 

With  uonferrous  housings,  pressed-in  steel  liners  are 
used  between  the  bearing  outer  race  and  the  housing, 
and  serve  many  purposes.  These  liners  are  installed  into 
the  housing  with  an  interference  fit  and  tend  to  mini- 
mize the  effect  of  thermal  expansion  and  contraction 
upon  the  bearing.  In  addition,  they  act  as  a buffer 
between  the  housing  and  the  bearing  to  prevent  damage 
to  the  housing  whenever  a bearing  is  installed  or 
removed,  and  also  reduce  wear  and  prevent  creep.  Lin- 
ers are  designed  so  that  at  a maximum  expected  operat- 
ing temperature  of,  for  example,  250*F,  the  liner  has  a 
minimum  of  0.0005  in.  interference  fit  with  the  hous- 
ing. Housing  and  liner  stresses  then  arc  checked  at  the 
expected  minimum  operating  temperature  of  — 65°F. 
In  accordance  with  MIL-T-5955,  bearing  liners  (or 
sleeves)  shall  be  restrained  from  rotation  by  a positive 
locking  means. 

7-1. 1.5  Lubrication 

Consideration  shall  be  given  to  integration  of  the 
lubrication  subsystem  into  the  gearbox.  Any  lubrica- 
tion subsystem  components  external  to  the  gearbox 
shall  be  eliminated  to  the  maximum  extent  possible. 
Careful  consideration  must  be  given  to  the  distribution 
of  lubricant  to  and  from  the  gears  and  bearings.  The 
primary  purpose  of  the  lubrication  system  is  to  provide 
cooling  oil  to  remove  heat  generated  due  to  friction  at 
gear  meshes  and  bearings,  and  also  to  provide  lubricity 
between  the  sliding  elements.  Pressurized  lubrication 
systems  are  used  in  high  speed  or  high  load  applications 
to  provide  lubrication  for  the  gears  and  bearings,  al- 
though splash  type  lubrication  systems  have  been  used 
successfully  in  gearboxes  with  low  pitch  line  velocities. 
Generally,  oil  jets  directed  “into  mesh"  are  used  to 
lubricate,  while  “out-of-mesh”  jets  are  used  for  cooling. 

Consideration  must  be  given  during  preliminary  de- 
sign to  an  adequate  return  path  for  lubricating  oil.  A 
restricted  return  often  results  in  oil  pile-up,  which  pre- 
vents proper  entry  of  cool  oil  and,  consequently,  causes 
overheating. 

Another  requirement  that  must  be  considered  is  the 
capability  for  continuing  operation  for  a minimum  of 
30  minutes  following  total  loss  of  the  lubrication  sys- 
tem. Drive  system  load  for  this  condition  can  be  as- 
sumed to  be  the  minimum  power  required  for  level 
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flight  at  sea  level  at  design,  i.e.,  primary  mission,  gross 
weight.  Lubrication  system  redundancy  is  desirable; 
however,  operation  for  30  minutes  following  total  loss 
of  lubrication  shall  be  possible. 

Lubrication  systems  incorporating  either  vane  or 
gerotor  type  lubrication  pumps  have  proven  to  be  much 
less  susceptible  to  contamination  damage  than  those 
using  conventional  gear  pumps.  A typical  main  gear- 
box lubrication  system  is  shown  schematically  in  Fig. 
7-2.  This  system  has  low  pressure  screens  at  the  pump 
inlet  and  40-micron  filters  between  the  pump  and  the 
cooler.  The  cooler  is  provided  with  a thermostatic  and 
pressure  bypass  valve. 

The  heat  losses  incurred  in  a gearbox  are  usually  in 
the  order  of  0.5%  per  gear  mesh.  Overall  efficiency  is, 
therefore,  from  98  to  99%  depending  upon  the  size  and 
complexity  of  the  gearbox.  While  this  efficiency  seems 
high,  it  means  that  a sizable  amount  of  power  must  be 
dissipated,  especially  in  the  larger  helicopters  where  the 
installed  power  can  be  as  much  as  9000  hp  or  higher. 

7-1. 1.6  Accessories 

During  preliminary  design,  a review  is  made  to  de- 
termine the  best  arrangement  for  accessories  and  the 
engine  starting  requirements  that  influence  the  overall 


gearbox  design.  For  example,  on  some  helicopters  the 
accessories  are  driven  by  the  main  engine  or  some  aux- 
iliary device  (APU  or  electric  motor)  while  the  main 
rotor  remains  stationary.  Hence,  the  required  startup 
procedure  may  dictate  the  location  of  additional  free- 
wheel units  and  the  design  of  the  accessory  drive.  Ac- 
cessories can  be  mounted  directly  on  the  main  gearbox 
or  on  a separate  gearbox.  The  separate  accessory  gear- 
box is  easier  to  manufacture  and  results  in  a “cleaner” 
main  gearbox,  but,  with  this  design,  at  least  one  genera- 
tor and  one  hydraulic  pump  should  be  mounted  on  and 
driven  by  the  main  gearbox  for  redundancy  so  that  loss 
of  the  accessory  drive  shaft  would  preclude  total  loss  of 
hydraulic  power  and  control  of  the  helicopter  itself. 
The  separately  mounted  accessory  gearbox  generally  is 
superior  for  larger  helicopters  while,  for  smaller  ma- 
chines, the  accessory  gearbox  integral  with  the  main 
transmission  is  more  practicable. 


7-1.2  ROTOR  BRAKES 

The  rotor  brake  is  used  to  hold  the  rotor  stationary 
during  some  ground  operations  with  the  engines  idling, 
and  also  to  stop  the  rotor  from  full  or  partial  rpm 
within  a specified  time  with  the  engines  in  ground  idle 
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Fig.  7-2.  Typical  Main  Gearbox  Lubrication  System 
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or  shut  down.  The  total  stopping  time  can  be  propor- 
tioned between  a delay  in  which  the  rotor  rpm  decays 
naturally  and  the  actual  braking  time.  On  large  heli- 
copters the  rotor  brake  is  a hydraulically  actuated  disk 
of  variable  displacement  in  which  lining  wear  is  com- 
pensated for  by  increased  volume  of  operating  fluid.  In 
addition  to  developing  sufficient  torque  to  stop  and 
hold  the  rotor,  the  brake  also  must  be  capable  of  ab- 
sorbing and  dissipating  the  kinetic  energy  of  the  rotors 
and  other  rotating  parts.  Precautions  must  be  taken  to 
isolate  flammable  fluids  or  materials  from  the  vicinity 
of  the  rotor  brake  because  temperatures  far  above  igni- 
tion temperatures  often  are  reached  during  braking. 


7-2  SYSTEM  SELECTION 
7-2.1  GENERAL 

In  addition  to  gears,  other  transmission  system  com- 
ponents include  clutches,  brakes,  and  freewheel  units. 
Clutches  and  freewheel  units  are  used  to  disconnect 
power  from  the  engines  in  the  reverse  torque  direction. 

There  also  are  cyclocentric  and  harmonic  drives, 
which  may  allow  large  reductions  in  a compact  space 
but  which  also  may  reduce  efficiency  over  comparable 
standard  gear  systems. 

Before  the  components  comprising  the  transmission 
system  can  be  designed,  the  transmission  designer  re- 
quires certain  basic  data.  Preliminary  design  of  the 
transmission  commences  with  the  initial  design  of  the 
vehicle  itself.  The  helicopter  designer,  by  analyzing 
mission  requirements,  can  establish  a basic  configura- 
tion including  type  and  approximate  size  and  maxi- 
mum weight  of  the  helicopter;  rotor  diameters;  power 
plant  type,  size,  and  configuration;  location  of  rotors; 
and  rotor  speeds  and  diameters.  The  maximum  availa- 
ble power  is  known,  as  are  speeds  and  directions  of 
rotation  of  input  drive  shafting  from  engines.  Thus, 
several  transmission  system  design  parameters,  limita- 
tions, and  requirements  are  established  before  the 
preliminary  design  is  begun, 
i (t  is  during  this  initial  design  phase  that  alternate 

| design  solutions  are  proposed  and  evaluated  on  the 

| basis  of  weight,  efficiency,  reliability,  cost,  maintaina- 

bility, and  service  life. 


7-2.2  BASIC  GEARED  TRANSMISSION 
TYPES 

Conventional  geared  transmission  systems  use  sev- 
eral different  types  of  driving  gears  to  achieve  the  in- 
tended function.  Often  parallel  axis  gearing  is  included, 
requiring  the  use  of  spur,  helical,  or  planetary  gearing 
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to  transmit  torque.  When  intersecting  axes  are  re- 
quired, bevel  gears  are  used,  and  when  nonintersecting, 
nonparallel  axes  exist,  crossed  helicals  are  employed.  In 
most  helicopter  applications,  however,  such  angles  usu- 
ally are  small,  because  the  efficiency  of  crossed  helical 
gears  decreases  rapidly  as  the  helix  angle  increases. 
Crossed  helical  gearing,  if  used,  normally  would  be  in 
accessory  drive  applications.  The  aforementioned  types 
of  gearing  are  discussed  in  the  paragraphs  that  follow. 

7-2.2. 1 Spur  Gears 

The  most  commonly  used  and  easily  manufactured 
type  of  gear  in  helicopter  transmissions  is  the  involute 
spur  gear . The  spur  gear  is  used  to  transmit  torque  and 
to  change  speed  between  parallel  axis  shafts.  The  invo- 
lute gear  tooth  profile  maintains  a constant  torque  out- 
put even  though  the  individual  tooth  loads  are  con- 
stantly changing  in  magnitude  and  location  on  the 
tooth  face.  The  involute  form  frequently  is  modified  a 
small  amount  to  allow  for  tooth  errors  and  deflections. 
For  power  transmission  gearing  the  pressure  angle  of 
spur  gears  is  generally  between  20  and  25  deg,  although 
in  some  applications  27.5  deg  or  more  has  been  used 
successfully.  The  higher  pressure  angles  tend  to  be 
stronger  in  bending,  but  are  a little  more  critical  with 
respect  to  scoring  because  of  higher  sliding  velocities. 
Higher  pressure  angles  also  result  in  higher  bearing 
reactions.  Usually  helicopter  spur  gear  teeth  are  case- 
carburized  and  ground  to  highly  precise  tolerances  re- 
sulting in  smooth  contact,  small  dynamic  loads,  and 
high  strength  teeth. 

In  practice,  the  name  spur  is  given  only  to  gears  in 
which  the  teeth  are  straight  and  parallel  to  the  axis  of 
the  gear.  Spur  gears  are  the  types  of  gears  most  fre- 
quently used  to  connect  parallel  shafts  because  they  do 
not  develop  axial  loads  or  thrust  as  is  the  case  with 
helical  gears.  Fig.  7-3  shows  the  definition  of  spur  gear 
elements,  the  geometric  relationship  of  the  teeth  with 
respect  to  the  axis,  and  also  the  spur  gear  rack,  which 
is  the  basis  for  generation  of  the  system. 

External  spur  gear  ratios  generally  range  from  1:1  to 
10:1,  while  helical  and  double-helical  ratios  of  up  to 
about ! 5: 1 are  practicable.  Internal  spur  gear  ratios  are 
practicable  from  1.5:1  to  10:1  and  helical  ratios  from 
about  2:1  to  15:1.  The  higher  ratios  generally  are  not 
used  in  helicopter  power  transmission  gearing  because 
the  size  of  the  driven  member  becomes  too  large,  or  the 
pinion  too  small. 

The  stresses  in  spur  gear  teeth  aie  induceu  by  the 
gear  loading.  Because  the  mating  teeth  are  parallel  to 
the  gear  axis,  no  axial  load  is  produced.  A gear  design 
must  be  checked  for  tooth  bending  and  compressive 
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stresses  to  determine  the  limiting  design  condition. 
When  designing  a spur  gear  set,  the  choice  of  the  num- 
ber o;  ,eeth  and  pitch  usually  is  left  to  the  gear  designer. 
Smaller  teeth  will  mesh  more  smoothly  and  quietly 
than  larger  teeth.  Provision  of  hunting  teeth  is  also  an 
important  consideration.  A hunting  tooth  is  defined  as 
a tooth  on  the  pinion  that  will  not  mate  with  the  same 
spaces  on  the  gear  on  each  revolution.  Therefore  manu- 
facturing irregularities  are  not  occurring  on  each  revo- 
lution in  exactly  the  same  spaces,  which  would  result 
in  uneven  wear  and  premature  failure  of  the  gear  set. 
A hunting  tooth  must  make  many  revolutions  before 
mating  with  the  same  space  again. 

There  also  are  degrees  of  hunting.  For  example,  a 
30-tooth  pinion  mating  with  a 59-tooth  gear  will  have 
complete  hunting  capability  and  must  make  59  revolu- 
tions before  a given  pinion  tooth  has  mated  with  every 
available  gear  space.  If  the  same  pinion  were  mating 
with  a 60-tooth  gear,  the  pinion  would  have  to  revolve 
only  twice  to  mate  with  the  same  space  again  and  each 
pinion  tooth  would  mate  with  only  two  gear  spaces  for 
the  entire  life  of  the  gear  set.  If  the  30-tooth  pinion 
mated  with  a 58-tooth  gear,  the  pinion  would  have  to 
revolve  29  times  before  mating  again  with  the  same 
space.  Even  though  the  latter  case  does  not  provide 
complete  hunting,  it  is  much  more  desirable  than  the 
2:1  ratio. 

The  number  of  pinion  revolutions  between  meshes  of 
a given  tooth  in  the  pinion  with  a given  space  in  the 


gear  is  the  lowest  value  of  i that  satisfies  the  equation 
i (Np/N,,)  — whole  number 

where  Np  and  N,  are  the  pinion  and  gear  rpm,  respec- 
tively, and  i is  an  integral  number  of  pinion 
revolutions,  1 < / < A/„.  If  i is  equal  to  N„  perfect 
hunting  exists  between  the  two  mating  gears. 

Another  important  design  consideration  is  the  rela- 
tionship between  bending  and  compressive  stress.  In  a 
good  design  both  stresses  should  be  close  to  the  maxi- 
mum allowable  stress.  A low  bending  stress  results  if 
too  coarse  a pitch  is  selected,  and  the  resulting  gearswill 
be  unnecessarily  noisy.  A low  compressive  stress  results 
if  the  pitch  is  too  fine,  such  that  bending  stress  dictates 
the  face  width.  In  this  case  the  gears  will  be  unneces- 
sarily heavy. 

The  following  procedure  gives  the  lightest-weight 
gear  set  for  a given  reduction  ratio  and  pinion  and  gear 
diameters: 

1.  Determine  the  gear  loads  for  the  desired  gear 
diameters  and  reduction  ratio. 

2.  Solve  for  the  required  face  width  based  upon  the 
allowable  compressive  stress, 

3.  Select  a pitch  for  the  gears  such  that  the  bending 
stress  is  as  close  as  possible  to  the  allowable  bending . 
stress  without  exceeding  it. 

The  efficiency  of  precision  spur  gears  usually  is 
99.5%  per  mesh. 

Precision  spur  gears,  carefully  designed,  have  been 
successfully  used  at  pitch  line  velocities  over  20, 000 
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fpm.  Because  many  potential  spur  gear  applications  are 
for  epicyclic  reductions,  it  is  important  to  remember 
that  the  relative  pitch  line  velocity  between  the  mating 
gears  is  the  important  criterion,  not  the  actual  velocity. 
For  an  epicyclic  reduction  with  a fixed  internal  gear, 
the  sun  or  center  gear,  which  is  the  input  for  a speed 
reducer,  and  the  arm  or  carrier  travel  in  the  same  direc- 
tion. Thus,  the  relative  pitch  line  velocity  is  a function 
of  the  difference  in  rotational  speed. 

7-2.2.2  Helical  Gears 

Helical  gears  are  parallel  axis  shaft  gears  with  helix 
angles.  In  fact,  spur  gears  are  a special  type  of  helical 
gear  with  a 0-degree  helix  angle.  The  helix  angle  in- 
duces axial  loads  upon  shafts.  In  the  axial  plane,  the 
teeth  of  a helical  gear  are  inclined  to  the  axis  at  some 
angle  greater  than  0 deg.  For  power  gearing,  the  helices 
of  helical  gears  usually  vary  anywhere  from  5 deg  to  a 
maximum  of  about  35  deg.  The  terminology  of  the 
helical  gear  and  rack  elements  is  shown  in  Fig.  7-4.  For 
the  same  face  width,  helical  gears  have  more  load- 
carrying capacity  than  spur  gears  of  equal  size,  are 
quieter,  and  have  approximately  the  same  efficiency. 
The  overall  design  is  not  necessarily  lighter,  however, 
because  the  effect  of  thrust  upon  the  mounting  bearings 
must  be  considered.  Double  helical  or  herringbone 
gears  eliminate  the  problem  of  thrust  but  are  difficult 
to  manufacture  and  usually  “hunt”  (chucking  back  and 
forth)  due  to  manufacturing  errors  and  tolerances. 
Sometimes  it  is  advantageous  to  mount  a helical  gear 
on  a shaft  with  another  gear  such  as  a bevei  gear,  such 
that  the  thrust  loads  of  the  two  gears  tend  to  • mcel 
each  other. 

The  form  of  the  working  surfaces  of  hrfi  :ai 
viewed  in  the  transverse  plane,  or  pl?m  o , nation, 
usually  an  involute  curve.  Just  as  \y  r gears,  thf 

form  generally  is  modified.  The  tra  w pressure  an 

gle  is  usually  in  the  range  between  20  uml  25  deg, 
although  the  angle  may  be  as  low  as  1 5 deg  and  possibly 
as  high  as  27.5  or  28  deg.  Helix  angles  can  be  almost 
any  value,  but  angles  between  7 and  4S  deg  are  most 
common.  Lower  helix  angles  frequently  are  used  for 
single-helical  applications  because  of  the  lower  thrust 
reaction,  but  there  is  no  similar  restriction  for  double- 
helical gears.  The  helix  angle  usually  is  selected  so  that 
two  or  more  teeth  always  are  in  contact. 

Accepted  design  practice  usually  limits  face-width- 
to-diameter  ratio  to  one  or  less  for  \ -Hcopter  applica- 
tions. Helicopter  gearboxes  genera  iy  utilize  mag- 
nesium or  aluminum  housings,  which  are  subject  to 
deflections  under  load.  The  resulting  shaft  slopes  and 
deflections  on  large  face-width-to-diameter  ratio  gears 


would  cause  end  loading  of  teeth  and  premature  tooth 
failures. 

In  general,  helical  gears  designed  for  helicopter  use 
do  not  offer  a tremendous  advantage  over  spur  gears  of 
the  same  size.  Shaft  and  bearing  weight  should  be  in- 
cluded when  determining  whether  spur  or  helical  gears 
offer  the  best  design  solution  for  a particular  helicopter 
application. 

In  certain  cases  double  helic.d  gears  are  used  to  con- 
nect parallel  shafts.  These  “heal  ^.ars  are 

termed  herringbone  gears  and  ..  >n  each  of  two 

portions  of  the  blank  is  of  o . hend.  The  two 
portions  of  the  blank  can  be  u ?n  integral  design  or 
they  may  be  of  the  type  where  one- half  of  the  herring- 
bone gear  is  assembled  mechanically  onto  the  opposite 
hand  helix.  The  helix  angle  of  the  two  portions  usually, 
but  not  necessarily,  is  equal  and  always  is  of  the  oppo- 
site hand.  By  the  use  of  herringbone  gears,  the  advan- 
tages of  helical  gears  are  achieved,  i.e.,  quieter  running 
plus  added  strength  in  comparison  to  spur  gears;  but 
without  the  disadvantage  of  the  thrust  loads  that  are 
developed  when  helical  gears  are  used.  All  gear  types 
discussed  for  the  parallel  axis  system  of  gearing — spur, 
helical,  double  helical,  or  herringbone — may  be  of  ei- 
ther external  or  internal  design. 

7-2.2.3  Bevel  Gears 

Bevel  gears  are  used  to  accomplish  an  angular 
change  between  two  intersecting  axes.  For  all  types  of 
cylindrical  gears  connecting  parallel  shafts,  there  is  the 
analogous  type  used  to  connect  shafts  with  intersecting 
axes.  The  simplest  and  most  commonly  used  gear  until 
about  20  years  ago  was  the  straight  bevel  gear.  The 
teeth  of  a straight  bevel  gear  are  radial  at  the  point  of 
ntersection  of  the  axis  and  are  proportional  in  size  to 
’’ stance  from  the  apex.  All  the  tooth  elements  con- 
it the  apex.  As  in  spur  gears,  there  is  a line 
contact  between  the  two  mating  straight  bevel  gear 
teeth  and,  because  of  the  shaft  angle,  end  thrust  is 
developed  and  always  acts  in  a direction  away  from  the 
apex.  Although  the  shaft  angle  for  straight  bevel  gears 
theoretically  can  vary  between  0 and  180  deg,  shaft 
angles  less  than  10  deg  seldom  are  used  because  of 
machine  limitations.  When  the  shaft  angle  and  ratio 
between  the  pair  are  such  that  one  member  results  in 
a pitch  angle  greater  than  90  deg,  difficulty  may  be 
encountered  in  machining  the  straight  tooth  bevel  gear. 
Gears  with  approximately  1 1 5-deg  pitch  angle  are  prac- 
ticable and  can  be  cut.  Fig.  7-5  (left  side)  shows  the 
terminology  that  commonly  is  useJ  to  define  straight 
bevel  gears  and  their  elements,  v ith  the  crown  gear 
used  as  a basis  for  definition. 
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Compared  with  straight  bevel  gears,  which  are  less 
expensive  to  manufacture  but  are  acceptable  only  for 
applications  in  which  the  pitch  line  velocity  is  less  than 
1000  fpm,  spiral  bevel  gears  offer  increased  load-carry- 
ing capability,  are  quieter  and  smoother  running,  and 
can  be  operated  at  pitch  line  velocities  up  to  or  beyond 
30,000  fpm.  Spiral  bevel  gears  have  pitch  line  contact 
that  spreads  under  load,  forming  a contact  area.  Be- 
cause contact  stresses  are  proportional  to  area  of  con- 
tact, the  spiral  bevel  gear  can  be  smaller  for  the  same 
contact  stresses.  Also,  because  bending  stress  is  propor- 
tional to  tooth  thickness,  coarser  pitch  (larger  teeth) 
gears  may  be  used  to  obtain  higher  strength  in  a smaii 
space.  The  efficiency  of  spiral  bevel  gears  is  comparable 
to  that  of  spur  gears  and  usually  is  in  the  order  of 
99.5%  per  mesh.  Fig.  7-5  (right  side)  shows  the  spiral 
bevel  gear  and  its  elements  in  relationship  to  a crown 
gear  used  as  a basis  for  definition. 

Spiral  bevel  gears  must  be  mounted  rigidly  with  their 
axes  maintained  in  correct  alignment.  Although  bevel 
gears  have  the  ability  to  absorb  reasonable  displace- 
ments without  detriment  to  the  tooth  action,  excessive 
misalignments  reduce  the  load  capacity  and  complicate 
the  manufacture.  Proper  mounting  is  obtained  by  shim- 
ming to  theoretical  dimensions  and  checking  the  result- 


ing load  pattern.  The  load  pattern  may  be  changed  to 
any  desired  form  by  changing  the  grinding  machine 
settings  slightly.  During  production  all  gears  are 
matched  against  a “master  gear”.  The  ground  spiral 
bevel  gear  thus  is  suited  to  a helicopter  gearbox  because 
corrections  can  be  made  for  the  deflections  and  slopes 
that  actually  occur  under  hill  load  on  the  production 
housings,  whereas  straight  bevel  gears  normally  are  not 
ground. 

Because  spiral  bevel  gears  have  curvature  in  three 
directions,  three-dimensional  loads  are  induced.  By 
proper  choice  of  pressure  angle,  spiral  angle,  direction 
of  rotation,  and  hand  of  spiral  the  radial  and  axial  loads 
can  be  varied  to  suit  the  needs  of  the  particular  bevel 
gear  application.  It  always  is  advantageous  (but  some- 
times impossible)  to  design  the  flange  of  a spiral  bevel 
gear  so  that  the  resultant  axial  and  radial  gear  loads 
pass  through  the  centroid  of  the  flange.  This  eliminates 
flange  bending  and  contributes  to  the  rigidity  of  the 
mounting.  If  possible,  the  gear  and  pinion  should  be 
straddle-mounted  to  provide  better  load  distribution. 
For  integral  gear  and  shaft  application,  it  is  necessary 
that  the  shaft  not  extend  above  the  root  angle  cone  to 
permit  gear  manufacture  and  grinding.  This  often  cre- 
ates the  need  for  a separate  gear  bolted  to  its  supporting 
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shift.  Such  a gcnr  usually  is  piloted  on  its  shaft  and 
connected  by  high-strength  bolts.  It  is  desirable  to  de- 
sign this  connection  so  that  the  torque  of  the  gear  is 
carried  by  friction  created  by  the  bolts.  If  this  is  possi- 
ble, it  eliminates  the  need  for  close-tolerance  bolts  and 
holes,  and  reduces  the  cost  of  the  gear  and  shaft  assem- 
bly. 

Because  the  spiral  bevel  gear  must  be  restrained  axi- 
ally and  provisions  made  for  shimming,  each  member 
(pinion  and  gear)  usually  is  designed  with  the  restrain- 
ing bearings  in  a separate  housing.  The  thrust  bearings 
may  be  tapered  roller  bearings  or  angular  contact  ball 
bearings  containing  two  or  more  bearings  in  a stacked 
arrangement. 

As  in  spur  and  helical  gears,  spiral  bevel  gears  are 
designed  to  allowable  bending  and  compressive 
stresses.  The  disparity  between  allowable  bending  and 
compressive  stresses  for  spiral  bevel  gears  when  com- 
pared to  spur  gears  is  the  result  of  different  factors  used 
in  the  method  of  calculation  and  not  of  any  inherent 
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design  condition.  A factor  important  to  spiral  bevel 
gears  is  the  scoring  factor.  At  high  speed,  scoring  may 
dictate  the  design  of  the  gear  set. 

The  bevel  gear  that  is  the  counterpart  of  the  herring- 
bone gear  in  the  parallel  axis  of  gearing  is  the  so-called 
Zerol  bevel  gear.  The  gear  teeth  of  a Zerol  bevel  gear 
have  lengthwise  curvature,  as  do  spiral  teeth.  However, 
the  inclination  of  the  teeth  with  respect  to  the  axis  of 
the  part  is  zero.  As  a result  of  the  zero  tooth  inclination, 
the  only  thrust  loads  developed  with  Zerol  bevel  gears 
are  due  to  the  conical  blank  and  elements.  These  loads 
correspond  in  magnitude  to  those  of  straight  bevel 
gears.  These  gears  were  developed  primarily  for  those 
applications  for  which  there  was  a preference  for 
straight  bevel  gears,  with  the  added  requirement  that 
the  gears  be  ground.  The  use  of  Zerol  bevel  gears  was 
made  possible  because  the  gear  teeth  could  be  ground 
on  equipment  that  is  used  for  the  grinding  of  spiral 
bevel  gear  teeth.  Fig.  7-6  shows  a Zerol  bevel  gear  with 
its  elements  and  the  relationship  to  the  crown  gear  used 
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Fig.  7-5.  Bevel  Gear  and  Rack 
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as  a basis  for  definition. 

7-2.2.4  Planetary  Gearing 

Planetary  gearing  (Fig.  7-7)  offers  an  advantage  in 
helicopter  gearbox  design  in  that  the  toad  path  can  be 
split,  thereby  offering  a compact,  lightweight  method 
for  carrying  large  torques  through  small  planet  gears. 
Historically,  planetary  gear  sets  have  been  used  at  the 
output  stages  of  a gearbox.  They  are  suited  ideally  for 
concentric  input  and  output  shafting.  By  splitting  loads 
to  many  meshes,  the  required  face  widths  are  reduced. 
Even  though  a planetary  gear  receives  more  cycles,  it 
usually  is  designed  for  infinite  fatigue  life  and  the  i.ddi- 
tional  cycles  have  no  effect  upon  life.  In  production 
helicopters  as  many  as  18  pinions  have  been  used  to 
divide  the  load  18  ways,  thereby  greatly  reducing  the 
face  width  requirement  of  the  gears.  In  many  cases  it 
would  be  impossible  to  fit  the  gears  in  the  helicopter 
envelope  if  it  were  not  for  the  use  of  planetary  gearing. 

To  function  properly,  each  planetary  must  have  an 
input  member,  an  output  member,  and  a reaction  mem- 
ber. The  word  “planetary”  refers  to  the  analogy  be- 
tween the  solar  system  and  the  gear  set.  The  center  gear 
about  which  all  others  rotate  is  called  the  sun  gear, 
while  the  rotating  smaller  gears  are  called  planet  pin- 
ions. The  outer  internal  gear  (if  there  is  one)  is  called 
a ring  gear.  The  planetary  gear  usually  has  a carrier  or 
cage  plate.  Any  member  can  act  as  input,  output,  or 
reaction  and  thus  many  combinations  of  planetary  ar- 
rangements are  available. 

Equal  load-sharing  among  pinions  of  a planetary 
gear  set  is  an  important  factor.  In  general,  load-sharing 
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Fig.  7-7.  Minimum  Mesh  Path  for  a Sun -pinion -ring 
Mesh 


will  be  better  when  fewer  pinions  are  used.  To  aid  in 
load-sharing,  the  sun  or  ring  gear  usually  is  allowed  to 
float.  The  face  width  required  on  the  ring-pinion  mesh 
can  be  smaller  than  the  face  width  required  on  the 
pinion  sun  mesh,  os  internal  gear  meshes  produce  in- 
herently lower  bending  and  compressive  gear  stresses. 

Many  factors  affect  the  final  planetary  design.  Prac- 
ticable reduction  ratios  vary  from  2.15:1  to  7:1  for  a 
single  stage  planetary  (sun  gear  input,  ring  gear  fixed, 
cage  output). 

For  proper  meshing,  certain  tooth-phasing  relation- 
ships are  required  for  any  planetary  gear.  Planetary 
teeth  should  be  chosen  so  that  pinions  may  be  spaced 
equally  and  all  gears  meshed  properly.  If  pinions  are 
spaced  equally,  all  radial  and  tangential  loads  on  the 
sun  and  ring  gears  cancel  each  other,  leaving  only  a 
resultant  torque  and  thereby  simplifying  bearing  de- 
sign. The  planetary  pinions  can  be  assembled  with 
equal  spacing  if  the  ratio  (np  + n,)/ n — a whole  num- 
ber, where  np  is  the  number  of  teeth  on  each  pinion, 
n,  is  the  number  of  teeth  on  the  sun  gear,  and  n is  the 
number  of  planetary  pinions.  It  is  possible  to  design  a 
planetary  gear  with  unequal  spacing  of  pinions  and 
retain  proper  meshing  but  there  are  no  advantages  to 
this  type  of  system.  It  also  is  possible  to  design  a plane- 
tary gear  with  equal  spacing  of  pinions  that  can  be 
assembled  but  will  not  rotate  if  the  teeth  do  not  satisfy 
the  requirement  that  the  minimum  mesh  path  divided 
by  the  circular  pitch  must  be  a whole  number.  The 
minimum  mesh  path  for  a sun-pinion-ring  mesh  is 
shown  in  Fig.  7-7. 

In  general  the  lightest  weight  for  a particular  combi- 
nation of  reduction  ratio,  horsepower,  and  input  rpm 
will  occur  when  the  sun  gear  diameter  is  as  small  as 
possible.  It  also  is  advantageous  to  “fill  up”  the  availa- 
ble space  with  planet  pinions.  To  do  this  the  pinion 
tip-to-tip  clearance  should  be  as  small  as  possible. 
Sometimes  stub  teeth  are  used  in  order  to  fit  the  maxi- 
mum number  of  pinions  into  the  assembly  and  to  pre- 
vent interference. 

The  tooth  loads  for  planetaries  are  determined  from 
standard  static  analysis.  The  design  of  the  face  width 
for  proper  stress  is  then  the  same  as  the  design  of  a 
standard  spur  gear  set  and  the  same  equations  are  used. 

Occasionally,  tooth  modifications  are  used  to  correct 
for  misalignment  errors  caused  by  tooth  deflections 
under  heavy  toads.  Tip  relief  usually  is  used  to  prevent 
tip  flank  interference  when  the  unloaded  tooth  is  just 
entering  or  just  leaving  mesh  and  the  fully  loaded  tmsth 
has  deflected,  thereby  displacing  the  unloaded  teeth  to 
an  incorrect  mesh  path. 
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All  planetaries  require  bearings  to  react  the  imposed 
loads,  Bearings  can  be  standard  ball,  roller,  spherical, 
or  tapered  roller  or  can  use  the  planet  gears  themselves 
as  outer  races  for  the  bearings.  Usually  roller  bearings 
arc  used  because  their  load-carrying  capacity  is  much 
greater  than  that  of  ball  bearings  for  any  given  size. 

Many  design  variations  are  possible  for  the  planetary 
carrier  or  cage  plate.  The  cage  plate  carries  steady 
torque,  and  a bending  load  is  applied  by  the  bearing 
reaction  on  the  cage  post  if  a single  plate  is  used.  Car- 
rier plates  on  both  sides  of  the  planet  posts  help  reduce 
this  load  but  result  in  a weight  increase.  The  material 
of  the  carrier  plate  should  have  a thermal  expansion 
coefficient  similar  to  the  materials  of  the  gears  to  pre- 
vent binding  of  the  pinions  and  ring  gear  when  the 
gearbox  heats  up.  Titanium  carrier  plates  with  steel 
gears  have  been  used  successfully.  Aluminum  or  mag- 
nesium carriers  with  steel  gears  are  not  recommended 
but  may  be  used  provided  that  the  gears  have  sufficient 
backlash  to  prevent  the  binding  that  can  occur  under 
differential  temperature  expansion  or  contraction. 
Plate  deflection  or  distortion  must  be  held  to  reason- 
able values  to  prevent  end  loading  of  pinions.  Many 
times  plate  deflection  dictates  the  final  plate  design. 

Efficiency  of  a planetary  stage  is  about  equal  to  that 
for  an  equivalent  spur  mesh  but  in  some  cases  can  be 
higher  because  of  lower  relative  sliding  velocities.  Effi- 
ciency is  not  a function  of  number  of  pinions  but  is 
related  to  reduction  ratio  and  the  individual  mesh  ef- 
ficiencies of  the  equivalent  “fixed  center"  system. 

Stresses  in  each  planetary  gear  rim  may  be  calculated 
conveniently  using  ring  formulas.  On  any  gear  in  a 
planetary  system,  a fixed  point  in  the  gear  rim  rotates 
past  the  load  points,  thereby  creating  vibratory  stresses 
in  the  gear  rim.  The  highest  bending  moment  usually 
occurs  at  the  point  of  load  application.  However,  at  this 
instant  there  is  a tooth  in  this  position,  thus  the  highest 
stress  occurs  in  the  root  of  the  adjacent  tooth  space. 
Margins  of  safety  calculated  by  the  above  methods  ii»:-e 
proved  to  be  slightly  conservative  with  past  designs,  but 
the  method  readily  lends  itself  to  sizing  of  ail  planetary 
backup  rings. 

Many  times  two  planetaries  are  used  in  series  to 
obtain  higher  reduction  ratios.  The  choice  of  reduction 
ratio  for  first-stage  and  second-stage  planetaries  to  ob- 
tain a specific  overall  ratio  usually  is  left  to  the  de- 
signer. Many  times  a wide  variety  of  reduction  ratios 
is  available.  To  aid  in  selection  of  reduction  ratio  for 
each  stage  for  a specific  overall  ratio,  computer  pro- 
grams have  been  written  that  design  single-stage  plane- 
taries.  These  programs  are  combined  for  a two-stage 
unit  and  by  iteration  can  choose  the  proper  ratio  for 
each  stage  for  minimum  overall  weight. 


Many  types  and  designs  of  planetaries  are  available 
to  the  transmission  designer.  Split  path  planetaries  in- 
volving one  input  member  and  two  concentric,  counter- 
rotating output  members  have  been  considered  for 
some  applications.  Multiple  row  planetaries  or  single 
row  planetaries  with  more  than  one  set  of  pinions  can 
yield  high  reduction  ratios.  Each  design  has  its  own 
special  advantages  and  disadvantages.  When  dealing 
with  high-reduction-ratio  compound  planetaries,  it  is 
necessary  to  examine  efficiency.  For  high  horsepower 
applications,  as  found  in  modern  helicopter  main  trans- 
missions, the  high-ratio  compound  planetary  is  not 
used  because  of  its  inefficiency.  For  example,  a reduc- 
tion ratio  of  30:1  might  be  88%  efficient  whereas  three 
stages  of  simple  planetary,  while  weighing  more,  would 
have  an  efficiency  of  97%.  Hence,  for  a 6000-hp  heli- 
copter the  difference  in  losses  could  amount  to  500  hp 
depending  upon  the  type  of  planetary  system  used.  On 
the  other  hand  the  helicopter  hoist  offers  an  ideal  envi- 
ronment for  the  high-ratio  compound  planetary  be- 
cause the  hoist  power  requirements  generally  are  low 
and  large  reduction  ratios  are  required. 

7-2.2.S  Miscellaneous  Types  of  Gearing 

The  harmonic  drive  is  an  interesting  type  of  high- 
ratio  planetary  but  never  has  been  used  for  high  torque 
applications  because  the  required  flexible  ring  gear  can- 
not withstand  the  vibratory  stresses  created  with  high 
horsepowers,  and  the  wave  generator  bearing  losses 
become  excessively  high. 

Another  type  of  planetary  arrangement  is  the  roller 
gear  drive.  In  this  planetary,  rollers  are  used  whose 
diameters  coincide  with  the  gear  pitch  diameters.  The 
rollers  react  induced-radial  loading  while  the  gears 
transmit  torque.  Roller  gear  planetary  systems  can  be 
arranged  in  multirow  patterns  to  obtain  high  reduction 
ratios. 

Worm  gearing  is  basically  a low-angle  helical  gear 
driven  by  a worm,  which  is  basically  a thread  form.  The 
worm  thread  form,  in  cross  section,  is  usually  a basic 
gear  rack.  This  type  gear  has  only  point  contact.  One 
modification  of  this  is  to  wrap  the  gear  teeth  partially 
around  the  worm;  this  is  called  single-enveloping  worm 
gearing.  Single-enveloping  worm  gearing  has  line  con- 
tact, resulting  in  greater  load-carrying  capacity.  If  both 
worm  and  gear  are  shaped  to  conform  to  their  mates, 
the  result  is  double-enveloping  or  cone-drive  gears. 

Pressure  angles  range  from  14.5  to  30  deg  for  straight 
worm  gearing,  generally  20  to  25  deg  for  single- 
enveloping  and  20  deg  for  double-enveloping.  Lead  an- 
gles on  the  worms  may  range  from  approximately  3 deg 
up  to  45  deg,  depending  upon  ratio  and  shaft  relation- 
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Jship.  Ratios  may  range  from  3.5:1  up  to  100:1  for 
straight  or  single-enveloping  worm  sets  anti  from  5: 1 to 
70:1  for  double-enveloping. 

Worm  gears  usually  are  mounted  on  nonintersecting 
shafts  that  are  at  a 90-deg  shaft  angle.  Worm  gear  sets 
have  considerably  more  load-carrying  capacity  than 
crossed  helical  gear  sets.  This  results  from  the  fact  that 
they  have  line  or  area  contacts  and  have  high  contact 
ratios.  The  strongest  type  of  worm  gear  is  the  double- 
enveloping  worm  gear.  Double-enveloping  worm  gears 
must  be  mounted  accurately  in  all  directions.  Shafts 
must  be  at  the  correct  shaft  angles  and  center  distance. 
The  axial  position  of  each  member  of  the  set  is  critical. 
Although  at  first  glance  worm  gears  appear  attractive 
for  use  in  helicopter  transmissions,  they  seldom  are 
used  in  major  drive  trains  because  of  their  poor  effi- 
ciency characteristics.  Worm  gears  often  have  less  than 
90%  efficiency,  while  50%  is  common.  Some  even  tend 
to  lock  when  overdriven,  which  of  course  cannot  be 
tolerated  in  helicopters. 

Hypoid  gears  also  are  mounted  on  nonintersecting 
shafts,  which  can  be  at  any  angle.  In  general,  hypoid 
gears  are  stronger  than  bevel  gears.  But,  as  with  worm 
gears,  hypoid  gears  generate  excessive  heat  and  have 
j poor  efficiency  characteristics,  and  seldom  are  used  for 
, this  reason. 

Hypoid  gears  generally  have  pressure  angles  between 
12  and  28  deg,  and  spiral  angles  between  IS  and  55  deg. 
Hypoid  gear  sets  generally  are  made  in  ratios  from  1:1 
to  10:1.  They  are  quiet-operating,  but  generally  require 
relatively  high  viscosity  lubricants  with  EP  (extreme 
pressure)  additives. 

! Hypoid  gears,  even  though  they  resemble  spiral  bevel 

gears,  are  not  bevel  gears  in  the  strictest  sense  of  the 
ji  word.  The  distinguishing  feature  of  bevel  gears  is  that 

■ the  pitch  elements  are  conical,  whereas  in  hypoid  gears 

the  pitch  elements  are  hyperboloidal.  As  is  the  case 
i with  spiral  bevel  gears,  the  hypoid  gear  teeth  have 

| lengthwise  curvature.  The  teeth  usually  are  asymmetri- 

| cal,  with  the  drive  side  pressure  angle  being  lower  than 

| the  trailing,  or  coast  side,  pressure  angle.  For  a given 

;i  ratio  and  gear  size,  the  hypoid  pinion  is  larger  than  the 

i counterpart  spiral  bevel  pinion.  As  a result,  the  hypoid 

i pinion  will  be  15-30%  stronger  than  the  counterpart 

! spiral  bevel  pinion.  The  characteristic  that  distin- 

i guishes  hypoid  gears  in  relationship  to  spiral  bevel 

\ gears  is  that  the  pinion  is  offset  either  above  or  below 

' the  centerline  of  the  gear.  Because  of  the  offset  hypoid 

pinion,  there  is  lengthwise  sliding  in  addition  to  profile 
sliding  between  the  teeth,  which  results  in  greater 
thrust  loads  being  developed  than  is  the  case  with  spiral 
bevel  gears.  Fig.  7-8  shows  the  terms  used  to  define 
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hypoid  gears,  their  elements,  and  the  basis  of  the  gear- 
ing system. 

Another  main  distinction  between  spiral  bevel  and 
hypoid  gears  is  that  the  spiral  angles  of  a hypoid  pair 
generally  are  different,  the  pinion  angle  having  a higher 
value  than  that  of  the  mating  gear.  In  spiral  bevel  gears, 
the  pinion  and  gear  both  have  the  same  spiral  angle  but 
are  of  opposite  hand,  and  similarly  in  the  case  with 
helical  gears.  In  hypoid  gears,  in  addition  to  the  two 
spirals  being  of  opposite  hand,  there  is  a difference  in 
the  spiral  angle  value  between  the  pinion  and  the  gear 
member  of  the  pair. 

It  is  to  be  noted  that  the  word  “spiral”  in  the  defini- 
tion of  spiral  bevel  gears  and  also  hypoid  gears  is  a 
misnomer  in  that  it  is  not  a spiral  curve  in  any  true 
mathematical  sense.  In  fact,  spiral  bevel  gears  more 
appropriately  might  be  called  circular  arc  face  bevel 
gears.  However,  inasmuch  as  these  gears  have  been 
referred  to  by  designer,  manufacturer,  and  user  as  spi- 
ral bevel  gears  for  many  years,  the  system  of  definition 
by  agreement  takes  preference  over  a more  accurately 
descriptive  or  logical  name. 

All  gears  considered  thus  far  use  involute  tooth 
forms;  however,  conjugate  action  can  be  obtained  with 
forms  other  than  involute.  Conformal  gears  utilize  cir- 
cular arc  segments  for  the  basic  tooth  form.  With  circu- 
lar arc  gears,  area  contact  can  be  obtained,  thereby 
increasing  load-carrying  capacity.  If  both  members  of 
the  conformal  gear  set  have  the  same  radius  of  curva- 
ture, the  center  distance  becomes  critical.  Because  of 
this,  the  tooth  radii  deliberately  are  mismatched,  usu- 
ally to  about  10%.  This  does  not  affect  load-carrying 
capacity  appreciably  but  greatly  reduces  the  problem  of 
accurate  center  distance.  The  center  distance  problem 
can  arise  due  to  differential  temperature  expansion  and 
to  deflections  of  gears,  shafts,  and  mounting  members. 
It  is  estimated  conservatively  that  conformal  gears  re- 
quire about  half  the  face  width  of  equivalent  spur  gears. 
This  gear  form  has  increased  resistance  to  pitting  be- 
cause of  the  conforming  shape  of  the  gears.  Efficiency 
and  noise  characteristics  are  similar  to  spur  gears.  Con- 
formal gears  must  have  a helix  angle  and  usually  are 
designed  for  a minimum  overlap  ratio  of  1:3. 

At  present,  there  are  no  well-established  design  for- 
mulas for  circular  arc  gears.  Therefore,  these  and  other 
new  designs  require  extensive  development  testing  to 
establish  a final  design. 
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7-3  TRANSMISSION  REQUIREMENTS 

7*3.1  GEAR  SYSTEMS 

The  type  of  engine  being  used  in  the  helicopter,  and 
its  location  in  relationship  to  the  transmission  and  ro- 
tor, will  dictate  the  type  or  types  of  gears  to  be  used. 
The  basic  gear  train  arrangements  that  are  possible  or 
recommended  for  use  in  helicopter  transmissions  in- 
clude: 

1.  Simple  gear  pair  with  parallel  axis 

2.  Right-angle  gear  pair 

3.  Right-angle  gear  pair  with  offset  axis. 

Although  there  may  be  other  general  gear  arrange- 
ments, they  are  not  appropriate  for  helicopters. 


The  category  most  suitable  for  helicopter  gears,  the 
parallel  axis  gears,  can  employ  either  spur  or  helical 
gears.  The  angle  gear  pair  need  not  be  restricted  to  a 
right  angle  or  a 90-deg  shaft  angle.  The  pair  can  include 
shaft  angles  either  greater  than  or  less  than  90  deg,  and 
generally  will  result  in  the  use  of  spiral  bevel  gears  and, 
on  occasion— for  lower  power  transmissions  and 
speeds — of  straight  bevel  gears  with  localized  contact. 

Bevel  gears  with  intersecting  axes,  whether  the  shaft 
angle  is  greater  or  less  than  90  deg,  can  be  represented 
kinematically  by  pitch  cones  that  roll  without  slipping 
at  the  specified  velocity  ratio  and  contact  along  a com- 
mon element  called  the  pitch  element.  The  pitch  ele- 
ment is,  therefore,  the  instantaneous  axis  of  relative 
motion  of  either  gear  with  respect  to  the  other.  The  two 
axes  and  the  instantaneous  axis  all  lie  in  the  axial  plane 
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Fig.  7-8.  Hypoid  Gears 
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and  intersect  at  the  apex.  Gears  with  parallel  axes  can 
be  either  spur  gears  or  helical  gears  and  may  be  consid- 
ered an  extension  of  the  bevel  gears,  in  which  the  pitch 
cones  become  pitch  cylinders  and  the  apex  is  at  infinity. 
Fig.  7-9  shows  the  pitch  surfaces  for  the  three  basic 
types  of  gear  arrangements. 

The  pitch  cones  of  bevel  gears  and  pitch  cylinders  of 


Fig.  7-9.  Pitch  Surfaces  for  Basic  Gear 
Arrangements 
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spur  and  helical  gears  have  basic  properties  that  make 
them  valuable  concepts  in  analysis  and  design.  These 
include: 

1.  Pitch  surfaces  roll  together  with  no  sliding. 

2.  The  pitch  element  is  the  instantaneous  axis  of 
relative  motion. 

3.  The  common  tooth  surface  at  any  point  of  con- 
tact intersects  and  is  normal  to  the  pitch  element. 

4.  The  pitch  element  is  the  intersection  of  the  sur- 
faces of  action. 

It  should  be  noted  that  there  are  no  pitch  surfaces  for 
gears  without  coplanar  axes  that  fulfill  any  of  the  first 
three  conditions.  The  fourth  condition  can  be  fulfilled 
only  by  choosing  specific  tooth  shapes  for  the  purpose. 
Pitch  cylinders  and  pitch  cones  sometimes  are  referred 
to  in  connection  with  hypoid  gears  as  a matter  of  con- 
venience, but  they  must  not  be  considered  to  be  true 
pitch  surfaces. 

Because  the  surfaces  of  action  intersect  in  the  pitch 
element,  it  is  natural  to  use  the  pitch  surfaces  as  a basis 
for  designing  gear  blanks.  Thus,  conical  gear  blanks 
usually  are  used  for  bevel  and  hypoid  gears,  and  cylin- 
drical blanks  are  used  for  spur  and  helical  gears.  The 
gear  teeth  are  positioned  around  the  pitch  surface  and 
the  intersection  of  the  tooth  surfaces  in  the  pitch  sur- 
face is  at  the  pitch  curves.  The  spacing  of  the  pitch 
curves  on  the  pitch  surface  is  the  gear  pitch,  which  may 
be  measured  angularly  or  linearly  and  in  various  direc- 
tions for  various  purposes,  i.e.,  pitch  may  be  measured 
in  the  plane  of  rotation  or  in  a direction  normal  to  the 
gear  tooth  surfaces. 

The  pitch  planeis  the  plane  that  is  mutually  tangent 
to  the  pitch  surfaces  of  a gear  pair.  It  contains  the  pitch 
element  and  is  perpendicular  to  the  axial  plane.  Tooth 
airections  such  as  pressure  angle  and  spiral  angle  or 
helix  angle  usually  are  specified  with  respect  to  the 
pitch  plane.  The  system  of  gearing  generally  employed 
can  use  the  basic  crown  or  rack  members  as  a basis  for 
definition.  When  the  pitch  angle  of  a bevel  gear  is  90 
deg,  it  is  a crown  gear  and  its  pitch  surface  is  a plane 
that  rotates  about  the  apex  while  rolling  with  the  pitch 
cone  of  its  mate. 

Similarly,  when  the  pitch  radius  of  a spur  or  helical 
gear  becomes  infinite,  it  is  a rack  and  its  pitch  surface 
is  a plane  that  has  translational  motion  while  rolling 
with  the  pitch  cylinder  of  its  mate.  A rack  or  a crown 
gear  is  the  basic  member  for  the  gear  family  conjugate 
to  it.  Tooth  dimensions  customarily  are  specified  for 
the  basic  member;  and  they  are  also  the  basis  of  most 
generating  processes  even  tho  igh  the  actual  manufac- 
turing process  is  that  of  form  cutting  or  grinding.  Be- 
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Fig.  7*10.  Plane  Tooth  Action 


cause  the  extension  of  gear  tooth  action  to  a three- 
dimensional  system  can  be  analyzed  through  the 
integration  of  gear  tooth  action  in  a given  plane,  the 
analysis  usually  is  conducted  in  a single  plane.  In  order 
to  proceed  with  the  basis  of  analysis  in  any  one  of  a 
number  of  planes  that  generally  are  used,  the  planes 
first  will  be  defined.  The  transverse  plane  is  the  plane 
that  is  perpendicular  to  the  pitch  elements;  therefore, 
it  is  mutually  perpendicular  to  the  axial  plane  and  the 
pitch  plane.  It  is  usually  the  plane  that  is  used  to  study 
spur  and  helical  gear  tooth  action  because  any  point  on 
the  tooth  surface  remains  in  that  plane  during  rotation. 
Such  an  analysis  is,  therefore,  exact  for  the  particular 
section  or  plane  of  the  gear  studied.  In  a bevel  gear,  a 
particular  point  on  the  tooth  does  not  remain  in  the 
same  transverse  plane  during  rotation;  hence,  bevel 
gear  analysis  in  the  transverse  plane  is  approximate. 
However,  the  method  is  used  widely  and  is  sufficiently 
accurate  for  most  purposes.  It  should  be  noted  that  the 
plane  of  rotation  and  the  transverse  plane  are  coinci- 
dent for  both  spur  and  helical  gears,  whereas  in  the 
bevel  gear  system  this  is  not  the  case. 

For  a gear  that  is  defined  as  a machine  element 
whereby  uniform  motion  is  transmitted  from  one  mem- 
ber to  another,  the  following  fundamental  law  of  gear 
tooth  action  applies.  The  common  normal  to  the  pro- 
files at  a point  of  contact  contains  the  pitch  point.  Fig. 
7-10  illustrates  tooth  action  in  a plane  that  supports  the 
definition  of  a gear  whereby  uniform  motion  is  trans- 
mitted from  one  member  to  another. 


The  line  of  action  is  the  locus  of  the  points  of  contact 
as  the  profiles  go  through  mesh.  The  point  on  the  tine 
of  action  closest  to  a turning  center  is  a limit  of  action. 
The  radius  of  curvature  of  the  profile  associated  with 
that  turning  center  becomes  zero  at  this  point,  and 
conjugate  tooth  action  cannot  proceed  beyond  it.  The 
limits  of  action  are  outside  of  the  region  of  mesh  en- 
closed by  the  outside  circles  of  the  mating  gears.  The 
line  of  action  available  for  proper  tooth  action,  taking 
into  account  the  region  of  mesh  and  the  limits  of  action, 
is  the  length  of  the  line  of  action. 

The  angle  of  rotation  of  a gear  that  proceeds  from 
one  end  of  the  length  of  the  line  of  action  to  the  other 
is  the  angle  of  contact.  The  ratio  of  the  angle  of  contact 
to  the  angular  pitch  is  the  transverse  (profile)  contact 
ratio  and  must  be  greater  than  one  (1.0)  for  continuous 
transmission  of  motion.  Fig.  7-1 1 shows  a pair  of  tooth 
profiles  in  contact  at  a general  point  M,  at  a distance 
S from  the  pitch  point  P. 

The  contact  normal  at  M must  pass  through  P and 
is  inclined  at  the  pressure  angle  <f>.  K,  and  K2  on  the 
contact  normal  are  the  centers  of  curvature  of  the  pro- 
files at  the  contact  point  M and  must  be  related  geomet- 
rically as  shown  in  the  figure  for  uniform  motion.  The 
algebraic  statement  of  this  relationship  is 


where 

p,  and  p2  = radii  of  curvature  of  the  profiles 
at  M 


Fig.  7-11.  Tooth  Profile  Curvatures 
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R i and  R2  = pitch  circle  radii  of  the 

pinion  and  gear,  respectively 
For  a pair  of  profiles  to  continue  to  transmit  uniform 
motion,  which  is  the  requirement  by  definition  of  a 
gear,  this  relationship  must  hold  at  all  phases  of  gear 
tooth  mesh.  The  relative  curvature  of  l/p0  between 
gear  tooth  profiles  is 

Po 


i.  + _l 

Pi  Pi 


(7-3) 


For  contact  at  the  pitch  point,  the  relative  curvature  is 
given  by  the  formula 

— = -L  (±  + -i 

p0  sin  ^ \ Rt  R2 


) 
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The  simplest  and  most  widely  used  tooth  form  has 
a basic  rack  with  straight  tooth  profiles.  The  inclination 
of  the  rack  profile  to  a vertical  line  is  the  pressure  angle. 
The  line  of  action  is  straight  and  normal  to  the  rack 
profile.  The  circles  about  the  turning  center  and  tan- 
gent to  the  line  of  action  are  base  circles.  The  profile 
curve  on  each  member  is  the  involute  of  its  base  circle 
(see  Fig.  7-12). 

The  involute  of  a circle  may  be  defined  as  the  curve 
traced  by  a point  on  a straight  line  that  rolls  without 
slipping  on  the  circle.  The  circle  is  called  the  base  circle 
of  the  involute.  A single  involute  curve  has  two  branch- 
es of  opposite  hand,  meeting  at  a cusp  on  the  base 
circle  where  the  radius  of  curvature  is  zero.  All  invo- 
lutes of  the  same  base  circle  are  congruent  and  parallel. 
Involutes  of  different  base  circles  are  similar  geometri- 
cally. Fig.  7-13  shows  the  elements  of  involute  geome- 
try. The  radius  R of  the  pitch  circle  is/?*  sec<f>,  where 

is  the  pressure  angle. 


INVOLUTE 


Fig.  7-12.  Involute  Rack 


Fig.  7-13.  Involute  Geometry 

7-3. 1.1  Design  Considerations 

Based  upon  the  drive  system  requirements  that  es- 
tablish the  initial  design  criteria,  the  following  factors 
govern  the  drive  system: 

1.  Reduction  ratio 

2.  Design  torque 

3.  Operating  time  schedule 

4.  Space  requirements 

5.  Source  and  type  of  power 

6.  Type  of  loading 

7.  Environmental  conditions 

8.  Material  specifications  for  gears 

9.  Lubricating  media 

10.  Method  of  lubrication  and  cooling 

11.  Ability  to  operate  following  lubrication  system 
failure 

12.  Projected  growth. 

Aerospace  drive  system  applications  require  careful 
consideration  of  these  factors  before  preliminary  layout 
for  configuration  determination  can  be  made.  Usually 
the  initial  design  criteria  will  require  trade-offs.  The 
second  requisite  involves  the  selection  of  a gear  train  lo 
be  used  in  helicopter  arrangements.  The  following  are 
included  as  possible  gear  train  configurations: 

1 . Simple  gear  train:  parallel  axis 

2.  Right-angle  gear  pair 

3.  Right-angle  gear  pair:  offset  axis 

4.  Planetary:  either  simple  compound  or  multi- 
stage. 

The  gears  in  the  train  can  be  arranged  in  a variety  of 
ways.  One  of  the  major  design  problems  in  high-perfor- 
mance equipment  is  the  problem  of  arranging  and  fit- 
ting the  gear  train  to  the  available  space,  which  usually 
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is  dictated  by  aerodynamic  shape,  orientation  of  power 
plant  in  relationship  to  transmission  and  rotor,  etc., 
while  still  meeting  the  design  objectives  established  for 
the  drive  system.  The  gear  types  that  generally  are  used 
in  helicopter  transmissions  are: 

1.  For  parallel  axes  (external  and  internal): 

a.  Spur 

b.  Helical 

c.  Herringbone  or  double  helical 

2.  Intersecting  axes  (straight): 

a.  Zerol  bevel 

b.  Spiral  bevel 

3.  Nonintersecting  axes:  Hypoid. 

The  selection  of  the  gear  types  in  the  gear  train  ar- 
rangement has  a very  important  effect  upon  the  effi- 
ciency, power  capacity,  and  size  of  the  drive  system. 
For  example,  the  following  power  losses  are  typical  of 
high-performance  gear  drives  that  are  used  in  aero- 
space applications: 

1.  Spiral  bevel  gear  mesh:  0.5% 

2.  One-stage  planetary  mesh:  0.75% 

3.  Spur  or  helical  gear  mesh:  0.5% 

4.  Hypoid  gear  mesh:  0.9  to  2.0%. 

The  power  loss  of  a gear  mesh  is  dependent  upon  the 
amount  of  sliding  motion  and  the  coefficient  of  friction, 
which,  in  turn,  depends  upon  the  surface  finish  of  the 
gear  teeth  and  the  ability  of  the  lubricant  to  reduce  the 
frictional  losses.  Lower  coefficients  of  friction  and  in- 
creased mesh  efficiency  result  from  the  use  of  recess 
action  gears  for  all  three  general  categories  of  gears. 

Based  upon  the  drive  system  requirement,  the 
preliminary  design  activity  involves  a consideration  of 
the  load-rating  limitation  of  the  gears,  an  estimate  of 
the  approximate  gear  capacity,  and  a consideration  of 
the  kind  of  data  that  will  be  required  on  the  gear  draw- 
ings. The  load-rating  limitations  include: 

1.  Tooth  Strength.  The  tooth  strength  is  based 
upon  the  load  the  tooth  can  carry  without  permanent 
deformation  or  fracture.  Bending  strength  is  selected  so 
that  peak  loads  are  always  below  the  endurance  limit. 
Fatigue  failures,  when  they  occur,  usually  initiate  at  or 
near  the  root  fillet. 

2.  Surface  Durability  and  Scoring  Hazard. In  pres- 
ent-day helicopter  applications,  the  highly  loaded  gear 
teeth  are  not  separated  by  a fully  hydrodynamic  oil  film 
during  all  phases  of  engagement.  It  is  believed  that  part 
of  the  tooth  action  takes  place  under  boundary  film 
conditions.  The  combination  of  high  loads  and  sliding 
action  of  driving  pinion  teeth  and  flanks  of  the  driven 
gear  teeth  impose  the  most  severe  conditions  for  the 


lubricating  oil.  Manufacturing  processes  also  produce 
tooth  profile  modifications  with  variations  from  tooth 
to  tooth  and  small  surface  irregularities  that  tend  to 
lower  oil  viscosity  and  film  strength  due  to  frictional 
heat  and  dynamic  loads  in  critical  contact  areas.  This 
results  in  breakdown  of  the  lubricating  film,  which 
permits  metal-to-metal  contact  so  that  surface  deterio- 
ration (scoring)  occurs  very  rapidly. 

The  rating  methods  that  follow  are  used  by  most 
helicopter  gear  design  engineers.  In  most  instances,  the 
basic  data  are  from  the  various  standards  and  practices 
of  the  American  Gear  Manufacturers  Association 
(AGMA).  The  tooth  strength  rating  of  spur,  helical, 
herringbone,  and  bevel  gear  teeth  can  be  determined  by 
using  an  equation  for  the  tensile  stress  at  the  root 
due  to  bending  f applicable  to  each  type 


*•£)(*)(£)  - - 


where  (for  tensile  stress  due  to  bending) 

W,  = transmitted  tangential  load  at 
operating  pitch  diameter,  lb 
K0  — overload  factor,  dimensionless 
K,  — dynamic  factor,  dimensionless 
Pd  = diametral  pitch,  in.'1 

F = face  width,  in. 

Ks  = size  factor,  dimensionless 
Km  = load  distribution  factor, 
dimensionless 

J — geometry  factor,  dimensionless 
The  groups  of  terms  in  Eq.  7-5  are  concerned  with  the 
load,  tooth  size,  and  stress  distribution,  respectively. 
The  relationship  of  calculated  stress  / to  allowable 
(yield)  stress  f!y  is: 
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where 

K,  = life  factor,  dimensionless 

K,  — temperature  factor, 
dimensionless 

Kr  = safety  factor,  dimensionless 
Surface  durability  rating  is  a measure  of  the  resist- 
ance of  the  profile  to  the  fatigue  phenomenon  known 
as  pitting.  The  following  general  formula  applicable  to 
spur,  helical,  herringbone,  and  bevel  gears  can  be  used 
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to  determine  the  limiting  value  of  contact  stress  ft  to 
prevent  destructive  pitting: 


(7-7) 


where  (for  contact  stress) 

W,  transmitted  tangential  load  at 
operating  pitch  diameter,  lb 
C„  — overload  factor,  dimensionless 
C,  — dynamic  factor,  dimensionless 
d — pinion  operating  pitch 
diameter,  in. 

Fr  = effective  face  width,  in. 

C,  — size  factor,  dimensionless 
Cm  = load  distribution  factor, 
dimensionless 

/ s>  geometry  factor,  dimensionless 
Cf  = surface  condition  factor 

(includes  finish,  residual  stress, 
and  work  hardening), 
dimensionless 

Cr  = material  elastic  properties 

coefficient, (psi) 1/2 ; see  Eq.  7-12 
The  relationship  of  calculated  contact  stress  f to  allow- 
able contact  stress  Fe  is  given  by: 


where 

Tj  = flash  temperature  index,  *F 
7]  = initial  temperature,  °F 
W,r  — effective  tangential  load,  lb 
s = rms  surface  finish,  after  initial 
run-in,  micro-in. 

Z,  = scoring  geometry  factor, 
dimensionless 
Np  --  pinion  rpm 
Z,  can  be  evaluated  as  follows: 
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where 

pp  — pinion  radius  of  curvature,  in. 
pg  — gear  radius  of  curvature,  in. 
np  — number  of  teeth  in  pinion 
ng  — number  of  teeth  in  gear 
<f>,  = operating  transverse  pressure 
angle,  deg 

The  effective  tangential  load  W„  in  Eq.  7-9  must  be 
adjusted  to  allow  for  the  sharing  of  load  by  more  than 
one  pair  of  teeth  as  follows: 
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where 

Ci  — life  factor,  dimensionless 
C*  = hardness  ratio  factor, 
dimensionless 
C,  = temperature  factor, 
dimensionless 

Cr  = safety  factor,  dimensionless 
Scoring  probability  rating  is  a measure  of  surface 
capacity  and  depends  upon  the  oil  film  strength  to 
prevent  metal-to-metal  contact.  If  contact  occurs,  a 
welding  and  tearing  apart  action  results  in  profile  sur- 
face deterioration.  An  empirical  formula,  applicable  to 
spur  and  helical  gears,  used  to  determine  the  flash  tem- 
perature index  or  scoring  hazard,  follows: 
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where 

K„  — load  distribution  factor  for 
bending  load,  dimensionless 
The  design  scoring  index  value  is  presented  in  Fig. 
7-14.  Calculated  flash  temperatures  for  gear  sets  that 
score  and  do  not  score  when  lubricated  with  MIL-L- 
7808  oil  or  MIL-L-23699  oil  (which  is  basically  7808 
oil  with  a load-carrying  additive)  have  resulted  in  a 
recommended  safe  design  scoring  index  value  range  up 
to  276’F,  an  intermediate  or  medium  risk  range  from 
276°  to  338°F,  and  a high  risk  range  above  338°F.  A 
graph  of  load  capacity  versus  surface  finish  is  presented 
in  Fig.  7-15. 

Allowable  stresses  are  determined  best  from  field 
experience  and  qualification  bench  testing.  However, 
actual  tests  of  gears  have  shown  quite  a scatter  of  test 
results.  A safe  stress  index  is  one  that  is  along  the  lower 
boundary  of  the  scatter  band  where  test  data  are  plot- 
ted as  stress  versus  number  of  cycles.  If  field  and  test 
data  are  not  available,  the  designer  usually  will  consult 
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Fig.  7-14.  Gear  Scoring  Design  Guide  for  Aerospace 
Spur  and  Helical  Power  Gears 

published  data  such  as  AGMA  practices  and  other 
trade  publications  for  the  preliminary  gear  design  and 
analyse.  Caution  must  be  exercised  in  applying  modi- 
fying factors  in  order  to  select  the  appropriate  value  for 


allowable  stress,  because  consideration  must  be  given 
to  such  factors  as: 

1.  Gear  material  and  hardness 

2.  Tolerance  class 

3.  Mounting  accuracy  and  rigidity  of  mountings 

4.  Tooth  surface  finish 

5.  Lubricant 

6.  Surface  treatment 

7.  Dynamic  loads 

8.  Operating  conditions 

9.  Vibrations  and  resonant  conditions 

10.  Contingency  factors. 

As  suggested  previously,  gears  in  a particular  transmis- 
sion should  be  investigated  for  all  design  conditions, 
namely,  bending  stress,  compressive  stress,  and  the 
scoring  hazard. 

After  the  preliminary  design  investigation  has  estab- 
lished that  the  limits  are  satisfactory  for  all  conditions. 
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Fig.  7-15.  Load  Capacity  vs  Surface  Finish 
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it  generally  will  be  found  that  the  capacity  of  gear  teeth 
to  resist  pitting  actually  will  establish  the  gear  size  and 
life.  The  tooth  bending  strength  is  determined  by  the 
size  of  the  gear  tooth;  however,  long-life  gears  usually 
are  found  to  be  critical  in  pitting  durability.  The  gen- 
eral formula  (Eq.  7-7)  will  evaluate  * er  the  gears 
are  critical  in  pitting  durability,  lu  tin.,  .ormula,  the 
constant  C„,  which  is  the  coefficient  depending  upon 
elastic  properties  of  the  material,  is  given  by  the  expres- 
sion 


/ = CC 

JC  V'WD 


V Cv  \dFe)  / 


, psi  (7-15) 


which  can  be  written 


fc~CCP  V dFeI 


VJ.  c CC  C, 

t I os  mf 


, psi  (7-16) 


I where 

p.p  and  fig  — Poisson’s  ratio  for  pinion  and 
i gear,  respectively,  d’less 

I Ep  and  Et  — modulus  of  elasticity  for  pinion 

and  gear,  respectively,  psi 
k — 1.0  for  gears  with  nonlocalized 
contact,  which  is  the  case  for 
most  spur,  heliccl,  and 
herringbone  gears 
k = 1.5  for  gears  with  localized 
contact  (most  bevel  gears) 
i For  the  typical  case  of  steel  gears 

' _ _ E-2G  _ 29  X 101 * * * * 6  -2X  11  X IQ6 

! Ug  2 G 2 X 11  X 1 06 

_ _Z_  - 0318  , dimeuiealess  (7-13) 
22 

where 

G = shear  modulus,  psi 
k = 1 (nonlocalized  contact) 

then 


1 

(1  — (0.3 18)2  \ 

29  X 106  / 

= 2270(psi)l/2  (7-14) 

The  formula  for  conti.ci  or  compressive  stress  (Eq.  7-7) 

may  be  written  as 


The  additional  coefficient  of  stress  intensity  Chas  been 
introduced,  with  the  value  C — 1.0  representing  maxi- 
mum surface  stress.  Consider  the  factors  under  the 
second  radical  - namely,  C0,C,,Cm,  C/,and  C,  - as  all 
being  equal  to  1 for  comparative  purposes;  then  a par- 
ticular transmission  system  can  be  evaluated  as  to 
whether  it  will ' ? as  good  as,  or  better  than,  a previous 
transmission  whose  history  is  known.  The  formula 


r*r“ 

^=2270  v^7  ,psi 


is  simplified  for  purposes  of  comparison.  The  geometry 
factor  /is  evaluated  as  shown  in  Eq.  7-18, 

Cc 

/=  .dimensionless  (7-18) 

mN 


where 

Cc  — contact  angle  factor  for  contact 
load,  dimensionless 
m Y =■  1 for  spur  gears 
w,v  = E/L„,„  for  helical  gears 
my  = Ps  /(0.95Z)  for  helical  gears 

whose  contact  ratio  is  > 2 or 
integer  of  1 
and 

F — face  width,  in. 

Lmm  = minimum  length  of  line 
contact,  in. 

P*  = normal  base  pitch,  in. 

Z — length  of  action  in  transverse 
plane,  in. 

The  value  of  the  contact  angle  factor  C(.  is  found  from 
Eq.  7-19  (external  spur  gears)  o-  Eq.  7-20  (internal 
gears). 
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sin  ip  cos  <p 
2 


sin  <p  cos  <p 


dless  (7-19) 


dless  (7-20) 


where  4>  equals  the  operating  pressure  angle  and  Mg  is 
the  gear  ratio,  namely,  the  number  of  teeth  in  the  gear 
divided  by  the  number  of  teeth  in  the  pinion.  For  case- 
hardened  gears  with  a satisfactory  depth  of  hardness 
and  surface  hardness,  the  compressive  stresses  can  ex- 
ceed 200,000  psi  with  the  use  of  either  MlL-L-7808  or 
MIL-L-23699  synthetic  oils  for  lubrication  and  cooling 
in  the  transmission.  However,  in  most  helicopter  trans- 
mission designs,  where  either  planet  or  star  system  ar- 
rangements are  used  for  gear  reduction,  in  order  to 
allow  for  the  unequal  load  sharing  between  either  the 
planet  or  star  gears,  a satisfactory  design  limit  for  pit- 
ting is  160,000  psi.  Where  the  design  is  based  upon  a 
surface  compressive  stress  of  160,000  psi,  there  would 
be  a minimum  development  time  and  effort  required 
for-  the  qualification  and  final  acceptance  of  a newly 
designed  transmission  system. 

7-3. 1.1.1  Life-load  Relationship 

In  evaluating  loads  versus  geai  and  bearing  life,  the 
various  load  conditions  are  resolved  for  the  minimum 
period  satisfactory  for  an  operating  interval.  The  struc- 
tural elements  generally  are  designed  to  operate  below 
the  endurance  limit  of  the  material  or,  at  least,  to  have 
a life  well  beyond  the  useful  life  of  the  vehicle.  Struc- 
tural design  conditions  generally  are  well  covered  in 
MIL-HDBK-5  and  other  applicable  specifications. 
Changes  for  structural  reasons  are  made  easily  by  in- 
creasing the  thickness  of  material,  diameter  of  a bolt, 
or  by  adding  a rib,  etc.  However,  gears  and  bearings 
should  be  correct  early  in  the  design,  since  the 
diameter  or  face  width  of  a gear  is  difficult  to  change 
at  a later  date.  A bearing  change  also  requires  ex- 
tensive redesign. 

Antifriction  bearings  and  case-hardened  gear  tooth 
surfaces  do  not  have  an  endurance  limit.  These  ele- 
ments become  too  large  when  designed  for  the  life  of 
the  aircraft.  Some  individual  gears  and  bearings  may 
last  the  life  of  the  vehicle  while  others  may  last  only  to 
a scheduled  overhaul  because  of  the  wide  spread  in 
fatigue  life. 

The  same  concept  applies  to  those  parts  subject  to 
abrasive  wear  due  to  microscopic  contamination.  Thus, 


the  bearing  and  gear  sizes  usually  will  be  designed  for 
an  overhaul  life  deemed  to  be  satisfactory.  In  the  past, 
an  overhaul  life  of  1000  hr  was  considered  a good  de- 
sign objective.  Presently,  however,  an  operating  inter- 
val considerably  greater  than  1000  hr  is  required. 

Extensive  tests  of  rolling  machine  elements  subject  to 
highly  localized  compression  or  ‘Hertz1’  stresses  fol- 
low a statistically  determined  fatigue  pattern.  Life  L 
varies  inversely  with  the  load  P (horsepower)  raised  to 
a power, 


1 

L a (7-21) 

op 


Most  bearing  manufacturers  state  the  exponent  p as 
3.0;  one  bearing  company  uses  p = 4.0  and  two  other 
companies  use  p = 10/3  on  roller  bearings.  The  expo- 
nent 10/3  also  is  used  for  gear-tooth  compression 
fatigue.  Some  tests  have  indicated  the  exponent  p to  be 
3.0  for  point  contact  and  4.0  tor  line  contact.  Since 
most  contacts  are  areas  of  an  elongated  elliptical 
shape,  and  since  there  actually  is  neither  point  or 
line  contact,  an  average  exponent  of  10/3  can  be  used 
for  design  analysis. 

All  of  the  various  loads,  speeds,  and  times  of  opera- 
tion are  gathered  into  one  life-load  figure.  Some  bearing 
companies  advise  a cubic  mean  load  for  the  full  life; 
however,  a modified  life  at  normal  rated  power  using 
the  exponent  10/3  avoids  a variation  in  bearing  and 
tooth  loads  between  investigators.  Only  the  life  is  sub- 
ject to  varying  opinion.  Fatigue  damage  for  the  various 
conditions  may  be  accumulated  and  averaged  to  give 
the  rated  equivalent  time  Tr at  continuous  rated  power 
and  rpm: 


T,~Pf  R\T\  +Pf  R 2 T , ♦ -•  + PPRn Tn 

n 

-E  PfRfi  (7-22) 


where 

p 10/3 

P,  = ratio  of  power  used  for 

Condition  i to  rated  power 
R,  = ratio  of  rpm  used  for  Condition 
/ to  rated  rpm 
T,  - ratio  of  time  used  for 
Condition  i to  total  time 
In  this  equation  it  is  essential  that 
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After  the  gearbox  and  gears  and  other  components 
of  the  transmission  have  been  designed  and  stress 
analyzed,  the  gearing  components  can  be  optimized  for 
maximum  life  in  service  by  certain  specifications  that 
will  result  in  an  improvement  of  the  life  of  the  gears. 
The  design  techniques  involved  are: 

1.  Recess  action  gears  usually  result  in  a lower 
coefficient  of  friction  and  reduced  noise  level  and  in  an 
increased  mesh  efficiency  with  a smoother  tooth  action 
(see  par.  7-3. 1.1.4). 

2.  Full  fillet  uttground  roots  result  in  maximum 
resistance  to  bending  fatigue.  Yet  the  active  tooth  pro- 
files, which  are  ground,  can  enjoy  a dual  benefit  in  that 
the  accuracy  of  the  ground  gears  will  be  realized  on  the 
flanks  of  the  teeth  where  gear  tooth  action  takes  place, 
while  the  maximum  benefit  of  the  case-hardened  sur- 
face will  be  left  intact  in  the  unground  fillets. 

3.  Shot-peening  can  result  in  added  or  iixreased 
fatigue  life  of  the  gears,  both  in  compressive  stress  and 
in  bending  stress. 

4.  After  the  gear  teeth  have  been  ground  and  have 
completed  the  manufacturing  cycle,  they  can  be  sub- 
jected to  a manganese  phosphate  surface  treatment  to 
break  in  the  gears  during  the  initial  stages  of  operation, 
minimizing  the  hazard  for  scoring.  By  this  treatment 
the  surface  of  the  gear  teeth  is  converted  into  a nonmet- 
aliic  oxide  that  becomes  impregnated  or  saturated  with 
lubricant.  The  burnishing  of  the  gear  tooth  profiles 
during  the  initial  stages  of  running  reduces  the  risk  of 
scoring. 

5.  Tip  and  flank  modifications  can  be  incorporated 
where  the  deflection  test  or  calculations  indicate  that  a 
concentration  of  load  at  either  the  tips  or  the  flanks  or 
ends  of  the  gear  teeth  would  result  in  a shortened  gear 
life. 

6.  Higher  pressure  angles  generally  result  in 
higher  bending  fatigue  strong' ' *■  gear  teeth.  Whereas 
commonly  used  standards  pse* . usly  employed  14.5- 
and  20-deg  pressure  angle  gears,  present  optimized  de- 
signs generally  use  22.5-deg  pressure  angle  gears  and, 
in  certain  cases,  higher  pressure  angles. 

7.  The  use  of  deeper  teeth  for  higher  profile  con- 
tact ratio,  as  well  as  the  use  of  helical  gears  for  added 
face  overlap,  also  will  result  in  an  increased  fatigue 
capacity  of  the  gears  by  sharing  the  load. 
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7-3.1. 1.2  Suggestions  for  Good  Design 
Practice  of  Gearboxes 

Gear  load  capacity  is  dependent  directly  upon  the 
operating  alignment  of  the  gear  mesh.  Good  design 
dictates  that  deflections  at  the  gear  mesh  be  kept  to  a 
minimum.  The  total  amount  of  misalignment  should 
not  exceed  a given  allowable  value.  In  most  applica- 
tions the  deflections  should  not  exceed  0.001  in./in.  of 
face  width  for  spur  gears  and  0.003  in./in.  for  bevel 
gears  at  the  working  surfaces  of  mating  members.  Of 
the  two  basic  types  of  mounting,  straddle  and  over- 
hung, straddle  mounting  is  preferred.  This  configura- 
tion best  reduces  both  alignment  and  deflection  prob- 
lems. Wherever  possible,  the  use  of  two  bearings  for 
each  gear  shaft,  mounted  as  close  as  possible  to  the  gear 
faces,  tends  to  minimize  large  moment  loads  and 
reduce  vibration  problems.  In  many  cases,  bearing  sizes 
and  shaft  dimensions  are  determined,  not  by  strength 
and  life  considerations,  but  by  shaft  stiffness  to  mini- 
mize gear  tooth  displacements. 

It  is  good  practice  to  preload  thrust  bearings  to  pre- 
vent axial  displacements  under  load,  and  to  allow  for 
thermal  expansion  of  the  gear  shaft  by  the  use  of  a 
cylindrical  roller  bearing.  The  preloaded  duplex  ball 
bearing  reacts  with  both  thrust  and  radial  loads  while 
the  cylindrical  roller  bearing  reacts  only  with  radial 
loads. 

Wherever  possible,  the  gear  should  be  integral  with 
the  shaft.  When  gears  must  be  assembled  onto  the 
shaft,  a double-piloted,  loeked-up,  involute-spline 
mounting  is  one  method  used  for  minimum  weight  and 
good  reliability.  However,  bolted  connections  also  have 
been  used  successfully. 

The  mounting  of  bevel  and  hypoid  gears  can  be  de- 
signed for  maximum  rigidity  by  establishing  the  gear 
hub  directly  in  line  with  the  resultant  of  the  axial  and 
separating  forces.  Provisions  also  should  be  made  for 
axially  adjusting  both  gear  and  pinion  during  assembly. 
This  may  be  accomplished  easily  by  the  use  of  shims 
placed  between  the  main  housing  and  the  gear  shaft 
subassembly. 

The  housing,  or  gear  case,  acts  to  form  a strong  base 
in  which  to  mount  the  bearings  and  support  the  gears 
and  shafts,  and  is  designed  after  sizing  and  locating  the 
gears  and  bearings. 

7-3. 1.1. 3 Gearbox  Lubrication  Considerations 

A high-power,  high-performance,  lightweight  gear- 
box dictates  a pressure-fed  lubrication  system  and  oil 
jets  that  direct  the  oil  flow  to  the  gear  faces  and  bear- 
ings. Consideration  must  be  given  to  the  proper  design 
of  the  gearbox  to  provide  adequate  internal  drainage  to 
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the  scavenge  pump  inlet.  A tight  gear  case,  in  which  the 
housing  fits  tightly  around  the  gearing,  leads  to  exces- 
sive heat  being  generated  due  to  oil  churning,  windage 
losses,  and  oil  entrapment.  This  difficulty  often  can  be 
corrected  by  the  development  of  gear  wipers,  or 
shrouds,  that  act  to  isolate  the  gear-toothed  members 
from  the  sides  of  the  housings.  A recommended  scav- 
enge ratio,  oil-out  to  oil-in,  of  from  2.5:1  to  3:1  is 
considered  adequate.  Oil  distribution  within  the  gear- 
box by  means  of  drilled  or  cored  passages  is  recom- 
mended from  a reliability  standpoint  in  that  external 
lines  are  susceptible  to  damage  by  handling  and  servic- 
ing. The  use  of  externally  removable  oil  jets  is  ex- 
tremely desirable  because  it  becomes  easy  to  check  the 
condition  of  the  jet  orifice  without  a complete  disas- 
sembly of  the  gearbox.  Good  lubrication  and  cooling  of 
the  gear  mesh  are  accomplished  by  spraying  oil  into 
both  the  incoming  and  outgoing  meshes.  Oil  system 
design  also  must  include  provisions  for  30  min  of  opera- 
tion after  loss  of  the  primary  lubrication  supply.  This 
may  be  accomplished  by  small  trapped  oil  supplies 
strategically  located,  consumable  barring  cages,  or  a 
separate  redundant  oil  system.  Grease-lubricated  gear 
systems  also  are  a distinct  possibility. 

7-3. 1.1.4  Recess  Action  Gears 

There  are  design  advantages  to  be  gained  from  the 
use  of  recess  action  gears.  The  technique  involves  the 
tooth  profile  shifting  to  “long  and  short  addendum” 
design.  Whereas  in  standard  design  gears  the  pitch 
diameter  is  in  the  center  of  the  working  depth  of  both 
the  pinion  and  gear,  in  recess  action  gears  the  pitch 
diameter  is  low  in  the  flank  of  the  pinion  tooth  and  high 
in  the  flank  of  the  gear  tnoth.  A comparison  of  standard 
design  and  recess  action  design  is  presented  in  Fig. 
7-16. 

7-3. 1.2  Preliminary  Gearbox  Weight 
Considerations 

A primary  consideration  in  the  selection  of  a gear 
type  for  a given  application  is  weight.  For  a parallel- 
shaft  application,  properly  designed  helical  gears  will 
be  a little  smaller  than  spur  gears  of  equal  capacity. 
However,  the  thrust  reaction  of  the  helical  gsars  may 
require  larger  bearings  and  a more  complex  support 
structure  so  that  the  total  weight  of  a spur  gear  system 
might  be  less  than  that  of  a helical  system. 

Double-helical  gearing  can  present  real  advantages 
where  there  is  high  speed  and  high  power,  due  to  the 
smoothness  of  the  gear  action  and  elimination  of  thrust 
loads.  The  gears  may  be  heavier  than  single  helical 
gears  of  equal  capacity  because  of  the  extra  width  of  the 


gear  blank  required  to  provide  the  space  between  the 
two  helices  and/or  the  material  required  to  assemble 
the  two  halves  of  the  gear.  The  reduced  bearing  and 
structural  requirements  may  more  than  compensate  for 

this. 

For  applications  involving  nor, parallel  shafting  there 
is  currently  only  one  choice:  spirol  bevel  gears.  In  some 
cases  it  may  be  possible  to  effect  real  space  and  weight 
savings  by  using  two  or  more  spiral  bevel  gear  sets  in 
series.  For  example,  two  meshes  of  spiral  bevel  gears, 
each  with  45-deg  shaft  angles,  might  prove  more  ad- 
vantageous than  one  set  of  bevel  gears  with  90-deg  shaft 
angle  used  in  series  with  a spur  or  helical  gear  set  or  a 
planetary  reduction. 

Lightly  loade..  drives,  such  as  accessory  drives  or 
low  power  main  reductions,  usually  will  be  served  best 
with  spur,  or  spiral,  or  Zerol  bevel  gear  drives. 

Following  the  preliminary  sizing  of  the  gearing  con- 
figuration, the  empirical  expression  prerented  in  Ref.  I 
provides  a means  of  estimating  the  weight  of  the  com- 
plete gearbox  less  accessories.  The  premise  is  that  the 
weight  of  a gear  system  is  a function  of  the  total  solid 
rotor  volume  and  that  weight  estimates  are  obtained  by 
multiplying  the  value -of  where  F = face  width, 
in.  and  d = gear  pitch  diameter,  in.,  by  an  application 
factor  of  0.25  to  0.30  for  helicopter  gearboxes  with 
magnesium  or  aluminum  casings  of  limited-life  design, 
high  stress  levels,  and  rigid  weight  control.  This  factor 
considers  the  gearing,  shafts,  bearings,  and  support 
housing. 


7-3.2  BEARINGS 

In  the  selection  of  bearings  for  helicopter  transmis- 
sions, the  principal  trade-offs  are  combinations  of 
standardization,  initial  cost,  noise,  resistance  to  shock, 
frequency  and  ease  of  repair  or  replacement,  degree  of 
complication  in  shaft  and  housing  design,  and  resist- 
ance to  contamination.  In  some  instances,  it  may  be 
necessary  to  employ  special-purpose  bearings  for  relia- 
ble high-speed  operation  and  for  thrust  reversals.  Spe- 
cial attention  to  such  trade-offs  and  requirements  is 
necessary  during  the  preliminary  design  phase  because 
system  weight,  cost,  reliability,  and  maintainability  arc 
affected  significantly  by  decisions  involving  transmis- 
sion bearings  and  supports. 

This  paragraph  provides  general  guidance  regarding 
the  basic  types  of  bearings  and  installations  in  helicop- 
ter transmissions.  Advantages  and  disadvantages  cf  the 
various  types  of  bearings  are  listed.  The  discussion  in- 
cludes a brief  listing  of  common  mistakes  in  the  selec- 
tion and  handling  of  bearings  and  mountings. 
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The  textual  descriptions  are  supplemented  by  illus- 
trations of  common  bearings  and  supports.  The  figures 
illustrate  bearing  and  support  concepts,  but  do  not  con- 
stitute design  guidance. 

In  making  the  selection  of  bearing  types  and  sizes,  a 
common  solution  for  bearing-gear  combinations  is  re- 
quired. These  selections  should  be  made  early  in  the 
design  phase  on  an  analytical  basis  because  of  the  dif- 
ficulty and  expense  involved  in  redesign  to  accommo- 
date changes  in  bearing  and  gear  configurations.  Par. 
7-3. 1.1  gives  the  mathematical  relationships  to  be  used 
in  conjunction  with  manufacturer's  ratings  and  es- 
timated load  factors  to  determine  average  fatigue  dam- 
age for  bearings  and  gears.  The  application  of  these 
estimates  also  is  described  in  par.  7-3. 1.1.  The  t fleet 
that  bearing  support  stiffness  and  location  will  have 
upon  natural  shaft  frequencies  is  described  in  par.  7- 
5.2. 

7-3.2.1  Typical  Installations 

7-3. 2. 1.1  Accessory  Bearings 

The  simple  ball  bearing,  straddle-mounted  around 
gears  as  in  Fig.  7- 1 7,  is  a system  that  normally  is  lightly 


loaded  in  radial  and  thrust  directions.  The  bearings 
shown  are  of  the  “Conrad"  type  (deep  groove)  with 
two-piece  machined  bronze  cages.  Their  operating 
speeds  run  up  to  12,000  rpm.  These  bearings  have  both 
radial  and  thrust  capabilities.  Theball-to-ball  combina- 
tion is  the  simplest  arrangement  for  short  shafts,  with 
minimum  shaft  expansion  due  to  differential  tempera- 
tures. 

The  simple  ball/roller  bearing,  shown  in  Fig.  7- 1 8,  is 
used  in  the  hydraulic  step-up  drive  in  the  spiral  bevel 
drive  gear.  The  ball/roller  combination  is  selected  to 
permit  axial  freedom,  keeping  the  bearing  loads  free  of 
the  effect  of  differential  expansion  between  the  shaft 
and  the  supporting  gearbox  structure.  The  unshoul- 
dered roller  bearing  rings  allow  full  float  at  one  end  and 
restraint  at  the  other,  ball  bearing  end. 

In  Fig.  7-18,  the  ball  bearing  is  positioned  adjacent 
to  the  spiral  bevel  gear  where  radial  loads  are  light  and 
thrust  loads  heavy.  The  bearing  holds  the  axial  position 
of  the  gear,  which  is  adjusted  by  shimming.  On  the 
opposite  end,  a roller  bearing  is  used  to  support  the 
high  radial  loads  from  the  spur  gear.  Its  outer  ring 
construction  is  a cylindrical  raceway  with  no  shoulder. 
The  roller  bearing  does  not  oppose  the  ball  bearing,  but 
it  permits  changes  in  length  of  the  shaft  due  to  tempera- 


7-25 


AMCP  706-201 


DEEP  GROOVE  BALL 
BEARINGS  STRADDLING 


Fig.  7-17.  Simple  Ball  Bearings 


ture.  The  adjacent  arrangement,  which  supports  the 
spiral  bevel  pinion  gear,  also  uses  a ball  and  roller 
bearing  combination.  It  differs  in  this  case,  however,  in 
the  relationship  of  the  ball  and  roller  bearings  to  the 
gear.  Because  the  spiral  bevel  pinion  has  a greater 
radial  than  thrust  load,  the  roller  bearing  is  placed 
adjacent  to  this  gear.  The  outer  ring  is  without  shoul- 
ders, giving  freedom  of  axial  movement.  The  ball  bear- 
ing positions  the  gear  in  the  axial  direction  by  shim- 
ming at  its  shoulders. 

Another  bearing  arrangement  for  bevel  gears  has  a 
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duplex  “back-to-back”  (DB)  ball  bearing  pair  opposite 
the  roller  bearing.  This  duplex  pair  not  only  restrains 
the  shaft  axially  in  both  directions,  but  also  provides 
maximum  shaft  rigidity.  This  is  due  to  the  outward 
flaring  of  the  contact  angles  toward  the  shaft  center- 
line.  This  form  (Fig.  7-19)  gives  1.9  times  the  radial 
capacity  of  the  single  bearing.  Duplex  bail  bearings  are 
used  to  obtain  axial  restraint  in  both  directions.  Selec- 
tion of  duplex  back-to-back  ball  bearings  gives  this 
restraint  but  also  makes  a restrained  shaft  center  in  the 
radial  direction.  In  contrast,  duplex  “face-to-face” 
(DF)  bearings  give  the  same  axial  restraint  but  with  a 
“free”  or  pivoting  shaft  center  by  virtue  of  the  contact 
angle  lines  intersecting  at  the  shaft  center. 

The  roller-roller  combination  supporting  two 
straight  spur  gears  is  shown  in  Fig.  7-20.  These  gears 
are  held  by  two  straight  cylindrical  rollers.  The  ball 
bearing  is  not  needed  here  because  the  straight  spur 
gear  produces  little  or  no  axial  thrust,  and  the 
shoulders  of  the  roller  bearings  shown  at  positions  A 
and  B are  able  to  restrain  the  gears  in  position  and 
accept  the  resultant  thrust  at  low  speeds.  Two  dif- 
ferent inner  ring  configurations  are  used  in  this 
assembly.  At  position  A the  two-lipped  inner  ring 
is  pressed  on  the  shaft  and  held  by  a locking  nut. 
On  the  opposite  end,  position  B,  the  inner  ring  is 
ground  integrally  with  the  gear  shaft.  The  latter 
assures  raceway-to-gear-pitchline  concentricitv  and 
eliminates  the  possibility  of  fret  between  inner  ring 
bore  and  shaft  outer  diameter  (OD),  and,  of  course, 
no  locking  devices  are  required.  This  roller-to-roller 
system  permits  axial  freedom  and  centerline  re- 
straint. 

7-3. 2. 1.2  Plate  Thrust  Bearings 

The  plate  thrust  bearing  shown  in  Fig.  7-21  cannot 
stand  high  speeds  due  to  its  race  construction.  The 
principal  advantage  of  the  plate  thrust  bearing  is  that 
it  affords  maximum  capacity  m one  direction.  How- 
ever, angular  contact  bearings,  as  in  Fig.  7-19,  will 
withstand  high  speeds  in  addition  to  providing  good 
thrust  capacity. 

7-3.2 .2  Special  Purpose  Bearings 

7-3. 2. 2.1  Transmission  Main  Drive  Train 

An  example  of  a double  row  thrust  bearing  is  shown 
in  Fig.  7-22.  It  has  a single-piece  outer  ring  with  both 
races  ground  with  the  counterbore  outward  from  the 
ring  center.  The  inner  rings  are  two  separate  pieces 
with  low  shoulders  facing  inboard.  Drawing  up  the 
inboard  faces  with  the  locknut  puts  a preload  into  the 
raceways,  making  the  contact  angles  assume  the  DB 
form.  This  also  yields  an  inner  ring  rigidity  much 
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PLATE  THRUST 
BEARING.  SINGLE 
DIRECTION  THRUST 


Fig.  7*21.  Plate  Thrust  Bearing 
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ing  is  used  to  give  axial  restraint  in  both  directions, 
maximum  shaft  centerline  restraint,  and  simplicity. 

A spur  pinion  gear  support  roller  bearing  with  inte- 
gral inner  raceways,  shown  in  Fig.  7-23,  consists  of  two 
rows  of  cylindrical  rollers  on  opposite  ends  of  a high- 
speed spur  pinion.  In  this  case,  the  inner  raceway  is 
ground  integrally  with  the  pinion  to  insure' roundness 
and  concentricity  of  the  raceway  with  the  gear  axis  and 
the  gea  r pitch  diameter.  The  outer  ring  is  double-lipped 


to  give  the  rollers  axial  guidance.  These  two  lips  also 
serve  as  guidance  for  the  broached  bronze  cage.  The 
outer  ring  is  press-fit  into  its  housing  for  radial  posi- 
tioning and,  in  this  case,  has  bolting  tabs  on  one  side 
of  the  OD  to  prevent  rotation  or  axial  movement.  A 
spherical-ended  roller  form  (see  Fig.  7-23,  detail  A)  is 
used  to  resist  any  thrust  from  gear  or  clutch  combina- 
tion and  to  minimize  wear  at  inner  and  outer  ring 
shoulders.  Integral  race-to-shaft  bearings  are  used  with 
high-speed  gearing  to  minimize  inner  ring  fitting  prob- 
lems, and  to  assure  concentricity  and  balance  of  the 
centerline. 

An  arrangement  of  supporting  bearings  for  a spiral 
bevel  pinion  is  shown  in  Fig.  7-24.  The  forward  bearing 
at  position  A is  similar  to  that  in  Fig.  7-23  in  that  it 
rides  on  the  gear  shaft  without  a separate  inner  ring. 
The  gear  raceway  is  without  roller  guide  shoulders, 
giving  it  axial  freedom  and  preventing  axial  loading 
between  it  and  bearings  B and  C.  This  combination  is 
set  up  so  that  the  radial  loads  of  the  spiral  bevel  go 
through  the  two  roller  bearings,  which  have  no  axial 
restraint.  The  split  inner  ring  ball  bearing  at  C is  set  up 
with  radial  clearance  between  the  outer  ring  and  the 
housing  so  that  it  cannot  be  subjected  to  radial  load. 
Yet  the  axial  retention  through  the  flange  of  the  adja- 
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Fig.  7-20.  Roller-roller  Combination  Supporting  Straight  Spur  Gears 
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present  special  bearing  mount  problems.  The  com- 
pound planetary  gearing,  shown  in  Fig.  7-25,  is  sup- 
ported by  two  cylindrical  roller  bearings.  These  are 
identical  in  construction  but  of  different  size  and 
capacity.  The  inner  rings  both  are  integral  with  the 
gear,  and  are  double-lipped  for  roller  and  cage  guid- 
ance. Each  outer  ring  is  single-lipped  and  opposes  the 
other  to  retain  the  gear  axially  in  both  directions. 

The  double  row  spherical  bearing  example  in  Fig. 
7-26  shows  simple  planetary  gearing  with  an  integral 
bearing  raceway  spherically  ground  in  the  gear  inner 
diameter  (ID).  The  inner  ring  raceway  surfaces  also  are 
ground  spherically  to  accommodate  the  two  rows  of 
barrel-shaped  rollers.  The  cage  is  one  piece  and  has  its 
pockets  broached  in  a staggered  manner  for  the  two 
rows.  Staggering  smooths  out  the  action  of  the  rollers 
to  the  raceway.  The  cage  is  inner-ring-land-guided  at 
the  outboard  lips  of  the  ring.  The  barrel  rollers, 
together  with  the  spherically  ground  inner  and  outer 
raceways,  permit  the  misalignment  of  the  gear  up  to  ± 2 
deg.  The  integral  raceway  grinding  yields  a stiff  outer 
raceway  closely  concentric  with  the  gear  pitch  diame- 
ter. Double  row  spherical  bearings  are  used  mainly  for 
their  self-aligning  ability  as  well  as  their  maximum 
radial  load  capacity. 
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Fig.  7-27  shows  a preloaded,  duplex  pair  of  angular 
contact  bearings.  This  arrangement  provides  axial  re- 


Fig.  7-25.  Compound  Planetary  Gearing 


SPLIT  INNER  RING 


Fig.  7-24.  Spiral  Bevel  Pinion  Mount 
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Fig.  7-26.  Double  Row  Spherical  Bearing 


straint  of  the  shaft,  and  prevents  axial  vibrations.  This 
set  is  matchground  DB  (with  outer  ring  thrust  shoul- 
ders duplexed  back  to  back)  to  give  maximum  shaft 
rigidity.  The  preload  is  retained  by  the  inner  and  outer 
ring  spacers  at  A and  B,  respectively. 

A preloaded  duplex  tandem  set  is  shown  in  Fig.  7-28. 
This  set-up  is  used  to  resist  the  thrust  from,  in  this  case, 
a spiral  bevel  pinion  gear.  The  thrust  load  acts  through 
the  two  duplex  tandem  (DT)  ball  bearings.  The  other 
angular  contact  bearing  at  the  left  is  set  up  DF  to 
preload  the  DT  pair  and  prevent  reverse  axial  move- 
ment. This  combination  also  has  high  radial  capacity 
by  virtue  of  the  three  bearings  in  a row.  The  DT  set  is 
used  to  obtain  maximum  thrust  capacity  in  one  direc- 
tion. The  DF  set  gives  moderate  thrust  restraint  in  the 
opposite  direction  with  maximum  shaft  rigidity. 

7-3. 2. 2. 2 Oscillating  or  Limited  Motion 

Bearings 

Self-aligning,  Teflon-lined  bearings  (Fig.  7-29)  are 
used  in  main  rotor  hinge  or  pitch  rod  bearings  to  permit 
change  in  angle  of  attack  of  the  blades.  The  Teflon 
journal  at  the  attaching  bolt  takes  the  oscillating  pivot- 
ing motion.  The  spherical  bearing  (also  Teflon-lined) 
permits  the  initial  misalignment  of  the  bearing  in  both 
static  and  dynamic  deflections.  No  external  lubrication 
is  required. 


7-3.2.3  Mountings 

The  upper  view.  Fig.  7-30(A),  shows  the  cross  sec- 
tion of  a flanged  outer  ring  of  a roller  bearing.  The 
lower  view,  Fig.  7-30(B),  is  the  bottom  view  of  this 
bearing  showing  two  of  the  three  tabs  on  the  outer  ring. 
The  flanged  face  is  ground  perpendicular  to  the  bearing 
raceway  and  serves  as  a broad  shoulder  to  hold  the  ring 
square,  and  the  tabs  provide  an  antirotation  device.  The 
holes  are  drilled  oversize  to  prevent  distortion  of  the 
ring  by  the  mounting  bolts.  This  construction  is  a sim- 
ple means  of  outer  ring  retention,  both  axially  and 
circumferentially.  However,  care  must  be  taken  to 
avoid  introducing  distortions  in  the  raceway  from 
the  bolts  that  hold  the  flange. 

The  combination  of  a shaft  locknut  and  locking  ring 
is  a common  method  of  retention  of  rolling  contact 
bearings.  Fig.  7-3 1 shows  the  locknut  with  its  serrated 
locking  ring.  This  retains  the  bearings  by  clamping 
them  between  the  washer  and  a shoulder  on  the  shaft. 
The  result  is  a bearing  system  with  a DB  configuration, 
consisting  of  a pair  of  angular  contact  bearings 
mounted  with  their  thrust  shoulders  opposing  each 
other.  Such  a system  is  both  radially  and  axially  stiff. 

Bearing  ring  retention  using  snap  rings  or  spring- 
type  rings  is  shown  in  Fig.  7-32  and  illustrates  the  more 
common  type  of  retention,  i.e.,  the  inner  ring  retained 
by  a ring  held  by  spring  tension  in  a shaft  groove. 
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Pig.  7-27.  Preloaded  Duplex  Pair  of  Angular  Contact  Bearings  for  Propeller 

Drive 


BALL  BEARINGS 
'DUPLEX  TANDEM 
MOUNTED’ (DT) 


PINION 

THRUST 


BALL  BEARINGS 
DUPLEX‘FACE-TO 
FACE“(DF) 
FOR  PRELOAD 
OF  DT  SET 


Fig.  7-28.  Preloaded  Duplex  Tandem  Bearings 


from  an  elastomer  held  between  metal  laminations. 
Lips  at  the  extremities  .of  the  mounting  provide  radial 
restraint  from  bearing  to  housing.  Point  B has  resili- 
ence in  the  same  directions,  but  has  no  radial  restraint. 
Radial  loads  are  not  transmitted  through  this  type  of 
mounting.  A plain,  radially  restrained  mounting, 
shown  in  Fig.  7-34,  is  a similarly  laminated  elastomer 
and  metal  strip  wrapped  circumferentially  around  the 
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Double  row  bearings  are  illust  'ated  in  their  mount- 
ing plates  in  Fig.  7-33  with  resilient  laminated  bearings 
or  washers  at  A and  B.  At  point  A,  the  resilience  is 


Fig.  7-29.  Self-aligning,  Teflon-lined  Bearing 
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bearing.  The  radial  displacement  allowed  by  this 
mounting  permits  misalignment  between  the  bearing 
shown  and  its  mate;  however,  radial  loads  can  be 
reacted. 


7-3.2.4  Sub 

All  static  and  dynamic  seals  shall  be  required  to 
demonstrate  a life  equal  to  or  greater  than  the  transmis- 
sion allowable  operating  interval 

7-3.2.4.1  Integral  Type 

The  integral  seals  used  on  rolling  contact  bearings 
save  in  mounting  space,  retain  their  own  lubricant,  and 
protect  against  contamination.  This  minimizes  or 
eliminates  maintenance.  In  many  tj^pes,  seal  friction  is 
eliminated  by  the  “noncontact”,  or  labyrinth,  construc- 
tion. 

The  standard  shield  (Fig.  7-35)  is  the  simplest  form 
of  closure  and  has  a metal  disk  crimped  or  held  by  a 
snap  ring  into  a groove.  Its  inner  diameter  runs  at  a 
close  clearance  to  the  inner  ring  shoulder.  This  type  of 
fhield  will  retain  grease  lubricants  and  prevent  en- 
trance of  external  contaminants. 

There  are  two  types  of  labyrinth  seals:  the  “mechani- 
seaP  and  the  slinger-type  seal. 
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Fig.  7-31.  Combination  of  Shaft  Locknut  and 
Locking  Ring 


FLANGED 
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Fig.  7-30.  Flanged  Outer  Ring  of  Roller  Bearing 


The  mechani-seal  (Fig.  7-36)  has  the  OD  of  its  inner 
shield  pressed  into  a groove  in  the  outer  bearing  ring, 
with  a slight  clearance  to  the  OD  of  the  inner  ring 
shoulder.  The  outer  shield  of  this  system  has  its  ID 
pressed  to  the  OD  of  the  bearing  inner  ring,  with  a 
slight  clearance  between  the  ID  of  the  bearing  outer 
ring  and  the  OD  of  the  shield.  The  outer  shield  employs 
centrifugal  force  to  keep  contaminants  away  from  the 
bearing,  and  forms  a frictionless,  noncontacting  laby- 
rinth with  the  inner  seal.  This  seal  is  more  effective 
than  the  standard  shield,  and  also  can  run  at  high 
speeds. 

The  slinger  seal  (Fig.  7-37)  consists  of  a metal  ring 
pressed  on  the  land  of  the  inner  ring.  The  ring  functions 
as  a slinger  between  the  inner  and  outer  portions  of  the 
shield.  The  centrifugal  action  of  the  slinger  traps  the 
lubricant  in  the  labyrinth  and  gives  an  almost  friction- 
less  seal.  It  prevents  external  contamination  and  loss  of 
internal  lubrication. 

Felt  seals  employ  a felt  ring  that  contacts  the  ground 
inner  ring  land  to  provide  sealing  action  (Fig.  ^38). 
The  outer  metallic  or  retaining  member  is  crimped  into 
the  outer  ring  groove.  Operating  temperatures  are  lim- 
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SINGLE  LIPPED  OUTER  RING 


Fig.  7-32.  Bearing  Ring  Retention  by  Snap  Rings 

ited  to  about  275°F,  surface  speeds  are  limited  to  3000 
fpm. 

Contacting  seals  include  the  land-riding  type  (Fig. 
7-39).  Variations  of  this  use  external  or  “armorgard” 
construction,  which  prevents  external  damage  in  severe 
exposures  to  stringy  or  rough  material.  In  these  two 
types,  the  external  portion  is  a stamping  bonded  to  a 


molded  synthetic  rubber  lip  seal.  The  OD  of  the  seal  is 
crimped  into  the  ID  of  the  bearing  outer  ring.  A modifi- 
cation of  this,  known  as  the  “sentri-seal”,  is  shown  in 
Fig.  7-40.  It  has  synthetic  rubber  bonded  completely 
around  a flat  steel  ring.  Its  formed  lip  contacts  the 
ground  chamfered  or  curved  surface  of  the  inner  ring 
OD.  These  seals  are  limited  to  speeds  up  to  2000  fpm 
and  to  temperatures  up  to  225T. 

An  extremely  heavy-duty,  triple-lip,  contact  type  of 
seal  has  been  developed  for  severe  external  contamina- 
tion (Fig.  7-41).  It  has  a wide  external  guard  that  is 
crimped  into  the  bearing  outer  ring  and  runs  at  a clear- 
ance to  the  inner  ring.  Bonded  inside  this  guard  is  a 
triple-lip  seal  of  synthetic  rubber  that  consists  of  three 
sealing  lips  contacting  the  ground  land  of  the  inner 
ring.  The  effectiveness  of  the  seal  is  obtained  by  the 
multiplicity  of  the  lips  and  their  pressure  to  the  land. 


ELASTOMERIC  MOUNT 


Fig.  7-34.  Radially  Restrained  Mounting 


ELASTOMERIC  MOUNT 


DOUBLE  RC.7  BALL  BEARING 


ELASTOMERIC  MOUNT 


7-34 


Fig.  7-33.  Double  Row  Bearing  Mounted  With  Resilient  laminate 
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Consequently,  this  type  of  bearing  is  limited  to  very  low 
speeds. 

7-3. 2.4.2  Separate  Type 

In  sealing  bearings  from  contaminants  and  prevent- 
ing the  loss  of  lubrication,  space  limitations  are  encoun- 
tered when  the  seal  is  integral  with  the  bearing.  Many 
types  of  separate  seals  have  been  developed  for  these 
conditions.  They  consist  of  (a)  wiping  or  contacting 
seals,  (b)  face-rubbing  types,  and  (c)  labyrinth  types. 

The  wiping  seals  commonly  are  made  of  synthetic 
rubber  and  have  different  shapes  and  orientations.  The 
simple  wiping  lip  seal,  shown  in  Fig.  7-42,  provides 
moderate  sealing  and  protection  from  contamination, 
Felted  or  packed  woven  and  graphited  elements  also 


CLOSE  CLEARANCE 
TO  INNER  RACE 


Fig.  7-35.  Standard  Shielded  Ball  Bearing 


OUTER  SHIELD 
INNER  SHIELD 


SLINGER 


Fig.  7-37.  Slinger  Seal 


INNER  SHIELD  AND 
OUTER  SHIELD  CRIMPED 
INTO  OUTER  RACE 


INNER  SHIELD 
PRESSED  INTO  GROOVE 
IN  OUTER  RACE 


OUTER  SHIELD 


PRESSED  INTO  GROOVE 
IN  INNER  RACE 


Fig.  7-38.  Felt  Seal 


may  be  jammed  against  the  shaft  to  prevent  pressure 
leakages.  Both  of  these  types  are  limited  to  low  speeds. 

In  order  to  achieve  high-pressure  sealing,  long  life, 
and  high  speeds,  spring-loaded,  face-rubbing  seals  have 
been  developed.  A typical  construction  is  shown  in  Fig. 
7-43.  This  consists  of  a rotor  with  its  mounting  and 
rubbing  surfaces  ground  optically  flat,  and  parallel  and 
normal  to  each  other.  The  active  surface  of  this  rotor 
is  hardened  and  flattened  to  make  continuous,  uniform, 
and  minimum-friction  contact  with  the  sealing  surface. 
This  surface — usually  of  a carbon  compound — also  is 
lapped  flat.  It  is  held  in  contact  with  the  rotor  by 
preload  springs.  The  smooth  contacting  surfaces  con- 
stitute the  rubbing  portion  of  the  seal.  In  many  in- 
stances, these  surfaces  are  pressure-balanced  to  accom- 


Fig.  7-36.  Mechani-seal 
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Fig.  7-39.  Land-riding  Seal 
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External  labyrinth  seals  obtain  their  sealing  capabili- 
ties primarily  from  the  path  through  which  the  fluid 
must  pass.  Mating  labyrinths,  with  the  internal  grooves 
rotating,  are  made  in  two  or  three  sections.  The  rotat- 
ing portions  not  only  resist  flow  because  of  their  shape, 
but  also  prevent  leakage  by  the  centrifugal  forces 
created  due  to  high-speed  rotation.  Interlocking  laby- 
rinths also  are  used  with  mating  edges  on  both  internal 
and  external  diameters  of  a rotating  surface  (Fig.  7-46). 
Hardened  and  ground  sharp-edged  rotating  elements 
with  a softer  female  matrix  often  are  employed  as  in 
Fig.  7-47.  A radial  labyrinth  seal  is  shown  in  Fig.  7-48. 

The  effectiveness  of  most  types  of  seals  can  be  in- 
creased by  using  bleed  passages  to  balance  off  the  leak- 
age flow.  This  method  is  used  extensively  in  high-speed 
labyrinth  seals. 


SYNTHETIC  RUBBER 
SEAL  LIP 

i 


STEEL  RING 

Fig.  7-40.  Sentri-seal 


modate  a range  of  conditions.  The  external  or  static 
portion  of  the  seal  is  created  by  close-fitting  the  rotor 
to  the  shaft.  The  static  portions  of  the  nose  of  the  seal 
are  made  fluid-tight  and  flexible  by  bellows,  either  syn- 
thetic rubber  or  metallic.  This  permits  axial  motion  of 
the  preload  spring  seals,  which  can  be  used  in  a broad 
range  of  temperatures  and  pressures  and  at  high  speeds. 
Another  variation  of  this  form  is  the  pressure-balanced 
seal  whose  internal  and  external  areas  are  designed  to 
balance  the  local  pressures  and  minimize  the  thrust 
loads  on  the  face  and  rotor  contact  (Fig.  7-44). 

In  addition  there  is  the  floating  seal  as  shown  in  Fig. 
7-45.  This  is  set  up  with  critical  axial  and  radial  clear- 
ances to  accommodate  pressures  in  opposite  directions. 
This  floating  rotor  rides  in  a ground  steel  recess  and 
will  contact  either  side,  depending  upon  the  pressure 
balance. 


Fig.  7-41.  Heavy-duty  Seal 
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Fig.  7-42.  Wiping  Seal 
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73.2.5 


Installation  Considerations 


^)  Life  expectancy  of  the  bearings  and  seals  described 
in  the  foregoing  paragraphs  is  heavily  dependent  on  the 
care  taken  in  the  installation  process, 

7-3.2. 5.1  Lubrication 

In  addition  to  lubricating  sliding  and  roiling  sur- 
faces, lubricants  must  dissipate  bearing  heat.  Lubrica- 
tion requirements  are  detailed  in  par.  7-3.3. 


SYNTHETIC 

RUBBER 

BELLOWS  STIFFENING  DISK 
SPRING  \ /^SEALING  WASHER  (ROTOR) 
SPRING  HOLDER  \ \ LAPPED 


Fig.  7-45.  Floating  Seal 


LABYRINTH 


DRIVING  BAND/  R|NG 

DRIVING  BAND  EAR  / % STATIONARY 
RETAINER  / FLOATING  SEAT 
WASHER 
DRIVING  NOTCH 


Fig.  7-43.  Face  Rubbing  Seal 
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Fig.  7-46.  Labyrinth  Seal 
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Fig.  7-44.  Pressure-balanced  Seal 
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Fig.  7-47.  Mating  Labyrinth 
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, MATING  LABYRINTH 
i»/  AREAS 


2.  Nonmetallics  such  as  synthane:  where  mini- 
mum lubrication  exists  and  maximum  quiet  is  desired 

3.  Bronze  cages:  for  moderate  speeds  and  tempera- 
tures 

4.  SAE  4340  steel  cages,  silver-plated:  for  high 
speeds,  high  loads. 


Fig.  7-48.  Radial  Labyrinth  Seal 

7-3. 2. 5. 2 Inner  and  Outer  Ring  Shaft  and 
Housing  Fits 

Installations  of  both  inside  and  outside  diameters  of 
bearings  must  be  tight  enough  to  minimize  fretting, 
creeping,  or  spinning  of  the  bearing  rings.  Tightness  of 
fit  must  not  eliminate  radial  play  of  the  bearing  in 
operation.  Approximately  80%  of  the  steel-on-steel 
press-fit  on  a solid  shaft  will  show  up  in  radial  play 
reduction.  External  bearing  surfaces  sometimes  are  sil- 
ver-plated to  minimize  fretting  and  ring  creep. 

Inner  and  outer  ring  shoulder  faces  must  be  mounted 
to  shaft  and  housing  faces  that  are  at  least  equally  as 
square  as  the  faces  of  the  bearing  selected.  This  insures 
proper  bearing  alignment,  which  is  especially  impor- 
tant at  high  speeds  or  high  loads. 

Proper  selection  of  materials  for  inner  and  outer 
bearing  ring  and  rolling  elements  is  dependent  upon  the 
temperatures  and  life  reliability  requirements.  Exam- 
ples include: 

1.  Vacuum  melt  or  vacuum  degassed,  SAE  52100 
steel:  life  and  reliability  approximately  1.5  to  2 times 
that  of  air-melt  steel 

2.  AISI  440  C steel:  for  corrosive  resistance  and 
operating  temperatures  to  400'F 

3.  Vacuum  melt.  M -50  tool  steel:  life  factor  of  3 
to  5 times  of  air  melt  SAE  52100;  steel  also  usable  up 
to  500°  F. 

Cage  selections  also  have  a definite  influence  on  life: 

1.  Stamped  and  riveted  pressed  steel:  for  normal 
applications 


7-3.2.6  Common  Problems  in  Bearing  and 
Support  Application 

Helicopter  development  and  operation  have  been 
hampered  in  some  instances  by  mistakes  in  the  selec- 
tion and  treatment  of  bearings  and  mountings.  Careful 
attention  to  the  causes  and  solutions  of  these  past  dif- 
ficulties should  help  insure  proper  design  of  bearings 
and  mountings  in  future  applications.  Several  case  his- 
tories are  discussed  in  the  paragraphs  that  follow. 

In  the  development  of  a particular  helicopter  trans- 
mission the  antirotation  pin  interfered  with  the  key  way 
in  the  outer  ring  of  the  bearing  (Fig.  7-22).  Outer  ring 
misalignment  and  cage  breakage  resulted  A proposed 
solution  for  this  problem  was  to  eliminate  the  keyway, 
provide  freedom  of  alignment  between  bearing  rows, 
and  add  a resilient  mount,  as  in  Fig.  7-33.  However,  the 
laminated  bearings  could  not  tolerate  the  environment. 

Another  example  problem  was  in  a compound  plane- 
tary gear  and  bearing  system,  where  the  lightweight 
mounting  bosses  with  keyways  caused  inner  ring 
fatigue  by  distortion.  The  end  retainer  plates  were  inad- 
equate to  hold  the  rings  firm.  The  solution  in  this  case 
was  to  grind  inner  raceways  integral  to  the  gear  blank 
to  eliminate  keys,  support,  and  bearing  fit  problems. 

Fig.  7-49  shows  outer  ring  support  in  a compound 
planetary  carrier.  Deflection  under  load  caused  these 
bearing  outer  rings  to  misalign  with  respect  to  the  shaft 
centerline  and  thus  create  outer  ring  fatigue.  The  solu- 
tion was  to  make  a one-piece  carrier  to  support  the 
outei  rings,  and  a shorter  inner  ring  shaft  assembly,  as 
shown  in  Fig.  7-50. 

Some  antirotation  and  fretting  problems  have  been 
solved  by  silver-p!  ’ting  the  external  surfaces  of  the 
bearing  rings.  The  resultant  press-fit  and  separation  of 
the  fretting  surfaces  solved  the  prohiem. 

Axial  thrust  in  roller  bearings  has  caused  extreme 
roller  end  wear.  Careful  attention  to  methods  to  pre- 
vent thrust  loads  on  these  bearings  and  close  control  ot 
the  alignment  of  both  inner  and  outer  rings  solved  this 
problem.  Closely  related  is  the  problem  of  outer  ring 
flange  mounting;  the  asymmetrical  flange,  shown  in 
Fig.  7-30,  must  be  installed  with  care  so  that  the 
mounting  bolts  do  not  distort  the  ring.  Also,  mounting 
diameters  (both  shaft  and  housing)  must  be  round  and 
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well-aligned  to  prevent  roller-skewing  tendencies.  All 
these  problems  are  amplified  by  high  speed. 

The  problem  of  roller  skid  has  been  serious  in  this 
same  roller  (Fig.  7-30).  The  solutions  mainly  are  to 
reduce  the  roller  size  and  inertia  to  prevent  skids  dur- 
ing the  change  from  unloaded  to  loaded  areas.  Mini- 
mum radial  play  and  close  attention  to  ring  alignments 
are  necessary.  Out-of-round  shafts  or  elliptical  hous- 
ings and  inner  ring  cage  guidance  serve  to  keep  rollers 
running  at  constant  speed  and  thus  prevent  skidding. 

7-3.2.7  Fatigue  Considerations 

Correct  bearing  retention  pla  n important  role  in 
fatigue  calculations.  In  all  rolling  contact  bearings — 
whether  ball,  roller,  needle,  or  others — the  achieve- 
ment of  normal  calculated  fatigue  life  makes  certain 
assumptions: 


Fig.  7-49.  Compound  Planetary  Gear  I 

PLANETARY  CARRIER 


Fig.  7-50.  Compound  Planetary  Gear  II 


t.  That  the  lubrication  is  adequate  to  support  the 
load  and  carry  away  the  excess  heat  of  friction 

2.  That  bearing  geometry  of  races  and  clearances 
is  maintained  by  proper  press-fits  of  inner  and  outer 
rings,  and  by  mounting  shoulders  that  arc  normal  to 
the  mounting  diameters  of  the  rings 

3.  That  normal  loads  (radial  and  thrust)  as  well  as 
unbalance  and  critical  frequencies  are  accounted  for. 

The  achievement  of  all  of  these  is  necessary  in  order 
for  the  normal  calculated  bearing  fatigue  life  to  be  at- 
tained. If  these  conditions  are  not  maintained,  life  cal- 
culations will  have  no  validity. 

7-3.3  LUBRICATION 

Lubrication  in  helicopters  serves  two  purposes.  The 
first  and  most  obvious  is  to  provide  a suitable  fluid  film 
between  metal  surfaces  with  relative  motion.  These  in- 
clude gears,  splines,  bearings,  and  overrunning  clutch- 
es. The  second,  and  equally  important,  function  is  to 
provide  a medium  for  heat  transfer  from  the  working 
surfaces.  The  heat  usually  will  be  transferred  to  air 
either  through  the  surface  of  the  transmission  or 
through  an  oil  cooler. 

7-3.3. 1 Lubrication  Systems 

Lubrication  systems  fall  into  two  basic  categories. 
The  first  is  a simple  splash  system  in  which  the  gears 
in  the  unit  provide  the  impetus  for  oil  circulation.  The 
second  is  a circulating  system  in  which  a pump  is  used 
to  provide  oil  under  pressure  to  jets  that  spray  onto 
critical  surfaces.  The  circulating  system  may  be  either 
wet  or  dry  sump. 

7-3. 3. 1.1  Splash  Lubrication  System 

In  a splash  lubrication  system  one  or  more  gears  dip 
into  the  lubricant.  Splash  or  spray  from  the  gears  must 
be  directed  to  any  other  gears  not  dipping  in  oil  so  that 
at  least  one  member  of  each  mesh  receives  lubrication. 
In  addition,  a flow  of  oil  must  be  directed  to  all  bear- 
ings. Splash-lubricated  systems  are  cooled  only  by 
radiation  and  convection  from  the  surface  of  the  gear- 
box, limiting  the  application  to  relatively  low  power 
systems.  Typical  applications  include  tail  rotor  gear- 
boxes and  simple  one-  or  two-mesh  rotor  transmissions 
for  small  helicopters. 

7-3. 3. 1.2  Circulating  Lubrication  Systems 

In  these  systems,  oil  under  pressure  is  passed 
through  a filter  and  then  through  jets  that  direct  oil 
spray  onto  gears  and  bearings.  It  may  be  possible  to  use 
some  oil  to  lubricate  two  or  more  parts  in  series.  Oil 
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from  bearings  and  gear  meshes  in  the  top  of  a transmis- 
sion may  drain  through  other  bearings  or  across  the 
stationary  ring  gear  of  a planetary  reduction.  Designers 
generally  depend  upon  the  mist  within  the  transmission 
to  lubricate  accessory  gears  and  bearings  unless  they 
are  located  in  isolated  areas  with  respect  to  the  main 
power  gearing. 

In  a wet  sump  system,  one  in  which  the  oil  storage 
area  is  the  bottom  of  the  transmission,  only  one  lubrica- 
tion pump  is  required.  Some  cooling  of  the  oil  will 
occur  through  the  walls  of  the  transmission  housing. 
This  can  be  increased  significantly  if  the  sump  area  is 
finned  and  subjected  to  an  air  blast.  In  higher  power 
transmissions,  a separate  oil  cooler  probably  will  be 
required.  This  will  be  in  the  form  of  a heat  exchanger. 
Airflow  through  the  heat  exchanger  may  be  from  rotor 
downwash  or  a small  fan;  such  fans  are  driven  by  a 
hydraulic  or  electric  motor  or  mechanically  from  the 
transmission  accessory  section. 

A dry  sump  system  generally  is  used  where  the  space 
envelope,  control  system,  or  other  requirements  restrict 
the  area  at  the  bottom  of  a transmission.  Transmissions 
subjected  in  service  to  a wide  range  of  attitudes  also 
often  are  made  dry  sump.  These  systems  require  an  oil 
reservoir  and  a minimum  of  two  oil  pumps,  one  for 
supplying  oil  under  pressure  to  the  system  and  one  to 
scavenge  the  sump  area. 

The  scavenge  pump  generally  will  be  required  to 
have  2.5  to  3 times  the  capacity  of  the  pressure  pump. 
As  a result,  there  will  be  air  entrained  in  the  oil  as  it 
enters  the  antivortex  reservoir.  The  reservoir  design 
should  incorporate  an  effective  entry  baffle  to  de-aerate 
the  oil  and  should  have  an  antivortex  baffle  at  the 
outlet. 

A common  lubrication  system  for  engine  and  trans- 
mission or  for  more  than  one  transmission  shall  be 
avoided  because  there  could  be  a transfer  of  contami- 
nants from  engine  to  transmission,  transmission  to 
transmission,  or  vice  versa. 

Oil  jets  will  be  used  primarily  at  gear  meshes  and 
rolling  element  bearings  in  the  principal  load  paths.  Oil 
jets  also  are  used  to  control  and  direct  oil  flow  for 
overrunning  clutches  and  for  centrifugal  oiling  systems 
for  the  bearings  in  planetary  gears. 

Oil  jets  on  both  the  entrance  and  exit  sides  of  a gear 
mesh  have  been  used  satisfactorily  for  gears  operating 
at  more  than  20,000  fpm  pitch  line  velocity.  However, 
oil  jets  at  the  entering  side  of  the  mesh  for  spur  gears 
with  face  widths  greater  than  about  1 in.  and  operating 
in  the  range  of  10,000  fpm  or  higher  can  develop  dy- 
namic loading  and  could  cause  gear  failure  (Ref.  2). 
This  may  be  particularly  critical  if  large  amounts  of  oil 
are  required  for  cooling.  In  general,  cooling  is  achieved 
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best  by  jetting  oil  at  the  leaving  side  of  the  mesh.  Lubri- 
cation is  achieved  best  by  jetting  oil  at  the  entering  aid  -. 
In  some  critical  applications  oil  is  applied  at  both  sides, 
with  perhaps  1/5  of  the  oil  applied  at  the  entering  side 
of  the  mesh,  and  4/5  at  the  leaving  side. 

Rolling-element  bearings  generally  are  lubricated 
best  by  jetting  the  required  amount  of  oil  into  the  gap 
between  the  cage,  or  separator,  and  the  inner  race.  The 
angle  of  oil  impingement  is  particularly  critical  for 
high-speed  bearings.  Windage  effects  must  be  consid- 
ered for  oil  entering  high-speed  bearings  and  adequate 
escape  passages  must  be  provided  so  that  oil  is  not 
trapped. 

Overrunning  clutches  of  either  the  sprag  or  spring 
type  require  submerging  the  sliding  surfaces  in  oil  to 
achieve  satisfactory  life.  This  generally  is  accomplished 
by  damming  the  required  area  and  flowing  only  a small 
volume  of  oil  into  the  clutch. 

Oil  distribution  to  the  various  jets  of  the  transmission 
should  be  accomplished  with  internal  oil  passages.  Ex- 
ternal oil  lines  are  subject  to  damage  in  handling  or  in 
servicing  the  unit.  Provisions  for  operation  without  lu- 
brication shall  be  fail-safe,  and  shall  not  be  subject  to 
deterioration  over  the  life  of  the  transmission,  and 
shall  not  be  capable  of  generating  debris  that  can  clog 
oil  jets. 

7-3. 3.1. 3 Lubricating  Oil 

Current  general  practice  with  helicopters  is  to  use 
the  same  oil  in  transmissions  as  is  used  for  the  engines. 
These  are  lubricated  with  synthetic  lubricants  per 
MIL-L-7808  or  MIL-L-23699.  While  both  of  these 
specifications  are  satisfactory,  MIL-L-23699,  having  a 
higher  viscosity,  may  be  a slightly  better  gear  lubricant 
for  normal  conditions.  However,  MIL-L-7808  has  a 
lower  pour  point,  making  it  more  desirable  for  low- 
temperature  operation. 

7-3.3.2  Lubrication  System  Components 
and  Arrangement 

Various  lubrication  accessories,  and  the  require- 
ments for  these  in  different  lubrication  systems,  are 
shown  in  Table  7-1. 

The  relative  positions  of  the  items  of  Table  7-1  for 
the  wet  sump  and  dry  sump  systems  are  shown  in  Figs. 
7-51  and  7-52,  respectively.  The  wet  sump  system  in 
Fig.  7-51  is  a system  with  integral  oil  cooling  at  the 
sump  with  an  air  blast.  If  external  cooling  were  re- 
quired, it  would  be  connected  between  the  pressure 
relief  valve  and  the  oil  distribution  gallery. 
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TABLE  7-1 

LUBRICATION  SYSTEM  COMPONENTS  AND  FEATURES 


COMPONENT 


BREATHER 
CHIP  DETECTOR 
DRAIN 

FILLER  CAP 
FILTER 

MAGNETIC  PLUG 
OIL  COOLER 
OIL  LEVEL  INDICATOR 
OIL  STRAINER 
PRESSURE  TAP 
PROVISION  FOR  OIL 
SAMPLING 
PUMP, PRESSURE 
PUMP, SCAVENGE 
RELIEF  VALVE 
RESERVOIR 

TEMPERATURE  INDICATOR 
VENT  LINE 


SYSTEM 

SPLASH 

WET  SUMP 

DRY  SUMP 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED  TWO  PLACES 

REQUIRED 

REQUIRED 

REQUIRED  AT  RESERVOIR 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

NOT  APPLICABLE 

MAY  BE  REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED  AT  RESERVOIR 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED  AT  RESERVOIR 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

NOT  APPLICABLE 

NOT  APPLICABLE 

REQUIRED 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

NOT  APPLICABLE 

NOT  APPLICABLE 

REQUIRED 

REQUIRED 

REQUIRED 

REQUIRED  TWO  PLACES 

NOT  APPLICABLE 

NOT  APPLICABLE 

REQUIRED 

7-3.S.3  Oil  Flow  Requirements 


Sufficient  oil  flow  must  be  provided  to  maintain  ac- 
ceptable temperature  levels.  The  total  oil  flow  Fean  be 
calculated: 


7.5cpAT 


(7-24) 


gear  case  surface  and  ambient 
air,  °F 

C — 30  ft:-°F-min/Btu  for  still  air 
C — 22  for  free  circulation 
C — 10  for  forced  airflow 

If  the  heat  is  not  all  dissipated  through  the  housing,  the 
remainder  must  be  disposed  of  through  an  oil  cooler. 
Sufficient  oil  flow  must  be  provided  to  maintain  accept- 
able temperature  levels. 


where 

Q = heat  loss,  Btu/min 
c„  — specific  heat  of  oil,  Btu/lb-°F 
A T = oil  temperature  rise,  °F 
Methods  of  predicting  transmission  heat  rejection 
are  shown  in  par.  7-3.4.  Part  of  this  heat  will  be  dis- 
sipated through  the  transmission  housing.  Botstiber 
and  Kingston  (Ref.  3)  show  the  following  conservative 
method  fer  estimating  this  heat  rejection. 


HEAT  REJECTION  AND 
TRANSMISSION  EFFICIENCY 


, Btu/min 


(7-25) 


where 


Q = dissipated  heat,  Btu/min 
A = exposed  area  of  gear  case,  ft2 
A T = temperature  difference  between 


Gears  are  the  most  efficient  mechanical  means  yet 
devised  for  the  transmission  of  power  from  one  shaft  to 
another.  With  well-made  spur  and  internal  gears  the 
power  loss  is  approximately  0.5G;  of  the  power  trans- 
mitted through  the  mesh.  Although  it  might  appear 
that  this  small  loss  could  be  neglected,  it  constitutes  a 
heat  source  that  will  cause  a significant  temperature 
rise.  If  the  heat  is  not  removed  properly  from  gears  and 
bearings,  the  surface  temperatures  will  rise  beyond  the 
metallurgical  limitations  of  the  materials  and  failure 
will  occur. 

The  efficiency  of  a transmission  is  variable  and  de 
pends  upon  many  factors.  These  include  lubricant, 
pitch  line  velocity,  gear  geometry  and  surface  finish, 
type  of  bearings,  accuracy  of  the  gears,  bearings  and 
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mountings,  and  housing  design.  The  transmission  effi- 
ciency is  dependent  upon  the  magnitude  of  five  types 
of  power  losses: 

1 . Gear  mesh  losses 

2.  Bearing  losses 

3.  Losses  due  to  windage  and  oil  churning 

4.  Seal  losses 

5.  Losses  due  to  lube  pumps. 

The  first  two  of  these  are  quite  predictable  once  the 
design  details  are  established.  Losses  due  to  windage 
and  oil  churning  are  less  predictable. 

7-3.4. 1 Gear  and  Bearing  Losses 

For  a given  load,  the  power  loss  in  a gear  mesh  is 
dependent  upon  pitch  line  velocity,  tooth  geometry, 
and  tooth  surface  finish.  This  means  that — with  the 
higher  pressure  angles — smaller,  or  finer  pitch,  gears 
can  be  used.  These  same  factors  have  an  effect  upon  the 
scoring  tendency  of  gear  teeth  and  are  related  directly 


to  the  current  tendency  toward  finer  pitch  teeth  and 
higher  pressure  angles.  The  tooth  surface  finish  affects 
the  coefficient  of  friction  of  the  gears  and  the  ability  of 
the  oil  film  to  separate  the  mating  surfaces.  Surface 
finish  is  not  usually  an  appreciable  variable  in  helicop- 
ter gear  efficiency  because  the  teeth  generally  are  fin- 
ished by  grinding  or  honing. 

The  losses  in  rolling-clement  bearings  are  related  to 
load,  speed,  cage  design,  and  coefficient  of  friction.  The 
load  is  a function  of  the  gear  design,  shaft,  and  trans- 
mitted power.  Speed  is  a function  of  shaft  and  bearing 
diameter.  The  coefficient  of  friction  is  a function  of  the 
type  of  bearing,  i.e.,  ball  or  roller. 

7-3.4. 1.1  Preliminary  Gear  and  Bearing  Loss 

Predictions 

Losses  in  gears  and  bearings  cannot  be  calculated 
accurately  until  their  design  is  complete.  However,  rea- 
sonably accurate  predictions  can  be  made  for  transmis- 
sions using  the  parallel  and  intersecting  shaft  types  of 


7-42 


Fig.  7-51.  Wet  Sump  Lubrication  System  Schematic 
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Fig.  7-52.  Dry  Sump  Lubrication  System  Schematic 


gearing  most  common  in  helicopter  transmissions.  For 
each  simple  gear  mesh  the  power  loss  probably  will  be 
0.5%  of  the  transmitted  power  including  gear  and  bear- 
ing losses.  For  a simple  planetary  system  with  the  sun 
gear  input  and  carrier  output,  the  combined  gear  and 
bearing  losses  probably  will  be  about  0.75%.  These 
factors  are  based  upon  accurate  gears  finished  by  grind- 
ing or  honing  and  operating  in  rolling-element  bear- 
ings. If  the  horsepower  transmitted  by  each  mesh  is 
multiplied  by  the  probable  percentage  power  loss  and 
the  results  totaled,  a reasonable  estimate  of  total  trans- 
mission power  loss  will  result. 

7-3.4. 1.2  Gear  and  Bearing  Loss  Calculations 

There  are  many  different  techniques  for  computing 
the  power  loss  in  gears.  A good  system  covering  all 
types  of  gears  is  presented  in  Ref.  4.  Calculations  for 
losses  in  rolling-element  bearings  are  reasonably  well 
standardized;  a typical  set  of  formulas  and  supporting 
data  is  found  in  Ref.  5. 

7-3.4.2  Windage  and  Churning  Losses 

Windage  is  nothing  more  than  the  air  movement 
created  by  rotating  machinery.  Losses  due  to  windage 


are  affected  by  the  size,  proportions,  and  speed  of  the 
rotating  elements;  by  the  housing  design;  and  by  case 
pressure.  A further  discussion  of  windage  loss,  and 
formulas  and  supporting  data  tor  its  approximation, 
can  be  found  in  Ref.  6. 

Churning  is  the  effect  of  mechanical  working  of  the 
lubricant,  either  by  rotating  machinery  or  by  windage. 
The  worst  conditions  occur  when  a volume  of  oil  is 
trapped  in  some  cavity  in  the  transmission  housing. 
The  principal  concerns  of  the  transmission  designer  are 
to  eliminate  trapped  pockets  of  oil,  to  avoid  situations 
where  windage  acts  as  a screen  to  prevent  oil  from 
draining,  and  to  avoid  high-energy  impingement  of  oil 
on  housing  surfaces  or  gears.  1 hese  design  considera- 
tions increase  in  importance  with  increased  gear  pitch 
line  velocities.  Problems  can  occur  at  pitch  line  velocities 
of  8000  to  10,000  fpm  and  the  probability  of  difficulties 
increases  with  increased  speed. 

Although  churning  losses  are  not  predictable,  there 
are  several  design  approaches  that  are  effective  in  re- 
ducing or  eliminating  them.  Some  of  these  are: 

1.  Allow  a large  clearance  space  around  rotating 
parts  such  as  gears  with  high  surface  velocities,  This 
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will  help  to  reduce  oil  trapping  on  one  side  of  the 
windage  pattern. 

2.  Provide  oil  drain  paths  from  both  sides  of  roll- 
ing element  bearings,  even  if  oil  is  applied  at  only  one 
side. 

3.  Where  oil  must  drain  past  a high-speed  gear, 
provide  a drain  passage  sheltered  from  the  windage. 

4.  Use  gear  scrapers  and  deflectors  adjacent  to 
high-speed  gears  to  direct  the  oil  flung  from  the  gears 
toward  the  transmission  sump.  This  technique  makes 
use  of  the  kinetic  energy  of  the  oil  to  aid  in  scavenging. 

5.  Place  fine  mesh  screens  around  the  high-speed 
gears  to  dissipate  the  kinetic  energy  of  the  oil  flung 
from  the  gears  and  to  break  up  the  windage  pattern. 

Windage  and  churning  losses  are  not  affected  by  the 
amount  of  power  transmitted.  They  are  affected  by 
speed  and  oil  flow. 


7-3.4.3  Conversion  of  Losses  to  Heat  Loss 
and  Efficiency 

The  mechanical  efficiency  of  the  system  can  be  ob- 
tained readily  from  the  tabulated  losses  by  the  formula: 

100  (Power  Innut  — Power  Loss') 
btticency  = (Powerl^ 

The  heat  loss  in  Btu/min  can  be  found  by  multiply- 
ing the  horsepower  loss  by  42.44. 


7-4  TRANSMISSION  DESIGN 

7-4.1  MAIN  ROTOR  TRANSMISSION 

The  primary  function  of  the  main  rotor  transmission 
is  to  transmit  the  power  from  the  engines  or  combining 
transmission  to  the  rotor.  The  torque  supplied  to  the 
rotor  results  in  reaction  loads  of  thrust,  moment,  and 
side  force  in  addition  to  torque  that  must  be  reacted  by 
the  transmission.  An  alternate  solution  to  the  rotating 
shaft  is  to  provide  a stationary  mast  or  standpipe  that 
carries  the  rotor  support  bearings  and  transmits  all 
loads  except  torque  directly  to  the  helicopter  structure, 
independeni  of  the  main  rotor  transmission.  A quill 
from  the  transmission  supplies  only  torque  to  drive  the 
rotor. 

The  transmission  normally  transmits  all  loads  via  its 
mounts  to  the  helicopter  structure  except  when  the 
stationary  mast  concept  is  employed.  Where  possible, 
it  is  desirable  to  react  all  rotor  loads  to  the  airframe 
through  a forging  that  is  located  so  as  to  prevent  rotor 
loads  from  passing  through  any  gear  support  housing. 
Location  of  mounts  depends  upon  the  type  of  airframe 
structure. 


Usually  the  transmission  is  a reducing  drive  to  give 
low  speed  and  high  torque  at  the  rotor.  Typically,  the 
axis  of  rotation  of  the  input  is  nearly  horizontal  and  the 
output  approximately  vertical.  Changes  in  direction  of 
rotation  also  may  be  required  as  in  tandem  rotor  trans- 
missions that  must  drive  rotors  in  opposite  directions 
to  balance  torque  reaction. 

The  main  rotor  transmission  may  serve  as  a combin- 
ing transmission  for  multiengine  inputs  or  receive  only 
a single  input  from  a single  engine  or  a separate  com- 
bining transmission. 

Positioning  of  the  rotor  and  rotor  controls  is  another 
primary  function  performed  by  the  main  rotor  trans- 
mission or  in  combination  with  a stationary  mast.  The 
rotor  axis  usually  tilts  forward  a few  degrees  in  the 
diiection  of  forward  flight.  The  forward  tilt  gives  a 
forward  force  component  from  the  basic  rotor  thrust 
(lift)  necessary  for  forward  flight.  Tilting  the  rotor 
reduces  the  amount  of  rotor  control  motion  required 
and  minimizes  the  amount  of  helicopter  nose-down 
attitude  for  high-speed  forward  flight. 

For  a single-rotor  helicopter  the  rotor  shaft  also  may 
have  a side  or  lateral  tilt  of  a few  degrees  to  give  a side 
force  component  from  the  rotor  thrust  (lift)  to  offset 
the  side  force  component  of  the  tail  rotor  thrust.  Side 
tilt  of  the  rotor  shaft  results  in  level  helicopter  attitude 
in  lateral  or  roll  direction.  Both  the  forward  and  side 
tilt  of  the  rotor  shaft  result  in  lower  moments  and  side 
loads  on  the  shaft  and  support  bearings  compared  to 
true  vertical  mounting  of  the  rotor  shaft.  The  forward 
tilt  usually  is  built  into  the  transmission  in  order  to 
hold  the  input  or  engines  horizontal.  However,  the  side 
tilt  may  be  accomplished  by  tilting  the  entire  drive 
system  or  at  least  the  main  transmission.  Offset  mounts 
in  the  transmission  or  the  structure  can  be  used. 

The  rotor  hub  and  blade  design  may  dictate  a re- 
quirement to  piovide  a central  hole  or  tunnel  up 
through  the  rotor  shaft  for  internal  controls,  hydraulic 
power  for  blade  control,  and  electrical  cables  for  blade 
folding  and  blade  deicing.  The  hole  also  could  provide 
access  for  instrumentation  wires. 

A main  rotor  transmission  for  a single-rotor  helicop- 
ter also  must  drive  the  tail  roto.  required  to  counteract 
the  torque  reaction  of  the  main  rotor.  Typically,  the 
power  to  drive  the  tail  rotor  is  10-12%  of  the  total 
power. 

The  transmission  system  for  overlapped  tandem  ro- 
tor configurations  must  provide  mechanical  synchroni- 
zation to  index  the  rotors  to  avoid  collision  of  blades. 

Transmissions  now  used  in  helicopters  are  of  the 
closed  type  with  the  housing  and  seals  serving  to  con- 
tain the  lubricant  and  to  exclude  foreign  material. 
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There  are  a number  of  functions  that  could  be  con- 
sidered secondary  because  they  normally  are  not  lim- 
ited to  the  main  rotor  transmission.  These  include: 

1.  Drive  and  support  of  lube  pump,  oil  cooler 
blower,  power  takeoff,  rotor  brake,  and  accessories. 
The  lubrication  pump  should  be  direct-driven  down- 
stream of  the  input  clutch  to  provide  positive  lubrica- 
tion during  autorotation  or  when  one  engine  is  shut 
down. 

2.  Support  for  rotor  control  actuators  and  related 
linkage 

3.  Provision  for  dephasing  rotor  drive  for  manual 
blade  folding 

4.  Rotor  positioning  device  and  lock  for  power 
blade  folding 

5.  Axial  and  radial  restraint  of  external  drive 
shafting 

6.  Monitoring  system  (oil  temperature,  oil  pres- 
sure, filter  pressure  drop,  screen  detector,  chip  detec- 
tor, oil  level,  vibration  pickup,  and  oil  jet  pressure 
drop). 

With  the  current  trend  to  multiengine  drives  for  in- 
creased safety,  a ciutch  is  required  for  each  engine 
input,  thus  fixing  clutch  location  on  the  input  side  of 
the  main  transmission  rather  than  at  the  output  or 
rotor  shaft.  Clutches  near  the  engine  input  serve  both 
main  functions  of  single-engine  shutdown  and  autoro- 
tation. A clutch  at  the  rotor  shaft  adds  extra  protection 
in  case  of  seizure  of  the  main  rotor  transmission,  but  at 
the  expense  of  additional  weight  to  achieve  the  required 
clutch  capacity.  A seizure  in  the  main  rotor  transmis- 
sion is  not  likely  to  stop  the  rotor,  due  to  the  large 
inertia  of  the  rotor.  A quill  or  shaft  shear  section  will 
shear  and  free  the  rotor.  Such  a shear  section  often  is 
included  in  transmission  design  to  insure  drive  separa- 
tion at  a known  location  rather  than  risking  a random 
separation  that  could  jeopardize  the  structural  integrity 
of  the  gear  case 

Figs.  7-53  through  7-58  show  several  currently  used 
main  rotor  transmissions  illustrating  typical  gear,  bear- 
ing, and  mounting  arrangements.  Horsepower  ratings 
are  approximate  and  are  given  for  size  reference. 

1.  Fig.  7-53,  CH-47  Forward  Transmission.  This 
is  a forward  tandem-rotor  drive  transmission  with  sin- 
gle input  from  synchronizing  shaft.  First  stage  gearing 
is  spiral  bevel  with  second  and  third  stages  simple  spur 
planetary  using  a common  ring  gear.  Total  reduction 
ratio  is  30.72.1;  power  rating,  3600  hp.  Mounts  are  in 
a forged  upper  cover. 

2.  Fig.  7-54,  CH-47  Aft  Transmission.  This  is  an 
aft  tandem-rotor  drive  transmission  with  single  input 
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Fig.  7-53.  CH-47  Forward  Transmission 


from  synchronizing  shaft.  First-stage  gearing  is  spiral 
bevel  with  second  and  third  stages  simple  spur  plane- 
tary using  a common  ring  gear.  Total  ratio  is  30.72:1; 
power  rating,  3600  hp.  Mounts  are  in  a forged  upper 
cover.  The  high  torque  output  shaft  extends  the  drive  to 
the  elevated  rear  rotor. 

3.  Fig.  7-55,  CH-54  Main  Transmission.  This  is  a 
single-rotor  drive  transmission  with  two  inputs  direct 
from  two  engines.  First-  and  second-stage  gearing  is 
spiral  bevel  with  third  and  fourth  stages  of  simple  spur 
planetary.  Mounts  are  at  the  bottom  of  the  cast  main 
housing.  Total  ratio  is  48.6:1;  power  rating,  8100  hp. 
Note  that  planetary  stages  are  below  input. 

4,  Fig.  7-56,  OH-6  Main  Transmission.  This  is  a 
single-rotor  drive  transmission  with  one  input  direct 
from  the  engine.  Two  stages  of  gearing  are  spiral  bevel. 
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Fig.  7-54.  CH-47  Aft  Transmission 

Rotor  is  supported  by  a stationary  mast.  Transmission 
mounts  are  in  the  upper  cover.  Total  ratio  is  12.81:1; 
power  rating  is  208  hp  continuous  and  268  hp  takeoff. 

5.  Fig.  7-57,  OH-58  Main  Transmission.  This  is  a 
single-rotor  drive  transmission  with  one  input  direct 
from  the  engine.  First -stage  gearing  is  spiral  bevel  with 
a second-stage  simple  spur  planetary.  Total  ratio  is 
15.23:1;  power  rating  is  270  hp  continuous  and  317  hp 
takeoff. 

6.  Fig.  7-58,  MIL-10  Main  Transmission.  This  is 


a single-rotor  drive  transmission  with  two  inputs  direct 
from  two  engines.  A load-sharing  device  in  each  input 
drives  two  spiral  bevel  pinions  for  the  first-stage  reduc- 
tion. The  second  stage  is  a spur  mesh  with  four  pinions 
against  a common  gear.  The  final  stage  is  a split  power 
spur  planetary.  Mounts  are  in  the  center  section  cast 
housing.  Total  ratio  is  69.2:1;  power  rating,  1 1,000  hp. 

7-4.2  ANTITORQUE  ROTOR  TRANSMISSION 

The  primary  purposes  of  the  tail  gearbox  are  to 
achieve  the  required  change  in  shaft  angle,  transmit 
power  to  the  antitorque  rotor,  and  provide  adequate 
mounting  for  the  tail  rotor.  The  lateral  thrust  produced 
by  the  tail  rotor  counteracts  the  main  rotor  torque, 
thereby  providing  a positive  means  of  directional  con- 
trol for  the  helicopter.  The  tail  rotor  position  (fuselage 
station)  is  far  enough  aft  so  that  the  tip  paths  of  the  two 
rotors  do  not  intersect.  A typical  tail  gearbox  arrange- 
ment is  shown  in  Fig.  7-59. 

Input  to  the  tail  rotor  gearbox  is  from  a drive  shaft 
connected  to  the  input  pinion  shaft  through  a flexible 
coupling.  The  flexible  coupling  must  be  capable  of  op; 
erating  at  small  misalignment  angles  of  up  to  1 deg. 
Misalignment  results  from  mounting  tolerances  and 
also  from  airframe  deflections  that  are  caused  by  inerua 
loads  from  maneuvers  and  by  wind  loads  on  the  fuse- 
lage and  toil  supporting  structure. 

The  speed  reduction  in  the  tail  gearbox  usually  is 
accomplished  by  a spiral  bevel  gear  mesh  operating  at 
a 90-deg  shaft  angle.  The  ratio  in  this  gearbox  with 
single  bevel  mesh  seldom  is  greater  than  3:1.  For  larger 
helicopters,  it  may  be  advantageous  to  use  super-criti- 
cal drive  shafting,  in  which  case  the  tail  rotor  gearbox 
will  require  a larger  reduction  ratio.  Several  designs 
have  proposed  planetary  reductions  along  with  the  90- 
deg  spiral  bevel  mesh  to  obtain  overall  reduction  ratios 
of  7 to  I or  more. 

Gearbox  design  follows  conventional  procedures;  the 
bevel  gears  are  designed  for  unlimited  life  at  maximum 
power  (excluding  transients).  The  maximum  power 
usually  is  required  during  a maneuver  such  as  left  yaw 
at  maximum  rate  and  is  determined  from  the  design  of 
the  tail  rotor  blades  at  maximum  collective  pitch.  Un- 
der these  conditions  the  gearbox  will  draw  whatever 
power  is  required  to  rotate  the  tail  rotor  blades  at  the 
pitch  and  rpm  av  ailable.  The  normal  maximum  steady- 
state  power  absorbed  by  the  tail  rotor  is  usually  from 
10  to  12%  of  the  total  helicopter  power.  For  the  short- 
time  transient  condition,  the  tail  rotor  power  can  ex- 
ceed 30%  of  the  total  usable  horsepower.  The  required 
strength  of  spiral  bevel  gears  may  be  determined  by  a 
computer  program  that  analyzes  a particular  design 
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Fig.  7-55.  CH-54  Main  Transmission 


and  determines  strength  factors,  contact  ratios,  and 
load  sharing  factors.  Design  iterations  are  made  until 
the  smallest  size  is  found  that  is  within  predetermined 
limits  Another  computer  program  calculates  the  basic 
machine  settings  required  to  cut  and  grind  the  teeth  to 
size.  Small  adjustments  are  made  to  the  basic  tooth 
profile  during  the  bevel  gear  development  test  program; 
the  gears  are  tested  and  the  profile  is  modifi,  i to  pro- 
duce the  required  load  pattern  when  run  with  a mate 
or  with  the  reference  master  gear. 

Bearing  loads  come  from  two  sources:  the  bevel  gear 
loads  and  the  aerodynamic  rotor  forces  acting  upon  the 
tail  rotor,  which  are  transmitted  to  the  structure  via  the 
rotor  drive  shaft  bearings  and  the  gearbox  casing.  The 


loads  acting  upon  the  gears,  bearings,  and  shafting  are 
derived  from  a complete  power  and  load  spectrum  that 
is  i epresentative  of  the  aircraft  mission. 

Due  to  the  remote  location  of  the  tail  rotor  gearbox, 
the  lubrication  system  usually  is  of  the  splash  or  self- 
contained  type.  However,  larger  designs  have  included 
electrical  oil  pumps  or  oil  pumps  driven  from  a spur 
gear  driven  by  the  input  pinion.  In  the  splash- 
lubricated  system  the  large  gear  dips  into  the  oil  and 
carries  and  splashes  it  to  the  point  of  mesh  as  well  as 
to  the  supporting  bearings  in  the  near  vicinity.  To  lubri- 
cate remote  bearings,  a scupper  is  provided  in  the  gear- 
box casing  to  catch  some  of  the  splash  and  deliver  it  to 
the  bearings  by  gravity  flow  through  lines  cored  in  the 
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housing.  Optimum  oil  level  must  be  determined  in 
splash-lubricated  systems.  Too  low  a level  will  result  in 
pour  distribution  and  lack  of  lubrication  whereas  too 
high  a level  will  result  in  unnecessary  churn.ng  that 
wastes  power  and  generates  excessive  heat.  Leakage  is 
prevented  by  the  use  of  O-ring  seals  at  housing  inter- 
faces and  by  lip-type  seals  on  the  input  and  output 
shafts. 

With  force-fed  or  splash-lubricated  gears  and  bear- 
ings, allowable  gearbox  temperatures  nominally  are 
maintained  at  250°F  or  less.  Temperatures  may  exceed 
250T  with  no  adverse  effects  but  must  be  maintained 
below  350°F  in  order  to  avoid  drawing  of  carburized 
parts.  Refer  to  par.  7-3.3  for  further  discussion  of  lubri- 
cation. 


Grease-lubricated  antitorque  rotor  gearboxes  r.re  a 
distinct  possibility.  Gearboxes  of  this  type  inherently 
have  a lower  vulnerability  to  ballistic  cast  penetration 
because  of  the  smaller  effect  upon  gearbox  operation 
from  loss  of  lubricant.  However,  grease-lubricated 
gearboxes  may  require  special  baffle  arrangements  and 
ftnned  areas  for  proper  heat  rejection. 

Tail  rotor  thrust  is  controlled  by  a pitch  control  shaft 
and  pitch  beam  that  collectively  change  the  pitch  on 
the  tail  rotor  blades.  The  pitch  control  shaft  is  actuated 
by  a control  circuit  that  extends  back  to  the  cockpit.  In 
the  gearbox  itself  the  design  consists  of  a push-pull 
mechanism  in  which  one  end  is  nonrotating  and  is  fixed 
to  the  housing,  while  the  other  end  is  rotating  with  the 
tail  rotor  shaft  and  controls  the  collective  pitch  of  the 
tail  blades.  The  nonrotating-to-rotating  portion  of  the 
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Fig.  7-56.  OH-6  Main  Transmission 
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control  system  usually  consists  of  preloaded  ball  bear- 
ings. The  pitch  control  shaft  rotates  with  the  tail  rotor 
shaft  by  means  of  a splsned  connection  that  prevents 
relative  rotational  motion  and  permits  relative  axial 
motion  between  the  tail  rotor  and  the  pitch  control 
shaft. 

The  input  bevel  pinion  shaft  usually  is  straddle- 
mounted  and  is  subject  to  steady  torsion,  vibratory 
bending,  and  steady  axial  loads  from  the  input  torque 
and  from  the  bevel  gear  loads  and  reactions. 

The  output  shaft  that  drives  the  tail  rotor  is  subject 
to  gear  loads  at  one  end  and  aerodynamic  rotor  loads 
at  the  other;  thus,  the  stresses  at  any  section  are  a 
function  of  hpand  rpm  (torque)  and  also  of  rotor  loads 
that  are  not  associated  directly  with  power.  If  at  any 
time  during  a flight  the  axis  of  the  fuselage  is  rotated 
relative  to  the  axis  of  the  tip  path  plane  of  the  tail  rotor 
blades,  a gyroscopic  moment  is  induced  upon  the  tail 
rotor  hub  and  shaft  due  to  the  tendency  of  the  rotor  to 
remain  in  its  present  tip  path  plane  location.  The  in- 
duced moment  is  proportional  to  the  severity  of  the 
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Fig.  7-57.  OH-58  Main  Transmission 


maneuver  and  can  be  relatively  high.  This  moment  is 
transitory  and  only  acts  for  short  periods  of  time.  For 
purposes  of  calculating  loads  on  mounting  attachments 
and  bending  moments  in  the  tail  rotor  shaft,  the  gyro- 
scopic moments  conservatively  are  assumed  to  act 
100%  of  the  time. 

The  angle  at  any  instant  between  the  axis  of  the  tail 
rotor  shaft  and  an  imaginary  shaft  perpendicular  to  the 
tip  path  plane  of  the  tail  rotor  blades  is  called  the 
flapping  angle.  During  violent  maneuvers  the  flapping 
angle  can  reach  12  deg.  An  average  flapping  angle  is 
used  to  design  the  tail  rotor  output  drive  shaft  bearing' . 
The  average  flapping  angle  is  calculated  by  the  cubic 
mean  method  and  is  determined  from  an  estimated 
spectrum  of  flapping  angle  versus  percent  time  for  the 
mission  for  which  the  helicopter  is  intended. 

The  tail  rotor  gearbox  is  mounted  to  the  fuselage 
through  a bolted  flange  connection.  The  loads  and  mo- 
ments that  this  attachment  must  withstand  are  those 
produced  by: 

1.  Input  and  output  torques 

2.  Tail  rotor  thrust 


3.  Tail  rotor  hub  moment  (induced  by  flapping) 

4.  Weight  of  gearbox  and  rotor 

5.  Control  loads. 


Because  each  of  these  loads  varies  with  maneuver, 
the  worst  combination  should  be  used  in  this  analysis. 
The  loads  and  moments,  which  will  dictate  the  design 
of  the  attachment,  then  are  referred  to  the  CG  of  the 
bolt  p ittem  in  the  mounting  plane.  The  inplane  shears 
and  r ioments  produced  will  create  shearing  forces  in 
each  bolt  while  the  out-of-plane  loads  and  moments 
result  in  bolt  tensions  and  compressions.  Each  bolt  then 
will  have  an  axial  load  and  shear  load  acting  upon  it. 

Because  the  bolts  are  installed  with  tensile  preload, 
the  resulting  tension  in  the  bolt  Ph  is  given  by: 


Pb-Pr'Ma 


,1b 


(7-26) 


wheie 


, Pr  = tensile  prdoad,  lb 
Pa  - applied  tensile  load,  lb 
K = relative  stiffness  of  the  bolt 
compared  to  the  clamped 
members,  dimensionless 

The  margin  of  safety  for  the  bolt  is  based  upon  an 
interaction  curve  as  shown  (see  Fig.  7-60)  and  may  be 
expressed  by  the  formula 
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, dimensionless  (7  -27)  ^ — applied  shear  load/shear 

strength,  dimensionless 
Ru  = allowable  value  of  R,  (Fig. 

7-60) , dimensionless 
R,  — applied  tension  load/tension 
strength , dimensionless 

1 .dimensionless  (7-28)  = allowable  value  of  R,  (Fig. 

7-60) , dimensionless 
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Fig.  7-58.  MIL-10  Main  Transmission 
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Fig.  7-59.  Typical  Tail  Gearbox 


The  margin  of  safety  of  a bolt  or  screw  may  be  deter-  2.  Draw  a straight  line  from  the  origin  through 

mined  from  this  curve  as  follows:  this  point  to  intersect  the  curve  (Point  2). 

1.  Plot  the  applied  values  of  R,  and  R,  (shown  as  3.  The  coordinates  of  Point  2 are  /?„  and  the 

Point  1).  allowable  values  of  R,  and  R, . 
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Fig.  7-60.  Interaction  Curve 


The  margin  of  safety  is  then  computed  using  Eqs.  7-27 
or  7-28, 

The  housing  flange  thickness  at  the  attachment  is 
based  upon  either  of  two  criteria:  (1)  bearing  stress  in 
the  bolt  hole  due  to  the  shear  load,  or  (2)  bending  stress 
near  the  casting  wall  due  to  the  overhang  moment  due 
to  the  axial  bolt  load. 


7-4.3  COMBINING  TRANSMISSION 
7-4.3. 1 Functions 

The  primary  function  of  the  combining  transmission 
is  to  join  mult iengine  inputs  to  drive  one  or  more  rotor 
transmissions. 

The  intermediate  transmission  is  used  to  transmit 
power  from  the  main  rotor  transmission  through  a 
change  in  direction  of  axis  to  drive  the  tail  rotor  for 
single-rotor  drive  systems. 
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Usually  the  transmission  is  a reducing  drive  that 
takes  advantage  of  the  gearing  required  to  combine 
inputs  and  change  direction  of  axis  and/or  rotation. 

Transmissions  currently  in  use  are  of  the  closed  type 
vith  the  housing  and  seals  serving  to  contain  the  lubri- 
cant and  exclude  foreign  material. 

The  combining  or  intermediate  transmissions  not  • 
mally  are  mounted  to  airframe  structure  and  only  have 
to  react  the  torque  from  the  transmitted  load.  External 
lift  and  moment  loads  from  the  rotor  are  not  transmit- 
ted to  the  combining  or  intermediate  transmissions. 

7 -4.3.2  Typical  Combining  Transmissions 

Figs.  7-61  through  7-63  show  a few  currently  used 
combining  and  intermediate  transmissions  with  typical 
gearing,  bearing,  and  mounting  arrangements.  Horse- 
power ratings  are  approximate,  and  are  given  for  size 
reference. 

1.  Fig.  7-61,  CH-46  Mix  Box.  This  is  a unit  that 
combines  the  inputs  of  two  1500-hp  engines  and  drives 
two  main  rotor  transmissions  for  a tandem-rotor  drive 
system.  The  first-stage  gearing  is  herringbone  and  the 
second  stage  is  spur.  Total  ratio  is  7.61:1.  Mounts  are 
at  top  of  the  main  casting  housing.  The  clutch  is  at  the 
second-stage  pinion. 

2.  Fig.  7-62,  CH-47  Engine  and  Combining  Trans- 
mission. The  engine  transmission  is  an  intermediate 
type  that  reduces  speed  and  changes  direction  of  axis 
from  power  plant  to  combining  transmission.  Ratio  is 
l .23: 1 . Power  rating  is  3750  hp.  Gearing  is  spiral  bevel. 
The  clutch  is  at  the  output  shaft.  The  combining  trans- 
mission combines  the  input  from  two  engine  transmis- 
sions and  provides  two  outputs  to  drive  two  main  rotor 
transmissions  for  a tandem-rotor  drive  system.  Gearing 
is  spiral  bevel  with  ratio  of  1.70:1.  Power  rating  is  6000 
hp. 

3.  Fig.  7-63,  BO-105  Intermediate  Transmission. 
This  transmission  is  a typical  single-rotor  intermediate 
type  unit  with  input  from  a main  rotor  transmission 
and  output  driving  a tail  rotor.  Gearing  is  spiral  bevel 
with  ratio  of  1.25:1  step-up.  Power  rating  is  70  hp. 

7-4.4  ENGINE/ROTOR  CROSS-SHAFTING 

Power  transmission  shafting  systems  suitable  for  hel- 
icopter applications  are  high-power,  high-speed,  and 
lightweight.  In  spite  of  this  unique  combination  of  de- 
sign requirements,  however,  it  is  an  absolute  necessity 
that  the  designer  recognize  that  the  engine/rotor  cross- 
shafting systems  must  remain  rugged  and  reliable,  and 
that  he  place  continued  emphasis  on  system  safety. 

7-52 


The  design  goal  for  each  veh  cle  concept  and  shaft 
system  shall  be  to  use  the  light— st  structure  compatible 
with  the  concept.  To  achieve  this  goal,  the  designer 
must  consider  structural  adequacy,  component  ar- 
rangements, and  realistic  design  criteria,  and  place  con- 
tinued emphasis  on  weight  control.  Shaft  system  design 
shall  be  based  upon  general  compliance  with  the  guide- 
lines defined  by  MIL-S-8698,  MIL-T-5955,  and  MIL- 
T-8679, and  with  MIL-A-8860  through  MIL-A-8870, 
as  appropriate. 

The  traditional  system  safety  technique  used  to 
achieve  shaft  system  integrity  is  the  “safe-life"  method. 
This  technique  predicts  the  component  service  life  by 
means  of  a rigorous  testing  program — including  func- 
tional, structural,  and  flight  tests. 


Fig.  7-61,  CH-46  Mix  Box 
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Another  method  employed  for  shaft  systems  that  has 
received  industry  attention  is  the  “fail-safe”  design 
philosophy  whereby  the  demonstrated  integrity  of  the 
system  remains  intact  even  though  a portion  of  the 
supporting  structure  has  failed.  The  emphasis  is  placed 
upon  the  ability  to  detect  the  incipient  failure. 

7-4.4. 1 Functions  and  Features 

Despite  different  external  appearances,  helicopter 
shaft  systems  are  remarkably  similar.  The  functions 


Fig.  7-62.  CH-47  Engine  and  Combining 
Transmission 
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Fig.  7-63.  BO-105  Intermediate  Transmission 


and  characici  istics  generally  include  but  are  not  lim- 
ited to: 

1.  Transmitting  power  from  the  enginefs), 
whether  wing-mounted  or  fuselage-mounted,  to  the 
helicopter  vertical  lift  and/or  forward  thrust  propul- 
sive systems 

2.  Torque  transmitting  capability,  stowing,  and/or 
tilting  of  the  vertical  lift  systems 

3.  Facilitating  the  use  of  multiple  engines  with 
provisions  fo»  an  engine-cut  condition 

4.  Providing  autorotational  capability  in  the  event 
of  an  emergency 

5.  Using  high-speed  couplings  that  prevent  loss  of 
shafting  even  if  the  coupling  has  lost  its  ability  to  trans- 
mit torque 

6.  Using  redundant  supports  to  provide  design 
load  capability  and  stiffness  necessary  to  maintain  the 
operational/structural  integrity  of  the  drive  system 
even  though  failure  of  a support  point  has  occurred 

7.  Transmitting  power  necessary  to  drive  accesso- 
ries. 


7-4.4.2  Shafting 

In  general,  the  lightest  weight  system  is  obtained  by 
operating  the  engine/rotor  cross-shafting  at  the  Richest 
practicable  speed  and  considering  the  elastic  propt,  ,.es 
of  the  interconnecting  shafting.  The  engine/cross-shaft 
system  constraints  impact  upon  the  anticipated  inte- 
grated propulsion  system  performance  and  also  are 
related  to  components  such  as  gears,  bearings,  clutches, 
and  couplings  that  are  subjected  to  such  operational 
conditions  as  structural  deflections,  misalignments, 
load,  rpm,  temperature,  and  other  environmental  con- 
ditions. 
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To  date,  the  mechanical  engine/cross-shaft  power 
transmission  system  remains  the  optimum  method  of 
transmitting  power  over  long  distances.  The  designer  of 
such  a system  must  assess  the  previously  stated  opera- 
tional/environmental conditions;  estimate  the  direc- 
tion and  magnitude  of  these  values;  and  conduct  trade- 
off studies  of  the  various  shaft  system  candidates  to 
ascertain  the  optimum  system  for  weight,  size,  effi- 
ciency, and  reliability.  Three  basic  types  of  mechanical 
engine/cross-shaft  systems  are: 

1.  Subcritical  (couplings  at  ends  only).  This  shaft- 
ing arrangement  uses  couplings  at  the  end  points  and, 
if  the  shaft  is  long,  uses  the  bending  capability  of  the 
interconnecting  tubing.  Intermediate  pillow  blocks 
keep  the  system  operational  in  the  subcritical  range. 
The  blocks  must  be  self-aligning  and,  in  some  instances, 
also  must  be  capable  of  axial  movements.  This  system 
requires  very  few  complex  components  and  can  accom- 
modate reasonable  misalignments  (1-2  deg). 

2.  Subcritical  (couplings  at  each  support).  This 
shaft  system  has  a coupling  at  each  pillow  block  as  well 
as  at  the  end  points  and  therefore  can  accommodate 
high  misalignments  (3-5  deg)  between  pillow  blocks 
and  gearboxes.  The  intermediate  bearing  pillow  blocks 
must  have  angular  or  self-aligning  capabilities. 

3.  Supercritical  or  hypercritical  (couplings  at  ends 
only).  Studies  of  subcritical  systems  have  shown  that 
operation  at  moderately  high  speeds  (of  the  order  of 
4000  rpm)  with  relatively  small-diameter  interconnect- 
ing shafting  requires  many  intermediate  pillow  blocks. 
The  hypercritical  system  eliminates  this  constraint  by 
operating  above  the  second  critical  speed.  The  design 
of  this  type  of  system  requires  special  attention  to  the 
kinematic  properties  of  the  shaft  as  compared  to  first 
and  second  critical  speed  systems,  which  are  specially 
balanced  and  amplitude-limited.  Vibration  energy  ab- 
sorption and  system  tuning  are  accomplished  with 
damped  bearing  supports  carefully  designed  for  mass, 
spring  rate,  viscous  damping,  and  location. 

Refer  to  par.  7-5  for  shaft  design. 

7-4.4.3  Couplings 

Basically,  engine/rotor  cross-shafting  couplings  can 
be  classified  as  either  rigid  or  flexible.  The  designer 
should  investigate  carefully  the  suitability  of  both  types 
of  couplings;  conduct  an  exhaustive  review  of  the  de- 
sign requirements  at  each  shaft  location;  and  select  the 
most  suitable  and  lightest  weight  coupling  available.  In 
general,  the  coupling  selection  process  should  be  con- 
ducted concurrently  with  the  evaluation  of  the  total 
engine  cross-shaft  system  design.  Both  rigid  and  flexi- 


ble couplings — for  reasons  of  balance,  vibration,  and 
shafting  critical  speed — normally  are  located  near  a 
support  point/major  component  rather  than  at  mid- 
span. 

The  term  “rigid  couplings”  in  the  context  described 
refers  to  main  drive  torque-transmitting  couplings  that 
provide  a fixed  union  between  shafts,  provide  axial 
motion  with  limited  moment  (shaft  bending)  capabil- 
ity, or  some  combination  of  both. 

Types  of  rigid  couplings,  together  with  their  advan- 
tages and  limitations,  follow: 

1.  Straight  splines.  These  splines  can  be  used  if 
large  axial  movements  during  dynamic  operation,  ther- 
mal expansions,  or  manufacturing  tolerances  exist. 
Splines  add  weight  and  can  reduce  the  overall  system 
reliability  unless  proper  fits  are  used  together  with  ade- 
quate lubrication  to  minimize  wear  and  fretting  corro- 
sion. 

2.  Ball  splines.  Bail  or  rolling  splines  have  about 
1/10  the  coefficient  of  friction  of  straight  splines  ar<H 
therefore  reduce  the  axially  induced  load.  Extreme  care 
must  be  taken  to  locate  this  type  of  coupling  in  an  area 
where  system  bending  moments  are  low. 

3.  Curvic  coupling.  This  face-to-face  type  of  cou- 
pling has  the  distinct  advantage  of  reducing  the  overall 
coupling  flange  diameter  required.  Sufficient  preload, 
however,  must  be  applied  to  negate  the  effects  of  the 
torque  separating  force. 

4.  Flanged  coupling.  This  type  of  rigid-fixed  cou- 
pling can  be  used  to  join  shafts.  Easy  installation,  little 
maintenance,  and  no  wearing  parts  (except  possible 
fretting  at  the  bolt  holes)  are  its  chief  advantages. 

“Flexible"  couplings  are  designed  to  transmit  torque 
efficiently  when  the  driving/driven  shafts  are  not  al- 
ways in  angular  and/or  parallel  alignment.  These  cou- 
plings also  must  provide  protection  against  shock  and 
vibration  and  must  compensate  for  temperature 
changes,  wear  of  parts,  and  deflection  of  support  mem- 
bers. The  basic  criteria  that  must  be  considered  during 
the  selection  of  flexible  couplings  are 

1.  Misalignment  angle.  Steady-state  and  transient 
misalignment  for  a particular  combination  of  power 
and  rpm  often  determines  whether  a simple  crown 
spline  or  a more  exotic  coupling  is  required. 

2.  Parallel  misalignment.  This  factor  may  give  rise 
to  shaft  bending  moments  and  shear  forces  with  which 
the  coupling  must  contend. 

3.  Speed  and  load.  Certain  couplings  are  rated  by 
appropriately  reducing  the  maximum  operating  torque 
rating  if  the  coupling  is  to  operate  at  maximum  speed. 
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4.  Lubrication.  Certain  couplings  require  some 
method  of  lubrication  for  successful  operation. 

5.  Torsional  spring  rate.  The  torsional  spring  rate 
of  the  coupling  is  an  important  factor  in  assessing  the 
dynamic  torsional  characteristics  of  the  overall  system. 

6.  Other.  In  high-speed,  high-torque  applications, 
other  factors  of  concern  are  containment,  a constant 
velocity  ratio,  and  a minimum  value  of  torsional/radial 
backlash. 

Types  of  lightweight  flexible  couplings  for  considera- 
tion on  engine/cross-shaft  systems  include,  but  are  not 
limited  to: 

1.  Crown  spline.  Flexible  couplings  utilizing 
“crowned  and  barrelled"  splines  generally  represent 
the  lightest  arrangement,  can  be  used  for  smalt  misa- 
lignment angles  ( < 1 deg),  and  will  accommodate 
reasonable  axial  motion. 

2.  Laminated  disk.  These  disk  couplings  consist  of 
two  hubs  and  a laminated  disk  assembly.  The  disk 
assembly  is  attached  alternately  to  either  hub.  When 
misaligned,  the  laminated  disks  take  the  form  of  a 
wave-washer.  This  coupling  has  moderate  angular  mis- 
alignment capability  (1-2  deg),  and  the  torsional  spring 
rate  is  high. 

3.  Contoured  diaphragm.  These  couplings  use  one 
or  more  thin  disks  or  diaphragms  that  provide  the 
torque/bending  capability.  A stabilizing  ball  and 
socket  joint  is  used  to  maintain  a fixed  location  of  the 
intersection  of  the  centerlines  when  more  than  eight 
diaphragms  are  used.  Because  each  diaphragm  can  pro- 
vide up  to  1 deg  of  angular  misalignment,  the  angular 
misalignment  capability  by  using  multiple  diaphragms 
is  high.  In  addition,  for  those  couplings  using  the  ball 
and  socket  arrangement,  a shear  load  capability  is 
available  in  conjunction  with  a fail-safe  feature  that 
retains  the  shaft  in  position  even  though  its  torque 
transmitting  ability  may  have  been  eliminated. 

7-4.5  ACCESSORY  DRIVES 

The  number  and  type  of  accessory  drives  required 
for  the  transmission  system  depend  upon  the  helicopter 
mission  characteristics. 

7-4.5. 1 Helicopter  Accessories 

The  accessories  driven  by  the  transmission  vary  with 
the  design  of  the  helicopter.  For  a light,  single-engine 
(observation  class),  rotary-wing  aircraft,  the  typical  ac- 
cessories driven  by  the  transmission  are  the  transmis- 
sion lube  pump,  transmission  and/or  engine  oil  cooling 


fan  drive,  tachometer  generator  drive,  and  possibly  a 
single  hydraulic  pump  drive  for  the  rotor  controls. 

For  the  larger,  single-engine  (utility  class)  helicopter, 
in  general,  a dual  hydraulic  pump  drive  is  used  and  an 
additional  generator  drive  is  added. 

Where  twin  engines  are  employed  in  helicopters  hav- 
ing an  all-weather  mission  requirement,  additional 
drives  are  required  for  dual  generators  or  for  generators 
with  constant-speed  drives  for  helicopters  having  wide 
rotor  rpm  variations.  In  addition,  single  or  dual  rotor 
and/or  propeller  governor  drives  may  be  employed  in 
certain  configurations. 

7-4. 5.2  Accessory  Drive  Arrangement 

Although  the  number  and  types  of  accessory  drives 
basically  are  dependent  upon  the  size  and  mission  r e- 
quirement of  the  helicopter,  the  arrangement  of  the 
accessory  drives  in  the  transmission  system  can  become 
paramount  in  mission  effectiveness.  Factors  such  as 
reliability,  maintainability,  and  vulnerability  must  be 
considered  carefully  in  selection  of  the  location  and 
type  of  drives  for  the  required  transmission  accessories. 

In  an  observation  type  helicopter,  the  drives  for  the 
tachometer  generator,  lubrication  pump(s),  and  hy- 
draulic pump,  as  required,  generally  are  mounted  upon 
and  driven  by  the  main  transmission.  An  individual 
drive  for  each  of  these  units,  or  variations  up  to  a single 
coaxial  drive,  can  be  provided  for  driving  these  three 
accessories.  The  oil  cooling  fan  for  this  type  of  helicop- 
ter generally  has  been  designed  as  a dual-function  unit 
that  provides  air  for  the  main  transmission  and  engine 
oil  coolers.  A direct  mechanical  attachment  to  either 
the  main  transmission  or  tail  rotor  drive  shaft  has  been 
the  preferred  method  for  turbine-engine-powered  air- 
craft, while  friction  belt  drives  generally  have  been  used 
for  reciprocating  engine  installations.  Although  fric- 
tion belt  drives  have  been  used  with  some  success,  and 
their  application  appears  to  be  a low-cost  and  simple 
approach,  they  should  be  avoided  where  possible. 

For  a typical  single-engine,  utility  helicopter,  acces- 
sory drives  generally  are  required  for  a tachometer  gen- 
erator, a single  or  dual  hydraulic  pump,  lubrication 
pump(s),  an  AC  or  DC  generator,  and  an  oil  cooling 
fan  drive.  All  of  these  accessories,  except  for  the  oil 
cooling  fan,  generally  would  be  mounted  upon  and 
driven  by  the  main  transmission.  Where  two  independ- 
ent hydraulic  pump  systems  are  used,  independent 
drives  for  each  pump  should  be  provided,  physically 
separated  from  each  other  with  one  driven  directly  by 
the  main  rotor  gear  train.  This  is  to  eliminate  the  poten- 
tial of  losing  both  systems  by  a round  from  a small  arms 
weapon,  or  by  a single  mechanical  drive  failure.  If  only 
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a single  drive  can  be  used  for  powering  dual  hydraulic 
systems,  armor  plate  should  be  installed  around  the 
drive  to  achieve  combat  zone  protection  against  a cal 
.50  projectile.  The  weight  penalty  for  protective  armor 
should  be  considered  in  the  proposed  empty  weight  of 
the  helicopter. 

The  oil  cooling  fan.  if  it  is  mechanically  driven,  nor- 
mally would  have  a direct  mechanical  connection  to 
the  main  transmission  or  tail  rotor  drive  shaft.  If  proper 
speed  or  space  cannot  be  attained  for  the  fan,  an  offset 
gearbox  or  bevel  gear  drive  is  used.  Belts  should  be 
avoided.  Where  fans  are  remote,  but  mechanically 
driven,  the  shaft  drive  must  be  simple  and  highly  relia- 
ble. Where  an  oil  cooling  system  is  designed  only  for 
the  transmission,  the  fan  can  be  mounted  directly  to  the 
input,  the  tail  rotor  output  drive  flanges,  or  other  acces- 
sory drives  on  the  main  transmission.  Because  the  gen- 
erators for  this  class  or  larger  helicopters  are  too  heavy 
for  easy  manual  handling,  the  accessory  drive  for  these* 
units  should  be  positioned  such  that  the  mechanic  need 
not  lift  or  hold  the  full  weight  of  the  generator  while 
attaching  it  to  the  accessory  drive  pad.  In  general,  the 
accessory  drive  pad  should  not  face  more  than  30  deg 
down  from  the  horizontal.  Adequate  clearances  mus* 
be  provided  for  use  of  standard  tools  and  for  other 
maintenance  requirements. 

A twin-engine  helicopter,  particularly  an  all-weather 
vehicle,  would  require  at  least  one  more  generator 
accessory  drive  than  the  single-engine  utility  aircraft 
previously  described.  When  this  type  helicopter  is  large 
enough  to  employ  an  auxiliary  power  unit  (APU)  for 
starting  the  engines,  the  hydraulic  and  electrical  sys- 
tems normally  are  complex.  Therefore,  the  accessory 
drives  for  the  hydraulic  and  electrical  systems  should 
be  arranged,  if  possible,  so  they  may  be  powered  by  the 
APU  for  complete  checkout  of  the  accessory  power 
sources  and  their  subsystems  or  the  main  transmission 
for  normal  operation.  This  method  will  eliminate  or 
minimize  the  requirement  for  ground  checkout  equip- 
ment and  procedures.  An  arrangement  for  achieving  a 
complete  checkout  for  two  independently  driven  hy- 
draulic and  electrical  systems  is  shown  in  Fig.  7-64. 

This  arrangement  provides  independent  drives  to 
each  hydraulic  and  electrical  system  when  the  primary 
enginefs)  is  operating  or  both  systems  are  driven  simul- 
taneously by  shaft  power  from  the  APU.  Variations  of 
power  sources — such  as  electrical,  hydraulic,  or 
pneumatic — may  be  used  in  lieu  of  mechanical  shaft 
horsepower.  Variants  of  this  arrangement  may  be  ap- 
plied to  combining  gearboxes,  accessory  boxes,  or  other 
boxes,  depending  upon  the  drive  system  configuration. 

Advanced  engines  normally  would  have  an  integral 
lubrication  and  cooling  system  that  would  eliminate 


the  larger  fan  drives  presently  used  to  supply  air  for 
both  the  transmission  and  enginefs).  This  feature  al- 
lows the  transmission  designer  to  integrate  the  total 
lubrication  system  with  the  cooling  fan  or  other  items 
to  be  included  in  a single  package,  thus  improving  relia- 
bility and  maintainability  and  reducing  vulnerability. 

7*4.5.3  Accessory  Drive  Pads 

The  types  of  drive  pads  currently  used  in  Army  heli- 
copters are  the  gear-driven  Air  Force-Navy  Aeronauti- 
cal Design  Standard  (AND)  type  pads  that  employ  a 
multibolt  attachment.  On  small  helicopters,  the  AND 
pads  are  more  cost-effective  when  downtime  and  labor 
costs  to  replace  an  accessory  are  considered.  On  larger 
or  more  complex  helicopters,  the  use  of  current  AND 
standard  drive  pads  may  produce  excessively  higher 
costs  when  the  same  cost-effectiveness  formula  is  ap- 
plied. For  these  larger  or  more  complex  helicopters,  the 
quick  attach  and  detach  (QAD)  concept  of  accessory 
drives  may  provide  large  economic  gains.  The  QAD 
pads  feature  a V clamp  attachment  that  requires  only 
a single  screw  and  is  oriented  readily  for  ease  of  accessi- 
bility. These  pads  also  minimize  the  volume  require- 
ment for  accessories  by  eliminating  the  required 
wrench  clearances  associated  with  AND  pads.  The 
accessory  pads,  either  AND  or  QAD,  or  others  as  re- 
quired, must  have  adequate  structural  integrity  to  react 
the  accessory  overhang  moments  under  the  flight  con- 
ditions specified  in  MIL-S-8698  and/or  crash  loads  of 
10.0  g in  all  directions  or  higher  as  specified  by  the 
helicopter  system  specification. 

The  accessory  pad  design  and  ratings  shall  be  in 
accordance  with  AND  10230  for  the  bolt  accessories. 
When  QAD  pads  are  used,  the  details  shall  comply 
with  MS  3325,  MS  3326,  MS  3327,  MS  3328,  or  MS 
3329.  The  capacity  of  the  drives  shall  be  at  least  1.25 
times  the  normal  rating  of  the  accessory  to  permit  nor- 
mal growth  of  the  component. 

The  design  life  and/or  time  between  overhauls 
(TBO)  for  the  accessory  drives,  such  as  splines,  gears, 
and  bearings,  should  exceed  the  design  life  of  the 
related  main  power  components.  The  interface  of  the 
accessory  and  its  drive  must  be  designed  to  insure  that 
the  weakest  link,  or  failure  point  under  overload  condi- 
tions, occurs  on  the  driven  accessory  and  not  the  acces- 
sory drive.  In  addition,  the  maximum  attainable  misa- 
lignment of  the  drive  pad  and  the  accessory  should  not 
permit  a premature  rotating  beam  fatigue  failure  of  the 
accessory  shaft. 
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Fig.  7-64.  Accessory  Drive  Arrangement  for  Hydraulic  and  Electrical  Systems 


7-4.S.4  Specifications 

MIL-T-5955  specifies  the  type  of  drive  and  covers 
required  when  using  AND  standards.  Where  the  use  of 
QAD  pads  is  beneficial,  in  general,  the  requirements  of 
MIL-G-6641  may  apply.  MIL-S-7471  is  not  applicable 
to  this  phase  of  accessory  drive  design  because  it  is  used 
by  the  manufacturers  in  the  preparation  of  the  aircraft 
accessory  power  transmission  model  specification  ap- 
plicable to  a specific  model  shaft. 

7-4.5.5  State-of-the-Art 

Although  AND  standard  drives  have  been  in  service 
for  many  years,  designers  recently  have  preferred  the 
QAD  drive  in  order  to  attain  lower  helicopter  mainte- 
nance requirements.  Also,  the  compactness  of  the 
QAD  design  lends  itself  to  lowering  the  overall  weight 
and  space  of  the  transmission  gearbox  installations. 
Although  QAD  adapters — attached  to  AND  standard 
pads — have  and  may  be  used,  this  results  in  additional 
space,  weight,  and  cost. 

Recent  designs  of  advanced  generator  systems  also 
show  trends  that  require  a special  accessory  drive. 
These  advanced  generators  use  an  oil-cooling  system 
that  is  supplied  and  transferred  from  the  transmission 
through  the  accessory  drive  pad.  In  addition,  some 
manufacturers  propose  the  use  of  only  one  bearing  on 


the  generator  armature  with  the  accessory  drive  bear- 
ing used  to  support  the  other  end  of  the  armature. 

Though  the  advanced  accessories  and  their  drives 
promise  gains  in  weight  and  space,  each  system  must 
be  evaluated  from  an  overall  cost-effectiveness  stand- 
point as  applicable  to  the  helicopter  design,  production, 
and  operational  requirements. 

7-4.6  FAILURE  WARNING  SYSTEMS 

Present  failure  warning  systems  for  helicopter  gear- 
boxes generally  are  inadequate.  The  criterion  for  a suc- 
cessful warning  system  should  be  no  surprise  failures  of 
the  transmission  system  either  in  flight  or  in  ground 
runup  testing.  This  stringent  criterion,  however,  does 
not  measure  fully  the  progress  of  the  development  of 
warning  systems.  To  evaluate  properly  the  warning 
system  effectiveness,  system  failures  and  the  applicable 
warning  system  must  be  defined  more  fully  and  catego- 
rized. For  example,  the  fact  that,  practically,  no  warn- 
ing system  exists  to  predict  a fatigue  failure  does  not 
detract  from  the  value  of  the  Army  Spectrometric  Oil 
Analysis  P.  ogram  (ASOAP)  to  predict  excessive  wear 
failures. 

The  use  of  a particular  warning  system  and  the  alter- 
natives to  its  use  must  be  considered  fully  in  establish- 
ing its  degree  of  success.  By  use  of  fatigue  failure  again 
as  an  example,  a system  that  could  warn  reliably  that 
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a fatigue  failure  is  imminent  10  min  prior  to  actual 
failure  would  be  of  extreme  value.  Conversely,  a system 
designed  to  indicate  excessive  wear  rates  due  to  a cor- 
rectible  condition  such  as  shaft/transmission  misalign- 
ment should  not  be  considered  successful  if  it  only 
produced  a 10-min-prior-to-failure  warning. 

An  evaluation  of  the  state  of  the  art  in  failure  warn- 
ing systems  must  take  into  account: 

1 . The  failure  modes  applicable 

2.  Safety  aspects  of  a failure 

3.  Maintenance  actions  available  to  arrest  the 
trend  toward  failure 

4.  The  present  state  of  the  art  in  available  detec- 
tion methods  when  properly  applied. 

The  failure  modes  that  should  be  detected  must  be 
defined  well.  This  must  be  done  not  only  to  facilitate 
the  development  of  failure  warning  systems,  but  also  to 
be  able  to  judge  more  fairly  the  success  of  any  system 
under  test.  A system  that  is  capable  of  wamii.g  that 
something  is  wrong  with  a gearbox  is  of  definite  value. 
However,  a failure  warning  system  coordinated  with 
the  maintenance  program  yields  optimum  benefits,  but 
this  general  type  of  system  must  be  backed  up  with 
another  that  is  capable  of  identifying  specific  failure 
modes. 

The  safety  aspect  of  a failure  must  influence  the 
requirements  for  a failure  warning  system.  No  false 
alarm  would  be  acceptable  for  either  a system  warning 
of  a catastrophic  failure  or  one  indicating  that  a routine 
maintenance  action  is  required.  This  situation  also 
must  be  taken  into  account  in  grading  the  failure  warn- 
ing results.  See  Chapter  3,  AMCP  706-203,  for  a de- 
tailed discussion  of  this  subject. 

Maintenance  actions  that  can  be  accomplished  at  the 
field  level  will  influence  the  identification  of  failure 
modes.  If.  for  example,  several  failure  modes  all  require 
the  removal  of  the  gearbox  and  its  return  to  the  depot, 
it  may  only  be  of  academic  interest  to  know  the  specific 
cause  of  the  failure  indication,  and  the  added  cost  and 
complexity  of  such  a warning  system  could  not  be  justi- 
fied economically. 

Improvements  in  detection  methods  for  specific  fail- 
ure modes  should  reduce  the  number  of  short-time 
warning  devices  needed  for  safety  reasons  and  increase 
the  number  of  long-time  warning  devices  that  allow 
maintenance  actions  to  arrest  the  trend  toward  failure. 

Present  failure  warning  systems  in  use  on  helicopter 
transmissions  basically  are  limited  to  two  inputs: 

1 . Chip  detection  used  in  the  transmission  oil  sys- 
tem 

2.  Pilot  and/or  crew  complaints  of  excessive  vibra- 
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tion,  noise,  oil  leaks,  nonstandard  oil  pressure  or  tem- 
perature, etc. 

Unfortunately,  both  of  these  inputs  essentially  consti- 
tute after-the-fact  warning  systems.  Component  failure 
sometimes  progresses  to  a critical  level  before  chip  de- 
tector signals  are  obtained.  The  same  may  be  true  for 
crew  complaints.  An  added  difficulty  in  relying  upon 
crew  complaints  is  that  the  source  of  the  problem  usu- 
ally is  not  localized  adequately  to  permit  planned  main- 
tenance actions.  Further,  distinctions  between  serious 
and  minor  problems  are  difficult  to  make,  and  can 
result  in  flying  helicopters  having  dangerous  failure 
conditions  or  sometimes  grounding  aircraft  for  minor, 
easily  correctible  problems. 

Trials  of  several  types  of  diagnostic  systems  (Refs. 
7-11)  have  been  made  in  conjunction  with  the  transmis- 
sion. Thes*  include: 

1.  Vibration  monitoring  equipment  (in  flight) 

2.  Sonic  analysis  (ground) 

3.  Spectrometric  oil  analysis  (ground) 

4.  Temperature  warning  (;n  flight). 

These  systems  have  not  been  exploited  fully  because  of 
the  difficulty  encountered  in  effective  implementation 
(as  in  the  case  of  ASOAP),  or  because  of  an  unaccepta- 
bly high  rate  of  false  alarms,  which  can  lead  to  a cata- 
strophic misinterpretation  of  results. 

It  is  possible  that  an  optimum  failure  warning  system 
may  be  constructed  using  the  stated  measurements 
along  with  oil  condition  detectors  and  pressure  sensors. 
The  fact  is  that  none  of  the  measurements  taken  pres- 
ently or  contemplated  in  the  future  provides  unique 
indications  of  particular  malfunctions.  Further,  for  any 
given  failure,  several  of  the  measurements  will  respond. 
This  requires  that  a failure  warning  system  must  have 
the  ability  to  make  a logical  decision  based  upon  multi- 
ple inputs.  Additionally,  the  environment  must  be 
taken  into  account  to  differentiate  normally  occurring 
measurement  variations  from  those  related  to  failure. 
An  example  of  this  is  the  temperature  measurements 
taken  on  the  transmission.  Temperature  rises  that 
could  be  significant  in  early  failure  detection  are 
masked  completely  by  normal  temperature  fluctuations 
caused  by  outside  air  temperature  changes,  and  the 
variations  due  to  power  settings.  Temperature  inputs  to 
the  failure  warning  system,  therefore,  must  be  in  terms 
of  temperature  rise  A T over  ambient  as  a function  of 
power  settings. 

The  overall  vibration  signal  received  by  an  acceler- 
ometer may  be  considered  as  the  sum  of  the  signals 
being  generated  by  all  the  individual  internal  compo- 
nents of  the  transmission,  with  possibly  a different  am- 
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plification  factor  applied  to  each  due  to  differences  in 
their  dynamic  systems  and  transmission  paths  to  the 
accelerometer.  As  a result,  the  vibration  signal  gener- 
ated by  a component  that  is  remote  from  the  acceler- 
ometer may  increase  tenfold  due  to  its  transmission 
path  without  a noticeable  increase  in  the  overall  vibra- 
tion signal.  Hence,  some  type  of  signal  processing 
— such  as  band  pass  filtering — will  be.  required  prior  to 
introducing  these  signals  into  failure  warning  systems. 
Equally  important  is  the  accurate  interpretation  of  in- 
dividual vibration  signals  and  their  interrelationships 
with  other  vibration  signals,  other  measured  parame- 
ters, load,  and  environment.  Integration  of  this  knowl- 
edge may  result  in  rather  complex  analysis  techniques 
and  equipment  in  order  to  arrive  at  an  accurate  identi  - 
fication of  the  failure  mode. 

The  onboard  warning  system  is  preferable  from  the 
standpoint  of  operational  usefulness;  however,  the  ap- 
parent complexities  of  such  a system  may  preclude  its 
use  on  a cost-effective  basis,  particularly  for  utility  and 
observation  helicopters. 

The  optimum  failure  warning  system  may  consist  of 
two  separate  systems — an  onboard  warning  system  and 
either  a piece  of  ground  support  equipment  or  one 
suitable  for  occasional  flight  tests.  Instruments  to  pro- 
vide inputs  to  each  system  preferably  would  be  installed 
permanently  in  the  helicopter,  with  quick-disconnect 
capability  for  the  ground  failure-warning  systems. 

The  function  of  the  onboard  portion  of  the  failure 
warning  system  would  be  to  recognize  conditions  in- 
dicating imminent  system  failure,  and  also  to  recognize 
abnormal  conditions  that  would  require  an  in-depth 
analysis  to  identify  problem  areas.  The  onboard  unit 
must  be  capable  of  performing  some  signal  processing 
such  as  A Ts  as  a function  of  torque,  and  include  a 
limited  number  of  fixed  band-pass  filters  for  vibration 
data  processing.  Logic  analysis  is  required  to  set  pa- 
rameter limits  close  enough  to  operating  values  to  de- 
tect significant  variations  while  still  safeguarding 
against  unacceptably  high  false  alarm  rates.  Qoser  lim- 
its may  be  set  if  it  is  required  that  failure  warning  be 
given  as  a function  of  logical  combinations  of  out-of- 
limit conditions.  For  example,  if  the  vibration  level  in 
a given  band  exceeds  its  limit  and  the  temperature  rise 
versus  power  setting  exceeds  its  limit  and  the  rate  of 
metal  buildup  in  the  oil  increases,  a failure  warning  is 
given.  The  latter  parameter  would  require  the  addition 
of  oil  condition  monitoring  equipment  to  the  present 
set  of  onboard  transducers  to  determine  when  the  metal 
buildup  approaches  permissible  limits. 

The  ground  unit  should  be  capable  of  extensive  vi- 
bration analysis,  contain  a memory  to  allow  trend  anal- 
ysis, and  have  limited  computational  ability.  The  unit 


should  be  used  periodically  to  provide  trend  data  and 
also  on  specific  occasions  when  the  onboard  unit  has 
signaled  out-of-limit  conditions.  A summary  of  the 
characteristics  of  the  two  systems  is  included  in  Table 
7-2. 

The  present  state  of  the  art  in  instrumentation  re- 
quires very  little  development  work  to  implement  this 
type  of  warning  system  from  a hardware  standpoint. 
What  is  required  is  additional  understanding  of  the 
relationship  between  failures  and  symptoms . and  the 
logical  relationship  among  symptoms. 

7-5  SHAFTS 

7-3.1  SHAFT  DESIGN 

Drive  shaft  system  lengths  vary  from  short  to  very 
long,  and  their  function  varies  from  transmitting  full 
engine  power  to  a fraction  of  installed  power  at  a 
wide  range  of  rpm.  The  following  applications  are 
typical: 

1.  Engine  to  main  transmission 

2.  Interconnection  between  gearboxes 

3.  Tail  rotor  drive 

4.  Accessory  drives 

5.  Gearbox  to  main  and  tail  rotors. 

Each  of  these  applications  requires  design  specifica- 
tions peculiar  to  helicopters.  The  existing  Military 
Specifications,  developed  for  fixed-wing  aircraft,  gener- 
ally are  not  applicable  to  the  safe  design  of  helicopter 
drive  shaft  systems.  The  purpose  of  this  paragraph  is  to 
identify  the  guidelines  so  that  maximum  performance 
can  be  achieved  in  a safe  and  reliable  manner  in  the 
absence  of  adequate  Military  Specifications. 

7-5. 1.1  Design  Parameters 

Because  drive  shafts  are  dynamic  systems  subject  to 
cyclic  fatigue  stresses  affecting  safety  of  flight,  design 
trade-offs  must  be  considered  carefully  in  any  helicop- 
ter. Minimum-weight  systems,  consistent  with  latest 
proven  state-of-the-art  concepts,  should  be  designed 
into  Army  helicopters. 

7-5. 1.1.1  Strength/Weight 

Materials  and  geometry  must  be  selected  to  insure 
unlimited  drive  shaft  life  at  maximum  power  and  rpm 
ratings.  Design  limit  loads  should  be  at  least  equal  to 
the  design  value  of  the  driven  system.  Allowances  must 
be  made  for  expected  transient  conditions.  Ultimate 
loads  should  be  l.S  times  design  limit  loads.  Fatigue 
loading  is  of  prime  consideration  because  many  shaft 
end  conditions,  such  as  in  gear  shafts,  produce  rotating 
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beam  shear  forces  and  cyclic  bending  moments.  For 
shaft  assemblies  employing  flexible  couplings,  most 
bending  stresses  are  relieved  so  that  only  the  torsional 
cyclic  loads  from  the  prime  mover  and  rotors  need  be 


considered. 

To  account  for  future  growth  and  overload  condi- 
tions, unlimited  life  is  desired  as  a design  goal  for  Army 
helicopters.  Also,  shafting  is  subject  to  handling  dam- 
age (nicks,  dents,  and  scratches),  corrosion,  and  other 
stress  raisers  that  may  reduce  service  life.  A limited-life 
part  must  be  serialized  and  requires  an  accurate  log  of 
flight  time  to  insure  timely  retirement.  When  records 
become  lost  or  misplaced,  or  when  the  same  shafts  are 
used  on  several  helicopters  and  several  overhaul  cycles 
are  involved,  a serious  paperwork  problem  develops. 
The  best  approach  is  to  design  for  unlimited  life  with 
perhaps  some  growth  potential. 

Static  strength  of  shafts  must  be  considered  because 
rotor  collisions  with  birds,  loose  objects,  trees,  brush, 
etc.,  are  common  occurrences  in  the  operating  environ- 
ment. The  large  length -to-diameter  (L/d)  ratio,  thin- 
walled  shafts  especially  are  subject  to  torsional 
buckling  under  peak  torque  loading  that  may  occur 
above  normal  operating  spectra.  Unusually  large 
axial  forces  will  result  from  shaft  shortening  unless 
provisions  are  made  for  adequate  coupling  travel. 


The  fatigue  strength  of  shafting  must  be  considered 
under  the  highest  combination  of  loading  conditions. 
At  the  high  shaft  speeds  used  on  the  most  recent  heli- 
copter designs,  damaging  fatigue  cycles  can  be  ac- 
cumulated in  a short  period.  Therefore,  transient  flight 
conditions  must  be  considered,  such  as  60%/40% 
power  distributions  between  rotors  of  a tandem  design 
and  loading  to  three  times  the  power  required  at  hover 
for  tail  rotors. 

Because  drive  shaft  system  weight  affects  vehicle  per- 
formance, the  lightest  weight  system  consistent  with 
strength  requirements  must  be  employed  on  the  se- 
lected design.  Variables  affecting  weight  are: 

1.  Drive  shaft  geometry  and  material 

2.  Damping  requirements  for  operation  above 
shaft  critical  speeds 

3.  Number  and  size  of  shaft  bearing  hangers 
needed  for  operation  below  shaft  critical  speeds 

4.  Torque  requirements  including  transients  (a 
function  of  shaft  rpm) 

5.  Number  of  drive  shafts  and  associated  cou- 
plings 

6.  Shaft  end  configurations  and  coupling  types. 

The  best  performing  helicopter  also  must  have  the  low- 
est empty  weight.  It,  therefore,  will  employ  the  most 


TABLE  7-2 

FAILURE  WARNING  SYSTEM  CHARACTERISTICS 


SYSTEM 

CHARACTERISTICS 

ONBOARD  UNIT 

GROUND  UNIT 

INPUTS 

1.  FLIGHT  PARAMETERS 

2.  TORQUE 

3.  TRANSMISSION  VIBRATION 
( SEVERAL! 

4.  OIL  PRESSURE 

5.  TEMPERATURE  (SEVERAL! 

6.  OIL  PARTICLE  DETECTOR 

1.  FLIGHT  PARAMETERS 
(IF  USED  IN  FLIGHT) 

2.  TORQUE 

3.  VIBRATION  (SEVERAL! 

4.  SONIC  (SEVERAL) 

5.  OIL  PRESSURE 

6.  TEMPERATURE  (SEVERAL) 

7.  OIL  PARTICLE  DETECTOR 

PROCESSING 

1.  LIMITED  VIBRATION  BAND  PASS 
FILTERS 

2.  TEMPERATURE  DIFFERENCES 
BIASED  BY  TORQUE 

1.  EXTENSIVE  VIBRATION  ANALYSIS 
CAPABILITY 

2.  TREND  COMPUTATION 

3.  TEMPERATURE  DIFFERENCES 
BIASED  BY  TORQUE 

MEMORY 

NONE 

SOME  FORM  OF  MEMORY  REQUIRED 

LOGIC 

COMBINATION  LOGIC  (FIXED! 

GENERALIZED  LOGIC 
(PROGRAMMABLE) 

OUTPUT 

1.  SAFETY  OF  FLIGHT  WARN  INC- 

2,  MAINTENANCE  ACTION 
NOTIFICATION  (GENERALI 

1.  SPECIFIC  PROBLEM 
IDENTIFICATION 

2.  SPECIFIC  MAINTENANCE  ACTION 
RECOMMENDATION 

COST 

LOW 

MEDIUM 
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favorable  combination  of  these  .’“sign  factors.  The  se- 
j lected  arrangement,  however,  must  be  sized  and 
— ■ ^ stressed  for  safe  operation  according  to  the  strength 
requirements  of  this  chapter. 


\i  t 


7-5.1. 1.2 


Dynamic  Considerations 


Drive  shafting  involves  high-speed  rotation  of  high- 
mass  systems.  Consequently,  static  and  dynamic  bal- 
ance must  be  controlled  so  as  to  avoid  high-frequency 
vibrations.  Realistic  maximum  limits  of  unbalance  can 
be  determined  analytically,  but  should  be  verified  by 
test  during  the  qualification  programs.  Balance  weights 
may  have  to  be  placed  in  several  longitudinal  locations 
to  control  shaft  displacements  at  the  higher  harmonic 
frequencies. 

The  latest  state-of-the-art  in  drive  shaft  design  for 
Army  aircraft  operating  in  hostile  environments  is  to 
employ  large-diameter  shafts  in  order  to  increase  sur- 
vivability. High  speeds  are  used  to  minimize  weight.  To 
assure  drive  shaft  control  of  dynamic  stresses,  shaft 
critical  frequencies  become  important  considerations. 
Shafting  shall  not  operate  within  10%  of  actual  critical 
speeds  as  determined  by  tests  on  the  vehicle.  Analytical 
determinatf  is  of  critical  speed  are  of  questionable  ac- 
curacy because  of  assumed  spring  rates  and  damping 
characteristics  of  mounting  points  (bearings,  airframe 
structure,  etc.).  Therefore,  for  subcritical  shafting,  the 
calculated  critical  speed  shall  not  be  within  30%  of 
operating  speeds. 

For  shafting  operating  above  the  first  critical  (super- 
critical) speed,  the  design  must  provide  for  adequate 
damping  while  passing  through  the  resonance  rpm. 
The  drive  shafts  must  pass  through  the  critical  rpm  and 
not  dwell  at  ground  or  flight  idle  ranges  to  avoid  over- 
working of  the  dampers. 

Hypercritical  operation,  a possible  future  develop- 
ment for  high-speed,  low-weight  shafts,  must  provide 
damping  for  the  pertinent  harmonic  resonances.  A spe- 
cial technology  must  be  developed  to  provide  a benefi- 
cial trade-off.  Some  considerations  are: 

1 . Proper  placement  of  dampers  for  optimum  effi- 
ciency 

2.  Dual  dampers  for  reliability  and  fail-safe  fea- 
tures at  the  high  energy  potentials 

3.  Weight 

4.  Dependability 

5.  Adequate  qualification  testing. 

Torsional  natural  frequencies  and  reflected  inertia  to 
the  engine  must  be  compatible  to  prevent  engine  in- 
stabilities. Analytical  treatment  is  required  at  the 


predesign  level,  followed  by  qualification  testing  on  the 
flight  vehicle. 

Torsional  oscillating  loads  may  become  significant 
when  using  high-speed  universal  shafts  at  appreciable 
misalignment  angles.  Self-generated  angular  velocity 
loading  may  combine  additively  with  existing  rotor  and 
engine  torsional  loads  to  become  a significant  design 
problem.  Use  of  this  type  of  joint  also  requires  a soft 
shaft  section,  torsionaily,  to  minimize  the  velocity  ef- 
fects upon  driven  components  of  large  mass. 

7-5. 1.1. 3 Shaft  End  Configurations 

Couplings  normally  are  required  at  all  shaft  joints  to 
allow  for  misalignments  due  to  tolerances,  differential 
temperature  expansions,  and  helicopter  deflections  un- 
der varying  maneuver  and  power  loadings.  For  sim- 
plicity, shaft  deflections  and  misalignment  should  be 
kept  to  a minimum. 

Three  types  of  couplings  have  been  successful  on 
recent  Army  helicopters.  The  flexible  disk,  multiple- 
flex  rings,  and  gear  couplings  relieve  most  bending 
loads  and,  therefore,  eliminate  fatigue  problems  at  the 
drive  shaft  end  joints.  Whenever  possible,  at  least  one 
end  of  a drive  shaft  should  float  to  relieve  axial  forces 
on  the  couplings. 

Practical  considerations  for  quick  disconnects  and 
easy  shaft  removal  must  not  be  overlooked.  Inspection 
at  r.riodic  intervals  and  after  some  flight  incidents 
must  be  able  to  be  performed  with  a minimum  of  main- 
tenance effort.  Shafting  also  must  provide  for  discon- 
nection and  displacement  so  that  major  subsystems 
such  as  transmissions  can  be  replaced  easily.  Airframe 
clearances  must  be  adequate  to  prevent  contact  during 
extreme  operating  conditions  or  static  damage  during 
disassembly  or  other  maintenance. 

Drive  shaft  end  configurations  are  designed  on  some 
Army  helicopters,  e.g.,  OH-6A,  to  employ  a structural 
fuse  as  an  additional  safety  feature  should  a transmis- 
sion jam-up  occur  on  the  rotor  side  of  the  freewheeling 
clutch.  An  observable  torsional  yield  deflection  also 
may  be  used  as  an  overload  inspection  device  whereby 
drive  system  damage  limits  may  be  determined  easily. 


7-5. 1.2 


Vulnerability 


Drive  shafts  represent  a large  area  and,  therefore,  are 
vulnerable  to  small  arms  fire.  Combat  employment  of 
turbine-powered  helicopters  has  provided  valuable 
data  on  drive  shaft  vulnerability,  and  many  exhibits 
have  been  returned  intact  with  up  to  cal  .50  bullet 
holes.  Large-diameter  shafts  that  can  accept  damage  up 
to  cal  .50  firepower  with  a return-to-base  or  complete- 
mission  capability  are  desired  on  all  future  Army  heli- 
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copters.  All  shafting  shall  be  capable  of  surviving  7.62 
mm  small  arms  fire  unless  protection  from  a greater 
threat  is  required  by  the  procuring  activity. 

7-5.1. 3 Large-  vs  Smalt-diameter  Shafts 

Because  large-diameter  shafts  are  desirable  for  vul- 
nerability reasons,  a trade-off  of  advantages  and  prob- 
lems must  be  considered  when  comparing  them  with 
smaller  diameter  shafts.  The  basic  design  factors  are: 

1 . Large  section  modulus  provides  more  resistance 
to  bending  and  logistic  damage. 

2.  Damage  (scratches  and  nicks)  can  be  repaired 
or  tolerated  more  easily  on  larger  surface  areas. 

3.  Balance  is  more  critical  at  larger  radii. 

4.  Thinner  walls,  used  on  the  larger  diameter 
shafts,  are  more  prone  to  torsional  buckling  and  han- 
dling dents. 

5.  Large  diameters,  requiring  no  bearing  supports, 
are  most  adaptable  for  operation  above  shaft  critical 
speeds  because  bearing  hanger  locations  require 
smaller  diameters  to  permit  bearing  dN  (diameter  X 
rpm)  values  within  grease  lubrication  ranges.  At  higher 
rpms,  a weight  advantage  becomes  possible  because 
practical  operation  can  occur  between  the  first  and 
second  critical  speeds. 

6.  Space  requirements  such  as  bulkhead  holes  and 
access  doors  sometimes  restrict  shaft  diameters;  but  for 
vulnerability  reasons  alone,  adequate  space  should  be 
provided. 

7.  Long,  small-diameter  shafts  are  more  suscepti- 
ble to  torsional  windup  deflections  that  can  become  out 
of  phase  with  rotor  or  engine  torsional  oscillations. 
Drive  system  torsional  instabilities  have  caused  engine 
surging  and  excessive  fatigue  loading. 

7-5.2  SHAFT  DYNAMICS 

The  problems  of  shaft  design  involve  interrelations 
among  the  requirements  tor  torsional  dynamics  (as  out- 
lined in  par.  5-5).  and  weight  considerations  as  well  as 
the  critical  speeds  of  lateral  vibration  and  other  dy- 
namic effects  due  to  the  rotation  of  the  shaft.  The  re- 
sultant design  is  a compromise  among  opposing  de- 
mands. For  example,  it  may  be  desired  to  operate  a tail 
rotor  drive  shaft  at  a high  rotational  speed  relative  to 
the  speed  of  the  tail  rotor  in  order  to  gain  one  or  more 
of  the  following  advantages: 

1 .  The  required  torque  for  a given  horsepower  var- 
ies inversely  with  the  rotational  speed;  therefore,  a 
smaller  and  lighter  shaft  may  be  used. 
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2.  The  effective  torsional  stiffness  of  the  shaft  in- 
creases as  the  square  of  the  rotational  speed. 

3.  Because  of  the  reduced  torque  load,  the  thrust 
load  required  to  slide  the  splines  axially  is  reduced. 

On  the  other  hand,  high  rotational  speeds  have  cer- 
tain disadvantages  such  as: 

1 . A larger  stepdown  gear  ratio  is  required  to  get 
down  to  tail  rotor  speed.  This  may  increase  the  size  and 
weight  of  the  tail  rotor  gearbox. 

2.  If  it  is  decided  to  operate  the  shaft  '‘subcritical” 
(below  the  first  critical  speed),  the  higher  operational 
speed  requires  that  the  critical  speed  be  higher.  As  will 
be  shown,  this  in  turn  requires  either  an  increase  in 
shaft  diameter  or  a decrease  in  the  distance  between 
adjacent  bearings.  Both  of  these  courses  of  action  tend 
to  increase  the  weight. 

3.  If  “supercritical”  operation  is  chosen,  suitable 
dampers  must  be  developed  to  enable  the  shaft  to  pass 
safely  up  through  the  critical  speed  ranges  to  the  oper- 
ating speed.  The  dampers  add  weight  as  well  as  mainte- 
nance problems,  while  the  reduction  of  the  number  of 
bearings  required  reduces  the  weight. 

4.  Gyroscopic  effects  and  the  effects  of  shaft  un- 
balances increase  with  increased  speed  of  rotation. 

5.  There  may  be  problems  resulting  from  the  oper- 
ation of  bearings  at  high  speeds. 

It  may  be  observed  from  this  discussion  that  to  make 
an  optimum  decision  requires  a broad  knowledge  of  all 
the  dynamic  problems  of  the  shaft  installation.  The 
methods  and  discussion  that  follow  provide  a means  of 
evaluating  the  major  dynamic  effects  in  rotating  shaft- 
ing. 

7-5.2. 1 Critical  fpeeds 

Among  the  problems  encountered  in  the  design  of 
shafting  systems  is  a divergence  phenomenon  that  vari- 
ously has  been  called  the  “critical  speed"  or  the  "whirl- 
ing speed".  The  nature  of  the  phenomenon  is  that,  as 
the  speed  of  shaft  rotation  increases,  residual  unbal- 
ances in  the  shaft  give  rise  to  centrifugal  forces.  These 
forces  cause  the  shaft  to  rotate  in  a bent  configuration 
with  the  centrifugal  bending  loads  being  balanced  by 
the  elastic  forces  in  the  shaft,  much  in  the  manner  of 
a skip  rope.  As  the  speed  of  rotation  increases,  the 
centrifugal  loads  increase  to  the  point  at  which  they 
exceed  the  elastic  forces  in  the  shaft,  and  divergence 
occurs.  This  point  in  the  speed  range  is  called  the  criti- 
cal speed,  At  rotational  speeds  above  the  critical  speed, 
the  amplitude  undergoes  a phase  change  of  I SO  deg  and 
the  shaft  center  of  mass  moves  to  a position  between  the 
geometric  centerline  ol  the  shaft  and  the  axis  of  rota- 
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tion.  As  the  rotational  speed  increases  the  shaft  mass 
center  moves  toward  the  axis  of  rotation,  and,  ulti- 
mately, the  shaft  rotates  about  an  axis  through  its  CG 
with  an  amplitude  equal  to  the  eccentricity  of  the  mass 
center  with  respect  to  the  axis  of  rotation. 

Consider  now  a disk  having  a mass  m mounted  on 
a shaft  rotating  at  a constant  angular  velocity  a»  (Fig. 
7-65).  If  the  CG  of  the  disk  is  displaced  a distance  e 
from  the  geometric  centerline  of  the  shaft  and  if  the 
disk  is  rotating  about  the  geometric  centerline  of  the 
shaft  with  the  velocity  at,  a rotating  centrifugal  force 
me at2  acts  upon  the  disk.  This  causes  the  centerline  of 
the  shaft  to  be  deflected  a distance  r that  causes  the 
centrifugal  force  to  increase  tom(r  + e)o>2  and  this  is 
opposed  by  an  elastic  force  kr,  where  k is  the  spring 
bending  constant,  lb/in.  Thus  : 

kr  = nino1  + wear' 
coir  — rw‘  4-  eat' 


where 

k/ni  = ad 

ats  = natural  frequency,  rad/sec 
It  may  be  observed  that  for  small  values  of  o>,  r 
approaches  a value  of  aeVoiV  which  approaches  zero 
as  a>  approaches  zero.  When  o>  = o»A  ,r  becomes  infi- 
nite and  divergence  is  rapid.  At  large  values  of  <u,  r 
approaches  a value  of  — e.  The  system  is  stable  above 
the  critical  speed  o>,v  because  the  divergence  of  the  CG 
sets  up  a Coriolis  acceleration  that  moves  the  CG  tan- 
gentially until  ultimately  it  lies  between  the  geometric 
centerline  of  the  shaft  and  the  axis  of  rotation. 

The  dynamics  of  rotating  shafts  are  somewhat  more 

complex  than  indicated  because  of  variables  such  as 


BEARING  (2  PLACES) 


unequal  stiffnesses  of  the  shaft  in  different  planes,  une- 
qual bearing  stiffnesses,  variations  in  local  unbalance, 
the  effects  of  friction  and  damping  forces,  and  gyro- 
scopic effects.  However,  in  practice  most  of  the  systems 
encountered  may  be  evaluated  by  treating  the  rotating 
shaft  as  a beam  vibrating  in  one  plane. 


7-5.2. 1.1 


Mathematical  Methods 


7-5. 2. 1.1.1  Nonuniform  Shafts 

There  are  numerous  methods  for  calculating  the  crit- 
ical speeds  of  shafts  having  a nonuniform  distribution 
of  flexural  rigidity  and  those  having  concentrated 
masses  or  several  bearings  of  arbitrary  stiffness.  Many 
of  these  methods  are  variations  of  Rayleigh’s  method 
(Ref.  12),  which  consists  essentially  of  assuming  a 
mode  shape,  developing  expressions  for  the  kinetic  and 
potential  energies  in  terms  of  the  displacements  and  the 
displacement  velocities,  and  equating  the  two  expres- 
sions to  obtain  an  equation  that  can  be  solved  for  the 
natural  frequency  Thus,  in  general 


uy*dx 


■*NS)' 


dx  (7-30) 


l = cross-sectional  moment  of 
inertia  of  area,  in.4 
u = running  mass,  slug/in. 
x.  y = length  and  displacement 
coordinates,  in. 

A common  tabular  procedure  is  to  replace  the  shaft 
of  length  L by  an  arbitrary  number  of  concentrated 
masses  m,  representing  the  distributed  mass  of  the  shaft 
as  in  Fig.  7-66.  The  masses  are  assumed  to  be  connected 
by  shaft  elements  having  flexural  stiffness  but  no  mass. 
A static  bending  moment  M is  calculated  over  the 
length  of  the  shaft.  Then  by  numerically  integrating  the 
function 


//* 


(7-31) 


with  appropriate  conditions,  the  static  deflection  curve 
is  determined.  Using  the  deflection  ordinates  y.  of  the 
lumped  weights  w,  (/  ---  1 to  p),  the  kinetic  energy  T 
may  be  expressed  as 


— y- 

g ' 


, in. -lb 


i 


Fig.  7-65.  Orientation  of  CG  and  Geometric  Shaft 
Centerline  of  a Rotating  Shaft 
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Fig.  7-66.  Mathematical  Model  of  a Shaft 


The  potential  energy  V is  equal  to  the  work  done  in 
applying  the  loads  w,  through  the  distances  ,v,  .Thus,  the 
potential  energy  is 

1 p 

v=~'Ewtyi  'in--lb  <7-33> 

* I“1 


Equating  the  potential  energy  to  the  kinetic  energy 
and  solving  for  the  natural  frequency  o>^  results  in 


H = 4E 

V 1=1 


E wiyi  / E wiy' 

/ /=  i 


, rad/sec  (7*34) 


Because  it  is  convenient  to  express  the  critical  speed 
Nt.  in  revolutions  per  minute,  we  may  write 


. rpm 


(7-35) 


C is  a damping  matrix,  A’  is  a stiffness  matrix,  and 
(?]  is  a column  matrix  of  the  coordinates  of  the  system.  \ 
The  methods  of  constructing  the  required  matrices  are 
shown  in  Ref.  15. 

Another  useful  method  suitable  to  a digital  computer 
involves  the  use  of  transfer  matrices  and  state  vectors 
to  describe  the  relationships  between  the  displacements 
and  internal  forces  at  one  point  in  the  system  and  the 
corresponding  displacements  and  internal  forces  at 
another  point  in  the  system  (Ref.  16). 

7-5. 2.1. 1.2  Uniform  Shafts 

In  a number  of  applications,  such  as  an  antitorque 
rotor  drive  shaft,  the  shaft  has  a constant  distribution 
of  flexural  rigidity  and  mass,  and  is  supported  on  several 
bearings.  If  the  bearings  are  rigid  and  equally  spaced, 
and  if  there  is  no  moment  restraint  at  the  bearings,  then 
during  the  vibration  there  is  no  bending  moment  in  the 
shaft  at  the  bearings.  In  fact,  as  there  is  no  reaction  at 
the  intermediate  bearings,  the  bearings  theoretically 
could  be  removed  during  the  vibration  and  the  mode 
shape  would  be  maintained.  For  instance,  for  a shaft 
running  in  four  equally  spaced  bearings  as  in  Fig.  7- 
67(A),  the  first  mode  natural  frequency  and  mode 
shape  are  identical  to  the  third  mode  natural  frequency 
and  mode  shape  that  would  occur  if  the  two  intermedi- 
ate bearings  were  removed,  as  in  Fig.  7-C7(B).  It  is 
evident  therefore  that,  for  uniform  shafts  rotating  in 
simply  supported  bearings,  spaced  at  equal  intervals, 
the  shafts  may  be  treated  as  a beam  simply  supported 
on  two  bearings  and  having  a length  equal  to  the  bear- 
ing spacing.  A beam  of  length  L simply  supported  at 
each  end  having  a uniform  flexural  rigidity  El  and  a 
uniformly  distributed  mass  per  inch  p has  a natural 
frequency  o>v  (Ref.  12)  of 


Note  in  this  formula  that  g = 386.4  in./sec*’. 

This  method  is  restricted  in  general  to  calculation  of 
the  first  critical  speeds  of  shafts  operating  in  two  bear- 
ings that  may  be  supported  simply  or  may  have  com- 
plete restraint  in  coordinates  other  than  rotation. 

For  the  case  of  nonuniform  shafts  having  more  than 
two  bearing  supports,  or  for  the  calculation  of  the 
higher  order  critical  speeds,  other  tabular  methods 
such  as  Prohl's  method  (Ref.  13)  and  Myklestad’s 
method  (Ref.  14)  are  available. 

With  digital  computer  facilities  becoming  available, 
more  sophisticated  solutions  are  possible.  One  such 
method  involves  the  solution  of  equations  of  the  type 
M[q\  + C[<?3  + K[q)  = 0 where  M is  a mass  matrix, 


Fig.  7-67.  Characteristics  of  a Shaft  Having  Four 
Equally  Spaced  Bearings 


7-64 


*T  n”},\ * "HIT* Rty  ywp^»>yfl|»ip|y»y  ■«• 


y I •»<  s '^  •'  • ,i*\,-"'zr^m' ' * ‘ ^•Ti'.J’t?  jv  i >fj  »»■,!»  r, « 


AMCP  706-201 


If  the  shaft  is  a thin-walled  tube,  as  is  common  in 
aircraft  design,  we  may  substitute 


Substituting  these  values  in  Eq.  7-36  ■>  nd  expressing  the 
critical  speed  Ne  in  rpm  gives 


and 


I - nr3t  .in.* 


2 itrtp 

u = , slug/in. 


/ : — 

60jrJ  / 4gEv(d*  ,j 

N = J 

c 2vL 2 V €Anp(d*-df) 

7.5rr  f~Eg 

(7-38)  =—  ^~(dl+di^  »rPm  (742> 


where 

r = mean  radius  of  tube,  in. 
t — thickness  of  tube,  in. 
p = weight  density,  lb/in. J 
g = acceleration  due  to  gravity, 
386.4  in./sec2 

The  critical  speed  Ne  expressed  in  rpm  is  then 


For  a comparison  of  the  two  formulas  consider  a shaft 
of  length  L = 20  in.,  an  outside  diameter  d„  = 1 in. 
and  an  inside  diameter  d,  — 0.75  in.  By  applying  the 
thin-walled  tube  formula  (Eq.  7-39),  the  critical  speed 
Nc  — 14,550  rpm,  while  with  the  thick-walled  tube 
formuta  (Eq.  7-42),  Nc  = 14,890  rpm. 


60IT1  / Eirr1  tg 

jV  a / - 

c 2irL2  V 2 itrtp 
30rrr  / Eg 

- — 'IT,  <”•> 

It  can  be  shown  that  the  quantity  E/p  is  virtually  a 
constant  for  commonly  used  engineering  metals.  Thus 
for  steel  E/p  = (30  X 106)/0.283  = 106  X 106  and  for 
aluminum  alloys  E/p  — (10.5  X 106)/0.1  = 105  X 
106.  Making  this  substitution  we  find  that  for  practical 
accuracy  Nc  — 13.3  X 10‘(r/£\). 

f‘  is  to  be  noted  that  the  critical  speed  is  a function 
of  the  mean  radius  of  the  tube  and  the  length  between 
supports.  The  material  and  the  wall  thickness  of  the 
tube  have  a negligible  effect  upon  the  critical  speed. 

If  the  shaft  is  a thick-walled  tube, 


(7-40) 


and 


u ~- 


, slug/in. 


(7-41) 


where 

d„  — outer  diameter  of  tube,  in. 
d,  - inner  diameter  of  tube,  in. 


7-5. 2. 1.1. 3 Effects  of  Elasticity  and  Restraints 

at  Bearings 

The  consequence  of  reducing  the  stiffness  of  the 
bearing  supports  is  to  lower  the  critical  speed  of  the 
shaft,  because  the  effect  of  elasticity  at  the  bearings  is 
that  of  putting  a spring  in  series  with  the  effective 
spring  of  the  shaft.  Figs.  7-68  and  7-69  show  the  effect 
of  variation  of  the  bearing  stiffness  on  the  natural  fre- 
quency. When  using  these  curves,  the  natural  fre- 
quency o»  v is  determined  by  the  formula 


, rad/sec 


(7-43) 


where  ft  is  the  dimensionless  stiffness  factor  given  by 
Fig.  7-68  or  7-69  for  applicable  values  of  the  factor 
KL3/(E1),  with  the  bearing  support  stiffness  K in 
lb/in. 

If  the  stiffness  of  the  bearing  supports  in  the  horizon- 
tal plane  is  different  from  the  stiffness  in  the  vertical 
plane,  the  shaft  has  two  critical  speeds  corresponding 
to  the  two  bearing  stiffnesses. 

Fig.  7-70  shows  the  effect  of  moment  restraint  on 
the  critical  speed  N of  a simply  supported  shaft.  The 
amount  of  restraint  is  represented  by  the  dimension- 
less parameter  KeL/(EI),  where  E„  is  the  equivalent 
angular  spring  rate,  in. -lb/rad,  due  to  moment  re- 
straint of  the  bearing.  The  figure  shews  the  ratio  of 
critical  speeds  N/N<>,  where  N0  is  the  value  for 
K„  = 0. 
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Fig.  7-70.  Moment  Restraint  at  the  Bearing  Upon  the  Natural  Frequency  of  a 

Shaft 


7-5.2. 1.1 .4  Effects  of  Masses  Concentrated 

Between  Bearings 

If  a mass  of  large  magnitude  compared  to  the  mass 
of  the  shaft  is  concentrated  on  the  shaft  at  some  point 
between  the  bearings,  a close  approximation  (Ref.  17) 
of  its  efTect  may  be  made  by  calculating  the  static  de- 
flection 8„  of  the  centroid  of  the  mass  and  calculating 
the  natural  frequency  by 


u)„  = natural  frequency  of  the  shaft 
without  the  concentrated 
masses,  rad/sec 
o>,  = natural  frequency  of  the 

combination  of  the  /th  mass 
with  the  shaft,  which  is 
considered  to  have  flexural 
rigidity  but  no  mass,  rad/sec 


, rad/sec 


(7-44) 


If  the  mass  of  the  shaft  is  not  small  compared  to  the 
concentrated  mass,  or  if  there  are  several  masses  con- 
centrated on  the  shaft,  the  designer  may  use  Dunker- 
ley’s  formula  (Ref.  17),  which  may  be  stated  as 


(7-45) 


where 


o(  = natural  frequency  of  the  total 
assembly,  rad/sec 


7-5.2. 1.1. 5 Gyroscopic  Effects 

Masses  concentrated  on  the  rotating  shaft  may  show 
so-called  gyroscopic  effects  dependent  upon  the  speed 
of  shaft  rotation.  The  effect  is  to  cause  advancing  (in 
the  direction  of  rotation)  and  regressing  (counter  to  the 
direction  of  rotation)  whirl  modes  in  the  shaft.  The 
advancing  mode  has  the  effect  of  augmenting  the  stiff- 
ness of  the  shaft,  and  thus  raising  the  critical  speed, 
while  the  regressive  mode  has  the  effect  of  lowering  the 
critical  speed,  For  example,  the  shaft  shown  in  Fig. 
7-71  may  be  considered  to  have  a nonrotating  natural 
frequency  of 


, rad/sec 


(7-46) 


The  natural  frequency  during  rotation  is  (Ref.  12) 
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Fig.  7-71.  Schematic  View  of  a Torquemeter  Shaft 


where 

I = diametral  mass  moment  of 
inertia,  lb-in.-sec1 
J = mass  polar  moment  of  inertia, 
lb-in.-secJ 

fl  = rotor  speed,  rad/sec 


Assume  that  the  nonrotating  natural  frequency  of 
the  shaft  is  1850  rad/sec  (294  Hz).  A plot  of  the  rotat- 
ing natural  frequency  (Hz)  as  a function  of  JSl/I  is 
shown  in  Fig.  7-72. 

If  we  assign  values  of  2 and  0.2  to  the  quantity  J/I 
and  plot  the  roots  of  the  equation  as  a function  of 
II,  the  results  are  as  shown  in  Fig.  7-73.  The  line  IP 
inclined  at  45  deg  indicates  the  locus  of  frequencies 
occurring  at  one  per  revolution  of  the  shaft,  and  the  two 
branches  of  the  curves  show  the  positive  and  negative 
roots  of  Eq.  7-47.  From  this  it  may  be  seen  that,  for  this 
particular  case,  a critical  speed  occurs  at  approximately 
1100  rad/sec  with  J/I  = 2 but  this  regressive  mode 
critical  speed  occurs  at  approximately  1700  rad  per  sec 
with  J/I  = 0.2.  Unfortunately,  means  of  reducing  the 
ratio  J/I  also  have  the  effect  of  reducing  the  nonrotat- 
ing natural  frequency. 


7-5.2. 1.2  Other  Effects 

It  is  often  necessary  to  consider  the  effects  of  such 
items  of  hardware  as  couplings,  universal  joints,  and 
splines. 

Couplings  should  be  located  on  the  shaft  as  close  to 
a bearing  as  possible,  particularly  if  the  bending  stiff- 
ness through  the  coupling  is  low  compared  to  the  stiff- 
ness of  the  shaft.  Both  the  added  mass  of  the  coupling 
and  the  lack  of  stiffness  in  the  coupling  tend  to  lower 
the  critical  speed  of  the  shaft.  With  a reasonably  stiff 
bearing  support  structure,  locating  the  coupling  near 


7-68 


the  bearing  places  the  mass  of  the  coupling  at  a point 
on  the  shaft  where  the  vibratory  motion  is  at  a mini- 
mum, thus  reducing  its  relative  kinetic  energy,  This 
also  minimizes  the  effect  of  the  reduction  of  stiffness 
through  the  coupling.  It  is  well  to  avoid  having  a misa- 
lignment coupling  installed  on  each  side  of  the  same 
bearing  because  this  requires  considerable  stiffening  of 
the  bearing  support  against  rotation,  in  the  plane  of  the 
shaft,  to  react  shear  forces  at  the  couplings. 

A particular  type  of  coupling,  known  as  the  universal 
joint  or  Hooke’s  coupling,  is  used  to  transmit  power 
from  one  shaft  to  another  whose  axis  of  rotation  is  at 
a relatively  large  angle  to  the  first  shaft.  If  the  driving 
shaft  is  rotating  at  a constant  velocity,  the  driven  shaft 
undergoes  a sinusoidal  variation  of  velocity  at  frequen- 
cies that  are  multiples  of  the  rotating  speed.  As  a conse- 
quence, sinusoidal  torques  and  bending  moments  are 
produced  in  both  shafts  at  multiples  of  the  rotational 
speed.  For  this  reason,  the  critical  speed  must  not  coin- 
cide with  a multiple  of  the  shaft  speed  if  the  shaft 
contains  a universal  joint  or  a misalignment  coupling. 


Fig.  7-72.  Effect  of  the  Magnitude  of  711//  on  the 
Advancing  and  Regressing  Modes  of  the  Shaft 
Shown  in  Fig.  7-71 
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Splines,  in  addition  to  the  misalignment  effects  dis- 
cussed previously,  have  another  effect  due  to  the  torque 
loads  and  the  friction  in  the  splines.  Because  the  coeffi- 
cient of  friction  for  splines  commonly  is  from  0.1  to 

0.15,  low-speed  shafts  carrying  high  horsepower  devel- 
op heavy  end  thrusts  because  of  the  high  thrust  re- 
quired to  overcome  the  friction  and  slide  the  spline 
axially  to  accommodate  relative  motion  between  adja- 
cent parts  of  the  drive  system.  The  effect  of  the  end 
thrust  is  to  lower  the  critical  speed.  An  estimate  of  the 
effect  of  the  end  thrust  may  be  made  by  the  use  of  the 
formula 


"c="n  J'-J  .«P«  (7*48) 

where 

N,.  = actual  critical  speed,  rpm 
N„  = critical  speed  calculated 
without  end  thrust,  rpm 
P = end  thrust,  lb 
Pr  — Euler  critical  column  load  = 
tt2EI/L\  lb 

If  P/Pr  is  less  than  0.1,  the  reduction  in  critical  speed 
is  less  than  5%. 

When  excessive  thrust  occurs,  it  may  be  reduced  by 
the  use  of  a ball  spline.  Because  this  has  appreciable 
weight  and  suffers  a loss  of  stiffness  because  of  Hertz 
deformation  at  the  ball  races,  a bearing  usually  is  re- 
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Fig.  7-73.  Comparison  Between  the  Effects  of  High 
and  Low  Values  of  J/I  on  the  Advancing  and 
Regressive  Modes  of  the  Shaft  Shown  in  Fig.  7-71 


quired  at  each  end  to  avoid  severe  deterioration  of  the 
critical  speed, 

7-S.2.2  Design  Criteria 

The  design  criteria  for  satisfactory  operation  are: 

1.  For  subcntica!  shafting,  the  lowest  calculated 
critical  speed  shall  be  clear  of  the  highest  operating 
speed  by  a margin  of  30%,  and  there  shall  be  no  cal- 
culated critical  speed  within  30%  of  twice  the  lowest 
operating  speed  or  twice  the  highest  operating  speed. 

2.  Floating  parts,  i.e.,  parts  that  cannot  be  con- 
strained to  rotate  about  the  same  fixed  center  in  the 
same  orientation  at  all  times,  are  to  be  avoided  because 
of  the  impossibility  of  achieving  a consistent  state  of 
balance. 

3.  For  supercritical  shafting,  means — such  as  suit- 
able dampers — shall  be  provided  for  safe  passage 
through  all  of  the  critical  speeds  below  the  operating 
speed. 

7-6  CLUTCHES,  BRAKES,  AND 
COUPLINGS 

7-6.1  CLUTCHES 

The  requirement  for  clutching  devices  has  been  de- 
fined earlier  in  this  chapter;  however,  because  current 
vehicle  designs  embody  freeshaft  turbine  engines  al- 
most exclusively,  the  use  of  engagement  clutches  is 
unnecessary.  Therefore,  the  only  clutching  functions 
required  within  the  engine-rotor  drive  system  are  those 
necessary  to  provide  for  autorotation  and  for  single- 
engine operation  in  the  case  of  multiengine  configura- 
tions. This  capability  is  provided  through  use  of  over- 
running clutches. 

The  overrunning  clutch  is  a device  that  transmits 
torque  from  an  input  in  one  direction  only,  and  that 
releases  automatically  when  the  input  direction  is  re- 
versed or  the  output  overspecds  the  input  in  the  drive 
direction.  The  latter  case  is  applicable  to  the  helicopter 
drive  system.  This  function  may  be  accomplished  with 
a sprag  clutch  or  a roller  clutch,  both  of  which  depend 
upon  a complement  of  friction  wedges  disposed  be- 
tween races  to  transmit  torque. 

7-6. 1.1  Sprag  Theory 

The  sprag  overrunning  clutch,  shown  in  Figs.  7-74 
and  7-75,  consists  of  an  outer  race,  usually  the  driving 
member,  the  inner  race,  the  driven  member,  a comple- 
ment of  sprags,  a retainer,  appropriate  energizing 
springs,  and  bearings  to  provide  the  required  race  eor,- 
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centricity.  The  term  sprag  denotes  any  type  of  wedge 
device  such  as  the  wedge-shaped  blocks  used  to  prevent 
vehicle  motion  on  sloping  surfaces.  A disassembled 
sprag  retainer  assembly  is  shown  in  Fig.  7-76. 

The  UH-2C  combining  gearbox  with  the  overrun- 
ning clutch  installation  is  illustrated  in  the  partial 
cross  section  shown  in  Fig.  7-77. 

Often  the  overrunning  or  “freewheeling"  clutch  is 
combined  with  one  of  the  gears  in  the  engine  combining 
gearbox.  This  approach  is  shown  in  Fig.  7-78,  a partial 
section  of  the  “Twin-Pac”  gearbox  that  combines  two 
PT-6  turbine  engines.  This  power  package  is  used  in  the 
AH-1J,  UH-1N,  and  S-58T  model  helicopters. 

Power  is  transmitted  from  one  race  to  another  by  the 
wedging  of  specially  contoured,  through-hardened 
steel  sprags.  As  in  the  internal  arrangement  shown  in 
Fig.  7-79,  if  the  outer  race  is  driven  in  the  counterclock- 
wise direction,  the  expanding  force  of  the  energizing 
spring  and  frictional  force  of  the  sprag  against  the  race 
combine,  causing  the  sprag  to  rotate  in  the  counter- 
clockwise direction  about  its  center.  Because  dimension 
a is  greater  than  the  annular  space  between  races,  the 
sprags  wedge,  thus  transmitting  torque.  When  the  in- 
ner race  rotates  in  the  counterclockwise  direction  (as  in 
autorotation)  at  a speed  greater  than  that  of  the  outer 


race,  the  sprags  rotate  so  that  the  portion  of  the  sprag 
indicated  by  dimension  b is  in  contact  with  the  races. 
Because  dimension  b is  less  than  the  annular  space,  the 
sprags  do  not  wedge  and  the  outer  race  may  rotate 
freely. 

Torque  is  transmitted  in  the  drive  direction  because 
of  the  careful  choice  of  the  wedging  angle,  or  “gripping 
angle",  of  the  sprag  with  respect  to  the  races.  The 
gripping  angle  is  defined  by  the  construction  shown  in 
Fig.  7-80.  By  drawing  a line  between  the  points  of 
tangency  A and  B of  the  sprag  with  the  inner  and  outer 
race,  and  measuring  the  angle  between  that  line  and  a 
line  drawn  from  the  center  of  the  races  through  the 
point  of  tangency  A of  the  sprag  at  the  inner  race,  the 
gripping  angle  GA  is  obtained. 

By  employing  compound  curves  for  the  sprag  cams, 
the  gripping  angle  can  be  tailored  to  give  optimum 
value  for  both  the  overrunning  and  drive  modes.  This 
initial  gripping  angle  must  be  such  that  the  radial  force 
produced  as  engagement  commences  and  the  coeffi- 
cient of  friction  at  the  point  of  contact  will  combine  to 
resist  the  tangential  force  imposed  upon  the  sprag  by 
the  applied  torque.  The  proper  choice  of  surface  finish 
and  lubricant  is  required  to  insure  that  this  condition 
is  guaranteed.  Expressed  mathematically,  the  tangent 
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Fig.  7-74.  Sprag  Overrunning  Clutch  Assembly  Used  on  UH-2C 
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Fig.  7-75.  Components  of  UH-2C  Overrunning  Clutch  Assembly 


of  the  gripping  angle  must  be  less  than  the  coefficient 
of  friction. 

Sprags  are  designed  to  give  an  increase  in  gripping 
angle  with  an  increase  in  applied  torque.  This  occurs  as 
the  sprag  rotates  under  load  as  a result  of  the  elastic 
deformation  of  the  races,  as  shown  in  Fig.  7-81.  A 
higher  gripping  angle  reduces  the  radial  loads  imposed 
by  the  sprags,  thus  permitting  higher  torques  to  be 
transmitted  for  given  values  of  Hertz  (surface  compres- 
sive) and  race  hoop  stresses. 

A typical  relationship  of  gripping  angle  versus  the 
annular  space  between  races  is  shown  in  Figs.  7-82  and 
7-83. 

7-6. 1.2  Sprag  Clutch  Design 

A high  degree  of  refinement  is  represented  in  the 
current  state-of-the-art.  End-notched  sprags  are  posi- 
tioned by  a precision  retainer  and  energized  by  expand- 
ing garter  springs  similar  to  those  shown  in  Fig.  7-76. 
The  retainer  keeps  the  individual  sprags  in  proper  axial 
and  angular  alignment  during  overrunning  and  at  the 
instant  load  is  applied.  The  optimum  configuration 
provides  for  individual  spring  energization  of  each 


sprag  independent  of  its  neighbor,  promoting  equal  and 
simultaneous  engagement  of  each  sprag  in  the  comple- 
ment. 

7-6. 1.2.1  Torque  Capacity 

Torque  capacity  is  based  upon  two  design  considera- 
tions: (I)  inner  race  Hertz  stress  (limitation  due  to 
Brinelimg)  and  (2)  race  design. 

/-  6. 1.2. 1.1  Inner  Race  Hertz  Stress 

The  Hertz  stress  or  surface  compressive  stress  must 
be  maintained  within  acceptable  limits  to  prevent  race 
distress  in  the  form  of  Brinelling  or  pitting  due  to  sub- 
surface fatigue.  The  highest  Hertz  stress  occurs  at  the 
inner  race,  where  the  poorest  conformity  between  sprag 
and  race  exists.  Industry  practice  is  to  limit  the  maxi- 
mum Hertz  stress  to  500,000  psi,  which  will  give  a life 
in  excess  of  500,000  cycles. 

Fig.  7-84  shows  that  the  torque  /'is  the  summation 
of  tangential  components  of  the  load  acting  through 
point  A of  each  sprag  multiplied  by  the  inner  sprag 
radius  d,/ 2.  Thus 
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T = NP  \~f~j  l*nGA  ’in--lb  (7-49) 

where 

P = sprag  normal  force,  lb 
.V  = number  of  sprags 

The  Hertz  stress  is  based  upon  the  normal  component 
P divided  by  the  effective  sprag  length.  For  most  re- 
tainer designs  the  effective  sprag  length  L may  be  taken 
as  the  retainer  length  less  0.20  in.  The  contact  or  Hertz 
stress  is  expressed  by  the  equation 


4 


I PP 

= 0.591  J — I J 

V L \ ) 


, pst 


(7-50) 


where 

d,  = outer  sprag  cam  diameter,  in. 
Solving  for  P,  substituting  Eq.  7-50  in  Eq.  7-49  and 


using  a value  of  500,000  psi  for  Fr  and  a value  of  30,- 
000,000  psi  for  A',  the  Hertz  torque  capacity  is  ex- 
pressed as 


T = 1 1.92  X 10 * LN 


tan  GA  ,in.-lb  (7-51) 


This  equation  expresses  the  torque  capacity  if  Hertz 
stress  is  the  limiting  criterion  and  the  resultant  race 
deflections  at  that  torque  yield  the  gripping  angle  as- 
sumed. 

7 -6. 1.2. 1.2  Overrunning  Clutch  Races 

Because  overrunning  clutch  races  usually  are  inte- 
gral with  shafts  and  gears,  the  space  available  is  re- 
stricted because  of  associated  components  and/or  to 


Fig.  7-76.  Sprags,  Retainer,  and  Energizing  Springs  Employed  in  UH-2C 
Overrunning  Clutch  Assembly 
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OVERRUNNING  CLUTCH  HOUSING 
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Fig.  7-77.  Partial  View  of  UH-2C  Gearbox  Assembly  Showing  Overrunning 

Clutch  Installation 


£ 
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minimize  weight.  Thus  the  race  hoop  stresses  and/or 
the  resulting  race  deflection  may  become  the  limiting 
criteria. 

The  materials  generally  used  are  steels  such  as  AMS 
6260,  AMS  6263,  AMS  6265,  and  AMS  6415.  These 
materials  permit  adequate  case-hardened  surfaces  re- 
quired for  both  inner  and  outer  races  while  still  provid- 
ing adequate  toughness  in  the  core. 

The  surface  hardness  should  be  Rockwell  C ( Rc ) 
58-62  while  the  finished  case  depth  must  be  0.050  in. 
to  0.080  in.  when  measured  to  the  point  of  Rc  50.  Core 
hardness  should  be  in  excess  of  Rr35.  A ground  surface 
finish  of  10  to  20  micro-inch  rms  is  recommended. 

Plain  cylindrical  races  are  ideal  because  their  deflec- 
tion characteristics  can  be  predicted  readily.  However, 
it  often  is  necessary  to  locate  the  sprag  races  beneath 
the  web  of  a gear  or  over  bores  of  varying  diameters. 
When  this  is  necessary,  the  races  should  be  designed  so 
that  the  stiffness  is  as  uniform  or  symmetrical  as  possi- 
ble to  minimize  bellmouthing  of  the  sprag  cavity  under 
load.  This  condition  will  result  in  a nonuniform  load 
distribution  along  the  length  of  the  sprag,  producing 


abnormally  high  contact  stresses  and  poor  load-carry- 
ing capability. 

Proper  clutch  function  and  adequate  life  also  are 
contingent  upon  proper  control  of  the  annular  space 
between  races.  The  accumulated  runout,  dependent 
upon  race  and  bearing  eccentricities  in  addition  to  bear- 
ing clearances,  should  not  exceed  0 003  in.  total  indica- 
tor reading.  Axial  taper  of  the  sprag  race  diameters 
shall  not  exceed  0.0002  in. /in. 

The  magnitude  of  race  deflections  must  be  consid- 
ered. Current  practice  is  to  limit  the  change  in  annular 
space  (i.e.,  the  sum  of  the  change  in  radii  of  each  race) 
to  one-half  the  total  cam  rise  available.  This  value  is 
taken  as  0.005  in.  for  the  0.330-in.  sprag  and  0.006  in. 
for  the  0.375-in.  sprag,  which  are  the  two  sprag  sizes 
common  among  manufacturers  for  this  type  of  applica- 
tion. 

Allowable  design  stresses  may  vary  due  to  in-house 
practice  or  experience.  The  choice  of  the  maximum 
permissible  stress  should  be  tempered  by  the  specific 
design  in  question,  taking  into  account  torsional  excita- 
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OUTPUT  CEAR 


SPRAG  & RETAINER  ASSEMBLY 


Fig.  7-78.  Partial  View  of  Twinning  Gearbox  Showing  Overrunning  Clutch 

Installation 


OUTER  RACE 


Fig.  7-79.  Sprag  Overrunning  Clutch  Detail 

tions,  stress  concentrations  due  to  nonuniform  cross 
sections,  oil  holes,  etc. 

7-6. 1.3  Positive  Continuous  Engagement 

Sprag 

The  positive  continuous  engagement  (PCE)  sprag 
has  been  developed  recently  to  meet  the  increased  per- 

7-74 


formance  demands  of  aircraft  and  helicopter  applica- 
tions. It  provides  reliable  performance  under  severe 
torsional  and  linear  vibration  as  well  as  high  transient 
overloads. 

The  unique  geometric  shape  of  the  PCE  sprag  limits 
its  movement  when  it  is  lightly  loaded  and  is  subjected 
to  high  torsional  and  linear  vibrations.  Control  of  this 
movement  is  made  by  flank  contours  that  closely  limit 
inter-sprag  clearance.  Sprag  clutch  life  under  these 
loading  conditions  is  dependent  upon  how  well  sprag 
movement  is  controlled. 

This  geometry  also  offers  a sprag  that  will  not  "roll 
over"  unaer  excessive  torque  loads.  If  extreme  over- 
loads are  imposed  beyond  the  torque  rating  of  the 
clutch,  the  PCE  sprag  configuration  provides  a positive 
sprag-to-sprag  abutment.  Further  sprag  motion  is  pre- 
vented by  contact  of  the  sprag  with  the  opposite  flank 
of  the  adjacent  sprag. 

The  three  conditions  of  normal  overrunning,  normal 
drive,  and  extreme  overload  lockup  are  shown  in  Figs. 
7-85,  7-86,  and  7-87,  respectively. 

This  design  requires  discrete  diameters  for  a specific 
number  of  sprags  in  the  complement  to  control  inter- 
sprag  clearance  precisely  and  to  assure  lockup  under 
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overload.  The  race  diameters  given  in  Table  7-3  are 
suitable  for  either  conventional  “free  action”  or  PCE 
sprag  clutch  designs. 

7-6. 1.4  Overrunning  Capability  and 
Lubrication 

The  overrunning  capability  of  sprag  clutches  is  being 
challenged  constantly  as  higher  shaft  speeds  and  higher 
power  become  necessary  as  vehicle  capabilities  are  ex- 
tended. The  present  state-of-the-art  is  established  at  an 
inner  race  velocity  of  approximately  10,000  fpm. 

Vehicles  presently  in  the  design  stage  will  require  the 
development  of  overrunning  clutches  that  can  operate 
at  rubbing  velocities  as  high  as  15,000  fpm.  This  will 
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Fig.  7-81.  Race  Deflection  and  Increase  in  Gripping 
Angle  With  Increase  in  Load 
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Fig.  7-80.  Sprag  and  Race  Detail  Showing  Gripping 
Angie 
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Fig.  7-82.  Theoretical  Gripping  Angle  Curve, 
0.375-in.  Sprag 


require  increased  sophistication  in  the  control  of  sprag 
mass  distribution,  energization,  and  lubrication  tech- 
niques. 

Lubricants  commonly  in  use  are  MIL-L-7808  and 
MIL-L-23699,  which  are  compatible  with  sprag  clutch 
operation.  Lubricants  containing  antiwear  or  slippery 
additives  such  as  molybdenum  disulfide,  graphites,  or 
phosphates  must  be  avoided.  Use  of  such  friction 
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ANNULAR  SPACE,  m. 


Fig.  7-83.  Theoretical  Gripping  Angle  Curve, 
0.330-in.  Sprag 


An  adequate  quantity  of  lubricant  must  be  supplied 
to  keep  the  inner  race  wet  and  to  carry  away  the  heat 
generated  during  overrunning.  The  quantity  required 
will  depend  upon  the  specific  clutch  design  and  the 
gearbox  system  with  which  it  is  associated,  with  oil 
inlet  temperature  and  overrunning  speed  being  most 
important.  Current  designs  employing  a single  retainer 
require  oil  flows  ranging  from  0.5  to  1.5  gpm.  The 
actual  requirement  usually  is  established  during  devel- 
opment testing. 


Fig.  7-86,  PCE  Sprags  Driving  Under  Normal  Load 


Fig.  7-84.  Sprag  Force  Diagram 


modifiers  will  cause  the  clutch  to  function  erratically  or 
slip  under  load. 

The  quantity  of  lubricant  and  the  manner  in  which 
it  is  directed  are  critical.  The  oil  should  be  directed  to 
the  rubbing  surface  of  the  inner  race  through  holes 
directly  beneath  the  sprags.  Exit  holes  also  are  required 
in  the  outer  race  and  should  be  sized  such  that  a portion 
of  the  flow  also  will  flow  past  the  damming  washers. 
The  outer  race  holes  are  required  to  purge  the  sprag 
cavity  continuously,  thus  minimizing  the  accumulation 
of  contaminants  centrifuged  from  the  lubricant. 
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Fig.  7-87.  PCE  Sprags  Driving  With  Extreme 
Overload 
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TABLE  7-3 

0.375  in.  PCE*  SPRAG  DATA 


No.  INNER  INNER 

OF  RACE  RACE 

SPRAGS  DlA.m.  BORE, 

in. 

N il  ,1. 


OUTER  OUTER 
RACE  RACE  ] 
DlA,  in.  OD,  in. 


TORQUE  CAPACITY.  lb-in, 

0.625  m.  0,75771!]  0.875  m.  l.dflO  in. 

Mm  Mm  Mm  Mm 
AXIAL  AXIAL  AXIAL  AXlAL 
SPACE  SPACE  SPACE  SPACE 


31 

2.6505 

1.5300 

~3.3970" 

4.3500"1 

9,500 

32 

2. '74  69 

1.5900 

3.4934 

4.5800 

10,420 

33 

2.8435 

1.6-400 

3.5900 

4.7200 

10,850 

34 

2.9355 

1.7200 

3.6820 

4.8700 

11,250 

35 

3.0275 

1 .7700 

3. 7740 

5.0000 

11.700 

36 

3.1195 

1.9000 

3.8660 

5.2000 

12,100 

3? 

3.2115 

2.1000 

3.9580 

5.4500 

12,300 

38 

3.3035 

2.2200 

4.0500 

5.6700 

12,680 

39 

3.3955 

2.3200 

4.1420 

5.8400 

12,750 

40 

3.4875 

2.4100 

4.2340 

6.0000 

12,900 

41 

3.5795 

2.5000 

4.3260 

6.1800 

13,00(1 

42 

3.6715 

2.6000 

4.4180 

6.3500 

13,180 

43 

3.7635 

2.7000 

4.5100 

6.5400 

13,420 

44 

3.8555 

2.8000 

4.6020 

6.7400 

13,650 

45 

3.9475 

2.9000 

4.6940 

6.9400 

13,800 

46 

4.0395 

3.0000 

4.7860 

7.1400 

14,000 

47 

4.1322 

3.1000 

4.8787 

7.3400 

14,200 

48 

4.2249 

3.2000 

4.9714 

7.5400 

14,400 

49 

4.3176 

3.3000 

5.0641 

7,7500 

14,500 

50 

4.4103 

3.4000 

5.1568 

7.9700 

14.6G0 

It  is  important  that  the  gearbox  designer  work 
closely  with  the  clutch  manufacturer  early  in  the  design 
stage  so  that  the  overrunning  function  may  be  opti- 
mized without  unnecessary  compromise  to  either  gear- 
box or  clutch  design. 


7-6.2  SPLINES 


7-6. 1.5  Roller  Clutch 


Because  in  the  past  sprag  clutches  had  been  known 
to  “roll  over”,  some  helicopter  engineers  selected  roller 
clutches,  which  do  not  have  the  “rollover"  characteris- 
tics. A roller  clutch  designed  to  transmit  the  same 
amount  of  torque,  however,  usually  is  heavier  than  the 
same  sprag  type  clutch. 


A spline  is  a machine  element  consisting  of 
integral  keys  (spline  teeth)  or  keyways  (spaces) 
equally  spaced  around  a circle  or  portions  thereof. 
Splines  are  used  principally  to  transmit  torque  from 
member  to  member.  They  are  practically 
indispensable  in  helicopter  systems,  and  are  used  in 
various  forms  on  almost  all  rotating  parts.  The 
advantages  of  spline  drives  over  other  systems  such  as 
keyways  and  keys,  serrations,  pins,  set-screws,  and 
friction  devices  may  be  listed  as  follows: 

1.  No  loose  parts  such  as  pins  and  keys  required 

2.  High  torque  capacity  for  available  space;  high 
strength/weight  ratio 

3.  May  be  self-centering 
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4.  Given  spline  capacity  can  be  upgraded  by  easily 
applied  production  techniques  such  as  heat  treatment, 
case  hardening  and  grinding,  and  higher  precision 
tooling. 

5.  Provides  for  varying  axial  positions  when  re- 
quired 

6.  Low  cost 

7.  Easily  installed  and  disassembled  in  the  field. 

This  paragraph  describes  the  various  types  of  splines 
and  their  application  to  helicopter  systems.  Applicable 
standards  have  been  developed  that  will  aid  in  the  de- 
tail design.  Reference  should  be  made  to  AMCP  706- 
202  for  detail  design  data. 

7-6.2. 1 Types  of  Splines 

Various  types  of  splines  have  been  used  in  the  past 
on  helicopters. 

The  Society  of  Automotive  Engineers  (SAE)  stand- 
ards for  involute  splines  have  been  used  the  most  gener- 
ally throughout  the  aircraft  industry.  This  spline  design 
is  a variation  of  an  involute  gear  tooth  but  having  one- 
half  the  effective  tooth  height  and  using  a 30-deg  pres- 
sure angle.  Many  variations  of  the  involute  tooth  spline 
have  been  used  in  helicopters,  from  the  SAE  tooth 
geometry  standards  to  a low-pressure-angle,  full-depth 
form.  This  involute  spline  is  the  most  widely  used  of  the 
listed  types  due  to  its  ease  of  manufacture  with  stand- 
ard gear  cutting  equipment,  and  the  simplicity  of  in- 
spection techniques.  The  Aerospace  Gearing  Commit- 
tee of  the  American  Gear  Manufacturers  Association 
(AGMA)  is  in  the  process  of  forming  a new  spline 
standard  incorporating  lower  pressure  angle  systems 
that  are  more  advantageous  to  the  latest  state-of-the-art 
helicopter  design. 

7-6.2.2  Typical  Applications 

Involute  splines,  as  used  in  transmission  systems, 
differ  in  application  depending  upon  the  types  of  mem- 
bers they  join. 

For  involute  spline  joints,  the  various  applications 
are: 

1.  Side  fit  spline  — free  floating 

2.  Major  or  minor  diameter  fit  spline 

3.  Side  fit  spline  with  piloted  members. 

The  side  fit  spline  may  be  used  as  a self-centering 
type  drive  where  angular  freedom  is  desired  and/or 
where  radial  looseness  is  desired  to  eliminate  potential 
radial  forces.  Fig.  7-88  shows  a free-floating  drive  shaft, 
which  accommodates  small  misalignments  between  the 
driving  and  driven  component. 


The  mqjor  or  minor  diameter  fit  spline  is  used  where 
accuracy  in  positioning  is  required.  This  type  fit  may 
be  used  for  mounting  low-power  gears  or  for  compo- 
nents having  moderate  to  high  speed,  where  small 
radial  offsets  will  not  produce  excessive  vibrations.  Fig. 
7-89  is  a typical  installation  on  a moderate-speed  drive 
shaft.  A variation  of  the  major  or  minor  diameter  fit 
has  been  used  for  flexible  ring  gear  retention.  Static 
radial  clearance  is  provided  between  the  gear  and  its 
housing  but  the  major  or  minor  diameter  fit  limits  the 
radial  deflection  of  the  ring  gear  under  load. 

A side  fit  spline,  with  piloted  members,  is  used  typi- 
cally for  mounting  a gear  to  a shaft.  The  pilots  on  the 
mating  member  are  used  to  react  the  radial  forces  from 
the  gear,  allowing  the  spline  to  carry  only  the  torque. 
Fig.  7-90  shows  a typical  gear  mounting  with  pilot 
diameters.  Fig.  7-91  is  a curvic  spline  used  for  joining 
shafting  with  a quick-disconnect  feature. 

7-6.2.3  Design  Considerations 

In  the  preliminary  design  phase,  the  prime  objective 
of  the  designer  is  to  provide  a geometric  arrangement 
of  a spline  drive  having  adequate  power  capacity  with- 
out a potential  envelope  redesign  of  the  drive  or  the 
requirement  for  exotic  manufacturing  controls  to  main- 
tain the  required  boundary  limits.  To  attain  the  desired 
boundary  limits  initially,  and  in  a simple  form,  the 
designer  must  formulate  equations  or  general  rules.  For 
example,  the  face  Iength-to-diameter  (L/d)  ratio  of 
splines  generally  must  be  limited  to  insure  an  effective 
contact  and  bearing  pattern  using  various  types  of 
manufacturing  techniques.  As  a guideline,  a spline 
length-to-diameter  ratio  of  2:1  or  less  is  preferred. 
Where  values  of  1 : 1 are  used,  the  basic  design  objective 
of  load  capacity  can  be  achieved  more  readily  without 
imposing  a high  degree  of  machining  accuracy. 

Most  splines  are  critical  from  a wear  factor  (bearing 
stress)  rather  than  from  limit  load  design  values  caused 
from  shear  or  bending.  The  use  of  maximum  bearing 
stress  allowances  of  the  material  at  limit  load  is  not  a 
good  standard  for  attaining  satisfactory  wear  life.  Also, 
there  is  no  balance  of  shear  capaci.y  to  wear  type  bear- 
ing allowables  in  the  30-deg  pressure  angle  spline  sys- 
tems. A reduction  of  pressure  angles,  as  noted  by  the 
AGMA  Aerospace  Spline  Task  Committee,  will  pro- 
vide a better  means  to  balance  the  spline  geometry. 

In  some  cases,  standard  gear  tooth  geometry  (work- 
ing depth  = 2.0/ Pd  where  /^is  the  diametral  pitch,  or 
number  of  teeth  per  inch  of  diameter)  and  moderate 
pressure  angles  of  approximately  20  deg  or  less  are 
more  suitable  spline  applications  in  the  light  alloys 
(aluminum).  The  common  2.0 / P,,  working  depth 
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Fig.  7-88.  Side  Fit  Spline 
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Fig.  7-89.  Major  or  Minor  Diameter  Fit  Spline 


reduces  the  bearing  stress  by  a factor  of  two,  along  with 
the  reductions  due  to  the  lower  pressure  angles. 

Although  many  variations  can  be  presented,  as  a rule 
the  designer  can  still  use  the  SAE  involute  standards  as 
the  basic  geometry  in  the  preliminary  design  phase  for 
steel-to-steel  mating  components.  Par.  7-6.2. 4 presents 
guidelines  in  establishing  size  of  SAE  splines. 

7-6.2.4  Spline  Capacity  (SAE  Type) 

There  are  numerous  allowable  stresses  permitted  for 
splines,  depending  upon  the  application  and  method  of 
design.  For  example,  a clamped-up  tight  installation 
will  not  “work”  and,  therefore,  will  not  develop  readily 
into  a fretting  corrosion  situation.  Safe  L/d  ratios  are 
dependent  upon  shaft  section  properties  high  enough  to 
prevent  excessive  tooth  end  loading  from  torsional  de- 
flections. Accuracy  of  spline  tooth  geometry  deter- 
mines the  percentage  of  total  teeth  capable  of  sharing 
the  load.  Material  factors  and  heat  treatments,  together 


with  surface  Finish  and  lubrication,  also  affect  spline 
life. 

In  helicopter  applications,  most  splines  are  highly 
loaded  because  lengths  are  minimized  to  reduce  weight. 
These  splines  generally  will  be  made  from  high  alloy 
steels,  with  or  without  case  carburizing  and  grinding  to 
attain  high  tooth  accuracies. 

As  in  all  helicopter  applications,  fatigue  strength 
must  be  considered  whenever  stress  concentrations  ex- 
ist. For  this  reason,  a full  or  large  fillet  radius  is  re- 
quired to  minimize  stress  raisers  at  the  highly  loaded 
tooth  root  area.  This  requirement  normally  eliminates 
the  common  automotive  practice  of  using  minor  diame- 
ter fits  and  flat  root  areas  that  require  sharp  radii. 

High-capacity  splines  usually  drive  subsystems  .or 
large  mass  components  at  high  speeds  and  require  ac- 
curate mounting.  The  helicopter  spline  should  be  de- 
signed to  accommodate  torque  only  and  not  be  sub- 
jected to  additional  bending  stresses.  For  these  reasons, 
pilot  diameters  should  be  used  to  provide  mounting  ac- 
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SIDE  FIT  SPLINE 


PILOT  DIAMETERS 

Fig.  7-90.  Site  Fit  Spline  With  Piloted  Members 

curacy  and  load  reaction.  These  diameters,  usually  line- 
to-line  fits,  must  be  square  with  the  mounting  faces  to 
prevent  axial  clamp-up  forces  from  adding  bending 
loads  to  the  spline  teeth. 

The  sizing  of  SAE  involute  splines  for  preliminary 
design  purposes  is  limited  to  the  bearing  stress  values. 
The  bearing  stress  value  has  been  the  limiting  factor 
due  to  past  experience  with  fretting  and  wear  problems. 
The  bea.ing  stress  /*,  (psi)  is  a function  of  torque  T 


(ib-tn.)  pitch  diameter  d,  and  length  L (in.).  These  rela- 
tionships are  shown  in  Eq.  7-52. 


fbr=2T/(dH) 


(7-52) 


The  allowable  values  of  bearing  stress  Fh,  for  various 
types  of  assemblies  and  manufacturing  techniques  are 
presented  in  Table  7-4.  These  allowable  stresses  are 
based  upon  maximum  operating  power  conditions. 

For  steel-to-aluminum  spline  members,  the  bearing 
stress  should  not  exceed  values  of  500  psi  for  loose  fit 
and  1,000  psi  for  clamped-type  fit. 

7-6.2.5  Materials,  Metallurgy,  and 
Lubrication 

The  important  predesign  criteria  for  spline  applica- 
tions involve  the  required  length  and  its  effect  upon 
component  size.  Shorter  spline  lengths  are  possible  as 
allowable  bearing  stress  Fbr  increases.  Future  helicopter 
spline  loading  will  increase  when  better  understanding 
of  materials  under  wear  conditions  becomes  available. 
Higher  precision  splines,  with  improved  lubricants  or 
dry  film  treatments,  also  will  help  to  reduce  component 
weight. 


7-6.2.6 


Failure  Modes 


Splines  normally  will  fail-safe  because  the  load  is 
shared  by  a large  percentage  of  the  teeth.  Exceptions 
have  been  noted  when  sharp  fillet  radii  have  caused 
stress  raisers,  permitting  material  fatigue  failures.  This 
type  of  failure  can  be  serit  is  as  the  fracture  may  open 
the  drive  train. 


'V  BAND  CLAMP  CURVIC  SPLINE 


SMALL  NUMBER  OF  BOLTS  (OPTIONAL) 


Fig.  7-91.  Curvic  Spline  Shaft  Attachment,  Quick-disconnect 
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Failures  usually  cause  premature  component  re- 
placement, short  TBOs,  and  excessive  heat  through 
wear  and  fretting  corrosion.  Proper  lubrication  and 
surface  hardness  for  some  applications  are  required  to 
reduce  wear.  A clamped,  nonworking  spline  normally 
will  provide  longer  life. 


7-6.3  MECHANICAL  COUPLINGS 


Mechanical  couplings  are  used  in  all  helicopters  to 
accommodate  the  mismatch  of  drive  lines,  such  as  gear- 
box to  shafting  or  shaft  to  shaft.  The  drive  line  mis- 
match is  angular  and  axial,  with  the  total  amount  being 
a function  of  installation  errors,  airframe  deflections, 
and  dynamic  motions  of  the  related  components.  Past 
history  has  shown  that  a large  degree  of  attention  is 
required  in  the  coupling  design  to  insure  trouble-free 
performance. 

Coupling  problems  occur  from  many  causes  and  may 
result  in  safety-of-flight  problems  or  excessive  down- 
time and  maintenance  requirements.  For  example,  a 
coupling  failure  on  a tandem  rotor  synchronizing  drive 
shaft  is  catastrophic.  In  other  applications,  if  autorota- 
tion is  successful,  only  an  incider  t or  forced  landing 


TABLE  7-4 

ALLOWABLE  STRESS  FOR  STEEL  SPLINES 
WITH  VARIOUS  MOUNTING  AND  TOOTH 
PARAMETERS 


ALLOWABLE  BEARING  STRESS 
Fbf,  psi 

ASSEMBLY 

AS  MACHIuED 
NO 

LUBRICATION 

GROUND 

HARDENED 

AND 

GROUND 

LOOSE  FIT 
(FLOATING) 

5,000 

7,500 

15,000 

CLAMPED  FIT 

7.500 

10,000 

20,000 

IN  SOME  APPLICATIONS  PAST  EXPERIENCE  HAS  SHOWN  THAT 
HIGHER  ALLOWABLES  MAY  BE  USEO  DEPENDING  ON 


1.  LOW  L D RATIOS 

2.  LUBRICATION 

3.  MATERIALS 

4.  DEGREE  OF  PRECISION 


ALSO.  IN  SOME  APPLICATIONS.  PAST  EXPERIENCE  HAS  SHOWN 
LOWER  ALLOWABLES  MUST  BE  USED  DEPENDING  ON 


1.  HIGH  L D RATIOS 

2.  EXCESSIVE  FLEXURAL  MOVEMENT  OF  SPlINE  MEMBERS 

3.  POOR  GEOMETRY 


results.  Some  failures  may  result  only  in  excessive  vi- 
bration, permitting  a get-home  capability. 

Common  coupling  problems  historically  may  be 
listed  in  order  of  importance  as  follows: 

1.  Fatigue  failures,  causing  a disconnection  in  the 
drive  train 

2.  Loss  of  lubricant  or  improper  lubrication,  caus- 
ing excessive  heat  and  welding  of  components,  which 
in  turn  generate  high  force-low  cycle  fatigue  loading 
into  shaft  end  fittings 

3.  Improper  maintenance  such  as  shimming  er- 
rors, inadequate  torque  on  fasteners,  scratches  or  dents 
in  critical  areas,  operation  beyond  author 'zed  life,  too 
much  or  too  little  or  wrong  grease,  and  original  quality 
control  human  errors. 


In  general,  the  more  misalignment  a coupling  must 
accommodate,  the  more  complex  is  the  design.  Operat- 
ing and  installation  deflections,  therefore,  should  be 
kept  to  a low  value  to  insure  a simple  system  with  a 
minimum  of  friction  and/or  overloading.  The  design 
should  minimize  the  requirement  for  care  and  skill 
during  maintenance.  Long-life  components  requiring 
inspection  or  disassembly  only'  at  long  periodic  inter- 
vals will  prevent  most  in-service  human  errors.  Corro- 
sion becomes  an  important  consideration  in  Army  en- 
vironments where  surface  protections  may  be  lost  or 
become  inadequate  to  protect  against  pitting  or  stress 
raisers. 

The  aircraft  environment  must  be  considered  be- 
cause couplings  often  are  located  near  engines  and  hot 
exhaust  gases.  When  heat-sensitive  couplings  (grease- 
lubricated)  are  adjacent  to  engines,  heat  insulators  or 
cooling  provisions  may  be  required  for  protection  from 
conduction  and  radiation  of  engine  heat.  Seals  and 
other  surfaces  must  be  insensitive  to  exhaust  gases. 

There  are  four  basic  coupling  types  presently  used  on 
helicopter  drive  systems: 

1.  Laminated  ring  flexures 

2.  Flexible  disks 

3.  Crowned  gear  coupling 

4.  Universal  joints. 


A fifth,  the  elastomeric  type,  may  become  significant  if 
the  present  R&D  programs  are  successful.  The  types 
most  commonly  used  are  shown  in  Figs.  7-92, 7-93,  and 
7-94.  All  these  types  effectively  will  relieve  cyclic  bend- 
ing load  at  shaft  ends  caused  by  misalignments.  Each 
coupling  has  certain  advantages  over  others  depending 
upon  the  application  requirements.  Each  type  of  cou- 
pling is  discussed  in  the  paragraphs  that  follow. 
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ments  is  the  bolted  output  member.  The  bolted  connec- 
tions employ  specially  shaped  washers  so  that  flexing 
of  the  disk  pack  is  permitted  without  a stress  concentra- 
tion arising  at  the  comers  of  the  bolted  members. 

The  thin  disks  are  sized  and  stacked  to  carry  the 
required  steady  and  cyclic  torque,  and  to  bend  stati- 
cally and  cyclically  to  accommodate  the  misalignment 
at  a stress  level  below  the  material  endurance  limit. 
Additional  laminates  are  added  to  improve  reliability 
and  permit  operation  with  one  or  more  cracked  rings. 
Each  ring  is  separated  by  a thin  sheet  of  Teflon  to  delay 
or  restrict  fretting  corrosion. 

This  coupling  is  applicable  especially  for  systems 
with  small  misalignments.  It  is  lightweight,  requires  no 
lubrication,  and  has  no  moving  parts.  Because  the  mul- 
tiple rings  are  made  from  very  high-strength  stainless 
steel,  environmental  problems  of  heat  and  corrosion  are 
eliminated.  The  ring  stack  is  almost  immune  to  han- 
dling damage,  i.e.,  scratches  and  dents,  but  is  subject  to 
fretting  corrosion,  especially  if  the  connection  is  not 
kept  tight. 

Glass  fiber  flexure  members  permit  higher  operating 
angles  or  higher  potential  life  without  the  fretting  prob- 
lem. They  are  limited  to  low  to  moderate  temperature 
ranges  and,  therefore,  cannot  be  used  in  fire  zone  areas. 

The  major  advantage  of  this  type  of  coupling  over 
other  couplings  is  in  the  redundancy  of  multiple  load- 
carrying members  that  are  inspected  easily  for  cracks 
on  the  outer  rings.  The  most  highly  stressed  rings  (and 


the  first  to  fail)  are  the  most  easily  inspected.  A cou- 
pling failure  occurs  gradually  and,  therefore,  will  allow 
a good  possibility  of  safely  returning  from  a mission. 

7-6. 3.2  Flexible  Disk  Couplings 

The  flexible  disk  coupling  also  relies  upon  the  flexing 
of  a high-endurance-strength,  thin  steel  member. 
Torque  is  transmitted  from  the  input  to  the  ouput 
member  through  two  or  more  thin  disks,  electron  beam 
(EB)-welded  together.  The  reliability  of  this  coupling 
depends  upon  an  advanced  degree  of  manufacturing 
and  quality  control  supported  by  100%  acceptance 
testing  under  dynamic  load  conditions.  EB  proprietary 
welding,  disk  geometry,  and  material  control  require- 
ments currently  preclude  second  sources  for  this  com- 
ponent. 

Larger  misalignments,  i.e.,  greater  than  1.5  deg,  may 
be  accommodated  by  stacking  two  or  more  EB-welded 
disk  assemblies.  A ball  joint  bearing  at  the  coupling 
centerline  and  axially  located  to  permit  only  angular 
deflections  is  required  on  most  applications.  By  elimi- 
nating the  steady  stresses  caused  by  axial  deflections, 
the  ball  joint  permits  higher  allowable  cyclic  stresses 
from  angular  misalignment.  A floating  shaft  end  is  re- 
quired because  no  axial  deflections  can  be  accom- 
modated except  by  means  of  sliding  spline  action.  The 
ball  joint  bearing  must  be  capable  of  withstanding  oper- 
ating torques  when  subjected  to  axial  forces  through 
spline  friction.  Wear  also  must  be  considered  from  os- 
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dilating  motion.  Recent  Army-funded  testing  pro- 
grams have  verified  that  the  ball  joint  floating  end  con- 
cept eliminates  the  problem  of  accurately  shimming  for 
low  axial  deflections. 

The  advantages  of  the  laminated  ring  coupling  apply 
also  to  the  flexible  disk  coupling;  i.e.,  no  lubrication  is 
required,  fatigue  stresses  can  be  designed  to  be  below 
the  endurance  limit,  the  unit  is  lightweight  and  simple, 
and  reliability  is  high.  Additionally,  the  flexible  disk 
coupling  is  not  subject  to  fretting  corrosion  and  can, 
therefore,  be  designed  for  unlimited  life.  The  ball  joint 
supports  the  shaft  in  the  event  of  outer  disk  failure  and, 
except  for  torque-carrying  ability,  provides  a redun- 
dancy to  reduce  secondary  damage. 

The  Bendix  coupling  does  not  exhibit  the  degree  of 
redundancy  possible  in  the  laminated  ring  coupling  but 
is  inspected  more  easily  for  stress  raisers  or  crack  for- 
mation. Battlefield  vulnerability  is  considered  about 
equal  for  both  coupling  types. 

7-6.3.3  Gear  Couplings 

The  gear  type  of  coupling  has  been  used  widely  when 
relatively  large  axial  and  angular  deflections  must 
be  accommodated.  Soft-mounted  helicopter  pylons 
(UH-1)  require  couplings  that  can  operate  in  the  region 
of  3-4  deg  of  misalignment  and  with  appreciable  axial 
motion.  Also,  the  coupling  must  permit  momentarily 
higher  angles  to  pylon  travel  limits  without  a lockup. 
The  crowned  gear  teeth  on  the  male  member  have  been 
developed  as  a highly  specialized  spline  using  gear 
tooth  geometry. 

These  couplings  also  are  used  to  replace  splines 
within  gearbox  and  component  drives  when  some  misa- 
lignment capability  is  required  and  oil  system  lubrica- 
tion is  available.  For  example,  the  output  drive  shaft  to 
the  rotor  hub  may  be  coupled  to  the  gear  shaft  with  a 
gear  coupling  to  accommodate  angular  deflections  of 
the  fixed  mast  hub  support.  This  arrangement  is  feasi- 
ble when  the  drive  shaft  is  loaded  in  torque  only  and 
is  not  required  to  react  rotor  bending  loads.  Because 
axial  motion  can  be  accommodated  easily,  no  shim- 
ming for  axial  position  is  required  during  installation. 

Drive  shafts  employing  gear  couplings  are  assembled 
easily  in  blind  installations  with  one  end  floating.  Some 
provisions  must  be  made  to  insure  operation  within 
axial  position  limits.  This  has  been  accomplished 
through  component  tolerance  control  and/or  spring 
arrangements. 

The  spherical  tooth  form  (barrelling)  permits  a rock- 
ing motion  within  the  tooth  contact  area,  while  the 
outside  diameter  is  crowned  spherically  to  prevent  jam- 
ming at  misalignment  limits.  At  zero  misalignment,  the 
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full  addendum  gear  teeth  act  like  a spline.  As  the  misa- 
lignment angle  increases,  fewer  teeth  are  in  contact 
until  at  extremes  only  a small  percentage  of  the  teeth 
are  carrying  the  load. 

Lubrication  becomes  extremely  important  because 
contact  pressures  are  high  and  increase  with  misalign- 
ment angles  when  fewer  teeth  are  in  full  mesh.  A sliding 
action,  which  must  be  lubricated  and  cooled,  occurs 
during  misalignment.  At  angles  less  than  0.5  deg,  pres- 
surized oil  jet  lubrication  may  be  used.  Special  high- 
pressure  EP  greases  have  been  developed  that  are  suita- 
ble for  a misalignment  range  up  to  4 deg  when 
operating  at  moderate  temperatures  and  speeds.  At 
high  speeds  (10,000-30,000  rpm),  a highly  developed 
oil  lubrication  system  may  be  required. 

When  compared  to  the  flexing  member  couplings 
previously  described,  the  '<ear  usually  is  more  rugged 
but  also  is  more  complex  and  heavier.  It  requires  fre- 
quent servicing  and  the  use  of  a special  grease,  which 
complicates  the  Army’s  logistic  system. 

7-6. 3.4  Universal  Joints 

This  automotive  joint  has  been  used  on  Army  heli- 
copters when  large  misalignment  angles  and  relatively 
slow  shaft  speeds  are  the  design  parameters.  Its  use  is 
restricted  severely  because  the  product  of  misalignment 
angle  and  operating  rpm  is  a detrimental  factor  in  its 
power  ratings.  Limiting  values  of  this  product  normally 
are  listed  by  manufacturers.  Exceeding  the  recom- 
mended values  may  result  in  serious  developmental 
problems. 

A specialized  joint  or  coupling  is  required  at  each 
shaft  end  to  accommodate  the  variations  in  velocity 
inherent  in  a universal  joint  type  of  system.  The  result- 
ing accelerations  produce  high  forces  and  motions  that 
must  be  accommodated  by  a bearing  arrangement  at 
each  end.  Angular  velocity  changes  of  Cardan  and 
Hooke’s  type  of  joints  are  described  in  many  engineer- 
ing handbooks  such  as  Ref.  17. 

Universal  joint  components,  including  the  shaft,  are 
rather  complex  and  heavy.  Grease  lubrication  normally 
is  required,  which  becomes  a service  problem  in  the 
Army  environment.  U-joints  are  rigid  axially  and, 
therefore,  require  a floating  member  to  accommodate 
axial  misalignments  or  deflections. 

7-6.S.5  Elastomeric  Couplings 

Elastic  materials  have  been  developed  to  perform  the 
function  of  mechanical  couplings.  They  are  not  devel- 
oped sufficiently  as  yet  to  compete  with  the  previous 
candidate  systems  in  most  helicopter  applications.  This 
is  because  high  cyclic  torsional  stresses  occurring  from 
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rotor  systems  cannot  be  accommodated  concurrently 
with  angular  misalignment.  Also,  the  softer  materials 
lower  the  drive  system  natural  frequencies  and  must  be 
considered  dynamically  with  each  interfaced  subsys- 
tem. 

One  company  has  developed  a ball  and  socket  ar- 
rangement surrounded  by  layers  of  rubber,  sandwiched 
between  and  bonded  to  thin  steel  members.  Rubber  can 
be  made  stiff  enough  to  carry  the  high  torque  in  com- 
pression and  soft  enough  in  shear  to  accommodate  cy- 
clic motion  due  to  misalignment.  It  is  difficult  to  carry 
cyclic  stresses  superi,  posed  on  the  steady  torque 
loads.  Further  development  may  solve  this  problem 
and  permit  an  inherently  rugged,  fail-safe,  and  mainte- 
nance-free coupling  to  join  the  candidate  systems  for 
predesign  considerations.  It  is  unlikely,  however,  that 
an  unlimited  life  will  be  possible  because  of  material 
deterioration  with  time. 

For  small  helicopters  or  low-power  subsystems,  belt 
drives  can  be  considered  as  elastomeric  couplings  and 
they  may  be  used  in  specialized  applications.  Whenever 
components  must  be  driven  on  a parallel  axis  from  the 
driver  with  a limited  amount  of  misalignment  (cooling 
fans),  belts  may  be  an  efficient  arrangement. 

Adequate  reliability  and  vulnerability  can  be  at- 
tained with  proper  design  and  multiple  belts  can  be 
acceptable.  Wear  and  environmental  effects  preclude 
an  unlimited  life  so  that  accessibility  provisions  must  be 
made  for  periodic  inspection  and  replacement  of  belts. 
Requirements  and  provisions  for  frequent  inspection 
should  be  considered  in  the  helicopter  system  specifica- 
tion. 

7-6.3. 6 Shaft  Installation 

The  large-diameter  shaft  may  be  swaged  at  each  end 
to  receive  a structurally  bonded  and/or  mechanically 
fastened  end  fitting.  This  fitting  may  take  the  form  of 
a bolted  flange  or  splined  rigid  joint  connector  to  the 
coupling.  A curvic  coupling  connector  provides  a well- 
positioned  drive  with  good  alignment.  This  design  pro- 
vides for  a quick-disconneci  type  of  joint. 

Couplings  should  not  be  attached  permanently  to  a 
subsystem  component  or  the  drive  shaft  assembly  be- 
cause of  a probability  of  different  replacement  times, 
TBOs,  service  lives,  damage,  or  inspection  require- 
ments. Couplings  are  precision  components  subject  to 
handling  damage  and  should  be  protected  when  shafts 
or  gearboxes  are  removed. 

The  connection  of  the  coupling  to  the  gearbox  usu- 
ally is  made  by  means  of  a spline  at  the  end  of  the  gear 
shaft.  The  spline  may  be  a floating  type  to  allow  for 
axial  deflections  and  installation  tolerances.  In  this 


case,  it  should  be  lubricated  and  sealed  to  allow  axial 
motion  at  a low  coefficient  of  friction  when  transmit- 
ting torque. 

One  end  of  the  shaft  usually  is  connected  rigidly 
through  the  coupling  to  the  gearbox  by  means  of  a 
elamped-up  spline.  In  this  case,  no  lubrication  is  re- 
quired and  the  sp!;-ie  can  accept  higher  stresses.  Care 
must  be  exercised  that  the  clamping  bolt(s)  maintain 
torque  and  cannot  be  backed  out  since  loss  of  the 
fastener  can  cause  the  fixed  end  of  the  shaft  io  become 
disconnected  and  result  in  a sal'ety-of-fiight  hazard. 
The  system  specification  must  provide  specifically  for 
fastener  integrity  and  attention  to  design  details — in- 
cluding redundancy  in  design  when  performance  and 
safety  are  involved 

7-6.4  ROTOR  BRAKES 

Rotor  brakes  are  mechanical-hydraulic  systems  used 
to  stop  the  rotor  on  shutdown  or  to  prevent  the  blades 
from  turning  until  actuated.  Such  brakes  have  been 
used  most  commonly  for  shipboard  helicopter  opera- 
tions by  the  U.S.  Navy.  Army  airborne  units  also  will 
need  rotor  brakes  for  the  same  operational  reasons  plus 
those  peculiar  to  the  battlefield  environment. 

Existing  specifications  such  as  MIL-T-5955  and 
FAR  29  are  incomplete  because  most  design  parame- 
ters are  left  to  the  discretion  of  the  manufacturer.  This 
paragraph  includes  the  safety  features  of  present 
specifications  and  provides  general  design  criteria  that 
establish  a baseline  for  the  development  of  system 
specifications  for  future  or  retrofitted  helicopters. 

Qualification  testing  ts  required  for  rotor  brake  sys- 
tems because  loads  and  torques  are  introduced  into  the 
propulsion  system  and  blades  from  other  than  normal 
sources.  System  performance  must  be  demonstrated  on 
an  instrumented  ground  test  vehicle  so  that  all  loads  are 
accounted  for  when  component  service  lives  are  sub- 
mitted in  the  model  specification.  The  integrity  of  the 
hydraulic  system  must  be  demonstrated  with  proof  and 
burst  pressure  tests. 

Reliability  testing  exceeding  the  requirements  of 
MIL-T-5955  also  should  be  considered  whereby  the 
number  of  cycles,  at  the  previously  determined  operat- 
ing conditions,  are  run  to  provide  a TBO  equal  to  the 
drive  system.  Duty  cycles  should  be  established  for 
these  test  programs. 

7-6.4. 1 Need  for  Rotor  Brakes 

Rotor  brakes  are  needed  in  order  to  extend  the  utility 
of  Army  helicopters  and  to  minimize  the  hazard  to 
ground  or  deck  personnel  when  securing  the  vehicles. 
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Cost-effectiveness  of  rotor  brakes  probably  can  be 
shown  when  aircraft  ground  accidents  or  damage  occur 
from  concentrated  helicopter  activity  in  congested 
areas.  Requirements  for  rotor  brakes  may  be  derived 
from  the  following  partial  list  of  operational  demands: 

1 . Quick  dispersal  and  rapid  concealment 

2.  Shipboard  operation  in  rough  seas  or  high 
winds 

3.  Emergency  stopping  when  fast  egress  is  re- 
quired (water) 

4.  Prevention  of  rotors  from  turning  due  to  winds 
or  downwash  from  other  aircraft 

5.  Reduction  of  rotor  rotation  time  on  the  ground 
at  the  lower  rpms  to  minimize  hazard  to  ground  per- 
sonnel 

6.  Shielding  of  turning  rotors,  which  attract  atten- 
tion from  hostile  aircraft  overhead. 

Because  the  need  for  rotor  brakes  may  vary  depend- 
ing upon  the  aircraft  mission  and  operating  environ- 
ment. provisions  for  a kit  installation  should  be  made 
on  all  future  model  specifications. 

7-6.4.2  Full  On/Off  vs  Controllable 
Systems 

A full-on/full-off  system  is  an  automatically  con- 
trolled force  system  that  eliminates  the  pilot  from  the 
control  loop  except  for  the  on-off  function.  This  system 
is  complex  and  subject  to  malfunctions.  It  also  prevents 
the  pilot  from  using  a judgment  factor  that  might  be 
required  under  emergency  conditions. 

The  controllable  magnitude  brake  allows  the  pilot  to 
control  the  rate  of  rotor  deceleration  by  virtue  of  the 
mechanical  advantage  and  input  force  he  exerts  on  the 
brake  handle.  These  are  the  simplest  (and  safest)  sys- 
tems, and  allow  faster  than  normal  stopping  of  the 
rotor  in  emergencies  such  as: 

1.  Whenever  ditching  and  fast  ejection  are  re- 
quired as  in  some  water  landings 

2.  The  occurrence  of  a mechanical  malfunction  in 
which  a dynamic  problem  or  high  vibration  level  is 
present  in  the  rotor  system 

3.  A tendency  to  enter  a ground  resonance  condi- 
tion 

4.  An  operational  requirement  in  a combat  situa- 
tion that  makes  fast  deployment  or  shutdown  necessary 

5.  Heavy  sea  states  on  ship  decks  where  rapid 
securing  is  necessary. 

A trade-off  exists  for  the  pilot  whereby  he  may  decide 
that  a fast  shutdown  is  worth  a possible  short  life  or 
excessive  heating  of  the  brake  system. 


7-6.4.3  Description  of  a Typical  Simple 
System 

A typical  rotor  brake  for  small  helicopters  will  stop 
the  rotors  from  75%  power  turbine  output  rpm  Np  in 
less  than  30  sec  and  be  capable  of  actuation  at  100% 
Np  without  overheating.  Emergency  operations  will 
permit  faster  stopping  but  may  require  component  in- 
spection or  replacement.  A minimum  duty  cycle  of  10 
actuations  per  hour  or  at  5-min  intervals  will  preclude 
use  of  excessively  heavy  systems  to  prevent  disk  warp- 
age. 

Certain  safety  features  are  required  to  prevent  brake 
operation  in  flight.  This  may  take  the  form  of  a me- 
chanical lever  lock  or  an  electrical  interlock  that  must 
be  moved  before  actuation.  A relief  valve  and/or  me- 
chanical stops  must  be  used  to  insure  brake  operation 
at  safe  load  levels. 

The  brake  handle  should  be  placed  so  that  either  the 
pilot  or  copilot  can  actuate  or  release  the  brake  while 
restrained  in  his  seat  harness  and  equipped  with  gloves 
and  armor.  Human  factors  engineering  considerations 
of  brake  operation  should  be  the  responsibility  of  the 
mock-up  review  board. 

A simple  rotor  brake  installation  for  a light  observa- 
tion helicopter  may  be  described  as  follows.  The  pilot 
lever  operates,  through  a linkage  of  appropriate  me- 
chanical advantage,  the  piston  of  the  master  cylinder. 
The  resulting  hydraulic  pressure  produced  in  the  mas- 
ter cylinder  operates  the  two  slave  pistons  arranged  in 
caliper  fashion  relative  to  the  rotor  brake  main  disk.  A 
stator  braking  disk  (puck)  is  mounted  on  each  of  these 
pistons.  Internal  retraction  springs  are  provided  to 
maintain  adequate  clearance  between  the  pucks  and  the 
roiating  disk,  so  that  the  potential  damage  resulting 
from  puck  hangup  on  the  disk  is  minimized.  The  rotor 
brake  main  disk  shall  be  mounted  on  a separate  shaft 
of  the  main  transmission  other  than  the  tail  rotor  drive 
shaft  or  main  rotor  shaft.  Full  application  of  the  brake 
is  achieved  with  a pull  of  approximately  50  lb  on  the 
grip  of  the  pilot’s  lever.  A lock  is  provided  to  prevent 
inadvertent  application  in  flight.  An  adjustable  me- 
chanical stop  is  incorporated  to  limit  the  pilot’s  applied 
load  on  the  piston  of  the  master  cylinder  A hydraulic 
system  pressure  of  1000  psi  or  less  generally  is  used  to 
minimize  development  problems  and  to  provid  • a high 
degree  of  reliability.  A pressure  relief  valve  dumps  hy- 
draulic fluid  from  the  pressurized  lines  back  into  the 
vented  oil  reservoir  to  control  the  applied  pressure  to 
the  pistons  of  the  caliper-mounted  slave  cylinders.  The 
installation  is  designed  to  permit  the  use  of  retrofit  kits. 

The  described  system  is  typical  for  light-  to  medium- 
sized  vehicles.  Larger  vehicles  may  eliminate  the  me- 
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chanical  lever  force  amplification  by  an  independent 
hydraulic  master-slave  piston  using  a higher  pressure 
onboard  hydraulic  system.  In  this  case,  actuation  will 
be  by  means  of  valves  and  a select  lever  through  per- 
haps a 3000-psi  aircraft  hydraulic  system.  Friction  ap- 
plication, by  caliper-mounted  pistons  to  the  disk,  prob- 
ably would  be  used. 

7-6.4.4  Predesign  Sizing  Considerations 

Standard  mechanical  engineering  design  principles 
for  brakes  and  clutches  also  apply  to  rotor  brakes.  Nu- 
merous texts  describe  proper  analysis  methods  (Refs. 
18  and  19).  Dynamic  friction  coefficients  may  be  ob- 
tained from  suppliers  of  rotor  brakes  and  will  vary 
depending  upon  material  combinations.  A nonscoring 
or  galling  material  combination  should  be  used  be- 
tween the  disk  and  pucks  to  prevent  chatter  or  exces- 
sive heat  generation  leading  to  disk  warpage. 

The  location  of  the  disk  in  the  drive  system  must  be 
considered  carefully  to  provide  adequate  speed  capabil- 
ity, to  attain  a desired  rotor  holding  torque  capability 
in  a stopped  position,  and  to  isolate  the  brake  from 
flammable  fluids  or  materials.  Also,  it  may  be  desired 
for  the  rotor  brake  to  hold  the  rotor  during  engine 
starting.  To  attain  an  optimum  rotor  brake  installation, 
the  mass  and  geometric  shape  of  the  brake  disk  should 
be  adequate  to  absorb  the  rotor  energy  without  exceed- 
ing thermal  limits  of  the  material  or  producing  exces- 
sive warpage.  The  loads  from  the  rotor  brake  must  be 
considered  in  the  drive  system  design  criteria. 

7-6.4. 5 Service  Experiences 

Disk  warpage  from  overheating,  brake  grabbing,  and 
fires  has  been  pet  haps  the  most  common  problem  with 
rotor  brakes.  Proper  material  combinations  and  normal 
forces  can  prevent  these  service  difficulties. 

Inadequate  clearances  between  pucks  and  disk  have 
been  common  faults  due  to  the  use  of  standard  aircraft 
wheel  brakes.  Positive  clearances  are  required  to  elimi- 
nate drag  of  the  puck  on  the  disk.  Clearances  far  in 
excess  of  aircraft  brake  systems  are  necessary  Any 
drag  of  the  puck  on  the  disk,  as  in  aircraft  brake  sys- 
tems, may  produce  a continuous  heat  source  in  flight, 
which  could  result  in  a fire. 

Rotor  brake  technology  has  been  developed  so  that 
future  Army  installations  should  perform  safely  and 
reliably  with  a minimum  of  weight  and  cost  trade-off 
penalties. 


7-7  ISOLATION  SYSTEMS 

In  general,  a helicopter  having  n rotor  blades  pro- 
duces shaking  forces  and  moments  at  the  main  rotor 
hub  that  occur  periodically  at  multiples  of  n times  the 
angular  speed  of  the  main  rotor.  These  forces  are  trans- 
mitted to  the  fuselage  where  they  contribute  to  pilot 
and  passenger  discomfort  as  well  as  adding  to  the 
fatigue  load  spectrum.  Under  certain  conditions,  the 
vibration  level  in  the  fuselage  due  to  rotor  inputs  may 
be  attenuated  greatly  by  the  use  of  an  isolation  system. 
In  general,  this  involves  attaching  the  transmission  to 
the  fuselage  through  elastic  elements. 

Isolation  system  needs  require  studies  of  the  feasibil- 
ity and  effectiveness  of  such  a system  for  a given  air- 
craft. Small  helicopters  are  characterized  by  relatively 
high  rotor  speeds  (300-600  rpm)  and  have  relatively 
short  fuselages,  so  that  the  lowest  elastic  body  mode 
natural  frequencies  are  of  the  order  of  7-12  Hz.  On  the 
other  hand,  large  helicopters  have  low  rotor  speeds 
(75-150  rpm)  and  long  fuselages,  and  have  bending  and 
torsional  natural  frequencies  in  the  range  of  2-4  Hz. 

Attaching  the  transmission  to  the  fuselage  by  means 
of  elastic  elements  introduces  additional  degrees  of 
freedom  to  the  airframe  mass  elastic  system.  The  forces 
to  be  isolated  occur  as  sinusoidal  functions  whose  fre- 
quencies are  multiples  of  the  product  of  the  angular 
speed  of  the  main  rotor  fi  and  the  number  of  rotor 
blades  n.  For  maximum  effectiveness,  the  natural  fre- 
quencies in  these  degrees  of  freedom  should  be  one- 
third  to  one-half  of  the  lowest  exciting  frequency  (n 
times  the  rotor  speed)  but,  in  order  to  avoid  ground 
resonance  problems,  the  natural  frequency  must  be 
clear  of  the  rotor  speed.  An  additional  constraint  is  the 
necessity  to  keep  the  static  and  g-load  deflections  to  a 
minimum.  It  is  apparent  readily  that  the  full  effective- 
ness of  an  isolation  system  cannot  be  attained  if  any 
mode  of  the  fuselage  is  in  resonance  with  the  primary 
exciting  frequency,  as  the  reduction  in  force  transmit- 
ted to  the  fuselage  is  offset  by  the  magnification  of  the 
resultant  vibration  because  of  the  resonance  conditions. 

The  probabilities  of  success  in  coping  with  all  of 
these  constraints  are  considerably  higher  for  small  heli- 
copters and  decrease  rapidly  as  the  size  of  the  vehicle 
increases.  In  small  helicopters,  it  usually  is  possible  to 
establish  the  first  bending  modes  of  the  fuselage  below 
the  /(Hexciting  frequency  and  the  second  bending  mode 
considerably  above  the  exciting  frequency.  However,  in 
the  case  of  large  helicopters — which,  of  necessity,  have 
long,  low-frequency  airframes — the  first,  second,  and 
third  bending  modes,  as  well  as  the  torsion  modes,  may 
all  occur  quite  close  together.  For  instance,  there  may 
be  six  bending  frequencies  (vertical  and  lateral)  and  two 
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torsion  frequencies  distributed  over  the  range  from  0 to 
20  Hz.  If  a rotor  speed  of  1 50  rpm  is  assumed,  once-per- 
revolution  excitations  occur  at  2 5 Hz.  A rotor  having 
seven  blades  would  produce  exciting  forces  at  17.5  Hz. 
Thus,  the  probabilities  of  resonance  with  one  of  the 
bending  or  torsion  modes  are  considerably  greater  in 
the  case  of  the  large  helicopter.  Under  these  conditions, 
a passive  isolation  system  serves  only  the  purpose  of 
altering  the  natural  frequencies  and  mode  shapes  of  the 
several  modes. 

Manufacturers  of  large  helicopters,  in  general,  have 
adopted  other  means  than  the  passive  isolation  system 
for  overcoming  the  problem  of  main  rotor-induced  vi- 
bration. These  means  include  active  isolation  systems, 
the  use  of  dynamic  absorbers  at  particular  locations  on 
the  airframe,  and  the  use  of  devices  such  as  the  bifilar 
pendulum  absorber  mounted  at  the  rotor  hub  to  absorb 
the  exciting  forces  at  the  source,  (see  par.  5-2.3). 

7-8  LIST  OF  SYMBOLS 

A - exposed  area  of  gear  case,  ft: 

C = coefficient  of  stress  intensity, 
dimensionless 

= heat  rejection  coefficient, 
ft:-'F-min/Btu 

C(  = contact  angle  factor  for  contact 
load,  dimensionless 
Ct  — surface  condition  factor  for 
contact  load,  dimensionless 
C„  = hardness  ratio  factor  for 

contact  load,  dimensionless 
C,  — life  factor  for  contact  load, 
dimensionless 

C„,  = load  distribution  factor  for 
contact  load,  dimensionless 
C„  = overload  factor  for  contact 
load,  dimensionless 
Cr  = material  elastic  properties 
coefficient  for  contact  load, 
(psi)l/J 

C,  — safety  factor  for  contact  load, 
dirnension'ess 

C,  — size  factor  for  contact  load, 
dimensionless 

C,  - temperature  factor  for  contact 
load,  dimensionless 
C,  = dynamic  factor  for  contact 
load,  dimensionless 

c, ,  = specific  heat  of  working  fluid, 

Btu/lb-°F 

d = pitch  diameter,  in. 

d,  - inner  race  sprag  diameter,  in. 
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= inside  diameter,  in. 
d„  - outside  diameter,  in. 

</,  — diameter,  sprag  outer  cam,  in. 

E — modulus  of  elasticity,  psi 
Es  — modulus  of  elasticity  for  gear, 
psi 

E/t  — modulus  of  elasticity  for  pinion, 
psi 

e — distance  from  mass  center  to 
shaft  geometric  centerline,  in. 

F = face  width,  in. 

F„.  - allowable  bearing  stress,  psi 
F,  — allowable  contact  stress,  psi 
F,  -■  effective  face  width,  in. 

Ft„  — endurance  limit  stress,  psi 
Fsr  = shear  yield  stress,  psi 
Flr  = tensile  yield  stress,  psi 
fu  — axial  tension  stress,  psi 
fh  = vibratory  bending  stress,  psi 
fh,  = bearing  stress,  psi 
f — contact  stress,  psi 
f = torsional  shear  stress,  psi 
f = tensile  stress,  psi 
G - shear  modulus,  psi 
GA  = gripping  angle,  deg 
g — acceleration  due  to  gravity, 

32.2  fps:  = 386.4  in. /sec’ 

/ = cross-sectional  moment  of 
inertia  of  area,  in.4 
= diametral  mass  moment  of 
inertia,  in.-lb-sec; 

= geometry  factor  for  contact 
load,  dimensionless 
J — geometry  factor  for  bending 
load,  dimensionless 
= mass  polar  n;:-  f inertia, 
lb-sec:in. 

K = coefficient  of  relative  stiffness, 
dimensionless 
= stiffness,  Ib/in. 

K i = life  factor  for  bending  load, 
dimensionless 

K,„  — load  distribution  factor  for 
bending  load,  dimensionless 
K„  - overload  factor  for  bending 
load,  dimensionless 
Kr  = safety  factor  for  bending  load, 
dimensionless 

K = size  factor  for  bending  load, 
dimensionless 

K,  = temperature  factor  for  bending 
load,  dimensionless 
Kv  = dynamic  factor  for  bending 


atiafciiiadiiaaaaidakiii^  - - - 


1 '••■;  i i'Wri-^  "Y I r’V’rfr^.^T^^^^^N'^RS’  ^7*w?  Wftvrr:*y';fr' 


AMCP  706-201 


load,  dimensionless 
A", , = centers  of  curvature  of  gear 
profiles  1,  2 

Kv  = equivalent  angular  spring  rate 
due  to  moment  restraint  at  the 
bearing,  lb-in. /rad 

k = constant  describing  localization 
of  contact,  dimensionless 
= spring  bending  constant,  Ib/in. 

L = life,  hr 

= shaft  length  between  supports, 
in. 

= spline  length,  in. 

= effective  sprag  length,  in. 

Lmm  = minimum  length  of  line 
contact,  in. 

M = bending  moment,  lb  - in. 

MS  = margin  of  safety,  dimensionless 
Mg  = gear  ratio,  nt/np 
m = point  mass,  slug 
mv  = gear  form  factor  for  contact 
load,  dimensionless 
N = number  of  sprags 

= critical  speed  of  simply 
supported  shaft,  rpm 
He  = critical  speed,  rpm 
N,  = gear  rpm 

Nn  = critical  speed  without  end 
thrust,  rpm 
N = pinion  rpm 
No  = value  ofN  fur  K»  = 0,  rpm 
n = number  of  concentrated  masses, 
dimensionless 

— number  of  planetary  pinions, 
dimensionless 

ng  = number  of  teeth  in  gear, 
dimensionless 

= number  of  tteth  in  pinion  gear, 
dimensionless 

n,  — number  of  teeth  in  sun  gear, 
dimensionless 
p = end  thrust,  lb 
= power,  hp 
= sprag  normal  force,  lb 
Py  = normal  base  pitch,  in. 
pa  = applied  tensile  load,  lb 
Pb  = bolt  tension,  lb 
Pd  = diametral  pitch,  in.- 1 
Pt,  = Euler  critical  column  load,  lb 
Pl  - ratio  of  power  used  for 

Condition  i to  rated  power 
pr  = bolt  tensile  preload,  lb 
p = exponent  in  empirical  life-load 


relationship 

= number  of  mass  points 
Q - heat  loss,  Btu/min 
R,  = ratio  of  rpm  used  for  Condition 
/ to  rated  rpm 

R i = applied  shear  It.,  ‘/shear 
strength,  dimensionless 
Rm  — allowable  value  of  shear 
load/shear  strength 
dimensionless 

it,  = applied  tension  load/tension 
strength,  dimensionless 
Rlu  — allowable  value  of  tension 
load/tension  strength, 
dimensionless 

Ru  A,  = pitch  circle  radii  of  the  pinio*' 
and  gear  respectively,  in. 
r = deflection  of  geometric 

centerline  of  shaft  relative  to 
the  axis  of  rotation,  in. 

= mean  radius  of  a tube,  in. 

S = distance  from  gear  contact 
point  M to  pitch  point  P 
s = rms  surface  finish,  after  initial 
run-in,  micro-in. 

T = kinetic  energy,  in.-lb 
= torque,  lb-in. 

Tj  — flash  temperature  index,  °F 
T,  — initial  temperatures,  °F 
= ratio. of  time  used  for 
Condition  i to  total  time 
Tr  = rated  equivalent  time  at 

continuous  rated  power  and 
rpm 

t = wall  thickness,  in. 
u = running  mass,  slug/in. 

V = oil  flow,  gpm 

= potential  energy,  in.-lb 
W,  - transmitted  tangential  load  at 
operating  pitch  diameter,  lb 
IVK  = effective  tangential  load,  lb 
w(  = weight  of  the  ith  mass 
element,  lb 

x = length  variable  of  a shaft,  in. 
y — deflection,  in. 
yt  = deflection  of  the  fth  mass 
element,  in. 

Z - length  of  action  in  transverse 
plane,  in. 

Z,  = scoring  geometry  factor, 
dimensionless 

(3  = stiffness  factor,  dimensionless 
A = change  in  annular  space,  in. 
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A T = oil  temperature  rise,  *F 

= temperature  difference  between 
gear  case  surface  and  ambient 
air,  ‘F 

8„  = static  deflection,  in. 

/x  = Poisson’s  ratio, dimensionless 
/xf  = Poisson’s  ratio  for  gear,  d’less 
jXp  = Poisson’s  ratio  for  pinion,  d’less 
p = weight  density,  lb/in.3 
p8  = gear  radius  of  curvature,  in. 
p,  = radii  of  curvature  of  gear 
profiles,  in. 

l/p0  = relative  curvature  between  gear 
tooth  profiles,  in;1 

pp  = pinion  radius  of  curvature,  in. 

<f>  — gear  pressure  angle,  deg 
4>,  — transverse  pressure  angle,  deg 
11  = rotor  speed . rad/sec 
cd  = angular  velocity,  rad/sec 
<as  — natural  frequency,  rad/scc 
<yA  = nonrotating  natural  frequency, 
rad/sec 

w,  = natural  frequency  of  total 
assembly,  rad/sec 
to,  = natural  frequency  of 

combination  of  the  /th  mass 
with  shaft  which  is  considered 
to  have  flexural  rigidity  but  no 
mass,  rad/sec 

w„  — natural  frequency  of  shaft 

without  concentrated  masses, 
rad/sec 
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CHAPTER  8 


POWER  PLANT  SELECTION  AND  INSTALLATION 


8-1  INTRODUCTION 

Good  propulsion  system  installation  design  will  re- 
sult in  the  optimum  propulsion  system/airframe  inte- 
gration required  to  achieve  all  aspects  of  performance, 
maintainability,  reliability,  and  durability. 

During  preliminary  design,  the  configuration  of  the 
helicopter  will  be  established.  Structure  will  be  deter- 
mined, engines  located,  systems  defined,  and  equip- 
ment sized.  To  realize  the  goals  of  a good  propulsion 
installation,  it  is  important  to  establish  and  adhere  to 
certain  basic  ground  rules  and  considerations. 

The  helicopter  propulsion  system  includes  the  en- 
gine. drive  system,  rotor/propellers,  and  all  related 
subsystems  and  equipment.  However,  the  drive  system 
and  rotor/propellers  will  not  be  included  in  this  discus- 
sion (see  Chapters  3,  5,  and  7 for  discussion  of  these 
areas).  The  engine  subsystems  may  include  the  follow- 
ing: engine  installation,  air  induction  system,  starting 
system,  lubrication  system,  power  extraction  system, 
power  management  system,  cooling  system,  exhaust 
system,  fuel  system,  fire  protection  system,  and  auxil- 
iary power  units.  Ref.  1 provides  a good  description  of 
the  engine  and  its  subsystems. 

8-1.1  SELECTION 

The  selection  of  the  basic  engine  will  be  governed  by 
the  mission  and  vehicle  performance  requirements  as 
defined  by  the  procuring  activity.  As  mentioned  in  par. 
3-3,  the  selection  will  be  limited  to  turboshaft  engines. 
The  engine  selected  normally  will  be  one  of  the  candi- 
date engines  specified  by  the  procuring  activity  for  a 
particular  aircraft.  Refer  to  par.  3-3.2  for  methods  of 
basic  engine  selection. 

A satisfactory  engine  installation  results  from  careful 
attention  to  all  design  features  that  affect  the  opera- 
tional capability  of  the  aircraft.  Particular  attention 
shall  be  given  to  the  specification  requirements  of  the 
engine  manufacturer.  These  requirements  are  pre- 
scribed by  the  engine  manufacturer  to  insure  that  the 
engine  experiences  no  extreme  detrimental  effects  un- 
der the  normal  usage  to  which  the  engine  and  aircraft 


will  be  subjected  within  the  operational  profile  of  the 
aircraft.  Details  are  given  tn  the  applicable  engine 
manufacturer's  specifications  and  installation  draw- 
ings. 

The  factors  to  be  considered  in  the  preliminary  de- 
sign stage  for  establishing  the  propulsion  system  con- 
figuration are  noted  in  the  paragraphs  that  follow.  The 
special  requirements  presented  in  this  and  subsequent 
paragraphs  represent  the  criteria  by  which  judgment  of 
the  engine  helicopter  configuration  will  be  made  and 
that  should  lie  considered  by  the  engine  manufacturer. 
Recent  trends  indicate  that  many  of  the  propulsion 
subsystems  long  considered  thf  responsibility  of  the 
airframe  designer  have  become  integral  with  engine 
design  and  hence  the  responsibility  of  the  engine  manu- 
facturer. This  divided  responsibility  for  the  design  of 
the  various  components  of  installation  of  the  propul- 
sion system  makes  it  imperative  that  close  coordination 
between  the  airframe  designer  and  the  engine  manufac- 
turer be  maintained  to  insure  engine/airframe  compati- 
bility. 

8-1.2  ENGINE  POWER  OUTPUT  SHAFT 

The  location  of  the  engine  output  shaft  normally  will 
position  the  engine(s)  relative  to  the  rotor  drive  trans- 
mission. Engines  with  the  output  shaft  at  the  front  end 
usually  will  be  located  aft  of  the  main  rotor  centerline 
for  the  most  direct  drive.  Similarly,  with  an  aft  output 
shaft  the  engine  usually  will  be  located  forward  of  the 
main  rotor  centerline.  Consideration  must  be  given  to 
helicopter  longitudinal  and  vertical  CG  requirements. 
The  engines  should  be  located  as  close  as  practicable  to 
the  rotor  shaft  to  keep  the  drive  shaft  short  and  light. 

8-1.3  ENGINE  REPLACEMENT 

The  operational  availability  of  helicopters  depends 
upon  factors  such  as  the  ease  and  speed  with  which 
engines  can  be  removed  and  replaced.  Quick  engine 
change  (QEC)  capability  is  not  difficult  to  achieve  if  it 
is  an  objective  in  the  preliminary  design  phase  of  the 
unit  installation.  The  QFC  unit  normally  includes  the 
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complete  engine  with  all  equipment — such  as  mounts, 
accessories,  inlet  and  exhaust  system  adapters — at- 
tached. Engine-mounted  parts  of  the  fuel,  lubrication, 
and  power  control  systems  also  should  be  included  in 
the  QEC  assembly.  For  multiengine  helicopters,  inter- 
changeability should  be  assured  by  designing  installa- 
tions that  are  detachable  as  units  to  fit  any  engine 
position  on  the  helicopter  with  minimum  variations. 

Installation  and  removal  procedures,  accessibility, 
and  maintenance  are  prime  considerations  in  the 
preliminary  design  phase.  The  kinematics  of  engine 
installation/removal  must  be  defined  and  evaluated 
thoroughly.  The  method  of  installing  and  removing  the 
engine  will  have  a profound  influence  on  the  surround- 
ing airframe  structure. 

8-1.4  ENGINE  AIR  INDUCTION  SYSTEM 

An  early  design  goal  is  the  development  of  an  air 
induction  system  configuration  that  will  provide  the 
maximum  possible  pressure  recovery  and  uniformity  of 
velocity  and  pressure  distribution  at  the  entrance  to  the 
engine  inlet.  The  location  of  the  air  induction  system 
must  not  cause  appreciable  changes  in  pressure  distri- 
bution at  the  engine  inlet  with  changes  in  aircraft  angle 
of  attack. 

For  multiengine,  side-by-side  installations  with  inlets 
adjacent  to  each  other,  a design  objective  is  to  negate 
any  interaction  of  the  inlets  relative  to  engine  airflow 
under  any  flight  condition.  The  engine  air  induction 
system  will  include  an  engine  air  particle  separator 
(EAPS)  system  compatible  with  the  applicable  engine. 

8-1.5  ENGINE  STARTING  SYSTEM 

The  engine  starting  system  may  be  electrical,  hy- 
draulic, or  pneumatic.  Selection  of  the  optimum  system 
will  be  contingent  upon  the  number  and  size  of  the 
engines,  the  size  and  mission  of  the  aircraft,  and  system 
secondary  power  trade-offs  described  in  Chapter  9.  The 
procuring  activity  will  establish  requirements  for  self- 
containment and  for  emergency  starting. 

8-1.6  LUBRICATION,  COOLING,  AND 

EXHAUST  SYSTEMS 

The  importance  of  lubrication  in  achieving  satisfac- 
tory engine  operation  is  well  recognized.  The  design  of 
the  engine  oil  system  should  be  the  responsibility  of  the 
engine  manufacturer.  The  system  should  be  complete 
in  itself  and  should  feature,  for  survivability,  an  oil 
cooler  with  a bypass  system  to  protect  against  loss  of 
oil  because  of  a hit  in  the  cooler.  The  oil  tank  and 


critical  oil  lines  shall  be  self-sealing  and  crash-resistant. 
One  consideration  for  lubrication  is  its  compatibility 
for  system  servicing;  however,  because  the  responsibili- 
ties of  the  airframe  designer  and  the  engine  manufac- 
turer are  defined  by  the  engine  selected  for  use  in  the 
aircraft,  it  becomes  vital  for  the  helicopter  system  de- 
signer to  insure  that  the  oil  system  is  compatible  with 
the  requirements  set  by  the  engine  manufacturer. 

The  engine  cooling  system  must  prevent  excessive 
temperature  of  the  engine,  accessories,  equipment, 
components,  and  structure  in  proximity  to  the  engine 
installation.  Although  the  proof  of  the  cooling  system 
is  provided  through  testing,  special  consideration  of  the 
cooling  requirements  of  the  engine  and  adjacent  struc- 
ture is  necessary  during  the  preliminary  design  stage. 

The  engine  exhaust  system  conducts  the  engine  com- 
bustion gases  from  the  point  of  discharge  from  the 
engine  to  the  point  of  discharge  from  the  aircraft.  To 
minimize  power  losses,  the  length  of  the  exhaust  system 
should  be  minimized  and  the  tailpipe  exit  area  sized  to 
comply  with  the  engine  specification.  If  possible,  the 
exhaust  system  should  be  an  integral  part  of  the  QEC 
unit. 


8-1.7  FUEL  SYSTEM 

Design  objectives  for  a fuel  system  should  include: 

1.  Meeting  the  detail  design  requirement  for  the 
aircraft  as  specified  by  the  procuring  activity 

2.  Conforming  to  MIL-F-38363. 

Fuel  system  arrangements  will  be  based  on  supplying 
fuel  to  the  engine(s)  and  APU(s).  The  system  shall  be 
compatible  with  fuels  conforming  to  MILT-5624, 
grades  JP-4  and  JP-5. 

The  design  should  insure  that  all  fuel  will  be  avail- 
able to  any  engine  without  interruption  of  flow.  Each 
detail  of  the  fuel  system  should  insure  that  the  system 
has  the  least  possible  vulnerability  with  respect  to  air- 
craft fires  and/or  ballistic  damage  during  flight  or 
ground  operation.  Therefore,  self-sealing,  inerting,  or 
crash-resistant  fuel  tanks  are  required. 


8-1.8  SECONDARY  POWER  SYSTEM 

Requirements  for  secondary  power  systems,  includ- 
ing provisions  for  onboard  pneumatic,  electrical,  and 
hydraulic  power  generation,  control,  and  distribution, 
should  be  established  in  preliminary  design.  General 
functional  requirements  for  such  a system  are  shown  in 
Fig.  8-1. 
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Fig.  8-1.  Secondary  Power  System  Functional  Requirements 
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components  must  be  arranged  so  that  danger  to  person-  j 

nel  performing  necessary  service  on  the  aircraft  is  kept  | 

to  a minimum.  >' 

The  degree  of  fire  protection  inherent  in  the  aircraft  i 

will  depend  upon  the  extent  to  which  the  following  are 
provided  for  or  incorporated  in  the  design: 

1.  Prevention  of  fire  ! 

2.  Resistance  to  the  spread  of  fire 

3.  Reliable  fire  and  overtemperature  detection  sys- 
tems 

4.  Positive  fire  extinguishment. 

General  rules  for  fire  prevention  are  aimed  at  pro- 
tecting all  combustibles  from  sources  of  ignition.  Fire 
containment  features  include  shutoff  valves,  firewalls, 
and  materials  that  prevent  reignition.  Sensors  capable 
of  detecting  fire  or  dangerous  overtemperatures  must 
be  provided.  The  fire  extinguishing  system  should  not 
use  toxic  or  corrosive  extinguishing  agents. 

The  principal  safety  consideration  in  a propulsion 
system  installation  is  fire  protection.  In  addition,  the 
installation  must  Se  crashworthy  structurally,  and  the 


8-1.9  POWER  MANAGEMENT  SYSTEM 

Helicopter  rotor  speed  governing  (including  over- 
speed protection),  load  signal  compensation,  and  power 
sharing  for  multiengine  installation  are  firm  require- 
ments for  a power  management  system.  Development 
of  a fuel  control  to  meter  fuel  and  establish  engine 
power  to  meet  helicopter  rotor  demands  shall  be  ac- 
complished by  the  engine  manufacturer  but  will  de- 
mand close  coordination  with  the  airframe  designer  for 
compatibility  with  helicopter  requirements. 

8-1.10  AUXILIARY  POWER  UNIT  (APU) 

An  auxiliary  power  unit  (APU)  may  be  required  for 
use  either  on  the  ground  or  in  flight.  Inasmuch  as  an 
APU  is  an  engine,  its  installation  involves  all  the  same 
considerations  as  does  a propulsion  engine  installation. 

8-1.11  SAFETY  REQUIREMENTS 
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8-2  ENGINE  INSTALLATION 
CONSIDERATIONS 

8-2.1  ENGINE  MOUNTING  AND  VIBRATION 
ISOLATION 

8-2. 1.1  Engine  Mounting  Considerations 

The  requirements  of  the  helicopter  and  of  the  specific 
turboshaft  engine  will  determine  whether  the  engine  is 
to  be  mounted  rigidly  or  to  employ  vibration  isolation. 

The  engine  mounting  system  should  be  designed  to 
insure  the  stability  of  the  engine  in  its  mounts  and  to 
maintain  proper  shaft  alignment  for  all  flight  condi- 
tions. 

The  mounting  system  for  the  engine  should  perform 
the  following  primary  functions  satisfactorily: 

1 . Safely  carry  the  weight,  thrust,  torque,  and  iner- 
tial and  gyroscopic  loads  encountered  during  any  con- 
dition of  operation.  In  addition,  the  system  should  be 
designed  to  keep  the  engine(s)  attached  to  the  basic 
structural  member  supporting  the  mounts  throughout 
a survivable  crash,  even  though  considerable  distortion 
of  the  engine  and/or  support  structure  may  occur  (Ref. 
2). 

2.  Maintain  engine  location  and  alignment  under 
all  linear  accelerations  and  velocities,  and  torque  load- 
ings. 

3.  Accommodate  radial  and  axial  thermal  expan- 
sion of  the  engine. 

4.  Prevent  airframe  structural  deflection  from  im- 
posing loads  upon  the  engine. 

5.  Permit  ease  of  installation  and  removal  of  the 
engine  from  the  mount  structure,  and  provide  for  ac- 
cessibility to  the  engine  for  routine  inspection  and 
maintenance. 

6.  Isolate  and/or  absorb  resonant  structural  vibra- 
tions induced  by  the  engine,  or  by  an  engine/propeller 
combination,  so  they  will  not  be  transferred  to  the 
airframe  structure;  and  prevent  vibrations  induced  by 
the  airframe  main  rotor  combination  at  critical  eng.ne 
frequencies  from  being  transferred  to  the  engine. 

Mounting  system  arrangements  vary  and  are  contin- 
gent upon  the  provisions  on  the  engine  for  its  support 
as  well  as  upon  the  helicopter  requirements.  Engine 
restraining  points  will  be  specified  by  the  engine  manu- 
facturer, as  will  the  maximum  allowable  loads  and  mo- 
ments at  each  restraining  point  for  limit  maneuver  con- 
ditions. When  the  engine  is  mounted  on  rigid  mounts, 
it  must  be  restrained  in  a statically  determinate  man- 
ner. Functional  and  design  requirements  for  the 
mounting  system  usually  are  satisfied  by  a three-point 


mounting  system  consisting  of  two  main  mounting 
points  and  a third  point  of  support  (the  steady  rest)  to 
allow  for  axial  expansion  of  the  engine. 

Airframe  mounting  system  components  such  as 
trunnions,  spherical  bearings,  vibration  isolator  mount- 
ings, and  quick  attach-detach  (QAD)  features  should 
provide  engine  support  as  indicated  by  the  engine 
specifications  and  drawings.  These  components  should 
facilitate  quick  engine  change,  and  should  withstand 
safely  the  anticipated  reactions  at  the  engine  mounting 
points.  The  reactions  can  be  calculated  for  any  specific 
installation  on  the  basis  of  engine  weight,  center  of 
gravity  (CG),  engine  output  torque,  survivable  crash 
loads,  engine  moments  of  inertia  (including  polar),  and 
anticipated  helicopter  maneuver  conditions. 

8-2. 1.2  Engine  Mounting  Forces  and 
Reactions 

The  reactions  on  the  engine  mounts  resulting  from 
any  flight  maneuver  will  be  derived  and  tabulated  for 
the  selected  mounting  configuration  during  the  devel- 
opment of  the  basic  loads.  The  critical  loading  con- 
dition^) will  be  determined  and  the  structural  adequa- 
cy of  the  mounting  system  demonstrated  by  prelim- 
inary structural  analysis. 

8-2. 1.3  Fngine  Vibration  Isolation 

An  isolator  may  be  described  as  a load  supporting 
resilient  element  having  controlled  elasticity  and  damp- 
ing, and  adaptable  to  integration  into  a mechanical  or 
a structural  assembly.  Isolators  are  used  to  control  en- 
gine dynamic  forces  and  motion.  Isolators  also  may  be 
used  to  reduce  induced  structural  excitations  to  the 
engine. 

For  turboprop  applications,  a shock  and  vibration 
isolation  mounting  system  is  a firm  requirement.  3n  the 
case  of  conventional  helicopters,  however,  a survey 
should  be  conducted  to  ascertain  if  vibrational  frequen- 
cies induced  by  the  airframe  drive  system  coincide  with 
engine  natural  frequencies.  If  so,  consideration  should 
be  given  to  using  a vibration  isolation  mounting  ar- 
rangement. Critical  engine  frequencies  usually  are 
specified  by  the  engine  manufacturer. 

The  vibration  isolation  mounting  system  should  be 
designed  to  insure  the  stability  of  the  engine  so  as  to 
help  maintain  proper  shaft  alignment  for  all  maneuvers 
and  flight  conditions  The  vibration  isolating  material 
may  be  an  elastomeric  product  such  as  silicone.  Sili- 
cone materials  are  preferred  because  of  their  ability  to 
withstand  temperatures  up  to  500°F,  a temperature 
level  that  should  not  be  exceeded  for  engine  front  or 
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midframe  mounting  applications.  Metallic  types  of 
isolators  (such  as  springs)  also  can  be  considered. 

To  permit  compliance  with  the  engine  mounting  and 
vibration  requirements  of  MIL-E-8593  and  the  helicop- 
ter vibration  requirements  of  par.  5-2,  the  engine 
mounting  system  shall  have  a natural  frequency  sub- 
stantially below  any  forcing  frequency  of  the  helicopter 
main  rotor.  The  effects  of  the  stiffness  of  both  the  en- 
gine mount  and  the  airframe  support  structure  shall  to 
included  in  the  determination  of  this  natural  frequency. 
The  critical  forcing  frequency  will  be  the  main  rotor 
rotational  speed  (one-per-rev). 

Design  considerations  should  include  establishing 
the  mount  spring  rate  in  such  a manner  as  to  minimize 
induced  loads  from  airframe  deflections. 

Satisfactory  vibration  isolation  will  be  insured  in 
most  applications  if  the  natural  frequency  of  each  mode 
of  the  mounting  system  is  maintained  substantially  be- 
low the  forcing  frequency.  The  damping  characteristics 
of  a single-degree-of-freedom,  spring-mass-damper  sys- 
tem, shown  schematically  in  Fig.  8-2,  are  indicated  in 
Fig.  8-3. 


V 
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8-2. 1.4  Engine  Mount  Installation 
Considerations 

The  location  of  engine  mounting  points  should  be 
selected  for  e?se  of  engine  servicing  and  maintenance. 
Engine  installation  and  removal  kinematics  will  be  es- 
tablished in  preliminary  design,  and  the  overall  config- 
uration of  the  mounting  system  then  can  be  defined. 
The  motion(s)  required  to  remove  the  engine  should  be 
simple  and  preferably  unidirectional.  If  removal  is  hori- 
zontal, consideration  should  be  given  to  the  use  of  in- 
stallation tracks  integral  with  the  airframe. 


Fig.  8-2.  Schematic  Diagram  of  Vibration  Isolator 
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The  interface  between  the  engine  and  airframe  for 
the  main  connectors  should  feature  an  engine-mounted 
uniball  and  a structurally  mounted  mating  clamp.  This 
arrangement  constitutes  a spherical  bearing  capable  of 
reacting  helicopter  maneuvering  loads  as  well  as  allow- 
ing for  quick  engine  connection  and  shaft  alignment. 

The  engine  mounting  system  must  react  the  maxi- 
mum flight  maneuver  loads  without  permanent  defor- 
mation and  must  be  capable  of  safely  retaining  the 
engine  under  survivable  crash  load  conditions  (defined 
in  par.  4-5.3  based  on  Ref.  2)  or  sudden  engine  seizure. 
The  engine  manufacturer  should  approximate  the 
mount  reaction  resulting  from  the  torque  generated  by 
a sudden  engine  seizure.  In  the  preliminary  design,  the 
spherical  bearings  should  be  checked  for  size  relative  to 
their  ability  to  retain  the  engine  under  crash  or  engine 
seizure  conditions. 

The  steady  rest  mount  should  react  vertical  loads 
only  to  permit  free  engine  axial  thermal  growth. 

Vibration  mounting  system  definition  must  be  ac- 
complished during  preliminary  design  because  of  its 
effect  on  the  overall  envelope  of  the  vehicle.  The  per- 
formance penalties  associated  with  an  increase  of  the 
fuselage  cross-section  due  to  growth  of  the  engine  na- 
celles in  order  to  house  a redesigned  system  may  not  be 
acceptable. 

Use  of  the  vibration  isolator  system  introduces  addi- 
tional installation  problems.  Consideration  must  be 
given  to  flexibility  between  the  engine  and  the  structur- 
ally supported  portions  of  the  air  induction  and  exhaust 
systems,  because  the  isolating  material  permits  move- 
ment of  the  engine  with  respect  to  the  aircraft. 

Vibration  mountings  must  retain  the  engines  should 
the  isolating  material  fail.  Care  must  be  exercised  to 
insure  that  the  structure  to  which  the  isolator  is  at- 
tached has  a greater  stiffness  than  that  of  the  isolator. 
Failure  to  do  so  could  result  in  fatigue  failure  of  the 
brackets.  Under  transient  conditions,  deflections  may 
be  greater  than  those  due  to  normal  vibration.  Under 
these  conditions,  the  isolating  material  should  be  pro- 
tected for  a predetermined  maximum  deflection  by  a 
solid  metal-to-metal  contact. 


8-2.2  ENGINE  AIR  INDUCTION  SYSTEM 
8-2.2. 1 General  Design 

The  engine  air  induction  system  must  furnish  the 
required  quantity  of  air  to  the  engine  inlet  at  the  highest 
possible  energy  level  and  with  minimum  flow  distor- 
tions. A uniform  and  steady  airflow  is  necessary  to 
avoid  compressor  stall,  which  can  lead  to  excessive 
internal  engine  temperatures.  Energy  losses  at  the  en- 

8-5 


|L 

mm 


V70 


4 


1 


AMCP  706-201 


gine  inlet  will  result  in  successively  magnified  losses 
through  the  components  (stages)  of  the  engine.  Gas 
turbine  engines  are  more  critical  in  this  respect  than  are 
reciprocating  engines. 

The  air  induction  system  must  recover  as  much  of 
the  total  pressure  of  the  free  stream  as  possible.  This  is 
known  as  "total  pressure  recovery".  Ref.  3 is  a defini- 
tive source  for  induction  system  aerodynamic  design. 
The  basic  equations,  as  well  as  pertinent  factors  for  use 
in  these  equations,  are  provided  by  this  reference. 

8-2.2.2  Air  Induction  System  Inlet  Location 

The  pressure  distribution  around  the  fuselage  during 
flight  must  be  considered  during  the  selection  of  the 
engine  air  induction  system  inlet  location.  Inlets  placed 
in  locations  of  high  velocities,  decelerating  flows,  or  in 
the  wake  of  aircraft  components  such  as  a main  rotor 
shaft  must  be  given  special  consideration.  Changes  in 
aircraft  attitude  as  a result  of  flight  maneuvering 
should  not  affect  the  pressure  distribution  at  the  engine 
inlet  noticeably.  Also,  there  should  not  be  any  effect 


upon  a given  engine  inlet  as  a result  of  flow  interaction 
with  other  inlets.  Inlet  scoops  or  submerged  inlets 
should  avoid  areas  of  boundary  layer  buildup.  The  air 
induction  system  inlet  should  be  located  as  high  as 
possible  to  reduce  the  intake  of  leaves,  branches,  sand 
and  dust,  or  other  foreign  objects.  A high  inlet  location 
also  will  reduce  the  potential  hazard  of  ingesting  fuel 
vapors  during  "hot  refueling"  operations. 

8-2.2.3  Engine  Air  Induction  System 
Pressure  Losses 

In  addition  to  airframe  induced  losses  ahead  of  the 
air  induction  system  inlet,  there  are  losses  caused  by 
duct  wall  friction,  contraction,  diffusion,  bends,  and 
turbulence  arising  from  duct  distortions  or  obstruc- 
tions in  the  duct.  A source  of  an  especially  large  pres- 
sure loss  is  the  "air  filter”  or  EAPS  system  (see  par. 
8-2. 2. 6). 

Friction  and  contraction  losses  usually  are  very 
small,  provided  reasonable  care  is  exercised  in  provid- 
ing smooth  internal  surfaces  by  avoiding  protruding 
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Fig.  8-3.  Damping  Characteristics  of  One-degree-of-freedom  System 
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structural  reinforcements,  bolts,  rivets,  or  generally 
poor  sheet  metal  work.  Internal  duct  losses  increase  as 
the  square  of  the  airspeed  through  the  duct;  thus,  to 
avoid  large  losses,  it  is  important  that  these  internal 
airspeeds  be  kept  low.  When  sharp  bends  are  required 
or  when  the  engine  inlet  face  is  close  to  the  exit  of  an 
air  particle  separator,  a plenum  chamber  with  an  air- 
speed of  60  fps  or  less  is  recommended,  The  engine  in 
this  case  should  be  equipped  with  a bell  mouth  inlet. 

8-2. 2.4  Evaluation  of  Pressure  Losses 

The  total  pressure  loss  AP,  in  a duct  due  to  wall 
friction  is  directly  proportional  to  the  friction  factor 
(the  so-called  Fanning  friction  factor;  the  Darcy- Weis- 
bach  friction  factor  is  four  times  the  value  of  the  Fan- 
ning friction  factor),  the  duct  length,  and  the  dynamic 
pressure;  and  inversely  proportional  to  the  hydraulic 
diameter  (the  hydraulic  diameter  is  four  times  the  hy- 
draulic radius). 


The  total  AP,  is  as  follows; 


AP,  - kq  + *0±  , lb/fta  (8-4) 

Hi 


The  documentation  of  the  duct  losses  shall  include: 

1.  A plan  view  and  side  view  of  the  air  induction 
system  with  pertinent  dimensions 

2.  The  friction  factors  and  loss  factors  presented  in 
Ref.  3 that  are  used  in  the  calculations.  Factors  not 
covered  shall  be  listed  and  their  source  and  accuracy 
justified. 

3.  A table  of  pressure  loss  A P,  and  dynamic  pres- 
sure q versus  the  duct  station  for  maximum  engine 
power,  at  standard  sea  level  static  conditions. 


AP  ,= 

1 A. 


, lb/ft2 


where 


Dh  = hydraulic  diameter,  ft 
/ = friction  factor,  dimensionless 
L = duct  length,  ft 
q — p V2/ 2,  dynamic  pressure,  lb/ft2 
V - air  velocity,  fps 
p = air  density,  slug/ft  ' 

The  friction  factor / is  a function  of  the  Reynolds  num- 
ber and  the  roughness  of  the  surface.  The  value  of 
friction  factor  ordinarily  varies  between  0.003  and  0.- 
007  (Ref.  3).  The  hydraulic  diameter  for  the  noncircu- 
lar ducts  is  calculated  as 

4 (duct  cross-sectional  area)  „ „ 

Dh  - — — ,ft  (8-2) 

wetted  perimeter 

Similarly,  a loss  factor  k is  used  to  evaluate  the  pressure 
losses  of  bends,  turns,  diffusers,  accelerations,  or  ob- 
structions as  a function  of  the  dynamic  pressure  (or 
velocity  head)  immediately  ahead  of  the  turn  or  ob- 
struction. This  pressure  loss  APk,  based  on  a constant 
factor  it,  is  given  by 

APk=kq  , lb/ft2  (8-3) 


where 


k = loss  factor,  dimensionless 


In  order  to  simplify  the  computations,  it  may  be 
assumed  that  the  duct  pressure  losses  referred  to  sea 
level  standard  density  p„  remain  constant  throughout 
the  operating  envelope;  therefore,  calculations  for  max- 
imum engine  power  at  standard  sea  level  conditions 
will  be  satisfactory  for  all  other  conditions. 

8-2.2.5  Foreign  Object  Damage  (FOD) 

The  responsibility  for  providing  effective  engine  pro- 
tection is  shared  by  the  engine  and  airframe  manufac- 
turers. The  engine  designer  is  responsible  for  making 
the  engine  as  tolerant  as  possible  to  sand,  dust,  rain, 
foliage,  snow,  hail,  etc.  The  airframe  manufacturer 
must  remove  the  foreign  objects  that  the  engine  cannot 
tolerate,  by  the  installation  of  appropriate  devices  or  in 
cooperation  with  the  engine  manufacturer  if  the  protec- 
tive device  is  an  engine-mounted  accessory. 

Large  foreign  objects  such  as  bolts,  rocks,  hail,  and 
rags  can  put  most  engines  out  of  operation.  Small  parti- 
cles, in  the  order  of  1000  micron  diameters,  produce 
nicks  and  dents  in  compressor  blades,  whereas  particles 
of  less  than  1000  microns  can  cause  damage  over  ex- 
tended periods  through  erosion  of  the  airfoils  and  cas- 
ings or  by  restricting  flow  passages  through  accumula- 
tion. 

Accumulation  on  the  air  niter,  or  screen,  of  objects 
such  as  paper,  grass,  or  plastic  sheets  can  occur  and 
designers  should  provide  for  ease  of  inspection,  re- 
moval, and  maintenance.  A substantial  blockage  of  the 
filter  may  cause  engine  stall,  and  an  air  bypass  may  be 
required. 
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8-2.2. 6 Engine  Air  Particle  Separator 
(EAPS) 

All  helicopters  shall  be  equipped  with  an  engine  air 
particle  separator  (EAPS)  which  may  be  provided  as 
part  of  the  airframe  or  integral  with  the  engine.  Yhe 
design  goals  are  high  dirt  removal  capacity,  low  pres- 
sure drop,  low  weight,  and  low  cost.  The  designer  must 
trade  off  these  objectives  for  each  installation  with  the 
tolerance  of  the  engine  and  the  mission  spectrum  in 
mind. 

The  design  criteria  outlined  in  Ref.  4 should  be  used 
as  a guide.  The  total  pressure  at  the  engine  inlet  face 
should  be  at  least  99%  of  ambient  static  pressure  for  all 
flight  operations  during  which  an  EAPS  is  operative. 

An  EAPS  bypass  shall  be  provided  to  allow  the  inlet 
air  direct  access  to  the  engine  unless  it  can  be  substan- 
tiated that  the  helicopter  can  be  operated  safely  without 
the  bypass.  The  engine  inlet  total  pressure  during 
bypass  operation  should  be  at  least  98.5%  of  ambient 
static  pressure. 

The  methods  available  to  the  designer  to  achieve  the 
separation  of  small  particles  such  as  sand  and  dust  from 
the  main  engine  air  stream  are: 

1.  Capture  in  a porous  media 

2.  Electrostatic  separation 

3.  Inertial  separation. 

These  three  methods  have  been  studied  and  most 
variations  of  them  tested  extensively  ever  since  the  heli- 
copter began  to  receive  major  combat  usage.  Of  the 
three,  only  the  inertial  separator  has  proven  successful 
in  the  severe  combat  environment.  For  more  complete 
information  concerning  the  methods  of  protection,  a 
good  source  of  information  is  Ref.  5. 

The  barrier  filter  (porous  media)  generally  has  a poor 
separation  performance  compared  to  that  of  the  inertial 
separators  for  the  same  pressure  drop  due  to  the  slow 
-.ration  of  the  fine  particles  through  the  filter  after 
ial  entrapment.  Also,  the  filters  must  be  replaced 
uently,  especially  after  they  become  wet. 
he  electrostatic  filter,  barring  a major  technical 
kthrough,  is  not  successful  because  of  its  excessive 
ht. 

8-2. 2. 6.1  Inertial  Separators 

Inertial  separators  make  use  of  the  fact  that  air  can 
alter  its  direction  rapidly,  whereas  the  high  momentum 
of  entrained  particles  forces  them  into  a trajectory 
away  from  the  main  stream  of  the  air  where  they  can 
be  either  captured  or  directed  overboard.  An  example 
of  this  type  of  separator  based  upon  duct  configuration 
is  shown  in  the  schematic  of  Fig.  8-4. 
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The  separation  efficiency  of  this  type  of  inertial 
separator  is  60-85%,  measured  with  AC  coarse  dust. 
There  is  a relative  change  in  efficiency  with  a change 
in  particle  size.  An  EAPS  with  an  85%  efficiency  with 
AC  coarse  dust  may  have  a 75%  efficiency  with 
MIL-E-5007  sand. 

The  separation  efficiency  increases  with  increasing 
scavenge  bypass  air  to  a certain  maximum  beyond 
which  there  is  no  additional  benefit.  Generally,  large 
scavenge  bypass  flows  (about  20-30%)  are  required  to 
achieve  efficiencies  above  70%  at  acceptable  pressure 
losses  (less  than  1%).  The  design  may  require  the  use 
of  a scavenger  pump. 

The  advantages  and  disadvantage  of  inertial  separa- 
tors are: 

1.  Advantages: 

a.  Good  for  leaves,  grass,  water,  sand  and  dust, 
etc. 

b.  Low  installation  weight 

c.  Small  frontal  area 

d.  Usually  no  need  for  a bypass 

2.  Disadvantage:  Large  power  loss  for  good  sepa- 
ration efficiencies  (above  85%). 

8-2. 2. 6.2  Vortex  Tube  Inertial  Separators 

A vortex  tube  inertial  separator  such  as  shown  in 
Fig.  8-5  consists  of  a cylindrical  tube  with  a helical  inlet 
swirl  vane  that  gives  the  air  and  the  entrained  particles 
a high  rotational  speed.  The  dirt  particles  are  cen- 
trifuged to  the  wall  of  the  tube.  The  concentrated  dirt 
passes  along  the  wall  in  a helical  movement  to  the  end 
of  the  tube,  where  it  enters  an  enclosed  scavenge  space 
together  with  a small  percentage  of  the  air  flow.  The 
clean  air  exits  through  a diffuser. 

These  individual  tubes  are  clustered  in  groups  and 
panels  suitable  for  aircraft  installation.  The  pressure  in 
the  scavenge  airspace  between  the  tubes  is  lower  than 
ambient  pressure.  The  scavenge  air  and  dirt  must  be 
pumped  overboard  by  a fan  or  by  an  engine  bleed  air 
ejector.  The  overall  panel  separation  efficiency  gener- 
ally is  lower  than  that  of  the  individual  tube  due  to 
interactions  between  tubes,  unequal  scavenge  suction, 
and  unequal  flow  distribution  at  the  EAPS  inlet. 

The  detailed  arrangement  must  be  worked  out  with 
a filter  manufacturer;  however,  for  preliminary  design 
purposes,  a trade-off  among  the  following  factors  is 
required: 

1 . Separator  efficiency 

2.  Percent  scavenge  flow  and  pressure  drop 

3.  Separator  frontal  area 

4.  Scavenge  method. 
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SCAVENGE 
BY-PASS  DUCT 


Fig.  8-4.  Schematic  View  of  an  Engine  With  Inertial  Separator 


) 


CLEAN  AIR  OUT  TO  ENGINE 

Fig.  8-5.  Typical  Vortex  Tube  Inertial  Separator 


The  efficiency  of  a fixed  EAPS  design  using  vortex 
tubes  typically  varies  between  60%  and  85%.  depend- 
ing upon  the  scavenge  flow.  The  efficiency  will  rise 
from  the  minimum  value  with  no  scavenge  flow  to  the 
maximum  value  at  5-10%  scavenge  flow,  depending 
upon  the  tube  diameter.  Generally,  smaller  tubes  reach 
maximum  efficiency  at  a lower  value  of  scavenge  flow. 

The  scavenge  chamber  pressure  drop  at  maximum 
separation  efficiency  will  vary  from  0.7  to  1.2  times  that 


of  the  overall  panel  pressure  drop.  The  overall  clean  air 
pressure  drop  for  a fixed  airflow  is  a function  of  the 
panel  frontal  area  as  shown  in  Fig.  8-6. 

The  airflow  through  each  vortex  tube  is  fixed  for  a 
given  pressure  drop.  For  scavenging  reasons  a more  or 
less  constant  number  of  tubes  can  be  concentrated  in  a 
given  area:  the  pressure  drop  per  EAPS  frontal  area 
follows  the  same  law  as  that  of  the  individual  tube.  The 
EAPS  pressure  loss  for  a fixed  flow  area,  therefore,  is 
proportional  to  the  volume  flow  rate  squared.  For  a 
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constant  airflow,  however,  the  pressure  drop  is  reiated 
inversely  to  the  number  of  tubes  squared. 

The  advantages  and  disadvantages  of  the  vortex  tube 
inertial  separator  are: 

1.  Advantages: 

a.  High  separation  efficiency  for  small  particle 
sizes 

b.  Low  pressure  losses. 

2.  Disadvantages: 

a.  Large  area  requirement  (only  1-2  lb/sec  of 
airflow  per  square  foot  of  inlet  area) 

b.  Poor  for  leaves,  grass,  or  other  foreign  objects 

c.  Problems  with  ice  and  snow. 

8-2.2.6.3  Centrifugal  (Inertial)  Separator 

The  centrifuge  uses  the  same  principle  as  the  in- 
dividual vortex  tube  described  previously,  except  that 
it  spins  the  air  as  a whole.  The  types  are  distinguished 
by  the  means  with  which  the  rotational  speed  is  im- 
posed upon  the  air: 

1.  Nonpowered  centrifuge 

2.  Powered  centrifuge. 

The  nonpowered  centrifuge,  such  as  shown  in  Fig.  8-7, 
has  characteristics  similar  to  the  vortex  tube  inertial 
separator,  and  requires  a scavenge  pump. 

The  separation  efficiency  of  the  centrifuge  is  equiva- 
lent to  that  of  the  vortex  tube  inertial  separator  for 
particle  sizes  above  40  microns;  however,  the  efficiency 
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drops  sharply  for  particle  sizes  of  30  microns.  The  poor 
separation  efficiency  of  small  particle  sizes  is  related  to 
the  fact  that  the  effect  of  the  centrifugal  force  on  the 
smaller  particles  is  insufficient  to  overcome  the  aerody- 
namic force  and  thereby  to  divert  the  particle  from  the 
primary  airstream. 

The  powered  centrifuge,  shown  in  Fig.  8-8,  uses  the 
same  principle  as  the  nonpowered  centrifuge  except 
that  a powered  axial  stage  is  used  to  spin  the  air.  This 
method  is  advantageous  because  concentrated  dirt  and 
air  are  scavenged  without  an  additional  pump.  Gener- 
ally, the  power  input  is  substantial  and,  therefore,  the 
system  can  compete  with  the  nonpowered  centrifuge 
only  if  a high  percentage  of  the  rotational  energy  can 
be  recovered  at  the  engine  inlet.  Close  cooperation  with 
'he  engine  manufacturer  is  essential  for  the  design  of  a 
successful  powered  centrifuge.  The  advantages  and 
disadvantages  of  the  centrifugal  separator  are: 

1.  Advantages: 

a.  High  airflow  per  square  foot  of  inlet  area  (10 
lb/sec  or  higher) 

b.  Suitable  for  large  engines 

c.  Low  weight 

d.  Usually  no  need  for  a bypass. 

2.  Disadvantages: 

a.  Poor  separation  efficiency  for  small  particles 

b.  Only  fair  for  separation  of  leaves,  grass,  and 
similar  foreign  objects 


Fig.  8-6.  Pressure  Drop  vs  Panel  Area 
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Fig.  8-7.  Typical  Centrifugal  (Inertial)  Separator 


Fig.  8-8.  Typical  Powered  Centrifugal  (Inertial)  Separator 


c.  Anti-ice  protection  required. 

8-2. 2. 6.4  EAPS  Scavenge  Pump 

When  required  by  the  EAPS,  the  scavenge  pump  is 
a strong  contributor  to  the  weight  and  performance 
penalties  of  a given  installation.  The  following  scavenge 
pumping  methods  generally  are  considered; 

1.  Engine  bleed  air  ejector 


2.  Mechanically  driven  fan 

3.  Electric  fan 

4.  Engine  exhaust  ejector. 

The  engine  bleed  air  ejector  installation  weight  is 
low,  and  the  system  operationally  is  very  reliable.  How- 
ever, the  engine  performance  penalty  is  high.  Each  per- 
centage point  of  engine  air  bleed  reduces  the  available 
engine  output  power  by  24%,  depending  upon  the 
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engine  design.  Considering  that  each  engine  horse- 
power can  lift  approximately  10  lb,  the  payload  penalty 
easily  can  exceed  the  weight  of  other  scavenge  methods. 

The  mechanically  driven  fan  requires  little  engine 
power,  and  usually  the  installation  weight  can  be  kept 
low  in  a new  installation.  Experience  has  shown  that 
sealed  bearings  and  coated  fan  blades  can  stand  up  well 
in  the  erosive  environment. 

Electric  fans  are  heavy  and  can  have  adverse  effects 
on  the  helicopter  compass  and  radio  gear. 

The  engine  exhaust  ejector  uses  the  residual  energy 
of  the  gas  turbine  exhaust.  The  installation  can  be  light- 
weight. 


8-2.2.7  Power  Losses 

Typical  sources  of  engine  power  losses  associated 
with  the  air  induction  system  are: 

1.  EAPS  pressure  loss 

2.  EAPS  scavenge  power  requirement 

3.  Ram  recovery  loss  (excluding  EAPS) 

4.  Power  for  anti-icing  requirement 

5.  Temperature  rise. 

The  effects  of  the  inlet  pressure  loss  on  power  loss  are 
slightly  different  from  engine  to  engine,  and  will  be 
described  by  the  engine  manufacturer.  For  each  per- 
centage point  of  inlet  pressure  loss,  gas  turbine  engines 
typically  lose  1. 5-2.0%  of  rated  power  at  intermediate 
power  and  1. 8-2.2%  at  50%  intermediate  power. 

The  power  losses  associated  with  the  scavenge  and 
anti-icing  power  requirements  vary  substantially  with 
the  installation;  however,  they  should  not  exceed  1% 
of  the  design  rated  power. 

For  complex  engine  air  induction  system  configura- 
tions, static  model  tests  may  be  required  to  establish  the 
internal  pressure  losses.  Wind  tunnel  tests  of  helicopter 
models  usually  include  simulation  of  the  internal  air- 
flow to  establish  the  correct  external  drag  and  induc- 
tion system  ram  recovery  factor.  In  addition,  when  the 
induction  system  is  fully  modeled,  the  pressure  distor- 
tion at  the  engine  inlet  face  can  be  measured  (see  par. 
8-5.4,  AMCP  706-203).  The  engine  inlet  total  pressure 
variation  must  not  exceed  the  value  specified  by  the 
engine  manufacturer.  Acceptable  distortion  limits  are 
in  the  order  of  5%.  Distortion  is  calculated  as 


Distortion  = 


P - P 
t i max  1 1 


rt  t 


(8-5) 


where 
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Pi\mux  — maximum  total  pressure 

(absolute)  at  the  engine  inlet 
face,  psi 

Pl{  — mean  total  pressure  (absolute) 
at  the  engine  inlet  face,  psi 
Circumferential  pressure  variation  provides  harmonic 
excitation  sources  for  vibration  of  compressor  blades. 
These  blade  vibrations  can  lead  to  blade  fatigue  fail- 
ures. 


S-2.2.8  Air  Induction  System  Anti-icing 
Provisions 

Normally,  air  induction  system  icing  is  not  the  major 
factor  in  determining  the  duration  of  flight  in  icing 
conditions.  Rather,  the  helicopter  main  rotor  blades 
and  tail  rotor  blades  are  usually  the  critical  factors. 
However,  this  does  not  preclude  the  need  for  an  ice 
protection  system  for  the  air  induction  system.  Gener- 
ally anti-icing  is  required,  as  deicing  is  not  acceptable 
if  the  engine  can  be  damaged  by  ingestion  of  ice  chunks. 

No  particular  critical  flight  condition  can  be  defined, 
as  icing  conditions  may  be  worse  for  forward  flight  or 
for  hover  depending  upon  the  situation.  Snow  or  sleet 
creates  an  additional  problem.  The  EAPS  system,  par- 
ticularly, is  vulnerable  to  icing  conditions,  and  lack  of 
anti-icing  for  various  types  of  EAPS  systems  will  limit 
the  cold-weather  capability  of  the  helicopter. 

Supercooled  water  droplets  may  exist  in  clouds  at 
ambient  temperatures  far  below  the  freezing  point. 
When  those  droplets  are  disturbed  by  the  helicopter, 
they  will  impinge  upon  the  air  induction  system  sur- 
faces and  freeze.  In  addition  to  the  normal  icing  prob- 
lems, icing  may  occur  at  atmospheric  temperatures 
above  freezing  due  to  decreases  in  the  static  tempera- 
ture at  some  stage  in  the  air  induction  system. 

The  methods  available  to  prevent  ice  buildup  in  criti- 
cal areas  are: 

1.  Deicing  system 

2.  Alcohol  spray 

3.  Thermal  energy. 

A deicing  system  can  be  used  only  with  engines  that 
can  absorb  the  chunks  of  ice  that  will  break  loose  from 
the  surfaces.  The  alcohol  spray  method  is  the  most 
likely  to  be  used  as  an  emergency  device. 

For  all-weather  aircraft,  thermal  energy  gives  the 
most  effective  ice  protection.  One  method  uses  hot  air 
from  the  compressor  bleed,  which  is  passed  through 
passages  integral  with  the  surface  being  heated.  An 
alternative  is  the  use  of  electric  resistance  healing  ele- 
ments imbedded  below  the  surface.  As  prediction  of  ice 
protection  requirements  for  (he  air  induction  system  is 
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extremely  difTicuh,  one  must  rely  mostly  on  past  expe- 
rience and  testing  of  any  new  design  to  verify  assump- 
tions. 

8-2.3  EXHAUST  SUBSYSTEM 

The  kinetic  energy  of  the  exhaust  gases  leaving  a gas 
turbine  engine  represents  a loss  of  shaft  power.  How- 
ever, the  exhaust  thrust  may  be  used  to  overcome  some 
of  the  aircraft  drag  during  forward  flight.  The  distribu- 
tion of  power  between  the  shaft  and  the  exhaust  is 
governed  directly  by  the  exhaust  duct  area.  The  best 
combination  of  shaft  power  and  exhaust  thrust  should 
be  determined  separately  for  each  individual  applica- 
tion. 

For  most  low-speed  helicopters  it  is  more  efficient  to 
convert  as  much  of  the  exhaust  energy  as  possible  into 
shaft  power  and  to  let  the  helicopter  rotor  provide  the 
forward  thrust.  The  exhaust  duct  should  be  built  for 
maximum  diffusion,  which  will  result  in  maximum 
shaft  power  output. 

Exhaust  duct  design  must  follow  good  practice  for 
internal  flow  aerodynamics.  Poor  design  will  result  in 
flow  separations  at  bends  and  diffusing  sections,  caus- 
ing unnecessary  pressure  losses  and  reduced  effective 
flow  area.  The  straight  conical  diffuser  is  the  most 
effective  exhaust  duct  design  for  engines  with  axial 
outlets.  Good  exhaust  performance  also  can  be 
achieved  for  engines  with  radial  outlets  by  the  use  of 
elliptical  sections  through  the  bends.  The  elliptical  duct 
is  more  expensive  to  fabricate  but  the  turning  losses  can 
be  as  much  as  50%  lower  than  those  of  a round  duct. 

To  the  maximum  extent  possible,  the  exhaust  system 
should  be  included  in  the  QEC  assembly.  When  it  is 
necessary  to  include  part  of  the  exhaust  system  as  a part 
of  the  airframe,  a QAD  coupling  should  be  used  that 
has  sufficient  flexibility  to  provide  for  thermal  growth 
of  the  engine  and  the  exhaust  duct  and  for  angular 
deflections  of  the  tailpipe  at  least  equal  to  the  maxi- 
mum anticipated  deflection  of  the  adjacent  structure. 
These  deflections  may  result  from  flight  or  ground 
loads,  from  service  and  maintenance  operations,  or 
from  other  normal  operating  conditions. 

8-2. 3.1  Exhaust  Wake 

The  exhaust  duct  must  be  directed  away  from  the 
fuselage  and  tail  boom  to  avoid  the  impingement  of  hot 
gases  upon  the  helicopter  surfaces  and  to  avoid  endan- 
gering personnel  performing  necessary  service  on  the 
aircraft  on  the  ground.  If  the  gas  conditions  at  the  duct 
exit  are  known.  Ivpical  exhaust  gas  temperatures  and 
velocities  may  He  presented  as  nondimensioiiai  parame- 


ters such  as  those  in  Fig.  8-9.  The  engine  stations  are 
defined  on  Fig.  3-53. 

8-2.3.2  Engine  Exhaust  Noise 

A small  noise  reduction  can  be  achieved  on  the 
ground  when  the  exhaust  duct  is  directed  upward.  The 
exhaust  gas  velocity  is  low  and  can  be  ignored  as  a noise 
source.  However,  the  burner  noise  that  is  transmitted 
downstream  by  the  gas  is  a strong  source  of  external 
noise. 

Engine  exhaust  noise  can  be  reduced  by  lining  the 
exhaust  ducts  with  sound  absorptive  materials.  Ab- 
sorptive materials  are  heavy  but  have  good  absorptive 
characteristics  over  a wide  sound  frequency  spectrum. 
Resonance  mufflers  are  used  only  to  eliminate  specific 
low  frequencies  that  normally  cannot  be  eliminated  by 
the  absorptive  muffler. 

8-2.3.3  Performance  Losses 

The  performance  specifications  of  an  engine  are 
based  upon  the  engine  manufacturer-designed  exhaust 
duct.  This  duct  generally  is  of  practical  size  and  can  be 
adapted  readily  by  the  helicopter  designer.  Deviations 
from  this  exhaust  duct  configuration  must  be  docu- 
mented. A breakdown  by  section  of  friction,  turning, 
and  diffusion  losses  should  be  made  based  upon  the 
calculation  procedure  of  Ref.  3.  It  must  be  substan- 
tiated that  alternative  calculation  procedures  achieve 
the  same  accuracy  as  that  given  in  Ref.  3. 

The  engine  performance  loss  calculation  due  to  ex- 
haust system  pressure  loss  follows  the  same  pattern  as 
that  of  the  engine  induction  system.  The  effect  of  ex- 
haust pressure  loss  upon  engine  performance  varies 
from  engine  to  engine  and  will  be  stipulated  by  the 
engine  manufacturer.  As  a guide,  it  can  be  assumed 
that  for  each  percentage  point  of  exhaust  pressure  loss, 
0.5-1 .0%  of  rated  power  is  lost  at  maximum  continuous 
power,  depending  upon  the  engine  size,  and  0.8-1. 2% 
will  be  lost  at  50%  maximum  continuous  power. 

Additional  power  losses  may  be  associated  with  an 
infrared  (IR)  suppressor.  For  example,  the  pumping 
power  for  secondary  cooling  air  has  to  be  stated  if  a 
cooltng  fan  is  driven  by  the  power  turbine.  In  addition, 
the  installation  of  a cool  tailpipe  IR  suppressor  will 
apply  a back  pressure  to  the  turbine  and  create  an 
additional  power  loss. 

8-2. 3.4  Infrared  Radiation  Suppression 

One  of  ihe  threals  faced  by  Army  helicopters  is  at- 
tack by  IR  sensing,  or  "heal -seeking".  missiles:  -For 
helicopters  whose  assigned  missions  will  expose  them 
lo  ibis  type  of  threat,  an  IR  suppression  system  may  be 
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required — as  a part  of  the  basic  helicopter  configura- 
tion or  as  a kit  installation. 

Suppression  of  IR  radiation  involves  reducing  the 
effectiveness  of  the  source  of  the  radiation.  Any  heat 
source  is  a radiator  of  IR  energy.  The  exhaust  wake, 
exhaust  system,  and  combustor  and  turbine  stages  of 
the  engine  are  the  areas  of  highest  temperature  and 
hence  are  the  primary  sources  of  IR  radiation.  How- 
ever, the  “cold”  engine  section,  the  rotor  gearboxes  and 
their  lubrication  system  components,  and  the  hot  air 
being  exhausted  from  heat  exchangers  and  other  cool- 
ing system  outlets  cannot  be  disregarded. 

The  amount  of  IR  energy  radiated  from  the  surface 
of  a given  source  is  a function  of  the  area,  the  surface 
temperature,  and  the  surface  emissivity.  The  energy 
radiated  from  an  exhaust  wake  is  dependent  upon  the 
temperature,  the  chemical  composition,  and  the  wake 
profile.  The  radiation  may  be  direct  or  reflected.  The 
amount  of  suppression  required  for  a given  helicopter 
will  depend  upon  the  level  of  protection  required, 
which  will  be  defined  by  the  procuring  activity. 

The  radiation  level,  with  or  without  suppression,  can 
be  calculated  by  the  projected  area  method  (Ref.  6). 
The  radiation  from  surfaces  follows  Lambert’s  law. 


which  states  that  the  emissive  power  at  any  angle  to  the 
normal  surface  is  proportional  to  the  cosine  of  that 
angle.  See  AMCP  706-127  and  -128(S)  for  additional 
information  on  IR  radiation. 

Estimation  of  IR  radiation  requires  definition  of  ap- 
propriate surface  emissivity  factors.  The  emissivity  fac- 
tor is  a function  of  surface  geometry,  material,  and 
surface  condition,  and  cannot  necessarily  be  estimated 
accurately.  Also,  reflected  radiation  from  invisible  en- 
gine surfaces  can  escape  through  the  exhaust  system  by 
means  of  radiation  patterns  that  can  be  quite  complex. 
Therefore,  final  evaluation  of  IR  signatures,  with  or 
without  suppression,  must  be  made  by  test. 

The  most  common  methods  of  IR  suppression  are 
shielding  or  cooling  of  hot  surfaces.  Shielding  involves 
making  the  otherwise  visible  hot  surface  invisible,  and 
normally  results  in  a requirement  to  cool  the  shielding 
surface.  For  example,  the  exposed  surface  of  an  exhaust 
duct  may  be  shielded  by  surrounding  it  with  another 
duct — with  space  between — through  which  cooling  air 
can  flow.  Enclosing  the  hot  surface  with  a layer  of 
insulating  material  is  another  method  of  shielding;  the 
hot  surface  becomes  invisible  and  is  replaced  by  the 
cooler  exterior  surface  of  the  insulating  material.  Care 


L = HORIZONTAL  DISTANCE  FROM  EXHAUST  EXIT,  II 
R = RADIAL  DISTANCE  FROM  EXHAUST  CENTERLINE.lt 
d9  = DIAMETFR.  ENGINE  EXHAUST  (STA  9) 

Ts=  TEMPERATURE  (STATIC).  "R 

Ts  = STATIC  TEMPERATURE  AT  ENGINE  STATION  I,  "R 

T5'=  STATIC  TEMPERATURE  AT  ENGINE  STATION  9,  °R 

V '=  VELOCITY,  fps 

V9=  VELOCITY  AT  EPGINE  STATION  9 


Fig.  8-9.  Exhaust  Wake  Diagram 
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INLET  TO  CENTERBODY 


Fig.  8-10.  Example  IR  Suppression  Exhaust  System 


must  be  used  with  this  method  because  the  equilibrium 
temperature  of  the  duct  may  be  increased  above  accept- 
able limits  if  the  effectiveness  of  the  insulation  is  high. 
Alternatively,  insulating  material  may  be  applied  to  the 
internal  surface  of  the  duct  to  cool  it.  However,  in  this 
case,  the  insulation  is  in  direct  contact  with  the  exhaust 
flow  and  the  efficiency  of  the  duct  will  be  affected 
adversely  by  the  reduction  of  area  and  by  the  modified 
inner  surface. 

Shielding  of  hot  turbine  parts  can  be  accomplished 
by  the  use  of  a multiexhaust  system.  Bends  in  the  ducts 
serve  to  shield  the  engine  parts;  also,  the  amount  of 
duct  area  visible  from  any  given  aspect  angle  is  re- 
duced. On  the  other  hand,  the  design  of  the  bends  in 
the  duct  to  minimize  reflection  further  increases  the 
exhaust  system  losses. 

To  minimize  reflected  radiation  from  hot  metal 
parts,  high  emissivity  coatings  should  be  applied  to  the 
surfaces. 

Many  design  solutions  are  possible  for  IR  suppres- 
sion with  cooled  surfaces  used  also  as  shields.  One 
example,  shown  in  Fig.  8-10,  uses  a conical  center  plug. 

The  center  plug,  which  is  cooled  with  air,  is  used  to 
obstruct  the  view  of  the  turbine  wheels  and  of  the  inside 
surfaces  of  the  hot  exhaust  duct.  The  plug  is  held  in 
place  by  airfoil-shaped  struts  that  also  serve  as  channels 


for  the  flow  of  cooling  air  into  the  hollow  plug.  The 
plug  and  the  duct  surface  may  be  cooled  by  transpira- 
tion cooling  or  by  film  cooling. 

Typical  examples  of  transpiration-  and  film-cooled 
surfaces  are  shown  in  Fig.  8-11. 

A second  technique  is  the  cooled  conical  plug  in  the 
exit  of  the  tail  pipe,  as  shown  in  Fig.  8-12.  The  plug 
again  is  supported  by  cooling-air-carrying  struts. 

The  amount  of  cooling  air  required  well  may  be  in 
excess  of  10%  of  the  engine  airflow.  This  additional  air 
is  used  not  only  to  cool  the  surfaces  but  also,  by  mixing, 
to  reduce  the  exhaust  gas  temperature.  The  optimum 
design  for  a specified  suppression  level  must  be  found 
by  a study  of  trade-offs  among  the  power  losses  due  to 
duct  pressure  losses,  turbine  back  pressure,  cooling  air 
momentum  drag,  pumping  power,  etc.;  and  the  weight 
of  the  suppression  system  components  (shields,  plugs, 
insulation,  etc.). 

Surface  plating  with  low  emissivity  materials — such 
as  gold — is  desirable  for  hot  surfaces  that  remain  visible 
or  may  produce  reflected  radiation,  although  these 
coatings  may  become  ineffective  after  relatively  short 
periods  of  operation  due  to  deposits  of  carbon,  sand, 
and  dust.  Appropriate  provision  for  their  cleaning  may 
be  necessary. 
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Fig.  8-11.  Typical  Surface  Cooling  Methods 


Fig.  8-12.  Example  of  Externally  Cooled  Plug 


Use  of  a regenerative  gas  turbine  engine  is  another 
way  of  reducing  the  exhaust  temperatures.  The  fuel 
saving  will  help  offset  some  of  the  weight  penalty,  espe- 
cially for  long-range  missions.  The  initial  cost  of  the 
regenerator,  however,  is  high  when  compared  with 
other  IR  suppression  methods. 

The  regenerator  is  a heat  exchanger  that  takes  heat 
from  the  engine  exhaust  and  transfers  it  to  the  air  leav- 
ing the  compressor  before  it  enters  the  combustor. 


However,  the  higher  the  engine  pressure  ratio,  the 
higher  will  be  the  temperature  of  the  “cold"  air,  and 
hence  the  amount  of  heat  that  can  be  transferred  from 
the  exhaust  gas  to  the  air  at  a given  value  of  exhaust 
gas  temperature  is  reduced.  The  regenerator,  therefore, 
is  effective  in  reducing  this  temperature  only  for  rela- 
tively low  compression  ratio  engines. 

8-2.3. 5 Estimation  of  Exhaust  IR  Emissions 

AMCP  706-127  and  AMCP  706-128(S),  ( Infrared 
Military  Systems,  Parts  One  and  Two),  provide  a com- 
prehensive treatment  of  military  infrared  technology. 
Methods  for  the  estimation  of  IR  radiation  are  pro- 
vided by  this  two-part  handbook.  These  methods  can 
be  used  to  evaluate  the  effectiveness  of  a proposed  sup- 
pressor configuration  by  comparison  with  the  es- 
timated level  without  the  suppressor.  The  levels  of  IR 
radiation  also  can  be  compared  with  the  levels  defined 
as  mission  requirements.  However,  the  final  evaluation 
of  suppressor  performance  will  be  by  test  (par.  8-9.2, 
AMCP  706-203). 

8-2.4  PROPULSION  SYSTEM  COOLING 

Cooling  must  be  provided  to  protect  propulsion  sys- 
tem components  during  temperature  extremes  and  to 
maintain  close  thermal  control  when  necessary.  Ther- 
mal control  is  achieved  by  regulating  the  heat  transfer 
to  and  from  the  equipment  and  compartment.  The 
proper  management  of  this  heat  transfer  involves  either 
the  singular  or  combined  use  of  passive  and  active  ther- 
mal control  techniques. 

Thermal  control  involves  the  use  of  inherent  meth- 
ods such  as  natural  convection,  heat  sinks,  emissivities 
(surface  finishes),  and  insulating  materials  as  well  as 
fans,  heat  exchangers,  or  other  forced  cooling  means. 
Determination  of  cooling  requirements  and  analysis  of 
engine  cooling  systems  are  discussed  in  detail  in  Ref.  3. 

The  engine  cooling  system  normally  will  include  the 
development  and  maintenance  of  a flow  of  cooling  air 
through  at  least  a part  of  the  engine  compartment.  This 
flow  should  be  unidirectional,  and  careful  considera- 
tion should  be  given  during  preliminary  design  to  the 
airflow  paths  to  minimize  turbulence  and  its  resultant 
losses  while  assuring  adequate  cooling. 

8-2.4. 1 Insulation 

The  flow  of  energy  by  conduction  between  a source 
and  a sink  is  a function  of  the  medium  between  the 
source  and  sink  and  the  temperature  difference.  Insula- 
tion is  an  example  of  a medium  that  regulates  the  flow 
of  energy  by  its  material  properties  (such  as  thermal 
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conductivity  and  density)  and  its  dimensions.  The  ther- 
mal conductivity  of  insulation  generally  is  in  the  range 
of  0.02  to  1,00  Btu/(hr  “F  ft).  Usually,  an  insulator  is 
a nonmetal  composed  of  a mixture  of  gases  and  solids, 
While  gases  are  poor  heat  conductors  and  solids  gener- 
ally are  good  heat  conductors,  the  combination  results 
in  a usable  insulator.  Representative  conductivities  are 
shown  in  Table  8-1. 

The  use  of  insulation  is  a common  method  of  protect- 
ing temperature-critical  components  from  the  heat 
sources  present  in  the  propulsion  system.  The  tempera- 
ture requirements  limit  the  various  types  of  insulation 
to  those  whose  properties  permit  use  in  the  500-1600°F 
range. 


8-2.4.2  Heat  Exchangers 


(A)  COUNTER  FLOW  ARRANGEMENT 


A heat  exchanger  is  a device  in  which  thermal  energy 
is  transferred  (exchanged)  from  one  fluid  to  another 
fluid.  For  example,  an  oil-to-air  heat  exchanger  (oil 
cooler)  may  be  used  in  helicopter  app'ications  as  a 
means  of  maintaining  the  engine  oil  and/or  the  rotor 
gearbox  oil  at  acceptable  temperature  levels.  This  is 
accomplished  by  the  flow  of  cooling  air  through  the 
heat  exchanger  core  while  the  oil  is  pumped  through 
other  core  passages.  The  rate  of  heat  rejection  from  the 
hot  fluid  to  the  cooler  fluid  may  be  approximated  by 
assuming  steady  flow,  constant  fluid  properties,  con- 
stant areas,  and  one-dimensional  flow. 

Heat  exchanger  configurations  are  numerous;  how- 
ever, most  of  the  current  heat  exchangers  for  aviation 
use  are  of  the  compact  crcss-flow  configuration.  Al- 
though the  counterflow  is  optimum  thermodynami- 
cally, the  overall  size  and  weight  of  the  single-pass 
cross-flow  or  multipass  cross-flow  arrangement,  in- 
cluding manifold  and  transition  ducts,  will  be  less  than 
the  si/.e  and  weight  of  a thermodynamically  compara- 
ble pure  nounterflow  arrangement  (Fig  8-13).  The 


TABLE  8-1 

SOME  REPRESENTATIVE  CONDUCTIVITIES 


ITEM 

CONDUCTIVITY 

Blu 

hi-fi'’  i;,F  Id 

TEMPERATURE  | 
F 

AIR 

0.01 0 

100 

; CORK 

0.02S 

100 

: ASBESTOS 

0.1 

100 

j STEEL  < S.S.  321  > 

9.3 

100 

| aluminum  alloy 

~1Q0 

100 

<Bi  SINGLE  - PASS  CROSS  FLOW  ARRANGEMENT 


Fig.  8-13.  Heat  Exchanger  Arrangements 


cross-flow  heat  exchanger  can  be  fabricated  in  many 
configurations  such  as  plate-fin.  tubular,  finned  tube, 
and  shell/tube;  each  of  the  configurations  may  be  di- 
vided into  subgroups,  as  shown  in  Table  8-2. 

Heat  exchangers  have  a high  surface  area  per  unit 
volume,  especially  the  plate-fin  type  that  is  employed 
for  liquid-to-gas  applications. 

The  general  design  procedure  for  an  optimum  heat 
exchanger  is  relatively  complex.  This  is  due  not  solely 
to  the  mathematical  development,  but  also  to  the 
qualitative  judgments  required  of  the  designer.  Qualita- 
tive factors  include  brazing  furnace  capability,  weight, 
and  potential  alternative  applications.  The  design  must 
be  the  result  of  trade-offs  that  include  the  performance 
effects  of  the  pressure  drop,  the  unit  weight.  ,he  heal 
transfer  performance,  and  leakage  problems. 
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Design  parameters  that  relate  to  heat-transfer  per- 
formance are: 

1.  Overall  heat  conductance  coefficient  U 

2.  Area  of  heat  transfer  surface  A 

3.  Hot  and  cold  fluid  terminal  temperatures  (both 
in  and  out)  T 

4.  Specific  heats  at  constant  pressure  of  hot  and 
cold  fluids  cp 

5.  Weight  flow  rate  of  hot  and  cold  fluids  W. 

Additional  considerations  include  the  flow  arrange- 
ment, i.e.,  counterflow,  cross-flow,  parallel-flow,  paral- 
lei-counterflow,  or  various  combinations  of  the  basic 
arrangements.  Heat  exchanger  design  procedures  are 
outlined  in  Refs.  3 and  7. 

The  “ideal”  heat  transfer  q between  two  fluids  may 
be  expressed  in  the  following  equations: 


q - [Wc  (T(n  ^out^hot 
fluid 

= lWep  (Tout  ~ Tin^cold 
fluid 


(8-6) 


where 


IV  = fluid  flow  rate,  lb/hr 
cp  — specific  heat,  Btu/lb-'F 
T„  ,T0U,  — fluid  terminal  temperature,  °F 


q = UA  (A7> 


m 


, Btu/hr 


(8-7) 


where 

U = conductance  coefficient, 
Btu/hr-ft'-'F 
A = area,  ft*’ 

(A  r)m  = mean  value  of  the  terminal 
temperature  differences,  'F 
See  Fig.  8-14  for  a typical  counterflow  system. 

The  efficiency  rj  of  the  heat  exchanger  is  expressed 

7 = 4 actual/ $ id  fa  I max 

where 
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Wldtal  max  “ Wlp  min  ( 7),  — Tc  ),/ 

Fans 


The  circulation  of  fluids,  both  hot  and  cold,  is  an 
important  aspect  of  cooling  systems.  Only  the  fan  as  the 
prime  mover  of  cooling  air  is  considered  in  this  para- 
graph. 

The  selection  of  the  correct  fan  is  dependent  upon 
the  system  pressure  drop,  required  volumetric  flow 
rate,  weight,  size,  and  flower  requirements.  The  pres- 
sure drop  of  the  system  (excluding  fan)  is  compared 
with  the  performance  curve  of  a known  fan.  If  a com- 
parison of  the  curves  indicates  an  intersection  at  a point 
that  will  provide  adequate  volumetric  flow  rate  Q,  and 
the  fan  meets  configuration,  weight,  and  power  criteria, 
then  the  fan  design  is  acceptable.  See  Fig.  8-15  for 
typical  pressure  drop  versus  volumetric  flow  rate  for  a 


TABLE  8-2 

SOME  TYPES  OF  CONSTRUCTION  FOR  COMPACT  CROSS-FLOW 
HEAT  EXCHANGERS 


PLATE-FIN 

TUBULAR 

FINNED  TUBE 

SHELL  AND  TUBE 

FIN  TYPES: 

TUBE  TYPES: 

TUBE  TYPES: 

TUBE  TYPES: 

PLAIN  TRIANGULAR 

PLAIN 

CIRCULAR  FINS 

PLAIN 

PLAIN  RECTANGULAR 

DIMPLED 

SHEET  FINS 

TURBULATED 

RECTANGULAR  OFFSET 

TURBULATED 

OFFSET  SHEET  FINS 

MATERIALS: 

MATERIALS: 

MATERIALS: 

MATERIALS: 

PLATES  FINS 

Al  and  SS 

Al  and  Cu 

Al  and  SS 

Al  Al 

SS  SS 

SS  Ni 
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NOTE  SS  = STAINLESS  STEEL.  Al  = ALUMINUM.  Cu  = COPPER, 
Ni  = NICKEL 
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system  and  matched  fan.  Ref.  3 provides  additional  fan 
performance  data. 

The  evaluation  of  pressure  losses  is  the  same  as  out- 
lined in  the  development  of  the  air  induction  system 
(par.  8-2.2.4). 

The  specific  speed,  type  of  fan,  and  power  require- 
ments are  estimated  by  consideration  of  system  pres- 


sure drop,  blower  speed,  airflow  rate,  and  the  pres- 
sure/flow coefficients. 

The  specific  speed  Ns  commonly  is  used  in  relating 
performance  of  different  types  of  fans. 


Ns/Q 

(APslo)3/* 


(8-8) 


3 


where 

,V  = blower  speed,  rpm 
Q = volumetric  flow  rate,  cfm 
A P,  = system  pressure  drop,  psi 
t = ratio  of  ambient  air  density  to 
sea  level  standard  air  density, 
dimensionless 

No  units  are  expressed  for  yV?as  the  equation  is  dimen- 
sionally impure  with  N in  rpm,  Q in  cfm,  and  A/*,  in 
psi. 

The  specific  speed  of  a fan  is  a reasonable  indication 
of  the  type  of  fan  blade  design  that  is  adequate  within 
the  envelope  of  operating  efficiency.  The  type  of  blade 
design  is  available  from  charts  based  upon  manufactur- 
ers' past  experience. 

The  fan  output  power  hpf  is  approximated  by  the 
following  relationship: 


Fig.  8-14.  Typical  Counterflow  Heat  Transfer 


A PSQ 

hpf-  

> 229 


(8-9) 
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j 

i 
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Fig.  8-15.  Typical  Pressure  Drop  vs  Volumetric 
Flow  Rate 


8-2.4.5  Engine  Compartment  Cooling 

The  temperatures  of  the  engine  compartment  air  and 
adjacent  structure  and  components  are  a result  of  the 
engine  heat  rejection,  mainly  by  radiation  and  convec- 
tion. 

The  temperatures  in  the  engine  compartment  are 
calculated  by  considering: 

1.  Engine  heat  rejection  for  a given  temperature 

2.  Radiation  inputs  of  surface  ernissivities  and  geo- 
metric shape  factors 

3.  Compartment  airflow  rate 

4.  Convective  heat  transfer  film  coefficient 

5.  Environment  of  the  engine  and  the  surrounding 
compartment  structure. 

The  air,  component,  and  structural  temperatures 
within  the  engine  compartment  then  may  be  deter- 
mined by  simulating  the  engine  and  the  surrounding 
structure  as  a cylinder  and  a concentric  shell.  The  basic 
solution  of  the  thermal  model  is  accomplished  by 
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equating  heat  in  with  heat  out  plus  heat  storage  for 
transient  conditions.  If  the  design  is  such  that  air  is 
circulated  around  the  engine,  a major  part  of  the  engine 
heat  rejection  will  be  to  the  air;  however,  some  heat  still 
will  be  transferred  to  the  compartment  structure  by 
radiation,  convection,  and  possibly  conduction  at  the 
attachment  points.  Methods  of  analysis  are  provided  by 
Ref.  8. 

8-2.4. 6 Cooling  System  Air  Inlet 

The  basic  principles  for  an  air  inlet  system  are  dis- 
cussed in  par.  8-2.2.  These  principles,  presented  for  the 
engine  air  induction  system,  are  applicable  equally  to 
cooling  sysh  m inlets. 

8-2.4.7  Ejectors 

The  ejector  principle  is  a method  of  obtaining  the 
necessary  flow  of  cooling  (or  scavenging)  air.  Ram  air, 
bleed,  or  an  auxiliary  blower  are  other  possible  meth- 
ods. However,  the  ejector  principle  normally  minimizes 
performance  loss. 

The  ejector  is  a device  that  creates  a secondary  flow 
from  a primary  flow.  The  primary  flow  entrains  sec- 
ondary air  at  the  ejector  exit  by  creating  a low-pressure 
region  at  the  exit.  Due  to  the  resulting  pressure  differ- 
ential, both  primary  and  secondary  air  then  flow 
through  the  ejector.  Thus,  forced  convection  that  aids 
in  cooling  (such  as  the  engine  compartment)  can  be 
provided  by  the  secondary  flow.  The  primary  flow  may 
be  engine  exhaust,  engine  bleed  air,  or  any  other  source 
capable  of  producing  a region  of  sufficiently  low  pres- 
sure and  of  adequate  area  to  induce  the  required  sec- 
ondary flow. 

The  functioning  of  the  ejector  varies  with  the  pri- 
mary flow  rate  and  the  general  design.  The  design  con- 
figuration determines  the  ejector  pressure  ratio.  For 
engine  compartment  cooling,  ejector  flow  may  be  ex- 
pressed as  a percentage  of  the  secondary  flow  (engine 
compartment  airflow),  and  typically  varies  from  ap- 
proximately 2%  at  sea  level  conditions  to  6%  at  high 
altitude.  Methods  for  ejector  design  and  evaluation  are 
provided  by  Ref.  3.  The  final  ejector  design  must  be 
subjected  to  trade-offs,  considering  thrust  loss  and 
weight  penalty  associated  with  this  method  and  with 
alternative  means  of  establishing  the  desired  airflow. 

8-2.4.8  Survivability  Upon  Loss  of  Cooling 
System 

The  most  susceptible  component  of  the  cooling  sys- 
tem, relating  to  survivability  aspects,  is  the  oil  cooler. 
The  purpose  of  the  oil  cooling  system  is  to  maintain  oil, 
either  engine  or  gearbox,  at  an  acceptable  temperature 
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level.  The  loss  of  a heat  exchanger,  or  a ruptured  oil 
line,  negates  the  stated  purpose  and  thus  affects  the 
survivability  of  the  aircraft.  Damage  to  the  heat- 
exchanger  system  first  would  manifest  itself  in  higher 
oil  temperatures.  Either  thermal  control  or  fluid  con- 
trol valves  can  be  used  to  recirculate  the  oil  through  the 
oil  sump  by  bypassing  the  heat  exchanger,  in  case  of 
cooler  damage.  Eventually,  the  oil  temperature  will 
increase  to  an  unacceptable  level,  as  the  heat  normally 
rejected  through  the  heat  exchanger  builds  up,  but  the 
additional  operational  time  may  permit  a safe  landing. 

8-2.4.9  Cooling  Power  Requirements 

The  cooling  power  requirements  are  dependent  upon 
the  means  selected  to  provide  the  desired  airflow.  Possi- 
ble methods  specifically  discussed  are  a cooling  fan, 
bleed  air  ejector,  and  exhaust  ejector. 

The  cooling  fan  power  requirement  is  established  by 
the  airflow  and  cooling  system  pressure  drop,  and  is 
calculated  by  applying  an  appropriate  efficiency  factor 
to  the  fan  output  power  given  by  Eq.  8-9. 

The  power  loss  due  to  the  use  of  compressor  bleed 
air  for  a bleed  air  ejector,  is  determined  from  curves 
contained  in  the  engine  specification.  Generally,  the 
power  loss  is  about  4%  of  rated  power  for  each  percent- 
age point  of  bleed  air.  Thus,  this  method  of  cooling  is 
undesirable,  and  should  be  avoided. 

The  power  loss  calculation  for  the  exhaust  ejector  is 
based  on  the  known  static  pressure  at  the  mixing  plane 
of  the  primary  and  secondary  gas  flows  within  the  ejec- 
tor. The  subsequent  power  then  is  calculated  from  the 
engine  specification  for  the  differential  pressure  be- 
tween the  mixing  plane  and  the  ambient  pressure  con- 
dition. A similar  calculation  is  required  for  the  basic 
exhaust  system  whether  an  ejector  is  employed  or  not. 
Therefore,  it  is  possible  that  the  ejector  loss  (or  cooling 
power  required)  be  zero,  but  that  the  engine  suffer  an 
exhaust  system  power  loss. 

8-2.5  ACCESSORIES 

The  requirements  for  secondary  power  (electrical, 
hydraulic,  pneumatic,  or  mechanical)  to  be  provided  by 
the  helicopter  engine  are  dependent  upon  the  mission 
characteristics.  An  additional  consideration  is  the 
method  of  power  extraction  that  would  be  least  detri- 
mental to  aircraft  performance.  There  are  two  principal 
methods  of  extracting  accessory  power  from  the  en- 
gine. Power  may  be  supplied  pneumatically  by  com- 
pressor bleed  air  or  mechanically  either  by  accessory 
drives  powered  by  the  power  turbine  (or  components  of 
the  drive  system  powered  by  the  power  turbine)  or  by 
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accessory  drives  powered  by  the  engine  gas  generator. 
Accessories  for  gas  turbine  engines  are  divided  into 
these  two  categories. 

8-2.5. 1 Bleed-air-driven  Accessories 

Compressor  bieed  air  may  be  used  for  bleed-air- 
driven  accessories.  Bleed  air  is  supplied  from  connec- 
tions located  on  the  engine  case.  This  air  is  the  source 
of  power  for  operating  helicopter  accessory  items  such 
as  air-turbine-driven  alternators,  hydraulic  pumps,  and 
environmental  control  units.  On  multiengine  helicop- 
ters equipped  with  pneumatic  starters,  bleed  air  from  an 
operating  engine  also  may  be  used  to  start  the  other 
engines. 

The  configuration  of  the  engine  will  establish  the 
individual  engine  bleed  air  systems.  On  engines  utiliz- 
ing either  single-shaft  axial  or  centrifugal  compressors, 
one  air  bleed  system  consisting  of  several  ports  may  be 
available.  On  multiple-spool  (three  or  more  for  free 
turbines)  engines,  two  separate  bleed  systems — high- 
pressure  and  low-pressure — may  be  available. 

Bleed  air  almost  always  is  used  for  anti-icing  the 
engine  inlet.  This  air  also  may  be  used  for  the  engine 
air  induction  anti-icing  system.  Cockpit  and  cabin 
pressurizing  and  heating  units  may  be  operated  by  a 
separate  air-bleed-driven  compressor,  although  on 
smaller  helicopters  the  compressor  bleed  air  may  be 
brought  directly  to  the  cabin  for  this  purpose.  Al- 
though more  economical,  the  second  method  may  sub- 
ject personnel  to  harmful  engine  contaminants  and  ex- 
tensive testing  and  monitoring  are  required  before 
approval  for  use  is  obtained. 

The  first  method,  although  providing  uncon- 
taminated air,  is  expensive  in  terms  of  both  weight  and 
power.  This  system  is  recommended  for  use  on  large 
passenger  vehicles. 

Pressures  and  temperatures  of  the  engine  bleed  air 
will  be  contingent  upon  individual  engines  and  upon 
the  operating  conditions  of  the  helicopter.  A typical 
example  for  present-day  dual-bleed  engines  is  low-pres- 
sure bleed  air  of  approximately  50  psi  at  a temperature 
of  more  than  250°F  and  high-pressure  bleed  air  of 
around  160  psi  with  temperatures  in  excess  of  650°F. 
Future  technology  engines  with  compressor  pressure 
ratios  greater  than  20:1  will  provide  bleed  pressures 
and  temperatures  of  approximately  300  psi  and  800°F, 
respectively. 

The  quantity  of  air  available  for  driving  accessories 
and  for  other  purposes  in  the  aircraft  is  usually  1-6% 
of  the  total  airflow  through  the  engine  gas  generator. 

The  power  available  for  any  weight  rate  of  flow  can 
be  ascertained  from  the  manufacturer’s  specification 
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for  the  particular  engine  being  used.  Additional  discus- 
sion of  engine  bleed  systems  is  provided  by  Ref.  3. 

8-2.5. 2 Mechanically  Driven  Accessories 

The  mechanical  method  of  driving  accessories  in- 
volves driving  them  through  the  main  gearbox,  mount- 
ing them  on  the  engine  on  drive  pads  provided  for  the 
purpose,  or  both.  Main-gearbox-driven  accessories  in- 
clude units  such  as  the  gearbox  oil  pump,  gearbox  and/- 
or engine  cooling  fan,  rotor  tachometer  generator, 
hydraulic  pumps,  and  generators.  Helicopter  accesso- 
ries mounted  on  and  driven  directly  by  the  engine  in- 
clude units  such  as  alternators,  generators,  hydraulic 
pumps,  and  other  items  required  to  provide  power  for 
the  aircraft  electrical,  hydraulic,  and  pneumatic  sys- 
tems, as  well  as  units — such  as  the  engine  tachometer 
generator — that  must  be  connected  directly  to  the  en- 
gine. 

The  drive  pads  currently  used  are  the  gear-driven 
AND  pads,  which  employ  a multibolt  attachment,  and 
are  listed  on  AND  10230.  The  quick-attach-detach 
(QAD)  concept  of  accessory  drives  provides  a large 
improvement  in  maintainability.  The  QAD  pad  has  a 
V clamp  attachment,  requiring  a single  bolt  tiedown 
and  an  overcenter  (trunk  latch)  clamping  device  that 
may  be  oriented  readily  for  accessibility.  The  QAD  pad 
also  reduces  the  volume  requirement  for  accessories  by 
effectively  eliminating  the  wrench  clearance  associated 
with  the  bolted  attachments.  Current  accessories  with 
QAD  adapters  are  available  and  may  be  used.  This 
method  (conventional  configuration  plus  adapter), 
however,  results  in  additional  space,  weight,  and  cost 
that  must  be  considered  in  the  preliminary  design  of  the 
aircraft. 

The  drives  that  supply  the  power  may  be  divided  into 
two  categories:  variable-speed  and  constant-speed. 
Variable-speed  drives  are  satisfactory  on  helicopters 
not  requiring  a great  amount  of  electronic  equipment. 
On  aircraft  having  DC  electrical  systems,  inveilers  may 
be  used  for  generation  and  control  of  the  frequency  of 
the  AC  power  desired.  For  applications  in  which  fre- 
quency control  is  not  a critical  parameter,  an  engine- 
driven  AC  alternator  will  suffice.  However,  there  will 
be  a weight  penalty  because  of  these  frequency  varia- 
tions (see  par.  9-3).  For  hydraulic  systems,  this  varia- 
ble-speed drive  does  not  penalize  the  helicopter  because 
accumulators  may  be  employed  to  provide  a more  con- 
stant output. 

The  need  for  a constant-speed  drive  has  become 
prevalent  in  current  vehicles  because  of  the  extensive 
use  of  electronic  equipment.  Most  of  this  equipment 
requires  a frequency  that  is  constant  within  ±5%  to 


8-21 


tfi  Ttyn^v>\i ^rro'pB 


,'"ftT7T#'" ** Hyp '•’ ’°fWT)7Tfi!VF*S>^l ^TTW ■ I ■ n , l',ly»T^rr;i^r>TpT^i,rry  jr , t\t? Tpwp'ffn 


’ •'  '.TTifrj-iy^iT,  .v,7T'i1!^r>7v77,T,J75jJ^ 


AMCP  706-201 


maintain  expected  performance.  Constant -frequency 
power  may  be  obtained  by  a number  of  methods: 

1.  Generating  AC  power  at  a constant  frequency 

2.  Generating  DC  power  and  converting  it  to  AC 
power  through  an  inverter  driven  at  constant  speed 

3.  Using  electronic  equipment  designed  for  con- 
verting variable  frequencies  to  a constant  frequency 
(solid-state  inverter). 

8-2.S.3  Mechanical  Power  Extraction 

The  electrical  and  hydraulic  subsystems  are  the  prin- 
cipal users  of  secondary  power  extracted  from  the  en- 
gine. The  engine  specification  will  identify  the  available 
accessory  drives  as  to  type,  ratio  to  gas  generator  speed, 
allowable  torques,  and  direction  of  rotation.  The  engine 
specification  aho  will  state  the  maximum  power  extrac- 
tion limits  for  the  gas  generator  as  well  as  the  maximum 
power  that  may  be  extracted  from  each  of  the  drive 
pads. 

The  power  required  for  electrical  subsystems  may  be 
determined  by  methods  outlined  in  par.  9-3. 

The  most  common  type  of  hydraulic  pump  is  the 
positive-displacement  piston-type  that  may  operate  ei- 
ther as  a fixed  or  variable-displacement  pump.  Pump 
performance  is  rated  at  a speed  where  the  pump  is 
designed  to  operate  continuously.  Typical  hydraulic 
pump  performance  curves  are  shown  on  Fig.  8-16.  Hy- 
draulic system  power  requirements  are  discussed  in 
par.  9-4. 

During  the  preliminary  design  phase  the  helicopter 
electrical  and  hydraulic  load  spectra  will  be  estab- 
lished. It  should  be  verified  that  the  individual  as  well 
as  the  combined  power  demands  for  these  hydraulic 
and  electrical  systems  do  not  exceed  the  engine  acces- 
sory power  output  capability.  It  normally  is  preferable 
to  install  hydraulic  pumps  and  electrical  generators  or 
alternators  on  the  main  rotor  gearbox  rather  than  on 
the  engine. 

8-2.5.4  Future  Drive  Designs 

In  most  current  aircraft,  accessories  required  for 
support  of  the  aircraft  systems  are  mounted  directly  on 
the  pads  of  the  engine  accessory  gearbox.  Future  air- 
craft will  demand  more  accessory  power  and,  because 
of  this,  accessories  will  be  larger.  When  these  larger 
components  are  installed  on  AND  pads,  undesirable 
envelope  sizes,  moments,  and  configurations  will  re- 
sult. Consideration  is  being  given  to  using  higher  drive 
speeds  for  accessories.  Mounting  pads  providing  these 
higher  speeds  will  be  in  accordance  with  MS  3325,  MS 
3326,  MS  3327,  MS  3328,  or  MS  3329,  and  may  pro- 
vide for  drive  speeds  of  up  to  30,000  rpm.  These  drive 


standards  are  configured  for  QAD  pads  with  modifica- 
tion to  meet  the  specific  requirement  of  each  accessory 
relative  to  lubrication,  sealing,  and  shaft  drive  size. 

To  reduce  the  engine  cross-section  further,  engine 
manufacturers  are  considering  taking  all  airframe 
accessory  drives  off  the  engine.  This  concept  provides 
a remote  mounting  for  all  helicopter  accessories,  in- 
cluding the  starting  system,  and  greatly  simplifies 
maintenance,  improves  reliability,  and  reduces  vulnera- 
bility of  the  accessory  package.  A remote  aircraft  gear- 
box system  would  have  many  advantages,  such  as: 

1.  The  gearbox  and  accessories  can  be  located 
where  factors  such  as  vibration  and  temperature  are 
considerably  less  severe. 

2.  Easier  engine  installation,  removal,  and  servic- 
ing are  afforded. 

3.  Easier  removal,  servicing,  and  installation  of  the 
accessories  should  result. 

4.  Because  of  the  smaller  engine  package,  the  air- 
craft may  be  designed  for  a lower  profile  and  for  a 
smaller  frontal  area. 

8-2.5.5  Effect  of  Air  and  Power  Extraction 

The  power  extracted  for  driving  accessories  is  usu- 
ally a small  percentage  of  the  power  required  to  drive 
the  compressor;  however,  power  can  be  extracted  only 
at  the  expense  of  output  shaft  power  and  additional 
fuel.  The  loss  in  engine  power  and  the  increase  in  fuel 
consumption  are  much  greater  when  an  accessory  is 
driven  by  compressor  air  bleed  than  when  the  same 
accessory  power  is  extracted  mechanically.  The  use  of 
air  bleed  nlso  will  raise  turbine  inlet  temperature,  which 
in  turn  will  be  evidenced  by  a rise  in  exhaust  gas  tem- 
perature. 

Determination  of  operating  loads  for  the  aircraft 
electrical,  hydraulic,  and  pneumatic  systems  is  dis- 
cussed in  Chapter  9.  The  curves,  charts,  formulas,  and 
methods  of  analysis  for  calculating  available  engine 
power — as  well  as  the  increase  in  fuel  consumption  and 
the  gas  temperature  rise  resulting  from  either  mechani- 
cal power  extraction  or  air  bleed — are  contained  in  the 
engine  specification.  Procedures  differ  for  specific  en- 
gines as  well  as  among  different  engine  manufacturers. 

8-2. 5.6  Redundancy  Requirements 

The  subject  of  redundancy  as  it  relates  to  accessory 
systems  and  drives  is  covered  in  pars.  7-4  and  9-3.  As 
described  therein,  special  care  is  necessary  to  insure 
that  presumably  redundant  systems  are  in  fact  redun- 
dant, i.e.,  so  designed  that  a single  foreseeable  failure 
does  not  result  in  the  loss  of  two  or  more  supposedly 
redundant  accessory  systems.  For  example,  if  two  gen- 
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erators  were  located  on  a gearbox,  the  failure  of  the 
gearbox  (single  failure)  could  result  in  the  loss  of  both 
generators.  Therefore,  the  generators  are  not  redun- 
dant. A thorough  analysis  of  accessory  systems  will 
lead  to  a series  of  functional  network  representations, 
from  whicn  redundancy  can  be  evaluated  and  subjected 
to  a variety  of  optimizing  algorithms  (Ref.  9). 

8-2.6  MAINTENANCE 

To  facilitate  maintenance  and  insure  maximum  oper- 
ational readiness  and  reliability,  the  design  should  pro- 
vide for  quick  engine  removal,  with  the  disconnect 
points  conveniently  grouped  and  arranged  so  that  they 
are  accessible  with  minimum  interference.  Fluids  from 
any  disconnected  line  should  not  drop  on  components, 
field  personnel,  or  decals  during  maintenance.  Other 
factors  that  should  be  considered  are: 


1 . Use  of  large,  quick-opening  access  doors  for  en- 
gine and  engine  accessory  section  servicing  ’’ 

2.  Ample  space  in  the  engine  accessory  area  for 
replacement  of  engine-mounted  components;  use  of  ap- 
proved, quickly  detachable  connectors  for  electrical, 
plumbing,  control,  and  accessory  units 

3.  Maximum  accessibility  with  emphasis  placed 
on  preflight  and  postflight  requirements  for  inspection, 
cleaning,  and  adjustment.  Items  such  as  drain  plugs, 
filter  elements,  connector  plugs,  valves,  switches,  and 
visual  inspection  points  should  receive  special  consider- 
ation. These  items  should  be  located  where  necessary 
access  is  provided. 

4.  The  possibility  of  a preflight  check  of  the  heli- 
copter without  need  for  special  stands  or  ladders.  On 
larger  aircraft  it  is  advisable  to  consider  integral  work- 
ing platforms  or  built-in  steps. 
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In  addition,  there  may  be  factors  required  to  satisfy 
varying  climatic  and  environmental  factors.  For  in- 
stance, maintenance  of  the  helicopter  should  be  possi- 
ble by  personnel  wearing  arctic  gloves  and  clothing. 

Other  servicing  features  that  should  be  considered,  if 
applicable,  include  ground  level  pressure  refueling; 
ground  level  fuel  and  oil  sight  gauges;  and  ground  level 
connections  for  electrical,  hydraulic,  and  pneumatic 
systems  checkout. 

Use  of  a mock-up  engine  to  verify  the  installation  is 
recommended.  This  mock-up  should  be  made  available 
as  early  in  the  design  stage  as  possible.  The  mock-up 
engine  may  be  a wooden  model  or  a shell  of  an  actual 
engine.  In  any  event  the  CG  of  the  engine  and  all 
connections  must  be  identical  to  the  actual  article.  Use 
of  a mock-up  will  make  it  possible  to  establish  a heli- 
copter structural  configuration  that  also  provides  the 
accessibility  required  for  engine  maintenance  and  serv- 
ice. 

8-3  SUMMATION  OF  POWER  LOSSES 

8-3.1  GENERAL 

In  using  the  engine  specificatijn  to  determine  the 
installed  power  available  at  the  engine  output  shaft,  the 
following  parameters  that  affect  power  losses  should  be 
considered: 

1 . Air  induction  system  pressure  loss  due  to  inlet 
geometry,  filter,  and  particle  separator 

2.  Exhaust  back  pressure  due  to  geometry  of  ex- 
haust duct,  and  additions  to  the  exhaust  system  such  as 
infrared  radiation  or  noise  suppressors 

3.  Temperature  changes  from  standard  day,  in- 
cluding any  temperature  rise  at  the  engine  inlet 

4.  Power  extracted  to  run  accessories 

5.  Air  bleed  for  the  environmental  control  system, 
anti-icing/deicing  systems,  rain  removal,  fans  or  blow- 
ers, bleed  air  ejectors,  scavenge  of  particle  separator 
installations,  and  other  accessories 

6.  Engine  anti-ice  protection. 

Power  losses  between  the  engine  output  shaft  and 
main  rotor  are: 

1.  Transmission  losses 

2.  Antitorque  requirements  (not  required  in  tan- 
dem configurations) 

3.  Accessories  that  require  power  from  the  drive 
system. 

Each  of  these  losses  is  discussed  in  detail  in  the  para- 
graphs that  follow. 
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8-3.2  ENGINE  INSTALLATION  LOSSES 

8-3.2. 1 Air  Induction  System  Pressure 
Loss 

The  design  of  the  engine  air  induction  system  must 
be  analyzed  to  determine  the  change  in  pressure 
through  the  induction  system.  MIL-D- 17984  presents 
a method  to  be  used  for  this  analysis.  The  necessary 
equations  and  factors  for  use  in  the  equations  also  are 
given  by  Ref.  3.  For  helicopters  in  the  flight  test  stage, 
the  pressure  loss  can  be  measured. 

With  the  increased  use  of  helicopters  in  unimproved 
areas,  the  installation  of  particle  separators  and/or  fil- 
ters has  become  more  important.  These  installations 
cause  large  induction  system  pressure  losses  that  must 
be  included  in  the  calculation  of  installation  losses. 

The  model  specification  for  the  engine  to  be  evalu- 
ated presents  charts  and  methods  to  be  used  to  calcu- 
late power,  fuel  flow,  and  engine  exhaust  gas  tempera- 
ture. The  correction  factors  are  functions  of  the 
induction  system  pressure  loss  divided  by  the  engine 
inlet  (ideal)  total  pressure.  At  a given  value  of  gas 
generator  speed,  an  inlet  pressure  loss  decreases  the 
output  shaft  power,  increases  the  exhaust  gas  tempera- 
ture, and  increases  the  fuel  flow.  Because  the  engine 
power  rating  is  determined  by  a given  value  of  exhaust 
gas  temperature,  the  available  power  is  reduced  by  a 
greater  percentage  than  the  percentage  pressure  loss. 
This  percentage  of  power  loss  typically  is  greater  than 
twice  the  percent  pressure  loss.  Also,  the  fuel  flow  for 
a given  output  shaft  power  increases  due  to  the  air 
induction  system  pressure  loss. 

A second  loss  associated  with  the  engine  air  induc- 
tion system  is  the  momentum,  or  ram,  drag,  caused  by 
the  change  in  velocity  of  the  engine  airflow.  This  drag 
is  not  an  engine  installation  loss,  but  should  be  consid- 
ered to  be  a drag  increase  on  the  airframe.  The  propul- 
sive force  of  a helicopter  is  provided  by  the  main  rotor; 
therefore,  an  increase  in  drag  requires  a power  increase 
for  the  same  airspeed,  which  must  be  determined  by  the 
efficiency  of  the  main  rotor. 

The  momentum  drag  is  equal  to  ( Wu/g)  V,  where 
Wa  equals  the  weight  flow  of  the  air  into  the  engine  in 
Ib/sec,  and  V is  the  helicopter  forward  speed  in  fps. 
Methods  and  charts  for  computing  engine  airflow  are 
provided  by  the  engine  manufacturer.  The  airflow  must 
be  corrected  for  engine  installation  losses  and  is  a func- 
tion of  engine  power  condition. 

8-3.2.2  Exhaust  Pressure  Rise 

The  engine  exhaust  system  design  must  be  analyzed 
to  determine  the  engine  outlet  static  pressure.  Proper 
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design  of  the  exhaust  system  will  result  in  an  engine 
outlet  pressure  equal  to  ambient  pressure.  In  this  case, 
the  installation  loss  due  to  the  exhaust  system  would  be 
zero.  If  the  exhaust  system  is  designed  to  decrease  the 
outlet  pressure,  there  would  be  a gain  in  power;  con- 
versely, an  increase  in  pressure  results  in  a power  loss. 
MI  L-D- 17984  presents  a method  of  computing  pres- 
sure changes  experienced  in  the  exhaust  duct.  When 
the  helicopter  is  in  the  flight  test  stage,  the  exhaust 
pressure  can  be  measured. 

The  addition  of  IR  and  noise  suppressors  to  the  ex- 
haust system  causes  very  large  increases  in  exhaust 
outlet  pressure.  These  pressure  changes  must  be  consid- 
ered in  computing  exhaust  duct  installation  losses. 

The  exhaust  installation  correction  factors  are  a 
function  of  the  exhaust  outlet  pressure  minus  ambient 
pressure  divided  by  the  ambient  pressure  (percent  ex- 
haust pressure  rise).  The  exhaust  correction  factors  for 
exhaust  gas  temperature  and  fuel  flow  are  the  same  as 
the  factors  for  the  inlet  pressure  drop,  while  the  correc- 
tion factor  for  shaft  power  is  less  than  that  for  the  inlet. 
An  exhaust  pressure  rise  reduces  the  shaft  power  avail- 
able at  a given  value  of  exhaust  gas  temperature  and 
increases  the  fuel  flow  at  a given  value  of  shaft  horse- 
power. 

8-3.2.3  Engine  Inlet  Temperature 

Turbine  engines  are  affected  greatly  by  engine  inlet 
temperature.  At  a given  value  of  gas  generator  speed, 
an  increase  in  temperature  decreases  the  shaft  power 
and  increases  the  measured  gas  temperance  MGT.  For 
a typical  engine,  intermediate  power  is  reduced  1 8%  by 
an  increase  in  ambient  temperature  from  59'F  to  95°F; 
whereas,  in  a reciprocating  engine,  the  power  change  is 
equal  to  one  minus  the  square  root  of  the  absolute 
temperature  ratios,  or  3%.  Because  of  this,  the  hot  day 
performance  requirement  generally  governs  the  design 
of,  or  engine  selection  for,  turbine-powered  helicopters. 

The  fuel  flow  at  a given  shaft  power  is  little  affected 
by  engine  inlet  temperature. 

The  engine  specification  shows  methods  of  correct- 
ing for  inlet  temperatures.  A second  method  that  al- 
lows quick  calculations  of  temperature  effects  is  "refer- 
ring". A plot  is  made  of  SHP/(d\/B)  versus 
MGT/6 , where  6 is  the  ratio  of  ambient  pressure  to 
pressure  at  sea  level  and  d is  the  ratio  of  ambient  tem- 
perature (°R)  to  sea  level  standard  temperature 
(518.TR).  Thus,  for  the  limit  MGT  and  ambient  condi- 
tions, the  referred  value  of  MGT  can  be  computed. 
Knowing  the  referred  MGT,  the  corresponding  value  of 
referred  SHP  can  be  read  from  the  chart  and  the  actual 
value  of  SHPcan  be  computed.  This  method  of  analysis 


can  be  used  to  good  advantage  in  parametric  studies 
performed  by  computers  for  preliminary  design  be- 
cause it  avoids  the  use  of  large  amounts  of  data  in  the 
form  of  tables. 

In  some  designs,  the  inlet  is  so  located  that  the  recir- 
culation of  air  causes  a temperature  rise  at  the  engine 
inlet.  This  generally  occurs  in  a helicopter  hovering  in 
ground  effect  where  the  presence  of  the  ground  causes 
changes  in  the  airflow.  This  temperature  rise  adds  to 
the  ambient  temperature  and  results  in  an  increase  in 
the  ambient  temperature  of  the  engine  inlet.  As  the 
temperature  rise  often  is  related  to  proximity  of  the 
engine  inlet  to  the  ground,  it  is  possible  to  have  differ- 
ent installation  losses  when  hovering  in  ground  effect, 
hovering  out  of  ground  effect,  or  in  forward  flight. 

8-3.2.4  Power  Extraction 

Electrical  generators  and  other  accessories  are  run 
by  power  extraction.  The  engine  specification  presents 
methods  of  computing  the  effect  of  power  extraction. 
For  a given  value  of  power  extraction,  the  reduction  in 
shaft  horsepower  available  at  intermediate  power  is  a 
function  of  ambient  conditions.  The  power  loss  in- 
creases with  ambient  temperature.  Thus,  at  100°F  am- 
bient, the  power  loss  can  be  as  much  as  twice  the  power 
extracted. 

8-3.2. 5 Engine  Air  Bleed 

Air  can  be  bled  from  the  engine  for  many  uses,  such 
as  operating  environmental  control  systems  and  the 
scavenging  of  a particle  separator.  The  correction  for 
engine  air  bleed  is  a function  of  percent  bleed 
(100  Wb/Wa),  where  Wb  is  the  amount  of  bleed  air  in 
Ib/sec.  As  with  the  other  losses,  at  a constant  gas  gener- 
ator speed  engine  air  bleed  decreases  SHP,  increases 
MGT,  and  increases  fuel  flow. 

The  loss  in  power  due  to  air  bleed  is  only  slightly 
dependent  upon  ambient  conditions.  Depending  upon 
the  engine  design,  1%  air  bleed  at  intermediate  power 
reduces  power  by  2-4%. 

8-3.2.6  Air  Induction  Anti-ice 

Engine  anti-ice  air  is  a special  application  of  bleed  air 
that  reduces  the  power  available  at  a given  value  of 
exhaust  gas  temperature.  It  also  increases  the  fuel  flow 
at  a given  shaft  horsepower.  Generally,  the  anti-ice  air 
requirement  is  not  a performance-limiting  factor  be- 
cause it  is  needed  only  on  cold  days  when  there  is  ample 
power  available. 
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8-3,2.7  Charts  for  Presentation  of  Installed 
Power 

MIL-P-22203  includes  a format  to  be  used  in  pre- 
senting installation  losses  and  installed  power.  This 
specification  requires  a plot  of  installation  losses  as  a 
percent  decrease  in  shaft  horsepower,  and  a percent 
increase  in  fuel  flow  versus  forward  speed.  This  is  to  be 
presented  at  standard  temperatures  for  altitudes  within 
the  operating  envelope,  and  for  intermediate,  maxi- 
mum continuous,  and  reduced  power  levels.  Plots  are 
required  for  installed  shaft  horsepower  and  installed 
fuel  flow  versus  forward  speed  at  standard  conditions 
for  altitudes  covering  the  operating  envelope  and  for 
intermediate,  maximum  continuous,  and  reduced 
power  levels. 

Because  MIL-P-22203  is  written  mainly  to  cover  air- 
planes, temperature  corrections  to  the  available  power 
are  not  considered  important.  As  noted  earlier,  engine 
inlet  temperature  has  a large  effect  on  power  available. 
The  ability  of  a helicopter  to  hover  is  an  important 
performance  parameter  that  is  especially  critical  on  hot 
days.  To  determine  the  hover  capability  of  a helicopter, 
the  available  power  must  be  determined.  A plot  of 
intermediate  and  maximum  installed  power  at  zero  for- 
ward speed  should  be  provided.  This  plot  should  show 
installed  intermediate  (or  maximum)  power  versus  alti- 
tude at  various  values  of  ambient  temperature  ranging 
from  0°F  to  130°F.  Occasionally,  there  is  an  inlet  tem- 
perature rise  due  to  recirculation  of  air  when  hovering 
in  ground  effect.  In  this  case,  there  should  be  a plot  of 
maximum  power  available  both  in  and  out  of  ground 
effect.  Range  analysis  sometimes  is  required  for  hot 
days;  therefore,  plots  of  installed  fuel  flow  versus  in- 
stalled SHP  should  be  provided  for  the  nonstandard 
days  being  considered. 

8-3.3  LOSSES  BETWEEN  ENGINE  SHAFT 
AND  MAIN  ROTOR 

8-3.3.1  Transmission  Efficiency 

The  loss  due  to  power  transmission  must  be  consid- 
ered. This  loss  is  a function  of  the  design  of  the  trans- 
mission system  and  should  be  estimated  by  the  de- 
signer. 

8-3.3.2  Power  Required  for  Antitorque 

All  single-rotor  helicopters,  except  those  that  are 
tip-driven,  require  a method  of  counteracting  the 
torque  used  to  drive  the  main  rotor.  Even  those  heli- 
copters that  are  tip-driven  must  have  a method  of  con- 
trol and,  therefore,  require  power  to  drive  the  control 
device.  A tail  rotor  has  proven  to  be  the  most  efficient 


method  of  providing  antitorque  and  control  require- 
ments. 

A tail  rotor,  like  any  other  rotor,  requires  more 
power  in  hover  than  forward  flight.  The  power  require- 
ments of  a tail  rotor  in  steady  hover  flight  can  be  es- 
timated using  a typical  value  of  tail  rotor  Figure  of 
Merit.  The  Figure  of  Merit  is  the  ratio  of  the  minimum 
possible  power  required  to  provide  a given  thrust  to  the 
actual  power  required  for  a given  thrust.  The  minimum 
possible  power  is  equal  to  the  induced  power,  which 
can  be  computed  easily.  The  Figure  of  Merit  of  a tail 
rotor  typically  is  equal  to  0.6.  The  following  equations 
show  a method  of  estimating  tail  rotor  thrust  T,H  and 
power  hprR  for  hover: 
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where 

hpTH  = tail  rotoi  power,  hp 
hpM!i  — main  rotor  power,  hp 

/,  = length  from  CL  of  main  rotor 
to  CL  of  tail  rotor,  ft 
Mtr  - tail  rotor  Figure  of  Merit 
Q = main  rotor  torque,  Ib-ft 
Rjr  = tail  rotor  radius,  ft 
= tail  rotor  thrust,  lb 
p = density  of  air,  slug/ft' 
i\MR  = main  rotor  rotational  speed, 
rad /see 

The  tail  rotor  hover  power  requirements  for  a single- 
rotor shaft-driven  helicopter  generally  average  8-15% 
of  main  rotor  power. 

In  steady  forward  flight,  the  tail  rotor  often  is  un- 
loaded by  the  helicopter  vertical  stabilizer;  therefore, 
the  thrust  requirements  are  less.  In  addition,  the  tail 
rotor  induced  power  requirement  decreases  with  for- 
ward speed,  so  the  power  required  at  a given  thrust  is 
decreased.  Tail  rotor  power  averages  4-7  % of  main 
rotor  power  in  forward  flight. 

At  the  present  time,  a replacement  for  conventional 
tail  rotors  is  being  sought.  The  most  likely  candidate  is 
a ducted  fan.  The  power  requirements  for  a ducted  fan 
are  much  greater  than  for  a conventional  tail  rotor  due 
to  the  higher  disk  loading  and  greater  solidity.  The 
power  requirements  for  ducted  fans  and  other  uncon- 
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^ volitional  antitorque  system . mi  oe  estimated  for  the 
specific  design. 


8-3. 3.3  Accessories 

Accessories  that  take  their  power  from  the  drive 
system  mast  be  included  in  computing  power  losses. 
The  number  of  accessories  and  their  associated  power 
requirements  are  dependent  upon  the  design  of  the  heli- 
copter being  analyzed.  These  power  requirements  are 
summarized  as  secondary  power  requirements  and  are 
discussed  in  Chapters  7 and  9. 


I 8-4  FUEL  AND  LUBRICATION 

| SYSTEMS 

j The  selection  of  fuel  and  oil  system  components  per- 

\ tinent  to  preliminary  design,  including  general  safety 
I considerations,  is  covered  in  the  paragraphs  that  fol- 

S ,ow- 

i 

- 8-4.1  FUEL  SYSTEM  REQUIREMENTS 

I MIL-F-8615,  MIL-T-5578,  MIL-T-6396,  and  MIL- 

T-27422 are  general  specifications  that  should  be  used 
as  guides  for  component  requirements. 

The  fuel  system  consists  of  tanks  for  fuel  storage, 
1 refueling  and  defueling  devices,  feed  lines  between 
; tanks  and  engines,  pumps,  and  valves.  Instrumentation 
| provides  sufficient  data  to  permit  continuous  inflight 

monitoring  ot  fuel  system  performance.  The  system 

should  permit  any  engine  to  operate  from  any  tank 
without  affecting  the  operation  of  the  other  engines. 

For  maximum  reliability,  the  operation  of  fuel  feed 
systems  should  be  independent  functionally  of  the  op- 
eration of  other  helicopter  systems.  For  maximum  fire 
protection  and  reliability,  suctm"  fuel  feed  systems 
should  be  used  in  place  of  pressui.-  .d  systems.  Protec- 
tion of  the  crew  and  passengers  can  be  enhanced  fur- 
ther by  avoiding  storage  of  fuel  within,  and  to  the 
maximum  extent  practicable,  above  or  below  occupied 
areas. 

Main  fuel  tanks  normally  consist  cf  one  or  more 
bladder  cells  interconnected  to  form  a tank  of  the  re- 
quired capacity.  The  tank  configuration  and  installa- 
tion must  comply  with  MIL-F-38363.  External  fuel  can 
be  contained  in  tanks  complying  with  Mil  T-73‘  8 or 
MILT-18847.  To  minimize  turnaround  time,  it  should 
lie  poss.'ole  to  remove  and  -".place  all  external  tanks 
readily  and  without  disassembling  the  helicopter. 

Each  engine  feed  tank  should  contain  a device  that 
warns  of  low  fuei  supply.  The  amount  of  fuel  remaining 
when  the  device  is  actuated  must  be  sufficient  for  an 
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engine  to  operate  for  30  min  at  maximum  range  power 
setting,  unless  otherwise  specified. 

The  refueling  system  is  the  part  of  the  propulsion 
system  installation  used  to  fill  the  fuel  tanks  If  pressure 
refueling  is  required,  it  should  refuel  all  tanks  simul- 
taneously from  a single  connection  Operation  of  shut- 
off valves  and  precheck  system  must  not  depend  upon 
the  operation  of  any  o'her  helicopter  system  or  an  aux- 
iliary power  unit.  To  prevent  excessive  surge  pressure 
within  the  refueling  system,  shutoff  valve  closure  time 
may  be  controlled  or  appropriate  pressure  relief  valves 
incorporated. 

Defueling  of  tanks  should  be  possible  using  the  pres- 
sure ref.  sling  system  when  installed.  A low-level  shut- 
off valve  can  be  used  to  insure  complete  defueling  of  all 
tanks  when  starting  with  unequal  fuel  quantities  in 
each  tank. 

The  fuel  system  shall  be  designed  to  be  crashworthy. 
An  applicable  specification  for  such  systems  is  not  yet 
available,  but  the  applicable  design  criteria  are  pro- 
vided by  Refs.  2 and  10.  These  references  describe  the 
methods  of  construction  and  installation  required  to 
assure  the  avoidance  of  post-crash  fire  following  surviv- 
able  crashes.  These  requirements  were  developed  dur- 
ing a comprehensive  test  program  that  included  crash 
testing  of  components  as  well  as  of  helicopters  with 
prototype  systems  installed. 

Crashworthy  fuel  tanks  shall  be  manufactured  and 
qualified  in  general  accordance  with  MlL-T-27-«2„.  but 
the  "tough-wall"  materials  described  in  Refs.  2 and  10 
shall  be  used.  These  references  ;.!so  describe  the  shapes 
required  to  obtain  the  resistance  to  tearing,  snagging, 
or  other  failure  of  the  tanks  that  could  result  in  fuel 
spillage.  The  references  also  describe  in  detail  accepta- 
ble methods  of  attachment  of  the  tanks  to  airframe 
structure  as  well  as  crashworthy  methods  of  attach- 
ment of  other  fuel  system  components  both  to  fuel 
tanks  and  to  airframe  structure. 

Fuel  lines  and  fittings  suitable  for  a crashworthy  fuel 
system  must  bed  an  acceptable  configuration  and  also 
must  be  so  installed  that  the  failure  modes  following  an 
otherwise  survivable  crash  do  not  compromise  the 
crashworthiness  of  the  fuel  system. 

The  references  describe  both  Ihe  component  design 
requirements  and  the  methods  of  assembly  and  installa- 
tion necessary  to  achieve  crashworthiness  of  the  sys- 
tem. Avoidance  of  post-c  'sh  fires  can  be  achieved  best 
by  avoiding  be*'’  the  spillage  of  fuel  and  the  presence 
of  sources  of  combustion.  Attention,  therefore,  also 
trust  be  given  to  the  possible  failure  modes  of  electrical 
components  and  wiring.  The  installation  of  elects ical 
system  components  in  the  vicinity  of  any  potential  fuel 
spillage  area  must  include  protection  against  sparking 
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in  the  event  of  a crash.  Sufficient  information  is  pro-  anticipated  impact  areas  as  possible.  The  oil  cooler 

vided  in  the  references  to  design  a fuel  system  that  mounting  shall  be  able  to  withstand  a 30-g  force  ap- 

meets  all  functional  and  flight  safety  requirements,  plied  in  any  direction, 
while  also  meeting  all  criteria  for  crashworthiness. 


I 


( 

i 


i 

j 

1 


8-4.2  REQUIREMENTS  FOR  OIL  SYSTEMS 

MI  L-O- 19838  should  be  used  as  a guide  for  compo- 
nent requirements. 

8-4.2. 1 Oil  Tanks 

Oil  tanks  may  be  constructed  from  flexible,  crash- 
resistant  material  equivalent  in  strength  to  that  used  for 
the  fuel  tanks.  All  tank  fittings  shall  have  a pullout 
strength  of  not  less  than  80%  of  the  ultimate  strength 
of  the  tank  wall  The  tank  mounting  shall  be  able  to 
withstand  a 30-g  force  applied  in  any  direction.  Oi! 
tanks  should  be  located  as  far  from  anticipated  impact 
areas  as  possible,  and  housed  in  separate  compartments 
built  into  the  airframe. 

Tanks  shall  not  be  located  where  spilled  or  sprayed 
oil  could  be  ingested  readily  into  the  engine  or  ignited 
by  the  engine  exhaus. . Oil  tanks  shall  not  be  located  in 
or  above  engine  compartments,  except  for  engine-fur- 
nished oil  tanks;  in  electrical  compartments;  in  occupi- 
able  areas;  or  under  heavy  masses,  such  as  engines 
and  gearboxes. 

8-4.2.2  Oil  Lines  and  Couplings 

All  oil  lines  should  consist  of  flexible  hose  with  a 
steel-braided  outer  sheath.  The  number  of  couplings 
shall  be  kept  to  a minimum. 

8-4.2.3  Other  Oil  System  Corriponents 

Other  oil  system  components  (e.g.,  pumps,  valves, 
filters)  shall  not  be  located  in  electrical  compartments, 
occipiable  areas,  or  near  the  bottom  of  the  fusela  e. 

Oil  filters  should  not  be  located  in  the  engine  cc.n- 
partment  unless  they  are  an  integral  part  of  the  engine. 
Other  components  located  in  the  engine  compartment 
should  be  restricted  to  those  absolutely  necessary  for 
proper  operation  of  the  system. 

1 he  construction  and  mounting  of  oil  system  compo- 
nents shall  be  able  to  withstand  a 30-g  force  applied  in 
any  direction. 

8-4.2.4  Oil  Cooler 

The  oii  cooler  shall  not  be  located  in  the  engine 
compartment  fexcept  engine-furnished  oil  coolers),  un- 
der engines  or  gearboxes,  cr  in  any  area  where  oil  could 
be  spilled  or  sprayed  onto  hot  surtaces  or  ingested  into 
the  engine.  The  oil  cooler  should  be  located  as  far  from 


8-5  PROPULSION  SYSTEM  FIRE 
PROTECTION 

8-5.1  GENERAL 

Many  fire  protection  factors  are  involved  in  major 
system  design — e.g.,  location  of  equipment,  selection  of 
materials,  shielding  or  insulating  of  possible  ignition 
sources,  and  compartmentalization  of  systems.  The 
propulsion  system  represents  the  most  critical  area 
relative  to  fire  protection  due  to  its  flammable  fluids 
and  possible  ignition  sources.  The  designer  must  insure 
that  the  preliminary  design  is  optimized  with  respect  to 
the  following  four  basic  elements  of  fire  protection; 

1 . Prevention  of  fire 

2.  Resistance  to  the  spread  of  fire 

3.  Reliable  fire  and  overtemperature  detection  sys- 
tems 

4.  Positive  fire  extinguishing. 

8-5.2  FIRE  PREVENTION 

The  following  general  rules  and  safety  precautions 
apply  to  propulsion  system  fire  prevention: 

1.  Isolate  all  combustibles  from  sources  of  igni- 
tion. 

2.  Insure  proper  drainage  of  combustibles  from 
the  vehicle  for  ail  attitudes  of  ground  and  flight  opera- 
tion. Incorporate  provisions  for  proper  removal  or  dis- 
persion (by  ram  or  other  positive  means)  of  ignitable 
vapors. 

3.  Insure  that  drain  lines  will  drain  clear  of  the 
helicopter  and  are  sealed  to  negate  impingement  and 
prevent  reentry  of  combustibles. 

4.  Design  fuel  vents  to  insure  that  spillage  will  not 
occur  in  any  attitude.  Locate  vents  in  areas  isolated 
from  engine  exhaust  or  heated  surfaces  and  away  from 
electrical  ignition  sources. 

5.  Insure  that  all  fuel  system  equipmem  is  isolated 
from  ignition  sources  by  adequate  distance  or  by  com- 
partmentalization. All  electrical  equipment  located  in 
fuel  tanks  must  be  grounded. 

6.  install  electrical  wiring  well  above  and  away 
from  combustible  fluid  lines. 

7.  Shield  wiring  installations  lo  prevent  sparking 
dupng  a ciash  Electrical  wiring  should  allow  a mini- 
mum of  20%  slack  or  permit  the  wires  to  elongate 
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20%,  and  wires  should  be  attached  with  frangible 
clamps  to  allow  for  displacement  during  a crash  se- 
quence. 

8.  Insulate  or  cool  high-temperature  surfaces  such 
as  gas  ducts  to  reduce  the  outside  surface  temperatures 
to  a maximum  of  400“F. 


9.  In  areas  of  possible  hydraulic  fluid  leakage,  em- 
ploy heat  shields  to  provide  local  protection  by  reduc- 
ing temperatures  to  below  the  flash  point  temperature 
of  the  fluid. 


10.  Insure  that  lines  carrying  combustible  fluids  are 
as  direct  as  possible.  Self-sealing,  breakaway  fittings 
and  valves  should  be  used.  Lines  should  be  fire-resist- 
ant with  ample  slack  or  elongation  capability  for  rela- 
tive movement. 

11.  Design  and  position  fluid  tanks  and  lines  to 
withstand  all  survivable  crash  impacts.  Protect  flam- 
mable tanks  and  lines  from  battle  damage.  Prevent  leak- 
ing fuel,  oil,  and  hydraulic  fluid  from  coming  into  con- 
tact with  electrical  equipment  through  the  effect  of 
gravity,  airflow,  or  battle  damage. 


8-5.3  FIRE  CONTAINMENT 

The  following  fire  containment  features  are  applica- 
• ble: 

1.  Engine  compartments  shall  be  isolated  from  oc- 
cupiable  areas  by  firewalls.  The  firewalls  shall  with- 
stand a 2000‘F  flame  for  15  min. 

2.  All  fuel,  oil,  and  hydraulic  fluid  supply  lines 
passing  through  firewall  bulkheads  should  incorporate 
shutoff  valves  located  outside  of  potential  fire  areas. 

3.  Use  of  absorbent  materials  or  materials  consid- 
ered a source  of  reignition  should  be  avoided. 

4.  Consider  using  inerting  systems  and/or  filler 
foam  for  fire  suppression. 

5.  Post-crash  fire  prevention  i .sign  should  incor- 
porate the  features  r "".efs.  2 and  10. 


8-5.4  FIRE  DETECTION  SYSTEMS 

The  regions  surrounding  the  engine  and  APUs  are 
fire  zones.  Therefore,  reliable  fire  detection  systems 
shall  be  provided.  The  fire  detection  and/or  overtem- 
perature warning  system  should: 

1 . Indicate  a hazardous  condition  (either  fire  or  an 
abnormally  high  temperature) 

2.  Remain  on  for  the  duration  of  the  condition 

3.  Indicate  when  the  condition  is  resolved 

4.  Indicate  lecurrence  of  the  fire  or  the  abnormal 
temperature  condition 
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5.  Operate  satisfactorily  throughout  the  flight  en- 
velope. 

The  basic  types  of  fire  detection  systems  include  the 
infrared  or  surveillance  detection  system,  continuous 
wire  system,  the  spot  or  thermocouple  system,  and 
combinations  of  these.  MIL-F-7872  contains  installa- 
tion requirements  for  fire/overtemperature  warning 
systems,  and  MIL-F-23447  describes  installation  of 
radiation  sensing  fire  warning  systems. 

For  any  aircraft,  various  methods  of  fire  detection 
should  be  analyzed  and  the  most  compatible  system 
selected.  The  fire  detection  system  shall  operate 
throughout  the  entire  flight  envelope.  The  infrared  or 
surveillance  detection  system  provides  extensive  fire 
zone  coverage  but  it  must  be  protected  from  random 
sunlight  or  the  individual  photoelectric  cells  must  be 
shielded  to  prevent  false  alarms.  Continuous  wire  de- 
tection systems  are  routed  wherever  temperature 
changes  caused  by  fire  are  likely  to  occur.  However,  the 
continuous  wire  element  is  subject  to  vibration  and 
maintenance  damage.  The  spot  or  thermocouple  type  is 
more  rugged  inherently  than  the  continuous  wire  de- 
tector but  provides  very  limited  coverage.  Spot  detec- 
tors in  reasonable  numbers  can  be  employed  only  in 
limited-volume  fire  zones  such  as  combustion  heater 
compartments.  MIL-D-27729  is  the  applicable  specifi- 
cation for  fire  detectors. 

8-5.5  FIRE  EXTINGUISHING  SYSTEMS 

A positive,  adequate  fire  extinguishing  system 
shall  be  installed  in  each  fire  zone  region.  The  fire 
extinguishing  agent  used  should  not  be  injurious  to  the 
primary  structure  of  the  aircraft  and  should  exhibit  low 
toxicity  in  both  its  natural  condition  and  when  pyro- 
lized.  Bromotrifiuoromethane  (CF.Br)  is  one  of  the 
more  effective  agents;  is  the  least  toxic  of  the  agents 
(except  for  C02)  in  the  pyroiized  condition;  and  is  non- 
corrosive  to  aluminum,  steel,  and  titanium.  Design 
trade-offs  should  be  performed  to  determine  the  types 
and  amounts  of  fire  extinguishing  capability  to  be  pro- 
vided. 

8-6  ENGINE-STARTING  SYSTEMS 

8-6.1  GENERAL 

This  paragraph  describes  the  preliminary  design  and 
selection  of  an  engine-starting  system  for  turbine- 
engine  powered  helicopters.  Because  helicopters  often 
are  required  to  operate  in  remote  areas  where  auxiliary 
power  is  not  available,  their  effectiveness  would  he  cur- 
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(ailed  severely  without  a self-contained  starting  system. 
System  weight  is  a prime  consideration  in  the  selection 
of  engine-starting  equipment.  Because  electrical  power 
is  required  to  operate  other  helicopter  systems,  this 
mode  is  attractive  for  use  as  the  starting  system  in  that 
multiple  tasks  then  can  be  performed  with  a single 
system.  However,  cold  weather  starting  capability  usu- 
ally is  seriously  reduced  when  the  system  must  rely  on 
batteries.  The  use  of  pneumatic  and  hydraulic  systems 
for  engine  starting  usually  requires  an  onboard  auxil- 
iary power  unit  (API’).  Ref.  1 1 gives  an  index  of  appli- 
cable starting  system  specifications  and  standards. 

Auxiliary  power  units  are  covered  in  par.  8-6.4.  This 
paragraph  concentrates  on  the  selection  of  battery  sys- 
tem for  engine  starting.  Ref.  12  documents  a thorough 
study  of  starter  and  battery  characteristics  for  gas  tur- 
bine engine  starting. 

The  importance  of  providing  an  adequate  engine- 
starting system  cannot  be  overemphasized.  Whereas  a 
reciprocating  engine  only  needs  to  be  "turned  over”  for 
starting,  the  gas  turbine  engine  must  be  driven  to  a 
finite  "lightofF'  speed  and  then  assisted  in  accelerating 
to  a self-sustaining  speed.  Penalties  of  an  inadequate 
system  include  an  inability  to  start  and  overtempera- 
ture, or  hot  starts,  resulting  in  decreased  engine  relia- 
bility and  increased  engine  overhaul  costs. 

8-6.2  STARTING  SYSTEM  SELECTION 

The  starter  selection  procedure  involves  the  match- 
ing of  the  battery  and  starter  output  torque  characteris- 
tics to  the  engine  starting  torque  requirements.  Consid- 
erations must  include  the  engine  acceleration  torque 
required  to  meet  the  “time-to-start”  requirements  over 
the  required  ambient  temperature  range. 

Performance  characteristics  of  each  component 
must  be  determined,  followed  by  analysis  of  the  per- 
formance of  combinations  until  the  complete  system  is 
analyzed.  The  objective  is  to  construct  a performance 
curve  showing  starter  torque  output  and  engine-start- 
ing torque  required,  as  shown  in  Fig.  8-17.  Time-to- 
start  calculations  then  can  be  made  from  the  accelera- 
tion torque  values  to  insure  proper  engine  starting  over 
the  desired  ambient  temperature  operating  range. 

8-6.2. 1 Engine  Parameters 

Data  for  the  following  engine  characteristics  are  pre- 
sented in  the  engine  model  specification  for  the  particu- 
lar engine  considered: 

1.  Engine  drag  torque  curve  (motoring  power  re- 
quired) over  the  required  temperature  range,  including 
engine  lightoff,  starter  cutoff,  and  engine  idle  speed 


2.  Starter  drive  pad  to  gas  generator  gear  ratio 

3.  Gas  generator  polar  moment  of  inertia  at  starter 
drive  pad 

4.  Maximum  allowable  starter  torques  (maximum 
static  and  maximum  continuous)  on  drive  pad 

5.  Effect  of  engine  lubricating  oil  and  fuel  viscosity 
on  starting  torque  requirements  throughout  the  ambi- 
ent temperature  range 

6.  Auxiliary  equipment  loading  not  included  in  en- 
gine dr  tg  torqu'  curves 

7.  Required  engine  acceleration  times 

8.  Engine  starter  pad  weight  and  overhung  mo- 
ment limits. 

The  engine  torque  versus  starter  drive  speed  given  in 
the  lower  curve  of  Fig.  8-17  is  typical  of  the  presenta- 
tion in  an  engine  model  specification.  The  engine  curve 
can  be  divided  into  two  segments.  The  first  segment  is 
from  zero  speed  to  engine  lightoff  (minimum  firing) 
speed.  The  second  segment  is  the  lightoff  range,  which 
starts  at  the  firing  speed  and  extends  to  the  idle  speed. 
In  this  segment,  the  engine  torque  crosses  zero  and 
changes  from  a resistive  torque  to  an  assisting  torque. 
Typically,  the  engine  requirements  are  shown  at  two 
ambient  temperatures,  — 65°F  and  59°F;  requirements 
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for  intermediate  temperatures  fall  between  the  two 
curves. 

It  is  important  to  note  that  the  value  of  torque  re- 
quired at  zero  speed  at  — 65T  may  be  much  higher 
than  that  required  at  S^F.  This  is  due  mainly  to  the 
increased  drag  caused  by  the  increase  in  lubricating  oil 
viscosity  at  -65°F.  Restarting  a warm  engine,  with 
warm  oil,  in  — 65*F  ambient  temperature  conditions 
requires  less  motoring  torque  than  does  a cold  start. 

The  torque  requirement  curves  show  steady-state 
torque  values  but  not  torque  required  to  accelerate. 
Thus,  to  determine  the  total  starter  torque  required  for 
acceleration,  data  from  time-to-start  calculations  must 
be  included.  MIL-E-8S93  defines  required  engine 
ground  starting  time  versus  ambient  air  temperature. 
The  following  equation  (Ref.  12)  approximates  the 
acceleration  time  for  increasing  the  rotation  speed 
from  A',  to  A,: 


0.00657 (Aj  - A,) 

(Gf  ~Q,  )Hg'-Qp  ) 


,sec  (8-12) 


where 


C?>,* 


/ = acceleration  time,  sec 
J = polar  moment  of  inertia  of  the 
gas  generator  with  respect  to 
the  starter  drive  pad,  lb-ff 
Q li  = starter  torque  at  points  1 and 
2 2,  Ib-ft 

Qc  = engine  torque  at  points  1 and 
: 2,  lb-ft 

(A,  — A,)  = speed  increment  between 
points  1 and  2,  rpm 

0.0065  = conversion  constant,  47r/(60g) 
Starter  torque  curves  are  provided  by  starter  supp- 
liers and  trial  calculations  can  be  made  to  determine  the 
acceleration  times  with  candidate  starter*. 

Eq.  8-12  must  be  used  over  several  increments  of 
engine  speed.  The  discontinuity  in  the  engine  torque 
curve  (Fig.  8-17)  at  lightoff  speed  is  a limit  to  an  incre- 
ment, for  example.  Also,  the  change  in  the  engine 
torque  from  resistive  to  accelerative  must  be  accounted 
for  by  changing  the  sign  of  the  denominator  terms  for 
the  engine  speed  range  above  the  speed  at  which  the 
engine  torque  becomes  additive. 


8-6.2.2 


Starter  Parameters 


The  output  torque  of  a DC  starter  at  various  values 
of  current  and  voltage  at  the  starter  terminals  can  be 
obtained  readily  from  a torque  speed  grid.  The  torque 
speed  curve  is  compiled  by  selecting  a series  of  voltage 
and  current  conditions,  and  testing  to  determine  the 


starter  speed  and  torque  at  these  points.  Connecting  the 
common  voltage  points  and  the  common  current  points 
results  in  a grid  as  shown  on  Fig.  8-18. 

As  an  example,  to  determine  the  voltage  and  current 
required  at  the  starter  to  produce  24  lb-ft  of  torque  at 
2000  rpm,  locate  the  intersection  , r the  respective 
torque  and  speed  lines.  At  that  intei.  ction,  read  the 
current  and  voltage  input  required,  which  in  this  case 
would  be  500  A and  22.5  V.  The  torque  and  speed  data 
usually  are  determined  at  the  starter  drive  pad.  The 
torque  and  speed  at  the  engine  shaft  will  vary  as  a 
function  of  the  starter-to-engine  gear  ratio. 

With  this  general  procedure,  different  starter  charac- 
teristics, such  as  shunt  start  and  series  start,  can  be 
studied.  The  performance  characteristics  of  the  starter 
at  various  winding  temperatures  must  be  considered. 


8-6.2.S 


Self-contained  Power  Sources 


For  a self-contained  starting  system,  when  batteries 
are  used  to  supply  the  power  for  a turbine  engine  starter 
system,  the  system  batteries  must  deliver  the  required 
voltages  and  currents  during  all  portions  of  the  start 
cycle  over  the  required  temperature  range.  Nickel  cad- 
mium (NiCad)  batteries  are  unequalled  in  the  durabil- 
ity and  performance  capabilities  required  for  a self- 
contained  turbine  starter  system.  NiCad  batteries  are 
rugged  both  chemically  and  mechanically  and,  in  nor- 
mal service,  their  life  expectancy  can  be  measured  in 
years  with  thousands  of  charge  and  discharge  cycles. 

A NiCad  battery  has  the  ability  to  deliver  a uniform 
voltage  at  normal  discharge  rates  and  also  to  deliver 
high  current  rates  with  a relatively  small  reduction  of 
battery  capacity.  The  NiCad  battery  also  has  relatively 
good  performance  at  low  temperatures.  Power  can  be 
extracted  at  low  rates  from  a NiCad  battery  at  sub-zero 
temperatures,  and  the  battery  will  accept  charge  at 
temperatures  down  to  the  freezing  point  of  the  elec- 
trolyte. 

The  high  discharge  rate  capability  of  a NiCad  bat- 
tery falls  off  at  sub-zero  temperature  mainly  because  of 
a rapid  increase  in  internal  resistance.  For  this  reason 
engine  starting  from  batteries  at  a temperature  below 
0°F  is  difficult  Sub-zero  starting  is  possible  but  the 
batteries  must  be  sized  accordingly. 

Battery  discharge  data  usually  are  available  from  the 
battery  manufacturer  in  the  form  of  a family  of  con- 
stant current,  total  capacity  discharge  curves  plotted  as 
functions  of  terminal  volts  and  ampere-hours  at  a given 
ambient  temperature.  Fig.  8-19  represents  these  char- 
acteristics of  a typical  NiCad  battery. 

This  data  presentation  provides  the  relative  relation- 
ship of  the  three  needed  parameters — voltage,  current, 
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and  capacity  (ampere-hours) — at  a given  temperature 
on  one  data  sheet.  Initial  battery  selection  can  be  based 
upon  these  graphs. 

The  battery  data  most  useful  to  the  designer  of  the 
engine-starting  system  is  a battery  voltage  versus  cur- 
rent curve  (Fig.  8-20). 

The  values  of  voltage  at  any  desired  current  can  be 
plotted  directly  on  the  starter-generator  torque  speed 
grids  (Fig.  8- IS)  and  compared  with  the  engine  drag 
torque  curves.  Every  volt-ampere  curve  should  be  ac- 
companied by  a corresponding  current  versus  time 


curve  over  the  applicable  start  cycle  and  for  a given 
value  of  the  ambient  temperature  of  the  battery. 

Temperature  requirements  are  a major  factor  in  siz- 
ing a battery.  Available  battery  capacity  falls  off  rap- 
idly at  both  very  high  and  low  temperatures.  A typical 
curve  is  shown  in  Fig.  8-21.  If  engine  starts  are  to  be 
performed  at  extreme  temperatures,  a correspondingly 
higher  capacity  battery  must  be  used. 

For  airborne  applications,  the  batteries  often  repre- 
sent the  heaviest  component  of  a starting  system,  and 
there  is  a tendency  to  select  an  inadequate  size  in  order 


Fig.  8-18.  Typical  Starter  Torque  vs  Speed 
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Fig.  8-19.  Typical  Battery  Discharge  Characteristics 
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to  save  weight.  This  increases  the  cost  of  operation  of 
the  starting  system  through  both  reduced  performance 
over  the  required  temperature  range  and  reduced  relia- 
bility of  the  starting  system  components,  including  the 
engine. 


8-6.3  CARTRIDGE-BOOSTED  ELECTRICAL 
STARTING  SYSTEMS 

At  low  ambient  temperatures,  the  engine  torque  re- 
i irements  increase,  but  battery  energy  output  de- 
creases. A cartridge  boost  system  for  the  electrical 
starter  is  a possible  solution.  The  objective  is  to  provide 
an  additional  supply  of  energy  that  can  supplement  or 
boost  the  output  of  the  electrical  starting  system. 

The  boost  system  consists  of  a gas  motor  mounted  on 
the  existing  electrical  starter,  a cartridge  breech,  a 
manifold  system  that  directs  the  hot  gas  from  the 
breech  to  the  boost  motor,  and  a cartridge. 


The  breech  is  a pressure  vessel  that  houses  the  car- 
tridge and  acts  as  the  gas  accumulator.  The  breech 
should  contain  a throttle  and  a safety  burst  disk.  The 
gas  motor  is  connected  to  the  aft  end  of  the  electrical 
starter  shaft  with  an  overrunning  clutch.  The  gas  motor 
rotates  only  when  the  cartridge  is  fired. 

Typically,  a cartridge  boost  start  would  be  the  first 
start  of  a cold  day,  and  residual  heat  in  the  engine  and 
the  battery  would  enable  the  remaining  starts  of  the  day 
to  be  made  with  battery  only. 

8-6.4  AUXILIARY  POWER  UNIT  (APU) 
INSTALLATIONS 

This  paragraph  considers  the  uses  and  problems  of 
auxiliary  power  units  installed  in  helicopters.  Discus- 
sion is  limited  to  helicopter-mounted  gas  turbine  en- 
gines conforming  to  the  requirements  of  MIL-P-8686. 
V irious  trade-off  considerations  pertinent  to  APU  in- 
stallation and  design  selection  are  presented. 
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Fig.  8*20.  Typical  Battery  Voltage  vs  Current 
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Fig.  8-21.  Typical  Relationship  Between 
Temperature  and  Available  Capacity  for  Batteries 


8-6.4. 1 Major  APU  Types 

The  APU  is  categorized  by  the  method  of  energy 
transfer,  e.g.,  direct  drive,  shaft  power,  pneumatic.  The 
APU  is  “auxiliary"  in  that  it  provides  power  in  one  of 
these  forms,  separate  from  the  main  engine,  for  use 
during  some  part  of  the  helicopter  operational  enve- 
lope. However,  it  becomes  a primary  unit  when  the 
power  is  used  to  start  the  main  engine,  because  APU 
operation  then  is  essential  to  initiation  of  the  helicopter 
mission.  The  APU  can  be  started  in  a number  of  ways, 
including  electrically,  hydraulically,  pneumatically, 
and  manually. 


8-6.4. 1.1 


Shaft  Power 


APUs  of  this  type  include  all  units  used  primarily  as 
a source  of  mechanical  power  (power  takeoff).  Single- 
spool units  are  used  to  provide  power  to  the  APU 
reduction  drive.  In  two-spool  units  (free  turbine)  the 
power  turbine  provides  the  output  shaft  power.  The 
free  turbine  generally  is  capable  of  operating  more  effi- 
ciently through  a greater  range  of  speeds,  and  of  providing 
liighcr  power  at  low  output  shaft  speed,  than  is  the 
single-spool  unit. 

The  shaft  power  available  from  (he  APU  reduction 
drive  output  pad(s)  is  used  by  the  helicopter  designer 
in  the  forms  considered  optimum  for  the  particular 
helicopter  and  mission  requirements.  These  forms  may 
he; 

1 (Electrical.  Alternating  current,  direct  current, 
and/or  rectified  alternating  current  for  direct  current 
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2.  Hydraulic.  Pumps  and  pump/motors  may  be 
used  in  systems  where  power  is  varied  by  regulating 
either  hydraulic  fluid  pressure  or  flow  rate. 

3.  Pneumatic.  Available  envelope  (size  and  shape) 
and  pneumatic  performance  requirements  may  make  it 
more  desirable  to  use  shaft  power  to  drive  a blower 
than  to  use  APU  bleed  air.  This  would  be  likely  if  the 
helicopter  air  supply  requirements  were  for  pressure/- 
flow  levels  either  higher  or  lower  than  those  available 
as  bleed  from  the  APU  compressor  (even  though  air 
horsepower  may  be  similar). 

4.  Direct  drive.  In  some  cases  the  helicopter  can  be 
designed  to  use  APU  power  by  direct  mechanical  drive. 
Main  engine  starting  may  be  performed  efficiently  in 
this  way  if  the  APU  is  the  two-spool  type  (to  provide 
high  torque  at  low  main  engine  cranking  speeds). 

5.  Combination.  Weight  and  size  can  be  optimized 
by  considering  combined  energy  transfer  methods.  A 
typical  example  would  be  to  use  direct  drive  main  en- 
gine starting  (where  high  power  may  be  needed  for 
short  pen.  ids),  combined  with  APU  accessory  drive 
pads  for  electrical  and/or  hydraulic  outputs  for  pre- 
flight  operational  checks  and  preparations. 


8-6.4. 1.2  Compressed  Air  Power 

Power  may  be  obtained  from  some  types  of  gas  tur- 
bine APUs  (usually  single-spool)  by  bleeding  air  from 
the  compressor  discharge.  This  air  will  be  at  a pressure 
of  a few  atmospheres,  with  400-600°F  temperature,  and 
with  mass  flow  rates  dependent  upon  the  APU  size  and 
aircraft  requirements. 

8-6.4. 1.3  Compressed  Air  Bleed  Combined 

With  Combustion  Products 

Considerable  additional  mass  flow  is  available  at  the 
APU  exhaust  but  at  low  pressure  levels  and  high  tem- 
peratures (typically  1(XXM400°F).  If  this  gas  is  mixed 
with  compressor  bleed  air,  some  advantage  may  be 
obtained  in  tower  temperatures  and  higher  pressures, 
with  higher  mass  flow.  However,  this  procedure  cur- 
rently is  not  common  practice. 

8-6.4.2  Tradeoff  Considerations  for  APU 
Selection 


Ordinarily,  the  decision  to  install  an  APU  in  a heli- 
coptct  is  based  upon  the  requirements  of  assigned  mis- 
sions. Some  significant  trade-off  factors  are  described 
subsequently,  and  are  related  to  possible  mission  profile 
considerations. 


8-6.4.2.1  Self-sufficiency 

Because  helicopters  have  become  more  complicated, 
the  self-contained  airborne  starters  formerly  used  have 
been  replaced  with  larger,  more  complicated  ground 
support  equipment.  Thus,  the  mission  capabilities  of 
many  helicopters  have  been  limited  when  operation 
from  temporary  bases  or  completely  unimproved  for- 
ward areas  was  desired. 

The  availability  of  comparatively  lightweight  APUs 
has  resulted  in  their  use  to  provide  self-sufficiency  for 
main  engine  starting  under  any  expected  operating  con- 
dition or  location.  In  some  cases,  cartridge  starters 
have  been  used  to  provide  self-sufficiency.  Thus,  cold 
day  cartridge  reliability  will  be  considered  along  with 
potential  multiple  functions  of  the  APU. 

When  helicopter  availability  must  be  maximized, 
redundant  main  engine  starting  is  considered.  This  may 
be  accomplished  with  the  pneumatic  APU  system  by 
cross-bleed  ducting  in  multiengine  helicopters  or  by 
simple  valving  to  use  ground  support  air  supply  equip- 
ment. Redundancy  also  can  be  arranged  with  other 
APU  types.  In  such  cases,  it  is  necessary  to  design  the 
APU  for  rapid  removal  and  replacement.  No  APU 
trouble-shooting  would  be  performed;  helicopter  mal- 
function indicators  need  only  confirm  impending  or 
actual  APU  failure  and  a replacement  APU  can  be 
installed  in  a few  minutes. 

8-6.4. 2. 2 Ground  Support  Functions 

The  operational  helicopter  mission  profile  shall  in- 
clude definition  of  all  required  functions  before  takeoff 
and  before  main  engine  starting.  Ground  checks  jf 
items  such  as  flight  control  systems,  avionic  equipment, 
electronic  countermt.  .sure  (ECM)  equipment,  and  fail- 
ure warning  systems  easily  can  be  performed  with 
power  supplied  by  an  APU.  The  hydraulic,  electrical, 
or  pneumatic  power  needed  for  these  checks  also  can 
be  supplied  more  economically  by  an  APU  than  by  the 
main  engine(s).  This  results  from  the  lower  fuel  con- 
sumption of  the  APU  (hence  iower  cost  and  logistic 
support  time)  and  the  reduced  net  operating  time  on 
the  main  engine(s).  The  increased  flight  time  between 
main  engine  overhauls  also  will  increase  availability 
and  reduce  maintenance  costs. 

8-6.4.2.3  Flight  oi  Alternate  Support 
Functions 

Other  functions  involving  ground  or  flight  supporl 
may  be  needed.  Ground  maintenance  functions  often 
require  many  hours  of  APU  time,  and  the  APU  may 
compile  three  to  five  (or  more)  times  the  main  engine 
operating  hours.  Air-conditioning  for  personnel  or  spe- 
cialized equipment  may  be  needed  for  all  helicopter 
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- operating  modes.  The  APU  can  provide  these  functions 
| on  the  ground  economically,  and  use  of  the  APU  for 
these  support  functions  in  flight  takes  some  burden  off 
the  main  engine.  Furthermore,  with  the  APU  operating 
in  flight,  the  probability  of  a successful  main  engine 
restart  is  increased,  although  inflight  APU  starting  can 
be  provided  when  needed. 

8-6.4.2.4  Weight  Optimization 

Optimum  system  weight  shall  be  the  objective.  The 
system  will  include  the  APU,  APU  starting  compo- 
nents, APU-driven  equipment,  and  helicopter  system 
components  for  energy  transfer  (such  as  ducting,  wir- 
ing, fuel  lines,  oil  lines,  and  drain  lines).  Other  factors, 
such  as  the  total  weight  of  the  APU  fuel  used  during 
a typical  flight,  also  shall  be  considered. 

Once  the  helicopter  mission  profile  is  established, 
trade-ofTs  can  be  examined  to  choose  the  optimum 
weight  system.  APU  size  and  weight  often  are  deter- 
mined by  the  maximum  power  needed  for  main  engine 
starting.  Other  functions  performed  by  an  APU  proba- 
bly will  require  less  power,  but  for  longer  periods  of 
time.  A possible  exception  is  the  air-conditioning  sys- 
tem, which  usually  requires  total  APU  power  on  hot 
days. 


8-6. 4. 2. 4.1  Electrical  Energy  Transfer 

Main  engine  starting  often  is  accomplished  electri- 
cally. As  the  power  requirements  increase,  electrical 
equipment  becomes  large.  Electrical  main  engine  start- 
ing has  a weight  advantage  at  power  levels  below  15-25 
hp.  Future  APU  designs  may  show  weight  advantages 
for  electrical  power  levels  above  this  if  the  generating 
equipment  can  be  driven  at  APU  turbine  speed,  thereby 
reducing  both  APU  reduction  drive  and  alternator 
weight. 

For  electrical  energy  transfer  systems,  the  lightest 
weight  APU  starting  probably  will  be  electrical,  espe- 
cially if  a starter-generator  is  employed.  Batteries  can 
start  the  APU  and  also  provide  start  sequencing  system 
power. 


8-S.4.2.4.2  Hydraulic  Energy  Transfer 

At  APU  power  levels  above  25  hp,  energy  transfer 
may  be  performed  more  efficiently  by  using  hydraulics. 
However,  this  hinges  largely  on  helicopter  system 
needs.  Integration  with  other  systems  can  make  APU 
hydraulics  attractive.  A suitable  APU-driven  pump/- 
mo'or  will  start  the  APU,  recharge  the  APU  hydrau- 
lic starting  system,  and  provide  the  main  engine  start- 
ing power.  The  hydraulic  energy  usually  will  be  used  by 
a motor  mounted  to  drive  the  main  engine  reduction 
drive,  or  an  auxiliary  (combining)  gearbox.  Hydraulic 
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APU  starting  requires  accumulators,  valves,  lines,  re- 
charge system,  etc.;  but  some  of  these  may  serve  dual 
functions  when  other  helicopter  systems  are  hydraulic. 

Generally,  higher  pump/motor  speeds  mean  lower 
weight  for  both  the  pump/motor  and  the  APU  reduc- 
tion drive.  Higher  pressure  also  means  more  energy 
transfer  per  unit  weight.  Pressure  levels  of  3000-4000 
psi  commonly  are  used  in  helicopter  control  systems 
and  APU  energy  transfer. 

8-  6. 4. 2. 4. 3 Pneumatic  E nergy  Transfer 

Energy  transfer  by  pneumatics  (compressor  bleed  or 
shaft  power-driven  compressors)  can  show  a weight 
advantage  when  air-conditioning  or  equipment  cooling 
requirements  are  large  compared  with  main  engine- 
starting power  required.  The  hydraulic  system  has 
higher  efficiency  of  energy  transfer  but,  if  large  system 
ducting  is  needed  for  air  conditioning,  overall  weight 
may  be  saved  by  using  a completely  pneumatic  APU. 
APU  starting  could  be  electrical  or  hydraulic,  depend- 
ing on  available  helicopter  components. 

8-6.4. 2.4.4  Direct  Drive  Energy  Transfer 

When  power  is  supplied  directly  through  a reduction 
drive  system,  energy  transmission  efficiency  is  very 
high.  When  a direct  drive  from  the  APU  is  used  for 
main  engine  starting,  the  most  efficient  design  would 
use  a two-spool  (free  turbine)  APU.  Single-spool  en- 
gines may  be  used  but  a clutch  is  required  to  engage  the 
drive  shaft  at  near  rated  speed  (85-95%)  into  an  auxil- 
iary gearbox.  A const  ant -speed  drive  can  be  integrated 
into  this  helicopter  gearbox  to  start  the  main  engine(s), 
or  a hydraulic  pump  may  be  driven  to  absorb  APU 
power.  Direct  drive  from  the  two-spool  APU  to  the 
gearbox  eliminates  other  system  components  and 
should  be  evaluated.  With  optimum  APU  location,  it 
can  provide  the  lightest  weight  package. 

8-  6. 4. 2. 4. 5 Combination  Energy  Transfer 

Almost  every  helicopter  will  require  some  hydraulic 
and/or  electrical  power  in  addition  to,  and  not  neces- 
sarily concurrent  with,  the  main  engine  starting  re- 
quirement. Therefore,  the  APU  should  be  designed  to 
answer  all  of  these  needs.  The  optimum  system  will  be 
established  by  other  system  requirements.  The  APU’s 
power  per  pound  may  vary  with  the  energy  transfer 
methods,  but  the  overriding  effect  may  be  the  weight  of 
the  complementary  helicopter  system  components. 

8-6. 4. 2. 5 Space  Optimization 

In  many  cases,  the  APU  can  be  placed  in  space 
otherwise  unused.  Minor  compromises  or  rearrange- 
ment of  other  system  components  may  be  required  to 
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provide  space  for  APU  inlet,  exhaust,  and  cooling  duct- 
ing. These  penalties  must  be  examined  before  the  APU 
is  chosen. 

The  shape  of  available  space  may  dictate  the  APU 
configuration.  For  example,  if  a pneumatic  APU  is 
needed,  the  compressor  air  bleed  APU  has  a larger 
diameter  but  shorter  length  for  a given  output  power 
than  a shaft  power  APU  driving  a compressor. 

APU  reduction  drives  are  available  to  fit  driven 
equipment  into  the  available  space.  For  combination 
requirements,  side  pads,  axial  pads,  and  "piggyback" 
pads  can  be  used  for  fitting  the  space. 

Maximum  APU  power  may  be  a function  of  availa- 
ble space.  Therefore,  it  may  be  desirable  to  limit  APU 
power  requirements  so  that  no  space,  weight,  or  other 
helicopter  compromises  are  needed.  This  could  occur 
when  the  APU  power  level  is  established  by  air-condi- 
tioning or  accessory  needs  and  not  by  main  engine- 
starting  requirements. 

8-6.4.2.6  APU  Performance 

Tradc-ofFs  often  exist  between  APU  specific  horse- 
power and  specific  fuel  consumption.  Some  APU  de- 
signs have  high  power-to-weight  ratios,  but  not  very 
favorable  power-to-fuel-consumption  ratios.  High 
power-to-weight  ratios  are  satisfactory  where  operation 
is  primarily  on  the  ground  or  when  the  weight  or  space 
penalties  of  APU  fuel  are  not  significant.  If  the  APU 
must  operate  during  extended  flight  missions,  low  SFC 
will  show  an  advantage  in  lower  overall  system  weight. 

S-6.4.3  APU/Helicopter  Interface 
Considerations 

Interface  relationships  between  the  helicopter  and 
APU  must  be  examined  in  the  preliminary  design 
phase  to  assess  the  impact  of  APU  installation.  The 
same  considerations  are  applicable  to  an  APU  installa- 
tion as  are  pertinent  for  the  installation  of  propulsion 
engines.  The  discussion  of  these  considerations  in  par. 
8-2  also  is  applicable  to  APU  installations  and  there- 
fore is  not  repeated  here.  Similarly,  the  discussions  of 
fuel  and  oil  systems  in  par.  8-4  and  fire  protection  in 
par.  8-5  also  apply  to  the  APU. 


8-7  ENGINE/AiRFRAME  INTEGRATED 
CONTROL  SYSTEM 

8-7.1  GENERAL 

The  interaction  of  the  helicopter  rotor,  engine,  and 
propulsion  control  system  requires  careful  attention  if 
a good  or  even  workable  propulsion  control  system  is 


to  be  achieved.  The  flight  system  requirements  re- 
viewed in  the  subsequent  paragraphs  are  followed  by  an  i 
investigation  into  the  means  by  which  these  require- 
ments can  be  met. 


8-7.2  ROTOR  SPEED  REQUIREMENTS 

Lift  generated  by  a helicopter  rotor  system  depends 
in  part  upon  the  speed  and  collective  pitch  of  the  rotor, 
either  or  both  of  which  can  be  varied  by  the  pilot. 
Because  large  rotor  inertia  cannot  be  accelerated  or 
decelerated  rapidly,  quick  changes  in  lift  needed  during 
helicopter  flight  are  accomplished  best  by  rapid 
changes  in  collective  pitch.  This  leads  to  the  primary 
consideration  for  the  system,  i.e.,  a constant  helicopter 
rotor  speed,  with  the  pilot  controlling  lift  by  controlling 
the  collective  pitch  angle. 

Optimum  helicopter  rotor  speed  depends  upon  for- 
ward speed,  altitude,  aircraft  weight,  etc.  High  rotor 
speeds  usually  are  required  at  high  forward  speeds  to 
avoid  retreating  blade  stall.  When  landing  or  maneuv- 
ering near  obstacles,  high  rotor  speed  or  high  rotor 
inertia  is  desired  as  protection  against  engine  failure  or 
wind  gusts,  whereas  low  rotor  speed  is  preferred  at 
cruise  altitude  to  reduce  noise,  vibration,  and  some- 
times to  increase  efficiency  of  the  engine  and  rotor 
system.  However,  these  operational  rotor  speeds  rarely 
differ  by  more  than  10%. 

Once  the  pilot  selects  a particular  rotor  speed,  the 
control  system  should  maintain  this  speed  accurately 
unless  it  is  changed  by  the  pilot.  Steady-state  accuracy 
reduces  monitoring  by  the  pilot  and  facilitates  failure 
detection. 


8-7.3  POWER  MANAGEMENT 
REQUIREMENTS 

An  additional  requirement  for  multiengine  helicop- 
ter operation  is  power  management,  i.e.,  the  selection 
of  power  from  one  or  all  engines.  An  inherent  advan- 
tage of  the  multiengine  helicopter  is  its  failed-engine 
capability.  Prompt  recovery  of  power  following  an  en- 
gine failure  is  vital.  Therefore,  the  engine  load  must  be 
shared  such  that  acceleration  to  full  power  on  each 
engine  is  achieved  in  approximately  the  same  time.  This 
can  be  achieved  by  matching  torques,  speeds,  or  tem- 
peratures. However,  the  parameter  that  is  used  should 
be  matched  precisely,  thereby  leaving  the  pilot  no 
doubt  as  to  correct  operation  of  the  system.  Matching 
of  torque  is  a distinct  advantage  if  the  transmission  or 
the  engine  is  torque-limited. 
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8-7.4  ENGINE  LIMIT  CONTROL 
“ , REQUIREMENTS 

Engine  limit  control  is  the  most  important  function 
of  the  engine  control  system.  The  engine  control  not 
only  controls  engine  acceleration  and  deceleration  but 
also  protects  against  overspeed,  overtemperature,  and, 
therefore,  against  overtorque.  These  functions  must 
override  the  requirements  of  the  main  rotor  system. 
However,  the  responsibility  for  these  protective  func- 
tions lies  with  the  engine  designer  and  is  not  discussed 
further  in  this  handbook. 
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8-7.5  INTEGRATED  CONTROL 
REQUIREMENTS 

A manually  operated  collective  pitch  control  lever 
that  also  contained  a twist  grip  throttle  for  coordinat- 
ing the  speed  requirements  of  the  rotor  was  installed  in 
early  helicopters.  This  system  permits  rapid  selection  of 
collective  pitch  angle  and  enables  the  pilot  to  adjust  the 
speed  of  the  rotor  separately. 

Such  a system,  however,  demands  considerable  con- 
centration and  dexterity  on  the  part  of  the  pilot. 
Manual  control  is  increasingly  complex  with  free 
power  turbine  engine  installations,  and  use  of  an  auto- 
matic engine  output  shaft  speed  governor  is  essential. 

8-7.5. 1 Proportional  Control  System 

The  engine  output  shaft  speed  governor  most  com- 
monly used  is  a proportional  hydromechanical  type.  In 
this  system,  engine  output  shaft  speed  is  sensed  by 
flyweights  located  in  the  engine  control  system.  Open- 
ing of  the  flyweights  against  a spring  reduces  fuel  flow 
in  proportion  to  the  speed  error  (Fig.  8-22).  The  force 
on  the  spring  is  then,  in  essence,  the  desired  or  selected 
engine  output  shaft  speed  and  is  varied  manually  by  the 
pilot.  With  an  increasing  load  on  the  main  rotor,  a 
proportional  control  has  a droop  in  steady-state  speed 
(Fig.  8-23).  As  the  gain  of  the  engine  output  shaft  speed 
governor  becomes  higher,  the  amount  of  main  rotor 
speed  droop  decreases.  The  stability  requirements  that 
usually  dictate  the  upper  gain  limits  are  complicated  by 
the  flexibility  of  the  main  rotor  shaft  system  and  by  the 
dynamics  of  a free  power  turbine  engine. 

8-7.5.2  Rotor  System  Response 

When  a turbine  engine  is  connected  to  a helicopter 
rotor  system,  the  resulting  combination  may  be  unsta- 
ble. Careful  analysis  of  the  engine,  power  control  and 
drive  system  early  in  the  design  stage  is  necessary. 
Close  cooperation  between  the  designer  of  the  drive 
system  and  the  engine  manufacturer  is  required. 
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Investigations  of  this  type  usually  are  conducted  by 
combining  the  transfer  functions  for  the  engine  and 
power  control  system  as  defined  by  the  engine  manu- 
facturer with  the  transfer  functions  for  the  drive  sys- 
tems. A frequency  response  analysis  provides  a means 
of  evaluating  both  the  low  frequency  phase  margin  and 
the  torsional  gain  margin. 

With  respect  to  torsional  oscillation,  helicopter  rotor 
systems  can  be  categorized  into  two  major  classes.  The 
first  of  these  is  the  rigid  rotor.  In  most  cases  the  com- 
plex spring-mass  system  can  be  represented  as  the 
lumped  parameter  system  as  shown  in  Fig.  8-24.  The 
transfer  function  of  such  a system  has  a typical  fre- 
quency response  as  shown  in  the  Bode  plot  of  Fig.  8-25. 
The  resonant  peak  occurs  at  the  rotor  system  natural 
frequency,  which  typically  occurs  in  the  range  of  3-6 
Hz.  It  is  this  resonant  peak  that  must  be  attenuated  by 
the  engine-control  system  if  torsional  oscillation  is  to  be 
avoided. 

The  second  class  of  rotor  system  is  the  articulated 
type.  This  type  of  system  is  characterized  by  a lag  hinge 
in  the  plane  of  rotation  of  the  rotor.  Lag  hinge  dampers 
are  placed  across  the  hinge.  Although  these  dampers 
have  a significant  effect  on  the  rotor  system  resonance, 
their  dynamic  characteristics  usually  are  defined  by 
other  requirements  of  the  rotor  system.  The  articulated 
rotor  system  can  be  represented  as  shown  in  Fig.  8-26. 
The  transfer  function  involves  more  terms  than  does 
that  for  the  rigid  rotor.  However,  the  typical  Bode  plot 
is  of  essentially  similar  form.  The  articulated  rotor  with 
lag  hinge  dampers  does  not  exhibit  as  sharp  a peak  in 
the  region  of  rotor  resonance  as  does  the  rigid  rotor. 

A special  case  of  the  articulated  rotor  system  uses  a 
preloaded  lag  hinge  damper.  When  the  amplitude  of 
the  torsional  oscillation  between  hub  and  blade  is  less 
than  that  permitted  by  the  preload  setting  of  check 
valves  in  the  damper,  the  damper  behaves  as  a spring. 
The  spring  effect  is  produced  by  the  compressibility  of 
the  hydraulic  fluid.  The  effect  of  this  lag  hinge  damper 
characteristic  is  to  make  the  articulated  rotor  behave 
more  like  a rigid  system. 

The  information  required  to  analyze  the  rotor  system 
dynamics  is  defined  in  Ref.  13.  This  information  is  to 
be  supplied  to  the  engine  manufacturer  by  the  ah  frame 
manufacturer  in  order  that  the  dynamic  characteristics 
of  the  engine  and  its  control  system  may  be  selected  so 
that  the  torsional  oscillations  are  minimized. 

The  foregoing  description  of  the  analytical  tech- 
niques has  been  somewhat  simplified.  Significant  fac- 
tors have  been  neglected  in  the  interest  of  clarity. 

One  of  the  neglected  factors  is  the  tail  rotor.  The  tail 
rotor  in  some  cases  may  be  the  critical  element  in  the 
system  and  also  may  have  a significant  effect  on  that 
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natural  frequency  which  is  dependent  principally  on 
the  stiffness  of  the  main  rotor  shaft.  This  effect  of  the 
tail  rotor,  therefore,  must  be  considered.  The  derivation 
of  the  system  transfer  functions,  including  the  tail  ro- 
tor, is  similar  to  that  for  the  more  simplified  system. 

Another  consideration  is  the  multiple  engine  instal- 
lation. For  such  installations  the  analysis  should  con- 
sider both  the  single  engine  and  the  multiple  engine 
cases.  The  multiple  engine  case  can  be  studied  by  con- 
sidering tha":  the  engines  are  identical  and  thus  can  be 
treated  as  a single  engine  having  power  turbine  inertia 
and  torque  output  equal  to  the  sum  of  these  parameters 
for  all  the  engines. 

8-7.5.3  Engine  and  Rotor  Damping 

Damping  of  the  helicopter  rotor  BK  or  of  the  power 
turbine  BP  is  defined  as  the  rate  of  change  of  torque 
with  respect  to  speed  (Fig.  8-27).  Whenever  possible, 


the  value  of  these  derivatives  should  be  derived  from 
performance  data  for  each  of  the  components  in  ques- 
tion. If  the  required  performance  data  are  not  available, 
reasonable  estimates  can  be  made. 

The  torque  required  to  drive  a helicopter  rotor  at  a 
fixed  collective  pitch  may  be  assumed  to  be  a function 
of  the  square  of  the  rotational  speed.  An  approximation 
of  the  rotor  damping  derivative,  therefore,  can  be  cal- 
culated for  any  collective  pitch  from  the  power  ab- 
sorbed and  the  helicopter  rotor  speed. 

The  torque  of  a free-shaft  power  turbine,  like  that  of 
any  impulse  machine,  is  linear  with  speed.  The  stalled 
torque  is  approximately  twice  the  optimum  torque,  and 
runaway  speed  is  twice  the  optimum  speed.  The  damp- 
ing can  be  calculated  from  the  optimum  torque  and 
optimum  speed  (Fig.  8-27).  The  value  of  the  power 
turbine  damping  will  be  approximately  one-half  the 
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Fig.  8-22.  Proportional  Control  System 
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value  of  the  rotor  damping  and  both  are  positive  in  that 
they  reduce  instability. 


8-7.6  ENGINE  RESPONSE 

The  gas  generator  portion  of  a single-spool  gas  tur- 
bine engine  operates  at  a constant  speed  and,  therefore, 
can  respond  almost  immediately  to  a request  for  power 
change.  In  these  engines  only  a very  short  lag  exists  as 
the  combustor  flame  propagates;  then  full  power  is 
supplied. 

The  gas  generator  portion  of  a free-shaft  turbine  en- 
gine does  not  operate  at  constant  speed  and  must 
change  speed  prior  to  completing  any  power  change. 
However,  part  of  the  power  is  available  as  soon  as  fuel 
is  burned.  This  is  called  the  “fast  path"  and  is  one- 
quarter  to  one-half  of  the  total  power  change.  Linear 
mathematical  models  of  fixed-shaft  and  free-shaft  tur- 
bines are  shown  in  Fig.  8-28. 
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Rotor  Representation 


To  best  maintain  constant  rotor  speed,  a propor- 
tional governor  should  maintain  the  open-loop  gain 
constant  at  all  conditions. 


constant  (8-13) 
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Fig.  8-23.  Droop  of  a Proportional  Control  System 


(V,.  ---  power  turbine  speed  error 

signal  (set  speed  minus  actual 
speed),  rpm 

rV„  = main  rotor  speed,  rpm 
Q •-  engine  output  torque,  Ib-ft 
Wf  = fuel  flow  rate,  Ib/hr 

The  engine  torque-to-fuel  flow  gain  is  independent  of 
altitude,  but  the  rotor  gain  is  proportional  to  air  den- 
sity. The  fuel  control  gain,  therefore,  should  be  in- 
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Fip,.  8-25.  Bode  Plot  of  a Two-mass  Rotor  System 


versely  proportional  to  air  density.  This  is  achieved  by 
scheduling  Wt/Pn  or  Wj/Pri  with  speed  error.  These 
parameters  also  are  the  most  common  functions  used 
to  protect  the  gas  generator,  A W,/P,.  control  will 
approach  the  stability  limit  at  high  power  and  (he 
Wj/P at  low  power. 

A Wt/P^  system  has  a secondary  effect  in  reducing 
the  transient  response  of  the  free-shaft  turbine  en- 
gine— full  fuel  flow  cannoi  be  achieved  until  P, , has 
been  increased  and  transmitted  to  the  fuel  control. 
Consequently,  the  lag  due  to  the  free-shaft  turbine  is 
increased,  and  the  first  break  point  on  a Bode  nlot  of 
the  control  and  engine  combination  is  reduced  as  seen 
in  Fig.  8-29.  This  may  be  an  advantage  if  a relatively 


undamped  resonance  at  .1-5  Hz  requires  a gain  reduc- 
tion. However,  in  most  helicopters,  the  system  dynam- 
ics do  not  require  such  severe  attenuation.  The  effect  of 
the  lag  of  a free-shaft  turbine  can  be  reduced  by  using 
reset  governing  A reset  governor  does  not  change  fuel 
flow  directly  but  resets  the  gas  generator  governor  io 
a new  desired  value.  As  the  gas  generator  approaches 
this  value,  the  fuel  flow  change  is  reduced.  The  rale  of 
change  of  fuel  flow  with  gu  generator  speed  can  be 
varied  to  suit  (he  application,  insuring  an  adequate 
stability  margin  at  the  first  crossover  frequency,  and 
attenuating  any  rotor  resonance.  T.vpeneiice  has  shown 
that  most  helicopter  systems  with  . control  can 

use  reset  governing  to  achieve  faster  response. 
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Fig.  8*26.  Mathematical  Model  of  a 
Three-mass  System 


8-7.7  COLLECTIVE  PITCH  SIGNAL 

When  the  dynamics  of  the  rotor,  engine,  and  engine 
control  have  been  studied  and  a proportional  engine 
control  optimized,  the  response  still  will  not  be  ideal. 
There  will  be  excessive  transient  and  steady-state  droop 
that  will  be  unacceptable  to  the  pilot.  Additional  tech- 


niques will  be  required  to  obtain  a satisfactory  control 
system. 

The  most  successful  approach  is  to  monitor  the  col- 
lective pitch.  A collective  pitch  signal,  whether  of  elec- 
trical or  mechanical  linkage,  can  be  used  to  change  the 
engine  output  shaft  speed  governor  setting  in  anticipa- 
tion of  any  load  (collective  pitch)  change.  Mechanical 
linkage  that  connects  the  collective  pitch  to  the  engine 
output  shaft  or  gas  generator  speed  governor  select 
lever  is  satisfactory.  The  pilot’s  speed  trim  can  be  ac- 
complished oy  an  electrical  motor-driven  link.  This 
system  is  cumbersome  on  large  helicopters  and  cannot 
be  relied  upon  to  eliminate  completely  the  rotor  speed 
droop.  Altitude  and  forward  speed  effects  limit  the 
steady-state  speed  droop  reduction  to  90%  of  the  un- 
compensated speed  droop. 

On  large  helicopters,  the  collective  pitch  usually  is 
monitored  electrically,  and  the  governor  speed  setting 
is  modified  according  to  the  derivative  of  the  signal  or 
a straight  line  approximation  of  the  correct  reset.  Such 
a system  has  to  respond  quickly  if  any  reduction  in 
transient  droop  is  to  be  achiever.. 

8-7.7. 1 Variable  Gain  Devices 

The  gain  of  a governor  need  not  be  constant  and  can 
be  designed  to  vary  with  engine  power  or,  more  com- 
monly, with  size  of  the  speed  error.  Large  errors — such 
as  might  occur  during  a jump  takeoff  that  requires  high 
gains—  produce  large  fuel  flow  changes.  Nonlinearities, 
such  as  the  acceleration  limit,  prevent  any  large  oscilla- 
tions. As  the  system  nears  the  steady-state  point,  the 
gain  is  reduced  to  prevent  any  small  oscillations  that 
otherwise  would  occur.  An  overlapped  valve  is  an  ex- 
ample of  such  a device  in  a hydromechanical  control. 

8-7.7. 2 Slow  Time  Constant  Governors 

If  rotor  resonance  is  the  predominant  stability  limi- 
tation, the  governor  can  be  slowed  down  to  attenuate 
the  speed  signal  at  high  frequency.  Excessive  change  in 
this  direction  may  reduce  the  stability  margin  at  the 
first  crossover  frequency,  especially  during  autorota- 
tion. However,  experience  has  shown  that  the  stability 
margin  during  autorotation  actually  is  in  excess  of  pre- 
dictions. 

8-7.7. 3 Isochronous  Controls 

An  isochronous  or  integrating  control  maintains 
constant  steady-state  speed  with  no  speed  droop.  The 
zero  speed  droop  characteristic  is  achieved  by  measur- 
ing the  speed  error  and  integrating  this  to  give  the 
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Fig.  8*27.  Turbine  and  Rotor  Damping 


correcting  fuel  flow.  Thus,  the  isochronous  control 
only  stops  changing  fuel  flow  when  the  speed  error  is 
zero.  Similar  calculations,  such  as  those  for  a propor- 
tional control,  will  reveal  that  a simple  integrating  sys- 
tem responds  too  slowly  to  a helicopter  rotor  pitch 
change  and  that  a proportional  plus  integral  control  is 
required.  The  authority  of  the  integral  path  may  have 
to  be  limited,  or  some  clamping  device  incorporated,  to 
prevent  overshoots  when  the  control  is  transferred  to 
the  integral  governor  from  the  gas  generator  speed  or 
acceleration  limiter. 

8-7.7.4  Load-sharing 

Load-sharing  in  a multiengine  helicopter  equipped 
with  an  isochronous  governor  requires  special  atten- 
tion. 

Proportional  controls  inherently  will  match  the 
loads  to  a degree  of  accuracy  that  depends  upon  the 
droop  (Fig.  8-30).  An  isochronous  governor  will  load 
one  engine  completely  before  calling  for  power  on  the 
remaining  engine.  This  condition  can  be  overcome  in 
several  ways.  A simple  means  of  reducing  this  one- 
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engine  overload  is  to  use  only  one  isochronous  gover- 
nor operating  on  a proportional  control  on  each  engine 
(Fig.  8-31).  The  speed  signal  for  the  governor  ideally 
should  be  rotor  speed,  thus  reducing  the  effect  of  rotor 
resonance.  However,  such  a system  leads  to  *\n  addi- 
tional control  unit  and  does  not  eliminate  the  load 
mismatch. 

Failure  of  such  a single  isochronous  governor  can 
shut  down  both  engines;  therefore,  authority-limiting  is 
necessary.  The  proportional  governors  can  be  set  close 
to  the  correct  value  with  knowledge  of  the  collective 
pitch  and  pilot’s  selected  rotor  speed,  leaving  the  iso- 
chronous governor  as  a limited  trim  on  this  signal. 

The  more  common  approach  to  load  sharing  is  to 
measure  engine  torque  and  to  readjust  the  input  signal 
to  the  separate  governors,  as  shown  in  Fig.  8-32.  An 
"up  only"  signal  in  this  torque-matching  path  prevents 
the  failure  of  one  engine  from  reducing  the  power  of  the 
remaining  engines. 

8-7.8  NONLINEAR  ANALYSIS 

A linear  evaluation  of  the  gain  and  stability  of  the 
system  is  the  fastest  and  most  direct  means  of  analysis, 
but  it  does  not  give  an  accurate  picture  of  the  transient 
response  to  large  changes  in  collective  p.tch.  A nonlin- 
ear analysis,  using  a computer  with  tne  capability  of 
function  generation,  should  be  completed  as  soon  as 
practicable  and  should  include,  in  order  of  priority: 

1.  Lag-hinge  damper  check  valve  characteristics 
and  effective  spring  constant 

2.  Engine  acceleration  and  deceleration  limits 

3.  Selection  of  maximum  or  minimum  mech- 
anisms in  the  fuel  control,  authority  limits,  control 
integrator  clamps,  and  servo  slew  rates. 

To  simulate  a helicopter  jump  takeoff  and  to  evaluate 
rotor  speed  droop,  a 2-sec  ramp  change  in  collective 
pitch  is  considered  to  be  maximum.  However,  to  inves- 
tigate stability,  a step  change  in  collective  pitch,  al- 
though unrealistic,  gives  more  definitive  results. 

8-7.9  EMERGENCY  AND  AUTHORITY 
LIMITATIONS 

When  automatic  rotor  speed  governors  first  were 
introduced,  it  was  thought  expeditious  to  limit  their 
authority  by  making  them  a limited  trim  under 
pilot's  control.  Experience  led  to  acceptance  of  the  i 
authority  hydromechanical  control.  Emergency  over- 
ride has  been  deleted  in  all  but  some  single-engine  heli- 
copters. However,  authority  must  be  limited  whenever 
multiple  engines  are  connected  for  load-sharing. 
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Fig.  8-28.  Line?  An/e  1 of  G«s  Turbine  Engines 


8-7.10  ENGINE  STARTING  AND  POWER 
CONTROL  LEVER  SYSTEMS 

The  helicopter  engine  must  be  equipped  with  means 
for  starting,  idling,  and  shutoff  without  bringing  power 
up  to  that  point  required  to  govern  the  rotor.  Usually, 
the  engine  is  started  with  the  gas  generator  governor  set 
to  ground  idle.  When  the  gas  generator  governor  selec- 
tor is  moved  to  the  maximum  or  “fly”  position,  the 


power  is  increased  until  the  power  turbine  speed  gover- 
nor attains  control.  The  transition  from  ground  idle  to 
maximum  speed  is  best  left  under  manual  control  of  the 
pilot,  who  can  monitor  torque  and  other  parameters 
during  this  acceleration  and  can  use  this  form  of  con- 
trol in  case  of  % failure  of  the  power  turbine  governor. 
A control  that  leaves  the  pilot  no  selection  between  gas 
generator  ground  idle  and  maximum  has  been  found  to 
be  unsatisfactory.  The  gas  generator  governor  input  is 
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usually  a mechanical  lever  on  the  Aiel  control  that 
requires  mechanical  or  electrical  connection  with  the 
cockpit.  The  lever  torque  requirements  on  the  control 
are  specified  in  MIL-E-8593. 

The  power  turbine  governor  on  a hydromechanical 
control  has  a similar  lever  that  is  controlled  from  the 
pilot’s  trim  and  the  collective  pitch  motion,  although 
on  some  systems  the  collective  pitch  is  introduced  sepa- 
rately to  the  control. 

The  pilot’s  speed  trim  usually  is  an  electrical  motor 
actuator  that  is  controlled  from  a button  on  the  pilot’s 


GAS  GENERATOR  LAG 


collective  pitch  lever.  Future  controls  may  be  fully  elec- 
trical. The  pilot’s  desired  speed  then  would  be  accom- 
plished by  simple  rotation  of  a potentiometer,  or  simi- 
lar device,  in  the  cockpit.  As  such,  an  electrical  system 
would  be  isochronous  and  require  no  trimming  by  the 
pilot  once  a speed  had  been  selected.  Thus,  adjustment 
on  the  collective  pitch  stick  probably  would  be  un- 
necessary. 
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Fig.  8-29.  Control  and  Engine  Bode  Plot 
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Fig.  8-30.  Inherent  Load-matching  With  Proportional  Control 
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Fig.  8-31.  Proportional  Plus  Integral  Control  System 


PILOT’S 

SELECT 

SPEED 


SPEED  SIGNAL 


Fig.  3-32.  Proportional  Plus  Integral  Control  With  Load  Matching 
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8-8  UST  OF  SYMBOLS 

A = area,  ft2 

— critical  damping  coefficient, 
dimensionless 
Q — damping  coefficient, 
dimensionless 

cp  = specific  heat,  Btu/lb-*F 
Dk  = hydraulic  diameter,  ft 
e = radial  distance  to  the  lag  hinge, 
ft 

/ = friction  factor,  dimensionless 
= forcing  frequency,  Hz 
f„  = undamped  natural  frequency, 
Hz 

hpf  ~ fan  output  power,  hp 
hpMM  = main  rotor  power,  hp 
kpn  = tail  rotor  power,  hp 

J = polar  moment  of  inertia  of  the 
engine  with  respect  to  the 
starter  drive  pad,  lb-ft2 
k = loss  factor,  dimensionless 
L — duct  length,  ft 
l,  = length  from  CL  of  main  rotor 
to  CL  of  tail  rotor,  ft 
M = blade  mass,  slug 
Mtk  = tail  rotor  Figure  of  Merit 
N = drive  speed,  rpm 
Nr  — power  turbine  speed  error 

signal  (set  speed  minus  actual 
speed),  rpm 

— main  rotor  speed,  rpm 
Ns  = specific  speed, 

(A'j  - ,V,)  — speed  increment  between 
Points  1 and  2,  rpm 
P,  = total  pressure,  lb/ft2 
Pnm<u  ~ maximum  total  pressure 

(absolute)  at  engine  inlet  face, 
psi 

Pn  — mean  total  pressure  (absolute) 
at  engine  inlet  face,  psi 
Q — main  rotor  torque,  lb-ft 
= volumetric  flow  rate,  cfm 
= engine  output  torque,  lb-ft 
Qs,  Qt  = starter  totque  at  Points  1 and 
' 2,  lb-ft 

Q, , Q,  = engine  torque  at  Points  1 and 
' 2,  lb-ft 

q — py3/2  — dynamic  pressure, 
lb/ft2 

= heat  transfer  rate,  Btu/hr 
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R = radial  distance  to  the  blade 
CG,  ft 

Rrjt  — tail  rotor  radius,  ft 
tv*  = tail  rotor  thrust,  lb 
Tm.  Tou,  = fluid  terminal  temperature,  *F 
T = temperature  of  cold  fluid,  *F 
Th  = temperature  of  hot  fluid,  T 
t = acceleration  tinie,  sec 
U = overall  conductance  between 
fluids  in  heat  exchanger, 
Btu/hr-ft2-*F 
V = air  velocity,  fps 
W = fluid  flow  rate,  Ib/hr 
Wa  = weight  flow  of  air  into  the 
engine,  lb/sec 

iVb  = bleed  air  flow  rate,  lb/sec 
Wf  — fuel  flow  rate,  lb/hr 
A Tm  = mean  value  of  terminal 

temperature  differences,  °F 
A Pf  = pressure  loss  due  to  friction, 
lb/ft2 

A Pk  = pressure  loss  due  to  bends  etc., 
lb/ft2 

APS  — system  pressure  drop,  psi 
A P,  — total  pressure  loss,  lb/ft2 
8 = ratio  ambient  pressure  to 
standard  sea  level  pressure, 
dimensionless 

tj  = efficiency,  dimensionless 
& — ratio  ambient  temperature  °R  to 
standard  sea  level  temperature 
°R,  dimensionless 

p = air  density,  lb/ft3  or  slug/ft3  as 
required 

pa  = air  density  standard  at  sea 
level,  lb/ft3  or  slug/ft3  as 
required 

cr  = p/p0  = ambient  air  density/air 
density  at  sea  level,  59°F, 
dimensionless 

t,  = engine  time  constant,  sec 
flA ,R  — main  rotor  rotational  speed, 
rad/sec 
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CHAPTER  9 

SECONDARY  POWER  SYSTEMS 


91  INTRODUCTION 

This  chapter  describes  the  considerations  involved  in 
selecting  the  secondary  power  systems  of  a helicopter. 
The  secondary  power  systems  are  classified  as  electri- 
cal, hydraulic,  pneumatic,  and  fluidic.  In  addition,  al- 
ternate power  sources  and  environmental  control  sys- 
tems also  are  included  in  this  chapter. 

An  electrical  system  is  required  in  any  helicopter. 
Communications  and  lighting  in  particular  cannot  be 
powered  by  other  means.  However,  the  power  require- 
ments of  some  subsystems  may  be  met  in  any  number 
of  ways.  For  example,  a particular  utility  function  con- 
ceivably could  be  performed  by  hydraulic,  pneumatic, 
electromechanical,  manual,  or  even  pyrotechnic 
means.  Therefore,  a system  approach  to  the  entire  mat- 
ter of  secondary  power  selection  is  required.  Analysis 
may  show  that  one  or  more  of  the  initial  possibilities  is 
inappropriate.  The  choice  among  the  remaining  pos- 
sibilities must  be  based  upon  a trade-off  study  that 
includes  not  only  the  particular  utility  function  under 
consideration,  but  also  all  other  secondary  power  func- 
tions. In  this  way,  an  overall  optimum  combination  of 
secondary  power  systems  is  defined  and  incorporated 
in  the  helicopter. 

For  example,  hydraulic  power  clearly  may  be  op- 
timum for  some  applications.  Therefore,  the  selection 
of  a pneumatic  system  for  some  other  application,  even 
though  it  is  the  optimum  choice  for  that  single  func- 
tion, should  not  be  made  without  thorough  analysis, 
including  consideration  of  the  overall  additional 
weigh*,  complexity,  and  cost  of  the  new  power  source 
for  a single  application. 

The  system  and  subsystem  trade-off  studies  are  nec- 
essary because  each  type  of  secondary  power  system 
has  a unique  set  of  advantages  and  disadvantages 
whose  relative  importance  depends  upon  the  specific 
application  and  upon  the  complex  set  of  mission  re- 
quirements and  performance,  cost,  and  weight  objec- 
tives and  constraints.  Optimization  among  these  objec- 
tives is  becoming  more  demanding  as  vehicle 
performance  capability  advances. 


Hydraulic  systems  find  their  widest  application  in 
helicopter  flight  control  functions.  Hydraulic  systems 
also  are  used  for  utility  applications,  such  as  hoists, 
landing  gear  retraction,  braking,  and  gun  turret  mo- 
tion. Temperature  is  the  primary  limiting  factor  for 
hydraulic  systems. 

Pneumatic  systems  ca  i operate  at  high  temperatures 
(above  500°F)  where  commonly  used  hydraulic  fluids 
deteriorate.  Pnuematic  systems  are  limited  primarily 
by  the  poor  lubricity,  low  fluid  viscosity,  and  low  bulk 
modulus  of  the  fluid  medium.  On  the  other  hand,  hy- 
draulic fluids  have  good  lubricity,  acceptable  fluid  vis- 
cosity, and  a high  bulk  modulus. 

Fluidics  is  a relatively  new  technology  that  permits 
many  tow-power  functions  currently  performed  by 
electronics  to  be  accomplished  by  fluids.  The  same  fluid 
also  can  supply  the  power  necessary  for  subsystem  op- 
eration. Fluidic  system  attributes  include  ruggedness 
with  respect  to  shock,  vibration,  acceleration,  and  tem- 
perature; radiation  hardness;  and  high  reliability.  How- 
ever, fluidic  systems  have  not  demonstrated  accuracy 
superior  to  that  of  conventional  electronic  equipment. 
For  applications  not  requiring  high  accuracy,  rapid 
response,  or  high  linearity,  fluidic  systems  appear  in- 
creasingly competitive,  with  potential  savings  or  im- 
provements in  developmental  cost,  production  cost, 
and  simplicity. 

The  choice  of  secondary  power  systems  must  include 
consideration  of  the  state  of  environmental  control  sys- 
tem (ECS)  technology.  ECSs  may  have  significant  im- 
pact upon  helicopter  power  requirements.  Economic 
benefits  ordinarily  can  be  derived  through  a degree  of 
commonality  in  subsystem  power  generation  and  dis- 
tribution equipment. 

Rapid  advances  in  the  state-of-the-art  and  in  the 
diversity  of  helicopter  missions  must  be  considered  in 
compiling  a list  of  trade-offs  involved  in  the  selection 
of  secondary  power  systems.  However,  in  view  of  the 
inherent  advantages  and  limitations  of  alternative  sec- 
ondary power  means,  it  is  apparent  that  the  primary 
trade-offs  should  include  at  least  the  following: 

1.  Utility  application  (hoists,  gun  drives,  rotor 
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braking,  wheel  braking  and  steering,  fluid  dampers, 
doors  and  loading  ramps,  and  landing  gear  retractors). 
Hydraulic,  manual,  pneumatic,  pyrotechnic,  and  elec- 
tromechanical alternatives  should  be  considered. 

2.  Flight  control.  Direct  mechanical,  hydraulic 
boost,  and  hydraulic  scrvosystems  have  been  used. 
When  stability  augmentation  or  other  automated  func- 
tions are  to  be  added  to  the  system,  consideration  also 
should  be  given  to  the  use  of  fluidic  or  electrical  (fly-by- 
wire) systems  to  provide  the  inputs  to  a final  hydraulic 
actuator. 

.1.  Fuel  management.  Fluidic  and  conventional 
systems  compete  for  this  function. 

4.  Starters.  These  may  be  pneumatic,  hydraulic,  or 
electrical. 

9-2  SUBSYSTEM  SELECTION 

9-2.1  GENERAL 

Many  factors  must  enter  into  the  selection  of  a sec- 
ondary power  system.  Although  the  mission  require- 
ments and  the  specifications  impose  constraints  and 
thereby  limit  the  range  of  alternative  solutions,  the 
number  of  possibilities  for  a given  application  remains 
very  large.  The  helicopter  designer  must  attempt  to 
define  an  optimum  power  generation  subsystem  over  a 
range  of  conflicting  objectives:  safety,  reliability, 
weight,  cost,  maintainability,  and  performance.  These 
parameters  are  discussed  in  more  detail  in  the  para- 
graphs that  follow. 

9-2. 1.1  Maintainability  and  Reliability 
Considerations 

Maintainability  is  a characteristic  of  design  and  in- 
stallation that  must  be  considered  in  system  engineer- 
ing and  in  determining  the  effectiveness  of  the  system. 
In  the  process  of  optimizing  system  design,  maintaina- 
bility is  a prime  factor  and  must  be  integrated  with 
other  design  criteria  in  the  proper  relationships. 

Maintainability  design  is  that  characteristic  of  equip- 
ment design  that  contribute.,  to  the  rapidity,  economy, 
case,  and  accuracy  of  maintenance.  It  provides  features 
and  functions  that  simplify  the  task  of  keeping  an 
equipment  in  its  specified  operating  condition  or  restor- 
ing it  to  that  condition  in  the  environment  in  which  it 
will  be  used.  To  insure  optimum  maintainability  of 
equipment,  the  designer  first  must  be  aware  of  estab- 
lished maintenance  methods  and  practices  so  that  de- 
signed maintenance  features  will  be  consistent  with  the 
procedures  in  effect.  In  addition,  the  designer  should 
know  the  conditions  under  which  the  maintenance 
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technician  will  work.  Only  then  can  he  provide  equip- 
ment maintenance  features  that  will  offset  adverse  ef- 
fects of  the  specific  environment.  Finally,  the  designer 
should  be  aware  of  the  qualifications  and  limitations  of 
the  technicians  who  will  maintain  the  equipment  so 
that  he  may  keep  maintenance  methods  and  test  proce- 
dures within  the  capabilities  of  available  personnel. 

Maintainability  is  a design  parameter  that  must  be 
specified  and  measured,  or  demonstrated.  Maintaina- 
bility has  certain  characteristics,  both  quantitative  and 
qualitative,  that  make  it  possible  to  meet  mission  re- 
quirements with  minimum  expenditures  of  mainte- 
nance effort  and  resources  under  the  environmental 
conditions  in  which  scheduled  and  unscheduled  main- 
tenance will  be  performed.  Quantitative  characteristics 
refer  to  required  turnaround  time,  reaction  time,  opera- 
tional ready  rate,  utilization  rate,  etc.  Qualitative  char- 
acteristics are  the  result  of  design  excellence  affecting 
manpower  and  skill  requirements,  test  and  calibration 
requirements,  and  compatibility  with  aerospace  ground 
equipment  and  facilities.  Maintainability  requirements 
are  discussed  in  detail  in  Chapter  1 1 . 

The  reliability  of  a system  is  the  relative  success  with 
which  it  performs  a required  task  under  all  conditions 
of  operation.  Quantitatively,  secondary  system  reliabil- 
ity is  the  probability  that  the  system  will  perform  a 
given  task  for  a given  time  under  given  conditions. 
Reliability  requirements  and  criteria  are  discussed  in 
Chapter  12. 

Maintenance  and  reliability  go  hand  in  hand.  The 
better  the  reliability,  the  fewer  will  be  the  corrective 
maintenance  tasks  encountered  for  a given  component. 
When  preventive  maintenance  is  considered,  increased 
component  reliability  usually  results  in  fewer  inspec- 
tions. Fewer  maintenance  tasks  and  inspections  mean 
fewer  maintenance  manhours  and.  hence,  lower  operat- 
ing costs 

9-2. 1.2  Safety 

The  quality  of  safety  relates  to  the  ability  of  the 
equipment  to  allow  the  helicopter  to  perform  a given 
mission  without  damage  to  the  crew  or  vehicle.  The 
degree  of  safety,  of  course,  should  be  consistent 
throughout  the  helicopter.  The  quantification  of  safety 
is  discussed  in  Chapter  3,  AMCP  706-203.  In  addition 
to  hazards  associated  with,  or  resulting  from,  system 
operation  during  the  conduct  of  normal  missions,  care- 
ful consideration  shall  be  given  to  crash  safety.  Ref.  1 
provides  valuable  guidance  regarding  secondary  power 
system  design  and  installation  features  essential  to 
minimizing  the  risk  of  post -crash  fires.  It  is  important, 
for  example,  to  reduce  (he  opportunities  for  the  electri- 
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cal  system  to  provide  an  ignition  source  following  a 
crash.  Detail  considerations  include  possible  failure 
modes  of  the  hydraulic  system  that  might  provide  a 
source  of  flammable  fluids,  as  well  as  electrical  system 
characteristics  that  might  lead  to  ignition  of  such  fluid 
or  other  flammables. 

9-2.2  PERFORMANCE  CALCULATIONS 

Analysis  and  selection  of  a suitable  helicopter  sub- 
system require  calculation  of  the  penalty  imposed  by 
that  subsystem  upon  vehicle  performance.  Of  the  sev- 
eral penalty  calculation  methods  available,  the  most 
convenient  is  the  takeoff  weight  penalty  method. 

The  process  of  analysis  and  selection  of  an  optimum 
helicopter  subsystem  requires  a comparison  among  the 
various  choices  available.  The  comparative  evaluation 
can  be  more  meaningful  if  an  overall  helicopter  penalty 
basis  is  used  in  order  to  learn  the  effects  of  the  subsys- 
tem upon  the  helicopter  performance  characteristics. 
Factors  affecting  helicopter  flight  performance  include 
weight,  drag,  and  power  extraction.  These  factors  can 
be  translated  into  penalty  parameters  such  as  changes 
in  takeoff  weight,  range,  payload,  and  rate  of  climb.  By 
so  doing,  it  is  possible  to  assess  the  relative  magnitude 
of  the  effect  any  given  system  will  have  upon  the  heli- 
copter performance  and  thereby  to  select  the  system 
with  the  least  penalty. 

The  process  described  herein  allows  preliminary  cal- 
culation of  penalties  with  an  accuracy  limited  only  by 
the  assumptions  of  constant  lift/d.ag  (L/D)  and  spe- 
cific fuel  consumption  (SFC).  (The  effect  upon  helicop- 
ter structural  weight — i.e.,  airframe  without  equip- 
ment— due  to  the  addition  of  equipment  weight  is 
assumed  to  be  negligible.)  By  taking  smaller  time  seg- 
ments, some  of  the  nonsteady-state  flight  conditions 
can  be  evaluated.  It  also  should  be  remembered  that  the 
system  offering  the  least  takeoff  weight  or  operating 
penalty  is  not  necessarily  the  best  one  for  the  helicop- 
ter. Factors  such  as  reliability,  maintainability,  and  de- 
velopment risk  must  be  considered;  sometimes  these 
factors  will  override  selection  of  a system  based  upon 
performances. 

The  addition  of  a secondary  power  system  to  the 
helicopter  adds  weight  and  requires  power.  The  power 
extraction  can  be  in  the  form  of  shaft  horsepower  or  of 
bleed  air  from  the  turbine  engine.  Additional  power 
may  be  required  to  counteract  drag  due  to  protrusions 
into  the  airstream,  such  as  inlets  or  the  use  of  ram  air 
for  cooling.  Two  methods  of  penalty  evaluation  will  be 
considered:  (1)  The  takeoff  weight  penalty  method,  and 
(2)  the  Breguet  range  equation  method,  with  main  em- 
phasis on  the  former. 


9-2.2.1  Takeoff  Weight  Penalty  Method 

The  total  takeoff  weight  penalty  can  be  estimated  by 
considering  the  overall  flight  mission  in  segments,  dur- 
ing each  of  which  the  L/D  ratio  and  the  engine  SFC  can 
be  assumed  to  be  relatively  constant.  For  each  of  these 
flight  segments,  the  penalties  due  to  fixed  system 
weight,  the  weight  of  the  expendable  medium,  ram 
airflow,  bleed  airflow,  and  shaft  horsepower  -an  be 
determined  in  terms  of  required  takeoff  fuel  weight. 
The  sum  of  the  penalties  for  each  segment  represents 
the  takeoff  weight  penalty  for  the  whole  mission  as  a 
result  of  the  subsystem  design  being  evaluated.  The 
accuracy  of  results  can  be  increased  by  taking  smaller 
time  segments  consistent  with  objectives  of  the  analy- 
sis. 

The  following  data  are  required  prior  to  any  penalty 
evaluation: 

1 . Specific  mission  profile  including  data  on  alti- 
tude, speed,  and  range  or  duration 

2.  Bleed  and  ram  airflow  data  corresponding  to 
the  mission  profile 

3.  Lift-to-drag  ratio  at  the  start  ,'f  each  major 
phase  of  the  mission  being  considered 

4.  Specific  fuel  consumption  of  the  engine. 

9-2. 2.1.1  Fixed  Weight  Penalty 

The  total  takeoff  weight  penalty  per  pound  of  fixed 
weight  is  given  by: 


where 

W{0  = takeoff  fuel  weight  required  to 
carry  fixed  or  variable  weight, 
lb 

WF  = fixed  weight  of  system,  lb 
V = cruise  velocity,  kt 
im  = mission  time,  hr 

Penalty  evaluation  charts  based  upon  this  equation 
can  be  calculated.  Because  the  takeoff  weight  factor 
given  by  Eq.  9-1  is  for  a unit  fixed  weight,  if  includes 
the  fixed  weight  as  well  as  fuel  required  to  carry  the 
fixed  weight.  It  also  includes  fuel  required  to  carry  the 
extra  fuel. 

9-2. 2. 1.2  Variable  Weight  Penalty 

The  variable  weight  penalty  is  for  cases  where  an 
expendable  medium  is  being  used  up  at  a constant  rate 
during  the  mission  segment.  The  relationship  between 
the  variable  weight  fV,  and  its  fuel  requirement  Wfo  is: 
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where 

w,  — rate  of  consumption  of  variabte 
weight  lb/hr 

It  should  be  kept  in  mind  that  the  expendable 
medium  weight  imposes  a fixed  weight  penalty  up  until 
the  time  its  consumption  starts.  It  is  assumed  that  the 
expendable  medium  is  consumed  completely  at  the  end 
of  the  mission  time  period  being  considered.  If  this  is 
not  the  case,  the  remaining  unused  expendable  medium 
is  carried  as  fixed  weight  for  the  next  segment  of  the 
mission.  The  weight  of  fuel  required  to  carry  fuel  is 
included  in  the  penalty  factor.  The  total  takeoff  weight 
per  pound  of  variable  weight  is: 


9-2. 2. 1.4  Bleed  Air  Penalty 

If  bleed  air  is  extracted  from  the  last  stage  of  the 
compressor  of  a turbine  engine,  the  penalty  can  be 
evaluated  on  the  basis  of  increase  in  fuel  flow  required 
to  maintain  constant  power.  As  a first  approximation 
only,  where  actual  engine  data  are  not  available,  the 
increase  in  fuel  flow  rate  A nydue  to  bleed  air  extraction 
can  be  estimated  by 

Awy  = 0.0335  (^~T  j **  .lb/hr  (9-5) 


where 

wb  = bleed  airflow  rate,  lb/hr 
T,  — .turbine  inlet  temperature,  °R 
For  more  accurate  estimates  of  bleed  air  penalty,  it 
is  necessary  to  obtain  performance  data  for  the  specific 
engine  being  considered  and  the  compressor  stage  that 
is  being  bled. 

The  bleed  air  penalty  in  terms  of  takeoff  weight  also 
can  be  expressed  as 
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9-2.2. 1.3  Ram  Air  Drag  Penalty 

If  complete  momentum  loss  is  assumed,  the  ram  air 
drag  penalty  in  terms  of  takeoff  fuel  weight  is: 


\M9wV(L/D)\ 


where 

w,  = ram  airflow  rate,  lb/sec 
g = acceleration  due  to  gravity, 
ft/secJ 

The  weight  of  fuel  at  the  beginning  of  the  mission 
must  be  carried  as  fixed  weight  during  the  initial  mis- 
sion segments. 


Because  Eq.  9-6  is  based  on  the  empirical  relation 
given  by  Eq.  9-5,  its  use  is  subject  to  the  same  limitation 
as  Eq.  9-5.  The  penalty  for  carrying  bleed  air  penalty 
fuel  as  an  expendable  medium  is  obtainable  from  Eq. 
9-2.  However,  in  most  instances,  the  bleed  air  fuel  pen- 
ally factors  are  available  for  the  engine  being  consid- 
ered. Actual  engine  penalty  factors  should  be  used 
when  available,  even  though  they  be  preliminary, 
rather  than  the  fust  approximation  method  of  Eqs.  9-5 
and  9-6.  The  variation  of  penalty  for  successively 
higher  stages  of  the  engine  compressor  being  bled  can- 
not be  approximated  with  the  Eq.  9-5  method 

9-2. 2. 1.5  Shaft  Horsepower  Extraction 
Penalty 

To  maintain  constant  net  rotor  power  from  the  en- 
gine, the  shaft  power  extracted  must  be  compensated 
for  by  an  increase  in  fuel  rate  to  the  engine.  If  it  is 
assumed  that  power  is  consumed  at  a constant  rate 
during  the  portion  of  the  mission  being  evaluated,  the 
takeoff  weight  penalty  is  given  by: 


9-4 


where 

kpe  = power  extracted,  hp 

9-2.2.2  Breguet  Range  Equation 

The  range  RA  of  a turbine-powered  helicopter  can  be 
expressed  by  the  Breguet  equation 
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Eq.  9-8  can  be  used  to  determine  the  effect  of  a 
secondary  power  system  upon  the  range,  payload,  or 
gross  weight  of  the  helicopter.  By  taking  partial  deriva- 
tives of  the  range  equation  with  respect  to  pertinent 
helicopter  performance  parameters  as  independent 
variables,  the  effect  of  small  changes  in  the  parameters 
permits  the  calculation  of  approximate  values  of  the 
increase  in  fuel  weight. 

9-3  ELECTRICAL  SYSTEMS 

9-3.1  GENERAL 

Helicopter  electrical  power  systems  may  be  based 
upon  such  electrical  power  sources  as: 

1.  AC  or  DC  generators  driven  by: 

a.  Main  rotor  power  transmission  system 

b.  Engine  accessory  drives 

c.  Constant-speed  drives  (speed  controlled  by 
hydraulic  or  mechanical  torque  converter) 

d.  Constant-speed  turbines  (speed  controlled  by 
air  or  gas  turbines) 

e.  Hydraulic  motor 

2.  Inverters 

3.  Transformer-rectifiers 


gine  fuel  pumps,  panel  lighting,  most  avionic  equip- 
ment, and  electrically  driven  weapons.  Constant-fre- 
quency, 400-Hz  AC  power  is  necessary  for  some 
avionic  equipment.  Although  variable-frequency  AC 
power  is  not  mandatory,  it  can  be  used  for  some  heating 
(deicing)  and  frequency-insensitive  loads.  To  satisfy 
these  requirements,  the  basic  helicopter  electrical  sys- 
tem can  be  DC,  variable-frequency  AC  (vf  AC),  or 
constant-frequency  AC  (cf  AC). 

The  trend  of  new  helicopter  design  is  toward  in- 
creased electrical  power  as  well  as  increased  amounts 
of  constant-frequency  power.  Many  helicopter  propul- 
sion system  designs  will  provide  the  generating  system 
with  an  input  speed  to  the  generator  that  varies  by  more 
than  ± 5%. 

Engine  starting  is  a major  factor  to  consider  when 
beginning  electrical  system  preliminary  design.  If  the 
engine  maximum  starting  torque  is  less  than  90  lb-ft,  a 
400-A,  28  V DC  starter-generator  powered  by  two 
CA-5  or  CA-9  nickel-cadmium  batteries  will  provide 
the  simplest  self-contained  start  system.  The  90  lb-ft 
maximum  limit  defines  a small  engine,  thus  a small 
helicopter. 

9-3. 1.1  Electrical  Load  Analysis 

Design  of  the  helicopter  electrical  power  system  is 
dependent  upon  completion  of  an  electrical  load  analy- 
sis. Both  the  method  and  format  of  this  analysis 
shall  be  in  accordance  with  MIL-E-7016.  All  electrical 
load  components  shall  be  identified,  and  the  operating 
cycles  of  each  tabulated,  based  upon  projected  mission 
profiles.  Electrical  power  requirements  then  are  cal- 
culated throughout  all  anticipated  missions.  The  elec- 
trical power  sources,  both  DC  and  AC,  then  can  be 
identified.  A required  portion  of  the  summary  of  the 
load  analysis  is  the  identification  of  the  minimum  ex- 
cess capacity  of  each  system  and  the  conditions  under 
which  it  occurs.  Each  power  source  or  piece  of  equip- 
ment that  produces,  converts,  or  transforms  elec..ic 
power,  together  with  its  distribution  system  and  appli- 
cable loads,  constitutes  a system  for  purposes  of  this 
analysis.  Minimum  acceptable  excess  capacities  will  be 
defined  by  the  procuring  activitv  in  the  pertinent  detail 
specification.  Excess  capacity  is  provided  in  order  to 


4.  Batteries. 

Components  of  the  power  system  must  meet  the  re- 
quirements of  their  detail  specifications,  and  the  overall 
system  must  provide  the  electrical  power  characteris- 
tics specified  in  MIL-STD-704. 

An  analysis  of  helicopter  electrical  power  require- 
ments reveals  that  28  V DC  power  is  required  for  both 
normal  and  emergency  operation  of  items  such  as  en- 


assure that  electrical  power  will  be  available  to  supply 
future  equipment. 

9-3. 1.2  DC  Systems 

The  quality  of  the  DC  power  provided  to  the  load 
equipment  shall  comply  with  MIL-STD-704.  To  insure 
this  compliance,  the  generating  system  shall  comply 
with  MIL-G-616?.  Any  requirements  peculiar  to  a spe- 
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oific  helicopter  shall  be  described  in  the  pertinent  speci- 
fication. 

Most  DC  generators  in  use  today  (par.  9-3.2)  are 
equipped  with  brushes  and  commutator.  The  brushes 
and  commutator  are  the  primary  life-limiting  items, 
followed  closely  by  grease-packed  bearings.  Research 
has  proven  the  feasibility  of  brushless  DC  starter-gen- 
erators, which  will  have  additional  service  life  due  to 
elimination  of  the  brushes  and  commutator;  it  also  will 
be  possible  to  oil-cool  the  machine  and  to  oil-lubricate 
the  bearings,  further  improving  reliability.  The 
majority  of  voltage  regulators  used  are  carbon  pile  de- 
vices. Semiconductor  regulators  have  been  developed 
and  should  be  considered.  Replacement  of  rotary  in- 
verters with  semiconductor  converters  should  also  be 
considered. 

9-3. 1.3  AC  Systems 

Ihe  AC  power  provided  to  the  load  equipment 
shall  comply  with  MIL-STD-704.  To  insure  this  com- 
pliance, the  AC  generating  system  shall  comply  with 
MIL-G-21480.  Any  special  requirements  peculiar  to  a 
specific  helicopter  shall  be  described  in  the  pertinent 
specification.  Refer  to  par.  9-3.3  for  a further  discus- 
sion of  AC  systems. 

9-3. 1.3.1  Constant-speed  Drive  System 

If  the  engine  or  the  rotor  gearbox  speed  varies  less 
than  ±5%,  an  AC  generator  connected  directly  to  the 
gearbox  will  satisfy  the  frequency  requirements  of 
Mil,  STD-704.  If  the  speed  variation  exceeds  ±5% 
and  the  allowable  variation  of  the  AC  frequency  is  less 
than  that,  either  an  inverter  or  a frequency  conversion 
device  is  necessary. 

The  most  commonly  used  device  is  the  constant- 
speed  drive  (CSD),  a hydromechanical,  variable-ratio 
transmission.  The  CSD  will  convert  the  variable  engine 
speed  to  a constant  speed  that  is  optimum  for  the  gener- 
ator, usually  12,000  rpm.  The  CSD  also  will  provide 
cooling  and  lubricating  oil  to  the  generator,  and  will 
scavenge  it.  The  oil-cooling  capability  is  valuable  for 
helicopters  because  it  eliminates  the  necessity  of  pump- 
ing cooling  air  to  the  generator.  It  also  prevents  foreign 
material  carried  by  cooling  air  from  eroding  gene-alor 
winding  insulation. 

9-3. 1.3. 2 Air  Turbine  System 

A second  method  of  rotating  the  generator  at  con- 
stant speed  when  the  engine  speed  variation  is  greater 
than  t Y'/r  is  to  bleed  air  from  the  engine  compressor 
to  spin  a turbine  wheel  at  constant  speed.  The  turbine 
in  geared  to  the  generator.  However,  bleed  air  is  a less 
dlieienl  power  extraction  method  than  is  a power 
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takeolT  from  the  engine  shaft.  For  example,  one  shaft 
horsepower  has  the  overall  effect  of  adding  0.79  lb  to 
the  empty  weight  of  the  helicopter  while  one  pneumatic 
horsepower  adds  approximately  4.1  lb.  Also,  making 
bleed  air  pressure  available  at  idle  engine  rpm  requires 
an  oversize  turbine.  For  these  reasons,  an  air  turbine 
drive  seldom  is  selected  as  a generator  drive. 

9-3. 1.3. 3 Controlled-speed  Hydraulic  Motor 
System 

A third  method  of  rotating  the  generator  at  constant 
speed  is  to  use  a controlled-speed  hydraulic  motor 
(CSM).  This  method  is  less  efficient  than  the  hydrome- 
chanieal  device  because  all  the  power  must  flow 
through  a hydraulic  pump  rather  than  a motor.  The 
CSM  is  a practical  approach  if  the  electrical  and  hy- 
draulic loads  coordinate  or  if  hydraulic  starling  is  used. 

9-3.1. 2 A Cycloconverter  System 

A fourth  method  of  converting  variable  engine  speed 
to  constant  frequency  is  to  generate  a variable  fre- 
quency with  a high-speed  generator  whose  minimum 
frequency  is  1200  Hz.  This  variable  frequency  power 
then  is  converted  to  constant  fiequency  with  a cyclo- 
eonverter.  Technical  feasibility  of  this  approach  has 
been  proven.  The  desirability  of  this  concept  in  terms 
of  weight  and  cost  is  being  established  by  current  re- 
search and  development  efforts. 

9-3. 1.3. 5 High-voltage  DC  System 

A fifth  approach  is  to  generate  115  V DC.  This 
method  precludes  use  of  brushless  AC  motors.  Brush- 
type  DC  motors  currently  are  heavier,  more  expensive, 
and  much  less  reliable.  Research  and  development 
work  on  the  high-voltage  DC  system  is  continuing, 
however 

9-3.2  DC  ELECTRICAL  SYSTEMS 
9-3.2. 1 System  Description 

The  most  common  electrical  system  in  current  heli- 
copters is  the  DC  s\stcm  shown  in  simplified  form  in 
Fig.  9-1. 

Primary  power  is  generated  by  a DC  generator 
driven  by  the  mam  rotor  power  transmission.  An  in- 
verter, operating  from  the  DC  bus,  provides  constant- 
frequency  AC  tor  umouics  Sw  itches  oi  circuit  breakers 
(such  as  CB.,  CB  , CM,,  and  CBj  are  required  to  iso- 
late components  when  failures  occm  . to  apply  power  to 
the  proper  load  buses,  and  to  sw itch  lit  standby  compo- 
nents when  necessary.  In  (he  actual  helicopter  installa- 
tion, these  sw  itches  oi  ciichii  bieakcis  t m \ a i y consid- 
erably depending  upon  applications,  however,  (his 
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Fig.  9-1.  Typical  Direct  Current  System 


description  will  consider  a minimum  number  of  switches 
and  will  assign  a standard  weight  that  will  apply  to  all 
systems. 

The  DC  electrical  system  is  attractive  especially  for 
helicopters  employing  electrical  engine  starting  be- 
cause the  DC  starter-generator — when  sized  for  start- 
ing— provides  an  abundance  of  DC  power  during  the 
generating  mode  of  operation.  Therefore,  low-effi- 
ciency inverters  normally  do  not  compromise  the  elec- 
trical system.  Secondly,  the  initial  cost  of  inverteis  is 
relatively  noticeable  in  the  smaller  helicopter. 

There  are  certain  characteristics  of  the  DC  system 
that  make  it  less  desirable  as  electrical  loads  are  in- 
creased: 

1 . It  requires  heavy  feeders  (wires  and  cables)  due 
to  the  low  voltage  being  transmitted.  As  power  levels 
increase,  feeder  weight  can  become  objectionably  high. 

2.  It  requires  inverters,  which  are  notably  low  in 
efficiency  (60%).  As  cf  AC  loads  increase,  it  may 
become  necessary  to  size  the  DC  generator  for  generat- 
ing rather  than  for  starting. 

. 3.  System  weight  increases  rapidly  with  an  in- 
crease in  load  requirements.  The  largest  helicopter  in- 
verter presently  available  is  a 5-kVA  unit  and,  there- 
fore, growth  potential  is  limited.  For  higher  AC  load 
requirements  than  are  practicable  with  inverters,  di- 
rect-driven vf  AC  generators  can  be  added  for  certain 
loads.  This  results  in  a more  complex  distribution  sys- 
tem, because  three  types  of  power  must  be  distributed. 


9-3.2.2  Weight  Analysis 

Weight  analyses  will  be  developed  considering  two 
load  requirements  and  various  distributions  of  types  of 
power  required.  First,  system  weight  will  be  estimated 
for  a total  electrical  load  per  generating  channel  of  5 
kVA,  with  the  cf  AC  portion  of  this  load  being  vari- 
ously 0,  1,  2.5,  and  5 kVA.  In  the  second  case  the  total 
load  per  generating  channel  is  10  kVA,  with  the  con- 
stant-frequency AC  portion  being  0,  2.5,  5,  and  10 
kVA. 

At  0 kVA  cf  AC,  meaning  all  transmitted  power  is 
DC,  the  weight  of  the  5 kVA  per  channel  system  is 
134.6  lb  and  the  10  kVA  per  channel  system  is  143.6 
lb.  Table  9-1  tabulates  the  DC  system  weight  for  the 
two  different  levels  of  electrical  load. 

A weight  pattern  will  develop  in  favor  of  AC  systems 
as  the  system  size  increases.  Curves  of  component 
weights  for  higher-rated  system  components  are  in- 
cluded in  Figs.  9-2  through  9-7. 

The  example  5 kVA  per  channel  system  includes  a 
350-A  starter-generator,  with  the  rating  defined  by  the 
starting  requirement.  In  the  10-kVA  system  the  size  of 
the  generator  increases  with  increasing  amounts  of  AC 
power  because  of  the  efficiency  of  conversion.  For  ex- 
ample, to  obtain  5 kVA  cf  AC  with  an  inverter  effi- 
ciency of  60%,  an  input  of  8.3  kW  DC  is  K-^uired. 
Therefore,  to  obtain  a system  power  of  10  kV  A,  a gen- 
erator with  a rating  1 3.3  kW  is  required.  The  weight  for 
this  unit  has  been  estimated  in  Table  9-1. 

Inverter  weights  in  Table  9-1  are  catalog  weights  of 
existing  rotary  inverters  except  for  the  10  kVA  unit, 
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RATING,  KVA 


Fig.  9-2.  CSD  Weight  vs  Rating 

which  has  been  estimated  because  an  aircraft  inverter 
of  this  size  is  not  available. 

The  weight  of  four  1/4-hp  motors  has  been  included 
in  the  example  system.  When  cf  AC  power  is  available, 
AC  motors  can  be  used.  These  are  one-half  the  weight 
of  DC  motors  of  the  same  power,  less  expensive,  and 
significantly  more  reliable. 


Batteries  are  sized  for  electrical  starting.  Feeder 
weights  are  estimated  by  thermally  sizing  the  conduc- 
tors. As  the  cf  AC  power  is  increased,  feeder  weights 
are  reduced  because  the  amount  of  low-voltage  power 
being  distributed  is  decreased. 

Switch  or  circuit  breaker  weights  are  established  ar- 


Fig.  9-3.  Constant-speed  Generator,  Weight  vs 
Rating,  Spray-cooled,  Single  Bearing  Mag.  Housing, 
12,000  rpm 


TABLE  9-1 

TYPICAL  DC  SYSTEM  WEIGH  £ ANALYSIS 


5 KVA  CHANNEL 

10  KVA/CHANNEL 

COMPONENT 

cf  AC  REQUIRED,  KVA 

cl  AC  REQUIRED.  KVA 

1.0 

2.5 

5.0 

2.5 

5.0 

10.0 

DC  STARTER-GENERATOR 

55.0 

55.0 

55.C 

57.3 

61.1 

69.2 

DC  REGULATOR 

2.6 

’ 8 

2.6 

2,b 

2.6 

2.6 

INVERTER 

34.  J 

44.0 

6/  .0 

44.0 

67.0 

1U2.T 

MOTORS 

4.5 

4.5 

4.5 

4.5 

4 .5 

4.5 

BATTERY 

55.0 

55.0 

55.0 

55.0 

55.0 

55.0 

FEEDERS,  30  It 

8.0 

5.3 

1.5 

16.0 

) f,  .9 

3.0 

CONTACTORS 

3.0 

2.0 

6.0 

8.0 

* ,*l 

Or 

6.0 

TOTAL/CHANNEL,  lb 

167.1 

174.4 

191.6 

187.4 

206.6 

242.3 
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Fig.  9*4.  Variable-speed  Generator,  Weight  vs  Rating,  Spray-cooled,  Single 

Bearing 

bitrarily  at  2 lb  each.  The  number  of  units  is  based  upon 
the  simplified  diagram  in  Fig.  9- 1 . 
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Fig.  9-7.  Channel  Feeder  Weight  Per  Ft  vs  System 
Power 

9-3.3  VARIABLE  FREQUENCY  AC 
ELECTRICAL  SYSTEM 

9-3.3. 1 System  Description 

In  the  vf  AC  system,  the  principal  AC  power  is 
generated  by  an  AC  generator  that  is  driven  directly 
from  the  helicopter  main  rotor  power  transmission 
Because  the  input  speed  to  the  generator  vanes  in  ac- 
cordance with  main  rotor  power  transmission  speed, 
the  output  frequency  also  is  variable,  being  only  ap- 
proximately equal  to  400  Hz  However,  the  vf  AC  sys- 
tem avoids  the  use  of  constant-speed  drives.  To  obtain 
constant-frequency,  400-Hz  power,  a converter  is  used. 
This  converter  basically  is  a rectifier  plus  an  inverter. 
The  system  ts  shown  in  the  simplified  diagram  of  Fig. 
9-8. 

The  vf  AC  system  generally  is  not  competitive  with 
the  DC  system  at  low  load  requirements  and  is  given 
serious  consider-tion  only  when  the  constant -fre- 
quency portion  of  the  power  requirement  is  less  than 
approximately  109}  of  the  total  requirement.  This  can 
oo  jr  when  a large  amount  of  heating  pow  er  is  required 
for  deicing  and  anti-icing.  Disadvantages  of  the  vf  AC 
system  are: 

1.  Considering  hardware  available  at  he  present 

9-10 


time,  this  system  requires  heavy,  unreliable  conversion 
equipment  for  avionics. 

2.  Because  a 2.5-kVA  converter  is  the  only  size 
presently  available,  growth  potential  is  limited. 

3.  The  distribution  system  is  complex  when  three 
types  of  power  are  being  used. 

4 A second  mounting  is  required  on  the  engine 
gearbox  when  the  DC  : tarter-generator  is  required  for 
electrical  engine  starting. 

An  advantage  of  the  vf  AC  system  is  that  the  reiu 
lively  heavy  and  unreliable  DC  generator  can  be  elimi- 
nated when  other  means  of  engine  starting  are  em- 
ployed A small  transformer-rectifier  unit  can  be  used 
for  the  DC  power. 

9-3. 3. 2 Weight  Analysis 

Again,  a 350-A  DC  starter-generator  is  assumed  for 
engine  starling.  The  vf  AC  generator  weights  are  es- 
timated. Because  the  DC  generator  is  required  for  start- 
ing. this  source  DC  power  is  assumed  to  supply  all 
electrical  loads  in  I he  total  power  per  channel  require- 
ment except  cf  AC  loads.  Therefore,  the  vf  AC  genera- 
tor is  sized  only  to  supply  power  to  the  converter.  This 
results  in  the  lightest  overall  system. 

The  available  2.5-kVA  converter  weighs  78  lb;  how- 
ever, using  state-of-the-art  design  methods  this  con- 
verter could  be  made  lighter.  The  weights  for  convert- 
ers of  other  sizes  have  been  estimated  on  a comparable 
basis. 

Electrical  motor,  battery,  feeder,  and  contactor  cri- 
teria are  the  same  as  established  for  the  DC  system. 

1 able  9-2  tabulates  comparable  vf  AC  system  weights. 


9 3,4  CONSTANT-FREQUENCY  AC  SYSTEM 

In  the  cf  AC  system  the  principal  source  of  power  is 
an  AC  generator  that  is  driven  al  constant  speed  by  a 
hydraulic  CSD.  as  shown  in  the  simplified  diagram  of 
Fig  9-0  The  CSD  is  driven  from  the  engine  gearbox, 
and  a second  gearbox  mounting  pad  is  required  when 
engines  are  started  electrically. 

1 he  CSD  discussed  is  a relatively  simple  hydraulic 
transmission.  The  basic  elements  ot  the  CSD  are  two 
hydraulic  units  ( hat  arc  positioned  on  opposite  sides  of 
a common  stationary  port  plate,  as  depicted  in  the 
ineclianic.il  schematic  m Eig  ‘MO. 

1 he  \C  generator  weights  are  scaled  from  existing 
e.itupmeni  I lie  H'-kVA  unit  operates  at  8(X)  rpm, 
vs  Inle  the  siuallei  geneialois  are  12,000-rpm  machines. 


Vii0-'  • • -i  - 


J ^PRjWf'SPWIT^W'J.  fjllll^M'iJ ' • ' v.wi-  ' V7TT» .-~i^r ^^TtrTrTTTTT  •,yrrp/a: *i pw tj*^7  •?**,.  ’frr>VFK  r,m. ^ ^vniKyj -^v .’,nvpT*-7:  / iV1  v ? "\-'\r.\<^r"’.'^nr 


mrnrniitawimmmmMmiimmmmmm®1'  r'r-wmmm 


AMCP  706-201 


BATTERY 


) TABLE  9-2 

VF  AC  SYSTEM  WEIGHT  ANALYSIS 


5 kVA.  CHANNEL 

!0kVA  CHANNEL 

COMPONENT 

cf  AC  REQUIRED,  kVA 

cf  AC  REQUIRED.  kVA 

1.0 

2.5 

5.0 

2.5 

5.0 

10.0 

OC  STARTER-GENERATOR 

55.0 

55.0 

55.0 

55.0 

55.0 

55.0 

DC  REGULATOR 

2.6 

2.6 

2.6 

2.6 

2.6 

2.6 

vf  AC  GENERATOR- 
REGULATOR 

9.0 

18.0 

30.0 

18.0 

30.0 

50.0 

CONVERTER 

36.0 

50.0 

63.0 

50.0 

63.0 

94.0 

ELECTRIC  MOTORS 

4.5 

4.5 

4.5 

4.5 

4.5 

4.5 

BATTERY 

55.0 

55.0 

55.0 

55.0 

55.0 

55.0 

FEEDERS,  30  ft 

8.0 

5.2 

1.5 

17.0 

10.5 

3.0 

CONTACTORS 

8.0 

8.0 

6.0 

8.0 

8.0 

6.0 

TOTAL/CHANNEL,  lb 

178.1 

198.3 

217.6 

209.1 

228.6 

270.1 

9-3.5  WEIGHT  COMPARISON 

The  results  of  the  weight  analysis  tabulated  in  Tables 
9-1  and  9-2  are  depicted  graphically  in  Figs.  9-1 1 and 
9-12.  It  is  apparent  from  these  figures  that,  as  helicop- 
ter load  requirements  increase,  the  weight  advantage  of 
the  cf  AC  system  becomes  more  pronounced  and  signif- 
icant. It  is  interesting  to  note,  however,  that  even  when 
cf  AC  load  requirements  are  as  low  as  1 kVA,  the  CSD 
system  is  lighter. 


Most  helicopter  applications  have  more  than  one 
generating  channel.  A two-channel  helicopter  requir- 
ing 10  kVA  per  generating  channel,  of  which  5 kVA 
must  be  cf  AC,  can  realize  a weight  savings  of  65  lb  per 
helicopter  by  incorporating  a CSD  electrical  system 
instead  of  an  inverter  system,  and  95  lb  compared  with 
a vf  AC  system  (Fig.  9-12). 

These  weight  comparisons  are  only  for  the  specific 
conditions  cited  and  should  not  be  taken  as  representa- 
tive of  actual  conditions  or  future  state-of-the-art. 
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9-3.6  CF  AC  SYSTEM  WITH  ONBOARD  APU 
9-3.6. 1 System  Description 

Although  a significant  weight  saving  can  be  realized 
on  helicopters  with  electrical  engine  start  requirements 
by  using  a cf  AC  electrical  system,  the  inclusion  of  a 
DC  generator  and  associated  batteries  substantially  pe- 


Fig.  9-11.  Weight  Comparison,  5-kVA  System 
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Fig.  9-12.  Weight  Comparison,  10-kVA  System 


nalizes  the  cf  AC  system.  A DC  generator  is  not  re- 
quired as  a source  of  DC  power  because  a transformer- 
rectifier  can  be  used  instead.  However,  deletion  of  the 
DC  starter-generator  requires  that  some  other  method 
of  starting  the  main  helicopter  engines  be  selected.  This 
is  particularly  feasible  and  practicable  when  an  auxil- 
iary power  unit  (APU)  is  included  in  the  helicopter  as 
standard  equipment.  There  is  a trend  developing  to- 
ward including  APUs  on  helicopters  to  provide  power 
for  self-sufficiency.  The  APU  may  be  used  to  provide 
bleed  air  to  a pneumatic  starter  or  to  drive  a hydraulic 
pump  for  hydraulic  starting  (see  par.  8-6.4).  In  addition 
to  reducing  the  weight  of  the  electrical  system,  the 
APU  may  make  it  possible  to  start  the  main  helicopter 
engines  at  lower  ambient  temperatures.  With  electrical 
starting,  battery  power  is  a limiting  factor.  When  using 
an  APU,  the  key  to  engine  starting  at  low  ambient 
temperatures  is  the  ability  to  start  the  small  APU, 
which  has  a relatively  low  start  torque  characteristic. 
A cf  AC  system  arrangement  using  an  onboard  APU 
and  pneumatic  starters  is  shown  in  Fig.  9- 1 3. 

9-3, 6. 2 Weight  Analysis 

In  the  weight  analysis  that  follows,  the  cf  AC  system 
using  a CSD  will  generate  sufficient  power  to  satisfy  the 
total  electrical  power  required  per  channel.  A trans- 
former-rectifier unit  (TRU)  has  been  selected  to  pro- 
vide 1.5  kW  DC,  which  is  assumed  to  be  sufficient  to 
satisfy  DC  power  requirements.  Table  9-3  lists  the 
weights. 

The  pneumatic  starter  installation  weight  has  been 
estimated.  Battery  weight  has  been  eliminated  because 
it  is  assessed  to  the  APU  installation  and  is  substan- 
tially less  than  required  for  electrical  engine  starting. 

Figs.  9-14  and  9-15  illustrate  the  weight  of  this  sys- 
tem and  show  the  relationship  with  the  system  weights 
based  upon  electrical  starting  (Figs.  9-11  and  9-12). 

Because  of  the  significant  reduction  in  electrical  sys- 
tem weight  that  is  possible  when  the  APU  is  used  for 
main  engine  starting  in  conjunction  with  a cf  AC  elec- 
trical system,  it  appears  that  a helicopter  employing  cf 
AC  plus  an  APU  would  be  lighter  than  one  using  a DC 
system  excluding  the  APU.  This,  in  essence,  allows  the 
APU  to  be  installed  without  increasing  aircraft  weight. 
It  follows  that  there  would  be  a similar  weight  reduc- 
tion for  the  vf  AC  system  with  APU  starting  and  some 
reduction  for  the  DC  system,  although  the  DC  genera- 
tor still  would  be  required.  Battery  weight  could  be 
eliminated  as  in  the  cf  AC  system,  but  this  saving 
would  be  offset  partially  by  the  addition  of  a pneumatic 
or  hydraulic  starter. 
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TABLE  9-3 

CSD  AND  PNEUMATIC  STARTING  WEIGHT 
ANALYSIS 


POWER 

REQUIRED/ 

CHANNEL 

COMPONENT 

5 KVA 

10  KVA 

PNEUMATIC  STARTER 

20.0 

20.0 

CSD 

17.0 

21.5 

COOLER 

3.0 

3 n 

RESERVOIR  AND  FILTER 

3.0 

3.0 

OIL 

2.0 

2.0 

AC  GENERATOR 

16.0 

20.0 

AC  GENERATOR  CONTROL  UNIT 

1.5 

1.5 

ELECTRIC  MOTORS 

4.5 

4.5 

FEEDERS,  30  ft 

1.5 

3.0 

CONTACTORS 

6.0 

6.0 

TRU,  50  A 

5.5 

5.5 

TOTAL  CHANNEL,  lb 

80.0 

90.0 

9-3.7  PROTECTION 

9-3.7. 1 Direct  Current  System  Protection 

In  general,  protection  of  parallel  DC  generator  sys- 
tems involves  two  items:  (1)  removal  of  a generator 
when  its  voltage  is  abnormal,  and  (2)  short-circuit  pro- 
tection. A third  item  of  interest  is  overvoltage  protec- 
tion. 

The  first  item  is  accomplished  by  a “generator  re- 
verse current  cutout”.  This  consists  of  a line  contactor 
and  polarized  pilot  relay  mounted  in  one  enclosure. 
This  device  senses  the  difference  between  generator  and 
bus  voltage,  and  also  senses  the  generator  current. 
When  the  generated  voltage  exceeds  bus  voltage,  the 
pilot  relay  closes  and  completes  the  circuit  to  the  con- 
tactor. When  the  generated  voltage  drops  below  nor- 
mal, reverse  current  opens  the  pilot  relay,  removing  the 
generator  from  the  bus.  Service  experience  has  in- 
dicated that  the  contactor  of  the  cutout  must  be  de- 
signed with  sufficient  capacity  to  interrupt  the  maxi- 
mum output  voltage  and  current  on  a wide-speed-range 
generator  under  full  field.  Such  a condition  can  occur 
upon  either  regulator  failure  or  accidental  contact  be- 
tween the  generator  shunt  field  wire  and  the  positive 
line  wire. 


Fig.  9-13.  Constant-frequency  AC  System  With  Onboard  APU 
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Short-circuit  protection  is  provided  in  some  measure 
by  the  reverse  current  cutout.  However,  a circuit 
breaker  with  a reverse-current  trip  having  sufficient 


Fig.  9-14.  Weight  Comparison,  Electrical  Sy  stems 
With  and  Without  Pneumatic  Starting,  5 kVA  per 
Channel  Power  Required 


tune  delay  to  override  normal  transients  sometimes  is 
used  to  provide  the  following  functions:  interrupting 
capacity  up  to  12,000  A;  backup  protection  for  a 
welded  contactor  or  a pilot  relay  failure;  auxiliary  con- 
tacts to  de-energize  the  generator  prevent  it  from 
continuing  to  feed  the  fault;  and  inn  -upturn  capacity 
for  overvoltage  conditions,  using  a shunt  trip  coil  ac- 
tuated by  an  overvoltage  relay.  In  some  cases,  differen- 
tial current  protection  is  used  to  disc  .meet  a faulted 
generator  or  generator  feeder,  or  to  de-energize  the 
field  without  time  delay,  to  reduce  the  hazard  of  fire 
Several  successful  types  of  differential  current  protec- 
tion for  DC  generator  circuits  are  available,  such  as 
those  using  series  coil  current  balance  relays,  a current 
balance  relay  operated  from  special  metering  shunts  in 
the  line  and  ground  leads,  or  a current  balance  relay 
operated  from  a metering  shunt  in  the  line  lead  and  the 
potential  across  the  generator  series  windings  on  the 
grounded  side.  Development  work  also  has  been  per- 
formed on  methods  that  compare  the  transient  voltages 
of  mutual  reactors  m the  line  and  ground  leads.  This 
type  requires  an  auxiliary  AC  source  for  maximum 
effectiveness. 

The  need  for  overvoltage  protection  results  from  the 
possibility  of  generator  malfunction.  Full-field  condi- 
tions can  produce  very  high  voltage  on  DC  systems 
and,  because  of  the  potential  damage  to  load  equip- 
ment, it  is  customary  to  provide  fast-acting  overvoltage 
relays  to  de-energize  and  remove  the  faulty  generator 
from  the  bus.  The  various  methods  employed  sense 
either  generator  field  voltage  or  bus  voltage.  Sensing 
generator  field  voltage  is  selective  inherently  because 
the  field  voltage  of  the  unfaulted  machine  always  is 
below  rated  value.  However,  it  does  not  protect  for  a 
partial  failure  at  high  speed,  because  the  field  voltage 
still  may  be  below  rated  value  and  yet  sufficient  to 
produce  an  overvoltage  at  the  terminals.  Bus  voltage 
sensing  protects  for  all  overvoltages  above  the  relay 
setting  but  requires  a more  complex  means  of  selecting 
the  faulty  machine.  This  method  requires  biasing  of  the 
overvoltage  relay  or  the  use  of  a separate  selector  relay 
acting  on  a directional  unbalance  in  the  regulator 
equalizer  current. 

9-3.7.2  Isolated  AC  System  Protection 


0 i J i i 
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The  following  types  of  protection  are  used  for  iso- 
lated AC  systems: 

1.  Overvoltage  protection 

2.  Ground  fault  protection 


Fig.  9-15,  Weight  Comparison,  Electrical  Systems  1 Undervoltage  protection 

With  and  Without  Pneumatic  Starting,  10  kVA  per  4 Underspeed  or  underfrequency  protection 

Channel  Power  Required  S.  Phase  sequence  protection. 
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The  overvoltage  circuit  may  sense  the  average  of  the 
three  phase  voltages,  the  highest  of  the  three  phase 
voltages,  or  some  variation  of  these  two,  applying  the 
sensed  voltage  to  a relay  with  an  inverse  time  voltage 
characteristic.  Care  is  necessary  in  selection  of  the  sens- 
ing method  to  oid  nuisance  tripping  of  part  or  all  of 
the  generators  during  a line-to-ground  fault. 

When  an  average  sensing  voltage  regulator  is  used  in 
such  a situation,  one  or  both  of  the  unfaulted  phases 
will  experience  overvoltage.  Depending  upon  the  mag- 
nitude of  the  fault  current  and  the  sequence  imped- 
ances of  the  generators,  this  overvoltage  may  result  in 
tripping  a high-phase-sensing  type  of  overvoltage  relay 
before  the  other  protection  can  clear  the  fault  from  the 
system.  Use  of  a high-phase-sensing  voltage  regulator 
in  combination  with  a high-phase-sensing  overvoltage 
relay  solves  this  problem. 

In  reaching  a decision  on  the  type  of  sensing  to  be 
used,  the  following  factors  should  be  evaluated  for  the 
particular  system  being  studied: 

1.  The  magnitude  of  single-phase  overvoltage  at- 
tained with  various  magnitudes  and  locations  of  line- 
to-ground  faults 

2.  The  clearing  times  for  these  faults 

3.  The  protection  coordination  problems 

4.  The  effect  of  overvoltage  versus  time  on  sensi- 
tive load  equipment. 

The  time  voltage  tripping  characteristic  is  defined  by 
MIL-STD-704,  which  gives  the  maximum  voltage  that 
the  load  equipment  may  be  required  to  withstand,  one 
of  the  design  criteria  being  load  protection.  The  genera- 
tor and  regulator  must  be  designed  so  that  normal 
transient  conditions  will  not  cause  sys'em  voltage  to 
rise  beyond  the  maximum  level  and  cause  la'se  trip- 
ping. 

Short  circuits  at  the  generator  terminals  or  at  the 
cables  to  the  bus  may  cause  damage  from  fire  and 
smoke  or  cause  loss  of  electrical  power.  Thus  far,  some 
type  of  differential  current'  fault  protection  has  been 
considered  desirable  on  AC  generators  and  their  feed- 
ers because  this  type  of  fault  protection  is  inherently 
selective  and  thus  can  be  made  instantaneous.  In  an  AC 
system,  the  current  in  a phase  lead  normally  is  equal  to 
the  current  in  its  neutral.  If  there  is  a fault  somewhere 
within  the  loop,  there  will  be  a current  unbalance  be- 
tween the  phase  lead  and  the  neutral  lead.  To  detect  a 
fault,  the  current  unbalance  in  the  loop  is  sensed  by 
using  current  transformers  operating  a relay  to  trip  the 
generator  control  panel.  There  may  be  either  three  or 
six  current  transformers,  with  the  selection  depending 


solely  upon  the  weight  comparison  of  the  additional 
three  current  transformers  in  the  six-transformer  sys- 
tem versus  the  added  length  of  the  neutral  leads  neces- 
sary in  the  three-transformer  system.  There  is  slight 
difference  in  the  protection  level  between  the  systems 
using  three  or  six  transformers. 

Use  of  the  six-transformer  protection  system  causes 
some  reduction  in  reliability  because  of  the  possibility 
of  breakage  of  the  small  wires  used  to  complete  the  loop 
between  transformers.  An  open  circuit  in  the  loop 
causes  immediate  and  nonresettable  tripping  of  that 
generator.  This  disadvantage  should  be  weighed 
against  the  advantage  of  quick,  selective  fault  clearing 
for  the  generator  and  its  feeder.  In  a multigenerator 
parallelled  system,  the  occasional  loss  of  a generator 
from  this  cause  may  not  be  a serious  objection.  Protec- 
tion levels  of  approximately  20  to  40  A difference  in 
current  can  be  obtained.  However,  the  necessity  for  a 
protection  level  as  low  as  this  has  not  been  demon- 
strated thorougnly.  Consequently,  other  methods  of 
fault  protection  may  be  used,  as  discussed  below. 

Undervoltage  protection  can  be  obtained  by  several 
methods,  among  which  are  load  protection  and  fault 
protection.  For  example,  many  loads  can  be  damaged 
by  undervoltage.  In  the  case  of  fault  protection,  under- 
voltage sensing  gives  a measure  of  protection  against 
solid  bus  faults.  A three-phase  solid  fault  on  the  main 
bus  to  ground  will  so  depress  the  bus  voltage  as  to  cause 
the  undervoltage  protection  to  trip  after  a slight  time 
delay  The  delay  is  necessary  for  system  coordination; 
in  case  of  a fault  on  the  distribution  system,  the  over- 
current circuit  breakers  should  trip  before  undervolt- 
age trips  the  alternator. 

Underspeed  and/or  underfrequency  trips  are  used 
with  a cont rolled-frequency  system  to  provide  genera- 
tor switching  on  and  off  the  bus,  and  to  coordinate  with 
the  undervoltage  trip  when  shutting  down  the  system. 
In  addition,  some  loads  must  be  protected  against  un- 
derfrequency. The  coordination  of  an  underspeed  trip 
with  the  undervoltage  relay  is  necessary  so  that,  in 
shutting  down  the  system,  the  underspeed  switch  takes 
the  generator  off  the  bus  and  does  not  permit  the  undcr- 
voltage  relay  to  operate. 

Phase  sequence  relays  have  been  called  for  in  some 
specifications.  In  general,  phase  sequence  protection  is 
dependent  upon  system  maintenance  requirements. 
Phase  sequence  always  should  be  checked  when  chang- 
ing a generator. 

Anticycling  protection  is  necessary  to  prevent  dam- 
age caused  by  cycling  of  a system  on  a fault.  Without 
this  protection,  when  the  generator  sw  itch  is  held  in  the 
reset  position  on  a fault,  the  fault  will  -ause  the  system 
to  trip  again  and  the  reset  switch  will  cause  it  to  reclose. 
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Therefore,  a lockout  or  anticycling  relay  is  used  to 
interlock  the  reset  switch  electrically  and  to  permit 
only  one  reset  on  a fault  when  the  reset  switch  is  held 
closed. 

9-3.7. 3 Parallel  AC  System  Protection 

In  order  to  attain  the  highest  degree  of  use  from  a 
parallel  AC  system,  if  is  necessary  to  prevent  a fault  or 
a malfunction  in  one  part  of  the  system  from  destroying 
the  power-producing  abilities  of  the  remainder  of  the 
system.  Moreover,  it  is  advantageous  to  remove  the 
faulted  portion  with  minimum  power  interruption  to 
the  loads,  and  quickly  enough  to  present  further  dam- 
age to  the  system. 

In  designing  system  protection,  the  first  function  of 
the  generator  protection  panel  is  to  distinguish  between 
failures  in  the  distribution  or  toad  system  and  those  in 
the  generator  system.  If  the  failure  is  in  the  generating 
system,  removal  of  the  faulty  machine  should  take 
place  as  quickly  as  possible.  If  the  distribution  and  load 
system  are  protected  and  coordinated  adequately,  the 
panel  should  take  no  action  for  failures  in  this  area 
except  possibly  when  protective  devices  fail  to  operate 
properly. 

Some  of  the  malfunctions  most  likely  to  occur  and 
; for  which  protection  is  required  are; 

1.  Excitation  protection 

2.  Open-phase  protection 

3.  Bus  fault  protection 

4.  Generator  short-circuit  protection 

5.  Unbalance  real  power  protection. 

One  of  the  foremost  problems  has  been  protection 
against  excitation  failures.  It  has  been  determined  that 
both  overexcitation  and  underexcilation  can  result  in 
the  loss  of  an  entire  generating  system.  In  the  past, 
relays  operating  at  the  ceiling  voltage  of  the  exciter 
have  been  used  for  overexcitation  protection.  However, 
because  this  method  gives  incomplete  protection,  other 
methods  have  been  developed  to  allow  lull  protection 
against  both  overexcitation  and  underexcitation  Either 
of  these  malfunctions  results  in  circulating  reactive  cur- 
rent flow  beiw**en  machines.  However,  a system  that 
has  an  overexcited  machine  will  have  a higher-than- 
average  bus  voltage  or,  for  a heavily  loaded  system,  at 
least  normal  bus  voltage.  A system  with  a machine  that 
is  underexcited  will  have  a bus  voltage  lower  than  nor- 
mal. These  two  signals — unbalance  in  reactive  current 
flow  and  bus  voltage — are  used  to  detect  and  select  an 
abnormal  machine  from  a system  for  both  types  of 
excitation  failures.  Furthermore,  by  the  use  of  a differ- 
ential circuit  and  a polarized  relay,  the  magnitude  and 


direction  of  the  unbalanced  reactive  current  flow  can  be 
determined. 

An  open  circuit  on  a phase  wire  that  includes  a load 
division  current  transformer  can  cause  loss  of  the  entire 
system.  Provided  that  the  system  load  does  not  ap- 
proach the  total  machine  capacity,  an  open  on  any 
other  phase  is  not  serious  because  the  effects  of  the  load 
division  circuits  are  not  present  For  this  reason  it  is 
recommended  that  both  the  real  load  and  the  reactive 
load  division  current  transformers  be  located  in  the 
same  phase. 

One  method  of  protection  for  an  open  phase  when 
operating  isolated  is  to  detect  an  unbalance  in  the  three 
phase  voltages.  This  signal  may  be  used  with  a time 
delay  to  remove  the  generator  from  the  line.  In  parallel 
operation,  an  open  phase  will  result  in  a high  neutral 
current.  It  has  been  suggested  that  this  might  be  used 
as  a sensing  means  to  isolate  the  generator  if  a split  bus 
system  is  used.  Because  high  fault  clearing  capacity  is 
desired,  this  method  shall  not  be  employed. 

Open-phase  protection  as  described  also  will  serve  as 
a method  of  bus  fault  protection  because  the  signals  for 
these  two  malfunctions  are  similar.  Here  also,  the  pro- 
tection depends  upon  a split  bus  configuration,  but 
again  would  result  in  isolating  all  generators  when  a 
iine-to-ground  fault  occurs  on  the  system.  Another 
method  would  be  to  use  total  differential  current  to 
separate  the  generators  and  then  lo  use  single-phase 
undervoltage  relay  sensing  with  a time  delay  to  remove 
the  faulted  generator. 

The  probability  of  having  a closely  balanced,  three- 
phase  fault  on  a bus  system  is  quite  lew  compared  with 
the  probability  of  a single-phase,  or  line-to-line,  fault. 
By  making  use  of  this  fact,  most  bus  faults  may  be 
delected  by  sensing  excessive  negative  sequence  voltage 
and  using  this  to  trip  the  bus  tie  switches  or  circuit 
breakers  after  a time  delay  sufficient  to  provide  coordi- 
nation with  distribution  system  fault  protection.  This 
leaves  the  faulted  bus  section  supplied  by  one  genera- 
tor The  exciter  ceding  voltage  relay,  mentioned  pre- 
viously, is  a relatively  simple  means  of  removing  this 
generator  from  its  faulted  bus.  This  relay  must  have 
sufficient  time  delay  to  coordinate  with  the  other  sys- 
tem fault  protection  devices — such  as  distribution  cir- 
cuit breakers. 

The  differential  current  fault  protection  described  in 
par  V-.V7.2  also  is  applicable  to  parallel  operation.  In 
a parallel  system,  the  protection  against  failures  of  the 
power  mover  to  dale  has  been  of  three  types — over- 
speed, underspeed,  and  reverse  power.  Reverse  power 
is  power  transmitted  into  the  drive  from  the  system. 
The  total  action  of  the  three  types  of  protection  is 
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directed  toward  separation  of  the  faulted  drive  and 
generator  from  the  remainder  of  the  system. 

The  most  satisfactory  reverse  power  protection  de- 
vice used  to  date  on  AC  systems  has  been  a mechanical 
overrunning  clutch  installed  between  the  generator  and 
its  driving  source.  Attempts  have  been  made  to  design 
reverse  power  relays  to  perform  an  equivalent  function 
by  opening  the  generator  contactor.  To  date,  these  at- 
tempts have  not  been  completely  successful,  possibly 
because  of  the  difficulty  of  designing  a relay  to  measure 
accurately  the  net  direction  of  three-phase  power  under 
conditions  of  badly  unbalanced  voltages  and  currents 
found  with  some  fault  conditions. 

One  method  of  overspeed  protection  on  a hydraulic 
drive  is  mechanical  speed  sensing.  If  an  overspeed  oc- 
curs, the  drive  is  transferred  into  its  maximum  under- 
! drive  ratio.  On  the  assumption  that  the  synchronous 

j speed  of  the  alternator  is  reached  at  some  medium 

value  of  drive  ratio,  action  of  the  overspeed  protection 
1 would  resuit  in  a drive  speed  slower  than  that  required 

j for  synchronous  operation.  However,  because  of  the 

j overrunning  clutch  in  the  drive,  the  alternator  rota- 

tional speed  remains  in  synchronism  with  the  rest  of  the 
I system.  Because  of  the  possibility  of  sustained  motoring 

• (clutch  slippage),  it  is  important  that  the  clutch  have 

j proper  lubrication  under  this  condition  of  operation. 

| Mechanical  overspeed  protection  also  may  shut  off  the 

! pneumatic  or  fuel  supply  to  turbine  drives. 

! Underspeed  protection  has  been  used  to  remove  the 

alternator  from  the  bus  rather  than  to  produce  any 
reaction  on  the  drive  itself.  The  devices  available  to 
perform  this  function  detect  actual  drive  speed,  and 
their  actions  result  in  the  operation  of  electrical  con- 
tacts. These  contacts  are  connected  into  the  alternator 
control  circuits  so  that  the  alternator  is  removed  from 
the  bus. 

The  action  of  both  overspeed  and  underspeed  devices 
relies  upon  the  overrunning  clutch  in  order  to  obtain 
selectivity  between  good  and  bad  units.  As  an  illustra- 
tion, given  an  overspeed  condition  on  a two-generator 
system,  the  faulty  drive  and  its  alternator  can  raise  the 
system  frequency  and  will  assume  all  the  real  load.  The 
other  alternator  will  be  rotating  faster  than  its  drive, 
but  is  able  to  do  so  because  of  the  overrunning  clutch. 
After  the  overspeed  device  has  operated  and  the  faulted 
drive  output  speed  has  been  lowered  below  normal,  the 
system  will  pull  the  alternator  of  the  faulted  drive  away 
from  the  drive.  The  underspeed  device  on  the  faulted 
drive  then  will  operate,  resulting  in  its  alternator  being 
removed  from  the  bus. 

This  type  of  reverse  power  protection  operates  only 
for  failure  of  the  drive  and  not  for  mechanical  failure 
of  the  alternator  itself.  It  is  possible,  with  electrical 
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circuits  somewhat  similar  to  reactive  sensing  in  excita- 
tion protection,  to  sense  reverse  real  power.  This  would 
protect  against  alternator  mechanical  failures.  How- 
ever, the  settings  of  the  device  must  be  such  that  opera- 
tion is  prevented  when  reverse  power  appears  as  the 
result  of  an  overspeed  condition  on  one  of  the  other 
alternators  and  its  drive.  A mechanical  failure  of  the 
generator  probably  will  include  a ground  fault,  so  that 
differential  protection  will  remove  the  generator  from 
the  bus.  Also,  underexcitation  will  trip  the  machine 
when  it  no  longer  is  generating  voltage. 

In  considering  the  type  and  amount  of  protection  to 
be  provided,  the  designer  must  consider  the  type  of  bus 
system  on  the  helicopter.  It  is  obvious  that  bus  fault 
protection  provides  little  useful  service  on  a solid  bus 
system.  With  the  split  bus  system  or  a synchronizing 
bus,  protection  can  be  modified  such  that  under  some 
conditions  the  machines  can  be  separated  and  each 
then  will  supply  the  system  loads  successfully  on  its 
individual  bus. 

9-3.8  PARALLEL  VERSUS  NONPARALLEL 
OPERATION 

Systems  with  multiple  generators  of  electrical  power 
can  be  arranged  either  with  the  generators  in  parallel 
or  with  the  generators  isolated  (nonparallel).  The  ad- 
vantages of  each  of  these  arrangements  are  discussed  in 
the  paragraphs  that  follow.  These  advantages  must  be 
reviewed  prior  lo  selection  of  one  of  the  alternative 
arrangements  for  a system  to  meet  given  i equipments. 

9-3.8. 1 Parallel  Operation 

Advantages  of  parallel  operation  arc: 

1.  Total  electrical  load  is  proportioned  among  ac- 
tive generators,  thus  improving  reliability. 

2.  Failure  of  a unit  generator  output  in  a multiple 
generator  system  results  in  no  interruption  of  primary 
service.  Sufficient  overload  capacity  in  each  generator 
allows  adequate  tune  for  load  monitoring.  Additional 
safety  is  provided  by  continued  service  prior  to  moni- 
toring. 

3.  A larger,  interconnected  generating  capacity  al- 
lows larger  starting  and  peak  load  demands  for  a given 
time  voltage  disturbance. 

4 Inverse  time  overcurrei.t  fault  protection  will 
operate  faster. 

5.  Installed  generator  capacity  is  used  more  effec- 
tively, making  possible  a reduced  number  of  generators 
or  lower  generator  ratings. 

6 Electrical  integrity  usuallv  can  be  maintained  in 
(he  event  of  a generator  or  prune  iiiovci  failure,  only  a 


■••  • > .wT^'^  rj'-  >^.~,'-»^>™f  ,^^^"T^^^‘W:Tf''  '1Tv^- •,~  r'”'  MW*?!*  ,*?1'  ■'  *VI  ' ■ Va"V-V'- 'V  s''vo;i 


* 

-if 

AMCP  706-201  i 


r 


portion  of  the  power  system  is  lost  in  a muitigenerator 
installation. 

7.  Redistribution  of  load  to  remaining  generators 
is  automatic  upon  loss  of  a generator,  thus  simplifying 
operator  supervision. 

8.  Distribution  system  usually  is  simplified  by 
providing  a common  bus  for  all  equipment  in  lieu  of 
one  or  more  buses  from  isolated  power  sources. 

9.  Complicated  switching  of  loads  from  a dead  bus 
to  an  active  bus  is  eliminated. 

10.  Human  element  of  selecting  the  power  bus  for 
various  loads  is  avoided. 

11.  Beat-frequency  effects  in  sensitive  equipmc.it, 
such  as  autopilots  and  radar,  are  eliminated  by  syn- 
chronous operation  of  all  AC  sources. 

9-S.8.2  Nonparallel  Operation 

Advantages  of  nonparallcl  operation  are: 

1.  Automatic  load  division  circuitry  and  mecha- 
nism between  generators  is  unnecessary,  thus  reducing 
complexity. 

2.  Disturbances  in  a section  of  the  electrical  sys- 
tem affect  only  the  section  associated  with  one  genera- 
tor. 

3.  Fault  current  of  the  system  is  reduced  in  magni- 
tude, allowing  use  of  smaller  and  lighter  switching  and 
protective  equipment. 

4.  Full  individual  generator  capacity  may  be  util- 
ized because  no  load  unbalance  due  to  meter  error  or 
parallelling  efficiencies  need  be  considered 

9-3.9  ELECTRICAL  SYSTEM  RELIABILITY 

Each  power  source  on  a helicoplci  should  be  capable 
of  operating  independently  of  any  other  power  source 
on  the  same  helicopter  Therefore,  n should  not  be 
possible  for  a fault  in  one  electrical  power  source  to 
affect  the  ability  of  another  power  somcc  to  furnish  the 
prescribed  type  of  power  to  the  loads.  Furthermore, 
each  power  source  should  be  capable  of  initialing  and 
delivering  Us  power  independently  ol  any  other  powu 
source.  If  a section  of  the  power  distribution  system  of 
one  power  source  fails,  it  must  be  possible  to  remove 
the  faulted  section  before  the  faulted  source  can  make 
vital  elements  unserviceable-  even  when  demand  is 
transferred  to  a second  power  source  or  cycled  between 
power  sources,  as  in  repealed  attempts  to  reset  a circuit 
breaker. 

Evaluation  of  system  reliability  is  discussed  in  detail 
in  Chapter  12.  Selection  of  the  type  of  electrical  system 
should  include  consideration  of  the  ability  of  the  sys- 


tem and  its  components  to  meet  the  helicopter  reliabil- 
ity guidelines  or  requirements  defined  by  the  procuring 
activity. 

9-3.10  ELECTRICAL  SYSTEM  SAFETY 

An  electrical  system  should  be  designed  so  that  no 
fault  or  probable  combination  of  faults  to  any  of 
parts  can  result  in  an  unsafe  condition.  Therefore,  :i. 
the  case  of  equipment  necessary  for  flight,  duplicatioi 
of  that  equipment  or  the  use  of  overlapping  functions 
from  other  pieces  of  equipment  may  be  necessary.  The 
degree  of  safety  required  to  perform  certain  function 
should  be  consistent  throughout  the  electrical  power 
system;  thus,  if  the  loads  are  duplicated  or  have  ou  r 
lapping  functions,  it  may  be  necessary  to  duplicate  th  „• 
supply  to  these  loads. 

9-3.11  EMERGENCY  SYSTEMS 

Measures  should  be  taken  to  provide  powei  to  cn. 
cal  loads  tn  case  of  failure  of  the  primary  electrics' 
system  on  the  helicopter.  Automatic  or  manual  mom 
toring  of  loads  is  mandatory  when  the  primary  electri  - 
cal source  fails.  The  following  is  a list  of  possible  emer- 
gency sources: 

1.  Battery.  Small  amounts  of  power  may  be  made 
available  by  the  use  of  a battery  for  a limited  period  of 
time.  However,  if  a battery  is  relied  upon,  great  car-, 
must  be  taken  to  keep  the  battery  adequately  charged 
Switching  to  an  emergency  bus  would  bi  ing  the  battei  \ 
power  to  the  correct  loads.  By  tri-service  agreement, 
only  nickel-cadmium  batteries  shall  be  used  for  new 
design. 

2.  Separate  generator  driven  by  mam  trunsiiiissioi 

3.  Hot  gas  turbine  generator  units.  Auxiliary  tur- 
bine power  to  supply  mechanical  and  electrical  load 
may  be  obtained  conveniently  from  liquid  fuels. 

4.  Monopropellanl  system.  Operates  indepciw 
ently  of  altitude,  attitude,  and  of  other  generation  sys 
terns 

Helicopters  having  dual  sets  of  primary  (light  insiru 
meats  shall  have  each  set  powered  from  separuu 
sources.  In  some  cases  this  requirement  can  be  satisfied 
by  a separate  supply  from  different  sections  of  a sec 
lionulized  muitigenerator  main  bus  system.  In  ollu; 
cases  a small  independent  power  supply,  such  a.*  a h> 
draulic  motor  generator  set,  can  be  used  for  one  set  i-i 
instruments. 
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9-3.12  DISTRIBUTION  SYSTEM 

The  distribution  system  is  used  to  transfer  available 
power  to  the  load  buses;  in  a multiple-source  syst.  ■*>, 
the  distribution  system  often  is  designed  to  make  more 
than  one  source  available  to  the  important  load  buses. 

There  are  a number  of  definitions  that  must  be  un- 
derstood prior  to  a discussion  of  distribution  systems. 
The  term  itself,  “distribution  system",  as  used  herein, 
is  that  part  of  the  complete  system  between  the  genera- 
tor line  contactors  and  the  load  buses.  It.  is  comprised 
of  two  general  areas: 

1.  The  source  bus  system,  which  provides  the  junc- 
tion points  among  generator  feeders,  source  bus  inter- 
connections, and  the  transmission  system. 

2.  The  transmission  system,  which  is  the  part  of 
the  system  between  source  buses  and  load  buses. 

"Emergency  loads"  in  helicopters  usua.lly  mean 
those  necessary  for  continued  flight  and  landing. 

“Generator  feeders"  are  the  lines  between  the  power 
source  terminals  and  the  generator  line  contactor.  They 
are  not,  by  definition,  a part  of  the  distribution  system, 
but  enough  points  of  similarity  exist  between  feeder 
design  and  transmission  system  design  to  warrant  fur- 
ther discussion  of  feeders. 

Each  feeder  must  be  capable  of  carrying  the  full 
output  of  the  machine.  Wire  i ated  for  current  and 
ambient  temperatures  in  such  a fashion  that  an  ex- 
tremely long  insulation  life  is  obtained.  In  most  sys- 
tems, a machine  is  carrying  full  load  for  a compara- 
tively small  proportion  of  the  total  operating  life  of  the 
flight  vehicle.  For  these  reasons  some  designers  assign 
a rating  to  feeder  wires  in  excess  of  the  book  value  to 
obtain  a lighter  system  with  a probable  insulation  life 
still  in  excess  of  expected  vehicle  life.  However,  as  a 
minimum  requirement,  the  wire  size  shall  be  sufficient 
to  carry  any  load  or  overload  up  to  the  limit  of  machine 
capability  without  smoking  or  overheating.  Most  AC 
machines  will  carry  double  load  considerably  longer 
than  the  5 sec  rating. 

Voltage  drop  is  usually  the  factor  that  determines 
wire  size  for  low-voltage  circuits  in  large-capacity  sys- 
tems such  as  existing  DC  applications.  In  higher  volt- 
age systems,  such  as  existing  three-phase,  120/208  V 
AC  systems,  thermal  capacity  is  usually  the  factor  that 
determines  wire  size  except  where  very  long  lines  are 
used  (100  ft  or  more)  or  where  induction  motors  with 
high  acceleration  rates  are  required.  However,  the  ad- 
vent of  high-temperature  insulations  eventually  may 
result  in  wire  sizes  small  enough  to  make  voLage  drop 
the  limiting  factor  even  on  120/208  V systems.  With 
bundle  conductors  in  three-phase  systems,  the  voltage 


drop  primarily  is  resistive.  If  the  phase  conductors  are 
separated  from  each  other,  both  line  reactance  and 
voltage  drop  are  increased. 

With  single-phase  loading,  the  voltage  drop  in  a 
given  line  may  be  considerably  greater  than  the  drop 
obtained  with  a balanced  load  producing  the  same 
phase  current  and,  for  wire  sizes  larger  than  AN- 10  or 
AL-8,  predominantly  is  reactive.  Be'  "se  the  zero- 
sequence  reactance  for  a given  win.  is  dependent 
primarily  upon  spacing  of  the  line  from  the  skin,  volt- 
age unbalance  at  the  load  bus  with  unbalanced  loading 
is  reduced  by  running  distribution  lines  as  close  to  the 
skin  as  possible. 

Fault  currents  (currents  in  faulted  or  failed  circuits) 
are  used  to  protect-distribution  systems.  Experience  has 
shown  that,  for  reasons  given  subsequently,  great  care 
must  be  exercised  in  the  use  of  fault  currents. 

With  bundled  conductors,  positive  and  negative  se- 
quence impedances  are  small.  Hence,  three-phase  fault 
currents  are  affected  little,  and  line-to-line  fault  cur- 
rents are  not  affected  greatly  by  distribution  system  and 
generator  feeder  lines  of  moderate  lengths.  However, 
line- to-ground  and  line-to-line-to-ground  fault  cur- 
rents are  affected  greatly  by  line  lengths  in  stiff  sys- 
tems. particularly  those  with  large  spacing  to  the 
skin.  For  this  reason,  it  is  possible  to  reduce  these  fault 
currents  by  increasing  distribution  and  feeder-line 
spacing  from  the  structure,  or  to  increase  them  by  de- 
creasing spacing.  In  practice,  installation  problems 
often  make  it  difficult  to  obtain  a large  range  of  control 
ot  fault  currents  by  this  means.  It  should  be  noted  that 
decreasing  of  fault  currents  by  this  method  results  in 
increased  voltage  unbalance  at  the  load  bus  with  un- 
balanced loading. 

9-3.13  ELECTROMAGNETIC  COMPATIBILITY 
(EMC) 

Careful  consideration  must  be  given  to  electromag- 
netic compatibility  (EMC)  during  the  design  of  the 
helicopter  electrical  system.  MIL-E-6051  defines  elec- 
tromagnetic compatibility  as  “the  capability  of  systems 
and  all  associated  subsystems/equipments  to  perform 
with  required  effectiveness,  and  without  degradation, 
in  the  total  electromagnetic  environment  encountered 
during  accomplishment  of  the  assigned  mission”.  The 
program  required  by  MIL-E-6051  must  be  planned  and 
the  pertinent  technical  criteria  defined  during  the 
preliminary  design  phase.  These  criteria  include  the- 
definition  of  required  system  effectiveness,  which  will 
be  included  in  the  helicopter  model  specification.  Addi- 
tional criteria  that  must  be  applied  during  the  prelimi- 
nary design  phase  pertain  both  to  the  electrical  sys- 
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tern — component,  connection,  wire,  and  cable 
compatibility  criteria — and  to  the  helicopter  structure 
and  other  subsystems.  For  example,  appropriate  provi- 
sion must  be  made  for  bonding  and  grounding,  as  well 
as  for  the  selection  and  installation  of  components  in 
order  to  provide  protection  from  lightning  and  static 
electricity.  Procedures  for  providing  this  protection  are 
discussed  in  par.  7-9,  AMCP  706-202.  Methods  for 
maintaining  electromagnetic  interference  (EMI)  within 
the  maximum  acceptable  levels  are  discussed  in  par. 
7-6.  AMCP  706-202. 


9-4  HYDRAULIC  SYSTEMS 

9-4.1  GENERAL 

Hydraulic  applications  in  helicopters  are  oriented 
primarily  toward  flight  control  functions.  Hydraulics 
generally  provide  full  power  capability  plus  stability 
augmentation,  allowing  low  control  system  force  levels 
while  also  providing  good  flight  characteristics.  Meet- 
ing design  requirements  for  handling  qualities  without 
stability  augmentation  can  be  very  difficult  if  not  im- 
possible. If  the  vehicle  has  a stability  margin  without 
augmentation  and  also  has  relatively  low  control  peak 
load  requirements,  power  boost  with  manual  reversion 
may  be  used.  The  force  levels  required  after  reversion 
to  the  manual  mode  should  be  such  that  a pilot  can 
continue  flight  for  a reasonable  period  prior  to  landing 
without  excessive  physical  discomfort. 

The  typical  hel'^opter  functions  are  cyclic  pitch,  col- 
lective pitch,  and  directional  control.  The  cyclic  mode 
includes  control  in  the  lateral  and  longitudinal  planes. 
Collective  pitch  provides  vertical  control. 

Utility  functions  that  require  or  can  use  hydraulics 
are  varied.  Hydraulic  systems  are  used  to  provide  the 
power  and  control  for  hoist  or  winch  systems.  Doors 
and  loading  ramps  can  use  hydraulics  as  the  optimum 
approach.  Occasionally,  the  landing  gear  may  be  re- 
tractable and  require  hydraulics.  Other  utility  applica- 
tions include  gun  turrets  and  gun  drives,  rotor  braking, 
wheel  braking  and  steering,  fluid  dampers,  and  cargo 
hooks. 

The  engine-starting  system  is  an  important  applica- 
tion for  hydraulics.  Self-contained,  independent  engine 
starting  can  be  provided  through  the  use  of  a hand 
pump  and  accumulator  system.  The  starting  motor 
sometimes  is  designed  to  be  convertible  to  a hydraulic 
pump  after  starting. 
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9-4.2  TRADE-OFF  CONSIDERATIONS 
9*4.2. 1 Mission  Performance  Requirements 

The  flight  control  load  levels,  both  estimates  and 
design  requirements,  must  be  analyzed  to  determine  if 
manual  pilot  effort,  boosted  pilot  effort  with  reversion 
to  manual,  or  redundant  full-power,  irreversible  hy- 
draulic systems  are  required.  In  addition,  the  possibil- 
ity of  alternatives  to  hydraulics  in  flight  control  must 
be  evaluated. 

Utility  functions  must  be  evaluated  in  a preliminary 
trade-off  relative  to  the  alternative  modes  of  operation. 
These  include  hydraulic,  pneumatic,  electromechani- 
cal, manual,  and  pyrotechnic. 

Weight,  cost,  continuous  versus  cyclic  operation, 
temperature,  and  performance  limitations  are  factors 
that  are  important  in  the  preliminary  trade-off. 

9>4.2.2  System  Trade-offs 

The  required  trade-offs  involve  hydraulic  system 
pressure  levels; constant  pressure, variable-flow  systems 
versus  constant-flow , unloader-accumulator  systems; 
and  central  systems  versus  packaged,  remotely  located 
systems.  Also,  the  type  and  location  of  filtration  to  be 
used  in  the  hydraulic  systems  must  be  considered.  The 
alternative  fluids  must  be  evaluated  and  the  optimum 
one  chosen.  Survivability  and  reliability  requirements 
must  be  analyzed  to  establish  the  redundancy  required 
for  each  concept  under  consideration.  The  type  of 
reservoir  pressurization  for  hydraulic  systems  may  be 
a pertinent  trade-off.  Weight,  cost,  maintainability, 
reliability,  and  component  life  are  factors  to  be  weighed 
in  all  the  trade-offs. 

Hydraulic  systems  generally  are  the  only  candidates 
for  flight  control  systems.  For  utility  functions, 
manual,  pneumatic,  pyrotechnic,  and  electromechani- 
cal systems  can  be  used  in  addition  to  hydraulics  and 
will  be  involved  in  the  total  trade-off.  The  detail  trade- 
off considerations  for  these  techniques  are  covered  in 
par.  9-1, 

A more  detailed  discussion  of  the  hydraulic  system 
trade-offs  is  presented  in  the  paragraphs  that  follow. 

9-4. 2. 2.1  System  Pressure  Trade-offs 

The  system  pressure  trade-offs  are  associated 
primarily  with  comparing  aspects  of  weight,  cost,  relia- 
bility, heat  rejection,  and  system  maintenance.  Weight 
trade-offs  for  hydraulic  systems  generally  indicate  that 
the  lightest  system  can  be  attained  with  pressures  in  the 
3000-4500  psi  range,  as  shown  in  Fig.  9-16.  However, 
there  has  been  little  incentive  to  go  beyond  3000  psi 
because  there  is  a lack  of  experience  in  service  with 
higher  pressures  and,  therefore,  components  generally 
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Fig.  9-16.  Hydraulic  System  Weight  vs  Operating 
Pressure 


are  not  available.  The  weight  and  envelope  advantage 
must  be  important  to  justify  the  extra  development,  test, 
and  service  maintenance  equipment  expense  involved 
with  using  higher  pressures.  In  most  cases  the  weight 
savings  in  going  to  4000  from  3000  psi  is  3-5%  or  less. 

The  lower  pressure  systems  generally  provide  re- 
duced maintenance  and  increased  reliability.  The  sys- 
tem heat  rejection  levels  can  be  reduced  significantly  by 
lower  pressures. 

The  basic  motivation  is  to  keep  the  system  pressure 
as  low  as  is  consistent  with  the  emphasis  placed  upon 
each  of  the  evaluation  factors  for  a given  vehicle 
preliminary  design  effort. 

9-4.2. 2. 2 Trade-offs  Among 

Constant-pressure,  Variable-flow; 
Constant-flow;  and  Load-sensitive 
Systems 

The  basic  hydraulic  system  source  alternatives  are 
constant-pressure,  variable-delivery  systems  versus 
constant-flow  unloader  or  relief-type  systems,  A varia- 
tion of  the  constant-pressure  design  is  the  use  of  a load 
sensor  to  keep  the  pressure  at  low  levels  except  when 
increased  pressures  are  required  for  high  loads. 

The  constant-pressure  system  uses  a variable-deliv- 
ery pump  whose  pumping  stroke  is  controlled  by  a 
hydraulic  servo-actuator  system.  The  servo  is,  in  effect, 
a pressure  regulator  that  tries  to  maintain  a constant 
pressure  within  its  limits  and  to  meet  the  flow  demands. 
The  difference  between  maximum  full  flow  pressure 
and  compensated  (no  flow)  pressure  can  be  maintained 
at  150  psi  or  less.  Fig.  9-17  shows  a typical  pump 
performance  curve.  This  system  may  require  an  ac- 
cumulator to  keep  transient  overshoot  within  135%  of 
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rated  system  pressure  limit.  This  type  of  system,  with 
its  high  flow  response  characteristics,  is  required  to  give 
adequate  flight  control  dynamic  characteristics. 

The  constant-flow,  fixed-stroke  pump  is  used  with  an 
accumulator  and  either  an  unloader  valve  or  a relief 
valve.  Either  valve  defines  the  maximum  system  oper- 
ating pressure.  This  type  of  pfimp  also  can  be  used  with 
an  open  center  system.  In  tnis  case  the  flow  is  directed 
hack  to  the  reservoir  at  low  pressure  until  the  valve  is 
closed,  thus  directing  the  flow  to  operate  a subsystem. 
The  pressure  is  developed  as  necessary  to  meet  the  load 
requirements.  Upon  completion  of  the  subsystem  oper- 
ation, the  control  valve  is  returned  to  open  center 
(bypass)  condition.  The  constant-flow  system  generally 
is  used  for  utility  functions  only. 

The  load-->ensitive,  constant-pressure  system  gener- 
ally is  used  in  applications  that  require  holding  system 
heat  rejection  to  a minimum.  This  type  of  system  has 
a reduced  heat  rejection  capability  because  its  nominal 
operating  pressure  can  be  as  low  as  500  psi  compared 
with  a standard  3000  psi.  Therefore,  the  input  energy 
requirements  are  reduced  significantly. 

9-4.2. 2. 3 Central  Hydraulic  Systems  Versus 
Remotely  Located  Fackaged 
Hydraulic  Systems 

The  central  system  generally  is  the  accepted  ap- 
proach because  of  the  number  of  using  areas  or  subsys- 
tems. 

Where  there  is  a single  performance  requirement,  an 
integrated,  electric-motor-driven  / hydraulic  pump/- 
reservoir  system  may  prove  advantageous.  The  num- 
ber of  external  leak  points  is  reduced  and  the  weight 
may  be  less. 


Fig.  9-17.  Typical  Hydraulic  Pump  Pressure  vs 
Flow  Characteristics 
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9-4.2. 3 System  Filtration  Trade-offs 

Adequate  filtration  is  essential  to  the  satisfactory 
operation  of  hydraulic  systems.  The  discussion  that 
follows  presents  some  of  the  trade-off  considerations 
used  when  evaluating  filters. 

The  hydraulic  pump  is  the  most  important  consider- 
ation because  it  is  the  source  of  practically  all  system- 
generated contamination.  The  filtration  level  gene?  ully 
accepted  in  the  past  has  been  10  micron  particle  size 
nominal  with  no  absolute  maximum,  or  10  micron 
nominal,  25  micron  absolute.  The  trend  is  currently 
toward  5 micron  nominal,  15  micron  absolute  filtra- 
tion. 

Filtration  can  be  central  or  otherwise.  A filter  just 
forward  of  a component,  such  as  the  flight  control 
actuator,  can  be  the  ultimate  in  protection,  removing 
contamination  introduced  into  lines  and  hose  during 
manufacture  or  maintenance  in  service.  However, 
where  there  are  several  subsystems,  this  filtration 
method  can  impose  a penalty  in  weight  and  cost. 

The  current  Military  Specifications  require  central 
filtration  without  a bypassing  relief  feature  for  pressure 
side  filtration.  A system  then  can  be  configured  rather 
simply  with  one  filter  in  the  return  and  one  filter  in  the 
pressure  side.  The  components  should  incorporate  50 
to  75  micron  screens  to  take  care  of  the  “nuts  and 
bolts”  type  of  contamination. 

Filter  elements  with  a bypass  relief  valve  are  used  to 
prevent  possible  excessive  return  pressures  on  the  com- 
ponents. However,  the  pump  case  drain  should  not  be 
routed  through  these  filters.  Pump  pressure  transients 
and/or  well-loaded  (dirty)  filters  would  allow  bypass- 
ing of  the  filter  and  subsequent  contamination  of  the 
reservoir  along  with  deterioration  and  failure  of  the 
pump.  Therefore,  consideration  should  be  given  to  use 
of  a separate  filter  for  the  pump  case  drain.  This  would 
be  placed  in  series  with  the  return  filter,  thereby  mini- 
mizing the  possibility  of  a contamination  short  circuit. 
The  elements  in  all  three  areas,  as  shown  in  Fig.  9- 1 8, 
can  be  the  same  size  or  have  the  same  flow  rating.  The 
weight-cost  penalty  of  the  drain  filter  is  compensated 
for  by  two  factors:  first,  only  one  element  need  be 
stocked;  second,  the  filter  element  life  will  be  increased 
three  to  five  times  over  that  of  an  element  whose  design 
supposedly  is  optimum  for  the  job.  Consequently,  the 
maintenance  and  other  servicing  aspects  will  be  quite 
acceptable. 

Differential  pressure  indicators  normally  are  incor- 
porated into  the  filter  package.  This  allows  for  as- 
necessary  element  change.  Time-delays  are  required  to 
avoid  destruction  of  the  meter  as  a result  of  transients. 
In  addition,  the  indicator  should  have  a thermal  lock- 
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Fig.  9-18.  Filter  Location,  Typical  Hydraulic 
System 


out  to  prevent  meter  destruction  due  to  increased  oil 
viscosity  during  cold  starts. 

Throwaway  elements  are  preferred  over  oleanabie 
filter  elements  because  cleaning  has  not  proven  to  be 
satisfactory. 

9-4.2.4  Fluid  Selection 

The  "red  oil”  (MIL-H-5606)  is  in  general  use.  T he 
cost  of  changing  ground  servicing  equipment  including 
test  benches  and  ground  carts,  has  been  a completely 
inhibiting  factor  to  changing  hydraulic  fluids.  The  pri- 
mary reasons  for  changing  are  operating  temperature 
or  fire  resistance  characteristics.  For  helicopters,  the 
maximum  fluid  operating  temperatures  are  within  the 
capability  of  the  “red  oil”.  Therefore,  the  design  re- 
quirement almost  must  be  unique  before  a fluid  trade- 
off is  required.  Safety  considerations,  including  reduc- 
tion of  post-crash  fire  hazards,  are  discussed  in  par. 
9-4.5. 

9-4.2.5  Survivability/reliability  Trade-offs 

The  survivability/reliability  requirements  estab- 
lished must  be  equated  with  required  redundancy  in 
components  and  systems  as  necessary. Generally,  two, 
active,  independent,  parallel  usage  systems  are  re- 
quired. For  utility  functions,  a passive  backup  to  the 
normal  system  may  be  required — such  as  pneumatic, 
manual,  or  pyrotechnic. 
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9-4. 2. 6 System  Reservoir  Trade-off 

The  basic  choices  of  reservoirs  are  spring-energized, 
air-pressurized  (separated  and  unseparated),  and  boot- 
strap. The  hydraulic  pressure  system  (pump  or  ac- 
cumulator) is  the  pressure  source  for  the  latter. 

The  bootstrap  or  separated  air  types  are  necessary 
where  Type  II  (275°F  max)  fluid  temperatures  are  ex- 
pected. This  type  will  separate  oxygen  from  the  oil  so 
that  excessive  oxidation  and  breakdown  of  the  oil  will 
not  occur.  The  unseparated  gas  type  can  be  used  for 
Type  II  temperatures  if  an  inert  gas  such  as  nitrogen  is 
used  as  the  pressurant. 

In  addition  to  oxidation  problems,  air  entrainment 
can  reduce  the  bulk  modulus  of  fluid  and  may  have 
serious  effects  upon  the  dynamics  of  flight  control  sys- 
tems. Therefore,  comprehensive  and  easily  followed 
bleeding  procedures  are  necessary.  Adequate  air  bleed 
of  the  closed  systems  is  required  and,  unfortunately, 
can  be  difficult,  especially  with  cyclic  utility  require- 
ments due  to  the  "trapped  oil”  condition. 

The  spring-energized  reservoir  is  not  used  in  high- 
pressure  systems  except  with  volumes  of  approximately 
25  in:’  or  less  because  the  weight  penalty  is  excessive. 
Further  discussion  of  reservoirs  is  found  in  par.  9-4.4.2. 

9-4.2. 7 Line  Size  Optimization 

MIL-H-5440  requires  “tha*  the  average  velocity  of 
fluid  in  pressure  and  return  lines  leading  to  the  direc- 
tional control  valves  shall  not  be  in  excess  of  approxi- 
mately 15  fps,  except  where  system  analysis  shows  that 
proper  functioning  can  be  achieved  even  though  the 
rate  be  higher”.  MIL-H-5440  also  states,  "Peak  pres- 
sure resulting  from  any  phase  of  the  system  operation 
shall  not  exceed  135%  of  the  main  system,  subsystem, 
or  return  system  operating  pressure . . .”.  These  specifi- 
cation requirements,  plus  the  line  length  and  minimum 
normal  operating  temperature,  will  serve  to  define  the 
line  size  to  be  used  in  the  hydraulic  systems. 

The  general  criteria  for  line  sizing  are: 

1.  Minimum  fluid  temperature  for  normal  opera- 
tion must  be  determined.  A reasonable  temperature 
level  to  use  in  calculations  is  50“-70‘F. 

2.  Maximum  allowable  line  velocity  F„,„  for  flight 
control  and  utility  systems  is: 


4050  - pR 

Vmax  - 50~  * fPs  <9’9) 


This  meets  the  specification  requirements.  However, 


for  utility  subsystems  where  deviation  from  specifica- 
tion requirements  is  desirable,  Eq.  9-10  may  be  used. 

5000  to  5500  pR 

- “ .fps  (9-10) 


= maximum  allowable  line  fluid 
velocity,  fps.  (Fluid  velocities 
are  as  high  as  75-80  fps  in 
vehicles  in  service.) 

= peak  allowable  transient 
pressure,  psi,  using  3000  psi 
normal  system  pressure 
— pressure  immediately  upstream 
of  shutoff  or  control  valve 
during  maximum  flow  rate,  psi 
(see  Fig.  9-19) 

= pressure  rise  per  unit  fluid 
velocity,  psi/fps.  A typical 
system  may  range  from  40  to 
50  psi/fps  with  fast  valve 
closing.  The  larger  value  was 
chosen. 

= allowable  peak  transient 
pressure  range,  psi.  Some 
utility  subsystems  may  have 
transient  peaks  in  this  range. 
The  key  to  good  service  is 
testing  to  the  level  that  will 
occur  in  normal  service.  The 
weight  trade-off  is  the  final 
criterion  as  to  whether 
deviation  from  the  specification 
is  desirable. 

Optimized  line  sizes  are  determined  as  follows  for 
lightest  power  control  and  utility  systems: 

1.  Power  control  functions.  Define  maximum  (no 
load)  rate,  then  size  the  pressure  and  return  lines  to 
approximately  2000  psi  pressure  drop  at  minimum  nor- 
mal operating  temperatures  (see  Fig.  9-20).  The  re- 
maining 1000  psi  covers  losses  in  the  actuator  valve 
and  passages. 

2.  Utility  functions.  Determine  the  minimum  load 
rate,  then  size  the  pressure  and  return  lines  and  speed 
control  valve  to  the  pressure  drop  required  to  use  that 
portion  of  the  3000  psi  not  required  for  the  normal 
operating  load  (see  Fig.  9-21).  The  minimum  operating 
temperature  shall  be  used. 

3.  Procedure 

a.  Determine  the  fluid  velocity  in  fps.  If  more 
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Fig.  9-19.  Typical  Flight  Control  System  Pressure 
Loss  Characteristics 
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Fig.  9-20.  Typical  Flight  Control  System 
Characteristics 


NORMAL  OPERATION  RATE 


'PUMP  OUTPUT' 


i 55-^- -l  - J - -1- J=~d^C 
; 33  .n  MINIMUM  LOAD  RATE  j 

! r~\  ! SUBSYSTEM 


— CHARACTERISTIC  -J — 

! ! i 1 1 * 


00  U0  10  20  30  40  50  60  70  80  90  100 
HINGE  MOMENT  OR  PRESSURE,-. 

Fig.  9-21.  Typical  Utility  System  Characteristics 


AMCP  706-201 


than  one  line  size  is  used,  the  velocity  for  the 
line  next  to  the  valve  or  actuator  is  the  impor- 
tant one. 

b.  Determine  the  transient  peak  pressure  due  to 
fast  valve  closing  or  actuator  stopping.  Multi- 
ply the  velocity  in  fps  by  50  and  add  to  the 
reference  pressure  />*,  which  is  the  pressure 
immediately  upstream  of  the  valve  or  actua- 
tor. Refer  again  to  Fig.  9-19. 

c.  If  the  transient  pressure  exceeds  the  criteria 
specified,  it  becomes  the  constraining  require- 
ment. The  line  size  must  be  increased  to  bring 
the  transient  peak  pressure  within  limits. 

4.  General.  Snubbing  should  be  considered  for  the 
fast-operating  utility  actuators  to  reduce  “water  ham- 
mer" shock.  Where  slow  solenoid  valve  operation  (0.1- 
0.5  sec)  is  compatible  with  requirements,  it  should  be 
specified  in  order  to  reduce  "water  hammer"  effects. 

All  endurance  tests,  including  those  of  power  cylin- 
ders and  utility  actuators,  must  be  planned  to  allow 
simulation  of  transient  peaks  expected  in  normal  opera- 
tion, especially  if  the  peaks  are  above  4500  psi. 

9-4.2.S  System  Packaging  Trade-offs 

In  the  past,  hydraulic  systems  have  been  built  up  by 
using  individual  components,  with  lines  and  fittings  to 
connect  or  complete  the  system.  However,  the  weight 
and  volume  were  not  optimum  and  the  number  of  pos- 
sible external  leak  points  was  excessive,  so  the  trend  has 
been  toward  packaging  the  system  components  wher- 
ever possible.  The  ultimate,  of  course,  is  a complete 
integration  of  pump,  reservoir,  actuator,  filters,  etc.,  as 
necessary  to  produce  a complete  system.  This  is  accept- 
able for  a system  with  a single  function.  However,  from 
a weight  and  cost  standpoint,  the  central  system  is 
more  efficient  where  several  functions  or  outputs  must 
be  supplied.  In  the  central  system,  packaging  of  the 
power  supply  (pump,  reservoir,  etc.)  and  subsystem 
actuator  and  valve  are  used,  with  lines  connecting  the 
packages. 

Packaging  does  have  disadvantages  in  that  damage 
or  failure  can  cause  replacement  of  a relatively  complex 
and  expensive  manifold.  This  disadvantage  can  be 
minimized  successfully  by  careful  detail  design  and  ex- 
tensive iatigue  testing.  Cartridge  components  should  be 
designed  to  allow  rework  in  those  seal  areas  that  may 
be  damaged  inadvertently. 

9-4.2.9  System  Line  and  Fitting  Trade-off 

Permanent  connections  versus  threaded,  or  reusable, 
connections  are  a primary  trade-off.  Permanent  connec- 
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tors  can  be  used  where  !ine-to-line  connections  are  re- 
quired. Reliable  connections  of  this  type  can  reduce 
system  leakage  and  maintenance  as  well  as  reduce  sys- 
tem weight. 

The  alternatives  available  are  brazed,  welded,  and 
swaged  connections.  The  brazed  and  welded  connec- 
tors require  inert  gas  purge  plus  extensive  ground 
equipment,  and  the  weld  or  braze  cycle  requires  close 
control  including  certification,  X ray,  and  other  means 
of  quality  control.  The  swage  fitting  does  not  require  a 
purge  and  can  be  checked  by  a go-no-go  gage.  The 
swage  fitting  has  another  advantage  in  that  it  can  be 
used  with  titanium,  steel,  and  aluminum.  The  other  two 
methods  have  not  yet  been  applied  successfully  to 
aluminum. 

The  main  disadvantage  of  the  permanent  type  of 
connection  is  that  it  demands  more  design  considera- 
tion to  insure  that  its  location  will  not  interfere  with 
access  to  other  systems  and  components. 

The  line  material  trade-off  choice  is  generally  either 
steel  or  aluminum.  The  choice  must  be  steel  where 
there  is  a heavy  vibration  environment  and/or  infinite 
fatigue  life  is  required. 

The  possible  reusable  fittings  are  MS  flareless.  AN 
flared,  and  several  others  available  commercially;  the 
AN  Oared  fitting  generally  is  used.  The  flared  fitting 
has  a stress  raiser  at  the  flare  and  can  be  a problem.  The 
commercial  fittings  shown  in  Fig.  9-22  should  be  con- 
sidered seriously. 

9-4.3  SURVEY  OF  MILITARY  SPECIFICATION 
REQUIREMENTS 

A review  of  applicable  Military  Specifications  is  an 
essential  part  of  the  helicopter  preliminary  design 
phase.  This  paragraph  summarizes  the  pertinent  basic 
specification  requirements.  In  general,  the  text  discus- 
sion is  based  upon  the  requirements  of  MIL-H-5440. 
Virtually  all  of  the  Military  Specifications  associated 
with  hydraulic  systems  and  components  are  referenced 
in  this  specification.  A thorough  study  and  review  of 
thisdoeuntent  are  recommended  prior  lobeginmng  heli- 
copter system  and  component  des'gn.  Individual  re- 
quirements are  discussed  in  further  detail  in  the  para- 
graphs that  follow. 

9-4.3. 1 System  Type 

System  "type”  is  defined  in  tern.s  if  the  design  fluid 
temperature  range  of  the  system.  There  are  two  such 
requirements. 

1.  Type  I;  - 65°F  to  1-  160°F  temperature  range 

2 Type  II.  t)5’F  to  1-  275"F  temperature  range. 
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The  establishment  of  one  of  these  types  is  basic  to  the 
design  of  the  system.  This  decision  will  affect  the  Mili- 
tary Specification  requirements  of  many  other  items  in 
the  system  such  as  packings,  gaskets,  reservoirs,  ac- 
cumulators, pressure  regulators,  universal  fittings,  hy- 
draulic fuses,  and  shuttle  valves.  Further,  if  tempera- 
tures exceed  the  range  for  either  type,  additional 
equipment  for  cooling  purposes  must  be  considered. 

In  general,  helicopter  systems  will  be  Type  I;  '•da- 
tively low  system  flow  rates  are  necessary  and  low- 
speed  pumps  are  used. 

9-4.3.2  System  Class 

System  “class”  is  defined  in  terms  of  system  operat- 
ing pressure,  as  determined  by  the  cutout  pressure  at 
the  main  pressure  controlling  device.  The  requirements 
cover  two  classes:  1 500  psi  and  3000  psi.  The  associated 
requirements  pertaining  to  peak  pressure  (ripple  or 
surge),  back  pressure,  brake  pressure,  pressure  regula- 
tion, reservoir  pressurization,  proof  pressure,  and  burst 
pressure  are  dependent  upon  the  class  of  system  neces- 
sary. 

9-4.3.3  System  Operation 

Pertinent  aspects  of  system  operation  as  covered  by 
specification  requirements  are: 

1.  Hydraulic  systems  shall  be  capable  of  starting 
at  -65*F,  but  need  not  deliver  maximum  perform- 
ance. 

2.  A single  system  failure  shall  not  cause  a fire. 

3.  A malfunction  shall  not  occur  due  to  reduced 
flow  or  increased  flow. 

4.  System  operation  shall  not  be  affected  by  heli- 
copter flight  loads,  including  limit  load  factor. 

5.  Means  shall  be  provided  to  remove  entrapped 
air  from  systems. 

6.  Multiple-rotor  helicopters  using  multiple 
pumps  should  have  pumps  driven  by  at  least  two  ro- 
tors. 

7.  Flight  controls  require  transmission-driven 
pumps  in  order  that  power  will  be  available  during 
engine-off  operation. 

8.  For  single-engine  helicopters,  backup  capability 
is  required  by  direct  mechanical  control  or  an  emer- 
gency power  source  independent  of  the  engine. 

9-4.3.4  System/Component  Design 

Flight  control  systems  shall  comply  with  MIL-F- 
9490.  System  components  shall  comply  with  the  re- 
quirenents  of  MIL-H-8775  and  applicable  detail 


specifications.  The  applicable  detail  specifications  for 
major  systems  are: 

1.  Putnps 

a.  Variable  delivery:  MIL-P-19692 

b.  Fixed  displacement:  MlL-P-7858 

c.  Electric  motor-driven:  MIL-P-5954  or  MIL- 
P-5994 

2.  Reservoirs 

a.  (Jnseparated  (gas  and  fluid  in  contact):  MIL- 
R-5520 

b.  Separated  (airless):  MIL-R-8931 

3.  Filters.  MIL-F-8815 

4.  Accumulators 

a.  Type  I Systems:  MIL-A-5498 

b.  Type  II  Systems:  MIL-A-8897 

5.  Actuating  cylinders.  MIL-C-5503 

6.  Check  valves.  MIL-V-25675 

7.  Relief  valves.  MIL-V-8813 

8.  Fluid.  MIL-H-5606 

9.  Brake  valves.  MIL-B-8584 

10.  Fittings 

a.  Flared:  MIL-F-5509 

b.  Flareless:  MIL-F-18230 

11.  Tubing 

a.  Steel:  MIL-T-6845,  MIL-T-8504 

b.  Aluminum:  MIL-T-7081 

c.  Titanium:  No  approved  specification  availa- 
ble 

12.  Hose  assemblies 

a.  Rubber:  MIL-H-8790,  MIL-H-8795 

b.  Tetrafluoroethylene:  MIL-H-25579,  MIL-H- 
38360. 

DESIGN  FEATURES 
Pumps 

The  pumps  generally  used  in  helicopter  hydraulic 
systems  are  the  variable-delivery  constant-pressure 
type  (see  Fig.  9-23).  The  pressure  regulator  is  spring- 
biaced  so  thc.t  when  the  control  pressure  is  reached,  the 
spring  is  compressed,  allowing  the  regulator  to  direct 
flow  to  the  stroking  piston.  The  stroking  piston  posi- 
tions the  yoke  as  necessary  to  maintain  the  pressure 
within  the  design  capability  and  to  supply  the  flow 
demanded  by  a subsystem. 

A variation  is  a pressure-sensitive,  variable-delivery 
pump.  In  this  case  the  pressure  regulator  is  set  at  a low 
pressure,  e.g.,  500  psi,  and  the  load  pressure  is  fed  to 
the  regulator  as  necessary  to  increase  the  output  pres- 
sure to  meet  load  demands. 


9-4.4 

9-4.4. 1 


9-27 


AMCP  706*201 


DRIVE  SHAFT 


STROKING 

PISTON 


.CASE  DRAIN 
LINE 


BARREL 

SUCTION  LINE 

6 

PORT  CAP 


PRESSURE  LINE 


PISTONS  NINE 


COMPENSATOR  VAlVE 
DETAiL.  NOT  SriO.VN 


Fig.  9-23.  Schematic  of  Variable-delivery, 
Constant-pressure  Pump 
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Fig.  9-24.  Schematic  of  Fixed-delivery  Pump 


The  fixed-displacement  pump,  shown  in  Fig.  9-24, 
can  be  used  in  conjunction  with  an  unloader  valve  or 
relief  valve.  However,  these  systems  can  have  poor  re- 
sponse and  excessive  heat  rejection  characteristics. 

Another  type  of  pump,  which  is  used  primarily  in 
engine-starting  subsystems,  is  shown  in  Fig.  9-25.  This 
hand  pump,  consisting  of  an  oscillating  piston  and 
check  valves,  is  employed  to  charge  or  recharge  the 
accumulators  used  for  engine  starting. 

9-4.4.2  Reservoirs 

Hydraulic  reservoirs  shall  be  designed  in  accordance 
with  MIL-R-5520  or  MIL-R-8931.  The  former  specifi- 
cation covers  requirements  for  an  unseparated,  pressur- 
ized type  where  the  pressurizing  gas  and  fluid  are  in 
contact.  The  latter  specification  covers  the  require- 
ments for  a separated  type  where  no  fluid  is  in  contact 
with  gas. 

Because  of  the  problems  caused  by  gas  entrapped  in 
the  circulating  loop  of  aircraft  hydraulic  systems,  the 
separated  type  of  reservoir  is  preferred.  Reservoir  pres- 
surization may  be  accomplished  by  gas  charge  or  boot- 
strap fluid  pressure  tapped  off  the  pump  output  side. 


These  two  approaches  are  represented  schematically  in 
Figs.  9-26  and  9-27.  The  detail  design  aspects  of  the 
reservoir  are  covered  in  the  paragraphs  that  follow. 
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Fig.  9-25.  Schematic  of  Hydraulic  Hand  Pump 
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Fig.  9-26.  Reservoir,  Unseparated  Type  (Pressurized 
by  Independent  Gas  Source) 
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Fig.  9-27.  Reservoir,  Separated  Type  (Shown  in 
Overflow  Position) 
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The  initial  and  basic  considerations  in  the  design  of 
the  hydraulic  system  reservoir  are: 

1.  Fluid  storage  capacity.  The  total  capacity 
shall  include  allowances  for 

a.  Total  system  fluid  expansion  and  contraction 
due  to  system  temperature  changes 

b.  Fluid  compression 

c.  Actuator  differential  fluid  displacements 

d.  Accumulator  charging 

e.  Nominal  system  leakage 

f.  Expansion  of  lines  and  seals 

g.  Quantity  measuring  fuses. 

2.  Pressurizing  source.  The  source  may  be  gas  or 
fluid;  pressure  shall  be  sufficient  to  maintain  pump 
suction  line  pressure  at  a level  adequate  to  prevent 
cavitation.  Another  important  function  of  the  reservoir 
can  be  suction  line  fluid  acceleration.  Excessive  cavita- 
tion at  the  pump  inlet  can  cause  damage  and  result  in 
short  pump  life.  The  pressurization  level  should  be 
such  that  adequate  pressure  is  available  to  accelerate 
the  suction  flow  to  full  flow  rate  in  the  20-50  msec 
required  for  the  pump  to  move  from  compensated  to 
full  stroke.  Line  flow  losses,  if  significant,  also  must  be 
taken  into  account. 

3.  Filling  provisions.  Filling  must  be  accomplished 
by  use  of  an  external  force  device  such  as  a hand  pump 
or  power  pump. 

4.  Draining  provisions.  Reservoirs  must  be  capa- 
ble of  being  drained  without  breaking  tube  or  hose 
connections. 

5.  Bleeding  provisions.  A bleed  capability  to 
remove  gas  trapped  in  the  reservoir  is  mandatory. 

6.  Overflow  provisions.  Overflow  must  be  pro- 
vided for  in  such  a manner  as  to  eliminate  the  possibil- 
ity of  reservoir  damage  due  to  overfilling  or  pressure 
surges  from  the  system  return  line.  In  particular,  the 
overflow  capability  should  be  designed  to  allow  suffi- 
cient overflow  and  with  response  adequate  to  insure 
that  the  fluid  chamber  pressure  will  not  exceed  design 
proof  pressure  under  maximum  return  flow  conditions, 
assuming  the  suction  outlet  is  blocked. 

7.  Installation  and  orientation.  The  reservoir 
should  be  designed  for  installation  os  close  to  the  sys- 
tem pump(s)  inlet  as  practicable,  thereby  reducing 
pump  suction  line  length  and  associated  pressure  loss. 
The  reservoir  should  be  oriented  to  allow  air  in  the 
system  to  be  entrapped  in  the  reservoir  so  it  can  be  bled 
overboard.  Fig.  9-28  shows  the  proper  orientation  for 
the  system  reservoir.  The  location  of  the  reservoir 
should  be  such  as  to  minimize  the  possibility  of  combat 
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Fig.  9-28.  Reservoir  Orientation 


damage.  Further,  the  orientation  should  insure  ade- 
quate capability  to  monitor  fluid. 

8.  Fluid  level  indication.  Continuous,  automatic, 
visual  fluid  level  indication  shall  be  provided.  Use  of  a 
dip  stick,  or  the  manipulation  or  movement  of  any 
device  to  obtain  indication  of  the  level,  is  not  accepta- 
ble. 

9-4.4. 3 Accumulators 

System  accumulators  shall  be  designed  in  accord- 
ance with  MIL-A-5498  (for  Type  I systems)  or  MIL-A- 
8897  (for  Type  II  systems).  The  most  common  function 
of  the  hydraulic  system  accumulator  is  as  a pulsation 
damper  and/or  pressure- volume  compensator.  Other 
possible  uses  include  those  of  auxiliary  or  emergency 
pressure  sources  and  leakage  compensation  devices. 

As  a pulsation  damper  the  accumulator  functions  to 
reduce  line  shock  due  to  sudden  closing  of  valves,  bot- 
toming out  of  actuators,  etc.  As  a pressure-volume 
compensator,  the  accumulator  functions  to  eliminate 
possible  excess  system  pressures  due  to  thermal  expan- 
sion or  pump  surges.  Also,  the  accumulator  can  pre- 
vent sudden  losses  of  pressure  due  to  intermittent  pump 
cavitation  or  sudden  flow  transients. 

The  primary  type  of  accumulator  used  in  helicopter 
hydraulic  systems  is  the  separated,  gas-loaded  design. 
Spring-loaded  accumulators  may  be  practicable  in  ap- 
plications involving  small  displacement  volumes  and 
low  pressures  because  the  pressure  produced  varies 
with  spring  compression. 

There  are  three  categories  of  separated  gas-loaded 
accumulators. 

1.  Bag-type  (Fig.  9-29).  This  unit  consists  of  a 
cylindrical  shell  with  hemispherical  ends,  containing  a 
rubber  bladder  as  a separating  device.  The  gas  inlei 
valve  is  located  at  one  end  with  the  fluid  port  at  the 
opposite  end.  The  bladder  sealing  lips  may  be  molded 
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Fig.  9-29.  Bag-type  Accumulator 
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Fig.  9-30.  Diaphragm-type  Accumulator 


or  wedged  in  place  by  the  gas  inlet  valve  to  provide  a 
gas-tight  seal. 

A nonextrusion  device  is  required  at  the  fluid  port. 
This  may  be  accomplished  by  a spring-loaded  button  or 
poppet  that  will  allow  fluid  flow  in  and  out  but  will 
prevent  biadder  extrusion. 

2.  Diaphragm-type  (Fig.  9-30).  This  type  can  best 
be  achieved  by  a spherical  shape  that  results  in  a mini- 
mum weight-to  volume  ratio  relative  to  other  shapes  of 
pressure  vessels.  The  diaphragm  may  be  compressed 
between  the  two  hemisphere  bolt  flanges  to  provide  a 
leak-tight  seal.  This  type  of  accumulator  also  must  con- 
tain a nonextrusion  device.  A primary  difference  be- 
tween the  diaphragm-  and  bag-type  is  that  in  the  for- 
mer the  diaphragm  flexes  with  little  stretching,  while  in 
the  latter  case  fluid  is  expelled  by  the  stretching  action 
of  the  bladder. 

3.  Piston-type  (Fig.  9-31).  This  type  consists  of  an 
accurately  internal-finished,  corrosion-resistant  cylin- 
der with  end  caps.  A free-floating  piston  is  incor- 
porated with  suitable  dynamic  seals  to  provide  the  gas- 
fluid  separation.  Compared  to  the  bag  or  diaphragm 


types,  this  type  is  less  effective  as  a pulsation  damper 
in  low-pressure  systems  due  to  the  mass  and  friction 
associated  with  the  piston.  However,  the  piston  type  is 
required  for  Type  II  (275*F),  3000-psi  working  pressure 

systems. 

All  accumulator  types  must  incorporate  a means  of 
insuring  that  the  unit  cannot  be  disassembled  while 
pressurized.  Various  means  of  accomplishing  this  are 
possible  by  using  any  gas  pressure  charge  remaining  in 
the  accumulator  to  operate  a locking  device  that  pre- 
vents disassembly  until  depressurization  is  accom- 
plished. 

9-4.4.4  System  Pressure  Relief  Valves 

The  system  pressure  relief  valve  piotects  the  system 
by  dumping  the  high-pressure  portion  of  the  system 
into  the  low-pressure  portion  in  case  of  a pressure 
buildup  beyond  the  predetermined  relief  valve  pressure 
setting,  thereby  preventing  a rupture  in  the  system. 

The  relief  valve  shall  be  sized  by  determining  the 
operational  requirements  of  flow,  cracking  (initial 
opening)  pressure  level,  and  pressure  drop.  The  relief 
valve  should  be  designed  for  maximum  rated  pump 
flow  and  a specific  range  of  adjustable  pressure  settings. 
The  pressure  differential  between  cracking  pressure 
and  reseating  pressure  should  be  minimized  to  insure 
reseating  at  a pressure  higher  than  normal  system  oper- 
ating pressure.  Military  Specifications  govern  the  maxi- 
mum allowable  cracking  pressure  as  well  as  the  maxi- 
mum allowable  pressure  differential  between  cracking 
and  reseating  pressures.  The  relief  valve  pressure  drop 
»s  essentially  the  cracking  pressure  at  rated  flow. 

Relief  valves  may  be  direct-operated,  pilot-operated 
or  solenoid-operated.  They  may  be  loaded  in  the  dosed 
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Fig.  9-31.  Piston-type  Accumulator 
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J position  by  helical  spring(s)  or  a Belleville  spring.  Fur- 
ther, they  may  be  designed  to  insure  that  reverse  flow 
cannot  occur. 

An  important  aspect  to  consider  is  the  response  time 
associated  with  opening  to  the  rated  flow  position.  If 
the  response  time  corresponds  to  pump  cutoff  time,  i.e., 
as  the  pump  is  adjusting  from  full  flow  to  null  flow 
conditions,  pump  output  during  cutoff  can  be  dumped 
to  the  low-pressure  portion  of  the  system.  Such  a capa- 
bility could  permit  deletion  of  the  system  accumulator. 
Because  the  accumulator  is  a possible  source  of  inject- 
ing gas  into  the  system,  its  deletion  can  be  advanta- 
geous from  system  reliability,  weight,  and  cost  stand- 
points. 


9-4.4.5  Filters 

The  requirements  for  filters  generally  used  in  heli- 
copters are  specified  in  MIL-F-5504  and  MIL-F-8815. 
The  former  specification  covers  paper  elements  with  a 
filtration  capability  of  10  micron  particle  size  nominal. 
Although  there  is  no  absolute  rating  or  limitation  on 
the  maximum  particle  size  that  can  be  passed  through 
these  throwaway  elements,  they  incorporate  a signifi- 
cant depth,  thus  providing  a tortuous  path  and  per- 
forming quite  satisfactorily.  They  are  applicable  only 
for  Type  i systems  ( — 65°?  to  + 160°F). 

The  filter  elements  covered  by  MIL-F-8815  can  be 
used  in  Type  II  systems  ( — 65°F  to  + 275°F).  This  spec- 
ification pros  ides  for  either  metal  screen  type,  recleana- 
ble  elements  or  depth  type,  composite  material  throwa- 
way. These  units  provide  filtration  capability  down  to 
5 micron  particle  size  nominal  with  an  absolute  cutoff 
on  particle  size  of  15  microns.  The  filler  efficiency  is 
important  and  must  be  verified  by  test;  glass  beads 
generally  are  used.  An  efficiency  of  95%  may  be  re- 
quired at  the  nominal  filtration  level.  This  means  that 
no  more  than  5%  of  the  glass  beads  of  the  nominal 
filtration  level  size  may  pass  through  the  element. 

The  filter  efficiencies  and  dirt-holding  capacity  re- 
quirements, including  required  tests,  are  described  in 
detail  in  the  noted  Military  Specifications. 

The  collapse  pressure  for  the  elements  is  very  impor- 
tant and  determines  whether  or  not  they  can  be  used 
without  a bypass  feature  incorporated.  The  Type  I ele- 
ment has  a 1 50-psi  differential  pressure  capability  and 
thus  requires  a bypass  relief  valve  for  protection.  The 
Type  II  system  element  has  a 4500-psi  anticollapse 
capability  and  can  be  used  in  a nonbypass  mode. 

Differential  pressure  indicators  are  in  general  use. 
These  indicators  sense  the  differential  pressure  that  oc- 
curs as  the  filter  is  loaded  with  dirt.  The  indicator 
actuates  when  the  design  differential  pressure  is  ex- 
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eeeded,  indicating  that  the  element  is  dirty  and  must  be 
replaced.  The  indicators  may  incorporate  time  delays 
to  assure  that  transients  will  not  cause  them  to  operate 
In  addition,  a thermal  lockout  is  provided  that  prevents 
operation  due  to  excessive  differential  pressures  as  a 
result  of  cold  system  startups. 

The  ground  carts  used  with  airborne  systems  usually 
have  a significantly  better  filtration  capability  than  the 
airborne  system.  The  absolute  rating  of  the  ground  cart 
filtration  can  range  from  3 to  10  microns. 

9*4.4.6  Static  and  Dynamic  Seals 

Component  seals  are  covered  by  MIL-P-25732  and 
MIL-W-5521  and  the  glands  in  which  they  operate  are 
covered  by  M1L-G-5514.  The  basic  part  number  for  the 
Type  I system  elastomer  O ring  seals  is  AN  6227.  The 
Type  II  elastomer  seal  basic  part  number  is  MS  28775. 
A dash  number  is  added  to  each  basic  number  to  define 
a specific  size. 

These  standard  seals  are  used  without  backup  rings 
for  pressures  up  to  1500  psi  Above  this  pressure, 
backup,  antiextrusion  rings  are  used.  The  backup  rings 
also  are  covered  by  Military  Specifications.  The 
material  is  usually  Teflon1  Rl. 

The  gland  dimensions  and  the  allowable  clearances 
between  shaft  and  housing  are  specified  in  MIL-G- 
5514. 

The  so-called  standard  seals  generally  perform  satis- 
factorily. However,  flight  control  dynamic  seal  life  can 
be  a problem.  To  improve  the  life,  many  types  of  non- 
standard seals  have  been  developed  with  some  success. 
The  cross  sections  in  Fig.  9-32  present  some  of  the 
more  common  configurations.  They  generally  arc  of 
Teflon"'’  with  standard  O rings  used  as  energi/ers. 

There  have  been  problems  of  "blow  by"  of  the  slipper 
seals  due  to  pressure  transients.  This  has  been  solved  by 
grooving  the  seal  on  the  pressure  side  (not  shaft  sealing 
su:  face)  to  allow  the  pressure  to  feed  behind  the  slipper 
to  help  load  the  seal  positively  against  the  shaft  surface. 

Loaded  Teflon""  has  shown  an  increased  life  over  the 
virgin  Teflon'R'.  For  flight  control  actuators.  Tef- 
lon"*’ dual  piston  rings  are  used  in  conjunction  with  a 
spring  energizer  to  give  long  life  with  minimum  leakage 
(see  Fig.  9-33). 

Another  approach  to  improving  dynamic  rod  seal 
life  has  been  the  use  of  a dual  redundant  seal  with  a 
passage  connected  to  the  low-pressure  portion  of  the 
system  to  allow  draining  of  the  cavity  between  the  two 
seals.  The  dual  seal  configuration  shows  great  promise 
for  giving  adequate  service  life. 

The  various  standard  and  nonstandard  seals  can  be 
used  in  any  combination  as  illustrated  in  Fig.  9-34. 
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Fig.  9-32.  Nonstandard  Seals 


Fig.  9-33.  Typical  Piston  Seal  for  Flight  Control 
Actuators 

Consideration  can  be  given  to  the  use  of  restrictors 
and  check  valves  in  the  return  line  draining  the  seal 
cavity.  The  restrictor  will  limit  bypassing  leakage  in  the 
event  of  first-stage  seal  failure.  The  check  valve  could 
be  used  to  prevent  return  transients  from  affecting  the 
second-stage,  low-pressur  eal.  These  alternatives  gen- 
erally are  not  used,  but  may  be  necessary  in  special 
cases. 

S-4.4.7  Distribution  System 

The  distribution  system  is  made  up  of  the  tubing  and 
fittings  necessary  to  supply  flow  to  and  return  flow 
from  the  branch  circuit  functions.  While  this  portion  of 
the  hydraulic  system  probably  will  not  require  detailed 
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consideration  during  the  preliminary  design  phase,  par- 
ticular aspects  should  be  taken  into  account. 

Because  space  is  a critical  factor  in  any  aircraft  con- 
figuration, it  is  advantageous  to  plan  in  detail  the  rout- 
ing of  lines  and  the  component  porting  arrangements 
early  enough  in  the  design  phase  to  allow  change  with- 
out excessive  cost  or  schedule  slippage.  It  may  be  neces- 
sary to  plan  a tubing  mock-up  to  allow  simulation  of 
the  actual  tube  and  fitting  installation  in  order  to  deter- 
mine optimum  location  and  geometry. 

Maintenance  capability  also  must  be  considered.  The 
distribution  system  must  be  so  located  that  mainte- 
nance personnel  have  proper  access  for  installation, 
repair,  replacement,  and  check-out  capability. 

Other  important  considerations  applicable  to  the  dis- 
tribution system  are  discussed  in  par.  9-4.2. 

9-4.4.7.1  Fittings 

Fittings  connected  to  removable  components  shall 
conform  to  the  requirements  of  MIL-F-5509  (for  flared 
tubing)  or  MIL-F- 18280  (for  flareless  tubing)  unless 
otherwise  approved  by  the  procuring  activity.  They 
must  be  connected  and  assembled  in  accordance  with 
AND  10064  or  MS  33566,  respectively.  Examples  of 
flared  and  flareless  tube  fittings  are  shown  in  Fig.  9-35. 
Use  of  permanent  tube  fittings  requires  approval  of  the 
procuring  activity. 

The  use  of  universal  fittings  on  straight  threaded 
bosses  conforming  to  AND  10050  and  MS  33649 
should  be  minimized.  However,  when  such  is  the  case 
for  Type  I systems,  only  AN  6289  (nuts),  MS  28778 
(packings),  and  MS  28773  (retainers)  parts  may  be 
used. 

9-4. 4. 7. 2 Tubing 

Tubing  material  shall  be  corrosion-resistant  steel 
conforming  to  MIL-T-6845  or  MIL-T-8504,  or  T6 
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Fig.  9-34.  Typical  Two-stage  Seal 


aluminum  conforming  to  MIL-T-7081.  Titanium  tub- 
ing shall  be  used  only  if  approved  by  the  procuring 
activity.  Evaluation  of  titanium  tubing  for  hydraulic 
applications  is  continuing  and  a specification  for  the 
manufacture  and  qualification  of  acceptable  material  is 
being  prepared.  Steel  tubing  may  be  seamless  or  electric 
welded,  while  aluminum  tubing  is  seamless.  Steel  tub- 
ing is  required  in  3000-psi  portions  of  the  hydraulic 
system,  in  fire-hazard  areas,  or  in  applications  requir- 
ing coiled  tube  or  torsion  tube  installations  for  motion 
capability.  Aluminum  tubing  may  be  used  in  portions 
of  the  system  subjected  to  15C0  psi  or  less. 

9-4.4. 7.3  Hose  Assemblies 

High-  and  medium-pressure  rubber  hose  assemblies 
shall  be  designed  in  accordance  with  MIL-H-8790  and 
MIL-H-8795,  respectively,  while  high-  and  medium- 
pressure  tetrafluoroethylcne  hose  assemblies  must  con- 
form to  MIL-H-38360*nd  MIL-H-25579,  respectively. 
Hose  selections  are  required  to  conform  to  MS  33620. 

Hose  assemblies  can  be  used  advantageously  in  the 
following  applications; 

1.  Where  relative  motion  is  required  between  com- 
ponents 

2.  In  portions  of  the  system  subject  to  severe  vibra- 
tion 

3.  In  areas  with  tight  space  limitations 

4.  In  areas  having  troublesome  hydraulic  pressure 
pulses 

5.  In  areas  having  complex  contours 

6.  Where  frequent  connections  and  disconnections 
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Fig.  9-35.  Standard  Fitting  Configurations 
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are  necessary. 

9-4.4.8  Functional  Subsystems 

The  functional  subsystems  are  divided  into  flight 
controls  and  utility  functions.  These  subsystems  repre- 
sent the  various  branch  circuits  that  receive  power 
from  the  central  system. 

9-4.4.8.1  Flight  Control  Subsystems 

The  flight  control  actuators  can  be  reduced  to  two 
subassemblies,  i.e.,  the  control  valve  and  the  output 
device.  The  basic  control  valves  are  simple,  spool  and 
sleeve  assemblies,  as  shown  in  Fig.  9-36.  The  input  to 
the  control  valve  can  be  a simple  manual  pilot  input  or 
may  be  accomplished  by  an  electrohydraulic  input 
that  can  be  in  series  or  parallel  with  the  pilot  input. 
This  electrical  control  mode  generally  receives  inputs 
from  the  stability  augmentation  system,  which  is  re- 
quired to  keep  the  helicopter  stable  throughout  the 
flight  envelope.  The  series  mode  generally  is  used  be- 
cause it  does  not  feed  back  its  inputs  to  the  pilot  con- 
trol. See  Fig.  9-37  for  a schematic  of  a single-system 
actuator  with  manual-series  stability  augmentation  sys- 
tem control  modes. 

Dual  redundancy  may  be  required  for  adequate  sur- 
vivability or  reliability.  In  this  case  the  control  valve 
would  be  a dual  tandem  lapped-fit  slide  valve.  Signifi- 
cant care  and  effort  are  required  to  insure  that  the  two 
sections  of  the  valve  are  phased  properly  to  avoid  possi- 
ble pressure  intensification.  This  could  occur  if  the 
pressure  should  be  applied  to  two  sections  of  the  main 
ram  and  if  one  of  the  return  sides  is  trapped.  The  peak 
out-of-phase  pressure  permitted  for  most  dual  units  is 
750  psi  above  the  system  pressure  for  a 3000-psi  system. 

The  power  boost  actuator,  which  allows  manual  re- 
version in  the  event  of  hydraulic  system  loss,  also  may 
be  used  if  proven  optimum  for  the  particular  helicopter. 
T he  same  types  of  control  valve  and  output  device  as 
are  on  the  full  power  unit  are  used.  However,  pro- 
visions are  made  to  lock  the  control  valve  in  neutral 
when  pressure  is  lost.  The  fluid  then  is  passed 
through  a bypass  valve  from  one  side  of  the  actuator 
to  the  other  as  it  is  moved  by  the  pilot.  After 
reversion  from  boost,  ti  e actuator  is  strictly  a 
mechanical  link  in  the  flight  control  system. 

The  output  device  may  be  a linear  ram  of  the  bal- 
anced or  unbalanced  area  type.  In  addition,  the  output 
could  be  either  a rotary  piston  or  vane  motor  (see  Fig. 
9-38). 

9-4. 4. 8. 2 Utility  Systems 

The  utility  functions  generally  are  less  complicated 
than  the  flight  control  actuators.  The  control  valves 
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Fig.  9-37.  Typical  Manual-series,  Servo-controlled, 
Single-system  Actuator 


simplest  form.  The  accumulator  is  pumped  up  with  the 
hand  pump.  The  start  valve  then  is  operated  to  initiate 
the  engine  start  sequence. 

There  are  a number  of  variations  on  the  simple  sys- 
tem shown.  The  accumulator  may  be  used  to  start  an 
APU  through  a starter  motor-pump.  The  APU  driving 
the  motor-pump  then  is  used  to  start  the  main  engine 
through  another  starter  motor-pump.  The  engine  mo- 
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(A) UNBALANCED  ACTUATOR 
(DOUBLE  ACTING) 


(B)  BALANCED  ACTUATOR 
(DOUBLE  ENDED) 


can  be  either  manual  or  electrical.  The  manual  will  be 
quite  similar  to  the  flight  control  type.  A schematic  of 
a typical  pilot-operated  solenoid  valve  used  in  utility 
subsystem  applications  is  shown  in  Fig.  9-39. 

The  output  devices  are  the  same  as  for  the  flight 
controls:  linear  output  rams,  and  rotary  output  piston 
and  vane  motors. 

9-4.4.9  Engine-starting  Systems 

Hydraulic  systems  are  used  for  starting  auxiliary 
power  units  (APUs)  and  turbine  engines.  Such  systems 
provide  a self-contained  start  capability  with  the  added 
potential  of  providing  multiple  starts.  Fig.  9-40  pre- 
sents a schematic  of  an  engine-starting  system  in  its 
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Fig.  9-38.  Hydraulic  Actuators 


RETURN 


SUPPLY 

PRESSURE 


RETURN 


INPUT 


VENT 


Fig.  9-36.  Control  Valve  Spool  and  Sleeve  Arrangement 
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tor-pump  then  functions  as  a pump  for  the  duration  of 
the  flight.  Still  another  alternative  would  be  to  start  the 
APU  and  in  turn  to  start  the  engine  through  gearboxes, 
clutches,  and  shafts.  The  starter  motor-pump  on  the 
APU  also  can  be  used  on  the  ground  for  operational 
system  checkout  and  maintenance. 


9-4.5  SAFETY,  OPERATIONAL  RELIABILITY, 
AND  SURVIVABILITY 
CONSIDERATIONS 

9-4.5. 1 Routing  the  System 

In  routing  the  system  and  locating  components,  the 
benefits  of  redundant  components  and  subsystems 
must  be  realized  in  actual  system  usage.  The  designer 
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Fig.  9-39.  Typical  Sole  ioid-operated  Control  Valve 
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Fig.  9-40.  Typical  (Simplified)  Hydraulic 
Engine-starting  System 


shall  give  adequate  consideration  to  possible  installa- 
tion errors  and  the  effects  of  such  errors  on  the  system. 
The  effects  of  failures  in  equipment  located  adjacent  to 
hydraulic  system  components  should  be  reviewed.  The 
following  items  represent  some  pertinent  aspects  that 
shall  be  considered: 

1.  Steel  hydraulic  tubing  shall  be  used  in  power 
plant  compartments.  The  firewall  or  flame-tight  dia- 
phragm shall  be  considered  the  dividing  point  for  using 
other  than  steel  tubing. 

2.  Where  two  or  more  lines  are  attached  to  a hy- 
draulic component,  the  fittings  shall  be  sufficiently  dif- 
ferent, where  practicable,  to  prevent  incorrect  connec- 
tion to  the  component. 

3.  Hydraulic  lines  should  be  located  as  remotely  as 
practicable  from  exhaust  stacks  and  manifolds  and 
from  electrical,  radio,  oxygen,  and  equipment  lines.  In 
all  cases,  hydraulic  lines  shall  be  located  below  the 
aforementioned  to  prevent  fire  from  line  leakage. 

4.  Where  small-diameter  tubing  is  used  (less  than 
1/4  in.  OD),  particular  care  shall  be  exercised  to  insure 
the  tubing  will  be  installed,  supported,  and  protected 
properly. 

5.  Drain  or  vent  lines  from  the  pump,  reservoir,  or 
other  hydraulic  components  shall  be  incapable  of  being 
connected  to  other  fluid  systems  such  that  mixture  of 
fluid  can  occur  in  the  components  being  vented  or 
drained. 

6.  Emergency  air  lines  shall  be  separated  as  far  as 
practicable  from  the  normal  hydraulic  lines  connected 
to  a particular  component  or  subsystem. 

7.  System  1 ard  system  2 hydraulic  lines  to  dual 
or  tandem  actuators  shall  be  routed  as  far  apart  as 
possible. 

8.  The  possibility  of  interconnection  supply  and 
return  portions  of  the  system  shall  be  precluded. 

9.  Incorporation  of  components  and  lines  in  areas 
that  are  subject  to  being  walked  on  by  servicing  and 
maintenance  personnel  shall  be  avoided. 

10.  Cushion  clamps  (Teflon<RI  preferred)  shall  be 
used  for  all  lines.  Supports  shall  be  placed  as  close  as 
practicable  to  bends  (but  not  in  bends)  to  minimize 
overhang  of  the  tube.  In  areas  of  high  vibration,  the  line 
support  spacing  shall  be  reduced. 

1 1 . Provision  shall  be  made  for  at  least  a 20%  elon- 
gation in  order  to  minimize  line  breakage  during  a 
crash. 


9-4.S.2  Component  and  Subsystem  Design 

Many  problems  can  be  averted  or  alleviated  by  con- 
sidering possible  component  failure  modes  and  causes 
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Fig.  SMI.  Helmholtz  Resonator 


in  (he  preliminary  design  phase  and  incorporating  sim- 
ple precautionary  measures.  These  items  should  be  con- 
sidered: 

1 . Components  should  be  designed  so  they  cannot 
be  installed  improperly.  A critical  actuator  shall  be 
designed  so  that  it  is  impossible  to  reverse  the  cylinder 
or  cross  lines  during  installation.  Care  shall  be  exer  • 
cised  in  the  installation  of  check  valves;  these  valves,  if 
installed  backwards,  can  cause  loss  of  an  entire  system. 

2.  A two-pump  system  should  have  a nonbypass- 
type,  sufficiently  large,  filter  in  the  case  drain  line  of 
each  pump. 

3.  Flexible  hose  may  be  used  in  the  system  for: 

a.  Insulation  against  noise  and  shock 

b.  Plumbing  in  dose  quarters 

c.  Component  connections  that  must  move  dur- 
ing component  operation. 

Hoses  shall  be  used  to  connect  pumps  to  the  system. 
The  designer  should  insure  that  hoses  are  not  flexed  in 
more  than  one  plane  of  motion  and  are  adequately 
protected  against  chafing,  also  that  support  clamps  are 
not  spaced  too  far  apart  (24  in.  or  less).  Slack  of  5-8% 
of  the  total  length  between  components  should  be  al- 
lowed. 

4.  System  pressure  pulsations  resulting  from  pump 
ripple  being  intensified  by  system  resonance  can  be 
attenuated  by  providing  adequate  elasticity  to  the  sys- 
tem at  the  pump  outlet  port.  Use  of  a Helmholtz 
resonator  design,  shown  in  Fig.  9-41,  should  be  consid- 
ered. Short,  dead-ended  lines  near  the  pump  shall  be 
avoided. 

5.  Pump  ca  vitation  will  occur  if  the  reservoir  pres- 
surization is  not  sufficient  to  accelerate  the  column  of 


oil  in  the  suction  line  to  a flow  rate  compatible  with  the 
pump  displacement  and  within  the  response  time  of  the 
pump  compensator.  This  response  demand  condition  is 
more  likely  to  be  a critical  design  condition  than  is 
steady-state  flow. 

6.  Filters  incorporated  in  valves — e.g.,  restrictors 
and  T-valves — shall  be  larger  in  micron  rating  than 
system  filters  to  avoid  clogging.  The  normal  size  is  50 
microns.  Such  component  filters  shall  be  pencil-type 
design,  rather  than  flat  disk-type,  for  higher  dirt 
capacity  at  lower  pressure  drop.  They  shall  be  retained 
adequately,  not  pressed  in,  to  avoid  blow-out  due  to 
back  pressure  surges.  In  T-valves,  central  filtration 
shall  be  used  to  avoid  differential  flows  as  filter  pres- 
sure drop  increases. 

7.  Lubrication  shall  be  provided  for  all  critical 
joints.  Dry  lube  shall  be  compatible  with  hydraulic 
fluid.  Graphite-loaded  grease  in  high-temperature  ap- 
plications can  result  in  the  grease  drying  up  and  leaving 
a hard  graphite  collection  that  can  cause  interference 
and  contamination  problems.  Long  lubrication  paths 
sometimes  result  in  frozen  grease  and  blocked  fittings. 

8.  Reservoirs  shall  incorporate  air  bleed  vents  that 
are  high  enough  to  optimize  their  capability  to  bleed 
the  system.  The  suction  outlet  should  be  placed  low  to 
reduce  suction  line  loss.  The  overboard  relief  flow 
capacity  should  be  sufficient  to  prevent  reservoir  dam- 
age when  such  relief  capability  is  needed. 

9.  Motors,  pumps,  or  other  components  operating 
with  different  fluids  or  lubricants  shall  incorporate 
adequate  sealing  provisions  in  separation  members.  If 
two  seals  are  used,  adequate  venting  of  the  common 
chamber  between  the  seals  shall  be  provided  for  fluid 
drainage,  thereby  avoiding  pressure  buildup,  interflow 
of  fluids,  and/or  noncompatible  seal  deterioration. 

10.  Components  incorporating  face  seals  shall  have 
adequate  mounting  bolts  and  lug  strength  to  prevent 
flexing  due  to  pressure  surges.  Flexing  can  cause  seal 
or  backup  ring  extrusion.  Face  seals  can  be  avoided 
entirely  through  the  use  of  transfer  tubes. 

11.  In  designing  poppet  valves,  aluminum  seats 
shall  not  be  used.  Insufficient  seat  area,  combined  with 
high  seating  forces,  can  cause  Brineliing  of  the  seat. 
Excessive  leakage  and/or  sticking  of  valves  can  result. 

12.  Snap  rings  shall  not  be  used  in  components 
where,  under  loaded  conditions,  snap  ring  failure  can 
cause  slippage  of  internal  parts  or  cause  a component 
to  come  apart  completely. 

13.  Cold  flow  materials  used  for  poppet  seats 
shall  be  supported  sufficiently  to  prevent  excessive 
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creep.  Malfunctions  due  to  change  in  poppet  travel 
and/or  leakage  can  result  <f  this  is  not  done. 

9 *4.5.3  Instrumentation 


Military  Specifications  require,  as  a minimum,  that 
the  hydraulic  system  incorporate  a pressure  indicator 
common  to  each  pump  in  a system  and  that  each  sys- 
tem incorporate  a low-pressure  indication.  These  indi- 
cations must  be  available  for  readout  in  the  cockpit. 
The  designer  should  consider  the  actions  that  may  be 
taken  by  the  crew  if  they  are  given  an  indication  of  an 
abnormal  condition.  This  is  important  in  that  errone- 
ous indications  due  to  an  instrumentation  failure  may 
cause  unnecessary  and  perhaps  hazardous  actions  to  be 
taken  in  critical  or  combat  situations.  Such  an  evalua- 
tion by  the  designer  may  result  m consideration  of 
redundant  or  alternate  means  of  indicating  critical  sys- 
tem parameters. 


9-4.5. 3.1  Protection  of  Pressure  Sensors  and 
Transmitters 

It  is  a good  design  practice  to  include  fuses  and 
snubbers  at  the  upstream  ends  of  the  lines  leading  to 
pressure  sensors  or  transmitters  to  protect  the  devices 
from  surge  pressures.  Rate-  ur  quantity-measuring 
fuses  may  be  incorporated  to  shut  off  fluid  loss  over- 
board in  the  event  of  line  i upture.  Snubbers  act  to  damp 
forces  resulting  from  pressure  surges  in  dead-ended 
lines.  A possible  alternative  is  to  install  pressure  sensors 
into  fittings  in  the  system  line  instead  of  in  an  append- 
ant line.  If  this  is  not  possible,  the  snubber  and  fuse 
should  be  installed  at  the  teeoff  point. 

9-4.5. 3.2  Pressure-sensing  Elements 


Care  should  be  taken  in  the  design  of  pressure  trans- 
mitters with  Bourdon  tubes  and  rack  and  pinion-type 
gearing.  These  are  susceptible  to  bearing  wear  caused 
by  vibration  or  pressure  fluctuations.  Helical  sensing 
elements  are  preferred.  Sensing  elements  may  be  en- 
cased in  a compatible  fluid  to  provide  vibration  and 
shock  protection.  A blowout  plug  should  be  incor- 
porated intothecase  toprever.t  pressure  buildup  and/- 
or rupture  in  the  event  of  a leak  in  the  sensing  element. 

9-4.5.4  Survivability  Considerations 

Helicopters  that  may  be  subjected  to  combat  condi- 
tions should  be  designed  to  minimize  the  effects  of 
combat  damage.  The  basic  objectives  of  hydraulic  sys- 
tem design  in  improving  chances  of  survivability  in 
combat  conditions  are: 


1.  Minimize  the  chances  of  critical  equipment  be- 
...  ing  hit  by  projectiles  and  fragments 
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2 Reduce  chances  of  total  system  loss  in  the  event 
of  system  damage 

3.  Minimize  the  chances  of  fire  due  to  large  quan- 
tities of  fluid  being  dumped  onto  adjacent  equipment  or 
into  a fire. 

The  initial  step  in  minimizing  the  chances  of  combat 
damage  is  to  determine  those  portions  of  the  system 
that,  if  damaged,  could  cause  loss  of  the  system  or  of 
a flight-critical  function.  Critical  equipment  then  can 
be  located  and  oriented  in  such  a manner  as  to  reduce 
the  area  exposed  to  enemy  projectiles.  Early  in  the 
design  phase  the  use  of  armor  protection  should  be 
considered.  The  design  may  include  armor  as  an  inte- 
gral part  of  system/component  design  or  as  an  add-on, 
replaceable  feature  (parasitic  armor). 

A trade-off  study  should  be  conducted  to  determine 
whether  integral  or  parasitic  armor,  or  a combination 
of  the  two,  should  be  used.  In  most  cases  the  integral 
armor  design  will  be  lighter  than  parasitic  armor  be- 
cause it  will  replace  a portion  of  system/component 
structure.  However,  integral  armor  likely  will  be  more 
costly  and  more  difficult  to  repair.  Parasitic  armor  has 
the  advantage  of  allowing  addition  or  removal  as  deter- 
mined by  the  type  of  mission  required.  While  parasitic 
armor  is  easier  to  repair,  its  protection  envelope  may  be 
reduced  due  to  weight  considerations.  Also,  ballast 
may  be  required  to  maintain  the  proper  vehicle  center 
of  gravity.  The  design  and  evaluation  of  armor  installa- 
tion are  discussed  in  further  detail  in  Chapter  14, 
AMCP  706-202  and  Chapter  6,  AMCP  706-203. 

The  primary  concern  in  reducing  the  chances  of  sys- 
tem loss  and  fire  hazard  is  to  reduce  the  possibility  of 
hydraulic  fluid  leakage.  The  various  design  approaches 
and  techniques  described  below  should  be  employed: 

1.  Check  valves  should  be  incorporated  in  all 
branch  circuit  return  lines  as  close  to  the  main  return 
trunk  line  as  possible.  A typical  arrangement  is  shown 
in  Fig.  9-42.  This  will  allow  isolation  of  the  leak  to  the 
particular  branch  circuit  by  presenting  back  flow  from 
the  main  return  line  into  the  leaking  branch  circuit. 

2.  Dual  actuators  that  are  manifolded  in  tandem 
or  side-by-side  should  incorporate  a "rip  stop"  as  a 
separator  between  the  two  sections  of  the  actuator  that 
are  powered  by  different  systems  (see  Fig.  9-43).  This 
reduces  the  chance  of  structural  damage  propagating 
from  one  side  of  the  actuator  to  the  other;  such  struc- 
tural damage  otherwise  could  cause  total  loss  of  func- 
tion. The  two  system  halves  may  be  mated  by  welding 
or  brazing,  or  may  be  a bolted  configuration.  The  latter 
design  allows  separate  maintenance  of  the  two  halves, 
and  provides  an  easier  method  of  assembly. 
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BRANCH  CIRCUIT  CHECK  VALVE  (TYP) 


Fig.  9-42.  Branch  Circuit  Check  Valve*  Protect 
Main  System  in  Case  of  Branch  Circuit  Leak 
Failure 


RIP  STOP  CONSTRUCTION 


Fig.  9-43.  Rip  Stop  for  Dual  Actuators 

3.  Various  techniques  should  be  considered  for  au- 
tomatically sensing  and  isolating  leaks  in  hydraulic  sys- 
tem branch  circuits.  Several  design  approaches  may  be 
used  depending  upon  the  functional  and  flow  charac- 
teristics of  the  particular  branch  circuit.  These  include 

a.  Rate-measuring  fuse  (Fig.  9-44).  Designed  to 
sense  and  shut  off  flow  rates  in  excess  of  max- 
imum circuit  design  flow.  Consider  for  use 
with  cyclic  (on-off)  constant  flow  functions 
such  as  doors  and  winches.  These  fuses  also 
may  be  used  for  dead-ended  line  functions, 
such  as  pressure  transmitters,  which  are  sub- 
jected to  system  pressure  surges.  Design 
should  include  protection  against  inadvertent 
shutoff.  Such  protection  may  be  in  the  form 
of  a built-in  time  delay  that  is  sized  according 
to  transients  expected  in  the  particular  cir- 
cuit. 

b.  Quantity-measuring  fuse  (Fig.  9-45).  De- 
signed to  sense  a predetermined  volume  dis- 
placement of  a particular  function  Consider 
for  use  in  cyclic  (on-off)  functions  of  rela- 
tively low  volume  displacement.  Insure  that 
the  volume  measuring  element  has  sufficient 
safety  margin  to  prevent  premature  shutoff. 
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c.  Flow  comparator  (Fig.  9-46).  Designed  to 
measure  flow  in  supply  line  and  return  lines. 
These  two  parameters  are  compared  by  using 
flow  force  in  each  line  to  balance  a compara- 
tor device.  As  long  as  the  supply  and  return 
flows  occur  in  accordance  with  a predeter- 
mined ratio,  the  comparator  allows  the  sys- 
tem to  function.  If  an  external  leak  occurs,  an 
unbalance  in  flow  force  is  sensed  by  the  com- 
parator, and  subsequent  shutoff  occurs.  This 
concept  is  applicable  to  continuous  variable- 
flow  functions  such  as  the  cyclic,  collective, 
and  directional  actuators.  Because  compara- 
tor devices  are  sensitive  to  system  dynamic 
conditions,  some  protection  must  be  provided 
against  inadvertent  operation.  This  can  be  in 
the  form  of  a time  delay,  although  it  should 
be  noted  that  the  greater  the  delay,  the  less 
sensitive  the  device  will  be  to  actual  leaks. 
The  device  may  be  designed  to  be  passive 
during  normal  system  operation  and  auto- 
matically activated  to  an  “armed”  mode  if  a 
leak  occurs  in  the  system.  In  a system  with 
several  such  devices,  arming  of  all  units  could 
occur  upon  receiving  a low-level  signal  from 
the  system  reservoir.  The  leaking  circuit  then 
would  be  shut  off  automatically  while  the  re- 
mainder of  the  system  continued  operation. 
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d.  Reservoir  level  sensing  (Fig.  9-47).  Another 
method  of  system  isolation  involves  use  of 
reservoir  level  to  sense  and  shut  off  leaking 
circuits.  An  external  leak  of  any  magnitude  in 
any  subsystem  branch  circuit  causes  a de- 
crease of  the  reservoir  supply.  When  the  sup- 
ply has  depleted  below  the  normal  minimum 
level,  a signal  can  be  provided,  electrically  or 
mechanically,  to  each  circuit  shutoff  valve  in 
sequence  until  the  leaking  circuit  is  shut  off. 
The  spacing  of  each  circuit  shutoff  sensing 
point  on  the  reservoir  must  take  into  account 
the  normal  fluctuations  in  reservoir  level 
when  a particular  circuit  is  shut  off.  This  will 
prevent  unnecessary  cycling  of  adjacent  cir- 
cuit sensors.  This  approach  has  the  disadvan- 
tage of  requiring  a fixed  amount  of  fluid  to  be 
dumped  overboard  prior  to  leakage  isolation. 
Also,  during  the  leak  search  process  a non- 
leaking system  may  be  shut  off  for  a period  of 
time.  It  is  important  to  note  that  this  ap- 
proach should  be  used  with  redundant  sys- 
tems only.  However,  for  such  configurations, 
where  each  system  has  only  two  or  three 
branch  circuits,  it  provides  positive  leakage 
isolation  that  essentially  is  insensitive  to  sys- 
tem flow  and  pressure  transients.  Pilot  over- 
ride capability  is  incorporated  easily  as  is 
manual  operation  capability  for  ground  ser- 
vicing. 


9-4.6 


HYDRAULIC  SYSTEM  POWER 
ANALYSIS 


A determination  of  peak  and  steady-state  hydraulic 
power  requirements  is  required  as  a part  of  the  prelimi- 
nary design  of  any  helicopter.  A typical  example  is 
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outlined  and  means  of  arriving  at  a solution  presented. 
This  discussion  covers  the  two  basic  categories  of  hy- 
draulic power  usage — flight  controls  and  utility  func- 
tions. 


9-4.6. 1 


Flight  Control  Hydraulic  System 
Analysis 


The  typical  flight  control  system  must  provide  en- 
ergy or  power  to  meet  demands  in  terms  of  force  on  a 
moment  arm  (basic  dimension,  in. -lb)  and  rate  of  mo- 
tion (basic  dimension,  deg  of  rotation  per  sec).  The 
force  levels  and  the  rates  of  motion  associated  with 
these  force  levels  must  be  defined  as  closely  as  a 
preliminary  design  effort  will  permit.  Fig.  9-48  shows 
a graph  in  which  various  critical  combinations  of  force 
and  rate  are  plotted.  The  rate  (deg/sec)  of  motion  is  the 
ordinate  and  hinge  moment  (in. -lb)  is  plotted  on  the 
abscissa.  The  rate  is  convertible  easily  to  flow  in  gpm 
and  the  hinge  moment  can  be  converted  to  hydraulic 
pressure  in  psi.  The  scales,  therefore,  include  these  al- 
ternate legends,  and  are  dimensionless. 

The  hydraulic  system  energy  transmissibility  charac- 
teristics and  the  pump  output  characteristics  can  be 
plotted  conveniently  on  the  graph  showing  the  system 
output  requirements. 

The  pump  output  characteristics  shown  in  Fig.  9-49 
depict  a pump  with  an  approximate  5%  reduction  in 
pressure  at  maximum  flow  capability. 

The  system  energy  transmissibility  curve  a.,d  the 
pump  output  curve  start  together  at  the  pump  conipcn- 
sated-actuator  stalled  point.  As  hinge  moment  is  re 
duced  and  rate  capability  increases,  energy  is  lost  in  the 
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Characteristics 


lines  and  the  energy  transmission  curve  diverges  from 
the  pump  output  curve.  If  the  line  sizes  are  optimum 
from  a weight  standpoint,  the  energy  at  the  maximum 
no-load  rate  will  be  dissipated  completely  in  line  and 
control  valve  loss.  This  loss  is  distributed  such  that  1/3 
will  occur  in  the  pressure  line,  1/3  in  the  control  valve, 
and  1/3  in  the  return  line. 

If  for  water  hammer  reasons,  etc.,  (see  a detailed 
discussion  on  line  sizing  in  par.  9-4.2.7)  the  line  size 
cannot  be  optimized,  then  the  nonoptimum  system  en- 
ergy transmissibility  curve  will  represent  the  system 
and,  normally,  the  system  can  operate  at  this  point  if 
a larger  pump  is  available  to  handle  combined  subsys- 
tem demands. 

It  should  be  noted  that  the  output  hinge  moment 
discussed  is  the  limit  hinge  moment.  The  structural 
strength  requirements  should  be  1.5  or  more  times  the 
limit  hinge  moment  tor  adequate  dynamic  loading 
and  fatigue  lite  margins. 


A further  consideration  must  be  assessed.  The  en- 
ergy transmissibility  curve  is  a classic,  but  usually  un- 
real, definition  of  actual  subsystem  capability.  It  states 
that,  for  each  point, the  system  has  the  rate  capability 
corresponding  to  a particular  resisting  hinge  moment 
load.  However,  the  load  actually  will  be  a stead v-state 
trim  load  such  that  as  the  surface  moves,  tne  load 
increases,  causing  a rate-of-motion  reduction.  The  ac- 
tual subsystem  rate-load  capability  is  shown  in  Fig. 
9-50.  For  a given  initial  trim  load,  the  subsystem  has 
an  average  rate  capability  in  reaching  a new  position 
demanded  by  the  pilot.  The  rate  associated  with  that 
hinge  moment  for  the  new  steady-state  null  point  is  the 
average  rate  at  which  the  control  surface(s)  can  move 
from  the  old  position  to  the  new  position. 

The  peak  hydraulic  power  output  requirement  can 
be  calculated  in  a straightforward  manner.  The  maxi- 
mum pump  output  power  Pt, .,  , is  the  point  so  noted  in 
Fig.  9-50,  at  the  knee  of  the  pump  pressure  flow  curve. 
The  equation  for  pump  output  power  Pr  is 


„ Qp  . 

P - , hp 

>’  1714  • 


(9-11) 


where 

Q ~ fluid  How,  gpm 
p — pressure,  psi 
1714  = constant  that  adjusts 
dimensions 

For  t given  system,  Eq.  9-11  defines  the  peak  pump 
output  horsepower.  The  input  power  to  the  pump  may 
be  determined  by  dividing  the  result  by  the  pump  effi- 
ciency. This  can  range  from  0.85  to  0.90  depending 
upon  the  fluid  temperature  and  viscosity,  pump  speed, 
and  fluid  density. 
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Another  more  direct  means  of  calculating  the  pump 
output  is  through  the  use  of  Eq.  9-12 


TR 

<*3,025 


,hp 


(9-12) 


where 

T = torque,  in.-lb 
R = rate  of  angular  motion,  rpm 
03.025  = constant  that  adjusts 
dimensions. 

This  takes  care  of  one  subsystem.  Where  more  than 
one  subsystem  must  be  supplied,  consideration  must  be 
given  to  the  combined  requirements  of  the  subsystems. 
This  can  range  from  the  total  combined  maximum 
power  peak  of  the  subsystems  to  one-half  to  two-thirds 
of.  that  combined  peak.  In  the  case  of  the  reduced  peak 
power,  the  individual  versus  combined  requirements 
must  be  assessed  and  the  factor  thus  determined  then 
is  applied  to  the  combined  peak.  For  example,  the  com- 
bined operating  power  may  be  two-thirds  of  the  sum  of 
the  individual  system  peak  requirements.  This  ap- 
proach provides  a close  approximation  by  which  to  size 
« ' the  pump  and  assess  the  impact  of  its  requirements  on 
■ the  power  source. 

The  fluid  temperature  used  in  determining  system 
. line-loss  characteristics  is  usually  the  expected  normal 
minimum  operating  temperature.  Temporarily  reduced 
system  performance  generally  is  accepted  after  start-up 
during  a cold  soak.  The  system  usually  will  be  operat- 
ing normally  within  a few  minutes. 

It  also  should  be  noted  that  the  variable-orifice  ac- 
tuator control  valve  allows  operation  at  points  below 
the  characteristic  curve  in  that  it  will  dissipate  the  extra 
energy  not  required  for  that  specific  load-rate  condi- 
tion. 


9-4.6.2  Utility  Hydraulic  System  Analysis 

The  power  analysis  for  utility  systems  is  similar  to 
that  for  the  flight  control  subsystem.  The  critical  rate- 
hinge-moment  points  must  be  defined,  and  in  this  case 
generally  are  associated  with  significant  loads,  as  op- 
posed to  the  flight  controls  where  a critical  point  may 
be  near  no  load.  Fig.  9-51  presents  a typical  rate  versus 
hinge  moment  plot  showing  the  operating  and  design 
points.  Rate  control  is  generally  of  a fixed  type  such  as 
a restrictor  or  a flow  regulator.  The  example  shown 
represents  a restrictor  rate  control.  The  design  point, 
identified  as  critical,  is  for  a maximum  load  condition 
that  will  not  exist  normally  The  subsystem  usually  will 
operate  at  the  noted  normal  operating  point  For  this 
type  control,  the  system  will  operate  along  the  system 
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transmission  characteristic  curve.  As  with  the  flight 
control  subsystem,  the  ordinate  and  abscissa  will  repre- 
sent flow  and  pressure,  respectively,  to  complete  the 
description  of  the  pump  requirements  and  system  en- 
ergy transmission  characteristics. 

The  same  techniques  used  in  determining  peak  hy- 
draulic power  requirements  for  flight  controls  also  ap- 
ply for  utility  systems.  Where  there  arc  several  utility 
functions,  the  pump  output  will  be  derived  by  determi- 
nation of  the  *um  of  the  requirements  for  those  subsys- 
tems that  may  be  required  to  function  simultaneously 

9-5  PNEUMATIC  SYSTEMS 

9-5.1  COMPARATIVE  CHARACTERISTICS 
BETWEEN  PNEUMATIC  AND 
HYDRAULIC  SYSTEMS 

Pneumatic  systems  use  a fluid  for  transfer  of  power 
and.  in  many  aspects,  are  similar  to  hydraulic  systems. 
A brief  comparison  of  the  two  types  of  systems  and  the 
significant  differences  is  contained  in  subsequent  para- 
graphs. 

Typically,  a pneumatic  system  uses  air  or  nitrogen  as 
a fluid  medium  because  these  are  the  most  readily  avail- 
able gases. 

The  limiting  characteristics  tor  pneumatic  systems 
are  attributed  primarily  to  ihroe  factors:  poor  lubricity, 
low  fluid  viscosity,  and  low  bulk  modulus.  The  possibil- 
ity of  entrained  moisture  in  the  gas  also  presents  a 
potential  icing  problem  in  low-temperature  operation. 
However,  this  problem  can  be  mtnimi/.ed  through 
proper  design. 

The  most  limiting  factor  for  a riydraulu-^ysiein  ts 
temperature.  Because  most  hydraulic  systems  are  recir- 
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culating,  the  result  is  a temperature  buildup,  or  in- 
crease, caused  by  pressure  drops  through  lines  and  re- 
strictions. This  may  result  in  a requirement  to  cool  the 
hydraulic  fluid.  Gases  are  usable  at  high  temperatures 
(above  500°F)  where  commonly  used  hydraulic  fluids 
deteriorate.  On  the  other  hand,  hydraulic  fluids  have 
good  lubricity,  acceptable  fluid  viscosity,  and  a high 
bulk  modulus. 

A comparison  of  the  density  of  the  two  fluid  media 
shows  that  air  is  considerably  lighter  than  hydraulic 
fluid.  Liquids  are  considered  incompressible  (hydraulic 
fluid  is  compressed  about  2%  at  3000  psi),  with  h 
draulic  fluid  weighing  about  52  lb/ft1,  compared  with 
dry  air  compressed  to  3000  psi  weighing  about  17 
lb/ft  '.  A direct  comparison  of  a pneumatic  circuit  and 
a hydraulic  circuit  operating  at  the  same  pressure 
shows  a substantial  weight  saving  in  the  fluid  for  the 
pneumatic  system. 

The  bulk  modulus  of  the  fluid  is  a measure  of  the 
fluid  compressibility  and  is  expressed  as  the  reciprocal 
of  compressibility.  This  factor  is  important  where  ser- 
vomechanisms are  considered,  with  the  natural  fre- 
quency of  the  system  being  proportional  directly  to  the 
square  root  of  the  bulk  modulus  of  the  fluid.  The  com- 
pressibility of  a pneumatic  fluid  provides  a self-damp- 
ing characteristic,  making  the  pneumatic  system  less 
susceptible  to  shock  that  results  from  rapid  fluid  accel- 
eration or  deceleration.  With  the  high  bulk  modulus, 
the  hydraulic  system  provides  a much  stifTer  system 
than  the  pneumatic;  innovations  developed  to  improve 
pneumatic  stiffness  have  the  undesirable  effects  of 
higher  weight,  increased  size,  and  lower  reliability. 

The  lubricity  of  gases  is  very  poor  compared  with  the 
lubricity  of  hydraulic  fluid.  Thus,  the  wear  of  mating 
surfaces  is  a problem  in  pneumatic  systems  because 
lubrication  is  not  provided  by  the  working  fluid. 

9-5.2  TYPES  OF  PNEUMATIC  SYSTEMS 

Three  types  i.f  commonly  used  pneumatic  systems 
are  an  airborne  compressor-charged  system,  a ground- 
charged  storage  bottle  system,  and  a hot-gas,  solid- 
propellant  gas-generator  system. 

9-5.2. 1 Airborne  Compressor-charged 
System 

The  advantage  of  a compressor-charged  system  is 
that  a small  compressor-charged  storage  bottle  can 
supply  a system  having  high  peak  loads  and  small  aver- 
age loads.  This  system  is  suitable  where  a normally 
operating  subsystem  would  be  used  only  one  or  two 
times  during  the  flight,  with  sufficient  time  in  between 


operations  for  the  compressor  to  recharge  the  storage 
bottle.  A typical  airborne  compressor-charged  system 
is  shown  in  Fig,  9-52.  The  compressor  may  be  direct- 
driven  by  the  engine  through  a gear  train  • nd  dutch, 
by  a hydraulic  motor  powered  by  the  hydraulic  system, 
or  by  an  APU.  The  compression  of  the  air  generates 
heat,  and  a means  of  cooling  should  be  provided.  A 
cooling  fan  is  the  most  common  heat  dissipator  and 
probably  adds  the  least  weight  of  any  method.  The  inlet 
air  to  the  compressor  should  be  filtered  and  may  be 
either  regulated  engine  bleed  air  or  ambient  air.  If  en- 
gine bleed  air  is  used,  provisions  may  have  to  be  made 
for  precooling  the  inlet  air.  Pressure  switches  are  in- 
stalled downstream  in  the  system  to  control  the  com- 
pressor. In  a 3000-psi  system  the  compressor  would  be 
designed  to  operate  when  system  pressure  drops  to 
2600  psi  and  to  shut  off  when  the  system  is  recharged 
to  3000  psi.  The  removal  of  moisture  from  the  air  is 
essential  to  minimize  corrosion  and  reduce  mainte- 
nance, This  may  be  accomplished  by  placing  a moisture 
separator  at  the  outlet  of  the  compressor,  removing 
approximately  95%  of  the  moisture,  and  then  placing 
a dehydrator  immediately  downstream  of  the  moisture 
separator  to  reduce  the  moisture  content  further.  As 
the  dehydrator  is  a replaceable  item,  it  should  be  large 
enough  that  frequent  replacement  is  not  required. 
Ground  testing  and  charging  provisions  are  necessary 
to  eliminate  the  necessity  of  operating  the  compressor 
on  the  ground.  Fittings  for  such  ground  support  equip- 
ment (GSE)  are  installed  downstream  of  the  moisture- 
removing  equipment.  A 25-micron  filter  should  be 
placed  in  the  ground  charging  line,  the  storage  volume 
must  be  sufficient  so  that  the  required  duty  cycles  of  all 
subsystems  will  be  obtained.  The  compressor  size 
shall  be  such  that  recharging  of  the  storage  volume 
occurs  within  the  required  time  between  subsystem 
duty  cycles.  Check  valves  isolate  subsystems  from  each 
other  and  the  compressor.  Direct-reading  pressure 
gages  shall  be  provided  where  necessary  for  mainte- 
nance personnel  to  check  the  system  pressure.  Pressure 
relief  valves  are  required  in  the  main  supply  system  and 
each  subsystem  to  prevent  overpressurization  due  to 
temperature  changes. 

9-5. 2. 2 Ground-charged  Storage  Bottle 

System 

The  ground-charged  storage  bottle  is  used  most  com- 
monly as  an  emergency  or  backup  unit  for  a hydrauli- 
cally powered  system.  This  type  of  system  (see  Fig. 
9-53)  is  a simple  one,  with  a minimum  number  of  com- 
ponents. Selection  of  components  is  based  primarily 
upon  flow  rale  and  pressure  requirements.  Where  a 
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Fig.  9-52.  Airborne  Compressor-charged  System 


shuttle  valve  connects  the  emergency  system  to  a nor- 
mally actuated  system,  the  shuttle  valve  shall  be  de- 
signed so  that  a force  balance  cannot  be  obtained  on 
both  inlet  ports  simultaneously,  causing  the  valve  to 
restrict  flow  from  the  outlet  port.  Shuttle  valves  nor- 
mally are  built  into  the  component;  if  installation  prob- 
lems exist,  it  is  permissible  to  have  a length  of  rigid  line 
between  the  component  and  the  shuttle  valve,  provided 
that  the  rigid  line  and  shuttle  valve  are  attached  firmly 
to  the  component.  A standa-d  pressure  gage  is  installed 
to  allow  a check  of  the  storage  bottle  pressure.  The 
actuation  of  the  control  valve  may  be  mechanical  or 
electrical,  but  electrically  operated  valves  should  be 
provided  with  a mechanical  override.  The  control  valve 
activation  means,  such  as  push-pull  rods  or  cables, 
should  be  designed  to  require  little  or  no  adjustment 
and  to  prevent  overtravel  or  undertravel  by  use  of  i •’ter- 
nal  or  external  stops.  A relief  valve  is  necessary  to 
prevent  overpressurization  due  to  temperature 
changes. 


AIR 

STORAGE 

BOTTLE  RELIEF 


Fig.  9-53.  Ground-charged  Storage  Bottle  System 

9-5.2.3  Hot-gas,  Solid-propellant  Gas 
Generator  Systems 

Solid-propellant  gas  generation  systems  are  becom- 
ing more  widely  accepted  as  emergency  systems  (see 
Fig.  9-54).  This  type  of  system  consists  of  a solid-pro- 
pellant gas  generator  that  is  ignited  through  a thermal 
battery  or  electrical  igniter;  the  pressure  to  the  actuated 
subsystem  is  controlled  by  the  pressure  relief  valve  or 
back  pressure  regulator.  This  type  of  system  must  be 
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Fig.  9-54.  Hot-gas,  Solid-propellant  Gas  Generator 


refurbished  after  usage  because  very  high  temperatures 
occur.  Once  the  generator  is  ignited,  the  pressurization 
rate  and  duration  are  fixed.  This  system  does  not  re- 
quire periodic  checking,  and  it  essentially  is  unpres- 
surized until  used. 

9-5.3  SYSTEM  INSTALLATION 

The  system  installation  considerations  for  pneumatic 
compressor -charged  systems  and  ground-charged  stor- 
age bottle  systems  are  similar.  The  systems  shall  be  as 
simple  and  foolproof  as  possible  with  respect  to  design, 
operation,  inspection,  and  maintenance.  Leakage  is  tra- 
ditionally one  of  the  main  problems  for  fluid  systems. 
Probably  the  greatest  source  of  pressure  loss  in  pneu- 
matic systems  is  the  fitting  join  s.  Pneumatic  leaks  are 
difficult  to  locate;  however,  the  y may  be  detected  visu- 
ally by  applying  special  soap  solutions  and  observing 
bubbles.  Leakage  can  be  controlled  by  careful  manufac- 
turing and  maintenance  procedures,  but  this  means 
greater  cost.  Good  sliding  and  rotating  seals  are  dif- 
ficult to  obtain  in  pneumatic  systems  because  of  the  low 
viscosity  and  poor  lubricating  qualities  of  the  gases. 

The  pneumatic  component  installation  shall  be  de- 
signed to  accommodate  the  most  adverse  dimensional 
and  operational  conditions.  The  components  rhould  be 
located  at  high  points  in  the  line  to  preclude  freezing 
of  collected  moisture,  which  will  cause  the  component 
to  malfunction.  All  components  that  require  periodic 
servicing  should  be  located  in  an  accessible  area.  Drain 
fittings  should  be  installed  at  low  points  in  the  system 
to  permit  removal  of  condensed  moisture. 

Pressure  line  tubing  shall  be  of  corrosion-resistant 
steel.  Alternate  materials  may  be  employed  in  return 
lines.  Consideration  should  be  given  to  the  newer  type 
of  tube-joining  methods.  Permanent  joining  of  tubes  by 
brazing,  welding,  or  swaging  joints  that  do  not  require 
disassembly  can  increase  reliability  and  eliminate  a 
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number  of  potential  leak  points.  Designing  for  motion 
of  tubing  helps  to  avoid  use  of  swivel  joints  and  hoses, 
thereby  increasing  reliability  Relative  motion  through 
use  of  coiled  or  torsion  tubing  is  allowable  in  both  steel 
and  titanium  tubing.  Consideration  must  be  given  to 
the  combined  stress  resulting  from  the  Bourdon  effect, 
torsion,  tension  and  compression,  and  vibration. 

9-5.4  SAFETY,  MAINTENANCE.  AND 
RELIABILITY 

Due  to  the  compressibility  of  the  gas,  high-pressure 
pneumatic  systems  have  the  inherent  characteristic 
that  structural  failure  can  result  in  a large  and  destruc- 
tive explosion.  Therefore,  the  design  should  create  con- 
ditions of  pressure  and  temperature  that  are  not  condu- 
cive to  combustion  or  explosion.  Large  cavities  in 
which  high-energy  combustions  or  explosions  can  oc- 
cur should  be  avoided,  as  well  r.s  lubricating  oils  or 
greases  that  can  induce  combustion  or  explosions. 
Where  the  possibility  of  combustion  or  explosion  can- 
not be  precluded,  steps  should  be  taken  to  minimize 
them.  These  steps  may  include  flame  arresters  or  blow- 
out disks. 

Where  an  emergency  source  is  provided  for  a subsys- 
tem, the  normal  and  emergency  lines  shall  be  separated 
from  each  other  as  far  as  is  practicable  so  that  the 
possibility  of  both  lines  being  ruptured  by  a single  pro- 
jectile is  reduced  to  a minimum.  Additionally,  the  two 
lines  shall  be  so  designed  that  their  modes  of  vibration 
differ  sufficiently  to  preclude  the  possibility  of  both 
failing  due  to  vibration-induced  stresses.  Advantage 
should  be  taken  of  the  protection  against  combat  dam- 
age afforded  by  heavy  structural  members  and  armor 
plate.  Insofar  as  practicable,  pneumatic  lines  shall  be 
remote  from  personnel  stations.  Utmost  consideration 
shall  be  given  to  protecting  crew  members  in  case  of 
rupture  of  storage  bottles  from  gunfire  (wire-wound 
bottles  should  be  used). 

Air  storage  bottles  shall  be  accessible  and  rechargea- 
ble without  being  removed  from  supporting  brackets.  If 
it  is  essential  that  flexible  hose  be  used  in  a pneumatic 
system,  the  installation  should  be  so  designed  that  dis- 
connection at  the  end  of  the  hose  downstream  of  the 
storage  bottle  is  precluded  to  the  maximum  practicable 
extent.  This  is  to  prevent  the  loose  end  of  the  hose 
whipping  about  dangerously  when  pressure  is  released. 
Replaceable  items  such  as  dehydrators  shall  be  easily 
removed  and  replaced.  Use  of  components  that  could 
be  reversed  and  thereby  cause  the  system  to  operate 
improperly  shall  be  eliminated  to  the  maximum  possi- 
ble extent.  Ground  charging  of  storage  bottles  should 
be  accomplished  slowly  because  fast  charging  is  a 
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nearly  adiabatic  process  and  the  temperature  within  the 
storage  bottle  may  rise  to  more  than  400*F. 

9-5.5  SYSTEM  ANALYSIS 

To  make  an  accurate  pressure  drop  analysis  of  a 
compressible  fluid  flowing  through  tubing  and  compo- 
nents requires  a knowledge  of  the  relationship  between 
pressure  and  specific  volume.  This  is  not  determined 
easily.  The  extremes  that  are  considered  are  adiabatic 
flow  (Eq.  9-13)  and  isothermal  flow  (Eq.  9-14). 


pV1  - constant  (9-13) 


where 

pressure,  lb/ft* 
volume,  ft  ’ 

ratio  of  specific  heat  at 
constant  pressure  to  specific 
heat  at  constant  volume  cp/cr 
(This  value  is  1.4  for  air  or 
nitrogen.) 

V\  =PiV-.  (9-14) 


initial  condition 
final  condition 
Adiabatic  flow  usually  is  assumed  in  short,  perfectly 
insulated  piping  where  no  heat  is  transferred  to  or  from 
the  pipe  except  for  the  minute  amount  generated  by 
friction.  Isothermal  flow  is  more  descriptive  of  a com- 
pressor charging  a system,  while  rapid  ground  charging 
of  storage  bottles  approaches  the  adiabatic  condition. 
Storage  bottles  charged  from  the  ground  normally  re- 
quire "topping  ofl" — once  the  bottle  has  had  time  to 
cool  from  the  initial  charging — to  raise  the  pressure  to 
the  desired  level  again. 

One  characteristic  of  compressible  fluids  is  that  the 
weight  rate  of  flow  with  a given  upstream  pressure  will 
approach  a certain  maximum  rate  that  it  cannot  exceed 
no  matter  how  much  the  downstream  pressure  is  fur- 
ther reduced.  The  maximum  possible  velocity  in  a pipe 
is  sonic,  which  is  expressed  as 


P = 
V = 

y = 


Pi 


where 


Subscript  1 
Subscript  2 


ygRT 


molecular  wt  of  gas 


i fps 


(9-15) 


where 


c = sonic  velocity,  fps 
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g - acceleration  due  to  gravity, 
ft/sec3 

P — gas  constant,  1 544 
ft-!b/(lb-mole  °R) 
y ~ ratio  of  specific  heats  cp/t\ , 
dimensionless 

T = absolute  temperature,  °R 
When  subsystem  operating  time  is  critical,  the  compo- 
nents should  be  analyzed  to  insure  that  there  are  no 
restrictions  that  will  limit  flow  below  the  desired  rate. 

Basically,  the  components  within  the  pneumatic  sys- 
tem restrict  or  control  flow,  or  produce  force  or  mo- 
tion. Fixed  restrictions  such  as  orifices  restrict  flow, 
while  a valve  such  as  a solenoid  or  manual  shutoff  valve 
controls  the  flow  of  the  gas.  Manufacturers  normally 
have  flow-pressure  drop  data  for  their  valves,  but  if 
data  are  unavailable,  they  may  be  extrapolated  from 
similar  valves  for  preliminary  design  estimates.  A com- 
mon method  for  rating  a valve  is  to  determine  its 
Equivalent  Sharp  Edge  Orifice  Diameter  (ESEOD); 
then  calculations  for  pressure  drop  can  be  made  easily. 
The  device  for  producing  the  force  or  motion  may  be 
a piston,  diaphragm,  bellows,  etc.  The  fluid  volume 
required  to  produce  the  desired  force  or  motion  can  be 
determined  by  analysis  of  the  transmission  lines  and 
component  volumes.  The  source  is  then  sized  to  pro- 
duce the  desired  output  within  the  restrictions  of  Eqs. 
9-13  and  9-14. 

Generally,  the  output  force  requirements  first  are 
defined;  then  pneumatic  power  requirements,  pressure, 
and  volume  that  will  produce  the  desired  output  are 
determined.  System  components — such  as  a check 
valve,  shutoff  valve,  and  filter— are  added  into  the  de- 
sign for  control  of  the  fluid.  Each  of  these  components 
is  analyzed  for  pressure  drop  at  the  desired  flow  lo  the 
output  device.  The  source  or  storage  bottle  is  sized  to 
produce  the  desired  flow  rate  considering  the  pressure 
drop  of  the  lines  and  each  component  along  the  flow 
path. 

9-6  FLUIDIC  SYSTEMS 

9-6.1  GENERAL 

Fluidic  systems  use  the  phenomena  of  fluids  in  mo- 
tion (either  gases  or  liquids)  to  perform  the  functions 
of  sensing,  data  processing,  control,  and  display,  with- 
out <he  use  of  electronics  and  generally  without  me- 
chanical moving  parts.  This  technology  promises  (and 
in  many  cases  already  has  demonstrated)  cost  and  relia- 
bility advantages  over  conventional  avionic  systems. 
The  cost  and  reliability  improvements  resuli  from  the 
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absence  or  gross  reduction  of  moving  parts.  In  addi- 
tion, the  following  system  attributes  normally  are  real- 
ized: 

1.  The  ability  to  operate  in  extreme  environments: 
high  or  low  temperatures  (depending  on  the  fluid  used) 
and  high  vibration,  shock,  and  acceleration 

2.  Hardness  to  radiation  exposure  and  the  capabil- 
ity of  operation  in  explosive  atmospheres 

3.  Long  shelf  life 

4.  Minimum  maintenance. 

Because  of  these  attributes,  fluidics  can  be  expected 
to  have  an  important  part  in  future  helicopters.  To 
date,  fluidic  stability  augmentation  systems  already 
have  been  flight  tested  onboard  both  tandem-  (Ref.  2) 
and  single-rotor  (Ref.  3)  helicopters;  commercial  pro- 
duction of  a hydrofluidic  (uses  hydraulic  oil)  yaw 
damper  began  in  1971.  In  addition,  an  integrated 
closed-loop  engine  control  and  flight  control  system  for 
VTOL  aircraft  (Ref.  4)  has  been  demonstrated  to  be 
feasible. 

Because  of  the  impact  of  fluidics  upon  future  heli- 
copter avionics,  it  is  essential  that  helicopter  designers 
be  aware  of  the  technology  and  its  capability.  To  aid  the 
designer,  a large  number  of  references  is  provided. 

Fluidic  technology  has  been  in  existence  about  ten 
years,  six  of  which  have  been  applied  to  system  feasibil- 
ity studies  and  development  programs.  These  programs 
have,  in  general,  confirmed  the  fluidic  attribute  of  relia- 
ble performance  in  environments  of  severe  shock,  vi- 
bration, acceleration,  temperature,  and  radiation.  Ex- 
cept in  instances  where  electronics  cannot  be  used, 
however,  fluidics  has  not  demonstrated  superior  ac- 
curacy. Current  indications  are  that  the  application  of 
fluidics  will  be  in  areas  where  simple,  medium- 
accuracy  controls  are  suitable  and  high  reliability  is 
desired,  or  where  conventional  equipment  cannot  be 
used  because  of  some  adverse  environment  such  as 
radiation  (ionizing  radiation  or  electromagnetic  inter- 
ference), explosive  atmospheres,  high  or  low  tempera- 
ture, or  high  shock  and  vibration. 

9-6.2  FLUIDICS  COMPARED  TO 
ELECTRONICS 

One  way  to  indicate  the  state-of-the-art  of  fluidic 
systems  is  to  compare  it  with  conventional  electronic 
control  systems.  The  following  discussion  compares  ten 
characteristics  of  the  two  systems: 

l.  Applicability.  At  the  present  time,  fluidic  sys- 
tems are  considerably  more  limited  in  applicability 
than  electronic  systems.  For  example,  the  very  high 
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accuracy,  rapid  response,  and  high  linearity  attainable 
with  electronic  systems  cannot  be  attained  with  fluidic 
systems.  On  the  other  hand,  there  are  a number  of  tasks 
that  can  be  accomplished  easily  with  fluidic  systems, 
but  that  either  are  not  possible  or  are  uneconomical 
with  electronic  systems. 

2.  System  performance.  Generally,  the  maximum 
performance  of  a fluidic  system  is  below  that  of  an 
electronic  system.  Fluidic  system  performance,  how- 
ever, is  adequate  for  many  applications;  in  others,  cost 
and  other  advantages  can  offset  performance  disadvan- 
tages that  may  exist. 

3.  Development  cost.  The  cost  of  developing  a new 
fluidic  system  to  accomplish  a given  task  is  higher  to- 
day than  the  cost  of  developing  an  electronic  system  to 
accomplish  the  same  task.  As  the  fluidic  component 
state-of-the-art  advances,  however,  costs  of  developing 
a new  fluidic  system  are  expected  to  compare  favorably 
with  costs  of  conventional  electronic  system  develop- 
ment. 

4.  Production  cost.  Because  of  the  basic  simplicity 
of  fluidic  elements,  production  costs  of  fluidic  systems 
may  be  materially  less  than  those  of  comparable  elec- 
tronic systems. 

5.  Complexity.  Fluidic  components  have  signifi- 
cantly fewer  parts  than  comparable  electronic  compo- 
nents. Fluidic  devices  have  no  moving  parts,  and  even 
devices  such  as  fluidic  accelerometers  have  only  one 
moving  part. 

6.  Reliability.  Fluidic  systems  are  expected  to  be 
significantly  more  reliable  than  comparable  electronic 
systems,  particularly  when  operating  in  adverse  envi- 
ronments. In  addition,  fluidic  systems  will  be  able  to 
operate  satisfactorily  in  some  environments  in  which 
conventional  electronic  systems  cannot  operate  at  all. 
Finally,  because  of  element  simplicity,  high  reliability 
will  be  attainable  with  much  less  effort  than  is  required 
to  attain  equal  reliability  in  electronic  systems. 

7.  Maintenance.  Fluidic  systems  offer  the  poten- 
tial of  being  easier  and  less  costly  to  maintain  than 
conventional  electronic  systems  because  in  mass  pro- 
duction low-cost  throwaway  modules  probably  will  be 
used. 

8.  Size  and  weight.  Generally,  fluidic  and  conven- 
tional electronic  systems  are  comparable  in  size  and 
weight. 

9.  Shape.  Fluidic  systems  may  be  more  difficult  to 
fit  into  peculiarly  shaped  volumes  than  are  electronic 
systems. 

10.  Power  requirements.  Fluidic  systems  require 
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approximately  the  same  power  as  conventional  elec- 
tronic systems. 


9-6.3  FLUIDIC  COMPONENT  DEVELOPMENT 
STATUS 

Selected  fluidic  components  are  described  and  per- 
formance parameters  are  presented  in  par.  9-6.5.  Table 
9-4  provides  a summary  of  the  state-of-the-art  of  in- 
dividual components  suitable  for  typical  helicopter  ap- 
plication (see  Table  9-5  for  estimated  component  size, 
weight,  and  reliability).  The  example  that  follows  illus- 
trates interpretation  of  the  data  given  in  Table  9-4.  The 
table  contains  the  following  information  about  fluidic 
proportional  amplifiers. 

1.  Production  models  have  been  buiit  (“D”  in  Col. 
2)  and  used  in  operating  systems  (“X"  in  Col.  3). 

2.  Experimental  data  do  not  exist  regarding  shelf 
life  (blank  in  Col.  15). 

3.  Size,  weight,  and  reliability  predictions  for  a 
new  proportional  amplifier  to  perform  a specified  task 
can  be  described  on  the  basis  of  significant  experience 
with  developmental  models  (“3’’  in  Cols.  4, 5,  and  6). 

4.  Cost  in  production  quantities  can  be  described 
on  the  basis  of  a significant  amount  of  experimental 
data  on  development  models  (’‘3"  in  Col.  7). 

5.  Experimental  data  exist  on  performance  in  cr.ti- 
cal  environments  ("X"  in  Cols.  9,  10,  11,  12,  13.  and 
14)  and  on  response  of  the  amplifiers  ("X”  in  Col.  16). 

Overall,  the  table  shows  that  proportional  amplifiers 
have  reached  an  advanced  developmental  stage  and  can 
be  tailored  to  new  applications  with  considerable  confi- 
dence. 

Fluidic  technology,  although  nearly  ten  years  old,  is 
still  in  its  infancy  compared  with  electronics.  The 
blanks  in  Table  9-4  and  the  development  status  shown 
in  Table  9-5  indicate  the  general  improvement  needed. 
Except  for  uses  in  certain  simple  applications — such  as 
vehicle  stabilization,  and  machine  and  tool  control — 
most  fluidic  devices  need  overall  performance  improve- 
ment. 

Table  9-5  presents  estimated  physical  parameters  for 
various  fluidic  components.  Estimates  of  weight  and 
volume  presented  in  Table  9-5  can  be  considered  as 
worst-case  values  for  individual  components  consistent 
with  the  current  state-of-the-art.  Significant  reduc- 
tions, e.g.,  10-20%,  are  possible,  especially  when  sev- 
eral component  functions  are  combined  to  form  a 
fluidic  “circuit"  or  multifunctional  subsystem. 

Table  9-6  presents  environmental  capability  of  key 
fluidic  components.  These  data  can  be  used  by  the 


w rsx'xyTW'w1  «•  • -v;  - - 


ANiCP  706-201 


helicopter  designer  in  determining  the  practicality  of 
using  fluidics — either  components,  subsystems,  or  sys- 
tems— for  any  candidate  environment  by  comparing 
the  capabilities  indicated  with  those  of  existing  conven- 
tional electronic  components. 

Table  9-7  shows  16  applications  -ach  of  which  is 
subdivided  into  applicable  subsystems.  Each  subsystem 
has  its  various  functions  of  sensing,  data  processing, 
display,  and  control  judged  as  to  its  present  or  future 
feasibility.  It  can  be  seen  that,  in  some  instances,  fluid- 
ics can  accomplish  part  of  the  required  functions,  even 
though  the  entire  system  category  has  been  judged  in- 
feasible. An  example  is  the  display  function  of  IFF 
(Identification  Friend  or  Foe)  or  the  proximity  warning 
subsystem  of  external  environmental  monitoring.  Fu- 
ture development  requirements  can  be  seen  by  noting 
the  blank  spaces  in  the  table.  Only  the  components 
presently  deemed  feasible  are  discussed.  Those  in  the 
other  categories  are  beyond  the  scope  of  this  handbook. 


9-6.4  DESIGN  AND  TEST  SPECIFICATIONS 

Fluidic  technology  is  similar  to  that  of  electronics  in 
that  they  both  can  perform  the  same  general  functions 
of  sensing,  data  processing,  control,  and  display.  It 
would  follow,  therefore,  that  for  any  such  application 
the  same  functional  requirements  can  be  specified  for 
fluidic  systems  as  for  electronic  devices.  The  major 
differences  in  design  and  test  specification  documents 
will  be: 

1.  The  definition  of  fluidic  component  power  re- 
quirements will  be  in  terms  of  pressures  and  flows  in- 
stead of  voltage  and  currents  (see  Ref.  5 for  fluidic-to- 
electronic  analogy). 

2.  Military  Specifications  and  Standards  for  hy- 
draulic and  pneumatic  devices  will  be  used  instead  of 
those  for  electronic  equipment. 

3.  The  appropriate  pneumatic  testing  will  be  used. 

In  addition,  fluidics  has  its  own  specification  for  ter- 
minology and  symbols. 

The  following  specifications  generally  are  used  as  the 
documents  applicable  to  fluidic  design  and  test: 

1.  A general  system  requirement  document  writ- 
ten for  the  particular  system  or  subsystem  involved 

2.  MIL-STD-1306,  which  defines  terminology, 
symbols,  etc. 

3.  MIL-H-8501,  which  delineates  helicopter  flying 
and  ground-handling  quality  requirements 

4.  Documents  on  hydraulics,  including  MIL-H- 
5606,  MIL-H-5440,  and  MIL-H-8775 
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5.  Documents  on  pneumatics,  including  MIL-P- 
5518.  M1L-P-8564,  and  MIL-E-38453 


6.  MIL-F- 18372 
flight  controls 


or  MII.-F-9490, 


concerning 


TABLE  9-4 

FLUIDIC  COMPONENT  STATE-OF-THE-ART 
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? 
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7 
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\ 

? 

« 

< 

V 

X 

X 

X 

X 

X 

X 

Amplifiers . Bistable 
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X 

;< 

« 
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2 

; 

X . 

X 

X 

i x 

X 

X 

X 

Am.a!»fte-s  Turbulence 

c 

N 

J 

i 

.1 

X 

Amalifiers.  Supersonic 

c 

X 

2 

2 

i 

2 

N 

p 

p 

n 

o 

X 

Amplifier*.  V<  •*-■<* 

c 

X 

2 

| < 

X 

X'ompu'er  Rlemef|*s 

c 

X 

2 

2 

1 - 

2 

>' 

o 

o 

o 

o 

o 

<> 

Oscillator* 

c 

X 

2 

2 . 

2 

.< 

\ 

P 

p 

o 

X 

o 

Resisto**,  Capaci*ers.  etc.  “ 

c 

\ 

.< 

.1 

X 

o 

p 

o 

X 

X 

Yores  Sensor' 

c 

N 

,l 

t 

: .a 

3 

J 

V 

X 

X 

N 

X 

X 

Accele  rcmrfrr' 

c 

.\ 

a 

5 

2 

X 

X 

X 

X 

X 

X 

At*i!tide  denser 

c 

\ 

2 

2 

X 

X 

X 

t» 

Speed  Sensor 

c 

X 

.1 

J i 

2 

3 

X 

p 

Temperature  Sensor 

c 

\; 

2 

.1 

t 

2 

< 

X 

X 

Fluid  Potentiometers* 

n 

\ 

2 

1 

2 

2 

X 

X 

X 

X 

o 

a.  B Seniors 

c 

X 

; 

2 

-■ 

2 

J 

X 

X 

X 

o 

Preisure  Sensor 

c 

X 

2 

2 

- 

- 

X 

X 

X 

Multielement  Devices 

Operational  Amplifiers* 

c 

X 

* 

J 

3 

J 

3 

V 

O 

o 

p 

X 

X 

X 

Amplifier  Cascades.  Bistable 

c 

X 

;i 

i 

2 

3 

v> 

o 

o 

O 

X 

X 

X 

Counters 
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2 

2 

s 

X 

X 

o 

X 

X 

X 

X 

Comparators 

A 

■ 

> 
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2 

1 

X 

High  Pass  Network* 

c 

X 

.1 

J 

;l 

3 

3 

X 

X 

X 

X 

Converter ■«.  A/D 

H 

X 

I 

3 

X 

X 

X 

X 

Conveners.  D/A 

A 

l 

! 

1 

3 

X 

Lead -Lag  Network* 

C 

X 

3 

s 

3 

3 

X 

X 

X 

Integrators.  R.  C.  • 

C 

X 

3 

J 

J 

3 

X 

X 

X 

X 

Differentiators* 

A 

X 

1 

l 

*2 

3 

X 
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1 

2 
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X 

X 

X 
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It 
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3 

3 

3 

X 

X 

X 

X 

X 
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1) 

X 

.1 

3 

3 

3 

3 

X 

X 

N 

X 

X 
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c 

X 

3 

3 

• 

3 
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It 

X 

3 

3 

3 

3 

3 

X 

X 

X 

X 
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Transducers 

Flu  id/ Electrical 

Hot  Wire 

f» 

X 

3 

3 

3 

3 

X 
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I> 

X 

:i 

3 

3 

3 

Pressure  T ransducer* 

I) 

X 

3 

3 

3 

3 

*1 

X 

X 

X 

X 

Electrical/ Fluid 

Magneto»t.  ,«r  Pinto  Element 

B 

2 

5 

X 

X 

X 

X 

Spark  Element 

B 

I 

l 

1 

1 

X 

X 

X 

X 

Magnetic- Flapper  Nozzle* 

U 

X 

3 

:i 

3 

3 

3 

X 

X 

X 

X 

X 

X 

Gas/ Liquid 

Switch 

B 

X 

2 

l 

1 

Bellows  to  Flapper-Nozzle 

H 

X 

2 

2 

1 

X 

X 

X 

Fluid/ Mechanical 

1 

Jet  Recovery  on  Wheel* 

11 

1 

1 

3 

1 

Pressure  Recovery  on  Piston* 

C 

X 

:l 

3 

2 

3 

X 

X 

X 

X 

X 

Test  Equipment 

1) 

X 

3 

3 

3 

3 

KKY 

A 

H 

C 
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State  of  Development 
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Rrr*a«Jp«iaH-'*x;M?r  l nent  models  built  and  tested  t»»  prove  principle*  of  operatnm 
Developmental  - engineer  mwHi  suitable  for  syste  tn  or  flight  test,  huilt  from  engineer  drawings 

Prototype  - IWign  optimized  for  speeiflr  application,  model*  suitable  for  production  fabricated,  but  without  production 

tooling  doe*  n*d  include  off-the-shelf  components  for  brendlmord  use 

l*rnduc*l«n  • Models  designed  for  mas*  production  and  fabricated  with  production  tiding 


Component  pescrl pflnn  llnst h 

X Train  have  been  conducted  ♦ test  data  available 

0 Tests  considered  c .mpleted  on  basis  of  similarity 

Blank  Experimental  data  Ho  not  exist  factor  Ur  sr  nimble  only  on  basis  d -eneral  expei  ienre  and  scientific  principle  involved 

1 Oesmbablf  on  nnsis  of  analysis  or  limited  experimental  dn»a 

2 Iteseribablr  on  basts  of  similarity  to  other  fluid  devices  for  which  significant  experimental  data  exist 

.1  rmserilsitib-  > n nssis  of  a significant  amount  of  expertmenfal  data  on  developmental  models  of  the  same  type  device 

* Includes  pneumatic -fluidic  and  hydrofluidic  r«*ifigu rations  ^ 

,y*  Pneumatic  -fl'iidie  only 
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TABLE  9-5  j 

J PHYSICAL  PARAMETER  VALUE  j 

\ 


Volume, 

ft* 

Weight, 

lb 

Reliability 
Failures  • 10  ' hrs 

Dev.  Status 
1 : Now 
2t  10  yrs 

Sensors 

Mechanical  Position 

0.  004 

0.  7 

0.  150 

1 

Speed 

0.  022 

1.8 

0.200 

1 

Pressure 

0.  00? 

1.2 

0.  150 

1 

Pressure  Ratio 

0.003 

1.2 

0.  040 

2 

Temperature 

0.  007 

0.4 

0.  1 

1 

Differential  Pressure 

0.  001 

0.  06 

0.05 

2 

Pitot  l’rob. 

o.  01 

2.  0 

0.  50 

1 

A m»le  of  Attack  Sensor 

0.  03 

5.0 

6.  5 

1 

Fuel  Plow 

0.  007 

1.20 

0.  15 

1 

Angular  Hate  Sensor  (Autopilot) 

0.  01 

0.  5 

0.  1 

1 

Angular  Hate  Sensor  (Inertial) 

0.  01 

1.0 

5.  0 

2 

Accelerometer 

0.  003 

0.  5 

0." 

1 

Attitude  Gvro 

0.01 

1.0 

5.  s. 

2 

Attitude  Hate 

0.  05 

1.0 

0.2  5 

2 

Altimeter 

0.03 

2.  0 

0.  5 

2 

Vortical  Gvro 

0.20 

12. 0 

20.  0 

2 

Force  Sensor 

0.  02 

1.  5 

0.25 

1 

Data  Processing 

Amplification  - Summing  (opl.  ampl) 

0.  005 

0.  25 

0.2 

1 

- Gain  Scheduling 

0.005 

0.25 

0.2 

1 

Amplifier  Basic  Single  Stage 

0.001 

0.01 

0.  001 

1 

Function  Generator  (10  ampl.  elem.  ) 

0.  01 

0.  5 

0.  5 

2 

Division  (1  fun.  gen.  * 1 gain  sch.  ) 

0.015 

0.  75 

0.  7 

2 

Synchronizer  (2  opl.  ampl.,  1 act.,  port,  potl 

0.03 

1.0 

0.  5 

2 

Schmitt  Trigger  (ft  eleni,  ) 

0.001 

0.2 

0.05 

1 

Bmnrv  Counter  (SR  elem.  I 

0.  003 

0.  5 

0.25 

1 

Trim  Valve 

0.003 

0.25 

0.20 

1 

Integrator 

0.  005 

0.  40 

0.25 

1 

Analog-to-  Digital  Converter  (30  elem.  ) 

0.  001 

0.  08 

0.  30 

2 

Direction  Cosine  Computer  (0000  elem.  ) 

0.  173 

15.  0 

60.0 

2 

Navigation  Computer  (1  500  elem.  ) 

0.043 

3.  75 

15,0 

2 

Clock  - Sequencing  (1300  clem.  I 

0.030 

3.  25 

13.0 

2 

Digital-to-  Analog  Converter  (15  elem.  ) 

0.  001 

0.  10 

0.  15 

2 

Display 

On-off  Switch 

0.  003 

0.  25 

0.25 

1 

On-off  Indicators 

0.  001 

0.  05 

0.  10 

1 

Analog  Indicators 

0.  0! 

0.  50 

1.0 

1 

Dinar*.  - Decimal  C'onv.  (!00  elem.  > 

0.  003 

0.  2 5 

1.0 

1 

Alpha-Numeric  Display  (100  indicators! 

0.  01  5 

1 . 0 

10.0 

1 

Null  Indicator 

0.  02 

0.  5 

0.2  5 

I 

ScjIc*<  ti>«n  Switches 

0.  003 

0.  2 5 

0.  2 5 

1 

Control 

Servo  Actuator 

0.  08 

5.  0 

5.  0 

1 

Hcaction  .1  et 

0.  01 

1. 0 

6.  0 

1 

Power  Actuators 

0.  08 

n.  C 

5,  0 

1 

Transducers 

Electrical- to-tJas 

0.  005 

0.  25 

0.  25 

1 

Has- to-  Electrical 

0.  003 

0.  10 

0.  25 

1 

( ias  - to- 1 .iqmd 

o.  oo :> 

o.  r» 

0.  2 5 

1 

Electrical  - to  - l.iquid 

0.  00: s 

o.  :> 

0.  2.5 

1 

fU  utY\ ••/s'.*. 


7.  Environmental  test  specifications  such  as  MIL-E-5272,  MIL-F-8615,  MIL-E-5400,  or  MIL- 

STD-810. 
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9-6.5  EXAMPLE  OF  A HELICOPTER  FLUIDIC 
SYSTEM 

The  example  system  in  this  paragraph  provides  a 
basis  for  understanding  how  fluidic  components  can  be 
incorporated  into  systems.  A three-axis,  hydrofluidic 
stability  augmentation  system  (SAS)  is  shown  in  Fig. 
9-55.  The  yaw  axis  portion  of  Fig.  9-55  has  been  se- 
lected as  the  example  system  and  represents  third-gen- 
eration hardware;  an  experimental  model  was  demon- 
strated in  the  laboratory  in  1966  (Ref.  6),  system 
reliability  (38,000  hr  MTBF)  was  demonstrated  in  1967 
(Ref.  7),  and  a successful  flight  test  of  a flightworthy 
model  was  conducted  in  1968  in  a UH-1C  helicopter 
(Refs.  3 and  8). 

9-6.5. 1 System  Design  Requirements 

The  function  of  the  yaw  SAS  is  to  increase  the  heli- 
copter yaw  axis  damping  ratio  from  about  0.30  unaug- 
mented to  0.6  or  greater  without  opposing  the  pilot's 
commands  during  maneuvers.  The  yaw  axis  was 


analyzed  without  the  mechanical  stabilizer  as  part  of 
the  basic  vehicle. 

The  yaw  rate  feedback  is  high-passed  to  allow 
steady-state  turns  without  the  SAS  fighting  the  pilot. 
System  authority  of  25%,  20%  linearity,  and  a thresh- 
old of  0. 1 deg/sec  were  specified.  Fig,  9-56  presents  the 
analytical  block  diagram,  and  Fig.  9-57  shows  the  yaw 
axis  response  requirements.  Detailed  analysis  and  de- 
sign information  can  be  obtained  from  Ref.  9.  The 
system  was  mechanized  to  meet  the  stated  require- 
ments. 

9-6.S.2  System  Mechanization 

Fig.  9-58  is  a schematic  diagram  of  the  resultant 
system  mechanization.  The  system  is  basically  a simple 
high-passed-rate  loop  with  pedal  position  input.  Fig. 
9-59  shows  assembled  and  exploded  views  of  the  yaw 
axis  hardware.  As  shown  in  Figs.  9-58  and  9-59,  the 
yaw  axis  SAS  consists  of  (1)  a vortex  rate  sensor,  (2) 
four  fluidic  amplifiers,  (3)  a high-pass  circuit  and  lag 
circuit,  (4)  the  pilot  input  device,  (5)  a servoactuator, 
and  (6)  power  supply  elements  (not  shown).  Builtin- 


TABLE  9-6 

FLUIDIC  COMPONENT  ENVIRONMENTAL  CAPABILITY  (PNEUMATIC) 
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TABLE  9-7 

FUNCTION  FEASIBILITY  RATINGS 


Parameter 


Sensing 


N ovt 


Data 

Processing 


In  10 
Years 


Display 


Now 


Years  3:  No 


Overall 
Rating 
1 : Now 
2:  in  10  years 


Engine  Control 

Load  Management 
Gas  Generator  Control 


Fuel  Management 

Pressure  Operation 
Quantity  Control 


Flight  Control 
Manual  Control 
Stabilization 
Pilot  Assist 
Hover  Position  Control 
Automatic  Modes 


Guidance 

Navigation 

Steering 


Ext.  Envir.  Monitoring 
Air  Data 

Terrain  Following 
Formation  Flight 
Wire/Obstacle  Det. 
Proximity  Warning 


Target  Det.  and  ACQ 


IFF 


Fire  Control 

Aiming 

Firing 

Weapons  Readiness 
Maneuver  Prediction 


Weapon  En.  Route  Delivery 

Command  Techn. 

Homing  Techn. 

I.  P.  Following  Techn. 


Target  Damage  Asses. 


Surveillance  and  Penetr. 


Protection 

Armor 

Radiation  Warning 


Communications 


Auxiliary  Equip. 

Power  - fluidic  * 
Safety 


Dependability 

Monitoring 
Inflight  Repair 


Availability 

Preflight  Checkout 
Ground  Maintenance 


COURTESY  Of-  HONEYWELL.  INC  . 1971 
NOTE:  X denotes  "feasibility" 

Blank  denotes  "no  feasibility" 
NA  denotes  "not  applicable" 


NA 

NA 

X 

X 

X 

X 

X 

X 

X 

NA 

NA 





„ „ _ 

X 

X 

X 

NA 

X 

X 

NA 

X 

X 

NA 

NA 

NA 

X 

NA 

NA 

test  (BIT)  and  rate  sensor  null-adjustment  screws  are 
visible  between  the  two  amplifiers  in  Fig.  9-59. 

The  top  and  bottom  cover  plates  are  of  a sandwich 


construction.  These  covers  have  a center  core  with 
channels  on  each  side.  Thin  sheets  of  metal  are  bonded 
to  the  center  case,  resulting  in  permanently  sealed 
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manifold  plates.  Electroformed  (electroplating  over 
conductive  wax  amplifier  castings)  fluidic  amplifiers 
are  bolted  to  the  manifolds.  The  center  plates  contain 
the  rate  sensor  and  shaping  network  capacitors  (bel- 
lows) and  resistors  (orifices)  built  in  as  integral  parts. 
External  sealing  is  accomplished  with  O rings  or  with 
the  permanent  bonding. 


9-6.B.3  Component  Description 

i 

Basic  components  of  the  type  used  in  the  example  v 
system  are  described  in  further  detail  in  Cl  pter  9, 
AMCP  706-202.  Many  other  component  types  exist 
and  much  descriptive  information  exists  (Refs.  7,  10, 
and  1 1).  Tables  9-4  and  9-5  present  component  physical 
details. 


Fig.  9-55.  Three-axis  Hydrofluidic  Stability  Augmentation  System 


K,  -l.Si),  /i  m=  MANUAL 

' ' '■  s = SERVO 

T 1.0  « aug  =AUGME  NT  AT  ION  SV  ST  E M 

PEDAL  SENSITIVITY  2 deg  OF  TAIL  ROTOR/ in  PEDAL 

PEDAL  TRANSDUCER  = LONG  TERM  HIPASS  TRIM  - 20  sec  , NONLINEAR  NULL  SLOPE  OF  0.5 


Fig.  9-56,  UH-1B  Yaw  SAS  Analytical  Block  Diagram 

9-52 


iiHiiliajiifcgliMiMiM m m 


■ ■■  


ri“  ; rflt*yvrrrv«..''  »w 


AMCP  706-201 


m 


HI  PASS 
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HI  PASS  AMPLIFIER 


PREAMPLIFIER 


RATE  SENSOR  VORTEX  SECONDARY  SINK 
REGION  OUTLET 

1/1/1/ 


Fig.  9-S9.  Hydraulic  Yaw  Stability  Augmentation  System 
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TABLE  9-8 

COMPARISON  OF  ELECTRONIC  AND  HYDROFLUIDIC  SAS 


PARAMETER 

HYDROFLUIDIC 

ELECTRONIC 

PERFORMANCE 

SUITABLE 

SUITABLE 

RELIABILITY  (MTBFr.t# 

89.000 

3.500 

VOLUME,  in?- 

SO 

113 

WEIGHT.  lb 

10.0 

11.2 

COST  EST.  S 

2.000 

3.500 

POWER.  W 

500" 

250-eauiv 

POES  NOT  INCLUDE  ACTUATOR 

BASED  ON  »/.»  Of  •■CT.FR  TOR  THE  3 AXIS  SAS  ShOVLN  IN  TIG.  •*-  ES 
r.S  a»->  .it  A SINGE'- AXIS  >»STE\*  AOUlD  HAVE  TO  “AVF  A Dll 

T ERENT  1*0.'. ErT  SL‘<**L»  SXSTEV  TO  REAICE  T«!S  *Nr.'.E°  LEVEL  St  F i*A-'  '*  •.  t 


9-6. 5.4  Comparison  With  Equivalent 
Electronic  System 

Table  9-8  presents  comparison  data  for  the  example 
system  and  an  equivalent  electronic  single-axis  SAS. 
Although  the  comparison  is  with  a hydrofluidic  sys- 
( tern,  similar  results  would  be  obtained  using  pneumatic 
fluidic  systems  when  compensation  techniques  have 
been  developed  allowing  their  use. 

In  general,  when  comparing  simple  electronic  and 
fluidic  systems  for  near-term  use,  a good  guideline  is 
that  the  fluidic  system  has  the  advantage  in  areas  of 
reliability  and  maintainability,  while  the  electronic  sys- 
tem has  the  advantage  in  areas  of  flexibility  (use  ir, 
different  vehicles),  power,  accuracy,  and  low  develop- 
ment risk. 

9-6.5.5  Flight  Test 

Fig.  9-60  presents  the  results  of  a flight  test  on  sec- 
ond-generation hardware.  Because  this  system  did  not 
have  a pilot  pedal  input  transducer,  the  ~tin  was  ad- 
justed to  give  a compromise  between  hover  and  high- 
speed operation  (Ref.  8). 

9-6.6  AUXILIARY  EQUIPMENT 

This  paragraph  describes  techniques  of  operating 
fluidic  systems  with  onboard  power  supplies  (jet  engine 
compressor  discharge  for  pneumatic  fluidics  and  hy- 
draulic oil  for  hydrofluidics)  and  interfacing  with  other 
electronic  equipment. 

9-6.6. 1 Power  Supplies 

An  important  feature  of  fluidic  technology  is  the 
ability  to  operate  with  different  fluids.  This  makes  the 


fluid  system  versatile  and  useful  in  many  different  ap- 
plications. The  more  probable  helicopter  power  sources 
discussed  herein  already  have  been  used  for  a number 
of  flight  tests,  such  as  compressor  bleed  (Refs.  2.  12. 
and  13),  and  hydraulic  oil  (Refs.  8 and  9).  Pneumatic 
pumps  also  have  been  used  as  the  power  source  for 
several  flight-tested  systems  (Refs.  14  and  15). 

9*6.6. 1.1  Pneumatic  Power 

Energized  fluid,  in  the  form  of  pressurized  and 
heated  air,  can  be  extracted  from  the  compressor  sec- 
tion of  the  turbine  engine.  Compressor  bleed  also  may- 
be used  to  drive  auxiliary  equipment  and  for  anti-icing 
of  the  engine  inlet  section. 

For  systems  using  gas  from  a central  source,  contam- 
ination should  be  the  first  consideration.  Gas  passages 
in  fluid  amplifiers  used  in  the  logic  circuits  necessarily 
are  small;  therefore,  these  gas  passages  are  subject  to 
the  collection  of  foreign  matter  that  can  cause  a change 
in  operating  characteristics  and  eventually  may  create 
a complete  blockage. 

In  terms  of  both  power  output  and  fuel  consumption, 
performance  of  the  turboshaft  engine  can  be  affected 
adversely  by  compressor  bleed.  Therefore,  this  power 
source  should  be  considered  for  a fluidic  system  only 
if  the  mass  flow  required  is  small.  The  system  charac- 
teristics are  fundamentally  the  same  whether  the  pres- 
surized air  is  supplied  by  a separate,  shaft  -powered  com- 
pressor or  pneumatic  pump.  However,  the  latter,  in 
addition  to  being  a more  efficient  use  of  the  helicopter 
power  plant,  also  permits  greater  flexibility  in  selection 
and  control  of  the  air  pressure.  For  example,  use  of 
Compressor  bleed  for  a fluidic  (light  control  system  w ill 
be  altitude  limited,  because  the  compressor  discharge 
pressure  drops  to  quite  low  levels.  Pressure  levels  \uiia- 
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ble  for  helicopter  flight  control  applications  may  be 
available  to  an  altitude  of  20, (XX)  ft,  but  the  effect  of 
bleeding  an  adequate  volume  of  air  at  this  altitude  may 
result  in  an  unacceptably  high  reduction  of  shaft  power 
available  for  helicopter  propulsion. 

Because  an  aircraft  flight  control  system  must  func- 
tion equally  well  at  all  altitudes,  discharge  conditions 
of  the  fluid  system  must  be  considered.  Discharge  from 
a bleed-powered  system  will  be  expelled  to  the  atmos- 
phere. Atmospheric  discharge  conditions  vary  with  al- 
titude and,  therefore,  mass  flow  rate  through  the  fluid 
system  will  vary  even  if  the  upstream  pressure  and 
temperature  are  controlled.  Thus,  some  form  of  regula- 
tion must  be  provided  on  the  overboard  discharge  side 
of  the  fluid  flight  control  system.  A sonic  otifice  (such 
as  a venturi)  will  provide  a constant  mass-rate  dis- 
charge. Fig.  9-61  is  a schematic  of  a power  conditioner 
used  in  a flight  test  program  (Refs.  2 and  13). 

If  the  source  of  pressurized  air  is  a separate  compres- 
sor rather  than  engine  compressor  bleed,  the  system 
may  be  closed  loop.  In  such  a case,  the  discharge  will 
not  be  overboard  but  will  be  to  the  inlet  side  of  the 
compressor.  This  system,  then,  will  be  less  altitude- 
sensitive.  Such  a system  would  be  similar  schematically 
to  one  using  hydraulic  power,  which  is  described  subse- 
quently. 


9-6.6. 1.2  Hydraulic  Power 

An  existing  hydraulic  power  system  is  an  obvious 
candidate  as  a power  source  for  a hydrofluidic  control 
system.  However,  existing  hydraulic  power  systems, 
for  optimum  overall  efficiency,  provide  high  pressure 
and  low  flow  rates.  Fluidic  controllers,  on  the  other 
hand,  require  relatively  large  quantities  of  low-pressure 
flow,  e.g.,  2.0  gpm  at  a differential  pressure  of  25  psi. 
Several  types  of  hydraulic  circuits  are  suitable  for  pro- 
viding the  required  control  power. 

For  some  applications,  the  fluidic  control  system  has 
been  used  in  series  with  the  powered  servoactuator. 
This  arrangement,  shown  schematically  in  Fig.  9-62 
reduces  overall  power  requirements.  Such  a system 
(three  controllers,  three  servoactuators,  one  flow  con- 
trol, and  one  priority  valve)  has  been  tested  (Ref.  9)  and 
no  interaction  of  the  separate  circuits  occurred. 

Another  approach  is  shown  in  Fig.  9-63.  Here  a jet 
pump  is  used  as  an  active  throttling  device  to  produce 
a secondary,  or  control  system,  flow  at  reduced  pres- 
sure and  increased  rate.  Other  throttling  devices  obvi- 
ously are  possible,  but  this  type  is  preferable  because  it 
provides  higher  efficiency  than  do  orifices,  nozzles,  or 
pressure-regulating  valves.  In  fact,  the  efficiency  level 
is  sufficiently  high  to  make  the  jet  pump  arrangement 
preferable  to  a system  using  an  additional  low-pressure 
pump  in  any  case  in  which  the  actuator  power  require- 
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Fig,  9-60.  Flight  Test  Results  of  Engineering  Model  Hydraulic  Yaw  SAS  Flown 
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Fig.  9-61.  Fluidic  Computer  Power  Supply  System 
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merits  arc  high  enough  to  justify  a high-pressure  (3000 
psi)  pump. 

Unlike  the  compressor  bleed-powered  system,  the 
hydraulic-powered  systems  operate  as  closed  systems. 
Changes  in  altitude,  therefore,  will  not  affect  hydraulic 
fluid  flow  rates. 

9-6.6.2  Transducers 

It  is  probable  that,  except  for  simple  applications, 
interfacing  will  be  required  among  fluidic,  electrical, 
and  mechanical  portions  of  a total  helicopter  system. 
As  with  actuators,  it  is  expected  that  conventional 
transducers,  or  slight  modifications  thereof,  will  suffice 
for  the  majority  of  helicopter  applications;  no  difficulty 
is  seen  in  providing  these  interfaces.  Table  9-9  presents 
typical  analog  and  digital  fluidic/electrical  and  elec- 
trical/fluidic transducers  presently  available. 

9-7  ENVIRONMENTAL  CONTROL 
SYSTEMS 

9-7.1  GENERAL 

In  providing  an  environmental  control  system  (ECS) 
for  a helicopter,  a primary  consideration  is  its  integra- 
tion with  the  airframe,  the  propulsion  unit(s),  and  the 
secondary  power  system. 

Helicopters  in  the  current  inventory  use  heating  and 
ventilating  systems  for  personnel  anti  avionic  environ- 
mental control  purposes.  Avionic  components  are 


located  and  operated  in  a manner  to  insure  that  their 
rated  maximum  operating  temperatures  are  not  ex- 
ceeded when  using  interior  ventilation  for  cooling. 
Avionic  equipment  has  been  affected  by  high  humidity, 
ambient  temperature,  and  sand  and  dust  contamina- 
tion. Crews  must  perform  continuously  for  many  hours 
in  these  environments,  which  tends  to  reduce  their  effi- 
ciency. For  these  reasons,  in  helicopters  under  develop- 
ment and  those  envisioned  for  future  applications,  over- 
all environmental  control — including  air  conditioning 
for  both  heating  and  cooling — is  receiving  considerable 
attention. 

For  worldwide  combat  operational  capability,  ECS 
provisions  (heating,  cooling,  and  ventilating)  shall  be 
specified  for  personnel  and  equipment  compartments. 
Complete  ECS  s for  troop  and/or  cargo  compartments 
can  be  justified  when  it  becomes  more  cost-effective 
than  a simple  heating  and  ventilating  system  or  when 
a special  mission  requirement  must  be  met. 

A preliminary  design  of  an  ECS  must  include  the 
following  studies,  which  are  discussed  in  detail  in  sub- 
sequent paragraphs: 

1.  Design  requirements 

2.  Conceptual  development  and  synthesis 

3.  Trade-off  studies  and  selection. 

Optimization  involves  a reiterative  cost-effectiveness 
evaluation  of  the  possible  combinations  of  main  and 
secondary  power  generation,  functional  equipment  ar- 
rangements, and  equipment  interfaces  with  the  air- 
frame. As  a major  helicopter  subsystem,  the  ECS  influ- 
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TABLE  9-9 

TYPICAL  TRANSDUCER  CHARACTERISTICS 


PARAMETER 

FLUIDIC/ELECTRICAL 

ELECTRICAL/FLUIDIC 

DIGITAL 

ANALOG 

DIGITAL 

ANALOG 

SWITCHING  SPEED 

10  msec 

1 .6  msec 

SWITCH  LEVEL 

-0.5.+C.15  psi 

. , 

•=  AMPERAGE 

20  A 

0.25  W''^  12  V DC 

SCALE  FACTOR 

40  mV/psi 

0.1  psi  'V 

3 LINEARITY 

0.5V  FJLL  SCALE 

2*.  FULL  SCALE 

? RANGE  POWER 

0.5  TO  lOOpsi 

0.5  TO  1.0  psi 

POWER 

10  V .'■■■  35  m A 

4 V, ' 20  mA 

RESPONSE 

*100  Hz 

15  Hz 

SWITCHING  SPEED 

5 msec 

1.8  msec 

SWITCH  LEVEL 

0.5  TO  100  psi 

n AMPERAGE 

7 A 

0.25  W°>  12  V DC 

^ SCALE  FACTOR 

40  mV/psi 

O.OOlSin.Vsec/mA 

g LINEARITY 

0.5V  FULL  SCALE 

<7V FULL  SCALE 

£ RANGE 

0.5  TO  100  psi 

10  psi  (diff) 

POWER 

iOV  •;  35  »iA 

10  mA 

RESPONSE 

>100  Hz 

125  Hz 

ences  and  is  influenced  by  the  balance  of  the  secondary 
power  system  (SPS)  and  the  main  power  subsystems. 
As  such,  the  most  appropriate  ECS  for  a particular 
helicopter  will  be  the  result  of  cost-effectiveness  analy- 
ses of  the  system  with  regard  to  its  role  in  the  total 
secondary  power  system. 

9-7.2  DESIGN  REQUIREMENTS 

Generally,  goals  relating  to  reliability,  maintainabil- 
ity, survivability,  and  vulnerability  are  dictated  by  the 
helicopter  design  criteria  and  mission  objectives.  In 
addition,  system  loads  and  operational  performance 
requirements  must  be  established  for  the  design  mission 
profiles. 

With  the  possible  exception  of  pressurization,  ECS 
redundancy  for  personnel  conditioning  usually  is  not 
considered  a requirement.  However,  redundancy  for 
avionic  equipment  conditioning  might  be  essential  to 
mission  safety.  This  requirement  will  depend  upon  the 
high-temperature  operational  characteristics  of  the 
equipment,  and  mission  durations  also  must  be  consid- 
ered. 

Maintainability,  survivability,  and  vulnerability  de- 
sign requirements  affect  equipment  location,  access 
provisions,  protective  implementations,  and,  in  some 
cases,  the  type  of  ECS  permitted  in  the  design. 

ECS  operational  performance  and  system  loads  are 
dependent  upon  mission  environments  and  durations; 


physiological  (crew),  component  (avionics),  special 
cargo  requirements,  and  compartment  configurations. 
Crew  station  environmental  requirements  are  pre- 
sented in  par.  13-3.2.3.  These  are  defined  not  on 
the  basis  of  providing  crew  comfort  but  are  the  maxi- 
mum acceptable  environmental  limits  before  serious 
crew  performance  decrements  are  likely  to  occur. 
Avionic  cooling  requirements  shall  be  in  accordance 
with  MIL-E-5400.  Applicable  climatic  conditions  for 
worldwide  operations  are  given  in  MIL-STD-210  and 
in  AR  70-38. 

Heating  and  cooling  loads  are  dependent  upon  cli- 
matic conditions,  compartment  requirements,  heat 
generation  within  controlled  zones,  and  heat  flux 
through  compartment  structures. 

In  determining  the  ECS  load  requirements,  it  is  nec- 
essary to  evaluate  the  conditions  under  which  the  heli- 
copter will  perform  its  mission.  Variations  of  allowable 
internal  temperatures  must  be  considered  with  refer- 
ence to  external  temperatures,  velocities,  and  altitudes, 
which  affect  both  thermal  load  and  available  ECS 
capacity.  Critical  conditions  and  requirements  can  be 
derived  from  MIL-E-38453  or  par.  13-3.2.3.2  for  the 
particular  helicopter  mission. 

A typical  helicopter  cockpit  is  shown  in  Fig.  9-64, 
which  illustrates  the  various  elements  that  comprise  the 
total  steady-state  ECS  load.  T ransfer  of  heat  occurs  by 
convection,  radiation,  and  conduction  in  the  following 
matiiiti : 
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The  heat  transfer  QfS through  external  compartment 
surfaces  consists  of  two  terms — heat  (low  through  the 
(Jc  = 0f.s  * 0/s  + 0Si  + t-V  + On  + 0/  . Btu/hi  (9-16)  walls  and  structural  elements,  and  internal  convection. 

Thus, 

where 


Qc  = total  compartment  thermal 

ijIS  = i.ur.  r i +(?//t )_.y< 7;  /;.)  .Btu/hr  (9-17) 

load,  Btu/hr 

Qes  = heat  transfer  through  external 

compartment  surfaces,  Btu/hr 

Q,s  — heat  transfer  through  internal 

compartment  surfaces,  Btu/hr 

where 

Qsl  — solar  heat  load,  Btu/hr 

U = overall  surface  conductance. 

Qf  = personnel  heat  load,  Btu/hr 

Btu/hr-°F-ft: 

| Qil  = heat  infiltration  or  leakage. 

A - surface  area,  ft: 

Btu/hr 

(UA),i  = effective  conductance  of  fins. 

| Qe  = electrical  heat  load,  Btu/hr 

etc.,  Btu/hr-°F 

i Normally,  helicopter  flight  profiles  are  subsonic  and 

T\  = average  compartment  air 

below  50,000  ft  altitude.  As  such,  skin  temperatures 

temperature,  °F 

! simply  are  equal  to  the  ram  air  temperature. 

T,.  — external  surface  temperature,  T 
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The  equation  accounts  for  basic  conductive  and  con- 
vective heat  transfer  (wall  construction  and  material 
characteristics)  and  fin  effects. 

Total  heat  transfer  Q/s  through  internal  compart- 
ment surfaces — such  as  floors  and  bulkheads  attached 
to  the  helicopter  skin — is  the  sum  of  the  heat  flow 
through  these  surfaces  and  is  expressed  by  the  equa- 
tion: 


QIS  = UA(T,  - Ta)  + (VA )eh(Teff  - T , ) , Btu/hr  (9- 1 8) 


where 

( UA)rd  = effective  conductance  of 
bulkhead,  Btu/hr-°F 

Ta  = average  air  temperature  of 
adjacent  compartment,  °F 

T'ff  — effective  temperature  of 
bulkhead,  °F 

The  amount  of  solar  radiant  energy  QSL  transmitted 
through  transparent  surfaces  is  given  by: 

QSL  = - rGtAP  ’Btu/hr  (9'I9) 

where 

t = transmission  factor  for 
transparent  surfaces, 
dimensionless 

G,  = solar  radiation  intensity, 
Btu/hr-ft2 

Ap  = projected  area  of  transparent 

surface  normal  to  sun’s  rays,  ft2 
Fig.  9-65  describes  solar  heat  transmission  through  a 
transparent  material  for  a range  of  surface  thicknesses. 

Normally,  for  preliminary  estimates  of  heat  loads, 
heat  loss  rates  H of  400  Btu/hr  are  used  for  each  crew 
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Fig.  9-65.  Solar  Transmission  Factor  for 
Transparent  Areas 


member  and  300  Btu/hr  for  a passenger,  recognizing 
the  different  levels  of  activity.  The  resulting  load  Q,,  can 
be  expressed  as: 

Qp  = (- HM)crew  + (~~m)  passenger 

= - 4Q0NcreW  - ^passenger  .Btu/hr  (9-20) 

where 

jV  = number  of  persons 
H — heat  loss  per  person,  400 

Btu/hr  for  crew  members  and 
300  Btu/hr  for  passengers 
Infiltration  loads  Q,  caused  by  air  flowing  into  the 
compartments  of  nonpressurized  helicopters  may  be 
estimated  from  the  following  relationship: 

QrW^Tc-Te)  ’Btu/hr  (9'2l) 

where 

W,  ~ infiltration  airflow  rate,  lb/hr 
cf  — specific  heat  of  air  at  constant 
pressure,  Btu/lb-°F 

Moisture  also  must  be  considered;  i.e.,  the  heat  of  con- 
densation of  the  H?0  vapor  may  constitute  as  much  as 
80%  of  the  ECS  heat  load.  Leakage  loads  QL  from 
pressurized  compartments  may  be  estimated  from  the 
following  relationship: 

Ql  = Wj  Cp{Ta  - Tc)  , Btu/hr  (9-22) 
where  the  leakage  airflow  rate  WL  is 

WL  = 0.07  VL2n  + 0.05  , lb/hr  (9-23) 

Eq.  9-23,  defining  leakage  flow  rate  WL  as  a function 
of  the  volume  VL  of  the  adjacent  pressurized  compart- 
ment, is  empirical  and  its  use  is  described  in  MIL-E- 
38453. 

The  probability  of  infiltration  and  leakage  occurring 
in  the  same  compartment  is  highly  unlikely. 

The  heat  load  caused  by  electrical  units  Qe  is  a func- 
tion of  the  power  consumed  by  the  avionic  and  electri- 
cal equipment.  The  conversion  of  electrical  power  Pc  in 
watts  to  Btu/hr  is  given  by: 

Qe  = - 3.4 1 5Pe  , Btu/hr  (9-24) 

(The  procedure  for  determining  steady-state  compart- 
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ment  ECS  loads  is  a condensation  of  that  described  in 
Ref.  16.)  A sample  calculation  of  heat  loads  is  included 
in  Chapter  13,  AMCP  706-202. 

9-7.3  CONCEPTUAL  DEVELOPMENT  AND 
SYNTHESIS 


The  development  of  candidate  secondary  power  sys- 
tem concepts  must  include  consideration  of  the  ECS 
technology  available.  As  a major  part  of  the  secondary 
power  system,  each  ECS  concept  must  meet  certain 
performance  and  cost-effectiveness  objectives.  The  im- 
pact of  system  losses  on  size,  weight,  and  cost  of  the 
conversion  components,  which  must  be  operated  from 
an  engine  and/or  APU  power  source,  is  of  primary 
importance  in  developing  comparative  factors.  Poten- 
tial economic  benefits  can  be  derived  by  having  some 
degree  of  commonality  in  subsystem  generation  equip- 
ment and  in  power  transport  media. 

It  is  important  to  recognize  the  impact  of  the  ECS 
upon  power  requirements  to  avoid  undue  penalties  in 
size  and  installed  power,  particularly  when  using  an 
APU  as  the  source  of  power.  Operational  methods 
should  be  considered,  and  it  may  be  necessary  to  limit 
conditioning  capacity  for  ground  operation  to  selected 
compartment  areas. 

Primary  sources  of  air  for  helicopter  ECS  are  engine 
bleed,  APU  bleed,  and  fan-delivered  outside  ambient 
air.  Adequate  precautions  shall  be  taken  to  insure  that 
locations  of  the  engines  and  air  inlets  will  minimize  the 
possibility  of  ingesting  contaminant  vapors  from  fuel 
expulsion  exits,  oil  drains,  gunfire  exhausts,  engine 
and/or  APU  exhausts,  etc. 

Appropriate  ECS  subsystems  that  should  bt  :,v 
gated  for  possible  integration  are: 


1.  Distribution  systems 


2.  Heating  and  ventilation  systems 

a.  Blowers  and  ejectors 

b.  Bleed  air  heating 

c.  Electric  heaters 

d.  Combustion  heaters 


3.  Air-cycle  systems 

4.  Vapor-cycle  systems 

5.  Thermionic  cooling  (avionics) 

6.  Combination  vapor-  and  air-cycle  systems. 


9-7.3. 1 Distribution  Systems 

Distribution  systems  will  affect  operation  of  the  ECS 
as  well  as  personnel  comfort,  equipment  operation, 
size,  cost,  envelope,  and  power  requirements  of  the 
conditioning  equipment.  Fig  9-66  depicts  a typical  dis- 
tribution system  at  a personnel  flight  station. 
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The  detailed  environmental  requirements  that  must 
be  met  for  personnel  compartments  are  listed  in 
MIL-E-38453  or  par.  13-3.2.3.2.  The  Specification  dis- 
cusses allowable  interior  wall-to-air  temperature  differ- 
ences, air  temperature  gradients  within  the  compart- 
ment, and  maximum  air  velocities  impinging  upon 
personnel.  Appropriate  values  of  these  p?  '~ters  will 
govern  the  number,  size,  and  direction  ( outlets 

and  the  amount  of  airflow  through  eat  t in  ac- 
cordance with  the  heat  flux  being  injecte  -i.,o  the  a'ea. 
Ducts  interconnecting  the  outlets  with  the  ECS  condi- 
tioning equipment  should  be  sized  for  minimum  power 
loss  (velocity,  bends,  roughness,  etc.),  inasmuch  as  this 
loss  can  increase  the  size  of  required  ECS  equipment. 
The  distribution  power  loss  Plo„  can  be  expressed  in 
terms  of  airflow,  specific  volume,  and  pressure  loss  as 
follows: 


rloss  = °-7273  x 10  'AKv\^d  ~pJ  >hP  (9'25) 


where 

Wu  — airflow  rate  entering  air-cycle 
machine  or  distribution  system, 
lb/hr 


v,  = specific  volume  of  air  at  exit  of 
conditioning  equipment,  ftVlb 
p,.  =-  compartment  pressure,  psi 
pd  — conditioning  equipment  exit 
pressure,  psi 

7273  X 10  4 = constant  for  conversion  of 
units 

r ■ drop  characteristics  are  determined  by  the 
sumrr  “ the  pressure  losses  developed  in  each 

panic,  i it  of  the  system — such  as  exit  nozzles, 

ductiiig,  now  balance  orifices,  bends,  turns,  expansion 
joints,  and  manifolds.  Equations,  computation  meth- 
ods, and  configuration  factors  of  applicable  arrange- 
ments can  be  found  in  various  publications  such  as 
those  listed  in  Refs.  17,  18,  and  19. 


9-7. 3. 2 Heating  and  Ventilating  Systems 

Separate  heating  sy  stems  must  be  incorporated  on  all 
helicopters  not  equipped  with  total  ECS.  Applicable 
heating  systems  are: 

1 . Bleed  air  heating 

2.  Electrical  heaters 

3.  Combustion  heaters. 

Because  fresh  air  ventilation  is  a requirement  on  all 
helicopters,  a source  exists  for  providing  air  to  the  heat- 
ers. Mission  characteristics,  particularly  hover  opera- 
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Fig.  9-66.  Flight  Station  Air  Distribution  Schematic 


tion,  usually  prevent  the  use  of  ram  air  techniques  and 
require  the  use  of  blowers  or  ejectors  to  draw  fresh  air 
through  the  conditioning  equipment  and  the  distribu- 
tion systems.  Both  the  blower  and  the  ejector  can  in- 
troduce high  ioise  levels,  especially  when  high  rotating 
speeds  or  high  velocities  are  used  for  the  purpose  of 
minimizing  size  and  weight.  Complicated  muffler  de- 
vices that  attenuate  the  noise  generated  by  the  blower 
or  ejector  might  be  required  to  eliminate  an  intolerable 
condition  in  the  compartment. 

Avionic  compartments  can  be  designed  to  accept 
cockpit-conditioned  air  at  proper  locations  and  quanti- 
ties to  cool  the  components;  the  air  subsequently  can  be 
ejected  from  the  helicopter  by  an  exhaust  blower  or  fan. 
Power  requirements  are  based  upon  the  efficiency  rj,of 
the  fan  or  blower,  the  volumetric  flow  rate  Wav{  and  the 
pressure  head  Ap  developed,  where  the  fan  power  /’. 
is  given  by: 

0.7273  X 10 

V IT, ' 261 


Methods,  formulas,  and  characteristics  of  various  axial 
and  centrifugal  blowers  or  fans  and  ejector  designs  are 
described  in  Refs.  18.  Id.  and  20. 


Bleed  air  can  be  used  simply  and  inexpensively  in 
heating  systems.  Heat  may  be  injected  directly  into  the 
airflow  using  an  ejector  to  power  and  mir.  hot  bleed  air 
from  an  engine  or  APU.  Usually  a blower  is  used  to 
provide  the  circulating  air  supply.  Simple  control  sys- 
tems can  be  devised  to  modulate  the  quantity  of  hot  air 
necessary  to  meet  the  compartment  temperature  re- 
quirements. 

Electrical  and  combustion  heaters  can  be  used  as 
heat  sources.  Electrical  heaters,  although  very  efficient 
in  operation,  can  impose  severe  weight  and  power  pen- 
alties upon  the  electrical  power  generating  equipment. 
Control  systems  can  be  relatively  simple  and  inexpen- 
sive. and  can  provide  complete  and  rapid  heat  rate 
modulation  for  accurate  temperature  control. 

Combustion  heaters,  while  imposing  minimal  re- 
quirements on  secondary  power  generation  equipment, 
present  disadvantages  because  of  the  need  of  a fuel 
supply  and  a control  system.  Location  of  the  equipment 
is  of  utmost  importance,  not  only  to  minimize  fuel 
transport  lines,  but  to  minimize  infrared  signature. 
Methods  must  be  incorporated  to  insure  that  this  signa- 
ture level  is  consistent  with  mission  requirements. 

Often,  it  is  preferable  to  provide  heating  in  the  form 
of  a removable  winterization  kit.  llv  this  means,  u is 
possible  to  avoid  penalizing  the  payload  aml/or'pi'r- 
formanee  of  the  helicopter  with  the  weight  of  healing 
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equipment  during  operation  in  those  climatic  environ- 
ments where  heating  is  not  required.  This  alternative 
may  be  specified  by  the  procuring  activity,  depending 
upon  anticipated  utilization  of  the  helicopter.  If  not  so 
specified,  it  still  may  be  shown  to  be  preferable  as  a 
result  of  trade-ofT studies  during  the  preliminary  design 
phase. 

9-7.3.3  Air-cycle  Systems 

Complete  cooling,  heating,  and  ventilating  ECS 
functions  can  be  achieved  by  air-cycle  systems,  Numer- 
ous system  configurations  have  been  developed  to  ac- 
commodate various  capacity  or  temperature  require- 
ments. Generally,  air-cycle  systems  applicable  to 
helicopters  use  an  air-to-air  heat  exchanger  with  ambi- 
ent air  as  a heat  sink.  In  addition,  a small,  high-speed 
expansion  turbine  is  used  to  reduce  the  cooling  air 
temperature  further  below  ambient  conditions.  A sim- 
ple air  cycle  is  shown  schematically  in  Fig.  9-67.  Press- 
urized air  is  supplied  by  engine-  or  APU-powered  com- 
pressors or  by  bleed  extraction.  Condensed  moisture  in 
the  cooled  air  is  extracted,  usually  by  mechanical 
means,  as  it  passes  through  a separator  to  the  entrance 
of  the  distribution  system.  A bypass  control  system, 
which  also  diverts  a portion  of  the  hot  air  to  the  en- 
trance of  the  distribution  system,  is  provided  to  modu- 
late the  cooled  air  for  meeting  intermediate  heat  loads 
or  to  meet  a purely  heating  requirement. 

The  generalized  approach  to  initial  sizing  and  air- 
cycle  performance  calculations  for  a total  thermal  load 
Q(  is  as  follows: 


Qcs  Wal',,iTc  7V  'B,tJ/hr  (9-27) 

The  airflow  rate  Wf,,  and  the  conditioned  air  tempera- 
ture !\  leaving  the  air-cycle  machineare  determined  by 
conducting  a cycle  analysis  to  satisfy  the  given  equa- 
tion. The  dry  air  rated  method  of  analysis  is  given  in 
Refs.  17  and  18.  Appropriate  provision  must  be  made 
for  the  energy  required  to  extract  moisture. 

The  analysis  requires  an  iterative  solution  to  find 
Wt  and  f4  for  the  required  Qr  The  equations  used  also 
apply  for  all  critically  defined  conditions  for  heating 
and  cooling.  The  analysis  requires  a knowledge  of  off- 
design  performance  of  the  heat  exchanger  and  cooling 
turbine,  and  the  ram  and  bleed  air  inlet  conditions. 

Many  variations  of  the  described  system  are  availa- 
ble. One  of  these,  the  bootstrap  cycle,  uses  a turbine- 
compressor  arrangement  with  an  additional  heat  ex- 
changer to  absorb  the  work  of  the  turbine  and  to 
provide  an  additional  heat  sink  for  the  airflow  before 
expansion  in  the  turbine.  Detailed  sizing  formula  anal- 
ysis methods  and  component  characteristics  fc.r  the 
simple  air  cycle,  bootstrap  cycle,  and  various  hybrid 
cycles  can  be  found  in  Refs.  1 7 and  2 1 . 

Air-cycle  systems  will  impose  considerable  power 
requirements  upon  main  engines  or  the  APU,  and, 
therefore,  it  is  essential  that  air  be  supplied  or  extracted 
from  these  engines  at  minimum  pressure  ratios,  consist- 
ent with  the  needs  of  cooling  and/or  pressurizing  the 
helicopter. 


Fig.  9-67.  Simple  Air-cycle  System 
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9-7. 3.4  Vapor-cycle  Refrigeration  Systems 

Vapor-cycle  systems  extract  heat  in  an  evaporative 
heat  exchanger,  through  which  the  ventilation  and 
recirculation  airflow  is  supplied.  In  the  condenser,  am- 
bient air  is  used  as  the  heat  sink,  with  a motor-driven 
compressor  supplying  the  energy  to  circulate  the  fluid. 
Vapor-cycle  systems  have  a higher  efficiency  than  air- 
cycle  systems  but  usually  are  heavier.  Vapor-cycle  sys- 
tems also  can  provide  ground  cooling  with  just  an  elec- 
trical power  source  (no  ram  air).  A typical  system 
configuration  is  shown  schematically  in  Fig.  9-68. 

The  generalized  approach  for  sizing  a vapor-cycle 
cooling  system  is  similar  to  that  for  the  air  cycle.  This 
technique,  however,  is  not  dependent  upon  engine  or 
APU  operation,  unless  the  turbine  is  used  to  drive  the 
compressor.  As  in  the  air-cycle  analysis,  the  cooling 
demand  Q(  that  can  be  met  by  the  cycle  is  found  from 


QC=WHCp{Tc  Tic)  ’Btu/hr  (9'28) 

where 

T„.  --  temperature  of  cooling  air 
leaving  the  evaporator,  'F 
Wh  airflow  through  the  evaporative 
heat  exchanger,  Ib/hr 

The  matching  of  W,  and  T„  to  satisfy  Eq.  9-28 
should  be  initiated  by  assuming  T„  to  be  a minimum  of 
40°F  to  avoid  icing  of  the  evaporator.  Detailed  analysis 


techniques,  equipment  data,  and  characteristics  for  va- 
por cycles  also  can  be  found  in  Refs.  17  and  18. 

The  power  requirement  is  the  summation  of  the 
power  to  drive  the  refrigerant  compressor,  the  con- 
denser fan,  and  the  evaporator  fan.  The  compressor 
power  Pmmp  required  for  the  refrigeration  system  is  ex- 
pressed as 


P 


comp 


4.715/? 

C.O.P. 


,hp 


(9-29) 


where 

4.715  - conversion  constant  between 
tons  of  refrigeration  and 
horsepower 

R — required  amount  of 
refrigeration,  tons 

C.O.P.  = coefficient  of  performance  of 
the  refrigeration  cycle, 
dimensionless 

The  value  of  C.O.P.  is  dependent  upon  many  factors, 
such  as  condenser,  evaporator,  and  compressor  effici- 
encies; evaporator  and  condenser  temperatures:  piping 
losses;  and  refrigeration  fluid  characteristics. 

Water  content  of  conditioned  air  can  be  maintained 
accurately  by  controlling  the  temperature  of  the  heat 
exchanger.  The  same  compressor,  receiving  tank,  and 
condenser  can  be  used  in  conjunction  with  several 
evaporative  heat  exchangers  located  at  widely  sepa- 
rated or  remote  areas  of  the  helicopter.  Such  a system 
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can  be  beneficial  for  cooling  avionic  compartments, 
which  require  control  of  contamination  and  humidity 
to  very  low  levels. 

9-7.3.5  Thermionic  Cooling  Systems 
(Avionics) 

Cooling  systems  using  thermionic  principles  are  in 
use  today.  Thermionics  can  be  described  by  compari- 
son with  a thermocouple  circuit.  In  using  a thermocou- 
ple. temperatures  are  measured  by  the  electrical  poten- 
tial generated  between  the  junctions  of  a pair  of 
dissimilar  metals,  the  two  junctions  being  subjected  to 
different  temperatures — one  junction  at  a known  and 
constant  (reference)  temperature  and  the  other  in  the 
environment  being  measured.  The  greater  the  tempera- 
ture difference  between  the  junctions,  the  greater  the 
electrical  potential.  In  thermionic  cooling,  the  process 
is  reversed  in  that  an  electrical  potential  is  superim- 
posed upon  the  circuit  in  opposition  to  that  normally 
developed  in  the  thermocouple.  The  result  is  a cooling 
effect  at  one  junction  (formerly  the  measured  junction). 
Similarly,  the  temperature  of  the  other  junction  (for- 
merly the  reference  temperature)  will  increase  and  re- 
lease heat  to  the  heat  sink.  The  temperature  difference 


between  the  cold  and  hot  junctions  increases  with  in- 
creasing electrical  power  in  the  circuit. 

The  systems  have  low  coefficients  of  performance 
and  presently  are  limited  to  specific  applications  where 
accurate  temperature  control  is  required  at  low  refrig- 
eration loads.  This  method  of  cooling  is  most  effective 
when  integrated  directly  into  the  avionic  components. 
Particular  or  complete  areas  of  component  assemblies 
can  be  conditioned  to  meet  i desired  requirement.  It 
should  be  noted  that  several  experimental  compart- 
ment installations,  demonstrating  complete  air  condi- 
tioning capability,  are  in  existence  today. 

9-7.4  TRADE-OFF  STUDIES  AND  SELECTION 

The  selection  of  an  ECS  for  the  particular  mission  or 
application  will  depend  upon  comparisons  of  perform- 
ance. weight,  cost,  life,  envelope,  etc.,  and  upon  the  ease 
of  integration  of  the  system  into  the  overall  secondary 
power  system.  Use  of  advantage-disadvantage  summa- 
ries, or  applying  judgment  to  weighting  factors  for  sys- 
tem attributes,  will  facilitate  initial  selections  of  candi- 
date concepts.  A typical  weighting  factor/trade-off 
chart  is  shown  in  Table  9-1G. 


TABLE  9-10 

TYPICAL  FORMAT  FOR  SYSTEM  TRADE-OFF  STUDIES 
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Optimization  studies  must  be  conducted  to  establish 
location  and  envelope  allotments  for  each  candidate 
system  and  its  relationship  to  the  secondary  power  gen- 
eration equipment.  Sufficiently  detailed  design  layouts 
must  be  generated  for  each  concept  chosen  to  deter- 
mine transport  media  losses;  power  requirements;  and 
overall  performance,  weight,  volume,  and  installation 
complexities. 

The  evaluation  and  selection  process  will  form  a ba- 
sis for  assessing  the  influence  of  the  ECS  upon  range 
and  takeoff  gross  weight  of  the  helicopter,  system  relia- 
bility, vulnerability,  maintainability,  and  flight  safety. 

This  evaluation  necessitates  the  availability  of  a 
definitive  helicopter  model  and  a detailed  mission  pro- 
file, so  that  cost  differences  for  the  systems  and  helicop- 
ter parameters  listed  can  be  established  and  tabulated. 
The  preliminary  design  data  generated  will  enhance 
selection  of  the  best  overall  system.  The  interplay  of 
parameters  is  illustrated  by  Fig.  9-69,  which  is  an  ex- 
ample of  relationships  to  the  total  helicopter  system. 


9-8 


Fig.  9-69.  Primary  ECS  Parameters 
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LIST  OF  SYMBOLS 

A ~ area  of  surface,  ft 
Ar  projected  area  of  transparent 
surface  normal  to  the  sun.  ft 
C.O.P.  --  coefficient  of  performance, 
dimensionless 
c - sonic  velocity,  fps 
cr  - specific  heat  of  air  at  constant 
pressure,  Biu/lb-°F 
c,  = specific  heat  of  air  at  constant 
volume,  Btu/lb-°F 
D = drag,  lb 

e — base  of  natural  logarithms 
G,  = solar  radiation  intensity, 
Btu/hr-ft' 

g - acceleration  due  to  gravity, 
ft/sec 

H - heat  loss  per  person,  400 

Btu/hr  for  crew  members  and 
300  Btu/hr  for  passengers 
hp , --  extracted  horsepower 
L - lift,  lb 

,V  = number  of  persons 
~ compressor  power,  hp 
P,  - electrical  power,  W 
Pt  — fan  power,  hp 
P ton  ; system  power  loss,  hp 
Pn  — pump  power,  hp 
p - pressure,  psi 
p(  — compartment  pressure,  psi 
p,i  — conditioning  equipment  exit 
pressure,  psi 

pK  = reference  pressure  immediately 
upstream  of  control  or  shutoff 
valve  at  maximum  flow  rate, 
psi 

Q = fluid  flow,  gpm 
ft.  — total  compartment  thermal 
load,  Btu/hr 

ft  = electrical  heat  load,  Btu/hr 
ft,  — heat  transfer  through  external 
compartment  surfaces,  Btu/hr 
ft  — infiltration  load,  Btu/hr 
Qu  = heat  infiltration  or  leakage, 
Btu/hr 

Qis  = heat  transfer  through  internal 
compartment  surfaces,  Btu/hr 
ft.  — leakage  heat  load,  Btu/hr 
ft.  — personnel  heat  load,  Btu/hr 
ft,  --  solar  heat  load,  Btu/hr 
R ~ required  amount  of 
refrigeration,  tons 
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/Z  — gas  constant,  1 544 
ft-lb/(lb-mole-‘R) 

- rotational  speed,  rpm 
Ra  -■-  range,  n mi 
SFC  = specific  fuel  consumption, 
lb/hp-hr 

T — temperature,  “R 
= torque,  lb-in. 

Ta  — average  temperature  of  air  in 
adjacent  compartment,  °F 
7J.  = average  temperature  of  air  in 
cabin  or  compartment,  °F 
Tc  — external  surface  temperate,  °F 
T*  = effective  temperature  of 
bulkhead,  °F 

T„  = temperature  of  cooling  air 
leaving  the  evaporator,  °F 
7)  = turbine  inlet  temperature,  °R 
r4  = temperature  of  air  leaving 
air-cycle  machine,  °F 
tm  — mission  time,  hr 
U = overall  surface  conductance, 
Btu/hr-T-ft2 

( UA)rb  = effective  conductance  of 
bulkhead,  Btu/hr-°F 
( UA)rf  = effective  conductance  of  fins, 
etc.,  Btu/hr-°F 
V — cruise  velocity,  kt 
= volume,  ft1 

VL  = volume  of  pressurized 
compartment,  ft' 

Kmn  — maximum  allowable  line  fluid 
velocity,  fps 

v,  = specific  volume  of  air  at  exit  of 

conditioning  equipment,  ft '/lb 
Wu  = airflow  rate  entering  air-cycle 
machine  or  distribution  system. 
Ib/hr 

Wh  = airflow  through  the  evaporative 
heat  exchanger,  Ib/hr 
Wt  - fixed  weight  of  system,  lb 
Wh,  = takeoff  fuel  weight  required  to 
carry  fixed  or  variable  weight, 
lb 

ff',  — infiltration  airflow  rate,  Ib/hr 
fV,  — leakage  airflow  rate,  Ib/hr 
If’,  = variable  weight,  lb 
Ky  = bleed  airflow  rate.  Ib/hr 
K',  = fuel  flow  rate,  Ib/hr 

w,  = ram  airflow  rate,  Ib/sec 

w,  = rate  of  consumption  of  variable 
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weight,  Ib/hr 

y = ratio  of  specific  heats  of  air 
ty /<*. , dimensionless 
A p = pressure  head,  lb/in,! 

A Wj  - increase  in  fuel  flow  rate,  Ib/hr 
7}j  = fan  efficiency,  dimensionless 
r = transmission  factor  of 
transparent  surfaces, 
dimensionless 
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CHAPTER  10 

WEIGHT  AND  BALANCE 


10-1  INTRODUCTION 

This  chapter  discusses  the  responsibilities  and  func- 
tions related  to  mass  properties  and  weight  engineering 
in  the  aircraft  design  field.  Aircraft  include  helicopter, 
compound  helicopter,  fixed-wing,  and  V/STOL  type 
vehicles.  The  weight  and  balance  concepts  discussed 
apply  to  all  types  of  aircraft,  but  are  directed  toward 
helicopters  and  compound  helicopters. 

A generalized  treatment,  rather  than  a more  defini- 
tive discussion,  has  been  chosen  in  order  to  permit  the 
flexibility  necessary  in  a constantly  changing  art.  Con- 
tractors are  encouraged  to  exchange  weight  data  and 
ideas  frequently  so  as  'o  improve  techniques  and  to 
keep  abreast  of  the  increasing  sophistication  of  aircraft 
design. 

The  weight  engineer  may  utilize  this  chapter  as  a 
basis  for  outlining,  planning,  developing,  and  perform- 
ing the  various  functions  and  tasks  pertaining  to  this 
important  discipline  of  engineering. 

The  Military  Specifications  and  documents  noted 
herein— MIL-W-25 140,  MIL-STD-1374— form  the 
basis  for  most  weight  engineering  requirements  in  air- 
craft contracts.  Army  helicopters  will  be  designed  in 
accordance  with  Military  Specifications  and  Standards. 
On  occasion,  Army  aircraft  may  be  procured  that  meet 
the  civil  aviation  requirements  detailed  in  applicable 
Federal  Aviation  Regulations,  i.e.,  Parts  21,  27,  29  and 
133,  etc.  The  complexity  of  the  overall  design  and 
weight  engineering  tasks  may  be  increased  in  such 
cases. 


10-2  WEIGHT  ENGINEERING 

10-2.1  IMPORTANCE  OF  WEIGHT  AND 
BALANCE  CONTROL 

The  requirement  to  prevent  overweight  (referred  to 
as  one  type  of  growth)  prior  to  first  delivery  is  impor- 
tant. Overweight  can  cause  serious  deficiencies  in  other 
critical  areas  such  as  performance,  cost,  reliability, 
scheduling,  etc.  These  degradations  usually  are  com- 


pounded after  initial  delivery  due  to  additional  weight 
required  to  correct  original  design  deficiencies  and  to 
changes  necessitated  by  flight  experience  and  tests. 

Such  events  as  product  improvement  programs 
(PIP),  the  addition  of  new  equipment,  and  new  mission 
requirements  also  contribute  to  weight  growth.  Typical 
Army  experience  with  weight  growth  is  shown  in  Fig. 
1C  1.  This  experience  indicates  how  important  it  is  to 
define  and  consider  growth  potential  in  the  early  stages 
of  design. 

Overweight  on  all  types  of  aircraft  has  plagued  the 
military  services.  These  overweight  problems  may  be 
attributed  to  any  number  of  causes,  such  as  ch..nges  in 
initial  design  policy,  errors  in  initial  weight  predict  ion. 
engineering  management  failure,  or  unwillingness  to 
recognize  the  need  to  control  weight.  Experience 
proves  that  removing  weight  after  the  fact  is  both  costly 
and  time-consuming.  These  factors  indicate  the  neces- 
sity for  vigorous  weight  surveillance  in  all  phases  of  a 
program. 

Failure  to  recognize  the  overall  effect  and  impor- 
tance of  weight  and  of  the  need  to  develop  effective 
control  at  the  inception  of  an  aircraft  development  proj- 
ect can  place  the  entire  program  in  jeopardy.  Probable 
effects  are  increased  costs,  schedule  delay  (due  to  cor- 
rective action),  and/or  reduction  in  the  utility  of  the 
vehicle.  In  some  cases  the  severity  of  the  problem  may 
be  cause  for  program  cancellation. 

10-2.2  GROWTH  FACTOR 

Many  knowledgeable  weight  engineer-  have  speni 
considerable  time,  energy,  and  money  study  mg  aircraf: 
weight  growth  and  how  to  predict  its  efkvt.  Sevciai 
papers  have  been  published  and  presented  by  the  So- 
ciety of  Aeronautical  Weight  Engineers  (SAWE)  on 
this  subject.  The  numerical  value  of  the  growth  fadoi 
(GF)  varies  with  the  differing  characteristics  and  sizes 
of  aircraft,  and  each  parameter  should  be  evauened 
individually.  The  effects  of  compromising  or  rediu  mg 
margins  of  safety,  independently  or  collectively  i.uh 
the  various  performance  parameters  (speed,  rung.;, 
hover,  rate  of  climb,  etc.),  will  have  considerable  lv-o 
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mg  on  the  growth  factor  value  and,  therefore.  must  he 
taken  into  consideration.  Inasmuch  as  individual  con- 
tractors have  their  own  methods  for  developing  GF,  no 
further  discussion  on  the  subject  will  be  presented  in 
this  chapter.  Sample  techniques  for  establishing  appro- 
priate values  of  GF  are  discussed  in  Refs.  1 and  2. 

10*2.3  WEIGHT  ENGINEERING  GROUP 

MIL-W-25140  requires  a prospective  contractor  to 
establish  and  maintain  a well-organized  and  competent 
Weight  Engineering  Group. 

In  general,  mass  properties/weight  engineering 
groups  have  the  responsibility  of  planning,  developing, 
and  performing  weight  control,  assignments  during  all 
phases  of  design,  development /and  production. 

Unlike  many  other  engineering  disciplines,  weight 
engineering  is  required  during  the  entire  life  of  a vehi- 
cle. i.e..  from  the  preconceptual  through  tne  opera- 
tional phases.  The  various  weight  functions  or  tasks 
generally  are  governed  by  the  type  of  vehicle  being 
developed  and  by  the  overall  requirements  of  the  pro- 
curing activity. 

10-2.4  WEIGHT  CONTROL 

The  Army’s  increasingly  complex  and  stringent  re- 
quirements make  weight  control  a factor  of  prime  im- 
portance during  all  design  and  fabrication  phases.  The 


various  tasks  that  must  be  performed  to  exercise  weight 
control  include,  but  are  not  limited  to,  the  following: 

1.  Weight  control  program 

2.  Preliminary  weight  prediction 

3.  Weight  estimation  and  calculation 

4.  Mass  property  analysis 

5.  Weight  control  status  report 

6.  Actual  weight  and  balance  determination. 

10-2.4.1  Weight  Control  Program 

The  weight  control  program  generally  functions  in 
conjunction  with  the  efforts  employed  to  estimate 
weight  during  all  phases  of  design.  This  program,  re- 
peatedly emphasized  in  this  chapter,  is  one  of  the  most 
important  functions  in  the  aircraft  weight  and  mass 
properties  field;  and  for  ultimate  success  it  should  in- 
clude. but  not  he  limited  to.  the  following: 

1.  An  accurate  preliminary  design  weight  estimate 
of  the  proposed  helicopter 

2.  The  establishment  of  an  equitable  “target” 
weight  system 

3.  Management  of  the  program  by  qualified 
weight  engineers 

4.  Prompt,  periodic,  accurate  reporting  of  weight 
and  CG  status,  and  related  analysis 

5.  Complete  support  and  backing  from  the  various 
structural  and  system  design  groups 
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Fig.  10*1.  Typical  Empty  Weight  Growth  of  Production  Helicopters  (Army) 


6.  Most  important,  complete  support  from  man- 
agement during  all  phases  of  the  program. 

10*2.4.2  Preliminary  Weight  Prediction 

Prediction  of  weight  during  preliminary  design  nor- 
mally involves  the  use  of  purely  statistical  approaches. 
The  most  rudimentary  forms  of  weight  expressions  are 
used  initially,  with  more  sophisticated  weight  predic- 
tion methods  being  used  as  the  design  advances.  In  the 
early  phases,  little  is  known  of  the  vehicle  except  its 
intended  mission,  some  of  its  basic  equipment,  and  the 
applicable  design  requirements.  Therefore,  to  estimate 
total  weight,  very  simplified  weight  expressions  that 
involve  a minimum  of  parameters  may  be  used.  These 
conceivably  may  involve  only  gross  weight,  payload, 
radius,  and  hover  ceiling  or  installed  power.  As  the 
design  progresses  and  additional  design  details  are 
known,  the  weight  expressions  will  involve  several 
more  parameters,  increasing  the  accuracy  of  the  re- 
sults. Additional  information  of  value  to  the  weight 
engineer  making  weight  predictions  and  estimations  is 
contained  in  Refs.  3-10. 

A commonly  used  method  of  weight  prediction  is  the 
development  of  a series  of  equations  based  upon  a logi- 
cal group  of  design  parameters.  The  primary  equation 
is  obtained  by  statistical  analysis  using  all  the  applica- 
ble parameters.  An  example  of  the  validity  of  such  an 
equation  is  shown  in  Fig.  10-2.  This  typical  curve  is  the 
result  of  a regression  model  using  the  indicated  weights 
from  actual  systems  and  the  values  of  appropriate  de- 
sign parameters. 

More  rudimentary  expressions  arc  obtained  by  drop- 
ping variables  in  the  order  of  their  increasing  statistical 
significance.  The  result  is  a series  of  equations,  each 
having  a unique  value  of  standard  deviation  and  coeffi- 
cient of  correlation.  An  example  group  of  equations 
may  be  of  the  form 

W^KtXf'X  ?hX?c  .lb 
Wg»KtXiX'JX  jV'  .lb  (10-1) 

Wg  * AW,*'  JH 


where 

H't  estimated  group  weight.  Ih 

K constant  of  proportionality 

X,  applicable  design  parameter 
.V  exponent 
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Fig.  10-2.  Validation  Chart,  Typical  Croup  Weight 
Prediction  Kquation 

In  general,  the  equation  with  the  fewest  variables  has 
the  largest  value  of  standard  de\  iation  and  the  smallest 
coefficient  of  correlation. 

This  type  of  analysis  can  be  used  for  prediction  of 
almost  all  the  group  weights  that  comprise  the  helicop- 
ter empty  weigh),  and  is  particularly  applicable  for  the 
structural  groups.  The  woighl  prediction  can  be  refined 
as  the  design  progresses  and  applicable  values  for  in- 
creasing numbers  of  design  parameters  are  determined. 

10-2.4.3  Weight  Estimation  and  Calculation 

In  proceeding  to  the  more  definitive  stages  of  weight 
estimation  and  calculation  usually  encountered  during 
response  to  solicitations,  the  spectrum  of  weight  deter- 
minations widens  greatly  Weight  prediction  equations 
of  numerous  types  are  employed,  utilizing  a greatei 
number  of  parameters  that  by  this  stage  are  better  de- 
fined for  the  vehicle  under  study.  There  usually  is  a 
separate  equation  for  each  of  the  struct iital  and  system 
groups. 

During  this  phase,  the  following  three  methods  of 
estimations  generally  are  applied. 

1.  Advanced  statistical 

2.  Analytical 

3.  Slatistieal/analytieal. 

The  statistical  methods  employed  at  this  pomiTas 
contrasted  with  those  of  the  piehmmaty  stage,  utilize 
parameters  not  previously  available  or  defined  lot  each 
group.  The  improved  definition  provided  hv  these  new 
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data  narrows  the  range  within  which  the  weight  may 
vary,  thus  establishing  greater  confidence  in  the  results. 

Tl.e  analytical  method  of  weight  determination  can 
be  very  useful  during  contract  negotiations,  and  may  be 
used  for  both  weight  prediction  and  optimization.  A 
typical  discussion  of  weight  prediction  through  struc- 
tural analysis  is  provided  in  Ref.  11.  and  includes 
weight  optimization  by  the  “structural-index"  method. 

Statistical/analytical  weight  estimation  employs  ele- 
ments of  both  methods  for  its  development.  This  area 
of  weight  prediction,  therefore,  produces  a large  variety 
of  weight  equations  based  upon  the  correlation  of  ac- 
tual weight,  physical  and  design  descriptors,  and  ana- 
lytical design  parameters.  Typical  examples  of  this  ap- 
plication are  found  in  Refs.  12-17.  The  weight 
prediction  methods  outlined  above  often  are  used  as 
substantiation  data  for  aircraft  system  proposals. 

Finally.  layout  designs  are  completed  and  are  the 
basis  for  weight  estimates  and  calculations  based  upon 
a preliminary  structural  analysis.  Scaling  of  actual 
weights  from  vehicles  of  similar  design  may  be  helpful 
in  furnishing  weight  predictions  in  areas  not  as  well 
defined. 

It  becomes  possible  to  make  more  precise  weight 
determinations  as  design  progresses  to  the  release  of 
detail  drawings.  Aids  such  as  the  SAWE  Handbook 
(Ref.  18)  generally  may  be  used  to  facilitate  layout 
calculations,  including  uniform  and  established  stand- 
ards of  material  densities  and  gage  tolerance  factors, 
etc.  Most  contractors  have  weight  standards  based 
upon  many  years  of  experience. 

10-2.4.4  Mass  Property  Analysis 

All  phases  of  vehicle  development  require  some  form 
of  mass  property  prediction  or  analysis  to  assist  other 
engineering  specialities  in  the  analysis  of  structure,  sta- 
bility and  control,  dynamics,  etc.  These  mass  property 
analyses  may  use  some  of  the  most  rudimentary  forms 
of  prediction  involving  statistics  for  the  preliminary 
studies.  The  analyses  progress  to  more  exact  and  pre- 
cise forms  with  improved  vehicle  definition  and  are 
discussed  in  more  detail  in  the  paragraphs  that  follow. 

10-2.4.4.1  Moments  of  Inertia 

One  of  the  important  tasks  performed  by  weight  and 
mass  property  control  groups  is  the  determination  of 
aircraft  mass  moments  of  inertia  (MOl)  and  products 
of  inertia  (POI).  Formulas  for  determining  moments  of 
inertia  can  be  found  in  most  engineering  design  hand- 
books, the  most  useful  being  Ref.  18. 

For  advanced  design  work,  and  for  applications  re- 
quiring mass  properties  of  an  approximate  nature,  sta- 


tistical data  may  he  used.  As  the  design  develops,  group 
and  component  sizes  and  weights  are  defined  more 
clearly  and  a manual  calculation  of  the  vehicle  mass 
properties  may  be  performed. 

In  the  layout  and  detail  design  stage,  the  large  num- 
ber of  weight  elements  makes  a manual  computation  of 
mass  properties  impracticable.  At  this  point,  the 
manual  computations  normally  are  replaced  by  com- 
puter programs  and  the  vehicle  mass  properties  are 
generated  by  high-speed  computers. 

10-2.4.4.2  Center  of  Gravity  Envelope 

The  center  of  gravity  (CO)  envelope  is  a plot  of 
weight  versus  permissible  CG  limits  (refer  to  MIL-W- 
25 1 40).  and  is  used  to  determine  the  potential  or  actual 
extreme  excursions  of  weight  and  CG  for  a vehicle.  The 
envelope  should  account  for  all  expected  mission  con- 
figurations. capable  of  producing  these  extremes.  The 
plot  should  show  the  effects  of  expendable  and  variable 
items  of  useful  load  and  of  alighting  gear  retraction. 
The  lines  connecting  these  critical  weight  and  CG 
points  form  an  envelope  (sometimes  called  a potato 
curve)  within  which  the  vehicle  shall  be  able  to  operate 
without  exceeding  its  design  limitations.  The  weight 
and  balance  classification  in  accordance  with  MIL-W- 
25140  can  be  determined  from  these  various  envelopes 
or  curves.  Lateral  CG  limits,  which  are  based  upon 
control  capability,  are  not  normally  a function  of  gross 
weight.  Therefore,  a chart  presentation  usually  is  not 
required.  However,  lateral  CG  limits  should  be  listed 
in  all  types  of  weight  reports. 

10-2.4.5  Weight  Control  Status  Reporting 

The  status  report  provides  weight  engineering  with 
its  primary  means  of  ommunication  among  the  pro- 
curing activity  (when  required),  engineering  manage- 
ment, and  appropriate  design  groups.  Experience  has 
proven  that  a timely,  accurate,  and  thorough  weight 
reporting  system  will  contribute  significantly  to  both 
successful  design  and  weight  control  programs. 

Part  III  of  MIL-STD-1374  presents  a typical  format 
fora  helicopter  weight  status  reporting  and  includes  all 
pertinent  data.  Weight  control  program  documentation 
requirements  are  discussed  in  detail  in  par.  10-2.5. 

10-2.4.6  Actual  Weight  and  Balance 
Determination 

The  final  weight  verification  of  a vehicle  takes  place 
when  it  is  placed  on  a weight  measuring  system  (scales) 
to  determine  its  “actual"  weight  and  CG  Prior  to  this, 
however,  gradual  accumulation  and  compilation  of  ac- 
tual data  replace  the  estimated  and  calculated  weights 
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I ..  used  in  establishing  vehicle  weight  and  balance  pre- 
\ dieted  for  the  proposal  and  specification.  Although  the 
J methods  employed  by  most  aircraft  manufacturers  are 

(similar,  they  generally  reflect  the  characteristics  of 
their  manufacturing  systems,  i.e.,  the  actual  weighing 
of  manufactured  parts.  Therefore,  it  is  important  to 
recognize  the  degree  of  coordination  required  between 
the  weight  engineering  group  and  the  manufacturing 
j division  if  the  program  for  weighing  detail  parts  is  to  be 

| effective  and  efficient.  It  is  the  “actual  weighing”  that 

finally  proves  the  overall  effectiveness  and  competence 
j of  the  group. 

j 10-2.5  DOCUMENTATION 

Weight  data  requirements  for  aircraft  are  specified  in 
one  of  the  following  documents: 

1 .  Request  for  Quotation  (RFQ) 
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2.  Request  for  Proposal  (RFP) 

3.  Invitation  for  Bid  (IFB) 

4.  Hardware  Contract — Experimental,  prototype 
and  production. 

Typical  weight  data  and  the  types  of  reports  required 
are  shown  in  Tables  10-1  and  10-2. 

The  preparation,  technical  content , and  format  of 
most  of  these  weight  data  are  established  in  detail  in 
MIL-W-25140  and  include  the  application  of  Parts  I, 
II,  and  III  of  MIL-STD-1374.  MIL-W-25140  outlines 
the  data  required  to  demonstrate  contract  compliance 
during  design  and  manufacture  as  well  as  the  data  nec- 
essary to  establish  a system  of  weight  and  balance  con- 
trol during  service  operation  of  the  aircraft. 

Additional  data  requirements,  such  as  substantiation 
of  weight  predictions  and/or  estimates,  post-design 
analysis  report,  weight  control  and  management  plan 
report,  special  studies,  etc.  usually  are  specified  in  the 


TABLE  10-1 

WEIGHT  DATA  REQUIREMENTS— TYPE  OF  REPORT 


1 | = OPTIONAL 


MIL— W— 251 4C 

REQUIRE!)  DATA PARAGRAPH 

SUMMARY  TABLE 

GROUP  WEIGHT  STATEMENT 

DETAILED  WEIGHT  STATEMENT 

BALANCE  CALCULATIONS  DETAILED^ 
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“How  to  Respond”  section  of  the  solicitation.  These 
types  of  data  have  not  been  standardized  in  format  and 
usually  are  outlined  by  the  procuring  activity.  Detail 
format  usually  is  established  by  coordination  between 
the  contractor  and  the  procuring  activity. 

10-2.5.1  Summary  Weight  Statement 

For  all  levels  of  weight  determination,  a summary 
weight  statement  comprising  the  applicable  functional 
groups  is  to  be  provided  in  accordance  with  MIL-STD- 
1374,  Part  I.  The  useful  load  condition  shall  be  as 
determined  for  the  primary  or  basic  mission  defined  by 
the  applicable  document;  i.e.,  specification,  RFQ,  etc. 
It  is  important  that  the  dimensional  and  structural  data 
page  of  Part  I be  completed  in  every  detail. 

10-2.5.2  Weight  and  Balance  Status  Form 

Subject  to  the  requirements  of  the  procuring  activity, 
the  rotorcraft  weight  and  balance  status  form  (MIL- 
STD-1374,  Part  III)  may  be  included  in  the  weight  data 
requirements  of  an  aircraft  study  or  development  con- 
tract. The  importance  of  monitoring  the  weight  prog- 
ress of  a vehicle  development  indicates  that  contrac- 
tual requirements  should  include  this  item. 

10-2.6  DEFINITIONS  OF  WEIGHT  TERMS 

Fig.  10-3  describes  weight  terms  generally  used  in 
weight  and  balance  control  work.  Some  of  these  terms 


are  technical  engineering  descriptions  that  are  not  em-  v 
ployed  in  the  operational  phases  of  weight  and  balance 
work. 

The  definition  of  guaranteed  weight  empty  is  dis- 
cussed in  MIL-W-25 140  as  applied  to  both  experimen- 
tal and  production  contracts.  The  definition  of  trapped 
and  unusable  fuel  and  oil  also  is  presented  in  MIL-W- 
25 140. 
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CHAPTER  11 

MAINTAINABILITY 


11-1  INTRODUCTION 

11-1.1  IMPLEMENTATION 

Maintainability  is  defined  in  MIL-STD-721  as  "a 
characteristic  of  design  and  installation  that  is  ex- 
pressed as  the  probability  that  an  item  will  be  retained 
in  or  restored  to  a specified  condition  within  a given 
period  of  time  when  the  maintenance  is  performed  in 
accordance  with  prescribed  procedures  and  resources". 
To  design  for  maintainability  is  to  incorporate  features 
that  reduce  the  resources  (time,  manpower,  personnel 
skills,  test  equipment,  tools,  technical  data,  or  facilities) 
required  to  perform  maintenance.  The  following  spe- 
cific areas  serve  in  the  planning  process  as  a point  of 
departure  from  which  specific  measures  can  be  devel- 
oped, for  coordination  of  these  and  any  other  disci- 
plines in  a program  with  respect  to  maintainability: 

I.  Analytical  techniques 
2 Maintainability  analysis 
3.  Maintainability  demonstrations. 

Implementation  of  maintainability  features  in  the 
preliminary  design  of  helicopters  and  helicopter- 
installed  equipment  requires  the  development  of  a 
maintainability  program  as  described  in  MIL-STD- 
470.  The  standard  describes  in  detail  those  tasks  or 
elements  that  must  be  incorporated  into  a maintainabil- 
ity program  to  assure  effective,  timely,  and  economical 
accomplishment  of  maintainability  design  objectives 

The  maintainability  program  plan  ■ ' " "Id  begin  with 
the  preliminary  design  of  the  helicopi.  . Included  in 
the  program  are: 

1.  Development  of  a preliminary  concept  The 
preliminary  maintenance  concept  is  based  upon  the 
proposed  operational  requirements  for  the  helicopter 
and  the  Army  maintenance  support  structure.  The 
maintenance  concept  is  a summary  of  the  total  mainte- 
nance planned  to  assure  proper  functioning  of  the  heli- 
copter and  its  equipment  to  meet  the  operational  re- 
quirements. Distribution  of  the  maintenance  concept  to 
appropriate  design  personnel  is  required  to  insure  their 
understanding  of  the  maintenance  environment  and  re- 


source constraints  of  the  design.  The  preliminary  main- 
tenance concept  should  be  updated  whenever  factors 
affecting  she  original  concept  are  identified. 

2.  Participation  in  design  trade-off  studies.  This  is 
required  to  evaluate  the  effects  that  alternative  designs 
would  have  upon  the  system  maintenance  require- 
ments. As  a minimum,  trade-off  studies  present  the 
relationships  between  helicopter  alternatives  based 
upon: 

a.  Maintenance  manhours  per  flight  hour 
(MMH/FH) 

b.  Mean-time-to-repair  (MTTR) 

c.  Personnel  skill  requirements 

d.  Training  requirements 

e.  Maintenance  resource  requirements. 

Ideally,  the  trade-off  study  findings  would  rank  heli- 
copter design  alternatives  in  the  order  of  their  demand 
for  maintenance  resources.  The  maintainability  predic- 
tion techniques  outlined  in  MIL-HDBK-472  are  useful 
for  establishing  the  necessary  parametric  values  used  in 
trade-off  analysis. 

3.  Preparation  of  maintainability  design  guide- 
lines. Based  upon  the  maintenance  concept,  maintaina- 
bility design  criteria  can  be  slated  and  design  guidelines 
established  that  must  be  considered  in  order  that  the 
overall  design  will  meet  the  applicable  criteria.  The 
maintainability  design  criteria  of  Refs  1 and  2 are  rep- 
resentative of  mechanical  and  electronic  equipment, 
respectively. 

4.  Participation  in  design  reviews.  Participation  of 
maintainability  engineering  personnel  in  formal  and 
informal  design  reviews  is  required  to  insure  that  con- 
tinuing attention  is  given  to  maintenance  considera- 
tions as  the  helicopter  design  evolves  The  design  re- 
view provides  a means  of  exchanging  information 
regarding  maintainability  problems  and  solutions;  and 
of  coordinating  maintainability  engineering  inputs  with 
those  of  the  structural,  reliability,  manufacturing,  qual- 
ity assurance,  and  human  engineering  disciplines. 

5.  Identification  of  potential  maintenance  prob- 
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lems.  This  is  a continuing  responsibility  of  the  main- 
tainability engineer.  Some  potential  problems  are: 

a.  Use  of  subsystems  or  equipment  that  have 
known  high  failure  rates 

b.  Nonopn  m routine  maintenance  schedules 

e.  Lack  of  accessibility  to  installed  equipment 

d.  Hmderancc  to  equipment  fault  isolation  ea- 
pabilit'. 

e.  Any  apparent  excessive  maintenance  re- 
source demands 

f.  Undue  complexity  of  maintenance  tasks 

g.  Hazardous  conditions  and  procedures 

h.  Undue  complexity  of  system  design. 

6.  Demonstration  or  verification  of  requirements. 
As  part  of  any  maintainability  program,  provisions 
must  be  made  for  the  continuous  monitoring  of  data 
that  can  be  compared  with  predicted  values.  This  is 
required  by  MIL-STD-473  and  is  important  especially 
during  the  early  test  phases  before  the  system  enters 
operational  service. 

items  1 through  3 are  essential  to  the  preliminary 
design  phase  and  4 through  6 are  essential  to  the  devel- 
opment and  airworthiness  qualification  phases  (sec 
Chapter  10,  AMCP  706-203) 

11-1.2  MAINTENANCE  ALLOCATION  AND 
THE  MAINTENANCE  ENVIRONMENT 

The  Army's  maintenance  support  structure  consists 
of  four  levels  having  specifn  and  distinct  responsibili- 
ties: organizational,  direct  support,  general  support, 
and  depot.  I lie  organi/alional  level,  that  group  - losest 
to  the  daily  field  use  of  the  helicopter  and  considered 
to  be  the  first  level,  is  responsible  tor  the  routine  servic- 
ing and  ihe  preventive  and  corrective  maintenance  per- 
formed on  the  helicopter  Direct  support  levels  ol 
maintenance  sustain  die  organizational  levels,  restoring 
equipment  removed  from  the  helicopter  to  a serv  iceable 
condition  by  replacing  failed  major  assemblies  or  by 
adjusimg  equipment  that  is  mil  of  tolerance  or  align- 
ment 1 lie  general  support  level  rvsioics  equipment  to 
serv ic-  by  icpairmg  modules,  subassemblies,  and  piece 
parts  that  do  not  require  extensive  and  complex  disas- 
sembly or  assembly.  Dcpoi  levels  perform  all  die  main- 
tenance requiring  special  skills.  f.Kihlies.  and  die  use  ol 
cosily  and  complex  support  equipment  Repairs  made 
at  the  depot  arc  accomplished  by  replacing  piece  parts 
of  nonrepairable  subassemblies. 

I he  determination  of  the  type  and  quantity  of  spare 
jiarls  to  he  slocked  a!  ca.li  maintenance  level  is  devel- 
oped from  the  preliminary  maintenance  loucept  Sev- 
eral spares  siockagc  and  replacement  ajiproaches  are 


possible.  One  approach  advocates  the  replacement  of 
an  entire  subsystem  when  service  life  has  expired.  This 
approach  could  require  the  stockage  of  large  numbers 
of  costly  and  bulky  spares,  and  thus  may  be  un- 
economical. Also,  under  this  approach  the  direct  sup- 
port level  of  maintenance  would  be  responsible  for  test- 
ing entire  subsystems  to  effect  a repair,  thus  duplicating 
the  roles  of  the  higher-level  organizations.  At  the  oppo- 
site extreme  is  an  approach  that  provides  for  the  stock- 
age  of  large  quantities  of  many  types  of  equipment 
subassemblies  and  m-  dules  at  the  organizational  level 
and  necessitates  the  introduction  of  special  test  equip- 
ment and  highly  skilled  personnel  at  that  level.  An 
approach  that  prov  ides  spares  for  the  major  equipment 
functiomjl  packages  and  components — without  provid- 
ing spares  for  their  subassemblies,  modules,  or  piece 
parts  (with  the  exception  of  installation  hardware) — 
might  prove  more  efficient.  The  determination  of  an 
optimum  maintenance  approach  toapply  at  the  various 
organizational  levels  is  a prime  objective  of  the  main- 
tainability program. 

Direct  support  spares  most  often  are  modular  me- 
chanical or  electrical  subassemblies  that  can  be  tested, 
replaced,  or  adjusted  withoul  requiring  special  skills, 
test  equipment,  or  facilities.  Ihe  replaceable  module 
should  be  accessible  directly  when  installed  on  equip- 
ment and  should  perform  a complete  function  or 
related  group  of  functions  when  operating  within  the 
subsystem. 

General  support  spares  normally  consist  of  the  as- 
semblies contained  within  the  modules  or  attached  to 
the  modules  for  which  spares  are  provided  at  the  direct 
support  level.  Component  spare  parts  also  are  | rovided 
at  the  general  level  when  those  components  can  be 
replaced  without  requiring  special  facilities,  skills,  or 
'ools  and  equipment. 

Depot  level  spares  normally  are  the  piece  parts  and 
nonrepairable  assemblies  required  to  effect  complex  re- 
pair and  overhaul  of  equipment.  Special  skills,  facili- 
ties, and  Ihe  more  complex  and  expensive  lest  equip- 
menl  are  provided  at  the  depot. 

11-1.3  MAINTENANCE-INDUCED  FAULTS 

fable  111  prescnis  the  percentage  of  accidents  (to- 
lal.  maioi.  and  minor)  and  of  all  mishaps  (total,  major, 
minor,  incident,  forced  landing,  and  precautionary 
lauding)  attributable  to  maintenance  errors. 

Those  features  of  a helicopter  design  that  offer  po- 
tential lor  generating  maintenance-induced  faults  are: 

I An  installation  that  can  be  positioned  in  more 
than  one  wav 
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2.  A design  that  requires  unnecessarily  complex 
procedures  to  mainiam 

.V  Locations  of  hardware,  connectors,  and  adjust- 
ment features  in  areas  that  are  not  readily  accessible 

4.  A design  that  neither  features  equipment  han- 
dling aids  nor  considers  transportability  needs. 

Specific  design  guidelines  for  reducing  maintenance 
error  potential  are  contained  in  Refs.  1 and  2.  Design 
techniques  that  eliminate  or  reduce  maintenance- 
induced  faults  include: 

1.  Eliminate  the  possibility  of  installing  equipment 
in  more  than  one  way.  This  includes  positioning  of  the 
equipment  in  the  helicopter;  attaching  electrical,  fuel, 
hydraulic,  or  pneumatic  lines,  and  making  connections 
to  ground  support  equipment. 

2.  Do  not  permit  components  or  assemblies  to  be 
interchangeable  unless  they  are  identical  functionally 
and  physically 

1.  Minimize  the  dependence  upon  training  of  per- 
sonnel, marking  of  equipment,  or  maintenance  and  op- 
erating instructions  to  eliminate  or  reduce  maintenance 
error. 

4.  Do  not  position  those  provisions  for  adjust- 
ments that  are  not  to  be  made  by  lower  levels  of  mainte- 
nance in  such  a way  that  they  are  exposed  to  lower- 
level  maintenance  personnel  in  the  normal  conduct  of 
their  work. 

5.  Identify  complex  maintenance  tasks  early  in  de- 
sign developments  in  order  that  design  changes  that 
will  reduce  the  complexity  and  criticality  of  the  task 
may  be  effective. 

6.  Design  for  ease  of  handling  and  include  special 
handling  aids,  fixtures,  cradles,  and  dollies  where  they 
would  aid  the  accomplishment  of  maintenance. 

7.  Incorporate  builtm  test  features  in  equipment 
whenever  possible.  Builtin  test  features  should  mmi- 

TABLE  ll-I 

RELATIONSHIP  OF  HELICOPTER 
ACCIDENTS/INCIDENTS  TO  MAINTENANCE 
ERRORS 


PERCENT  OF 

total  errors 

ACCIDENTS 

ALL  MISHAPS  | 

FY 

FY  ! 

19/0 

1971 

1970 

19/1  ! 

cc 

UJ 

UH 

, 

— 

1 

6.24 

3.99 

12.78 

1 

5.9/  j 

Q_ 

O 

OH 

b8A 

U 

2.13 

4.84 

1.50  j 

o 

OH 

6A 

V.25 

3.77 

7.93 

4.93  | 

UJ 

X 

CH 

_4i_ 

6.45 

4.35 

13.24 

6.22 

SOUHcr-  U Aw.lf  .V',!N1>  ton  nor-:  SAfPV 


mi/e  the  need  for  individual  judgment  in  determining 
either  the  need  for  replacement  or  the  status  of  equip- 
ment. Desirable  features  of  highly  developed  builtin 
test  systems  are: 

a.  Fault  isolation  capability  of  W'r  or  more 

h.  Builtin  self-test  capability 

c.  Low  false  alarm  rates  (2rl  or  less) 

d.  Failure  indicators  that  identify  the  failed  re- 
placeable unit 

e Automatic  start-to-finish  test  capability. 

S.  Place  early  emphasis  upon  the  human  factors 
aspects  of  maintenance  work.  This  includes  simplifica- 
tion of  maintenance  training  programs,  diagnostic  and 
repair  manuals,  audio-visual  aids,  special  maintenance 
tools  for  the  helicopter  design  and  a recognition  of  the 
cost-effectiveness  aspects  of  the  depth  to  which  builtin 
test  features  should  be  included  and  described. 

The  major  thrust  of  efforts  to  reduce  maintenance 
errors  most  often  is  directed  at  the  organizational  level 
of  maintenance  because  errors  at  this  level  have  a di- 
rectly visible  effect  upon  helicopter  safety  and  availabil- 
ity. The  guidelines  applied  to  the  design  of  equipment 
maintained  at  the  organizational  level,  however,  also 
should  apply  to  the  higher  levels.  These  guides  extend 
to  the  special  equipment  supplied  to  support  the  new 
equipment.  For  example,  consideration  should  be  given 
to  the  operational  interfaces  of  special  support  equip- 
ment to  insure  that  the  equipment  is  connected  easily 
to  the  equipment  being  tested  and  that  connectors  can- 
not be  joined  improperly.  Special  test  equipment  also 
could  feature  utilization  of  automatic  test  and  fault 
isolation  capability  to  reduce  the  dependence  upon  op- 
erator skills  and  prevent  operator  error. 

11-2  INTERCHANGEABILITY  AND 
REPLACEABILITY 

11-2.1  INTERCHANGEABILITY 

Components  are  considered  interchangeable  when 
they  are  structurally,  physically,  and  functionally  iden- 
tical and  utilize  the  same  attachment  provisions.  Cali- 
bration, alignment,  or  adjustment  of  interchangeable 
equipment  components  is  undesirable.  For  example. 
M1L.-E-I9600  stales  that  electronic  modules  are  de- 
signed for  interchange  without  the  need  for  alignment 
or  adjustment  of  the  replacement  module  or  the  equip- 
ment in  which  the  module  is  being  installed. 

! lie  advantages  of  interchangeable  components  are 
obvious.  At  the  two  lowest  levels  of  maintenance,  the 
use  of  interchangeable  parts  fits  well  with  the  objectives 
of  minimizing  helicopter  down  times,  minimizing  tech- 
nical skill  level  demands,  and  reducing  the  spare  parts 
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requirement  At  the  general  and  depot  levels  of  mainte- 
nance. the  need  for  such  parts  cats  he  expected  to  be 
less.  Ain  decisions  involving  the  introduction  of  inter- 
changeable parts  into  the  supply  system.  however,  must 
he  weighed  against  the  impact  upon  helicopter  per- 
formance and  resource  demands 

I'lie  principal  techniques  used  to  achieve  inter- 
eiiangeabm:..  in  design  and  manufacture  are  standard 
throughout  industry.  I'hev  include: 

I I’se  of  standard  engineering  drawing  practices 
t Mil. -STD- 100) 

2.  Establishment  of  common  tolerances  for  similar 
equipment  components 

.'  Use  of  construction  materials  that  have  the 
same  or  similar  physical  properties. 

Selected  examples  of  more  specialized  efforts  to  de- 
sign for  interchangeability  are  discussed  in  the  para- 
graphs that  follow. 

Alignment  of  subsystem  equipment  (such  as  that  re- 
quired to  boresight  a weapon  subsystem)  or  calibration 
of  avionic  subsystems  often  are  complex  tasks.  Meth- 
ods of  easing  the  alignment  problem  have  been  found. 
One  involves  the  incorporation  of  controlled  mechani- 
cal hard  points  and  the  use  of  machined  surfaces  to 
permit  single  adjustments  in  azimuth  and  elevation. 
The  self-calibrating  avionic  module,  a technique  of  re- 
ducing avionic  adjustments  in  digital  subsystems,  offers 
potential  for  helicopter  application.  Self-eahbrating 
modules  employ  digital  logic  circuitry  that  allows  the 
regulation  and  correction  of  input  and  output  data. 

Accuracy  requirements  associated  with  air  data  sub- 
systems sometimes  necessitate  the  use  of  calibration,  or 
compensatory,  circuits  mounted  on  circuit  cards, 
w hich  provides  compatibility  of  a pressure  sensor  with 
the  subsystem.  For  interchangeability,  the  peculiar  sen- 
sor card  and  sensor  can  be  packaged  together  so  that 
the  individually  noninterchangeahle  components 
become  a single  interchangeable  package. 

The  design  of  wire  bundles  and  harness  assemblies 
mounted  ir.  airframes  and  within  equipment  assemblies 
should  receive  particular  attention  in  helicopter  design. 
Layout  within  structures,  restraint  methods,  and  size 
should  be  considered  carefully  to  ease  replacement. 
One  possibility  for  interchangeability  is  to  use  wire 
harnesses  assembled  with  disposable  nylon  ties  that  do 
not  terminate  in  serewdown  or  solder  terminal  boards, 
and  that  serve  a limited  number  of  functional  subsys- 
tems. Such  assemblies  offer  the  obvious  advantage  of 
ease  of  replacement  by  lower  levels  of  maintenance. 

At  the  higher  levels  of  maintenance,  the  use  of  modu- 
lar design  for  interchangeable  mechanical  and  electri- 
cal component  assemblies  can  reduce  the  time  required 


to  restore  equipment  to  a servu  ••able  condition,  liven 
turbine  engines  have  been  designed  as  a group  of 
modules  that  can  he  repaired  by  t eplacement  of  the 
failed  module.  On  the  flight  line,  these  engines  can  be 
replaced  as  a complete  unit  rapidly  and  easily  by  using 
an  installation  technique  similar  to  the  rack  and  panel 
type.  An  adaptation  of  this  installation  method  may  be 
suitable  in  certain  helicopter  applications.  Rack  and 
panel  installations  of  airborne  avionics  also  provide 
significant  improvements  in  the  ease  of  interchange  of 
avionic  modules  over  conventional  mounting  bolt  and 
quick  disconnect  installations 

The  use  of  Military  Standard  discrete  components 
and  piece  pari  hardware  provides  for  the  tolerance, 
manufacturing  control,  and  process  control  necessary 
to  insure  interchangeability  at  the  lowest  component 
level  Design  requirements  must  he  established  that 
assure  maximum  utilization  of  such  parts  and  permit 
deviation  only  when  justified. 

Limitations  on  the  use  of  coatings,  potting  materials, 
and  other  encapsulating  materials  over  components 
and  assemblies  must  he  established  Where  cost  of  the 
coaled  assembly  permits,  a throwaway  concept  should 
be  recommended.  All  low -cost,  notimechamcai  compo- 
nents classed  as  throwaway  items  should  be  encap- 
sulated when  practicable  to  prevent  any  attempt  at 
repair. 

11-2.2  REPLACEABILITY 

Components  are  considered  replaceable  when  they 
meet  all  requirements  of  mtotchangeabihly  except  that 
their  installation  tna;,  require  adjustments  or  opera- 
tions in  addition  to  installation  of  the  attaching  means. 
These  procedures  may  in«.'.ude  drilling,  reaming,  filing, 
trimming,  ot  other  operations  necessary  for  installation 
of  the  component  into  the  mailin’  assembly  Such  oper- 
ations do  not  include  shearing,  bending,  forming,  or 
other  basic  operations  that  cannot  be  performed  readily 
with  ordinary  hand  tools. 

Structural  component  installations  form  'he 
majority  of  this  class,  and  most  are  installed  with  rivets. 
Plate  nuts  and  other  captive  fastenct  devices  also  are 
secured  with  rivets.  The  structural  components  of  heli- 
copters and  of  installed  equipment  are  secured  m '.his 
manner  primarily  to  assure  that  structural  integrity  is 
maintained. 

Sometimes,  reduction  of  the  shaft  length  of  electrical 
components  such  as  variable  resistois  is  required  to 
conform  with  specific  installation  requirement  j rim- 
ming of  components  genet  ally  ts  required  to  provide  a 
component  that  can  be  used  in  seveial  applications 
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The  widespread  use  of  components  that  must  be 
processed  prior  to  installation  is  undesirable,  but  they 
may  be  employed  to  facilitate  meeting  environmental 
requirements  (vibration,  shock,  and  strength).  Their 
use  in  other  applications  is  reasonable  when  the  failure 
rate  of  the  components  is  low  enough  to  indicate  an 
extremely  low  probability  of  repair.  The  consequences 
of  using  components  that  must  be  processed  prior  to 
their  installation  are  increased  MMH/FH  and  MTTR, 
additional  complexity  of  maintenance,  and  increased 
maintenaru.  - >.  potential.  Any  trade-ofT  involving  a 

consideration  - leir  use  must  be  justified  on  the  basis 
that  it  is  the  or,  ,y  ceptable  solution  to  meeting  design 
requirements.  Item  cost,  by  itself,  cannot  be  the  decid- 
ing factor.  Any  savings  in  obtaining  the  component  in 
its  noninterchangeable  form  may  be  lost  in  an  increase 
in  the  cost  of  performing  the  work  prior  to  installation 
and  the  reduced  helicopter  availability  due  to  increased 
maintenance  downtime. 

Certain  items  in  the  replacement  part  category  are 
not  components  in  the  normal  sense.  Repair  stock  used 
to  patch  the  skin  or  equipment  fairings  is  used  com- 
monly and  justifiably,  preferably  by  maintenance  per- 
sonnel at  the  direct  support  level.  Its  use  permits 
needed  repairs  at  an  austere  site  and  makes  it  unneces- 
sary to  stock  large  preformed  skin  sections  and  fairings. 
Sheet  metal,  usually  aluminum,  of  the  type  used  to 
cover  the  frame,  and  Fiberglas  kits  for  fairing  repairs 
are  maintained  for  this  purpose.  Any  major  repairs — 
where  extensive  forming  or  rebuilding  is  required — 
should  be  performed  at  higher  levels  of  maintenance. 
Avionic  and  other  mechanical  equipment  requiring  re- 
pairs of  this  type  should  be  sent  to  higher  maintenance 
levels  because  the  suitability  of  such  repairs  and  the 
equipment  performance  cannot  be  verified  with  the  test 
equipment  normally  available  at  the  lower  levels. 

11-3  STANDARDIZATION 

There  are  levels  of  standardization  applicable  to  heli- 
copter system  design  that  have  separate  and  distinct 
out  related  advantages.  The  extent  to  which  standardi- 
zation benefits  system  development  is  dependent  in  one 
respect  upon  system  and  equipment  performance  and 
design  requirements.  Requirements  that  permit  the  use 
of  existing  developed  subsystem  equipment  or  the  mod- 
ification of  such  equipment  without  a complete  devel- 
opment program  are  especially  advantageous.  Subsys- 
tems— such  as  engine,  armament,  navigation,  fire 
control,  communication,  and  airframe — that  can  be 
used  in  or  adapted  to  the  new  system  requirements 
provide  the  following  advantages: 


1 . Decrease  in  weapon  acquisition  and  ownership 
costs  due  to  reduction  of: 

a.  Scope  of  design  development  program 

b.  Scope  of  official  qualification  requirements 

c.  Training  requirements 

d.  Introduction  of  new  spares 

e.  New  tool  requirements 

f.  Requirements  for  special  support  equipment 

2.  More  rapid  development  of  the  total  system 

3.  Product  improvement  through  modification  of 
equipment  to  correct  design  deficiencies  recognized  by 
using  organizations,  and/or  by  taking  advantage  of 
state-of-the-art  improvements 

4.  Compatibility  with  special  tools  and  support 
equipment 

5.  Experience  of  maintenance  technicians. 

Although  all  of  the  advantages  described  may  not 
result  from  subsystem  standardization  for  a particular 
application,  only  partial  benefits  are  required  to  realize 
a significant  savings  in  cost  of  development  and  owner- 
ship. Attainment  of  these  savings  must  begin  in  the 
proposal  design  phase.  The  system  specification  should 
be  studied  in  detail  and  its  requirements  compared  with 
equipment  specifications  of  procured  equipment.  Stud- 
ies of  this  nature  should  not  be  limited  to  Army  inven- 
tories alone,  but  should  evaluate  other  military,  federal, 
or  commercial  equipment.  For  example,  head-up  dis- 
plays, central  computers,  instrumentation,  and  fuel 
control  components  used  in  high-performance  aircraft 
might  be  adaptable  readily  to  meet  helicopter  equip- 
ment specifications. 

A more  common  form  of  standardization — the  use 
of  standard  parts — offers  obvious  potential  for  the  de- 
sign of  new  equipment.  Standard  parts  are  identified  by 
Air  Force-Navy  (AN),  Military  Standard  (MS),  Joint 
Air  Force-Navy  (JAN),  and  National  Aeronautical 
Standard  (NAS)  prefixes  followed  by  a numerical  suf- 
fix. This  designation  identifies  the  mechanical  or  elec- 
trical equipment  component  as  complying  with  a Gov- 
ernmental specification.  The  component  is  designed, 
fabricated,  and  finished  to  the  requirements  peculiar  to 
that  specification  and  may  be  available  for  procure- 
ment by  order  from  a number  of  manufacturers.  The 
production  of  the  standard  component  is  subject  to 
inspections  and  tests  at  the  manufacturer's  facility  to 
assure  that  the  component  physical  and  functional 
characteristics  are  interchangeable  and  as  specified. 

Requiring  incorporation  of  standard  components  in 
new  equipment  design  is  essential  to  reducing  the  quan- 
tities of  component  spares  and  simplifying  the  procure- 
ment process.  Deviations  from  the  requirement,  al- 
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though  sometimes  necessary,  must  be  limited  in  order 
to  avoid  the  complications  associated  with  nonstandard 
part  use.  Nonstandard  parts  may  penalize  support  and 
add  to  development  cost  because: 

1.  The  parts  must  be  specially  manufactured 

2.  The  parts  must  pass  qualification  tests  prior  to 
use 

3.  A sole  source  of  supply  may  exist  for  the  part, 
in  which  case  the  source  may  go  out  of  business  and/or 
a second  source  must  be  found. 

One  method  of  attaining  maximum  part  standardiza- 
tion is  to  establish  a master  standard  part  list.  There  are 
many  standard  parts,  and  any  one  contractor  involved 
in  the  design  of  a helicopter  is  likely  to  maintain  a list 
of  preferred  standard  and  special  parts  based  upon  his 
part  investigations  and  applications.  These  preferred 
part  lists  c m vary  radically  from  one  contractor  to 
r. . i 'the i if  each  contractor  designs  to  his  own  list,  a 
lai.’i-  i;  imber  of  differing  parts  is  required  to  support 
the  ;,stem.  The  majority  of  parts  in  this  case  may  be 
standard  but  the  quantities  of  distinct  tvpes  are  a bur- 
den to  maintain.  Reduction  in  the  number  of  types 
required  to  support  the  system  is  obtained  through  the 
development  of  a single  master  standard  preferred  part 
list.  Cost  reduction  also  is  attained  when  a single  con- 
tractor is  responsible  for  the  ordering  and  distribution 
of  parts  to  associate  contractors.  Criteria  for  the  selec- 
tion of  preferred  parts  are  established  by  the  contrac- 
tors as  a joint  effort  that  takes  advantage  of  each  con- 
tractor's experience  related  to  the  use  of  the  part.  The 
individual  part  then  is  selected  on  the  basis  of  its  relia- 
bility. maintainability,  and  environmental  characteris- 
tics. 

Existing  ground  support  equipment  and  tools  should 
be  usable  for  the  new  helicopter  system.  Design  re- 
quirements must  specify  that  the  helicopter  be  compati- 
ble with  electrical  power,  hydraulic  power,  pneumatic 
power,  and  test  and  refueling  equipment,  The  perform- 
ance characteristics  of  this  equipment  also  must  be 
compatible.  Standard  mechanics'  tools  should  be  suffi- 
cient to  remove  and  install  all  common  helicopter 
equipment  and  the  requirement  for  special  tools  should 
be  kept  to  an  absolute  minimum. 

Compatibility  with  existing  automatic  test  equip- 
ment is  another  important  aspect  of  standardization. 

T his  equipment  is  used  to  confirm  the  presence  of  mal- 
functions, locale  the  malfunction,  and  perform  repair 
verification  testing. 


11-4  ACCESSIBILITY 

Helicopter  accessibility  often  is  limited  because  of 
the  necessity  of  meeting  physical  design  constraints 
imposed  upon  the  system  to  assure  performance  and 
other  design  requirements.  The  specific  physical  design 
requirements  affecting  accessibility  are  weight,  volume, 
CG  limitation,  and  structural  integrity.  These  charac- 
teristics in  turn  affect  the  density  of  equipment  installa- 
tions; selection  of  installation  locations;  and  the  size, 
methods  of  security,  and  numbers  of  access  panels/- 
doors.  Flight  performance  requirements  normally  do 
not  permit  external  installation  of  equipment  except  for 
special  applications  such  as  releasable  fuel  and  weapon 
stores.  Optimum  location  of  equipment  components 
not  always  is  permissible  because  of  the  effects  of  equip- 
ment weight  on  the  CG.  Physical  configurations  often 
require  that  equipment  be  installed  in  dense  arrays 
wherein  equipment  access  is  impeded  by  the  proximity 
of  surrounding  equipment.  Structural  integrity  requires 
the  use  of  braces  and  ribs  to  strengthen  helicopter 
structure  and  also  requires  that  access  doors  located  at 
certain  locations  be  secured  with  quantities  of  struc- 
tural mounting  bolts.  The  permissible  size  of  access 
doors  at  certain  critical  locations  also  is  limited. 

Rapid  and  easy  access  to  equipment  is  required  to 
perform  servicing  and  preventive  and  corrective  main- 
tenance within  a reasonable  amount  of  time.  Therefore, 
accessibility  priorities  must  be  established  during  the 
preliminary  design  phase  to  insure  that  special  design 
attention  is  focused  upon  access  to  critical  equipment 
and  interfaces.  The  factors  that  should  be  considered 
when  establishing  these  priorities  are,  in  order  of  im- 
portance: 

1.  Servicing  to  satisfy  operational  requirements. 
Fueling,  munition  loading,  and  other  mission-depend- 
ent requirements  demand  that  access  to  helicopter 
ground  support  equipment  interfaces  and  preflight- 
inspected  equipment  be  attained  quickly. 

2.  Frequently  performed  scheduled  maintenance. 
Daily  and  weekly  inspection  tasks  account  for  a signifi- 
cant percentage  of  all  maintenance  time  expenditures  at 
the  organizational  level.  Prov  iding  ready  access  for  per- 
forming inspection  and  servicing  tasks  facilitates  the 
performance  of  these  tasks  and  reduces  the  mainte- 
nance load. 

3.  Frequently  performed  corrective  maintenance. 
Equipment  with  a relatively  high  failure  rate  should  be 
located  in  readily  accessible  positions  within  the  heli- 
copter 

4 Infrequently  performed  scheduled  and  unsched- 
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uled  maintenance  tasks.  Access  to  support  these  tasks 
is  given  the  lowest  priority. 

} 

The  developing  installation  design  should  he  moni- 
tored to  assure  that  access  requirements  are  met.  De- 
s*'n  features  that  aid  accessibility  are: 

1.  Location  of  access  doors  at  heights  where  they 
may  be  opened  and  closed  readily  at  normal  working 
levels  without  auxiliary  stands  or  other  equipment.  All 
high-priority  equipment  and  interfaces  should  have  this 
characteristic. 

2.  Incorporation  of  builtin  aids  such  as  walkways, 
work  surfaces,  and  telescoping  ladders  that  afford  ac- 
cess to  work  areas  that  are  out  of  normal  reach  and 
otherwise  would  require  maintenance  stands  or  other 
equipment  to  reach  them 

3.  Provision  of  spring-loaded,  single-fastener,  or 
latch-secured  doors  at  refueling,  rearming,  and  ground 
power  interfaces 

4.  Location  of  inspection  gages,  meters,  mainte- 
nance panels,  high  failure  rate  equipment,  fluid  fill 
ports,  and  support  equipment  behind  readily  actuated 
doors 

5.  Provision  of  inspection  windows  or  directly  ac- 
cessible indicators  for  determining  fluid  levels,  pres- 
sures, weapon  safing,  rounds  remaining,  and  filter 
status 

6.  Provision  of  hinged  doors  in  lieu  of  panels  re- 
quiring complete  removal  to  obtain  access 

7.  Placement  of  access  doors  within  larger  struc- 
tural doors  when  it  is  necessary  to  attain  quick  access 
to  facilitate  high-priority  maintenance  tasks 

8.  Lise  of  rack  and  panel  installations.  This  type  of 
installation  is  particularly  advantageous  because  the 
need  for  access  to  disconnect  and  connect  the  equip- 
ment is  eliminated  or  reduced  substantially. 

9.  Location  of  equipment  connectors,  metering  de- 
vices, controls,  and  indicators  on  the  most  accessible 
equipment  surface 

10.  Provision  of  mechanical  stops  or  braces  to  hold 
access  doors  open 

1 1 . Avoidance  of  locations  (for  high-priority  ac- 
cess) that  feature  proximity  to  bulkheads,  rods,  wire 
harness,  pneumatic  and  hydraulic  lines,  shelves,  struc- 
tural ribs,  or  other  potential  sources  of  access  interfer- 
ence 

12.  Provision  of  equipment  bays  wherein  arrays  of 
subsystem  equipment  are  installed  by  rack  and  panel 
methods.  The  equipment  installed  in  such  bays  should 
be  components  of  the  same  subsystem  and  interfacing 
subsystems  in  order  to  facilitate  maintenance. 


1 3.  Provision  of  test  points  and  adjustment  controls 
that  are  accessible  directly  without  requiring  case  cov- 
ers or  panels  to  be  removed 

14.  Use  of  minimum  quantities  of  captive  quick  re- 
lease fasteners  to  secure  case  covers  and  panels 

15.  Location  of  subassemblies  with  high  failure 
rates  in  a manner  that  assures  immediate  access  for 
maintenance  after  covers  or  panels  are  removed 

16.  Packaging  of  meters  and  controls  in  modules  to 
allow  their  removal  from  equipment  without  requiring 
cover  or  panel  removal 

17.  Provision  of  direct  access  to  mounting  screws 
and  bolts,  and  incorporation  of  tool  guides  to  them 
when  visual  access  is  limited  or  a hazardous  condition 
exists 

18.  Avoidance  of  the  use  of  cordwood  construction 
and  installation  techniques 

19.  Avoidance  of  box-within-a-box  designs  except 
as  they  are  necessary  to  permit  pressurization  or  pro- 
vide electromagnetic  interference  protection. 

11-5  SPECIAL  TOOL 

CONSIDERATIONS 

The  need  for  special  tools  such  as  jigs,  fixtures,  and 
templates  to  support  maintenance  actions  is  undesira- 
ble. The  factors  that  follow  should  be  considered  in  the 
event  that  a special  maintenance  tool  requirement  is 
being  considered  in  the  design: 

1.  Cost.  Use  of  special  tools  involves  more  than  the 
cost  of  their  design  and  fabrication.  MIL-STD-454 
specifies  that  the  special  tools  be  mounted  accessibly 
within  equipment  or  in  arrays  located  near  the  equip- 
ment installation.  Conformance  to  this  requirement 
adds  to  the  cost  of  the  design  installation  and  of  the 
securing  fixture.  A worst-case  possibility  of  satisfying 
this  requirement  is  the  necessity  of  extensive  equipment 
design  to  accommodate  the  tool. 

2.  Maintenance  and  human  factors  engineering. 
Technicians  do  not  like  to  use  special  tools  and  often 
find  other  means  of  accomplishing  tasks  that  the  spe- 
cial tool  was  designed  to  support  (Ref.  3).  Individual 
refusal  to  use  the  special  tool  also  could  cause  the  task 
to  be  omitted  or  performed  improperly,  with  resultant 
damage  to  the  equipment. 

Maintenance  time  sometimes  is  increased  when  a 
special  tool  is  used.  This  is  because  the  amount  of  time 
to  perform  the  maintenance  tasks  must  include  time  to 
secure  the  tool.  At  maintenance  levels  higher  than  the 
organizational  level,  special  tools  generally  are  kept  in 
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u tool  crib  with  access  and  inventory  control  proce- 
dures imposed.  If  a special  tool  is  lost  or  misplaced,  it 
becomes  a critical  item  if  a replacement  cannot  be  ob- 
tained readily.  The  technician's  unfamiliarity  with  the 
special  tool  also  hampers  its  use.  The  technicians  avail- 
able often  are  involved  in  on-the-job  training  programs 
and  have  no  prior  knowledge  of  the  special  tool. 


11-6  MAXIMUM  TIME  BETWEEN 
OVERHAULS (TBO) 

1 1-6.1  FACTORS  IN  DETERMINING  OPTIMUM 
TBO 

Overhauls  are  required  to  assure  continued  perform- 
ance. arrest  degradation,  and  restore  mechanical  and 
electrical  subsystems  to  their  specified  operating  condi- 
tions throughout  their  useful  lives.  Helicopter  engines, 
transmissions,  weapons,  flight  controls,  hydraulic  sub- 
system components,  electrical  power  generating  com- 
ponents. and  landing  gear  make  up  the  bulk  of  helicop- 
ter equipment  requiring  overhaul.  Avionic  subsystems 
characteristically  do  not  require  overhaul  because  of 
their  peculiar  component  life  characteristics.  The 
necessity  for  overhaul  of  mechanical  equipment  is  in- 
herent within  the  subsystem  components  themselves 
and  is  dependent  upon  their  operational  environment, 
the  physical  properties  of  the  materials  used  to  fabri- 
cate them,  and  the  processes  used  to  protect  them  in 
their  environment. 

Manufacturers  of  equipment  recommend  overhaul 
intervals.  The  basis  for  their  recommendations  is 
derived  from  the  failure  history  of  similar  components 
used  in  like  applications,  the  results  of  dynamic  testing 
of  components,  and  the  analysis  of  materials.  Addition- 
ally, the  manufacturer  must  factor  in  the  elements  of 
the  new  design  that  affect  overhaul. 

The  new  design  may  use  materials  and  processes 
having  little  history  by  which  an  accurate  overhaul 
estimate  can  be  made.  On  the  other  hand,  the  materials 
and  processes  may  have  properties  that  appear  to  per- 
mit a state-of-the-art  advancement  in  the  equipment 
design.  Some  properties  that  affect  overhaul  intervals 
arc  wear,  fatigue,  corrosion,  erosion,  crystallization, 
and  fracture.  Materials  that  resist  failures  due  to  their 
being  less  susceptible  to  these  factors  are  the  most 
desirable  for  use  in  mechanical  equipment  design.  The 
use  of  these  materials  should  be  on  such  a scale  that  an 
even  distribution  of  degradation  occurs  within  the 
equipment  in  the  prescribed  environment  and  opera- 
tion. The  use  of  materials  with  substantial  differences 
in  resistance  properties  will  promote  a condition 


wherein  the  life  of  the  least  resistant  material  estab- 
lishes the  overhaul  interval.  Less  resistant  materials 
have  a place  in  the  design  and  may  be  used  effectively 
in  applications  where  they  are  not  subject  to  stress  and 
wear  and  have  finishes  that  provide  resistance  to  gal- 
vanic corrosion  and  moisture. 

The  use  of  modular  design  permits  a reduction  in  the 
complexity  of  overhaul  tasks  and  an  increase  in  inter- 
vals between  overhauls.  This  increase  will  be  due 
primarily  to  the  reduced  number  of  components  subject 
to  environmental  degradation;  consequently,  interval 
selection  is  less  critical. 


11-6.2  ADVANCES  IN  AIRBORNE 
MONITORING  SYSTEMS 

Airborne  Integrated  Data  Systems  (AIDS)  and  En- 
gine Control  and  Monitor  Systems  (ENCOMS)  are  re- 
cent developments  applicable  to  helicopters  that  were 
made  possible  by  component  state-of-the-art  advance- 
ments. Digital  and  sensor  technological  improvements 
are  the  primary  factors  permitting  the  use  of  these 
systems  in  airborne  applications. 

A typical  AIDS  consists  of  sensors,  comparators, 
multiplexer  computer,  data  processor,  recorder,  and 
annunciator  panel.  The  sensors  and  comparators  per- 
mit the  monitoring  of  temperatures,  vibration  ampli- 
tudes, and  acceleration  to  determine  operating  condi- 
tions and  detect  deviation  of  these  parameters  from 
prescribed  limits.  The  multiplexer  is  programmed  to 
sample  the  sensed  data  periodically.  A computer  and 
processor  then  convert  these  data  into  digital  form  for 
recording  and  display  on  the  annunciator  panel.  The 
annunciator  panel  provides  the  aircrew  with  data  on 
equipment  condition.  The  recorder  permits  retrieval  of 
this  information  for  subsequent  analysis  if  desired. 

AIDS  equipment  provides  several  features  particu- 
larly attractive  for  the  performance  of  maintenance. 
The  typical  capabilities  of  an  AIDS  are: 

1 . Monitoring  and  isolating  faults  in  avionic  sub- 
systems 

2.  Monitoring  and  controlling  engine  status  and 

performance.  Where  sufficient  information  is  provided, 
the  AIDS  data  can  be  analyzed  to  indicate  that  degra- 
dation of  engine  components  has  progressed  to  the 
point  that  overhaul  is  due.  The  overhaul  then  can  be 
performed  in  response  to  a measured  need  rather  than 
in  accordance  with  a schedule  established  on  the  basis 
of  statistical  study  of  similar  engine  uses.  — 

3.  Gathering  data  on  the  stresses  applied  to  struc- 
tures  and  the  numbers  of  limes  that  established  stress 
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limits  have  been  exceeded.  These  data  may  be  used  to 
determine  when  inspections  of  structures  are  required. 

4.  Gathering  other  flight  history  data.  These  data 
are  used  to  detect  potential  design  deficiencies  and  to 
provide  a basis  for  product  improvement  decisions. 

ENCOMS  are  similar  to  AIDS  except  that  the 
capabilities  are  limited  to  the  collection  and  analysis  of 
engine  data  only. 

Incorporation  of  an  airborne  monitoring  system  in 
smaller  helicopters  would  not  appear  practical  from 
cost,  weight,  and  subsystem  complexity  points  of  view 
in  light  of  the  current  state  of  development.  For  larger 
helicopters,  the  size  and  weight  of  the  airborne  moni- 
toring system  might  be  reduced  if  ground  equipment 
were  provided  to  process  and  display  selected  informa- 
tion. 

Where  weight,  volumes,  and  cost  constraints  are  less 
critical,  the  possibility  exists  for  expanding  the  moni- 
toring. display,  and  computer  capacity  of  airborne 
monitoring  systems  to  store  diagnostic  and  repair  in- 
structions. The  use  of  a complete  airborne  monitoring 
capability  of  this  scope  could  provide  the  potential  to: 

1.  Ease  maintenance  technical  requirements  by 
providing  the  technician  with  aids  for  isolation  of  faults 
and  instructions  to  guide  the  repair 

2.  Preclude  the  performance  of  unnecessary  sched- 
uled maintenance 

3.  Detect  potentially  hazardous  conditions 

4.  Increase  helicopter  system  effectiveness. 

11-7  MINIMUM  INSPECTION 

Scheduled  inspections  of  helicopters  and  helicoptei 
installed  equipment  generally  are  performed  by  techni- 
cians either  by  visual  observations  or  with  the  aid  of 
special  equipment  such  ar,  an  X ray  or  a dye  penetrant 
for  airframe  structural  checks.  Maintenance  actions 
normally  are  initiated  to  correct  deficiencies  found  dur- 
ing the  course  of  inspection.  Inspection  thus  provides 
the  following  benefits: 

1.  Sustains  aircrew  confidence  in  the  integrity  of 
the  aircraft 

2.  Uncovers  potentially  hazardous  conditions 
prior  to  flight 

3.  Provides  a means  of  identifying  conditions  that 
might  prevent  successful  mission  performance 

4.  Determines  the  effectiveness  of  corrosion  con- 
trol programs  and  other  preventive  maintenance  tasks 

5.  Detects  malfunctions  of  equipment  subsystems, 
particularly  of  little-used  modes  of  operation. 


The  inspection  requirements  can  he  justified  readily 
when  the  benefits  of  inspection  are  considered  and  the 
consequences  of  failing  to  make  the  inspections  are 
understood.  Scheduled  inspection,  however,  represent 
a significant  maintenance  load  to  the  maintenance  crew 
at  the  organization  level.  Daily  inspections  in  particu- 
lar tax  the  capabilities  of  using  units.  In  actual  practice, 
technicians  tend  to  concentrate  on  inoperative  umis: 
thus,  the  inspections  may  be  cut  short  or  neglected.  The 
helicopter  designer,  therefore,  should  incorporate  de- 
sign features  that  minimize  the  necessity  of  performing 
inspections  and  make  inspection  requirements  as  sim- 
ple as  possible. 

Minimizing  inspection  requirements  is  achieved  best 
by  using  inspection  standards  such  as  MIL-M-5O>0 
The  inspection  criteria  become  the  basis  for  prelimi- 
nary inspection  requirements.  Flight  test  programs  can 
be  used  to  verify  the  effectiveness  of  the  inspection 
requirements.  An  inspection  validation  program  pro- 
vides a basis  for  decisions  as  to  which  requirements  will 
be  retained  and  which  will  be  discarded.  Additionally, 
the  validation  program  can  be  used  to  identify  new 
inspection  requirements.  The  major  task  to  be  per- 
formed during  the  preliminary  design  period  is  to 
translate  the  inspection  requirement  criteria  into 
preliminary  inspection  requirements.  Criteria  used  for 
this  purpose  are: 

1.  Inspections  that  will  guard  against  hazards  lhal 
could  contribute  to  equipment  damage  and  affect  per- 
sonnel safety 

2.  Inspections  that  insure  that  systems,  assemblies, 
and  components  checked  or  removed  during  the  course 
of  maintenance  are  reinstalled  properly  and  secure 

3.  Inspections  that  will  insure  early  detection  and 
correction  of  defects 

4.  Inspections  that  will  assure  a thorough  and  con- 
tinuing effort  to  minimize  or  prevent  the  development 
of  corrosion  and  will  assure  the  early  recognition  of 
corrosion-producing  conditions 

5.  Requirements  thai  will  assure  that  inspection, 
test,  replacement,  etc.,  needed  on  a repeating  basis  are 
accomplished 

6.  Assurance  that  no  inspection  is  required  of 
items  that  are  observed  daily  during  equipment  opeia- 
tion  or  that  are  monitored  during  operation  (equipment 
that  is  automatically  monitored  by  built  in  test) 

7.  Assurance  that  every  inspection  of  components 
permits  determination  of  component  condition. 

Simplification  of  inspections  should  be  considered  a 
design  requirement.  One  of  the  most  effective  ways  of 
simplifying  inspection  is  to  provide  rapid,  simple  access 
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lo  the  area  to  be  inspected.  The  techniques  and  criteria 
for  attuning  the  necessary  accessibility  are  discussed  in 
par.  1 1-4.  Another  means  of  simplifying  inspection  is  to 
provide  builtin  inspection  aids.  For  example,  air  vehicle 
tires  have  been  designed  with  inspection  aids  such  as 
grooves  or  holes  in  the  tread  that,  when  worn  to  a 
specified  level,  indicate  that  the  tire  requires  change. 
Hydraulic  filters  are  designed  with  flag  indicators  that 
alert  the  inspector  that  they  should  be  replaced  or 
cleaned.  Similar  aids  should  be  considered  and  incor- 
porated whenever  possible.  The  procedure  of  inspec- 
tion itself  provides  a means  of  simplification.  Inspec- 
tion procedures  should  be  written  in  simple  syntax  with 
a limited  and  consistent  vocabulary  and  using  a se- 
quence of  steps  that  yields  the  most  effective  use  of 
maintenance  time.  The  instructions  for  the  preparation 
of  inspection  procedures  and  work  cards  have  been 
standardized  in  MIL-M-5096. 

11-8  GROUND  SUPPORT  EQUIPMENT 
(GSE)  INTERFACE 

The  capabilities  that  make  helicopters  desirable, 
such  as  operation  from  remote  sites  and  from  unim- 
proved fields,  also  suggest  that  the  needs  for  ground 
support  equipment  be  minimized  and  standardized  to 
permit  flexibility  of  use.  Requirements  for  the  GSE 
should  be  established  simultaneously  with  the  helicop- 
ter design  development.  If  self-sufficiency  of  the  heli- 
copter in  an  austere  environment  is  a primary  design 
goal,  it  is  achieved  best  if  all  maintenance  support 
equipment  is  self-contained.  Total  self-sufficiency  is,  of 
course,  beyond  attainment  within  normal  economic 
constraints. 

Builtin  test  (BIT),  one  of  the  most  promising  current 
technological  advances,  offers  the  potential  for  reduc- 
ing GSE  requirements  at  the  organizational  level  of 
maintenance.  BIT  is  discussed  briefly  in  par,  11-1.3. 
BIT  use  has  been  associated  predominantly  wi;h  elec- 
tronic and  electrical  subsystem  equipment,  and  it  has 
served  to  reduce  associated  GSE  requirements  substan- 
tially. The  AIDS  and  ENCOMS  subsystems  discussed 
in  par.  11-6  indicate  that  BIT  capabilities  adaptable  to 
mechanical  subsystems  possess  further  potential  for  re- 
ducing GSE.  The  self  test,  fault  detection,  and  fault 
isolation  capabilities  of  BIT  eliminate  both  the  stand- 
ard and  ..pedal  GSE  required  to  support  corrective 
maintenance  and  scheduled  functional  tests  of  equip- 
ment. BIT.  coupled  with  technological  improvements 
in  avionic  design,  has  all  but  eliminated  requirements 
for  performing  functional  tests  and  has  reduced  re- 
quirements for  inspections  prior  to  flight.  Automatic 


BIT,  coupled  with  maintenance  instructions  (a  status 
panel  and  failure  indicators),  also  is  easier  to  use  than 
GSE  when  |>erforming  corrective  maintenance  and  has 
the  added  advantage  that  it  does  not  have  to  be  ob- 
tained, transported,  connected,  and  disconnected.  The 
penalties  realized  by  its  use  are  increased  equipment 
weight,  cost,  complexity,  failure  rate,  and  volume. 
However,  the  development  of  integrated  circuitry  and 
digital  techniques  is  reducing  rapidly  the  disadvantages 
of  BIT  and  permitting  an  increasing  capability  in  terms 
of  percentage  of  fault  isolation  allowable  without  seri- 
ous penalty. 

An  additional  capability  of  BIT  that  has  not  been 
used  to  any  major  extent  is  its  application  in  detecting 
and  isolating  faults  in  modules  of  replaceable  assem- 
blies. Incorporation  of  this  capability  would  entail  ad- 
ditional BIT  complexity  but  also  would  serve  to  reduce 
GSE  requirements  at  the  direct  support  level  and  possi- 
bly beyond.  As  the  direct  support  maintenance  facility 
in  the  field  is  austere,  the  advantages  realized  from  this 
feature  would  be  similar  to  those  described  for  the 
organizational  level  of  maintenance.  This  capability 
would  require  that  equipment  modules  be  provided 
with  fault  indicators  similar  to  those  used  on  the  heli- 
copter replaceable  assemblies  using  conventional  BIT 
capabilities. 

The  elimination  of  other  GSE  such  as  hydraulic- 
power  carts  and  electrical  power  generating  units  also 
can  be  achieved.  Some  helicopters  are  provided  with 
onboard  auxiliary  electrical  power  units  that  permit 
operating  of  subsystems  on  the  ground  to  perform 
verification.  Also,  incorporating  an  electric  motor- 
driven  hydraulic  pump  to  permit  hydraulic  subsystem 
operation  would  eliminate  two  of  the  largest  GSE  items 
normally  required,  the  auxiliary  hydraulic  and  electri- 
cal power  units.  The  helicopter  still  would  retain  the 
compatible  interface  connector  for  use  with  existing 
auxiliary  hydraulic  and  electrical  power  units  to  con- 
serve the  onboard  units  for  austere  site  use.  However, 
this  auxiliary  power  feature  would  be  limited  to  heli- 
copters that  could  afford  the  weight  and  volume  repre- 
sented by  the  addition.  The  auxiliary  electrical  power 
unit  would  exact  the  greatest  penalty:  electric  motor- 
driven.  compact,  lightweight  hydraulic  pumps  have 
been  developed  that  provide  pressures  and  (low  rates 
consistent  with  helicopter  requirements.  Currently,  gas 
turbine  electrical  generators  provide  the  best  physical 
characteristics  for  use  as  auxiliary  e!-vt  rival  power 
units. 

The  smaller  GSE,  such  as  level-.,  gages,  them?. ■'me- 
ters, and  meters,  also  can  be  built  into  the  helicopter 
either  as  modified  versions  of  the  GSE  it  is  replacing  or 
as  a IH1  function,  if  practicable.  The  advantages  of  the 
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huiltins  are  reduced  here  because  supplying  these  small 
) items  at  an  austere  site  is  accomplished  more  easily. 

As  GSE  requirements  are  identified,  currently  avail- 
able GSE  as  defined  in  MIL-HDBK-300  should  be 
studied  to  determine  which  existing  items  will  meet  the 
new  helicopter  requirements  or  whether  the  helicopter 
design  can  be  changed  to  enable  it  to  use  existing  GSE 
without  compromising  system  objectives.  When  the 
GSE  capabilities  are  compatible  with  the  identified  de- 
sign requirements,  the  design  also  must  provide  a com- 
patible GSE-to-helicopter  interface.  Compatible  con- 
nectors. fluid  ports,  etc.,  should  be  of  a size  and  type 
that  permit  direct  connection  to  the  GSE.  Failing  this 
degree  of  compatibility,  adapters  should  be  designed  to 
provide  the  desired  interface  compatibility. 

At  the  higher  levels  of  maintenance — particularly 
depot,  where  automatic  support  equipment  composed 
of  a variety  of  components  is  used — compatibility  also 
should  influence  the  design.  The  types  of  test  connec- 
tors used  with  the  equipment  are  of  particular  impor- 
tance. The  versatility  of  the  automatic  test  equipment 
will  not  penalize  or  restrict  the  equipment  design  in 
, other  ways.  As  an  example,  if  a requirement  to  measure 
a parameter  is  identified  as  being  beyond  the  capabili- 
ties of  the  automatic  test  equipment,  this  new  capability 
can  be  added  to  the  GSE.  This  may  be  made  possible, 
for  example,  by  the  simple  reprogramming  of  a tape- 
driven  test  command  unit.  The  number  of  building 
blocks  and  test  equipment  components,  and  the  range 
of  capabilities  of  the  building  blocks,  make  it  unlikely 
that  any  additional  requirement  will  be  placed  on.  the 
command  unit.  When  the  interface  between  the  GSE 
and  the  equipment  is  compatible,  all  that  is  required  to 
permit  testing  of  the  equipment  is  to  establish  the  ap- 
propriate levels  for  the  test  parameters  of  time,  stimu- 
lus, and  response  to  make  an  equipment  test  tape. 

The  direct  support  and  general  support  levels  of 
maintenance  are  provided  with  equipment  and  module 
test  sets  and  standard  test  equipment.  Standard  test 
equipment  available  to  these  levels  includes  multime- 
ters, oscilloscopes,  voltmeters  engine  test  stands, 
weapon  mounting  fixtures,  and  other  electrical  and  me- 
chanical test  sets  and  fixtures.  A new  helicopter  design 
introduces  other  special  GSE  of  the  equipment  and 
module  tester  types  with  which  the  technician  must 
become  familiar.  This  new  GSE  must  be  compatible 
with  the  facility  power  and  standard  interfacing  power 
fixtures;  otherwise,  special  facilities  would  have  to  be 
designed  and  procured  to  permit  operation  of  the  new 
support  equipment. 

Handling  equipment  compatibility  also  must  be  con- 
sidered < SK  such  as  weapon  loaders,  engine  transport 
fix  lures.  ,i  >d  lugs  should  be  compatible  with  the  new 


equipment  or  compatible  when  adapters  are  supplied. 
For  example,  a weapon  loader  used  by  all  ihree  services 
(most  recently  by  the  Army  to  support  the  AH-5f>A) 
is  equipped  with  a bomb  lable  that  is  compatible  with 
a variety  of  cradles  and  other  special  fixtures.  This 
weapon  loader  is  capable  of  supporting  loading  and 
unloading  of  special  weapons,  large  missiles,  smaller 
air-to-air  missiles,  a variety  of  bombs,  tow  targets,  ex- 
ternal fuel  tanks,  and  special  purpose  pods.  Providing 
these  stores  with  hard  points  compatible  with  the 
adapters  and  tiedowns  is  all  that  usually  is  required  to 
make  this  weapon  loader  compatible  with  new  equip- 
ment. Engine  cradles  also  must  be  compatible  with  new 
engines  if  a specific  piece  of  handling  equipment  is 
considered  when  the  new  engine  is  designed.  Again, 
appropriate  hard  points  and  tiedown  areas  must  be 
incorporated  in  the  design. 

Due  to  the  uniqueness  of  some  equipment  designs, 
special  GSE  is  required  to  support  new  helicopter  sub- 
systems. The  special  GSE  should  be  designed  to  pro- 
vide maximum  ease  of  utilization,  and  rapid  fault  isola- 
tion and  test  capabilities.  Many  special  GSE  designs  in 
the  past  have  failed  to  accomplish  their  function  be- 
cause. for  the  sake  of  design  simplicity  and  economy, 
they  failed  to  have  these  desirable  characteristics.  The 
GSE  was  difficult  to  use  or  otherwise  was  undesirable 
because: 

1.  Test  control  required  the  use  of  a quantity  of 
interacting,  multiposition  switches  or  test  jacks  and 
auxiliary  test  equipment. 

2.  The  GSE  was  heavy,  requiring  two  or  more  men 
to  transport  it  to  the  helicopter. 

3.  Modifications  of  helicopter  equipment  occurred 
faster  than  update  of  the  support  equipment  capabili- 
ties. (This  could  be  avoided  if  both  the  helicopter  and 
GSE  were  procured  with  the  same  sense  of  urgency.) 

4.  Alternative  procedures  of  maintenance  were 
used  by  technicians  because  of  the  undesirable  features 
previously  listed. 

The  design  of  special  GSE,  therefore,  should  proceed 
after  consideration  of  past  design  errors.  Accordingly, 
new  designs  of  GSE  might: 

1 . Be  automatic  or  semiautomatic 

2.  Employ  medium-  or  large-scale  use  of  inte- 
grated circuits  and  digital  technology 

3.  Be  within  the  one-man-lift  capabilities  estab- 
lished by  human  factors  engineering  standards 

4.  Employ  self-contained  maintenance  instruc- 
tions 

5.  Require  minimum  judgmental  skills  from  the 

user. 
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A design  meeting  these  requirements  is  integrated 
readily  as  a valuable  maintenance  resource. 
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CHAPTER  12 

RELIABILITY  AND  AVAILABILITY 


121  INTRODUCTION 

Technological  growth  is  accelerated  by  the  continu- 
ous search  for  improved  military  weapon  systems. 
However,-  realization  of  this  improved  capability  sel- 
dom is  achievable  without  increasing  system  com- 
plexity, a factor  normally  associated  with  high  cost  and 
reduced  availability.  The  significance  of  this  apparent 
relationship  is  clear  when  one  considers  that  cost  and 
availability  are  two  of  the  primary  variables  used  to 
measure  ultimate  value  of  a military  system,  i.e.,  mis- 
sion rfftectiveness  (see  Chapter  2). 

Design  methodologies  have  been  developed  in  recent 
years  that,  when  properly  applied,  insure  that  degrada- 
tion of  availability  as  a result  of  increased  complexity 
is  held  to  a minimum.  One  of  the  prime  techniques 
employed  is  referred  to  as  “reliability  engineering". 

This  chapter  discusses  various|aspects  of  reliability 
and  their  impact  upon  the  availability  variable  used  in 
mission  effectiveness  measurements  The  purpose  is  to 
emphasize  to  the  designer  the  importance  of  including 
reliability  considerations  in  the  development  of  Army 
helicopters.  fjv 

For  the  purposes  of  this  handbook  the  following  defi- 
nitions are  applicable: 

1.  Maintenance  reliability.  The  probability  that 
the  helicopter,  when  operated  in  the  specified  environ- 
ment and  maintained  in  accordance  with  specified  pro- 
cedures, can  launch  and  complete  a specified  mission 
without  incurring  a malfunction  requiring  unscheduled 
maintenance.  Maintenance  reliability — with  its  related 
variable,  unscheduled  maintenance  frequency — is  a 
forcing  function  for  required  spares,  maintenance 
personnel  and  support  equipment  requirements,  air- 
craft availability,  and  operation  and  maintenance 
(O&M)  cost. 

2.  Mission  reliability.  The  probability  that  the  hel- 
icopter. when  operated  in  the  specified  environment 
and  maintained  in  accordance  with  specified  proce- 
dures, can  launch  and  complete  a specified  mission 
without  incurring  a malfunction  that  causes  delay,  can- 
cellation, or  abort.  Mission  reliability  is  a forcing  func- 


tion for  mission  planning,  aircraft  assignment,  and  mis- 
sion success  rate. 

3.  Flight  safety  reliability.  The  probability  that  the 
helicopter,  when  operated  in  the  specified  environment 
and  maintained  in  accordance  with  specified  proce- 
dures, can  launch  and  complete  a specified  mission 
without  incurring  a malfunction  resulting  in  loss  or 
severe  damage  to  the  aircraft. 

12-1.1  AVAILABILITY,  COMPLEXITY,  AND 
RELIABILITY 

In  Chapter  2 the  availability  A , of  a system,  in  this 
instance  a helicopter,  was  shown  to  be  a function  of  the 
combined  availabilities  of  each  of  its  major  subsystems, 
i.e., 

'N 

As  sAi  • A2  ‘A3  n (12-1) 

i=l 

where 

A,  = availability  of  an  identifiable 
(or  defined)  subsystem  (per 
AMCP  706-134) 

As  = availability  of  A'th  subsystem 
A , - system  availability 

This  same  relationship  holds  for  the  component  parts 
of  each  subsystem,  e.g., 

n 

/iv  =/1,  • A2  • A3  •••  An  = n A.  (12-2) 

/=< 

where 

A.  availability  of  an  identifiable 
component 

•I..  availability  of  wth  component 
If  necessary,  this  concept  could  be  extended  to  each 
part  of  the  entire  helicopter.  The  overall  availability, 
then,  would  become  a function  of  the  availabilities  of 
each  part. 


AMCP  706*201 


The  complexity  of  any  system  is  proportional  di- 
rectly to  the  total  number  of  discrete  elements  or  sepa- 
rate component  parts.  In  highly  complex,  nonredun- 
dant  systems  there  is  the  clear  implication  of  a 
probability  of  reduced  availability,  if  for  no  other  rea- 
son than  a dependency  upon  a greater  number  of  parts. 
If  each  of  the  parts  was  capable  of  100%  assured  per- 
formance at  all  times,  no  degradation  of  availability 
would  occur.  Unfortunately,  perfect  components  are 
not  obtainable  realistically;  hence,  the  probability  of 
lower  availability  due  to  larger  aggregations  of  parts  is 
high  (Ref.  1). 

Reliability  R,  defined  as  “the  probability  that  an  item 
will  perform  satisfactorily  for  a specified  period  of  time 
when  operated  under  prescribed  conditions",  usually  is 
based  upon  the  mean  time  between  failures  (MTBF)  or 
its  reciprocal,  failure  rate  \. 

As  with  availability,  the  reliability  R,  of  an  overall 
system  can  be  shown  (Ref.  2)  to  be  the  product  of  the 
reliability  of  each  subsystem  and,  in  turn,  each  compo- 
nent part,  e.g., 
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and 
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where 


(12-4) 


R,  = 


reliability  of  an  identifiable 
subsystem 

reliability  of  an  identifiable 
component 

reliability  of  Mh  subsystem 
reliability  of  mh  component 
system  reliability 
Because  reliability  always  is  less  than  one,  the  greater 
the  complexity  or  total  number  of  parts,  the  lower  the 
overall  reliability  and  availability  of  the  helicopter. 
This  general  relationship  is  depicted  conceptually  in 
Fig.  12-1.  Note  the  exponential  relationship  of  fail- 
ure to  complexity. 


Rj  = 

Rs 
R. n 
R> 


12-1.2  IMPROVING  RELIABILITY 

Given  that  a certain  degree  of  complexity  is  neces- 
sary if  a helicopter  is  to  satisfy  its  mission  requirements. 
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its  system  reliability  may  be  increased  by  a variety  of 
design  techniques: 

1.  Redundancy.  The  provision  of  parallel  or  multi- 
ple subsystems  or  components,  which  assures  con- 
tinuity of  performance  despite  the  failure  of  one;  nor- 
mally these  are  provided  at  the  risk  of  increased 
complexity,  size,  weight,  cost,  and  additional  mainte- 
nance requirements. 

2.  Derating.  The  operation  of  a subsystem  or  com- 
ponent at  some  level  of  performance  significantly  below 
its  maximum  design  output;  normally  provided  at  some 
sacrifice  of  size,  weight,  and  operating  efficiency. 

3.  Diagnostic  aids.  The  provision  of  subsystem  or 
component  status  monitors  that  can  predict  incipient 
failure  so  as  to  allow  remedial  replacement;  normally 
complex  devices  in  themselves,  requiring  specialized 
maintenance  provisions.  These  devices,  if  installed, 
must  comply  with  AR  705-50. 

4.  Conservative  design.  The  deliberate  design  of 
generous  safety  factors  so  as  to  insure  operational  in- 
tegrity under  a wide  variety  of  operating  conditions; 
normally  obtained  with  some  sacrifice  in  size  and 
weight. 

5.  Component  development.  The  refinement  of  de- 
sign by  repetitive  test  procedures  so  as  to  optimize  the 
safety  factors  within  the  expected  operational  environ- 
ment; requires  additional  testing  (costs)  and  demands 
accurate  specification  of  expected  operating  conditions 
(Ref.  2). 

6.  Selection.  As  part  of  the  overall  quality  assur- 
ance program,  selection  of  parts  effectively  can  enhance 
reliability.  Such  a technique  uses  some  combination  of 
100%  acceptance  testing,  burn-in,  and  overstress  "ag- 
ing''. Obviously,  there  is  a concomitant  (and  sometimes 
large)  increase  in  cost. 


Fig.  12*1.  Reliability  as  a Function  of  Complexity 
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The  appropriate  technique(s)  may  be  selected  on  the 
basis  of  trade-ofT  analyses,  the  nature  of  which  are 
dependent  strictly  upon  the  characteristics  of  the  par- 
ticular problem.  Factors  such  as  cost,  maintainability, 
size,  weight,  and  producibility — as  well  as  the  system 
mission  requirements  and  operating  environment — are 
variable  parameters  that  must  be  considered  in  such 
evaluations.  Obviously,  cost  exerts  maximum  influence 
in  most  instances.  Par.  3-4  describes  general  techniques 
for  trade-off  analyses. 

There  are  a number  of  trade-offs  required  among 
reliability  and  maintainability,  safety,  survivability, 
vulnerability,  and  human  factors  engineering  disci- 
plines. These  generally  fall  into  one  of  the  following 
categories: 

1.  Intra-reliability  trades.  Achieving  the  proper 
balance  among  the  various  reliability  parameters  of 
flight  safety,  mission  success,  and  maintenance  fre- 
quency requires  assessing  the  impact  of  effectiveness 
and  cost  on  the  system  life  cycle.  The  three  factors,  in 
effect,  compete  with,  rather  than  complement,  each 
other  during  the  design  process.  Reliability  engineer- 
ing, working  closely  with  project  designers  during  the 
performance  of  design  trades,  provides  quantitative 
data  upon  which  decisions  can  be  reached  that  will 
achieve  the  established  objectives. 

2.  Reliability,  safety,  and  survivability/vulnerabil- 
ity trades.  Survivability/vulnerability  disciplines  em- 
phasize reduction  in  the  consequences  of  equipment 
loss.  Techniques  that  accomplish  this  include  redun- 
dancy (backup  functions)  end  equipment  capable  of 
failure  detection  prior  to  progression  to  a hazardous 
state.  Unrestricted  use  of  these  approaches  can  com- 
promise reliability  because  both  add  to  the  amount  and 
complexity  of  equipment  in  the  design. 

3.  Reliability  and  human  factors  engineering 
trades.  The  human  factors  engineering  discipline  em- 
phasizes the  human  in  relation  to  ease  of  operation  and 
maintenance.  The  human  ' cto  s discipline  aids  relia- 
bility by  considering  the  duction  in  operational  and 
maintenance  engineering  ei  rors  through  proper  design, 
which,  in  turn,  reduces  equipment  malfunctions  due  to 
operator  or  maintenance  error.  Human  factors  engi- 
neers, in  their  efforts  to  reduce  crew  workloads,  can 
compromise  reliability  by  adding  relatively  complex 
automatic  features. 

4.  Reliability  and  maintainability  trades.  The 
maintainability  discipline  emphasizes  the  need  for  ease 
and  quickness  of  maintenance.  By  considering  such 
parameters  as  accessibility,  standardization,  and  diag- 
nostics, to  name  a few,  maintainability  directly  contrib- 
utes to  equipment  reliability  by  reducing  total  mainte- 
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nance  actions  and  the  related  chance  for  maintenance 
errors.  As  with  human  factors  engineering,  care  must 
be  taken  to  insure  that  maintainability  does  not  com- 
promise reliability  by  adding  complex  automatic  fea- 
tures. 


12-1.3  RELIABILITY  PREDICTION 
12-1.3.1  Purpose  and  Scope 

Reliability  engineering  techniques  are  employed  to 
insure  that  the  degree  of  system  availability  is  maxi- 
mized for  its  military  operational  role.  This  process 
normally  is  applied  throughout  the  developmental  and 
operational  life  of  the  helicopter.  Improvements  are 
being  sought  constantly. 

During  the  preliminary  design  stage,  however,  relia- 
bility engineering  primarily  is  predictive  in  nature;  i.e., 
preselected  levels  of  reliability  are  achieved  by  applica- 
tion of  design  techniques.  Normally,  considerable 
amounts  of  reliability  data  must  be  accumulated  to 
support  this  effort. 

Overall  system  reliability  need  not  be  predicted  on 
the  basis  of  exhaustive  and  conclusive  tests  to  failure  of 
each  and  every  component  part.  The  costs  and  lime 
associated  with  such  tests  would  in  most  cases  be 
prohibitive  (Ref.  3).  This  does  not  mean  that  testing  is 
of  no  value.  Material,  component  part,  and  subsystem 
tests  are  fundamental  to  the  science  of  reliability  pre- 
diction provided  the  designer  recognizes  the  inherent 
limitations  of  the  techniques,  namely: 

1.  The  intended  operational  environment  nor- 
mally cannot  be  duplicated  by  testing.  This  environ- 
ment includes  the  actual  operating  system  and  the  in- 
terrelationship of  all  components  in  that  system. 

2.  Realistic  test  limit  criteria  are  difficult  to 
specify. 

Regardless  of  the  limitations,  reliability  data  ob- 
tained from  testing  often  are  the  only  tangible  point  of 
departure  in  design. 

Other  data  sources  can  be  used.  Normally,  the  heli- 
copter is  monitored  during  all  phases  of  development, 
test,  and  service  life.  Detailed  maintenance  records  pro- 
vide failure  information  on  many  subsystems  and  com- 
ponent parts.  Vendor-supplied  component  reliability 
data  also  may  be  used. 

The  designer  should  be  aware  of  the  fact  that  failure 
rates  are  not  uniform  but  may  vary  significantly  with 
time  (par.  2-3).  The  failure  rate  data  selected  for  use  in 
reliability  prediction  must  be  truly  representative  of  the 
normal  period  of  operations.  With  new  systems,  no 
such  “experience”  data  are  available,  and  the  designer 
must  rely  on  less  valid  information. 
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Fig.  12-2.  Gaussian  Reliability  Distribution 


Although  different  systems  exhibit  markedly  differ- 
ent failure  rates,  as  time  elapses  and  a system/subsys- 
tem design  becomes  more  refined,  a large  population  of 
statistical  reliability  data — i.e.,  time-to-failure  data — 
tends  to  result  in  a bell-shaped,  normal,  or  Gaussian 
curve  as  shown  in  Fig.  12-2.  If  times  to  failure  are 
distributed  normally,  then  one  can  be  68%  confident 
that  an  item  chosen  at  random  will  operate  within  the 
mean  value  X plus  or  minus  one  standard  deviation 
cr,  95%  confident  that  it  will  operate  within  the  mean 
value  plus  or  minus  two  standard  deviations,  and 
99.1%  confident  that  it  will  operate  within  the  mean 
value  plus  or  minus  three  standard  deviations. 

The  achievement  of  desired  reliability  is  a continuing 
process  that  goes  beyond  the  design  phase.  Regardless 
of  the  accuracy  of  prediction  techniques,  considerable 
quality  control  must  be  exercised  during  manufacture 
and  assemoly  to  insure  that  reliability  objectives  will  be 
met.  Periodic  random  testing  should  be  employed  to 
insure  that  the  desired  levels  of  reliability  are  being  met 
(Ref.  4). 

12-1.3.2  System  and  Component  Reliability 

Theoretically,  every  component  of  the  helicopter 
could  limit  the  reliability  and  availability  of  the  overall 
system.  All  equipment  is  subject  to  failure,  though  the 
failure  rates  for  various  components  vary  greatly,  as  do 
the  effects  of  individual  failures.  Absolute  precision  in 
a reliability  model  for  any  helicopter  would  involve  an 
extremely  complex  set  of  relationships.  For  example, 
simultaneous  failure  of  components  A,  B,  and  C,  or  of 
A,  C,  and  D,  might  make  a system  inoperable,  whereas 
failure  of  A,  B,  and  D would  not.  Failure  of  A and  F 
might  make  failure  of  G highly  probable,  while  failure 


of  component  H might  render  the  system  unavailable 
for  mission  Type  1 but  not  for  mission  Type  2. 

Despite  these  obstacles,  the  designer  can  and  must 
identify  and  quantify  the  reliability  and  availability  of 
the  system  in  terms  of  the  reliability  and  availability  of 
its  subsystems  and  components.  The  MTBF  of  a system 
is  determined  primarily  by  the  weakest  link  or  links  in 
the  system  chain  of  components,  i.e,,  the  component 
most  likely  to  fail  in  the  shortest  time  in  the  environ- 
mental conditions  to  be  encountered.  The  following 
considerations  may  be  helpful  in  defining  subsystems 
and  components  that  tend  to  limit  helicopter  reliability 
and  availability: 

1.  Criticality  of  function.  Components  operating 
in  a series  fashion  in  performing  a critical  mission  func- 
tion affect  availability  and  reliability  in  a direct,  readily 
identifiable  manner.  The  main  rotor  and  its  associated 
nonredundant  bearings  and  linkages  are  an  example. 

2.  Degree  of  innovation.  Both  components  and 
systems  show  a strong  tendency  to  have  high  failure 
rates  durmg  the  early  part  of  their  operating  histories. 
The  more  radical  the  departure  from  conventional  de- 
sign, the  greater  the  likelihood  for  factors  that  in- 
troduce deficiencies. 

3.  Environmental  conditions.  Environmental  con- 
ditions such  as  temperature,  moisture,  shock,  vibra- 
tion, pressure,  and  contamination  have  a significant 
impact  upon  the  mean  life  of  a component  or  subsys- 
tem. Components  that  must  be  subjected  to  adverse 
environmental  conditions  will  limit  helicopter  reliabil- 
ity and  availability  unless  great  care  is  exercised  and 
added  expense  is  incurred  in  strengthening,  protecting, 
or  assembling  these  items.  The  reliability  of  most  com- 
ponents and  materials  is  highly  dependent  upon  factors 
such  as  temperature  and  rotational  speed. 

4.  Marginal  design.  In  the  trade-off  process  it  may 
occur  that  the  margin  of  safety  for  some  items  is  re- 
duced significantly  compared  with  the  remainder  of  the 
system.  For  e:  ample,  critical  weight  requirements  may 
dictate  the  selection  of  lightweight  materials  for  func- 
tions for  which  heavier  materials  would  have  given 
increased  reliability. 

For  helicopter  systems  that  have  many  types  of  mis- 
sions and  complicated  interrelationships  among  com- 
ponents and  subsystems,  the  task  of  system  reliability 
prediction  requires  much  more  than  the  prediction  of 
component  reliability.  Reliability  models  are  helpful  in 
calculating  system  reliability  from  subsystem  or  com- 
ponent reliability.  In  general,  the  process  involves  the 
formulation  of  a block  diagram  of  the  system,  showing 
every  known  relationship  necessary  for  successful  oper- 
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ation,  and  then  developing  mathematical  expressions 
that  relate  system  reliability  to  the  blocks  shown  in  the 
system  reliability  model.  Some  of  the  elements  will  be 
found  to  operate  in  series,  insofar  as  mission  success  is 
concerned,  and  some  in  parallel  (active  and  standby 
redundancy).  Some  subsystems  will  include  both  paral- 
lel and  series  functions,  and  some  systems  may  involve 
redundant  relationships  in  which  the  system  can  oper- 
ate successfully  if  particular  combinations  of  elements 
out  of  some  number  n of  elements  do  not  fail.  All  of 
these  combinations,  once  identified,  can  be  treated  by 
straightforward  mathematic  ' .methods  (Ref,  5). 

12-2  MISSION  REQUIREMENTS  AND 
COMPLETION 

Fundamental  to  achieving  adequate  reliability  and 
availability  of  a helicopter  is  a valid  set  of  mission 
requirement  statements.  These  requirements  become 
the  basis  for  establishing  appropriate  reliability  design 
criteria  for  the  subsystems  and  component  parts.  The 
mission  profiles  and  expected  operating  environments 
used  for  reliability  analysis,  therefore,  should  represent 
the  actual  operating  conditions  expected  if  the  analyses 
are  to  be  meaningful. 

12-2.1  RELIABILITY  REQUIREMENTS 

The  fundamental  questions  that  must  be  answered  in 
order  to  establish  reliability  requirements  are  a func- 
tion of  the  basic,  general  definition  (par.  12-1.1).  These 
questions  are: 

1 . What  is  the  specified  time  period  of  operation? 

2.  What  are  the  prescribed  operating  conditions, 
i.e.,  the  operating  environment? 

3.  What  constitutes  satisfactory  operation , i.e., 
success  or  failure  criteria?  (Ref.  2) 

Answers  to  these  questions  may  appear  to  be 
straightforward  when  the  helicopter  is  considered  as  a 
unit;  e.g..  it  may  be  required  that  a helicopter  have  a 
specified  availability  rate  and  a specified  maintenance- 
to-flight  hour  rate  for  a series  of  widely  diverse  geo- 
graphic operating  environments.  In  addition,  general- 
ized mission  profiles,  representative  of  actual  operating 
situations,  may  be  detailed  and  used  as  basic  guides. 

With  respect  to  the  subsystems  and  component 
parts,  however,  the  problem  of  stating  the  necessary 
criteria  for  quantifying  availability  and  reliability  ob- 
jectives becomes  much  more  difficult.  For  example, 
although  the  helicopter  is  operating  under  arctic  condi- 
tions, the  subsystem  in  question  could  be  subjected  to 
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a localized,  extremely  high  heat  and  humidity  environ- 
ment. Likewise,  a component  part  could  experience  an 
aperiodic  vibration  or  shock  that  was  undetectible  oth- 
erwise in  a relatively  smooth-running,  well-damped 
subsystem. 

Fortunately,  years  of  operational  experience,  testing, 
design,  product  improvement  programs,  etc.,  have  ena- 
bled designers  and  users  to  establish  standardized  relia- 
bility and  maintainability  specifications  for  many  gen- 
erally used  subsystems  and  component  parts. 
MIL-HDBK-217  describes  sources  such  as  the  Bureau 
of  Weapons  Failure  Rate  Data  Program  (FARADA), 
the  Interservice  Data  Exchange  Program  (1DEP),  De- 
fense Documentation  Center  Technical  Abstract  Bulle- 
tin (TAB),  RADC  Reliability  Central,  and  NASA 
Parts  Reliability  Information. 

The  failure  rates  shown  in  MIL-HDBK-217  are  not 
complete.  In  order  to  use  that  handbook  properly,  the 
directions  for  techniques  such  as  stressing  and  derating 
must  be  followed  in  order  to  approximate  the  “real 
world”  more  closely  in  the  prediction  process.  When 
new  or  special-purpose  devices  are  incorporated,  ex- 
trapolations of  existing  requirements  may  be  used  as 
first  order  approximations  until  testing  programs  either 
confirm  or  reject  the  selection. 


12-2.2  MISSION  COMPLETION 

Certainly,  no  mission  can  be  attempted  if  there  is 
zero  probability  (P  — 0)  for  availability  or  reliability. 
However,  there  is  no  assurance  that  high  availability 
and  reliability  probabilities  will  result  in  a high  proba- 
bility that  the  helicopter  mission  will  be  completed. 

Mission  completion  is  dependent  upon  the  same  gen- 
eral variables  that  are  associated  with  mission  effective- 
ness measurements,  i.e.,  availability,  survivability,  and 
performance.  Chapter  2 shows  that  availability,  surviv- 
ability, and  performance  can  be  estimated  or  predicted 
by  several  methods,  and  that  the  probability  of  mission 
completion  can  be  described  as  the  product  of  the  in- 
dividual probabilities  assigned  to  these  general  varia- 
bles. Because  the  value  of  each  of  these  probabilities  is 
less  than  one  in  all  real-world  situations,  the  combined 
product  is  much  less  than  any  of  the  variables.  The 
emphasis,  therefore,  should  be  upon  maximizing  prop- 
erly the  major  contributing  elements,  and  upon  eval- 
uating reliability  in  the  context  of  its  impact  upon  the 
total  utility  and  overall  cost  of  the  helicopter,  including 
the  costs  of  ownership. 
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12-3  SYSTEM  AND  COMPONENT 
RELIABILITY 

Reliability  theory  is  based  upon  four  assumptions: 

1.  Reliability  goals  and  requirements  can  and  must 
be  established  prior  to  helicopter  development 

2.  System  reliability  can  be  forecast  while  the  sys- 
tem is  in  the  paper  stage  of  development. 

3.  Disparities  between  the  goals  of  Assumption  1 
and  the  estimates  of  Assumption  2 can  be  eliminated 
systematically  via  design  or  at  least  measured  so  that 
design/operational/maintenance  compensation  can  be 
made. 

4.  The  implied  measurement  of  the  disparities  of 
Assumption  3 must  be  made  on  a continuous  basis 
throughout  system  development,  and  ultimately  must 
culminate  in  a contractual  compliance  assessment  by 
the  customer  so  that  the  contractor  knows  whether  or 
not  he  has  complied  v/ith  the  goal  and/or  requirement, 
or  is  contractually  in  default. 

Two  basic  types  of  effort  are  implied  in  these  four 
assumptions.  First,  technical  activity — consisting  of 
design  or  analysis — is  necessary  to  take  the  action  re- 
quired in  the  latter  three  assumptions.  Second,  statisti- 
cal activity  is  implied  in  all  four  assumptions.  The  relia- 
bility function  has  been  considered,  mistakenly,  by 
many  to  consist  solely  of  statistical  activity.  This  mis- 
conception undoubtedly  arises  not  only  because  of  the 
numerical  aspects  of  the  four  assumptions,  but  also 
because  reliability  most  often  is  defined  as  a probability 
that  satisfactory  operation  will  occur  over  a specified 
time  span  in  a specified  environment. 

However,  statistics  is,  at  best,  only  a tool  for  describ- 
ing the  interrelationships  of  parts  and  components  in  a 
system.  A strong  effort  in  design  and  analytical  tech- 
nology is  basic  to  production  of  a reliable  helicopter. 

12-3.1  STATISTICAL  SIGNIFICANCE 

If  a helicopter  system  had  a reliability  requirement 
that  failure-free  operation  in  a specific  environment 
would  occur  12  hr  a day  for  six  consecutive  months 
(permitted  a limited  amount  of  preventive  mainte- 
nance) with  probability  of  at  least  0.985  with  confi- 
dence limits  of  0.90.  what  would  this  mean  in  practical 
terms?  It  would  mean  that,  if  an  infinitely  large  sample 
of  these  helicopters  were  to  be  built  and  flown,  one 
could  be  90%  certain  that  no  more  than  1 5 out  of  every 
1000  would  not  perform  the  mission  described.  At  least 
985  helicopters  would  complete  this  mission,  given  sur- 
vivability equal  to  1.0. 


The  statistics  of  reliability  can  be  kept  in  proper 
balance  if  the  probability  of  success — e.g.,  0.985  in  the 
previous  example — is  treated  simply  as  a measure  of 
the  state  of  knowledge  concerning  the  helicopter.  This 
probability  is  not  a characteristic  of  each  helicopter,  in 
that  weight,  shape,  and  color  are  discernible  or  measur- 
able for  each  vehicle,  but  rather  it  is  a probability  figure 
that  can  be  considered  valid  for  an  entire  series  of 
helicopters. 

Then  what  does  the  90%  confidence  have  to  do  with 
the  reliability?  It  is  actually  a range  indicator  of  the 
basic  reliability  number.  In  other  words,  it  tells  us  how 
much  faith  to  put  in  the  basic  0.985  probability  of 
success. 

In  summary,  reliability  statistics  are  reserved  for 
those  phenomena  associated  with  adequate  amounts  of 
data.  These  data  must  be  homogeneous,  i.e.,  must  be 
observed  under  identical  conditions  on  identical  sys- 
tems. If  these  conditions  cannot  be  met,  the  usefulness 
of  statistics  degenerates  rapidly. 

12-3.2  ESTIMATING  WITHOUT  DATA 

Frequently,  reliability  data  are  not  available  for.  a 
specific  design  or  concept  in  the  paper  stage.  This  is 
true  particularly  for  innovative  design  because  no 
previous  equipment  has  been  exactly  like  the  new  de- 
sign for  which  a reliability  estimate  is  desired.  Alterna- 
tive means  for  estimating  reliability  must  be  applied. 

Several  alternatives  can  be  considered.  One  alterna- 
tive is  to  locate  data  available  from  equipment  perform- 
ing similar  functions  on  similar  types  of  helicopters. 
These  data  can  be  extrapolated  and  utilized  with  cau- 
tion, perhaps  by  a compensatory  derating  index  (some- 
times denoted  as  “k"  factors)  to  allow  for  the  unknown 
relationship  between  an  operational  and  a proposed 
model. 

A second  possibility  is  to  simulate  operation  of  a 
helicopter  by  preparing  a mathematical  model  in  which 
failure  data  for  smaller  elements  of  the  system — e.g., 
parts,  components,  and  subsystems — are  interrelated 
dynamically  by  computer.  In  this  approach,  various 
types  of  data  can  be  used  or  interchanged  to  measure 
the  overall  effect  of  any  given  element  upon  system 
reliability . Monte  Carlo  simulation  commonly  is  used 
for  this  technique.  Monte  Carlo  simulation  uses  com- 
puter programs  with  random  inputs  that  are  run  suffi- 
cient times  for  each  problem  to  obtain  the  statistical 
distribution  of  the  parameters  of  the  solution. 

Once  judgment  is  converted  into  some  quantitative 
index  (such  as  a probability  of  success  or  failure),  there 
is  a temptation  to  place  too  much  confidence  in  the 
number.  There  is  no  ti  priori  \\a\  to  distinguish  between 
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invalid  and  valid  numbers.  The  manager  or  engineer 
should  investigate  the  basis  or  source  of  the  numbers 
used  in  reliability  estimation  prior  to  taking  any  action 
based  upon  those  numbers.  This  point  becomes  even 
more  critical  when  reliability  estimation  has  been  re- 
quired without  the  availability  of  data. 

12-3.3  RELIABILITY  MODELING 

The  ultimate  objective  of  deriving  subsystem  and 
component  reliability  indices  is  to  combine  them  by 
some  means  into  an  overall  system  index  of  reliability. 
The  means  most  commonly  used  a*e  mathematical 
models. 

Basically,  a mathematical  model  represents  the  sys- 
tem characteristics  that  are  unique  to  the  solution  of  a 
problem.  In  this  discussion,  the  problem  is  the  determi- 
nation of  system  reliability.  Mathematical  models,  if 
properly  constructed,  can  be  used  to  evaluate  the  ex- 
pected reliability  of  complex  systems  such  as  helicopters. 
However,  trade-offs  must  be  made  between  model 
| complexity  and  practicality. 

The  primary  limitations  of  reliability  models  are  the 
>.  difficulties  associated  with  mathematically  represent- 

ing  the  actual  environmental  conditions  that  constitute 
the  operating  medium  of  the  system,  subsystem,  com- 
ponents, and  elements.  Another  problem  is  the  validity 
of  the  input  data,  i.e.,  the  reliabilities  of  the  subsystems, 
components,  etc. 

M 1 1 -H  DBK-2 1 7 and  AMCP  706- 1 9 1 describe  more 
completely  the  use  of  modeling  techniques  that  can  be 
applied  with  judgment  to  helicopter  reliability  analysis. 

! The  probability  density  function  for  occurrence  of 

I failures  in  a system  as  a function  of  time  (sometimes 

! called  the  mortality  function)  is  highly  dependent  upon 

> factors  such  as  the  type  of  system  tested,  the  arrange- 

| ment  of  the  experiment  or  test,  the  environmental  con- 

! ditions  of  testing,  the  definition  of  failure,  and  even  the 

| interpretation  of  the  experimental  data.  In  fact,  six 

basic  mortality  functions  are  known  to  apply  to  various 
complex  equipment  systems  (Ref.  6). 

The  statistical  techniques  for  modeling  reliability 
usually  involve  a failure  probability  distribution  that  is 
exponential  and  follows  the  equation 

(12-5) 
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T = length  of  time  for  which 

failure-free  operation  is  desired  | 

Ma  = mean  time  between  failures  f 

(MTBF)  | 

The  five  assumptions  discussed  in  pars.  12-3.3.1.1  | 

through  12-3.3.1.5,  which  justify  useof  the  exponential 
distribution,  are  not  confirmed  entirely  by  reliability  j 

data.  The  modes  of  possible  failure  for  any  item  will  j 
affect  the  analytical  form  of  the  failure  distribution. 

Early  failures  resulting  from  improper  design  or  manu-  ; 
facture  and  late  failures  caused  by  wearout  are  not 
predicted  by  the  exponential  model.  i 

However,  the  selection  of  a failure  distribution  on  the  | 
basis  of  physical  considerations  is  difficult  (Ref.  5).  The  .; 
differences  among  such  distributions  as  the  gamma, 

Weibull,  and  log  normal  become  most  significant  only 
in  the  tails  of  the  distribution,  and  knowledge  of  the 
shape  of  the  tail  comes  only  through  analysis  of  ex- 
tremely large  samples  of  homogeneous  populations. 

Early  or  "birth"  failures  can  be  reduced  or  eliminated 
by  thorough  testing  and  checkout  before  the  equipment 
is  placed  in  operation.  Wearout  failures  can  be  ex- 
cluded by  good  preventive  maintenance  provisions  and 
practices  (Ref.  7).  The  remaining  failures  almost  cer- 
tainly would  be  chance  failures,  which  would  be  pre- 
dictable with  reasonable  accuracy  and  convenience  by 
means  of  the  exponential  distribution. 

The  exponential  distribution  is  popular  because  it 
lends  itself  to  easy  calculation  of  reliability.  By  assum- 
ing a constant  failure  rate  inherent  in  the  exponential 
distribution,  wearout  of  equipment  is  ignored,  based 
upon  the  assumption  of  rebuilding,  retrofitting,  or 
retiring  the  equipment  prior  to  entering  the  period  of 
increasing  failure  rate.  Hq.  12-5  also  provides  a math- 
ematical means  for  converting  MTBF  data  into 
probabilities.  This  is  a convenient  conversion  because 
much  of  the  operational  data  on  equipment  is  collected 
in  terms  of  MTBF. 

When  the  exponential  distribution  is  used,  there  are 
five  assumptions  that  must  be  true  if  this  distribution 
is  to  represent  reality  (Ref.  8). 

1.  Constant  hazard 

2.  Random  failure 

3.  Homogeneous  equipment 

4.  Perfect  restoration 

5.  Independence. 


wheie 

R probability  of  success 

(reliabilu> ) 

c base  of  Sapcriuii  logarithms 


Because  of  the  impact  of  these  five  assumptions  upon 
the  likelihood  of  MTBF  being  an  accurate  and  realistic 
measurement  of  reliability,  each  assumption  is  dis- 
cussed separately 
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12-3.3.1  MTBF  Assumptions 

12-3.3.1.1  MTBF  Assumption  No.  1 — Constant 
Hazard 

The  use  of  MTBF  as  a reliability  measurement  de- 
mands the  assumption  that  there  exists  a constant  haz- 
ard rate  for  the  equipment  under  test  and  evaluation  for 
the  entire  period  during  which  data  are  recorded;  i.e., 
there  is  no  wearout  occurring  in  the  equipment.  Be- 
cause absence  of  wearout  is  assumed,  1000  systems  that 
individually  operate  without  failure  for  one  hour  pro- 
vide the  same  proof  of  reliability  as  one  unit  thai  oper- 
ates successfully  for  1000  hr. 

As  an  absurd  but  valid  application  of  this  assump- 
tion, it  would  be  possible  to  prove  that  a simple  24-hr 
alarm  clock  had  demonstrated  millions  of  hours  MTBF 
if  thousands  of  clocks  were  to  be  wound  and  measured 
for  only  the  first  8 hr  after  winding.  If  none  of  the 
clocks  failed  in  the  first  8 hr,  eight  failure-free  hours 
would  be  tabulated  for  each  one.  Because  MTBF  is 
computed  by  simply  adding  up  the  hours  of  successful 
operation  and  dividing  by  the  number  of  failures  that 
occurred  during  the  same  period,  the  MTBF  based  on 
the  8-hr  test  would  be  extremely  high.  Yet  the  clock 
was  designed  to  operate  only  24  hr  without  failure  (i.e., 
without  being  rewound). 

12-3.3.1.2  MTBF  Assumption  No.  2 — Random 
Failures 

The  use  of  MTBF  as  a reliability  measurement  de- 
mands the  assumption  that  all  failures  are  random,  i.e., 
that  their  frequency  of  occurrence  and  the  severity  of 
their  effect  cannot  be  predicted.  In  practice,  this  as- 
sumption generally  is  interpretated  as  meaning  that 
random  failures  are  ■'one-lime-never-to-occur-again'’ 
failures.  Further,  they  often  -re  treated  as  a cla.>s  of 
failures  differentiated  from  a class  of  wearout  failures; 
therefore,  chance  is  considered  to  be  a cause  of  failure, 
as  is  wearout  (Ref.  9). 

In  real  world  operation,  many  of  the  failures  occur- 
ring in  complex  equipment  are  due  to  wearout.  There 
is,  of  course,  a large  percentage  of  design  or  human 
error,  which  contributes  to  wearout  failures.  Each  fail- 
ure, therefore,  should  be  treated  as  having  a basic,  de- 
finable cause. 

12-3  3.1.3  MTBF  Assumption  No. 

3— Homogeneous  Equipment 

The  use  of  MTBF  as  a reliability  measurement  de- 
mands the  assumption  that  the  environment  m which 
the  helicopter  operates  during  the  entire  period  in 
which  data  are  recorded  is  identical  in  every  respect- 
-including  concurrent  stresses  such  as  vibration, 

i:  x 


shock,  temperature,  humidity,  altitude,  and  constant 
acceleration  loading— with  the  environment  to  which 
the  helicopter  will  be  subjected  in  actual  field  service 
(Ref.  9). 

Environmental  simulation  of  operational  stresses  in 
a laboratory  (where  most  MTBF  measurements  are 
made)  is  virtually  impossible  due  to  the  inability  of  test 
equipment  to  impose  a complete  envelope  of  stresses 
simultaneously  upon  the  helicopter. 

12-3.3.1.4  MTBF  Assumption  No.  4 — Perfect 
Restoration 

The  use  of  MTBF  as  a reliability  measurement  de- 
mands the  assumption  that,  upon  repair  of  any  failure, 
100%  restoration  of  life  for  the  helicopter  occurs;  e.g., 
a helicopter  that  operates  successfully  for  610  flight 
hours  before  the  first  failure  will  be,  after  the  repair  of 
that  failure  and  regardless  of  its  magnitude,  in  exactly 
the  same  condition  as  it  was  prior  to  the  start  of  the  630 
flight  hours. 

It  is  accepted  that  all  equipment  begins  to  wear  out 
with  its  initial  operation.  While  some  components  of  a 
helicopter  might  have  very  low  rates  of  wearout,  other 
components  would  show  rates  that  were  very  high. 

12-3.3.1.5  MTBF  Assumption  No. 

5 — Independence 

The  use  of  MTBF  as  a reliability  measurement  de- 
mands the  assumption  that  all  failures  are  independenl 
in  both  cause  and  effect;  i.e.,  each  failure  can  be  isolated 
totally  and  repaired,  and  no  othe  portion  of  the  heli- 
copter will  suffer  any  degradation  as  a result  of  this 
failure. 

Seldom  can  a failure  occur  that  does  not  affect,  at 
least  superficially,  other  parts  of  the  system.  The  effect 
may  be  only  in  loading  or  unloading  some  other  portion 
of  the  equipment,  but  (here  is  likely  to  be  some  change. 

12-3.3.2  Exponential  Distribution 

The  exponential  distribution,  as  pointed  out  pre- 
viously, is  reliable  only  if  the  conditions  outlined  in  the 
five  basic  assumptions  are  met.  Obviously,  these  condi- 
tions rarely  are  obtainable  in  real  worid  operations.  For 
example,  care  must  be  exercised  in  defining  the  system 
so  that  the  subsystems  or  components  under  examina- 
tion are  operating  simultaneously  and  in  the  same  envi- 
ronment. However,  during  the  accomplishment  of  a 
mission,  ail  the  subsystems  of  a helicopter  need  not 
operate  at  the  same  time  and  a completely  homogene- 
ous environment  is  impossible  to  achieve. 

Regardless  of  us  limitations,  however,  the  exponen- 
tial distribution  is  valuable  in  quickly  establishing  ini- 
tial design  objectives  if  cognizance  is  taken  of  the  prac- 
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tical  environment  It  should  be  noted  that  reliabilities 
established  by  this  technique  tend  to  be  somewhat  pes- 
simistic. 


12-4  RELIABILITY  PREDICTION, 
APPORTIONMENT,  AND 
ASSESSMENT 

12-4.1  GENERAL 

Prediction,  apportionment,  and  assessment  are  three 
quantitative  techniques  or  quantitative  indices  (QIs) 
that  aid  tn  meeting  predetermined  objectives  for  relia- 
bility and  serviceability  of  helicopters.  These  tech- 
niques are  described  in  the  order  in  which  they  are 
employed  in  the  life  cycle  of  a helicopter. 

12-4.1.1  Prediction 

Prediction  is  a methodical  activity  that  attempts  to 
estimate  future  helicopter  performance  based  upon  his- 
tories of  other  helicopters  and  analytical  insight  into 
proposed  designs.  This  activity  would  be  described  bet- 
ter as  estimation,  but  the  term  prediction  customarily 
is  used.  In  its  technical  sense,  prediction  provides  a 
basis  for  immediate  action  to  preclude  undesirable 
events  that  appear  probable  in  the  future. 

12-4.1.2  Apportionment 

Apportionment  has  two  aspects.  First,  it  is  the  divi- 
sion of  the  overall  helicopter  reliability  requirement/- 
goal  into  appropriate  requirements/goals  for  all  of  the 
components  and  subsystems  in  the  helicopter  system. 
Second,  these  requirements/goals  then  are  assigned  to 
their  appropriate  elements  as  targets  of  achievement 
that  must  be  met  if  the  overall  helicopter  reliability 
objectives  are  to  be  reached. 

12-4.1.3  Assessment 

Assessment  is  the  measurement  of  the  current  state 
of  achievement  of  helicopter  reliability  objectives.  This 
measurement  is  based  upon  data  derived  from  testing 
actual,  rather  than  generic,  elements  of  the  helicopter. 

While  prediction,  apportionment,  and  assessment 
appear  to  be  interdependent,  they  must  be  kept  in- 
dependent. This  is  to  preclude  a circle  of  logic  in  which 
one  technique  justifies  the  conclusions  reached  by  the 
other,  and  vice  versa,  and  none  of  the  results  is  trust- 
worthy. 


12-4.2  PROGRAM  LIFE  CYCLE 
12-4.2.1  Development  Phase 

During  development,  prediction  provides  a baseline 
for  comparison  with  apportioned  goals.  Disparity  be- 
tween the  two  values  gives  engineering  an  opportunity 
to  evaluate  constantly  the  resource  allocation  for  de- 
sign. This  disparity  also  is  useful  in  planning  field  main- 
tenance strategy,  e.g..  the  number  and  tvpes  of  spare 
parts,  field  engineering  training  requirements,  and  pre- 
ventive maintenance  policy.  Predicted  values  are  also  a 
standard  with  which  assessed  values  are  compared  to 
measure  progress. 

Apportionment  Is  revised  constantly  during  the  de- 
velopment phase  as  the  design  continues  in  a high  state 
of  change.  Rev  ised  goals  are  communicated  to  the  de- 
signers to  avoid  both  underdesign  and  overdesign. 
Revisions  in  apportionment  are  possible  if  the  overall 
helicopter  reliability  objectives  are  adjusted  to  reflect 
changes  in  mission  scenario. 

By  the  development  phase,  breadboards  and  other 
small  elements  of  the  helicopter  will  have  been  con- 
structed and  tested.  Data  from  these  tests  are  the  initial 
data  to  be  used  in  the  assessment  process. 

12-4.2.2  Qualification  Phase 

Prediction  is  the  least  important  of  the  three  activi- 
ties during  the  qualification  phase  (see  Chapter  10. 
AMCP  706-203).  Its  primary  role  during  this  phase  is 
to  indicate  what  maximum  performance  might  be  ex- 
pected during  the  helicopter  test  program. 

Conversely,  apportionment  aids  the  testing  activity 
by  furnishing  minimum  design  limits  for  the  tests  as 
well  as  contributing  to  the  overall  design  of  experi- 
ments. In  addition,  because  it  is  not  economical  to  test 
all  elements  of  the  helicopter  system,  the  apportion- 
ment of  the  helicopter  design  requirements  helps  to 
determine  which  helicopter  elements  should  be  tested. 

The  test  program  provides  a major  portion  of  the 
data  required  for  assessment  of  helicopter  reliability. 
Because  the  tests  are  conduce  under  controlled  con- 
ditions, the  statistical  reliability  of  the  data  recorded 
during  this  phase  is  higher  than  that  of  data  from  tests 
conducted  either  during  development  or  in  field  opera- 
tion. However,  unless  actual  operating  conditions  are 
represented  properly,  the  results  may  be  overoptimis- 
tic. 

12-4.2.3  Manufacturing  Phase 

Although  prediction  has  diminished  in  importance 
long  before  the  helicopter  reaches  the  manufacturing 
phase,  prediction  can  be  helpful  in  establishing  reason- 
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able  yield  levels  for  manufacturing.  Further,  it  may 
give  some  indication  as  to  the  types  of  problems  to  be 
anticipated  during  manufacturing. 

Apportionment  contributes  information  vital  to  the 
establishment  of  minimum  acceptance  levels  as  well  as 
the  types  of  manufacturing  verification  tests  required 
for  high  confidence. 

Additional  information  will  be  included  for  assess- 
ment during  the  manufacturing  phase.  However,  as- 
sessment can  be  used  effectively  in  combination  with 
other  manufacturing  data  to  determine  whether  ade- 
quate manufacturing  integrity  of  the  helicopter  has 
been  achieved. 

12-4.3  SCOPE  OF  APPLICATION 

The  level  of  effort  for  prediction,  apportionment,  end 
assessment  is  not  a constant,  with  respect  either  to  time 
or  to  depth  of  application. 

The  purpose  of  prediction  is  to  influence  designers  to 
avoid  pitfalls  of  the  past,  as  well  as  to  optimize, 
economically,  the  allocation  of  resources  for  the  heli- 
copter. Thus,  the  predictive  effort  should  start  al'  .ast 
concurrently  with  the  development  of  a helicopter  con- 
cept. It  is  a mistake  to  wait  until  hardware  has  been 
created  because  many  design  decisions  are  irrevocable 
by  that  time. 

Apportionment  can  begin  prior  to  the  completion  of 
a system  prediction.  The  timing  for  the  initiation  of 
apportionment  is  nearly  as  critical  as  that  for  predic- 
tion, because  designers  must  have  some  indication  of 
their  individual  contributions  to  overall  helicopter  reli- 
ability objectives  as  early  as  possible. 

Assessment  covers  a considerably  longer  time  period 
than  either  prediction  or  apportionment.  Because  as- 
sessment is  dependent  upon  having  actual  helicopter 
elements  available,  the  effort  is  not  initiated  nearly  as 
earl}  as  are  the  other  two  activities. 

Although  all  three  activities  involve  component 
parts  in  the  helicopter,  the  extent  to  which  this  is  true 
depends  upon  the  economics  of  the  individual  helicop- 
ter program.  A significant  consideration  is  the  direc- 
tion that  each  of  these  activities  takes. 

Prediction,  which  is  built  up  from  generic  data,  runs 
from  component  parts  to  system,  while  apportionment 
starts  with  a system  value  and  breaks  it  into  component 
parts.  Assessment  goes  in  both  directions  but  rarely 
below  the  component  level,  and  can  be  used  as  one 
means  of  evaluating  both  the  prediction  and  the  appor- 
tionment. 

The  direction  of  activity  involves  the  depth  of  appli- 
cation. There  are  no  easy  rules  for  establishing  the  level 
of  hardware  that  will  be  included  in  a prediction.  In 


some  designs,  even  eyelets  and  rivets  are  considered  in 
a reliability  prediction. 

If  the  overall  helicopter  reliability  requirement  is 
severe,  there  is  a practicable  limit  upon  subdividing  this 
already  rigorous  goal.  Therefore,  an  element  of  com- 
mon sense  is  involved  in  establishing  the  depth  to 
which  either  prediction  or  apportionment  is  applied. 

The  depth  of  assessment  seldom  is  established,  a 
priori,  or  controlled,  by  those  responsible  for  it.  By  its 
nature,  it  is  dependent  upon  all  types  of  test  data  from 
tests  conducted  by  various  organizations  for  a variety 
of  reasons  under  all  kinds  of  test  conditions.  The  im- 
portant point  regarding  depth  of  assessment  is  that  no 
data  should  be  rejected  if  they  are  technically  sound. 

12-4.4  EXECUTION  OF  ACTIVITY 

The  preparation  of  the  three  quantitative  indices 
(QIs) — i.e.,  prediction,  apportionment,  and  assess- 
ment— has  several  requirements,  some  of  which  are 
general  and  others  more  specific. 

12-4.4.1  Antecedent  Requirements 

Several  prior  activities  can  affect  the  preparation  of 
predictions,  apportionments,  or  assessments. 

12-4.4.1.1  Helicopter  System  Definition 

Prior  to  the  preparation  of  a QI,  the  helicopter  sys- 
tem must  be  defined  in  parameters  that  are  consonant 
with  the  reliability  requirements  <or  that  system.  Sys- 
tem definition  generally  is  considered  to  consist  of  five 
steps: 

1.  Definition  of  purpose  or  intended  use  of  the 
helicopter 

2.  Specification  of  system  and  subsystem  opera- 
tional parameters  and  limits 

3.  Determination  of  physical  and  functional  boun- 
daries of  the  helicopter  system 

4.  Definition  of  what  constitutes  helicopter  system 
failure 

5.  Establishment  of  reliability  and  availability  cri- 
teria for  each  intended  use  of  the  helicopter. 

Detailed  discussion  of  these  five  steps  is  available  in 
MIL-HDBK-217. 

12-4.4.1.2  Profiles 

Although  environmental  and  operational  parameters 
sometimes  are  included  as  part  of  system  definition, 
they  are  sufficiently  important  to  be  discussed  sepa- 
rately. Profiles  are  two-dimensional,  graphic  represen- 
tations of  events  occurring  in  chronological  time. 
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Operational  profiles  particularly  are  helpful  in  illus- 
trating the  amount  of  time,  for  example,  that  maximum 
stresses  are  imposed  upon  a helicopter.  Therefore,  they 
serve  as  an  aid  in  optimizing  duty  cycles  as  well  as 
assisting  in  the  preparation  of  maintenance  strategies. 
The  area  under  the  profile  gives  information  useful  in 
estimating  wearout  thresholds. 

In  environmental  profiles,  simultaneous  environ- 
mental factors  are  superimposed  to  illustrate  the  type 
of  testing  required  to  simulate  operation.  An  environ- 
mental profile  is  an  ideal  way  to  show  simultaneity  of 
stresses.  These  profiles  additionally  aid  in  stimulating 
imagination  during  analysis. 

12-4.4.1.3  Data  Base 

All  three  Qls  require  an  extensive  source  of  failure 
and  success  data.  If  the  contractor  does  not  possess  a 
data  center  that  can  provide  these  types  of  data,  other 
sources  may  be  utilized.  Using  other  source  data  is 
risky  because  the  conditions  under  which  the  data  are 
generated  often  are  unknown  or  unavailable. 

To  provide  adequate  data  for  Qls,  the  concept  of  an 
integrated  data  system  has  become  well-known  (Ref. 
10).  Providing  an  adequate  data  base  involves  five  sepa- 
rate types  of  activity: 

1.  Data  gathering  and  reporting 

2.  Data  control 

3.  Data  processing 

4.  Data  recovery 

5.  Data  utilization. 

12-4.4.2  Prediction 

Several  different  techniques  are  used  for  reliability 
predictions.  These  techniques  can  be  ordered  into  a 
spectrum  that  ranges  from  close  correlation  to  a previ- 
ous helicopter  design  to  essentially  no  correlation  with 
any  previous  helicopter.  All  are  defined  in  M1L- 
HDBK-217. 

12-4.4.2.1  Techniques 

Fora  helicopter  that  is  evolving  in  an  orderly  fashion 
and  with  minor  changes  from  a previous  helicopter,  the 
Similar  Equipment  Technique  may  be  the  most  mean- 
ingful, To  use  this  technique,  the  new  helicopter  must 
be  similar  to  an  older  design,  and  the  small  differences 
between  the  existing  and  proposed  helicopters  must  be 
capable  of  being  isolated  and  evaluated  easily. 

A second  method  is  the  Similar  Function  Technique. 
This  method  considers  the  differences  in  achievable 
reliability  levels  that  can  be  attributed  to  the  functions 
to  be  performed  by  the  helicopter.  This  technique  does 


AMCP  706-201 


not  have  a widespread  application  due  to  its  limitations 
in  comparing  functions  that  are  dissimilar. 

The  Minimum/Maximum  Method  also  is  available. 
It  is  the  least  definitive  of  the  three  techniques  and  is 
used  primarily  in  the  earliest  stages  of  prediction.  In- 
stead of  using  point  estimates  for  reliability  values,  it 
stipulates  ranges  for  these  values.  Thus,  engineering  is 
furnished  with  the  most  pessimistic  and  the  most  opti- 
mistic values  for  reliability. 

These  three  techniques  have  been  discussed  in  an 
order  running  from  most  meaningful  to  least  meaning- 
ful. But  as  the  advancement  in  the  state  of  the  art 
increases  in  scope  from  an  existing  helicopter  to  a 
proposed  one,  the  less  meaningful  techniques  become 
more  appropriate. 

12-4.4.2.2  Activity  Sequence 

On  the  assumption  that  the  helicopter  system  has 
been  defined  and  that  operational  and  environmental 
profiles  have  been  prepared,  the  first  step  in  prediction 
is  the  construction  of  a reliability  model.  This  model 
defines  what  is  required  for  helicopter  system  success 
and  translates  these  success  criteria  into  system  success 
diagrams.  These  diagrams  actually  are  graphic  repre- 
sentations of  system  functions  to  which  Qls  of  success 
have  been  assigned. 

The  second  step  is  to  develop  an  equation  for  each 
system  success  diagram.  Several  methods  are  used  to 
derive  these  equations.  Four  of  these  methods,  as  de- 
scribed in  MIL-HDBK-217,  are: 

1.  Redundancy  equations 

2.  Boolean  truth  tables 

3.  Probability  maps 

4.  Logic  diagrams. 

All  four  of  these  methods  can  be  used  with  either 
single-function  or  multifunction  systems.  However,  for 
multifunction  systems  there  obviously  will  be  one  equa- 
tion for  each  function. 

The  third  step  in  prediction  is  to  calculate  probabili- 
ties or  failure  rates.  This  is  done  by  using  one  of  the 
three  techniques  discussed  in  par.  12-4.4.2.1.  Use  of 
failure  ,-ate  calculation  as  the  basis  for  probability  pre- 
diction is  easier  than  calculation  of  failure  probabilities 
directly. 

The  fourth  and  last  step  in  the  prediction  process  is 
the  computation  of  the  reliability  prediction.  This  com- 
putation is  done  by  taking  the  calculated  probabilities 
of  the  third  step  and  substituting  them  into  the  reliabil- 
ity equations  developed  during  the  second  step. 
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12-4.4.3  Apportionment 

Apportionment  has  an  advantage  over  prediction 
early  in  design  because  the  reliability  requirement  (the 
starting  point  for  apportionment)  is  an  established 
value  whereas  prediction  ultimately  must  culminate  in 
a number  that  is  unknown  when  the  activity  begins. 

The  weakness  of  an  early  apportionment  is  that  the 
system  model  may  not  be  sufficiently  complete  to  per- 
mit consideration  of  the  true  complexity  of  the  helicop- 
ter. Thus,  apportionment,  like  prediction,  is  an  iterative 
process. 

12-4.4.3.1  Techniques 

Apportionment  of  reliability  requirements  can  be  ac- 
complished by  several  different  techniques,  namely: 

1.  Time/Data  method 

2.  Time  Only 

3.  Minimum  Information 

The  most  meaningful  technique  is  the  Time/Data 
method  (Ref.  1 1),  which  requires  accurate  data  on  not 
only  the  operating  time  of  the  helicopter,  but  also  of  all 
the  subsystems.  In  addition,  available  failure  rate  data 
are  assumed  to  apply  to  the  proposed  helicopter.  By 
combining  failure  rates  of  subsystems  with  the  assumed 
operating  time  and  operating  modes,  reliability  require- 
ments are  subdivided  and  allocated  among  all  subsys- 
tems on  the  basis  of  areas  such  as  relative  failure  rate, 
criticality,  and  proportion  of  use. 

A second  apportionment  method  is  the  Time  Only 
approach  (Ref.  1 1).  This  technique  assumes  that  failure 
rate  data  are  not  available  for  either  the  helicopter  or 
its  subsystems.  The  allocation  of  subgoals  for  reliability 
is  made  only  on  the  basis  of  operating  times  for  the 
various  subsystems.  If  the  subsystems  are  entirely  in 
series,  this  simply  means  that  each  subsystem  will  have 
an  equal  reliability  subgoal. 

The  Minimum  Information  technique  is  a third  ap- 
proach (Ref.  11).  In  this  case,  neither  failure  rate  nor 
time  information  is  available  for  subsystems.  There- 
fore, the  reliability  requirement  is  subdivided  on  the 
basis  of  the  number  of  elements  in  the  helicopter, 
whether  they  are  in  series  or  in  parallel. 

In  these  three  techniques,  only  two  factors  are  con- 
sidered: operating  time  and  failure  rates.  A good  appor- 
tionment, however,  also  must  consider  other  factors 
such  as  complexity,  criticality,  maintainability,  and 
repairability.  These  factors  often  are  accounted  for  by 
weighting  or  "k"  factors  (Ref.  1 1 ). 

It  should  be  obvious  that  apportionment  can  be  car- 
ried to  a point  of  diminishing  return.  A relatively  high 
helicopter  reliability  requirement  can  result  in  astro- 


nomic numerical  goals  at  levels  below  the  subsystem 
level.  Therefore,  the  motivation  that  apportionment  is 
intended  to  provide  can  diminish  when  the  goals 
become  totally  unrealizable  or  inconceivable. 

12-4.4.3.2  Activity  Sequence 

If  an  apportionment  preceded  the  preparation  of  the 
prediction,  the  reliability  model  discussed  in  par.  12- 
4.4.2. 2 would  have  to  be  constructed  as  the  first  task  of 
apportionment.  However,  this  would  be  an  exceptional 
case.  In  either  event,  the  same  reliability  model  is  the 
framework  for  both  prediction  and  apportionment. 

The  second  step  is  to  allocate  an  appropriate  portion 
of  the  overall  helicopter  reliability  requirement  to  all 
subsystems  (and  subassemblies,  if  appropriate)  using 
one  of  the  techniques  discussed  earlier.  By  means  of 
Boolean  logic,  for  example,  the  various  subsystem  goals 
can  be  computed. 

The  third  step  is  to  compare  the  allocated  values 
(only  after  the  entire  allocation  has  been  completed) 
with  the  equivalent  predicted  values.  By  noting  the 
system  elements  with  the  greatest  discrepancies  be- 
tween predicted  and  apportioned  values,  the  allocation 
of  resources  in  the  helicopter  design  becomes  obvious. 
For  example,  if  the  improvement  of  an  existing  system. 
apportioned  value  is  relatively  equal  to  the  predicted 
value  for  a given  subsystem,  few  or  no  development 
resources  should  be  required.  On  the  other  hand,  if 
there  is  wide  disparity  between  the  apportioned  value 
and  the  predicted  one,  furtherdesign  effort  appears  to 
be  mandatory. 

12-4,4.4  Assessment 

The  function  of  assessment  gradually  supersedes  pre- 
diction during  helicopter  development.  Both  prediction 
and  assessment  are  measurements,  while  apportion- 
ment is  a standard  for  measurement.  Therefore,  both 
prediction  and  assessment  r-:  compared  with  appor- 
tionment. 

Assessment  can  be  improved  by  increasing  test  re- 
sources to  yield  more  data,  while  prediction  is  based 
entirely  upon  historical  data.  Whereas  prediction  and 
apportionment  primarily  influence  helicopter  design, 
assessment  is  most  useful  in  the  improvement  of  an 
existing  system. 

12-4.4.4.1  Techniques 

The  techniques  used  for  assessment  have  not  been 
categorized  as  neatly  as  have  the  techniques  for  predic- 
tion or  apportionment.  However,  three  loose  categories 
of  techniques  for  assessing  reliability  are  described: 

1.  Integrated  Assessment 

2.  Fractional  Assessment 
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.V  Fragmentary  Assessment. 

The  preferred  approach  could  he  called  Integrated 
Assessment  (Ref.  10).  This  technique  combines  two 
major  sources  of  information,  i.e.,  tests  run  on  the 
product  and  analyses  of  failures  in  the  helicopter.  The 
test  data  either  can  be  from  tests  specifically  conducted 
to  measure  reliability  parameters  or  from  other  tests  in 
which  reliability  requirements  were  included.  The  fail- 
ure analysis  data  used  m this  method  come  from  analy- 
ses in  which  attempts  were  made  not  only  to  ascertain 
the  cause  of  failure  but  also  to  measure  reliability  re- 
quirements. Obviously,  these  data  are  one  product  of 
the  integrated  data  system  discussed  in  par.  12-4.4.1.3. 

The  second  technique  is  Fracti  rial  Assessment.  Por- 
tions of  an  Integrated  Assessment  are  included  in  a 
Fractional  Assessment.  The  difference  between  the  two 
is  primarily  in  the  amount  of  design  or  planning  before- 
hand to  insure  that  assessment  information  will  be 
available.  In  the  absence  of  such  preplanning,  the  Frac- 
tional Assessment  method  is  the  next  best  means  of 
obtaining  assessment  data. 

All  remaining  assessment  efforts  can  be  grouped  into 
a classification  called  Fragmentary  Assessment.  This  is 
the  only  method  available  if  there  has  not  been  ade- 
quate planning,  not  only  for  the  generation  of  data  but 
also  for  the  processing  of  it  by  those  responsible.  In 
practice,  this  technique  consists  of  gathering  scraps  of 
data  from  tests  run  for  other  purposes  and  extrapolat- 
ing from  these  data.  The  value  of  this  technique  is 
highly  questionable. 

The  value  of  the  assessment  depends  upon  the 
amount  of  applicable  data  available  for  the  assessment. 
Mathematical  statistics  use  this  same  basis  in  establish- 
ing confidence  intervals  or  limits.  If  the  data  available 
for  assessment  are  either  too  scanty  or  irrelevant  to  the 
helicopter  under  consideration,  the  investment  of  re- 
sources for  assessment  may  not  be  warranted. 

12-4.4.4.2  Activity  Sequence 

Assessment,  like  the  other  two  QIs,  is  based  upon  the 
reliability  model  of  par.  12-4.4.2.2,  Because  this  model 
undoubtedly  will  have  been  prepared  previously  for  the 
other  two  QIs,  the  first  step  in  assessment  involves 
either  design  of  specific  tests  that  will  yield  reliability 
data  or  active  participation  in  the  design  of  tests  being 
conducted  for  development,  qualification,  manufactur- 
ing, quality  assurance,  and  customer  acceptance.  This 
step  includes  following  the  progress  of  these  tests  once 
they  are  designed  to  insure  that  the  desired  data  will  be 
available 

The  second  step  in  assessment  is  to: 

1.  Analyze  and  study  Failure  Mode  and  Effect 


Analysis  (FMFA),  and  Fault  Tree  Analysis  to  gain 
insight  for  designing  the  failure  analysis  criteria 

2.  Prepare  failure  analysis  criteria  that  will  yield 
reliability  measurement 

3.  Follow  through  the  failure  analysis  process  to 
monitor  the  data  desired  for  assessment. 

T he  third  step  is  to  combine  the  lest  data  and  the 
failure  analysis  data  into  the  reliability  model  for  an 
overall  assessment  of  achieved  helicopter  reliability. 
Because  many  assumptions  will  be  necessary  in  the 
early  stages  of  assessment,  they  should  be  documented 
for  review. 

12-5  RELIABILITY  SUBSTANTIATION 

12-5.1  GENERAL 

The  previous  discussions  have  dealt  with  funda- 
mental reliability  engineering  techniques  that  may  be 
applicable  to  a helicopter  development  program.  How  - 
ever, there  are  certain  basic  requirements  regarding 
application  of  reliability  engineering  that  must  be  satis- 
fied if  proper  consideration  of  reliability  is  to  be 
achieved.  Generally,  any  development  program  must 
include  a reliability  substantiation  program  th;r  >s  di- 
vided into  two  major  segments:  substantiation  during 
design  and  substantiation  during  test.  The  following 
paragraphs  provide  specific  and  general  requirements 
for  the  reliability  substantiation  program. 

12-5.2  RELIABILITY  PROGRAM  PLAN 

The  integration  of  all  engineering  activities  relative 
to  reliability  normally  is  addressed  in  the  reliability 
program  plan.  MIL-STD-785  provides  specific  plan  re- 
quirements and  also  lists  certain  minimum  engineering 
functions  considered  essential  to  the  proper  develop- 
ment of  reliability.  The  reliability  substantiation  pro- 
gram described  herein  augments  the  reliability  pro- 
gram plan. 

12-5.2.1  Reliability  Substantiation  During 
Design 

For  purposes  of  the  reliability  substantiation  pro 
gram,  design  includes  those  actions  associated  with  es- 
tablishment of  detail  design  criteria  and  concepts,  final- 
ization of  design  drawings,  fabrication  of  flight  quality- 
hardware,  and  release  of  hardware  for  initiation  of  reli- 
ability testing.  The  design  substantiation  program 
shall  assure  that  ihe  initially  fabricated  articles  have 
the  maximum  probability  of  achieving  all  reliability 
objectives.  Specific  areas  of  concern  are: 
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1 . Apportionmenl/prediciion 

2.  Assessment  of  design  criteria  relative  to  quanti- 
tative requirements 

3.  Utilization  of  detailed  design  review 

4.  Utilization  of  early  design  support. 

1 2-5.2. 1 . 1 Apportionment/  Prediction 

Mach  system  reliability  requirement  shall  be  appor- 
tioned to  the  subsystem/component  level  through  ap- 
plication of  techniques  similar  to  those  described  in 
MIL-STD-785. 

12-5.2.1.2  Assessment  of  Design  Criteria 

All  quantified  apportionments  of  reliability  require- 
ments shall  be  substantiated  through  detail  assessment 
of  pertinent  design  criteria,  and  comparison  with 
qualitative/quantitative  reliability  history  of  similar 
equipment  where  possible.  The  suitability  of  compari- 
son data  shall  be  established  prior  to  their  use.  Special 
attention  should  be  directed  toward  establishment  of 
valid  environmental  "k"  factors  for  converting  experi- 
ence data  for  use  in  quantitative  predictions.  Similarly  , 
other  "k”  factors  may  be  necessary  to  adjust  experience 
data  properly  for  changes  in  operational  parameters 
such  as  stress,  speed,  pressure,  voltage,  and  current , 

12-5.2.1.3  Design  Reviews 

Early  and  continuing  in-house  design  reviews  shall 
be  used  by  the  contractor  to  substantiate  that  reliability 
requirements  are  reflected  properly  in  all  designs.  A 
listing  of  all  potential  failure  modes  sh,ill  be  available 
for  each  subsystem  and  dynamic  component  prior  to 
design  review  and  used  as  a checklist  during  the  review . 
Potential  failure  modes  shall  be  grouped  as  they  relate 
to  each  reliability  requirement,  e.g.,  mission  reliability 
and  dynamic  component  MTBR(mean  time  between 
removals  ).  All  failure  modes  identified  by  the  contrac- 
tor’s Failure  Mode,  Effects,  and  Criticality  Analysis 
shall  be  considered  during  all  design  reviews. 

12-5.2.1.4  Design  Support  Tests 

Early  design  support  tests  at  the  component,  subas- 
sembly or  part/piece  level  shall  be  used  wherever  prac- 
ticable to  substantiate  achievement  of  reliability  design 
objectives  prior  to  release  of  drawings  for  fabrication  of 
flight  test  hardware. 

12-5.2.2  Reliability  Substantiation  During 
Test 

Reliability  substantiation  during  test  begins  immedi- 
ately upon  availability  of  flight  quality  hardware  and 
concludes  upon  delivery  of  test  or  production  hardware 
to  the  procuring  activity  for  evaluation.  Final  substan- 
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nation  of  reliability  shall  he  achieved  through  a combi- 
nation of  extensive  reliability  testing  and  a design  reac- 
tion process  that  requires  an  action  for  each  failure 
mode  discovered.  Appropriate  analytieal/judgmental 
techniques  shall  be  employed  to  provide  continuous 
and  instantaneous  assessment  such  that  all  reliability 
requirements  are  being  or  have  been  achieved. 

12-5.2.2.1  Assessment 

A technique  for  continuous  and  instantaneous  as- 
sessment of  subsystem  and  dynamic  component  relia- 
bility status  with  respect  to  objectives  shall  be  estab- 
lished. This  technique  shall  be  keyed  to  the  concept 
that  substantiation  of  reliability  during  development 
testing  is  achievable  through  statistical  inference  and 
engineering  judgments.  Integral  to  this  approach 
shall  be  a concept  of  risk  analysis  for  all  proposed 
design  changes  developed  as  a result  of  test  findings 
that  cannot  be  evaluated  prior  to  conclusion  of  engi- 
neering development.  A mathematical  model  shall  he 
utilized  m support  of  reliability  assessment.  Predicted 
reliability  growth  curves  such  as  those  described  in  Ref. 
12  should  be  used  where  practicable.  Dynamic  compo- 
nent MTBR  growth  may  be  predieted/assessed 
through  the  application  of  techniques  such  as  described 
in  Ref.  13.  In  either  ease,  reliability  growth  should  be 
predicted  as  a function  of  accumulated  test  hours.  Max- 
imum attention  must  be  directed  toward  assuring  that 
ail  test  hours  are  suitable  for  satisfying  the  growth 
process. 


12-5.2.2.2  Substantiation  Testing 

The  objectives  of  reliability  testing  are  to  identify 
those  failure  modes  inherent  to  the  final  design  that 
prohibit  achievement  of  reliability  requirements,  and  to 
validate,  where  possible,  the  responsiveness  of  design 
changes  necessitated  by  discovered  failure  modes.  Ad- 
ditionally. the  reliability  test  program  shall  be  arranged 
to  provide  reasonable  substantiation  that  those  poten- 
tial failure  modes  not  experienced  during  testing  are 
not,  in  fact,  inherent  to  the  design.  T ypes  of  reliability 
tests  (bench,  ground  test  vehicle,  subsystem,  flight,  etc.) 
for  each  subsystem  and  dynamic  component  shall  be 
combined,  structured,  and  scheduled  such  that  maxi- 
mum achievement  of  reliability  substantiation  is 
achieved  during  engineering  development  These  tests 
shall  be  based  upon  detailed  subsystem  and  component 
failure  movie  analyses  and  the  capability  of  various  lesi 
techniques  to  detect  potential  failure  modes.  Appropri- 
ate consideration  shall  be  given  lo  mtegiatmg  reliabil- 
ity testing  wilh  other  test  requirements  (specifically, 
environmental). 
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The  following  shall  apply  in  establishing  the  reliabil- 
ity test  program:  . 


1.  Abusive  overload  and  environmental  extreme 
testing  may  be  considered  for  early  detection  of  certain 
failure  modes.  Prior  analysis  must  provide  the  basis  for 
using  these  types  of  tests  and  must  establish  firm 
ground  rules  for  interpretation  of  results. 

2.  Subsystem  testing  may  be  satisfied  through  a 
combination  of  subsystem  test  rigs,  utilization  of  the 
ground  test  vehicle,  and  utilization  of  flight  test  vehi- 
cles. 


3.  Component  reliability  bench  testing  may  be 
utilized  to  augment  system  and  subsystem  tests. 

4.  Maximum  consideration  of  the  stated  opera- 
tional environment  conditions  must  be  included  in  fi- 
nalizing all  test  setups. 

5.  Inherent  constraints  of  any  particular  test  type 
must  be  considered  in  establishing  total  test  hours. 

6.  All  reliability  testing  must  be  integrated  with 
other  system  test  requirements  where  practicable  to 
minimize  total  development  cost. 

7.  The  number  of  test  samples  must  be  based  upon 
a combination  of  test  schedule  requirements  and  con- 
sideration of  potential  failure  modes  due  to  manufac- 
turing quality  or  wearout. 

8.  Full  scale  flight  quality  hardware  shall  be  used 
for  these  tests. 


12-5.2.2.3  Substantiation  Testing  Process 


12-6  AVAILABILITY 

12-6.1  GENERAL 

There  are  many  definitions  of  availability.  Perhaps 
the  simplest  could  be  expressed  by  the  equation 


Hours  Available 

Availability3 (12-6) 

Total  Hours 

However,  availability  generally  has  a more  sophis- 
ticated meaning.  Most  often,  it  is  considered  to  be  one 
of  the  major  elements  of  a larger  measurement  or  index. 
Availability  in  the  broader  context  of  mission  readiness 
is  discussed  in  Chapter  2.  The  “mission  capability” 
aspect  of  mission  readiness  relates  to  the  correspond- 
ence between  the  helicopter  equipment  and  configura- 
tion and  the  types  of  missions  the  helicopter  may  be 
expected  to  perform.  The  other  aspect  of  mission  . cadi- 
ness — availability — >s  defined  as  the  probability,  under 
stated  conditions,  that  the  operation  of  the  system  is 
satisfactory  at  any  point  in  calendar  time  when  it  might 
be  needed. 


12-6.2  DESIGN  INFLUENCE  ON  AVAILABILITY 

The  most  effective  and  economic  point  at  which  to 
influence  availability  is  during  preliminary  design  of 
the  helicopter.  Availability  is  not  an  accidental  by- 
product of  good  design;  it  must  be  designed  deliberately 
into  the  helicopter.  Three  specific  aspects  of  availability 
are  discussed  in  detail; 


Prior  to  the  initiation  or  restart  of  any  reliability  test, 
a listing  of  all  failure  modes  that  could  be  detected 
shall  be  prepared  and  used  for  comparison  .vith  actual 
test  results.  Following  each  test  period,  the  contractor 
should  conduct  an  analysis  of  test  procedures  and  re- 
sults to  validate  the  test  adequacy. 

12-5.2.2.4  Reliability  Model 

The  contractor  shall  use  a mathematical  reliability 
model  to  assist  in  providing  continuous  and  instantane- 
ous assessment  of  reliability  characteristics  throughout 
engineering  development.  This  model  shall  include 
provisions  for  mathematically  assessing  the  extent  of 
reliability  achievement  at  the  subsystem  and  dynamic 
component  levels  and  must  be  compatible  with  the  ob- 
jectives set  forth  above  for  reliability  substantiation. 
Use  of  techniques  such  as  instantaneous  MT  HI  com- 
putation, and  best  and  wor>e  case  projections,  shall  he 
considered  in  establishing  detail  model  capabilities. 


1 . Serviceability 

2.  Modularization 

3.  Standard  versus  nonstandard  parts. 

12-6.2.1  Serviceability 

Availability  is  influenced  greatly  by  the  amount  of 
time  required  to  repair  the  helicopter.  Trade-off  studies 
should  be  made  during  preliminary  design  to  evaluate 
field  repair  (possibly  under  combat  conditions)  versus 
Army  depot  level  maintenance.  Three  primary  factors 
must  be  considered  during  preliminary  design — calen- 
dar time,  maintenance  manhours,  and  level  of  mainte- 
nance skill.  Calendar  time  is  important  because  it  is  the 
measure  of  how  long  the  helicopter  will  be  dovi  n ( una- 
vailable); maintenance  manhours  because  this  factor 
atiecis  the  number  of  logistic  personnel  who  must  be  on 
hand  to  maintain  the  helicopter;  and  maintenance  skill 
level  because  of  the  need  to  train  the  personnel  to  main- 
tain the  item. 
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During  preliminary  design,  basic  decisions  are 
reached  regarding  repairable  versus  nonrepayable 
(throwaway)  units.  Rather  than  simpiy  evaluating  the 
repairability  of  the  defective  module,  this  trade-off 
must  be  extended  to  include  consideration  of  the  ease 
of  removing  and  replacing  the  module.  Maintenance 
personnel  skills  also  must  be  considered  during  prelimi- 
nary design  when  decisions  are  made  concerning 
modular  replacements. 


I 


12-6.2.3  Standard  Versus  Nonstandard 
Parts 


I 


I 

i 

i 

I 

| 

S' 


The  problem  of  whether  to  use  standard  parts  or  to 
design  uniquely  applicable  parts  is  a major  factor  in 
designing  availability  into  the  helicopter.  The  use  of 
standard  parts  not  only  reduces  the  logistic  problem, 
but  also  enhances  the  probability  that  proper  tools  will 
be  available  in  field  locations  for  maintenance  person- 
nel and  that  lower  maintenance  skill  levels  can  be  em- 
ployed to  repair  the  helicopter. 

12-6.3  FACTORS  IN  HELICOPTER  DOWNTIME 

Minimizing  downtime  is  the  key  to  maximizing 
availability.  Although  some  of  the  factors — e.g.,  logis- 
tics, maintainability,  and  administrative  policies — in- 
volved in  helicopter  downtime  are  beyond  the  control 
of  the  design  engineer,  their  impact  upon  availability 
depends  to  some  extent  upon  design  efficiency. 

12-6.3.1  Logistics 


i- 


The  downtime  may  be  due  as  much  to  lack  of  parts 
on  site  as  it  is  to  difficulty  of  repair.  Likewise,  lack  of 
consumables — such  as  ptopellants,  fuels,  and  lu- 
bricants— may  cause  the  helicopter  to  be  inoperative. 
Items  such  as  batteries  and  supplies  of  gases  and  fluids 
are  likely  sources  of  downtime  if  they  are  depleted  or 
contaminated.  The  lengtn  of  supply  lines,  in  terms  of 
both  distance  and  time,  also  influences  availability. 

12-6.3.2  Maintainability 

In  addition  to  repairability  and  serviceability  (dis- 
cussed previously  because  they  are  established 
primarily  during  the  design  phase),  other  maintainabil- 
ity facets  are  important  in  keeping  downtime  minimal. 
For  example,  the  scheduled  maintenance  program 
must  be  optimized  so  that  helicopters  are  repaired  prior 
u>  failing  in  service  and  yet  are  not  being  repaired  un- 
necessarily. Unscheduled  maintenance  must  be  es- 
timated and  its  effect  upon  logistics  measured  so  that 
allocation  of  spares  is  adequate.  Other  maintainability 
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aspects  include  access  to  tools,  both  standard  and  spe- 
cial, wherever  they  may  be  needed, 

$ 

12-6.3.3  Policy  Factors  J 

Administrative  policies  can  be  as  responsible  as  de-  | 

sign  factors  in  influencing  helicopter  downtime.  In- 
spection  policies,  for  example,  can  result  in  unneces-  * 

sary  downtime  if  scheduled  maintenance  is  too 
frequent.  In  the  same  way,  diaginotio  testing  policies  I; 

can  enhance  availability  through  the  reduction  of  re-  .? 

pair  time.  One  way  for  this  to  occur  is  to  provide  ad- 
vanced fault  isolation  systems.  i1 


12-7  SYSTEM  SAFETY  { 

The  concept,  requirements,  design  integration,  a.  ' 
planning  of  system  safety  are  discussed  in  Chapter  3, 

AMCP  706-203.  Because  system  safety  must  be  an  in-  . 

digenous  part  of  preliminary  design,  placement  of  the  . 

major  discussion  of  system  safety  in  AMCP  706-203,  j 

the  Qualification  Assurance  part  of  this  handbook, 
could  be  misleading.  However,  the  importance  of  ini- 
tiating system  safety  activity  during  conceptual  design 
phases  cannot  be  overemphasized. 

Fig.  12-3  shows  the  relationship  of  the  System  Safety 
Program  Plan  (SSPP)  to  the  three  parts  of  the  Helicop-  , 

ter  Engineering  Handbook.  Note  that  the  role  of  the  ; 

SSPP  changes  during  preliminary  design  (AMCP  706- 
201),  detail  design  (AMCP  706-202),  and  qualification 
assurance  (AMCP  706-203). 

The  SSPP  will  have  a significant  interface  with  relia- 
bility. The  following  specific  areas  serve  as  a point  of 
departure  in  the  planning  process  from  which  specific 
measures  for  coordination  and  integration  of  these  and 
any  other  disciplines  in  a program  can  be  developed: 

1.  Analytical  techniques 

2.  Failure  modes  and  criticality  analyses 

3.  Failure  probabilities  and  prediction 

4.  Failed  item  experience,  analysis,  and  corrective 
actions 

5.  Critical  item  tests  and  demonstrations. 


System  safety  activity  is  different  in  each  phase 
represented  by  the  three  handbook  volumes.  The  safety 
objectives  must  lie  established  during  the  preliminary 
design.  These  ibjectives  may  he  expressed  as  goals, 
targets,  or  requirements. 

Much  of  the  actual  work  of  designing  safety  into  the 
helicopter  occurs  during  the  detail  design  phase  cov- 
ered m AMCP  70b-202-  Typical  tasks  performed  at  this 
time  are  lisle  J in  the  SSPP. 


uTT'lU'f  •»!»“  '"pTd  • d*  m' 


-i*»n  I U>(  riT^T^r^Vr'T..  • fMSfpi  V*  J*1  ,,'YVPWni\f”‘r  r “ «T  nxv1  • • 


AMCP  706-201 


WV  Vt.  VI. 

*'AK!  i'NI 

I'K'i  L IVINAK\  I’t  SIGN 

ISUiniSMVINt  Of  SAM  IV  Olfif  OliVIS 

iGOALS.  TARGETS.  OR  REQUIREMENTS' 
SYS'ItA’SAf't'Y  PROGRAM  ('LAN 
IS  PREPARd1  here 


AMCP  706-000. 
PART  TWO 
OEfAil'OESIGN 


ATTAINMENT  0?  SAFETY 

'TASKS  PERFORMED  TO  MEET  OBJECTIVES' 
SYSTEM  SAFETY  PROGRAM  PLAN 
IS  IMPLEMENTED  HERE 


AMCP  706-203, 

PART  THREE 

QUALIFICATION  ASSURANCE 


VALIDATION  OF  SAFETY 

■■MEASUREMENT,  ESTIMATION,  PREDICTION) 
SYSTEM  SAFETY  PROGRAM  PLAN 
IS  MEASUREMENT  TOOL  HERE 


Fig.  12-3.  Role  of  System  Safety  in  Helicopter 
Engineering  Handbook 

By  the  time  the  design  reaches  the  qualification  as- 
surance stage,  whatever  safety  the  helicopter  ultimately 
will  possess  essentially  is  fixed,  and  the  emphasis  is  then 
on  measuring  whether  or  not  the  achieved  level  of 
safety  is  commensurate  with  the  required  level. 


12  8 LIST  OF  SYMBOLS 

A,  = availability  of  identifiable 
subsystem 

Aj  = availability  of  identifiable 
component 

As  = availability  of  Mh  subsystem 
A„  = availability  of  nth  component 
Ax  = system  availability 
e = base  of  Naperian  logarithms 
M„  - mean  time  between  failures 
(MTBF),  hr 


K probability  of  success 
(reliability) 

R , reliability  of  identifiable 

subsystem 

R reliability  of  identifiable 

component 

R ^ roliab.  it  y of  At  h subsystem 
R„  -■  reliability  of  mh  component 
R,  reliability  of  complete  system 

I'  lengtl  of  time  for  which 

failure -free  operation  is  desired, 
hr 

A = 1/MTBF,  time  ! 
c r ---  standard  deviation,  dimensions 
as  required 
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CHAPTER  13 


CONFIGURATION  AND  ARRANGEMENT 


13-1  INTRODUCTION 

A completed  preliminary  design  should  include  the 
basic  drawings  describing  the  helicopter  configuration 
and  the  arrangement  of  components  ar.d  systems. 
Drawings  that  depict  the  ec  iguration  must  consist  of 
at  least  a three-view,  a general  arrangement,  and  an 
inboard  profile.  Other  drawings  normally  are  included 
to  provide  additional  details  in  areas  of  primary  interest 
peculiar  to  the  design. 

The  data  required  for  the  completion  of  these  draw- 
ings derive  from  the  background  data  and  techniques 
discussed  in  the  foregoing  chapters  of  this  volume.  This 
information  first  should  be  used  for  configuration  stud- 
ies consisting  of  such  items  as  program  objectives  and 
mission  requirements.  Overall  configuration  restraints 
then  should  be  considered  along  with  detail  considera- 
tions such  as  the  designated  power  plant  and  type  of 
landing  gear.  Finally,  all  data  must  be  integrated  and 
summarized  in  the  preliminary  design  drawings  and 
reports. 

13-1,1  CONFIGURATION  RESTRAINTS 

The  final  preliminary  design  should  represent  an  op- 
timization of  all  design  variables  but  must  be  held 
within  certain  well-defined  configuration  restraints. 
The  quantity  and  nature  of  these  configuration  re- 
straints vary  according  to  the  specific  mission  and  ihe 
design  requirements  and  objectives.  Pertinent  restraints 
normally  will  include,  but  will  not  be  limited  neces- 
sarily to: 

1 . Rotor  clearance 

2.  Engine  installation 

3.  Interior  arrangement 

4 Transportability 

5.  Personnel  emergency  egress 

6.  Fuel  storage 

7.  Aerodynamic  requirements 

8 Turnover  angles 

9.  Step  height 


10.  Weapon  clearance 

1 1.  Rear  ramp. 

These  configuration  restraints  are  si  nmarized  in  more 
detail  in  the  paragraphs  that  follow. 

13-1.1.1  Rotor  Clearance 

The  design  and  location  of  the  rotors  shall  provide 
sufficient  clearance  for  the  blades  above  the  ground 
support  equipment  or  personnel  on  the  ground,  from 
each  other,  and  to  other  parts  of  the  helicopter.  In 
order  to  provide  head  clearance  for  ground  personnel, 
a minimum  distance  of  85  in.  shall  be  provided  between 
the  blade  tip  and  the  ground  when  the  blades  are  on  the 
droop  stop  under  a i-g  load  condition.  Any  auxiliary 
rotor,  such  as  a tail  rotor,  not  meeting  the  85-tn.  ground 
clearance  should  be  protected  adequately  to  prevent 
inadvertent  injury  to  ground  personnel.  In  general,  be- 
cause of  blade  length,  flexibility,  and  articulation,  the 
clearance  during  operation  will  be  different  from  static 
clearance.  During  operation  under  all  normal  condi- 
tions, including  ground/air  taxi,  flight  maneuvers,  and 
landings  (power-on  or  autorotation  touchdowns),  the 
clearance  between  the  main  rotor  blades  and  other 
parts  of  the  helicopter  shall  not  be  less  than  9 in.  For 
landings  up  to  and  including  120r)  of  the  reserve  en- 
ergy sink  speed,  clearance  shall  exist  between  the  main 
rotor  blades  and  other  parts  of  the  helicopter  (a  sym- 
metrical load  distribution  shall  be  assumed).  The  clear- 
ance between  auxiliary  rotor  blades  and  other  parts  of 
the  helicopter  shall  not  be  less  than  6 in.,  and  between 
blades  of  auxiliary  rotors  and  other  rotors  not  less  i.  i 
4 in.  under  all  operating  conditions.  The  above  clear- 
ance.’* are  based  upon  a conventional  helicopter  config- 
uration. When  novel  rotor  configurations — such  as 
stopped,  stowed,  or  telescoping  rotors — are  used,  spe- 
cial conditions  for  such  clearances  will  be  specified  in 
(he  solicitation  or  should  be  requested  of  the  procuring 
activity  by  contractors  as  required. 
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13-1.1.2  Engine  installation 

The  engine  installation  establishes  more  configura- 
tion restraints  than  does  any  other  helicopter  system  or 
component.  The  exact  engine  and/or  number  of  en- 
gines to  be  used  usually  is  specified  by  the  procuring 
activity.  In  addition,  the  following  must  be  considered: 

1.  Inlet.  The  engine  air  inlet  shall  be  designed  to 
prevent  formation  of  ice  and  ingestion  of  snow,  and 
must  be  located  to  minimize  ingestion  of  foreign  objects 
and  dirt.  The  most  frequent  causes  of  foreign  object 
ingestion  in  Army  helicopters  are  tools  and  materials 
left  in  or  near  the  inlet  by  maintenance  personnel  and 
foreign  objects  picked  up  by  rotor  airflow  circulation. 
Other  factors  to  be  considered  in  the  location  of  engine 
inlets  are  the  proximity  of  external  hoisting  systems 
and  the  trajectory  of  materials  thrown  or  ejected  from 
the  heliedpter  in  flight. 

2.  Exhaust.  The  exhaust  system  must  be  designed 
to  minimize 

a.  the  impingement  of  hot  gases  on  the  structure 

b.  the  recirculation  of  engine  exhaust  gases  into 
the  engine  inlet  or  into  inlets  for  ventilation 
of  crew  and/or  passenger  compartments.  The 
exhaust  gas  exits  shall  be  located  to  prevent 
impaired  crew  vision  at  night. 

3.  Firewall.  All  engine  compartments,  including 
hot  section  and  compartments  carrying  combustible 
fluids  subject  to  ignition,  shall  be  separated  from  the 
helicopter  structure  by  a firewall. 

4.  Personnel  Protection.  All  personnel — including 
crew,  passengers,  and  ground  personnel — must  be  pro- 
tected from  flying  objects  due  to  possible  failure  of 
engine  components  having  a high  rotational  speed. 

' 5.  Infrared  Suppression.  The  location  of  the  engine 

hot  section  and  exhaust  system  within  the  helicopter 
structure  may  have  a significant  effect  upon  the  ease  of 
providing  suppression  of  the  IR  signature. 

6.  Separation.  The  separation  of  each  engine  and 
its  systems  from  other  engines  and  their  systems 
shall  be  such  that,  for  multiengine  installations,  a fail- 
ure of  one  engine  due  to  battle  damage  or  other  causes 
may  not  in  itself  induce  the  failure  of  a second  engine. 

13-1.1.3  Interior  Arrangement 

The  interior  arrangement  is  determined  by  the  mi:: 
sion  requirements  and  constitutes  a configuration  re- 
straint because  accommodation  must  be  provided  for 
the  applicable  crew,  troops,  equipment,  and  disposable 
loads.  The  anthropometric  data  of  par.  13-3.1.1  shall 
be  used  in  the  sizing  and  space  allowance  for  the  crew 
and  other  personnel.  Ingress  and  egress  of  troops,  seat 


size  and  orientation,  and  installation  of  mission-essen- 
tial equipment  such  as  suppressive  fire  weapons  are  all 
major  considerations  in  the  overall  design. 

13-1.1.4  Transportability 

It  is  normal  for  the  design  requirements  to  include 
the  capability  for  the  helicopter  configuration  to  be 
transported  and  shipped  on  other  vehicles,  including  a 
cargo  aircraft.  This  requirement  establishes  restraints 
on  size  and  volume  so  that  the  helicopter  can  be  pre- 
pared easily  for  shipment.  Items  such  as  stowage  of 
rotor  blades,  removal  of  aerodynamic  surfaces,  and  re- 
moval of  tail  boom  if  applicable  must  be  considered  in 
establishing  a configuration  that  meets  or  exceeds  the 
transportability  requirements.  The  undercarriage 
clearance  and  wheelbase  of  helicopters  must  be  capable 
of  clearing  knuckles  formed  at  the  intersections  of  14- 
deg  ramps  and  loading  surfaces.  The  sizes  of  cargo 
vehicles  normally  considered  for  transportation  of 
Army  helicopters  are  discussed  in  par.  1 3-2. 

13-1.1.5  Personnel  Emergency  Egress 

Emergency  exits  must  be  placed  in  a location  con- 
venient for  use  by  the  operating  personnel;  considera- 
tion of  these  exits  in  the  preliminary  design  is  essential 
because  load  paths  and  major  structure  may  be  af- 
fected. The  requirements  summarized  in  par.  13-3.2.1 
shall  apply.  Another  design  restraint  consideration  in- 
volving personnel  is  the  location  of  the  personnel  where 
maximum  attenuation  is  provided  under  crash  condi- 
tions, and  hence  where  there  is  the  least  likelihood  of 
injury  from  displaced  helicopter  systems  and  compo- 
nents. 

13-1.1.6  Fuel  Storage 

Few  helicopters  have  a surplus  of  space  for  fuel  stor- 
age; accordingly,  the  initial  consideration  of  locations 
for  the  fuel  tanks  is  of  major  importance.  It  is  extremely 
desirable  to  have  all  the  fuel  stored  at  the  helicopter 
normal  CG  as  related  to  the  longitudinal  and  lateral 
axes,  and  it  is  mandatory  that  consumption  of  the  fuel 
does  not  cause  a significant  CG  location  change.  T rade- 
offs  oflocating  the  fuel  near  the  bottom  of  the  fuselage 
to  enhance  minimum  turnover  tendency  versus  locat- 
ing the  fuel  tanks  to  minimize  the  probability  of  rupture 
due  to  crash  impact  must  be  considered  carefully. 

13-1.1.7  Aerodynamic  Requirements 

The  aerodynamic  configuration  necessitated  by  mis- 
sion performance  requirements  introduces  manufactur- 
ing and  cost  restraints  as  related  to  body  contours, 
surface  smoothness,  and  requirements  for  fairings. 
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Three-dimensional  contours  should,  in  general,  be 
avoided  on  the  major  skin  areas,  thus  permitting  the  use 
of  flat  wrap  construction  for  maximum  cost-effective- 
ness. In  those  areas  where  three-dimensional  contours 
cannot  be  avoided,  minimum  structural  requirements 
should  be  investigated  and  alternate  manufacturing 
methods  such  as  molding  should  be  studied  in  conjunc- 
tion with  establishing  the  final  preliminary  design  con- 
figuration. Another  aerodynamic  restraint  applicable 
to  some  helicopters  would  consist  of  the  size  require- 
ments for  aerodynamic  surfaces  necessary  to  provide 
inherent  flight  stability. 

13-1.1.8  Turnover  Angle 

Army  helicopters  normally  have  a requirement  for 
landings  on  slopes  up  to  15  deg  in  any  direction.  Com- 
pliance with  this  requirement  often  is  demonstrated  by 
landing  on  a slope  while  holding  partial  thrust  of  ap- 
proximately 1/3  the  weight  of  the  helicopter  on  the 
main  rotor.  Because  an  operational  requirement  exists 
for  15  deg,  a minimum  turnover  angle  of  30  deg  has 
been  established.  This  constitutes  a configuration  re- 
straint in  regard  to  the  distance  between  the  landing 
gears  and  the  relative  vertical  position  of  the  CG. 

13-1.1.9  Step  Height 

Recent  tests  have  established  a maximum  step  height 
of  25  in.  for  fast  boarding  and  unboarding  of  troops. 
Step  heights  for  single  steps,  therefore,  shall  be  a maxi- 
mum of  25  in.  and  multiple  steps  shall  be  spaced  per 
Mil. -STD-1472. 

13-1.1.10  Weapon  Clearance 

The  weapons  must  be  located  and  restrained  in  bore 
excursion  so  that  a projectile  or  any  other  fired  missile 
shall  not  pass  through  the  rotor  disk  area,  damage  !he 
landing  gear,  or  strike  any  other  part  of  the  helicopter. 
Provisions  also  shall  be  made  to  prevent  damage  to 
nearby  structure  due  to  propellant  gases  and  muzzle 
blast  In  addition,  spent  cartridges  shall  not  he  permit- 
ted to  he  disposed  of  in  a trajectory  that  might  damage 
portions  of  the  helicopter,  such  as  the  tail  rotor,  or 
interfere  with  the  operation  of  flight  control  mech- 
anisms Other  installation  requirements  include  loca- 
tion of  the  weapons  where  personnel  can  service  them 
conveniently,  possibly  in  flight,  and  sufficiently  remote 
to  preclude  |«ersoiine|  injury 

13-11.11  Rear  Ramp 

I he  rear  ramp,  it  a|ipll<  able,  ihali  have  a slope  u| 
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13-1.1.12  Other  Restraints 

All  helicopter  configurations  have  design  restraints 
that  are  peculiar  to  the  type  and  model.  These  must  be 
considered  on  an  individual  basis  as  applicable.  Some 
possible  examples  include  rotor  . stem  isolation, 
ground  resonance  considerations,  phasing  of  rotor 
blades,  and  externally  mounted  equipment  provisions. 

1 3- 1 .2  PRELIMINARY  DESIGN 

CONSIDERATIONS 

Once  the  general  configuration  has  been  agreed  upon 
and  the  configuration  restraints  have  been  established, 
it  becomes  possible  to  analyze  the  major  subsystem 
requirements.  There  is  no  single  Figure  of  Merit  for  any 
of  these  major  subsystems.  Decisions  on  them  are  inter- 
related, and  the  final  design  should  be  an  intelligent 
compromise,  based  upon  fundamental  design  goals 
(i.e„  safety,  performance,  cost,  and  reliability). 

The  discussion  that  follows  describes  examples  of 
criteria  commonly  used  in  establishing  subsystem  char- 
acteristics. The  design  process  is  similar  to  that  in- 
volved in  the  development  of  other  military  systems.  Its 
special  characteristics  include  a unique  emphasis  upon 
the  dynamics  of  the  total  system.  Dynamic  considera- 
tions in  helicopters  involve  rotor  system  and  blade  de- 
sign, control  systems,  structures,  and  landing  gear. 

A primary  design  task  is  to  maintain  cognizance  and 
control  of  the  interrelationships  among  the  individual 
subsystems  in  order  to  insure  that  the  efforts  of  the 
various  subsystem  design  groups  do  not  diverge.  Of  the 
1 1 major  subsystems  of  a single-rotor  configuration, 
the  main  rotor,  tail  rotor,  flight  control,  electrical,  com- 
munication, and  instrument  subsystems  can  be  ex- 
changed freely  among  airframe  arrangements  with  few 
exceptions.  The  fuel,  power  plant,  transmission,  struc- 
ture (including  transparent  areas),  and  furnishing  sub- 
systems are  interdependent,  and  never  should  be  se- 
lected without  first  making  preliminary  layout  of  aff  of 
them  to  determine  the  effect  of  each  one  upon  the 
other. 

As  the  design  effort  progresses,  each  feature  of  the 
proposed  helicopter  should  be  evaluated  continually 
for  conformity  witfi  design  criteria.  In  particular,  cost, 
weight,  human  factors,  and  dynamic  considerations  are 
vital  elements  abntil  which  objective  data  rapidly  ac- 
< iitniilale  as  I fie  design  details  evolve.  Continual  com- 
promise and  iteration  ale  required  ill  order  to  insure 
I foil  system  goals  ale  met 
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13-2  TRANSPORTABILITY 
REQUIREMENTS 

13-2.1  GENERAL 

The  policy  of  'he  Department  of  Defense  with  regard 
to  (he  transportability  of  materiel  is  set  forth  in  AR 
705-8.  It  directs  that  "transportability  will  be  a major 
consideration  when  formulating  the  priority  of  charac- 
teristics to  be  considered  in  the  design  of  any  new  item 
of  materiel  and  equipment".  Accordingly,  helicopters 
must  be  designed  to  permit  ready  handling  and  move- 
ment by  available  transportation  facilities — air,  road, 
ship,  or  rail. 

Important  factors  that  affect  design  for  transporta- 
bility are  the  limitations  imposed  upon  size,  shape,  and 
weight  by  existing  facilities,  equipment,  and  practices 
of  normal  transportation  modes.  Special  or  unique  ar- 
rangements of  rights-of-way,  clearances,  or  other  oper- 
ating conditions  will  be  undertaken  only  in  exceptional 
cases  and  after  first  obtaining  approval  from  the  appro- 
priate transportation  agency. 

For  these  reasons  this  discussion  of  helicopter  design 
for  transportability  is  organized  around  considerations 
of  the  constraints  of  major  transportation  modes. 
Those  aspects  that  are  peculiar  to  helicopters  perse  Are 
presented  under  the  discussion  of  the  transportation 
modes. 

The  factors  to  be  considered  in  the  selection  of  a 
transportation  mode  for  a helicopter  are  distance  of  the 
move,  urgency  of  the  need  at  the  new  station,  cost  of 
preparation  and  shipment,  and  the  feasibility  and  avail- 
ability of  the  various  transportation  modes  for  the  par- 
ticular move  required.  The  normal  transportation 
modes  that  can  be  considered  are  self-delivery  and 
transport  aircraft.  Highway  transport  by  truck  or 
trailer,  ship  or  barge  transport,  or  rail  are  not  used 
frequently,  but  also  should  be  considered. 

13-2.1.1  Sectionalization 

Sectionalization  refers  to  that  characteristic  of  a heli- 
copter design  that  enables  subsystems,  e.g.,  rotor 
blades,  tail  boom,  to  be  removed  or  reoriented  to  reduce 
weight  or  shipping  dimensions.  This  may  be  necessary 
for  large  helicopter  systems  to  assure  that  the  vehicle 
may  be  accommodated  within  normal  transportation 
envelope  dimensions.  For  smaller  systems,  sectionali- 
zation should  be  minimized  to  facilitate  rapid  deploy- 
ment and  reaction. 

Water  movements  generally  require  that  the  item  fit 
into  the  hatch  opening  for  stowage  below  deck  in  the 
between-deck  area.  If  a helicopter  is  to  be  used  by  both 
the  Army  and  Navy,  operational  compatibility  with 


aircraft  carriers,  smji  as  the  I.MA,  is  an  important 
scctionali/ation  consideration.  Compatibility  with 
the  aircraft  carrier  deck  elevator  is  typically  the  most 
critical  constraint,  particularly  with  heavy  lilt  heli- 
copters Oil  .Us).  Any  scctionali/ation  must  be  ac- 
complished in  a manner  that  will  permit  reassembly 
in  the  field  with  a minimum  of  special  tools,  person- 
nel. and  handling  equipment. 

To  date,  scctionali/ation  of  helicopters  has  included 
blade  folding  and/or  removal  of  rotor  blades  and  tail 
boom  and  removal  of  external  antennas  and  mirrors. 
Folding  of  blades  and  tail  butms  generally  is  more 
desirable  than  removing  them.  Removed  blades  and  tail 
booms  require  boxes,  fixtures,  or  special  cushioning  for 
stowage  during  shipment.  Further  sectionalization  usu- 
ally requires  removal  of  mechanical  equipment  such  as 
the  rotorhead,  main  shaft,  and  control  rod  parts.  In 
some  cases,  pylons  may  be  removed.  Transmissions 
usually  are  part  of  the  structure  of  the  helicopter  and 
generally  are  considered  inappropriate  for  sectionaliza- 
tion. Large  helicopters,  if  divided  between  the  landing 
gear,  should  have  easily  applied  supports  or  wheels 
installed  prior  to  the  separation  to  reduce  or  eliminate 
the  need  for  a crane  as  a sectionalization  aid.  Each 
section  should  incorporate  handling  provisions.  In  all 
designs,  quick-disconnections,  electrical  plugs  and 
receptacles,  and  other  easy-to-separate  and  reconnect 
devices  should  be  incorporated  at  separation  or  folding 
points  and  designed  to  be  connected  in  only  one  way. 

13-2.1.2  Preparation  for  Shipment 

Except  for  self-delivery  over  relatively  short  dis- 
tances, every  helicopter  will  require  some  sort  of  prepa- 
ration for  shipment  (see  MIL-P- 1 16).  Long  ferry  flights 
may  require  installation  of  additional  fuel  tanks  either 
internally  or  externally.  Shipment  by  surface  will  re- 
quire the  folding  or  removal  of  rotor  blades  and  tail 
booms;  removal  of  externally  mounted  antennas  and 
mirrors;  and  protection  of  plastic  and  glass  surface 
from  abrasive  particles.  In  some  instances  pointed  ap- 
pendages also  will  need  protection.  Exposed  machined 
metal  surfaces  will  need  a protective  coating  to  prevent 
corrosion.  Dissimilar  metals  will  set  up  a galvanic  ac- 
tion, and  must  be  insulated  from  each  other  in  the 
original  design  or  as  part  of  the  preparation  for  ship- 
ment by  ship.  Fuel  systems  may  have  to  be  drained, 
purged,  and  preserved.  These  features  must  be  consid- 
ered during  the  design  of  the  helicopter  to  reduce  the 
time  required  to  accomplish  these  tasks,  ease  their  per- 
formance, and  reduce  the  possibility  of  damage. 
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13-2.1.3  Tiedown  and  Lifting  Points 

The  design  of  a helicopter  limits  the  points  at  which 
attachments  may  be  placed  for  lifting  and  tiedown. 
Certain  tiedown  practices  may  cause  extensive  damage 
to  the  helicopter  rtructure.  Therefore,  consideration 
must  be  given  to  the  design,  location,  and  marking  of 
attachments  for  lifting,  ground  handling,  and  restraint 
for  surface  transportation.  MIL-STD-209  provides 
guidance  for  (he  design  and  location  of  lifting  and  tie- 
down eyes.  Restraint  criteria  must  be  met  for  all  modes 
of  shipment  applicable  (e.g.,  aircraft,  ship,  and  truck). 
However,  the  designer  also  must  consider  the  tiedowns 
and  any  other  appurtenances  or  possible  attachment 
points  from  the  viewpoint  of  the  person  charged  with 
moving  the  helicopter  to  determine  how  an  inex- 
perienced person  would  go  about  restraining  it.  Certain 
parts  must  be  marked  to  preclude  improper  use  as  re- 
straining points,  and  other  parts  marked  for  use  as 
restraining  points. 

13-2.1.4  Assistance 

AR  705-8  designates  the  Military  Traffic  Manage- 
ment and  Terminal  Service  (MTMTS)  as  the  agency  to 
implement  the  DOD  Engineering  for  Transportability 
Program  foi  the  Army.  The  IJ.S.  Army  Transportation 
) Engineering  Agency  of  MTMTS  is  a field  activity  or- 
ganized to  provide  assistance  in  transportability:  its 
services  are  available  without  charge  and  should  be 
requested  before,  during,  and  after,  engineering  design 
drawings  are  prepared. 

13-2.2  AIR  TRANSPORTABILITY 

AMCP  706- i 30  summarizes  the  requirements  im- 
posed to  provide  air  transport  and/or  or  d-op  capabil- 
ity for  materiel.  The  equipment  and  systems  used  are 
described,  including  the  characteristics  and  capabilities 
of  the  Army  and  Air  Force  aircraft  that  nut  be  used 
for  air  transport  of  Army  equipment 

13-2.2.1  Aircraft  Size  and  Weight 
Limitations 

Physical  limns  for  air-transportable  equipment  eur 
rently  are  governed  by  the  existing  military  transporta- 
tion aircraft  that  probably  will  be  in  use  for  10-20  yr. 
These  aircraft  include  the  C-130.  C- 141.  and  C-5.  Ctt- 
restricted  cargo  compartment  lengths,  widths,  and 
heights  for  these  aircraft  arc  illustrated  in  Figs  Id, 
13-2,  and  13-3 

Load  density  and  tread  or  footprint  area  of  the  cargo 
are  important  factors  in  air  transportability  flooring 
of  each  type  of  aircraft  has  different  structural  support 


sections  that  limit  load  concentrations.  When  an  item 
does  not  have  sufficient  footprint  area,  shoring  and/or 
load  spreaders  are  required  to  distribute  the  bearing 
pressure  upon  the  flooring  surface  until  it  is  within 
acceptable  limits.  Total  cargo  load  in  pounds  for  differ- 
ent aircraft  versus  the  mission  range  indicated  in  AR 
70-39  is  shown  in  Table  13-1. 

1 3-2.2. 2 Terminal  Facilities 

Cargo  destined  for  air  movement  generally  must  be 
compatible  with  highway  movement  restrictions  in  or- 
der to  be  transportable  to  and  from  the  air  terminal. 
Packaged  cargo  normally  is  palletized  for  ease  of  han- 
dling. The  Military  Airlift  Command  (MAC)  terminals 
are  rv""  :.pable  of  using  the  463L  Materials  Handling 
System,  which  provides  a rapid  loading  and  unloading 
roller  conveyor  apparatus.  The  heart  of  this  system  is 
the  108-in.  X 88-in.  pallet  with  a 10,000-lb  capacity. 

13-2.2.3  Restraint 

DA  TB  55-100  provides  appropriate  guidance  for 
restraint  of  air  cargo.  AR  70-39  and  the  applicable 
TO/TM  contain  load  factors  for  which  all  cargo  must 
be  restrained  in  each  model  aircraft. 

13-2.3  HIGHWAY  TRANSPORT 

Land  movement  considerations  require  careful  anal- 
ysts to  allow  effective  and  efficient  movement  of  cargo 
under  all  physical,  legal,  and  environmental  conditions 
The  vehicle  and  cargo  must  be  compatible  in  size  and 
weight  with  the  highway  systems  involved.  Specific 
areas  of  interest  for  all  highway  movement  are  dis- 
cussed in  the  ensuing  paragraphs. 

In  many  areas  of  the  Continental  L.S.  (COST'S)  and 
oilier  areas  of  the  world,  the  only  means  of  mass  move- 
ment of  persons  and  things  is  the  highway  transport 
system  In  some  instances  this  is  the  only  mode  of 
transportation  that  can  be  used  to  move  unserviceable 
aircraft  Most  movements  that  employ  other  modes  of 
transportation  begin  and  end  the  journey  on  the  high- 
way (see  TM  55-b50  for  COSTS  information  and  rout- 
ing restrictions)  The  largest  cargo  item  that  can  be 
transported  by  highway  is  determined  by  the  adminis- 
trative limitations  of  the  individual  stales  in  the  l S. 
and  by  the  host  country  outside  of  the  C.S.  For  specific 
information  on  permissible  st/eand  weight  restrictions 
see  par.  13-2  '.2. 

For  cargo  th  • exceeds  the  legal  si/e  und/ot  weight 
limitations,  the  states  and  foreign  countries  rev  lew  each 
such  load  and  may  grant  movement  permits.  F.ach  state 
and  foreign  country  must  he  contacted  separately,  and 
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STATION 
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CARGO  FLOOR 


EMPTY 

AT  108,000  lb 
EMPTY 

AT  135,000  lb 
EMPTY 

AT  155.000  lb 


^ 11.5  deg 
A AND  D MODELS 
B MODELS 
E MODELS 


r 

123 

1_ 




JU.  — 

164  in.  max  AT  54 in. 
ABOVE  CARGO  FLOOR 

— 1 ;'T  "GpO 

. ..  J 

NOTE: 

1 DIMENSIONS  IN  in. 

/ A 108  in.  WITH  LITTER  BRACKET  INSTALLED. 

A WITH  DUAL  RAIL  AIRDROP  SYSTEM  INSTALLED  DEDUCT  2.625  in. 

6\  AIRCRAFT  ON  HARD  SURFACE,  LANDING  GEAR  STRUTS  AT  STANDARD  INFLATION, 
NOMINAL  DIAMETER  TIRES  AT  35  PERCENT  DEFLECTION,  THIS  DISTANCE  IS: 
C-130A  AND  D:  K6  in,  AT  108,000  lb 
C-130B:  147  in.  AT  135,000  lb 
3828  AND  C-130E:  143  in.  AT  155,000  lb 
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STATION  245  281  337  401  457  517  597  627  682  737  802  858 


Fig,  13-1.  Cargo  Compartment  Envelope  and  Weight  Limits,  C-130/382B  Aircraft 

(from  AMCP  706-130) 
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MOTES: 

1.  DIMENSIONS  IN  in. 

2.  THE  HEIGHT  AND  WIDTH  OF  THE  COMPARTMENT  ARE  REDUCED  2 m.  ACROSS  THE 
UPPER  OUTSIDE  CORNERS  OF  THE  COMPARTMENT  AT  FUS  STA  1198  AND  1238 

BY  THE  TROOP  DOOR  TRACKS. 

3.  WHEN  THE  ROLLER  CONVEYORS  ARE  TURNED  UPRIGHT,  USABLE  HEIGHT  WILL  BE 
REDUCED  1.5  m. 


1108  EXCEPT  AS  NOTED 

SECTION  AA  SECTION  8-B  SECTION  C-C 

CARZO  COMPARTMENT  DIMENSIONS  AND  CONTOURS,  C-I4I  AIRCRAFT 
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Fig.  13-2.  Cargo  Compartment  Envelope  and  Weight  Limits,  C-141  Aircraft  (from 

AMCP  706-130) 
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TABLE  13-1 

CARGO  LOAD  FOR  U.  S.  AIR  FORCE 
TRANSPORTS 


RANGE, 

n mi  | 

1000 

2500  I 

AIRCRAFT 

CARGO  LOAD, 
lb 

C-130E 

38,492 

27,000 

C— 141 A 

64,120 

64,120 

C-5A 

207,046 

207,046 

each  makes  its  own  decisions.  A publication  of  maxi- 
mum dimensions  and  weights  for  which  permits  will  be 
issued  does  not  exist.  Each  movement  is  considered  in 
relation  to  the  dimension  and  weight  of  the  item  and 
vehicle,  the  weather,  and  the  exact  route  over  which  the 
vehicle  will  move. 

13-2.3.1  Cargo  Vehicles 

Highway  vehicles  can  be  classified  by  type,  by  axle 
arrangement,  by  size,  and  by  weight-carrying  capacity. 
Most  straight  trucks  do  not  exceed  35-40  ft,  although 
recent  construction  fends  to  the  longer  lengths.  In 
weight-carrying  capacity,  trucks  can  carry  up  to  50 
tons.  Regardless  of  the  weight  rating  of  the  vehicle,  the 
resulting  axle  load  must  comply  with  the  individual 
state  or  country  in  order  to  permit  unrestricted  move- 
ment. 

13-2.3.2  Size  and  Weight  Limitations 

The  data  that  follow  gene  illy  fit  all  CONUS  and 
worldwide  conditions.  For  movement  over  a given 
route,  the  restrictions  of  that  route  should  be  deter- 
mined. 

For  practical  purposes,  the  vertical  height  of  a vehi- 
cle or  vehicle  and  its  load  for  unrestricted  movement  in 
CONUS  is  12.5  ft.  For  world-wide  movement  on  the 
same  basis,  the  height  is  1 1.0  ft.  The  legal  width  of  a 
vehicle  and/or  its  load  is  8 ft  in  CONUS.  This  same 
width  generally  is  used  for  foreign  countries.  The 
length  dimension  introduces  more  variables,  but  35  li 
for  a single-unit  truck  generally  is  accepted  for  both 
CONUS  and  foreign  ureas.  In  CONUS  the  c .tbina- 
tion  truck  tractor  with  semitrailer  is  limited  to  50  ft 
overall,  and  the  same  limit  is  applied  to  a truck  tractor 
with  semitrailer  and  fail  trailer,  where  permitted.  In 
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highly  developed  foreign  areas  the  truck  tractor  with 
semitrailer  has  a general  length  limit  of  14  meters,  or 
45.93  ft.  There  is  no  single  figure  that  is  considered  to 
be  representative  of  other  vehicle  combinations. 

Weight  limits  generally  are  stated  with  respect  to 
single  axle  weight,  tandem  axle  weight,  gross  vehicle 
weight  as  related  to  the  number  of  axles  and  their  dis- 
tances apart,  and  maximum  gross  weight.  As  stated 
previously,  almost  all  figu.es  are  compromises.  In 
CONUS  all  states  permit  18,000  lb  single-axle  loads 
and,  with  certain  limits,  all  states  permit  32,000  lb  on 
tandem  axles  spaced  4 ft  apart. 

In  foreign  areas,  16,000  lb  is  an  acceptable  single- 
axle load  for  first  class  pavements.  For  tandem  axles 
the  limit  is  28,500  lb. 

13-2.3.3  Van  Loading 

Interior  van  dimensions  include  a 93-in.  width, 
91 -in.  door  width,  and  7-ft  8-in.  height.  Average  load 
bed  height  of  a cargo  van  is  56  in.  Specialized  equip- 
ment in  the  heavy  hauler  inventory  may  be  as  low  as 
18  in.  from  the  ground. 

13-2.3.4  Restraint 

Consideration  must  be  given  to  transportation  envi- 
ronments encountered  over  public  highways.  DA  TB 
55-100  provides  appropriate  guidance  in  this  area. 

13-2.4  WATERBORNE  TRANSPORT 

In  general,  materiel  that  is  transportable  by  air,  high- 
way, or  rail  modes  is  accommodat  :d  readily  by  water- 
borne transport  equipment.  Special  problems  that  arise 
in  waterborne  transportation  include  the  potential  for 
exposure  of  the  helic  ipier  to  water  and  salt  spray  and 
the  requirement  for  noisting  of  the  helicopter  during 
loading/unloading  operations. 

For  general  cargo  vessels  the  dimensions  of  the  clear 
hatch  opening  at  the  main  deck  level  limit  the  size  of 
materiel  to  be  stowed  below  deck.  These  dimensions, 
which  vary  between  hatch  locations  on  a given  ship, 
and  the  between-deck  heighis  for  various  ships  are 
shown  in  Fig.  13-4.  The  largest  cargo  item  that  can  he 
transported  by  a given  ship  is  determined  bv  the 
clear- deck  loading  space  available. 

13-2.5  RAIL  TRANSPORT 

Transportation  of  Army  helicopters  by  rail  generally 
is  not  undertaken,  unless  no  other  alternatives  are 
available.  The  legal  and  environmental  conditions  are 
not  as  critical  for  nu  vemcni  bv  rail  as  with  other 
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Fig.  13-4.  Hatch  Openings  and  Between-deck  Heights 


modes;  however,  certain  clearances  and/or  restrictions 
due  to  physical  limitations  imposed  by  obstructions 
(Fig.  13-5)  may  be  encountered  along  the  right-of-way. 

Fig  13-6  shows  the  outline  diagram  for  generally 
unrestricted  railway  clearances,  referred  to  as  the 
Berne  International  Clearance  Diagram. 

Other  areas  of  the  world  each  have  specific  clearance 
diagrams  pertaining  to  the  railroads  in  those  areas.  Fig. 
13-7  shows  rail  clearances  for  three  sizes  of  narrow 
gage  track  (36-in.,  39  3/8-in.,  and  43-in.  gages). 

Railway  cars  generally  are  classified  by  type  and 
nominal  capacity.  Among  these  the  most  common 


types  of  rail  equipment  are  boxcars  and  flatcars.  Typi- 
cal boxcars  have  a capacity  of  50  ton  and  are  40-50  ft 
long  and  9-9.5  ft  wide.  Typical  flatcars  have  a capacity 
of  56.5  ton,  with  a loading  surface  52.5  ft  long  and  10.5 
ft  wide. 

The  door  openings  in  the  average  boxcar  vary  in  size 
from  6 ft  wide  by  9 ft  4 in.  high  to  8 ft  wide  by  9 ft  10 
in.  high.  Larger  boxcars  of  up  to  90  ft  in  length  with 
70- 100-ton  capacities  have  door  openings  up  to  20  ft 
wide  by  12  ft  7 in.  high.  These  larger  and  more  sophis- 
ticated cars  are  not  available  as  readily  as  the  average 
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I cars.  Railway  cars  of  foreign  countries  are  generally 

smaller  in  size  and  vary  in  capacity  from  20  to  40  tons. 

P 

| 13-3  MAN/MACHINE 

| CONSIDERATIONS 

I 

I 13-3.1  HUMAN  FACTORS  ENGINEERING 

£ 

ji  13-3.1.1  Anthropometries 


t Anthropometry  is  the  study  of  the  “measure  of 

fman”.  Because  military  equipment  is  used  by  a wide 
range  of  personnel,  it  must  be  designed  with  reference 
; to  the  ranges  in  strength,  and  physiological  makeup  of 

I those  likely  to  operate  or  maintain  the  hardware.  Areas 

1 to  be  considered  in  the  optimized  anthropometric  de- 
| ! sign  include  those  that  follow. 

113-3.1.1.1  Body  Dimensions 

Static  measurements  to  torso,  head,  and  limbs  in  a 
■ standardized  position  and  dynamic  measurements 

taken  in  working  position  or  task  movement  must  be 
>;  predicted.  These  measurements  can  be  obtained  di- 

rectly from  the  body,  or  from  precision  photographs  or 
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models.  Anthropometric  instruments  are  well  stand- 
ardized and  include  measuring  sticks,  caltpers,  metal 
tapes,  and  foot-measuring  blocks.  Designers  also  have 
found  scale  model  articulated  mannequins  useful  in 
measuring  work  space  in  mock-ups. 

Figs.  13-8,  13-9,  and  13-10  deal  with  typical  values 
of  basic  human  body  measurements  (anthropometries). 
The  document  defining  anthropometry  to  be  used  in 
the  design  of  a particular  helicopter  generally  will  be 
defined  in  the  solicitation. 

The  larger  number  in  Fig.  13-9  represents  the  95th 
percentile  and  the  smaller  number  the  5th  percentile. 
The  reach  characteristics  of  a seated  crew  member  (5th 
percentile)  are  shown  in  Fig.  13-10.  These  are  relative 
to  the  distance  from  the  center  of  plane.  A common 
seat  reference  point  is  the  base  point  for  the  dimensions. 
The  charts  show  the  locations  at  which  a control  can 
be  grapped  between  the  thumb  and  forefinger  while  the 
shoulders  are  against  the  backrest  of  the  seat  (inclined 
13  deg  from  the  vertical).  If  the  layout  is  such  that  the 
smaller  man  can  reach  and  grasp  within  this  envelope, 
any  larger  crewman  generally  will  find  all  controls 
within  his  reach.  Unless  otherwise  specified  by  the  pro- 
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Fig.  13-5.  Types  of  Physical  Barriers  That  Control  Railroad  Equipment  and 

Loading  Sizes 
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Fig.  13-6.  Berne  International  Clearance  Diagram 


curing  activity,  the  flight  crew  stations  for  Army  air- 
craft shall  be  designed  to  accommodate  the  5th 
through  95th  percentile  U,S.  Army  aviator  (Fig.  13-8). 
Additional  data  are  available  in  Ref.  1 . The  seat/cont  rol 
relationships  shall  be  in  accordance  with  MJL-STD- 
1333.  The  general  arrangement  of  flight  crew  station 
controls  and  displays  shat!  be  in  accordance  with  MIL- 
STD-250. 

Fig.  13-8  shows  selected  dimensions  for  U.S.  Army 
aviators  from  Ref.  1.  The  center  of  mass  of  the  human 
body  varies  somewhat  due  to  weight,  stature,  and  build. 
It  varies  downward  for  shorter  men  and  upward  for 
taller  ones.  The  CG  or  center  of  mass  is  slightly  more 
than  30%  of  the  height  above  the  soles  (standing).  It 
does  not  vary  with  age. 

From  these  illustrations,  Ref.  1,  and  the  applicable 
Military  Standards,  a first  approximation  of  the  crew 
duty  station  can  be  determined. 

1 3-3. 1.1.2  Muscular  Strength 

The  maximum  force  that  can  be  exerted  by  the  weak- 
est 5%  of  normal  American  males  aged  18  to  30  should 


be  the  design  criterion  for  crew-operated  systems.  Hu- 
man strength  varies  with: 

1.  Age 

2.  The  plane  in  which  the  force  must  be  exerted 
with  relation  to  the  rest  of  the  body 

3.  Hand  used  (the  average  individual’s  preferred 
hand  and  arm  are  about  10%  stronger  than  his  other) 

4.  The  direction  of  force 

5.  The  length  of  time  of  exertion 

6.  The  shape  and  size  of  the  manipulated  object. 

(See  Tables  13-2  and  13-3  and  Figs.  13-11  and  13-12.) 
These  data  will  be  of  value  during  systems  analysis  of 
flight  crew  station  requirements  (par.  13-3.1.3).  Ranges 
of  joint  motion  are  shown  in  Fig.  13-13.  Range  of  head 
motion  is  shown  in  Fig.  13-14. 

13-3.1.2  Vision 

The  human  visual  system  is  highly  sensitive  and 
adaptive.  The  lower  absolute  threshold  (laboratory 
investigations  with  dark-adapted  subjects)  is  on  the  or- 
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der  of  10  6 footlambert  (0,000001  millilambert).  The 
upper  absolute  threshold  determinations  are  limited 
because  of  the  danger  of  injury  to  the  retina.  Effec- 
tively, the  upper  threshold  can  be  stated  as  16,000  foot- 
lamberts.  Exposure  for  even  a few  minutes  to  white 
light  above  this  level  is  painful  and  may  result  in  retinal 
damage. 

Acuity  is  in  part  a function  of  how  it  is  measured. 
The  finest  width  of  line  that  can  be  detected  subtends 
an  angle  of  approximately  1 sec  of  arc.  Vernier  acuity 
involvs  the  detection  of  a break  in  a single  line  (as 
lateral  displacement),  and  experiments  give  values  of 
approximately  5-10  sec  of  arc  as  the  lower  threshold. 
Landolt  ring  studies  reveal  about  1 min  of  arc  as  a 
threshold  for  existence  of  space  between  contours.  This 
is  a good  absolute  minimum  figure  to  remember. 

MIL-STD-850  lists  the  aircrew  vision  requirements 
for  military  helicopter  design.  Controls,  consoles,  and 
instrument  panels  shall  be  located  so  as  not  to  restrict 


vision — particularly  over-the-nose  visibility.  MS  33575 
specifies  the  minimum  angles  of  unimpaired  vision  that 
shall  be  available  to  the  pilot.  The  crew  vision  require- 
ments on  ail  missions  envisioned  for  a specific  helicop- 
ter shall  be  investigated  to  determine  if  the  above  crit- 
eria are  adequate. 

Visual  acuity  varies  as  a function  of  brightness  (Fig. 
13-15).  The  contrast  ratio  for  light-reflecting  crew  sta- 
tion displays  shall  be  at  least  80%  for  both  red  and 
white  illumination.  Although  there  is  some  disagree- 
ment among  sources  as  to  how  to  compute  contrast 
ratio,  the  safest  method  is  shown  in  Eq.  13-1. 


(Bt  - B2 ) 

Contrast  ratio  «* 100  ,%  (13-1) 


where 


Bx  — brightness  of  brighter  portion 
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Fig.  13-7.  Example  Rail  Clearances 
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Fig.  13-8.  Static  Human  Body  Measurements,  U.S.  Army  Aviators  (1970) 


(e.g.,  letter  of  “white  on  black” 
display),  lambert 
— brightness  of  the  less  bright 
portion  (e.g.,  background  of 
“white  on  black”  display), 
lambert 

Fig.  13-16  shows  the  relationship  between  the  mini- 
mum visual  angles  discernible  and  contrast  ratio  in 
percent  under  three  levels  of  illumination. 

13-3.1.2.1  Glare 

Glare  is  the  most  unwanted  effect  of  illumination.  It 
is  controlled  or  mitigated  through  use  of  nonrefleclive 
coatings;  by  dull,  minimally  reflecting  surfaces  in  pan- 
els and  other  cockpit  structures;  by  proper  placement 
of  light  sources;  and  by  shielding.  Overhead  illumina- 
tion should  be  shielded  to  about  45  deg  to  prevent 
direct  glare. 

Eyeglasses  cause  reflections  unless  the  light  source  is 
30  deg  or  more  above  the  line  of  sight,  40  deg  or  more 
below,  or  outside  15  deg  laterally  from  a straight  line 
drawn  from  outside  the  corners  of  one'.-  spectacles. 

13-3.1.2.2  Light  Transmission,  Reflection,  and 
Fogging 

Maximum  transmission  of  light  through  a wind- 
screen bubble  is  required  to  assure  the  best  possible 
external  night  vision.  Polarized  glass,  nonreflective 
coatings,  and  the  use  of  polarized  goggles  must  be  con- 
sidered. Matte,  nonreflective  paint  and  surfaces,  and 


glare  shields,  should  be  used  whenever  necessary. 

Prevention  and  removal  of  windshield  fogging  and 
icing  that  would  reduce  visibility  through  transparent 
surfaces  is  an  important  priority.  The  instrument  panel 
must  be  positioned  and  shielded  to  prevent  reflections 
on  the  interior  surfaces  of  the  windscreen,  transparent 
hatches,  and  canopy. 

13-3.1.2.3  Adverse  Visual  Effects 

While  contrast  between  figures  and  background 
should  be  maximal  v/ithin  a light  reflecting  display,  the 
general  illumination  of  the  crew’s  field  of  vision  should 
have  “hot  spots”  reduced  to  a minimum.  At  night  the 
panel  should  be  fairly  uniform.  This  is  best  accom- 
plished through  the  use  of  integrally  lighted  instru- 
ments and  panels.  It  is  preferable  that  instruments 
be  illuminated  in  groups,  so  that  the  crew  member 
can  adjust  the  intensity  by  group.  Research  has 
shown  individual  differences  in  pilot  preference  as  to 
how  the  illumination  intensities  of-  his  display  panel 
are  "contoured”.  When  flying  under  changing  ex- 
ternal ambient  lighting  conditions,  the  crew  member 
must  be  able  to  adjust  the  illumination  levels  as  his 
degree  of  light  or  dark  adaptation  progresses.  Unless 
otherwise  specified,  the  primary  instrument  panel 
lighting  shall  be  integral  red  lighting  in  accordance 
with  MIL-L-25467.  Although  red  lighting  is  more 
fatiguing  than  white  lighting  and  does  not  lend  itself 
to  color-coded  maps  and  displays,  it  is  used  as  the 
primary  panel  lighting  color  in  order  to  achieve 
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maximum  dark  adaptation.  A secondary  panel  flood 
lighting  system  shall  be  provided  that  is  selectable  red 
or  white.  The  white  flood  lighting  shall  provide  a maxi- 
mum intensity  of  at  least  ISO  footcandles  to  provide 
sufficient  illumination  after  exposure  to  lightning  or 
nuclear  flash. 

Patterns  of  flashing  or  moving  lights  can  produce 
hypnotic  effects  and  should  be  avoided.  Particular  at- 
tention should  be  given  to  placement  of  navigation, 
formation,  and  anticoilision  lights.  Single  points  or 
patches  of  light  when  surrounded  by  total  darkness  can 
appear  to  float  or  move  (the  autokinetic  effect).  This 
condition  can  cause  vertigo  and  must  be  avoided. 
Therefore,  special  consideration  should  be  given  to  the 
selection  of  paint  color  and  finish  for  rotor  blades  in 
order  to  minimize  the  reflection  of  light  into  the  cock- 
pit. 

Parallax  should  be  minimized  by  placing  the  faces  of 
instruments  in  planes  perpendicular  to  the  normal  line 


of  sight  of  the  pilot  or  other  crew  members.  Similarly, 
the  design  for  the  shape  of  the  windscreen  should  be 
established  with  proper  concern  for  minimizing  the 
distortion  of  vision  caused  by  differential  refraction  of 
light  through  curved  surfaces. 

13-3.1.2.4  Optimal  Visual  Areas 

The  optimal  visual  area  is  the  solid  angle  through 
which  the  operator  can  view  displays  by  eye  movement 
alone.  The  maximal  visual  area  is  limited  by  the 
amount  of  movement  of  both  head  and  eyes  that  can 
occur  without  muscle  strain.  Under  conditions  of  accel- 
eration, vibration,  or  other  stresses,  this  field  is  nar- 
rowed. 

Table  13-4  gives  optimum  and  maximum  viewing 
angles  as  well  as  the  optimum  vertical  and  lateral  di- 
mensions. The  dimensions  correspond  to  the  optimum 
angles  at  a 28-in.  viewing  distance.  The  main  instru- 


UPPER  FIGURE— 5th  PERCENTILE 


13-16 


Fig.  13-9.  Human  Body  Measurements  of  Working  Positions 
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LATERAL  DISTANCE  FROM  CENTER  OF  BODY,  in 


BE  BASED  ON  THOSE  OF  THE  SMALL  MAN.  IN 
THE  ACCOMPANYING  GRAPH  SELECTED  DATA 
FOR  A MAN  WITH  A 5th  PERCENTILE  ARM  REACH 
ARE  SHOWN.  THE  SUBJECT  WAS  RESTRICTED  BY 
SHOULDER  HARNESS. 


Fig.  13-10.  Arm  Reach  Envelopes 


ment  panel  shall  be  from  28  to  30  in.  from  the  design 
eye  position. 

13-3.1.2.5  Cathode  Ray  Tube  (CRT)  and  Other 
Light-emitting  Displays 

The  following  design  recommendations  apply  to 
CRT: 

1.  Scope  brightness  should  be  variable  between 
0.05  and  10  footlambert. 

2.  Phosphor  excitation  caused  by  ambient  illumi- 
nation should  be  eliminated. 

3.  Brightness  ratio  between  CRT  and  other  dis- 
plays should  not  exceed  1:10. 

4.  Specular  and  diffuse  reflections  from  surfaces  of 
the  tube,  overlay,  and  filters  should  be  eliminated, 

5.  Design  should  permit  an  observer  to  view  the 
scope  from  as  close  as  he  may  wish  (see  MIL-STD- 
1472). 


6,  Design  should  provide  the  appropriate  degree  of 
resolution. 

Electroluminescent  (EL)  displays  require  a contrast 
ratio  between  figure  and  background  of  20-30f£.  EL 
displays  with  appropriate  dimming  controls  are  ex- 
tremely well  suited  for  night  flying.  In  bright  sunlight, 
some  have  a tendency  to  "wash  out".  Appropriate 
high-contrast  construction,  combined  with  antireflec- 
tive  coatings  or  filters,  can  meet  the  contrast  and  legi- 
bility requirements. 

13-3.1.3  System  Analysis 

Frequently,  in  the  design  of  new  helicopters,  mission 
requirements  will  require  trade-ofT  decisions  to  be 
made  regarding  the  allocation  of  certain  functions  to 
man  or  machine  and  the  arrangement  of  controls,  dis- 
plays, and  other  mission  equipment  within  a crew  sta- 
tion. In  the  case  of  a flight  crew  station  where  no  new 
or  special  controls  or  displays  are  required.  MIL-STD- 
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250  may  prove  sufficient.  However,  when  special 
equipment  or  unique  mission  requirements  are  in- 
volved, system  analysis  should  be  performed,  using  the 
techniques  that  follow,  as  required. 


these  analyses  progress,  more  refined  and  detailed 
charts  should  be  developed.  \ 


13-3.1.3.2  Function  Analysis 


13-3.1.3.1  Flowcharting 


The  broad  analysis  of  information  required  for  the 
mission  should  be  represented  in  flow  chart  form.  As 


From  the  flow  charts,  points  must  be  identified 
where  information  transformations  and/or  transfers 
are  required.  The  load,  accuracy,  and  rate  and  time 
delays,  as  well  as  cost  and  other  known  constraints, 
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TABLE  13-2 

ARM  FORCE  DESIGN  VALUES  FOR  HELICOPTER  CONTROLS 
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should  be  analyzed  to  determine  the  optimal  allocation 
of  functions  to  men  and  machines,  as  well  as  the  degree 
of  automation  introduced.  Sufficient  justification  pre- 
senting analyses  of  crew  locations  and  workload 
shall  accompany  any  proposals  to  automate  crew  tasks. 
A major  part  of  this  determination  is  a function  of  the 
sensory  and  psychomotor  capabilities  and  limitations 
of  the  human. 

13-3.1.3.3  Operational  Sequence  Diagramming 

Operational  sequence  diagrams  differ  from  flow 
charts  in  that  the  latter  depict  decisions/operations 
without  reference  to  any  specific  machine  implementa- 
tion or  level  of  human  involvement.  The  various  col- 
umns of  the  operational  sequence  diagram  identify  the 
man  or  machine  and  the  type  of  information  processing 
that  takes  place  at  that  point  in  the  system.  Sequentially 
diagramming  and  symbolically  representing  the  proc- 


essing of  operational  information  are  the  preferred 
approaches  and  should  be  followed  wherever  feasible. 

13-3.1.3.4  Definitions  of  Operator/Maintainer 
Information  Requirements 

In  order  eventually  to  define  control,  display,  and 
communication  requirements,  it  is  necessary  that  a 
comprehensive  determination  be  made  of  information 
requirements  for  all  major  or  critical  operator  and 
maintenance  positions.  The  sources  of  information  for 
this  purpose  are  the  operational  sequence  diagrams  pre- 
viously constructed.  The  information  requirements  are 
inputs,  processing,  outputs,  load,  accuracy,  rate,  and 
time  delay  for  each  major  operator  and  maintainer  po- 
sition. 


THE  PREFERRED  NEUTRAL  POSITION  FOR 
A SIDE-ARM  CONTROLLER  IS  APPROXIMATELY 
8 deg  TO  THE  RIGHT.  ANO  15  deg  FORWARD  OF 
THE  VERTICAL. 

THE  MAXIMUM  RIGHT-ROLL  TORQUE  WHICH 
CAN  BE  APPLIED  IS  APPROXIMATELY  57  Ib-m. 
FOR  THE  PREFERRED  POSITION,  ALTHOUGH 
ABOUT  12  Ib-m.  IS  RECOMMENDED  FOR  OPERA- 
TIONAL USE.  FOR  LEFT  ROLL,  87  Ib-m.  IS  MAXI- 
MUM, WITH  13  lb-in.  RECOMMENDED  FOR  OPERA- 
TIONAL USE. 

MAXIMUM  PITCH-DOWN  TORQUE  IS  APPROX- 
IMATELY 133  Ib-m.,  WITH  18  Ib-m.  RECOMMENDED 
FOR  OPERATIONAL  USE. 


VERTICAL 

15  deg 


90  60  30  0 -30 

UPPER  ARM  RELATIVE  TO  VERTICAL,  deg 


THE  FORCE  WHICH  CAN  BE  APPLIED  TO  A 
SIDE-ARM  JOYSTICK  CONTROLLER  VARIES  WITH 
THE  POSITION  OF  THE  SUBJECT’S  ARM  AS  IL- 
LUSTRATED BELOW. 


Fig.  13*11.  Arm  Strength  With  Elbow  Flexion  (Right  Arm/Forearm-Wrist 

Strength) 
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OPTIMUM  AREAS  FOR  LOCATION  OF  TOE-OPERATED  AND 
HEEL-OFlRATED  PEOAL  CONTROLS 


(A)  LEG  REACH  ENVELOPE 


THE  FOLLOWING  MAXIMUM  FORCES  CAN  BE  APPLIED  TO 
PEDAL  CONTROLS  BY  THE  AVERAGE  MAN  ASSUMING  PROPER 
BACK  SUPPORT  AND  OPTIMUM  LEG  ANGLE 

UP  TO  40?  II)  OF  FORCE  CAN  BE  APPLIED  BY  AN  AVERAGE 
MAN  IN  AREA  A.  UP  TO  600  lb  IN  AREA  B.  LINE  C REPRESENTS 
A RECOMMENDED  OPTIMUM  PATH  OF  PEDAL  TRAVEL  WHERE 
FORCE  APPLICATION  IS  CONSIDERED  A REQUIREMENT. 

9'  LEG  STRENGTH 
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Fig.  13-12.  Leg  Reach  Envelope/Leg  Strength 


13-3.1.3.5  Operator/Maintainer  Task 
Descriptions  and  Analyses 

Task  descriptions  should  be  developed  from  the  deci- 
sions that  determine  the  assignment  of  functions  to 
man  and  to  machines  and  that,  therefore,  influence 
both  hardware  operations  and  human  tasks  within  the 
system.  Once  developed,  task  descriptions  should  serve 
as  a basic  reference  for  all  later  designs  and  plans  for 
the  personnel  subsystem.  The  summaries  of  operational 
sequence  diagram  requirements  may  serve  as  the  prime 
source  of  information  from  which  task  descriptions  and 
task  analyses  may  be  compiled.  Task  descriptions  may 
be  prepared  as  narrative — describing,  through  specific 
statements,  all  the  interactions  of  man  with  machines 
and  with  the  system  environment — or  symbolic  format 
with  appropriate  comments.  The  task  description 


specifies,  along  a time  scale,  the  cues  the  human  should 
perceive  in  a task  environment  and  the  related  re- 
sponses that  the  human  should  make  in  his  task  envi- 
ronment. 

Where  greater  detail  is  needed — as  with  tasks  that 
are  new.  difficult,  dangerous,  or  contain  elements  of 
critical  human  involvement — a more  detailed  task 
analysis  will  be  required.  The  analysis  should  include 
operator  interaction  where  more  than  one  operator  is 
included. 

13-3.1.4  General  Control  Principles 

The  following  guidelines  for  direction  of  control 
movement  refer  to  increasing  the  magnitude  of.  or 
“switching-on”,  the  controlled  element: 
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Fig.  13-15.  Minimum  Visual  Angle  Resolved  at 
Various  Brightness  Levels 

1.  Linear  controls  should  move  forward,  upward, 
or  to  the  operator's  right. 

2.  Rotary  controls  should  move  clockwise. 

3.  Movement  of  controls  associated  with  visual 
displays  should  correspond  to  the  display  movement. 


Primary  and  emergency  controls  should  be  distin- 
guishable readily  from  secondary  controls  and  from 
each  other  both  visually  and  tactilely.  Additional  in- 
formation on  control  location  and  actuation  is  provided 
in  M1L-STD-250. 


Fig.  13-16.  Minimum  Visual  Angles  for  Various 
Contrast  Ratios 
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Fig.  13-14.  Range  of  Head  and  Eye  Movements  in  the  Vertical  Plane 
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13-3.1.5  Vibration 


The  effects  of  vibration  on  a body  depend  upon  the 
physical  parameters  of  the  impinging  energy;  its  direc- 
tion of  application  with  respect  to  the  axes  of  the  body; 
and  the  mechanical  impedance  and  absorption  coeffi- 
cient of  body  tissue,  organs,  and  the  rest  of  the  body, 
plus  the  consideration  of  the  body  as  a whole.  The 
resonant  frequencies  of  the  body  and  its  parts  are  of 
special  importance.  High  amplitude-low  frequency  (up 
to  20  Hz)  vibrations  cause  discomfort  and  can  cause 
physical  damage.  The  main  range  of  human  resonance 
is  2-5  Hz.  Cushions  used  for  comfort  and  to  damp 
vibrations  also  must  consider  crashworthiness.  See 
Chapter  5 for  additional  discussion  on  the  effects  of 
vibration  on  human  performance  and  the  various  de- 
sign techniques  used  to  minimize  its  effects. 


13-3.2 


SAFETY  AND  EFFECTIVENESS  OF 
PERSONNEL 


The  primary  method  of  identifying  hazards  and  pre- 
scribing corrective  actions  in  a timely,  cost-effective 
manner  is  a system  safety  program  in  accordance  with 
MIL-STD-882.  Some  typical  safety  considerations  that 
must  be  addressed  during  the  preliminary  design  phase 
are  discussed  in  the  following  paragraphs. 


13-3.2.1  Emergency  Egress 


13-3-2.1.1  Requirements 


Ref.  2 establishes  that  emergency  evacuation  of  heli- 
copters shall  be  accomplished  .vithia  a maximum  of  30 
sec  for  aircrew  and  passengers  on  all  multiplace  and 
cargo  transport  vehicles,  using  one-half  of  the  available 
exits.  This  requires  a minimum  of  one  exit  for  every  ten 
persons  expected  to  occupy  any  independent  section. 
This  requirement  for  an  occupant/exit  ratio  of  10:1  is 
based  upon  the  possibility  that  at  least  50%  of  the  exits 


TABLE  13-4 

DIMENSIONS  OF  VISUAL  ANGLES 
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UNITS 


DIRECT  ION  or  VOVf  71  NT 

LtMCt  ■ ,.p  ' 

__R[T,HT  __  J 
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0PTIWJ7 

MAXIPJ’/ 


INCHES 

op  i it/ijt; 


v, 
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may  be  blocked  if  the  aircraft  should  come  to  rest  on 
its  side,  thus  leaving  an  effective  occupant/exit  ratio  of 
20:1.  Ideally,  it  is  expected  that  evacuation  of  all  occu- 
pants can  be  accomplished  at  an  exit  rate  of  1 .5  sec  per 
man,  on  the  assumption  that  there  is  no  occupant 
debilitation  and  that  all  exits  are  open.  In  addition,  the 
location,  size,  and  actuation  of  emergency  exits  should 
be  in  accordance  with  Ref.  2. 


13-3.2.1.2  Emergency  Environments 


Design  of  the  emergency  evacuation  provisions  of  a 
military  helicopter  should  consider  the  full  range  of 
potential  environmental  conditions  through  which 
emergency  situations  can  arise  and  progress.  Examples 
of  abnormal  environmental  conditions  that  could  exist 
before  or  during  the  evacuation  are  severe  attitude; 
abnormal  maneuvers  including  spins,  sideslips,  and 
rolling  or  phugoid  oscillations;  buffeting  and  vibration; 
fire,  heat,  and  smoke;  darkness;  noise:  the  presence  of 
combat  threat;  structural  damage;  or  blocking  debris. 
Emergency  evacuations  may  be  required  when  the  heli- 
copter is  airborne  or  after  it  is  on  the  ground  or  in 
water. 


13-3.2.1.3 


Human  Factors  Engineering 
Considerations 


Three  major  human  factors  engineering  (HFE)  con- 
siderations are  established  by  MIL-H-46855  as  basic  to 
developing  an  optimum  emergency  evacuation  system, 
i.e.,  anthropometric,  physiological,  and  psychological. 

Ref.  2 deals  with  dimensional  clearance  require- 
ments for  passage  through  hatches  and  other  avenues 
of  egress,  and  the  reach  limitations  of  crew  and  passen- 
gers as  they  interface  with  structural  and  exit  release 
mechanisms.  It  is  extremely  important  that  the  design 
include  the  added  requirements  of  clothing,  especially 
protective  garments  that  increase  clearance  require- 
ments and/or  restrict  body  and  limb  reach,  mobility, 
and  agility. 

Psychological  considerations  include  the  limits  of 
human  strength  and  reaction  time  for  the  operation  of 
specific  controls,  and  abnormal  response  characteris- 
tics that  may  be  induced  by  various  environmental  fac- 
tors, i.e.,  air  sickness,  disorientation,  loss  of  postural 
control,  asphyxiation,  fatigue,  or  degraded  visual 
capacity  (brought  about  by  severe  vehicle  motions  and 
attitudes,  fumes,  fire,  heat,  smoke,  or  lack  of  illumina- 
tion). 

Psychological  considerations  encompass  both  nor- 
mal and  abnormal  perceptual-motor  and  cognitive 
behavior  of  crew  and  passengers.  Because  most  emer- 
gency evacuations  will  occur  under  conditions  of  ex- 
treme stress,  emergency  egress  systems  must  be  de- 
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signed  on  the  assumption  that  crew  and  passenger  may 
not  react  according  to  normal  behavior  patterns.  They 
likely  will  not  think  clearly,  be  prone  to  error,  “freeze” 
into  inactivity,  forget  recent  training,  and  revert  to 
previous  habit  patterns. 

13-3.2.1.4  Emergency  Egress  Preliminary 
Design 

The  development  of  an  adequate  system  for  emer- 
gency egress  should  be  based  upon  thorough  analysis  of 
egress  procedures  versus  hardware  configuration.  Al- 
though the  design  specification  of  a given  helicopter 
will  not  be  complete  when  the  analysis  is  begun,  the 
general  configuration  concepts  will  be  sufficiently  well 
defined  to  establish  egress  design  requirements  and 
constraints. 

Ref.  3 points  up  the  importance  of  considering  the 
emergency  egress  early  in  the  overall  design  develop- 
ment. If  this  is  not  done,  commitments  to  design  details 
in  other  areas  may  limit  the  opportunity  for  egress 
system  optimization. 

It  is  likely  that  the  design  team  would  wish  to  enlist 
the  aid  of  human  factors  specialists,  familiar  with  hu- 
man capabilities  and  limitations,  in  the  conduct  of  sys- 
tem analyses  (see  par.  13-3.1.3)  and  design  selection. 
Consideration  should  be  given  not  only  to  operation, 
but  also  to  maintenance  of  the  emergency  evacuation 
design  elements. 

The  following  should  be  considered  during  prelimi- 
nary design: 

1.  Hatch  Openings.  Hatch  opening  size  and  shape 
must  be  based  upon  the  dimensions  of  crew  members, 
including  the  special  garments  and  gear  that  they  are 
expected  to  wear  or  use  during  evacuation  (see  Refs.  1 
and  4).  The  shape  and  position  of  the  opening  also  are 
affected  by  the  mobility  of  the  crew  member  and  acces- 
sibility to  the  opening.  Abnormal,  as  well  as  normal, 
access  situations  should  be  considered.  Further  guid- 
ance to  hatch  opening  design  is  provided  by  Ref.  2. 

2.  Exit  Doors.  Outward  opening  doors  are  pre- 
ferred: however,  inward  opening  doors  may  be  consid- 
ered. Generally,  sliding  doors  are  undesirable  for  emer- 
gency exits  because  they  are  subject  to  jamming  in  a 
crash..  Door  attachment  and  release  must  be  designed 
with  priority  consideration  given  to  crew  survivability 
and  rapid  egress.  Doors  should  be  designed  so  they  will 
open  easily  even  with  ice  accumulation,  seal  vulcaniza- 
tion, or  reasonable  amounts  of  distortion.  Prime  con- 
sideration must  be  given  to  the  location  of  inside  oper- 
ating handles  and  to  the  need  for  the  unlocking 
mechanism  to  operate  under  structural  distortion  fol- 
lowing crash  landings. 
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Emergency  exits  must  be  designed  similarly  and  op- 
erable under  crash  landing  conditions.  Design  consid- 
eration should  include  outside  handles  and  latches  ca- 
pable of  being  operated  by  personnel  equipped  with  the 
standard  firefighter’s  asbestos  gloves.  Emergency  exit 
closures  must  be  capable  of  being  removed  within  3 sec; 
Ref.  5 points  out  the  desirability  of  removal  in  even  less 
time.  Opening  mechanisms  should  be  simple  to  operate 
to  allow  for  crew  debilitation.  Opening  by  one  person 
using  one  hand  exerting  a force  of  no  more  than  30  lb 
is  required.  The  exits  should  be  designed  so  that  only 
a single  pulling  or  pushing  of  the  exit  closure  into  the 
clear  is  necessary  once  the  release  handle  has  been  ac- 
tuated. Up-and-down  sliding  action  should  be  avoided. 
Actuation  of  an  internal  release  handle  must  not 
preclude  simultaneous  actuation  of  an  external  release 
handle.  A “locked  position"  indicator  should  be  pro- 
vided on  both  internal  and  external  handles  to  indicate 
positive  locking  of  the  door  in  accordance  with  Ref.  5. 

Rapid  ingress/egress  is  mandatory  foi  troop  opera- 
tions under  emergency  and  tactical  situations. 

3.  Explosively  Created  Exits.  The  feasibility  of  ap- 
plying shaped  charges  to  create  emergency  exits  has 
been  demonstrated.  The  significant  design  considera- 
tions involved  are  high  reliability  in  the  arming  and 
firing  of  the  explosive  and  protection  against  inadver- 
tent actuation. 

4.  Canopy  Enclosures.  Sections  should  be  remova- 
ble by  means  of  latched  assemblies  of  shaped  charges, 
thus  eliminating  the  need  for  crew  members  to  cut 
transparent  canopies  with  tools,  knives,  axes,  etc. 

5.  Location  of  Exits.  Exits  should  be  distributed 
equally  on  each  side  of  the  vehicle;  but,  if  possible, 
should  not  be  directly  opposite  one  another.  The  exits 
should  be  located  so  as  to  be  least  exposed  to  distortion 
of  surrounding  fuselage  structure,  and  so  that  it  is  not 
necessary  to  handle  equipment,  cargo,  or  furnishings  to 
gain  access  to  the  exit.  External  access  to  the  exits 
should  not  be  inhibited  unnecessarily  by  external  com- 
ponents, armament,  and  landing  gear,  nor  should  exit 
location  expose  rescue  crews  to  fuel  spillage  or  major 
ignition  sources.  External  access  should  be  viewed  in 
terms  of  distance  from  the  ground,  or  other  normal 
support  for  the  rescue  crew. 

6.  Exit  Access  Routes.  Access  from  aisles  to  exits 
must  not  be  obstructed  by  troop  seat  components,  seat 
back  webbing  and  webbing  support,  litter  installations, 
or  other  protrusions.  The  aisles  should  be  wide  enough 
for  passengers  or  crew  to  run  to  an  exit;  and  the  loca- 
tion and  direction  of  opening  of  doors  separating  com- 
partments should  no'  impede  or  block  passage  to  other 
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exits  or  interfere  with  access  to  ot  use  of  special  enter- 
) gency  ami  survival  equipment. 

Aircrew  members  should  be  able  to  reach  and  unlock 
emergency  releuse  handles  without  first  removing  their 
seat  restraints.  (This  should  not  be  construed  as  a 
recommendation  to  remove  emergency  exits  prior  to  an 
impending  crash.) 

Strategically  located  locomotion  aids  (handholds, 
rope  slides,  or  escape  reels)  should  be  provided  to  assist 
crew  and  passengers  in  gaining  access  to  the  emergency 
exit  or  to  the  ground.  This  is  important  particularly 
where  an  exit  may  be  located  in  an  inaccessible  place 
(in  the  event  the  aircraft  is  lying  on  its  side,  the  exit  may 
be  above  the  person  trying  to  reach  it). 

7.  Evacuation  Aids.  Special  evacuation  aids 
(ropes,  slides,  etc.)  should  be  provided  at  exits  that 
normally  are  90  in.  or  more  from  the  ground.  If  inflata- 
ble slides  are  used,  the  design  should  insure  that  the 
slide  is  available  for  immediate  use  simply  by  opening 
the  exit  and  actuating  the  inflating  mechanism.  The 
design  must  preclude  improper  installation  and  should 
be  operable  manually  in  the  event  the  automatic  inflat- 
ing mechanism  fails.  Impact  activated  emergency  light- 
ing, with  provision  for  activation  also  from  the  pilot's 
compartment,  should  be  included.  This  system  should 
be  independent  of  the  primary  electrical  system  of  the 
aircraft. 

The  designer  should  take  maximum  advantage  of  the 
helicopter  mock-up  in  order  to  verify  the  adequacy  of 
emergency  exits  (see  Chapter  5,  AMCP  706-203).  Also, 
Ref.  2 should  be  consulted  and  used  throughout  the 
deserter's  crash  survival  analysis  and  design. 

1 3-3.2. 2 Acoustical  Noise  Level  and 
Suppression 

Excessive  helicopter  interior  noise  can  impair  mis- 
sion performance  directly  by  interfering  with  crew 
comfort  and  communication.  This  excessive  noise,  con- 
tinued long  enough,  can  cause  permanent  damage  to 
hearing.  Noise  reduction  is  of  direct  economic  interest 
to  the  military  due  to  the  large  number  of  individuals 
receiving  military  disability  retirement  payments  due 
to  hearing  loss.  The  discussion  that  follows  deals  with 
hearing  damage,  including  speech  interference  effects. 

13-3.2.2.1  Acoustical  Concepts 

The  ear  is  sensitive  to  the  rapid  variations  of  air 
pressure  above  and  below  ambient  pressure;  these  vari- 
ations constitute  the  physical  cause  of  the  sensation  of 
sound.  The  most  common  description  of  that  sensation 
is  loudness.  It  then  is  natural  to  seek  a measure  of  the 


physical  magnitude  of  the  sound  that  has  a more  or  less 
direct  relation  to  loudness.  This  measure  is  the  sound 
level  /..  defined  as: 


/■„  = -0  log, 


.dB 


( 1 3-2) 


where 

p ■■■  sound  pressure,  dyne/cm 
p..  -•  reference  pressure,  dyne/cm 
By  international  agreement,  p - 2 • 10  * 

dyne/cm  . In  English  units,  p,  2.9  • 10  ' psi.  Or- 
dinarily, conversational  speech  has  a sound  pressure 
level  of  60-65  dB  at  a distance  of  about  3.28  ft  (!  m). 

In  the  calculation  of  the  sound  pressure  level  in  en- 
closed spaces,  a more  useful  quantity  is  the  total  sound 
power  radiated  into  the  enclosure.  This  is  obtained  b> 
integrating  the  intensity  (power  per  unit  area)  over  the 
area  concerned.  Intensity  level  L,  is  defined  by 


Lj=  10  logio  — . dB 


(13-3) 


where 

'----  / = sound  intensity,  W/cnv 

/„  — reference  intensity,  W/cnv 
The  reference  intensity  /„  is  standardized  at  10 
W/cm2  or  6.45  X 10  "’W/in; 

The  psychoacoustic  attribute  of  sound  that  is  called 
pitch  has  a close  physical  equivalent  in  frequency.  The 
sense  of  pitch  arises  from  the  position  of  maximum 
vibration  on  an  inner-ear  structure  called  the  basilar 
membrane.  Male  voices  usually  have  a normal  pitch  in 
the  iOO-to  150-Hz  range.  A 30-blade  compressor  turn- 
ing at  10,000  rpm  would  have  a pitch  of  5 kHz.  The 
importance  of  frequency  in  damage  due  to  noise  is  that 
the  basilar  membrane  apparently  is  most  easily  da- 
maged in  the  2- to  6-kHz  range. 

Psychologically,  noise  is  any  sound  undesired  by  the 
recipient.  Physically,  noise  is  regarded  as  a chaotic 
sound  in  which  single-pitched  tones  may  be  present, 
but  do  not  predominate.  Noise  usually  can  be  described 
best  by  its  spectrum.  This  is  the  statement  of  the 
amount  of  sound  within  given  frequency  intervals. 

13-3.2.2.2  Hearing  Loss 

The  end  organs  of  hearing  are  nerve  ends  that  are 
stimulated  mechanically  by  sound.  Intense  and  con- 
tinued sound  first  will  fatigue  the  nerves,  causing  :i 
temporary  loss  of  hearing.  If  acoustic  inputs  are  re- 
peated too  often,  permanent  loss  of  function  of  the  ear 
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can  he  caused  because  nerve  tissue  does  not  regenerate 
when  subjected  to  this  environment.  Hearing  loss  also 
can  arise  front  decreased  capability  for  conducting 
sound  to  the  inner  ear.  The  first  loss  is  more  important 
because  it  is  irreversible. 

Hearinc  loss  usually  is  measured  by  the  increase  in 
sound  pressure  level  of  pure  tones  of  different  frequen- 
cies that  just  barely  are  audible.  The  values  are  com- 
pared with  an  internationally  accepted  set  of  reference 
levels  that  give  the  threshold  of  hearing  for  an  average 
young  population.  These  threshold  shifts  are  measured 
with  an  instrument  ca'led  an  audiometer.  Hearing  loss 
does  not  produce  noticeable  impairment  of  ability  to 
understand  speech  until  the  average  of  the  losses  a:  500. 
1000.  and  2000  Hz  exceeds  26  dB.  A hearing  aid  will 
be  necessary  starting  at  the  40-dBioss  level. 

13-3.2.2.3  Noise  Exposure 

Noise  exposure  is  the  phy  sical  measure  of  noise  from 
which  hearing  damage  risk  reasonably  can  be  pre- 
dicted. For  noise  without  marked  puretone  or  impul- 
sive components,  the  noise  exposure  essentially  is  pro- 
jvortional  to  the  total  energy  transferred  to  the  ear.  For 
industrial  noise,  the  amount  of  noise  permitted  is  based 
on  an  8 hr/day.  5 day/wk.  50  wk/yt.  20-year  work 
life. 

Experience  in  the  replacement  of  octave  band  meas- 
urements by  a single-number  statement  of  noise  magni- 
tude has  resulted  in  increasing  acceptance  and  use  of 
the  A-scale  reading,  in  dB(A).  Recent  limits  on  indus- 
trial noise  exposure  issued  by  the  Department  of  Labor 
under  the  Walsh-Healey  Act  provide  that  for  each  8-hr 
day.  the  maximum  exposure  times  permitted  at  each 
level  (in  dB(A))  shall  not  exceed  those  given  in  Table 
13-5. 

If  the  noise  levels  vary,  then  the  total  exposure  is 
computed  as  a time  fraction.  Let  /be  the  time  for  which 
the  sound  level  is  LrdB(A).  Then  from  the  given  data 
(or  from  the  appropriate  smooth  curve  drawn  with 
those  data)  obtain  /„,the  maximum  time  permitted  to 
that  level.  If  for  all  noise  segments  the  quantities 
(///.,)  when  summed  exceed  unity,  then  the  limiting 
noise  exposure  has  been  exceeded.  A rough  measure  of 
the  equivalent  exposure  level  (EEL)  is 


The  Walsh-Healey  limit  will  result  in  moderate  oc- 
cupational hearing  loss  for  a 20-yr  work  life.  Some 
would  like  to  see  it  eventually  reduced  by  5 to  19 
dB(  A).  so  that  a very  safe  condition  would  be  attained. 

13-3.2.2.4  DOD  Noise  Limits 

The  applicable  DOD  limits  on  noise  in  aircraft  are 
given  in  MII.-A-SX06.  which  was  derived  from  an  Air 
Force  study  (Ref.  6).  This  specification  gives  limits  in 
terms  of  octave  band  levels  from  31.5  to  8000  Hz,  for 
four  operating  conditions.  If  the  maximum  octave  band 
levels  define  a spectrum,  these  can  be  expressed  in 
terms  of  dB(A  )by  procedures  given  in  the  Walsh-Heal- 
ey limits.  In  terms  of  the  four  operating  conditions  of 
MII.-A-SSOo,  the  levels  and  maximum  permitted 
(Walsh-Healey)  times  then  would  be: 

1.  Maximum  continuous  power  100  dB(A):  2 hr 

2.  Maximum  short  duration  conditions  105 
dB( A):  I hr 

3.  Maximum  with  protective  devices  105  dB(A): 
see  comment  that  follows 

4.  Normal  cruise  power  (Naval  aircraft)  *54  dB(A): 
4.5  hr. 

No  time  duration  is  stated  for  the  condition  with  pro- 
tective devices:  if  these  afford  at  least  15  dB  protection, 
then  the  permissible  exposure  time  would  be  8 hr. 
Again,  recall  that  these  would  be  for  250  days/yr.  for 
20  y r.  For  less  total  Hying  time,  the  levels  can  be  higher. 
However,  above  115  dB(A)  damage  is  so  certain  that 
it  constitutes  a very  real  ceiling  on  noise  of  a duration 
of  at  least  15  min. 

The  main  consideration  of  MIL-A-8806  was  not  the 
effect  of  noise  on  hearing  damage,  but  its  effect  upon 
intelligibility,  annoyance,  comfort,  and  ability  to  ae- 

TABLK  13-5 

MAXIMUM  NOISE-LEVEL  EXPOSURE  TIMES 
(WALSH-HEALEY  ACT) 
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complish  the  mission.  It  generally  has  been  agreed  by 
the  military  services  that  the  sound  pressure  levels  at 
the  various  octave  bands  quoted  in  MlL-A-8806  are 
achievable  without  serious  weight  and  cost  trade-offs. 

13-3.2.2.5  Control  of  Noise  at  Source 

There  are  a number  of  means  of  exercising  engineer- 
ing control  over  the  noise  in  helicopters.  Choice  of 
quiet  equipment  and  components,  reduction  of  driving 
force,  isolation  of  vibration,  reduction  of  fluid  velocity, 
reduction  of  air  turbulence,  use  of  total  or  partial  enclo- 
sures, and  attenuation  along  transmission  paths  are  the 
usual  schemes.  The  airborne  noise  from  engines,  rotor, 
and  profiler  may  be  attenuated  by  appropriate  cabin 
wall  design  and  increased  thickness  of  windshields  and 
canopies.  The  attachment  of  these  components  to  the 
cabin  structure  often  can  be  resilient  to  reduce  vibra- 
tion transmission.  Rotor  noise  is  minimized  by  design 
techniques  such  as  reduced  blade  loading,  reduced  tip 
speed,  and  special-geometry  blade  tips.  Aerodynamic 
noise  is  reduced  by  assuring  that  no  protuberances  or 
holes  in  the  aircraft  structure  are  placed  in  the  slip- 
stream. However,  the  requirements  of  stability  and 
alignment  conflict  with  this  suggestion. 

Cabin  wall  construction  for  noise  attenuation  is  com- 
plex, with  much  design  information  being  empirical. 
Generally,  division  of  the  available  wall  material  into 
several  decoupled  layers  produces  the  most  attenuation 
for  a given  mass  per  unit  area.  There  should  be  at  least 
two  imperforate  skins,  each  with  some  damping 
material  adherent  to  it,  and  a layer  of  absorptive 
material  between.  The  requirement  of  decoupled  layers 
is  inconsistent  with  that  of  strength  and  stability.  Vehi- 
cle performance  degradation  from  added  weight  must 
oe  evaluated  against  crew  performance  degradation 
from  increased  noise.  If  crew  communication  perform- 
ance is  critical,  then  added  emphasis  must  be  placed 
upon  noise  reduction.  This  should  be  introduced  at  the 
earliest  stages  of  specification  and  design. 

Every  opening  in  the  cabin — windows,  doors,  access 
panels,  and  holes  for  controls  and  wiring — introduces 
the  possibility  of  a considerable  leak.  Such  leaks  can 
compromise  seriously  the  performance  of  a superior 
wall  construction.  For  example,  if  the  wall  attenuation 
is  20  dB,  then  a leak  of  about  1 c/(  of  the  total  cabin  wall 
area  will  pass  as  much  noise  as  the  entire  cabin  wall. 
If  the  cabin  is  to  be  pressurized,  such  leaks,  of  course, 
ordinarily  will  not  exist.  Hole  closures  should  have  at 
least  as  much  attenuation  as  the  wall  proper. 

Some  cabin  panels  may  be  excited  into  vibration  by 
aeroelastic  effects.  Spot  damping  treatments  usually 
reduce  the  sound  thus  radiated.  If  stiffening  of  skin 
sections  is  required,  the  stiffeners  should  be  placed  to 


divide  the  skin  into  areas  of  unequal  size,  shape,  and 
orientation.  Thus  the  new,  higher  frequency  resonances 
of  the  divided  panel  will  occur  at  different  frequencies, 
reducing  chances  of  excitation. 

Transmission  quieting  remains  a very  difficult  prob- 
lem. Components  preselected  for  quietness  can  be  used 
in  a new  vehicle.  The  noise  directly  radiated  can  be 
reduced  by  building  an  isolating,  lined  enclosure 
around  the  transmission.  However,  it  is  likely  that  most 
of  the  noise  is  radiated  from  the  cabin  boundary  itself, 
owing  to  its  rather  solid  connection  to  the  transmission. 
The  best  solution  is  noise-resistant  initial  design. 

Shaft  noise  similarly  is  difficult  to  isolate.  The  added 
radiation  from  torque  fluctuations  at  twice  shaft  speed 
from  a nonconstant-velocity  universal  joi».t  can  be  re- 
duced by  using  a constant-velocity  jci„t.  Journal  bear- 
ings can  be  used  in  place  of  ball  or  roller  bearings  where 
operating  conditions  permit. 

If  the  helicopter  has  a large  electronic  load,  the  cool- 
ing fans  may  contribute  excessive  noise  to  a vehicle  that 
otherwise  may  be  quiet.  This  eventually  can  be  handled 
by  using  a centralized  cooling  system  ducted  to  the 
electronics.  Also,  a lower  velocity  air  system  can  be 
used. 

Absorptive  material  in  the  cabin  interior  can  be  help- 
ful in  the  frequency  range  of  500-4000  Hz,  to  which 
speech  interference  and  hearing  damage  effects  are  sen- 
sitive. Materials  using  a thin  plastic  septum  over  a 
resilient  layer  of  fine  fibers  can  be  tuned  for  maximum 
absorption  at  selected  frequencies  in  this  range.  Spacing 
such  materials  away  from  a wall  improves  the  iow- 
frequency  absorption.  Absorptive  material  is  used  most 
efficiently  in  the  vicinity  of  the  crew  members  to  be 
protected. 

Baffles  are  useful  in  specific  locations  lo  shield  a 
localized  source  of  noise.  They  should  be  at  least  three 
wavelengths  in  minimum  transverse  dimension  at  the 
lowest  frequency  to  be  shielded,  and  should  be  covered 
with  absorptive  material.  Baffles  should  be  close  to 
either  the  source  or  the  receiver  to  increase  the  size  of 
the  shadow  zone. 

Electronic  noise  reduction  by  introducing  out-of- 
phase  cancelling  noise  often  has  been  suggested.  This 
may  be  effective  if  a stable  pure-tone  component  is  to 
be  removed.  Feedback  information  then  can  be  fed  to 
phase  and  amplitude  controls  for  cancelling  at  a given 
location. 

13-3.2.3  Environmental  Considerations 

Much  effort  has  gone  into  determining  conditions 
under  which  people  feel  comfortable,  i.e..  will  be  una- 
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ware  of  their  environment.  The  criteria  evolving  from 
this  effort  are  set  forth  in  Ref.  7. 

When  designing  a military  system,  however,  the 
main  focus  is  not  on  comfort  but  on  performance.  Envi- 
ronmental design  criteria  should  define  the  points  to 
which  human  performance  begins  to  deteriorate,  rather 
than  the  range  of  comfort.  Thermal  conditions  and 
atmospheric  contaminants  are  primary  considerations 
in  the  designer's  environmental  consideration. 

13-3.2.3.1  Thermal  Stress 

Human  comfort  and  ability  to  perform  are  functions 
of  the  heat  balance  maintained  within  the  body.  Heat 
balance  is  defined  as  that  condition  existing  when  the 
heat  generated  by  the  body  is  equal  to  the  heat  passing 
outward  through  the  skin.  The  heat  balance  equation 
can  be  stated  as  follows: 

S = M -(R  + C + W + Q , Btu/hr  (13-5) 

i where 

j S = rate  of  storage  of  heat  in  the 

j body,  Btu/hr 

M = rate  of  metabolic  heat 
production.  Btu/hr 
R = rate  of  heat  loss  from  radiation, 
Btu/hr 

C — rate  of  heat  loss  from 
convection,  Btu/hr 
E — rate  of  heat  loss  from 
evaporation,  Btu/hr 
Q — rate  of  heat  gain  from 
surroundings,  Btu/hr 

If  heat  is  lost  more  slowly  than  it  is  being  produced,  the 
storage  heat  S'  will  increase  and  the  body's  interna! 
temperature  also  will  increase.  If  the  physiological  proc- 
esses (e.g.,  perspiring)  cannot  compensate  for  the  rise 
in  internal  temperature,  the  body  temperature  will  eon- 

itinue  to  rise,  ultimately  causing  a heat  stroke.  Con- 
versely, where  heat  production  is  less  than  heat  loss, 
5' will  decrease  and  body  temperature  will  decrease.  If 
mechanisms  for  the  conservation  of  heat  prove  inade- 
| quate.  the  man  eventually  will  freeze  to  death. 

| There  is  ample  evidence  that  performance  is  related 

| to  body  heat  content.  That  is.  if  .S'can  be  maintained  at 
| or  close  to  zero,  performance  will  not  suffer.  Where  the 
| value  of  S is  either  positive  or  negative,  human  per- 
| formance  suffers.  Also,  the  longer  man  is  exposed  to 

§ the  extreme  condition,  the  worse  his  performance 

f becomes. 

| The  transfer  of  heat  through  clothing  depends  upon 

| the  thermal  qualities  of  the  material.  This  usually  is 

a 
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expressed  in  “clo"  units.  One  clo  is  defined  as  the  cloth- 
ing insulation  required  to  keep  a resting-sitting  man 
whose  metabolism  is  50  kcal/(nr-hr)  indefinitely  com- 
fortable in  an  environment  of  70°F  with  an  air  move- 
ment of  20  fpm  and  with  a relative  humidity  of  less  than 
50%.  This  is  equal  approximately  to  normal  indoor 
clothing.  The  insulation  of  most  clothing  materials  is 
about  4 elo/in.  of  thickness. 

Because  heat  transfer  to  the  surface  of  the  body  takes 
place  by  conduction,  convection,  evaporation,  and 
radiation,  the  thermal  conditions  of  a satisfactory  envi- 
ronment are  determined  not  only  by  the  temperature, 
but  also  by  humidity,  airflow  velocity,  temperature, 
configuration,  and  distance  of  objects  radiating  or  ab- 
sorbing heat  in  the  vicinity  of  the  crew. 

If  cockpit  environments  are  designed  so  that  crew 
members  can  carry  out  their  tasks  while  wearing  heavy 
clothing  (3.8  do),  cockpit  temperatures  can  drop  to 
about  10°F.  At  these  temperatures  (and  with  3.8  do 
protecting  them),  crew  members  can  be  expected  not  to 
lose  efficiency  for  approximately  an  8-hr  period.  Pro- 
tective clothing  heavier  than  4 clo  will  not  permit  the 
crew  sufficient  flexibility  of  movement  to  carry  out 
their  tasks.  In  high-temperature  environments,  onset  of 
performance  decrement  can  be  delayed  through  use  of 
water-cooled  protective  clothing. 

There  are  only  two  Military  Specifications  that  cover 
heating  and  ventilating  requirements  for  new  vehicles: 
MIL.-H- 18325  and  MIL-E-38453. 

13-3.2.3.2  Environmental  Control  System 

Unless  otherwise  stated  in  the  RFP,  the  cockpit/ 
cabin  environmental  control  system  (ECS)  must  meet 
the  performance  requirements  for  the  ambient  environ- 
ments as  follows: 

1.  Heating:  Dry  bulb  temperature  --  — 25°F 

(~  65°F  with  heating  kit) 

Humidity  98-100rv  relative  humidity  (RH) 

Solar  radiation  0 

2.  Cooling : 

a.  Condition  I:  Dry  hitlb  temperature  120°F 

Humidity  5%  RH  (Point  Bon  Fig.  13-17) 
Solar  radiation  360  Btu/ft  -hr 

b.  Condition  2:  Dry  bulb  temperature  95“F 

Humidity  74 r;  RH  (Point  A on  Fig.  13- 

17) 

Solar  radiation  360  Btu/ft  -hr 

1 3 ■ 3. 2. 3. 2. 1 Heating  Requirements 

Unless  otherwise  specified  in  the  RFP.  the  PCS 
shull  be  capable  of  maintaining  a cockpit/cabiti  tem- 
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perature  of  40*F,  Temperatures  measured  at  head,  foot, 
and  waist  levels  at  any  occupant  position  shall  not  vary 
more  than  l CPF,  For  extreme  cold-weather  operation 
(— 65’F)  a heater  kit  may  be  used  to  provide  the  re- 
quired cockpit/cabin  temperature. 

13-3.2.3.2.2  Cooling  Requirements 

ECS  cooling  requirements  for  Army  helicopters  are 
defined  in  terms  of  Wet-Bulb  Globe  Temperature 
(WBGT).  WBGT  index  is  defined  as  follows: 


WBGT  = 0.7  X wet  bulb  temperature  (13-6) 

+ 0.2  X globe  temperature 
+ 0.1  X dry  bulb  temperature  , °F 

The  detailed  procedures  for  measuring  WBGT  are  con- 
tained in  Appendix  I of  TB  MED  175.  The  specific 
ECS  cooling  requirements  are  as  follows. 

For  ambient  conditions  defined  in  par.  13-3.2.3.2 
(cooling),  the  ECS  shall  decrease  the  cockpit/cabin 
WBGT  to  85T  or  less  within  1 min  after  takeoff  and 
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maintain  this  condition  throughout  all  representative 
mission  flight  profiles.  (A  two-minute  ground  run  prior 
to  takeoff  may  be  assumed.)  For  ambient  conditions 
defined  in  par.  13-3.2.3.2  (cooling),  the  ECS  shall  de- 
crease the  cockpit /cabin  WBGT  to  88°F  within  5 min 
for  ground  operation  with  all  doors  and  windows 
closed  and  aircraft  engines  (except  an  APU)  operating 
at  no  higher  than  the  FLIGHT  IDLE  throttle  setting. 

13-3.2.3.2.3  Ventilation  Requirements 

An  alternate  air  ventilation  system  will  be  installed 
to  provide  outside  ambient  air  to  each  crew  member  as 
a secondary  system  in  the  event  the  primary  air  condi- 
tioning system  fails.  The  ventilation  system  should 
meet  the  following  design  criteria: 

1.  It  should  distribute  air  uniformly  over  each 
crew  member  from  0 to  a maximum  airflow  within  a 
range  of  300-800  linear  fpm.  The  maximum  ventilation 
airflow  must  be  obtainable  while  the  aircraft  ts  flying 
at  maximum  endurance  speed. 

2.  The  source  of  the  air  shall  be  outside  the  heli- 
copter, free  from  possible  contamination  from  the  heli- 
copter engine  exhaust  system,  hydraulic  and  fuel  lines, 
and  any  other  helicopter  subsystems. 

It  should  be  pointed  out  that  these  environmental 
design  criteria  are  not  based  upon  providing  crew  com- 
fort, but  rather  are  the  maximum  acceptable  environ- 
mental limits  before  serious  crew  performance  decre- 
ments are  likely  to  occur. 

13-3.2.3.2.4  Thermal  Analysis 

When  performing  a heating,  ventilation,  or  air-con- 
ditioning analysis,  at  least  the  following  heat  sources  or 
heat  sinks  must  be  taken  into  account: 

1 . Metabolic  heat  given  off  by  the  occupants 

2.  Heat  given  off  by  electrical  equipment 

3.  Solar  radiation  effects 

4.  External  ambient  temperature 

5.  Ventilation  rate  of  fresh  air  (varies  with  alti- 
tude) 

6.  Rate  of  cabin  air  infiltration 

7.  Humidity  of  ambient  air 

8.  Mechanical  heat  sources  (power  plants,  trans- 
mission, etc.) 

9.  Fan  work  in  ventilation  ducts. 

Ambient  temperature  shall  be  determined  from  the 
“outside  design  curve"  shown  in  Fig.  13-17.  The  ven- 
tilating system  should  be  combined  with  the  heating 
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system  so  that  the  same  fresh  air  intake,  blower,  and  set 
of  ducts  and  diffusers  are  used  for  both.  An  example 
thermal  analysis  is  presented  in  Chapter  13.  AMCP 
706-202. 

13-3.2.3.3  Atmospheric  Contaminants 

During  the  design  of  the  heating  and  ventilating  sys- 
tem, consideration  also  should  be  given  to  possible 
sources  of  pollutants  in  the  cabin  and  cockpit  of  the 
vehicle. 

Possible  sources  of  contamination  are  engine  exhaust 
systems,  fuel  vapors,  heater  exhaust,  hydraulic  fluid, 
oil,  overheated  insulation  materials,  and  weapon  ex- 
haust (gun  fire  and  rocket). 

In  general,  avoidance  of  pollution  problems  is  a mat- 
ter of  providing  pathways  for  spilled  liquids  that  lead 
them  away  from  cockpit  or  cabin  areas,  locating  ex- 
haust ports  and  air  intakes  so  that  uncontaminated  air 
is  brought  into  the  vehicle,  and  providing  a good  venti- 
lation system  so  that  any  contaminants  that  are  present 
cannot  build  up  concentrations  to  unacceptable  levels. 

In  general,  the  current  Military  Specifications  have 
been  found  adequate  for  helicopter  use.  USAF  Specifi- 
cation Bulletin  526  contains  a listing  of  various  toxic 
chemicals  and  allowable  concentrations  that  are  per- 
mitted in  crew  compartments.  This  bulletin  also  con- 
tains references  that  describe  approved  test  methods  for 
assaying  air  samples  and  addresses  from  which  the  ref- 
erences can  be  obtained.  Specific  requirements  are 
given  by  the  following  Standard  and  Specifications: 

1.  MIL-STD-800  describes  maximum  allowable 
concentrations  and  specific  ground  and  flight  tests  re- 
quired for  carbon  monoxide  gas. 

2.  MIL-H-18325  contains  requirements  for  the 
elimination  of  fuel  vapors  and  other  flammable  gases. 

3.  MIL-E-38453  states  that  contaminants  should 
be  prevented  from  entering  crew-occupied  areas  or,  if 
such  penetration  cannot  be  prevented,  then  adequate 
ventilation  should  be  provided. 

13-3.2.3.4  Oxygen  Requirements 

In  the  past,  helicopter  missions  generally  have  been 
limited  to  flights  at  altitudes  that  have  not  necessitated 
installation  of  oxygen  equipment.  It  is  felt  that  no 
unique  helicopter  requirements  exist  and,  therefore, 
standard  fixed-wing  practices  with  regard  to  the  use  of 
oxygen  are  applicable  and  satisfactory. 

AR  95-1  is  the  governing  Army  Regulation  regard- 
ing the  use  of  oxygen  and  should  be  used  by  the  de- 
signer. 
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- 13*4  LIST  OF  SYMBOLS 

J 

P,  = Kriohfnpv^  r> 


B 1 = brightness  of  the  brighter 
portion,  lambert 

B>  - brightness  of  the  less  bright 
portion,  lambert 
C = rate  of  heat  loss  from 
convection.  Btu/hr 
E — rate  of  heat  loss  from 
evaporation.  Btu/hr 
/ — sound  intensity,  W/enr 
I„  — reference  intensity.  W/em 
L,  — ‘■•'>und  intensity  level.  dB 
Lp  — round  pressure  level.  dB 
\f  — rate  of  metabolic  heat 
production,  Btu/hr 
p = sound  pressure,  dy»e/cm: 
p0  = reference  pressure,  dyne/cm : 

Q = rate  of  heat  gain  from 
surroundings,  Btu/hr 
R = rate  of  heat  loss  from  radiation, 
Btu/hr 

S = rate  of  storage  of  heat  in  the 
body,  Btu/hr 
t — time,  hr 

/„  = maximum  permissible  time,  hr 
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CHAPTER  14 


DOCUMENTATION 


14-1  INTRODUCTION 

Two  types  of  data  are  required  during  development 
of  the  helicopter.  First,  the  contractor  is  required  to 
submit  data  in  his  response  to  the  solicitation.  The 
procuring  activity  will  evaluate  the  contractor’s 
proposed  design;  therefore,  engineering  data  will  be 
required  to  be  submitted  with  the  proposal  response. 
The  amount  of  detail  will  vary  among  development 
programs.  The  solicitation  will  state  the  requirements; 
however,  the  contractor  should  be  prepared  to  substan- 
tiate his  methodology  and  design. 

The  second  type  of  data  is  the  data  that  will  be 
required  to  substantiate  the  contractor's  design  after 
the  contract  has  been  awarded.  The  requirements  for 
these  data  will  be  listed  in  the  Contract  Data  Require- 
ments List  (CDRL)  that  will  be  a part  of  the  final 
contract.  Chapter  4,  AMCP  706-203,  provides  a list  of 
this  type  of  data  that  may  be  required. 

In  the  paragraphs  that  follow,  the  proposal  data  re- 
quirements are  discussed  in  detail. 

14-1.1  COMPETITIONS 

General  guidance  and  basic  principles  for  solicita- 
tion, proposal,  evaluation,  and  source  selection  are  pro- 
vided in  AMCP  715-3.  The  primary  purposes  of  the 
competitive  formal  evaluation  and  selection  process  are 
to  insure  (1)  that  there  is  an  impartial,  equitable  and 
comprehensive  evaluation  of  the  proposals,  and  (2)  that 
the  contractor  or  source  whose  proposal  offers  op- 
timum satisfaction  of  the  Government's  performance, 
schedule,  cost,  and  other  objectives  is  selected. 

14-1.2  SOLICITATIONS 

There  are  three  basic  types  of  solicitations:  Invitation 
for  Bid  (IFB),  Request  for  Proposal  (RFP),  and  Re- 
quest for  Quotation  (RFQ).  The  definitions,  uses,  and 
requirements  of  each  may  be  found  in  ASPR  3501. 
Issuance  of  an  JFB,  RFP,  or  RFQ  is  the  Government's 
first  official  solicitation. 


The  bidder’s  response  must  answer  the  solicitation 
clearly,  and  as  concisely  as  possible,  and  backup  data 
must  be  available  as  required.  Each  bidder  must  answer 
to  the  best  of  his  ability.  A bidder  who  has  started 
preliminary  design  considerably  before  issuance  of  a 
solicitation  should  be  able  to  respond  more  intelligently 
and  with  more  pertinent  detail  than  one  who  performs 
his  initial  preliminary  design  efforts  coincidentally  with 
his  response  to  the  solicitation. 

The  solicitation  must  be  understood  thoroughly  by 
the  bidder  so  that  his  response  will  be  complete  enough 
for  an  accurate  appraisal  by  skilled  military  and  civilian 
specialists,  yet  concise  enough  to  provide  a balanced 
appraisal  of  technical,  cost,  and  management  aspects  of 
the  proposal.  The  paragraphs  that  follow  discuss  the 
types  of  information  that  should  be  developed  during 
preliminary  design  and  should  be  included— if  not  for- 
mally, at  least  in  essence — in  the  bidder’s  proposal. 

The  data  and  documentation  discussed  in  the  re- 
mainder of  this  chapter  represent  typical  engineering 
requirements  during  the  preliminary  design  phase  of  a 
new  development  program.  The  Army's  general  data 
and  documentation  needs  during  the  detail  design  and 
qualification  assurance  phases  are  defined  in  Chapter  4, 
AMCP  706-203.  For  programs  involving  minor  or  ma- 
jor modification  of  a previously  qualified  helicopter, 
these  requirements  may  be  tailored  to  include  only  sig- 
nificant changes. 

For  unsolicited  proposals  and  any  other  presenta- 
tions for  which  a solicitation  has  not  been  issued,  suffi- 
cient information  to  allow  the  Army  to  determine  pos- 
sible initial  interest  should  be  provided.  (The  data  for 
full  preliminary  design  or  contract  definition  are  de- 
ferred until  positive  interest  is  shown  and  mu'  «l  agree- 
ment on  a desired  program  is  reached.)  For  such 
proposals,  the  importance  of  the  various  data  submit- 
ted depends  upon  the  particular  design  being  presented. 
As  a minimum,  however,  the  data  described  in  pars. 
14-3.1,  14-3.3,  14-3.4,  14-3.5,  14-3.7,  14-4.1,  and  14-4.2 
are  desirable. 
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14-2  DATA  REQUIREMENTS 

Data  and  documentation  shall  be  submitted  at  the 
completion  of  the  preliminary  design  phase  in  accord- 
ance with  the  requirements  listed  subsequently  (sum- 
marized in  Table  14-1),  except  as  modified  or  amplified 
in  a solicitation. 

The  proposal  should  describe  the  helicopter  configu- 
ration in  sufficient  detail  to  evaluate  the  ability  of  the 
proposed  system  to  meet  the  Army’s  objectives.  If  sig- 
nificant items  are  not  covered  by  the  specific  data 


listed,  additional  reports,  drawings,  or  schematic  dia- 
grams may  be  submitted. 

All  proposed  deviations  from  solicitation  require- 
ments shall  be  indicated  in  the  pertinent  paragraphs  of 
the  proposal  documents.  A separate  summary  listing 
of,  and  justification  for,  such  deviations  must  be  in- 
cluded in  each  of  the  proposal  reports  subsequently 
described.  A statement  must  be  made  that  the  listing 
contains  all  of  the  bidder’s  proposed  deviations  from 
the  provisions  of  the  solicitation  and  other  applicable 
documents. 


TABLE  14-1 

SUMMARY:  ENGINEERING  INFORMATION  REQUIREMENTS 


ITEM 


14-3 

REPORTS,  PLANS,  AN0  MISC  DATA 

14-3.1 

PRIME  ITEM  DEVELOPMENT  SPECIFICA- 
TION (PIDS)' 

14-32 

AIRWORTHINESS  QUALIFICATION  SPECI- 
FICATION (AQSr 

14-3.3 

WEIGHT  AND  BALANCE  REPORT' 

14-3.4 

PERFORMANCE  DATA  REPORT' 

14-3.5 

STABILITY  AND  CONTROL  REPORT' 

14-3.6 

STRUCTURAL  DESCRIPTION  AND  DESIGN 
DATA  REPORT 

14-3.7 

POWER  PLANT  ANALYSIS  REPORT 

14-3.8 

POWER  PLANT  INSTALLATION  AND  FUEL 
AND  LUBRICA HON  SYSTEM  REPORT 

14-3.9 

PLIGHT  CONTROL  SYSTEM  REPORT 

14-3.10 

LANDING  GEAR  SYSTEM  REPORT 

14-3.1! 

HYDRAULIC  AND  pNEU’/Atic  SYSTEM  REPT 

14-3.12 

ELECTRICAL  SYSTEM  RE  P0RT 

14-3.13 

electromechanical  a:t'ja-"dn  sy$tem 

RED0RT 

14-3.14 

E LECTRQNIC  SV$TEV  REp0R’r 

14-3.15 

c LU'DIC  $VSTFM  REpCRT 

14-3.16 

ENVR0NMLNtAL  C0NTR0L  SYSTEM  ECS 
AND  CREW  SERV'OE  RE'-'CR  ’ 

14-3.17 

AP7AYEV  Sv$"r.Y  *?EDC*?T 

14-3.12 

HV73CrvNA7i“  RE r 

14-3.19 

ESCApE  SYSTEM  ANALYSE  REPOT 

14-320 

HUMAN  FACTORS  ENGINEERING  REp0RT 
ANP  PLAN 

14-321 

SURVIVABILITY  VULNERABILITY  -S  V 
REPORT  AND  PLAN 

14-322 

ELECTROMAGNETIC  COMPATIBILITY  'EMC! 
CONTROL  PLAN 

14-3.23 

SYSTEM  SAFETY  PROGRAM  PLAN 

14-3.24 

RELIABILITY  PROGRAM  PLAN 

14-3.25 

MAINTAINABILITY  PROGRAM  PLAN 

14-426 

PRODUC 1 BILITY  PLAN 

14-4 

DRAWINGS  SKETCHES,  AND  SCHEMATIC 
H'ACRAMS 

14-4.1 

GENERAL  ARRANGEMENT  DRAWING  AND 
SKETCH- 

14-42 

'NBOARD  PROFILE  DRAWING' 

14-4.2 

STRUCTURAL  ARRANGEMENT  DRAWINGS 

14-4.4 

POWER  PLANT  INSTALLATION  DRAWING 

14-4.5 

pLIGm  CONTROL  SYSTEM  DRAWINGS 

14-4.6 

LANDING.  BEACHING,  AND  A’JX'L'ARY 
GEAR  DRAWINGS 

14-4.7 

HYDRAULIC  AND  PNEUMATIC  SYSTEM. 
SCHEMATIC  DIAGRAMS 

14-4.6 

ENVIRONMENTAL  CONTROL  SYSTEM 
SCHEMATIC  DIAGRAMS 

14-4.9 

CREW  SERVICE  DRAWING 

1 4- 1 1 2 

ELECTRONIC  EQUIPMENT  DRAWING 

| 14-4.1! 

INSTRUMENT  PANEL  ARRANGEMENT  DWG 

INSTRUMENT  SYSTEM  INSTALLATION  P'WGS 

14 -4.!  3 

EX’FR'DR  LIGHTING  SYSTEM  DRAWING 

::-4.’4 

ANTI  -ICING  SYSTEM  SKt  TCH 

14-4.15 

ARVV.TN1  INSTALLATION  DRAWINGS 

14  .4.15 

CARGO  HANDLING  ARRANGEMENT  DRAWING 

14-4.17 

TOWING.  'AC KING.  MOORING.  AND  TIEDOWN 
SKETCH 

14  4.17 

t SOAP!  SYSTEM  DRAWING 

DATA  NORMALLY  REQUIRED  FOR  INITIAL  SUBMITTAL  OF  UNSOLICITED  PROPOSALS  INCLUDING  10  COPIES  OF  THE  PIPS 
AND  TWO  COPIES  OF  OTHER  REPORTS  ANP  DRAWINGS  INDICATED  B5  . > 
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14-3  REPORTS,  PLANS,  AND 
J MISCELLANEOUS  DATA 

14-3.1  PRIME  ITEM  DEVELOPMENT 
SPECIFICATION 

The  bidder’s  proposed  Prime  Item  Development 
Specification  (PIDS)  shall  delineate,  in  the  format  of 
the  type  specification  furnished  in  the  solicitation,  all 
applicable  requirements,  design  criteria,  and  character- 
istics of  the  bidder’s  proposed  overall  helicopter  sys- 
tem, subsystems,  and  associated  equipment.  The  PIDS 
shall  identify  all  Government-furnished  Equipment 
(GFE)  upon  which  the  proposal  is  based,  including 
quantity  per  helicopter,  designations,  and  unit  weight. 

14-3.2  AIRWORTHINESS  QUALIFICATION 
SPECIFICATION 

This  document,  submitted  by  the  bidder,  shall  con- 
tain sufficient  qualification  assurance  data  to  define  for 
contractual  purposes  the  proposed  qualification  assur- 
ance program.  Chapter  2,  AMCP  706-203,  describes 
the  requirements  for  this  specification.  The  contem- 
plated analyses;  investigations;  airframe  and  lighting 
j mock-ups;  reviews;  wind  tunnel,  component,  structural 
and  fatigue  articles  and  testing;  and  all  applicable  for- 
mal demonstrations  of  the  total  system  and  subsystems, 
based  upon  the  requirement  of  AMCP  706-203  as  am- 
plified and  amended  by  the  solicitation,  shall  be  in- 
cluded. 

14-3.3  WEIGHT  AND  BALANCE  REPORT 

This  report  shall  be  in  accordance  with  the  require- 
ments of  MIL-W-25 140  fot  an  "Estimated  Weight  Re- 
port’’. The  summary  weight  statement  defined  in  Part 
I of  MIL-STD-1374  shall  be  complete,  including  the 
“Dimensions  and  Structural  Data".  The  detailed 
weight  statement  described  in  Part  II  of  MIL-STD- 
1374  shall  have  sufficient  data  to  show  that  all  items 
of  the  power  plant  systems  and  equipment  groups  have 
been  included.  Justification  of  estimates  shall  be  sub- 
mitted. including  calculations;  formulas:  basic  curves 
with  model  designations  for  plotted  points;  allowances 
for  special  features  and  items  not  included  in  values 
obtained  from  basic  curves;  comparative  tabulations 
and  extrapolations  from  weight  data  of  actual  helicop- 
ters; or  other  means  used  for  deriving  the  estimated 
weights  of  the  structural,  power  plant,  and  equipment 
groups. 

In  addition,  the  bidder  shall  submit  a weight  control 
plan  that  outlines  briefly  and  discusses  the  major  fea- 
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tures  of  his  proposed  weight  control  management  pro- 
gram to  implement  the  objectives  and  requirements  of 
MIL-W-25 1 40  and  MIL-STD-1374.  The  plan  shall  re- 
flect the  proposed  weight  control  staff  and  organiza- 
tion; their  roles  and  responsibilities;  and  their  relation- 
ships to  design  groups  and  monitoring  and  review- 
levels  throughout  the  layout,  optimization,  selection  of 
material  and  processes,  drawing  release,  manufacture, 
qualification  assurance,  and  production  phases.  The 
plan  also  shall  propose  weight  control  procedures  for 
GFE  associate  relationships,  where  appropriate,  for 
subcontractor  efforts  and  for  purchased  equipment: 
general  nature  of  other  techniques,  such  as  analysis  and 
testing  for  weight  optimization,  stimulation  of  weight 
consciousness  among  design  groups,  and  establishment 
of  value  per  pound  criteria;  and  procedures  for  moni- 
toring weight  targets  and  overall  status. 

14-3.4  PERFORMANCE  DATA  REPORT 

This  report  shall  be  in  accordance  with  the  require- 
ments of  MIL-C-501  1,  and  shall  include  a set  of  Stand- 
ard Aircraft  Characteristics  and  Performance  Charts 
(proposal  category).  A Characteristic  Summary  Chart 
is  not  required.  The  report  shall  include  the  perform- 
ance values  that  the  bidder  is  willing  to  guarantee.  The 
performance  data  shall  be  based  only  upon  power  plant 
ratings  obtained  from  approved  model  specifications  or 
from  other  engine  data  that  have  been  approved  by  the 
Army,  and  losses  from  the  power  plant  analysis  report 
(par.  14-3.7).  Analyses  shall  include  the  derivation  or 
establishment  of  all  aerodynamic  data  used  in  calculat- 
ing helicopter  performance.  The  basis  for  establishment 
of  these  data  shall  be  documented  and  referenced  com  ■ 
pletely.  If  the  performance  is  based  upon  wind  tunnel 
or  flight  test  data,  the  procedure  r-  " :d  in  adjusting 
these  test  data  for  differences  su„h  configuration, 
Reynolds  number,  surface  conditions,  ground  effects, 
and  vertical  drag  regimes  shall  be  explained  fully.  The 
report  shall  provide  a complete  description  of  the  heli- 
copter aerodynamics  and  performance,  including: 

1.  Geometry  of  rotors,  rotor  blades,  wings,  and 
control  surfaces — such  as  areas,  radii/spans,  chords, 
hinge  lines  and  offsets,  twists,  and  tapers 

2.  Detailed  description  of  all  airfoil  sections,  in- 
cluding coordinates,  leading  edge  radius,  amount  of 
camber,  location  of  maximum  camber,  and  location  of 
maximum  thickness,  for  other  than  identifiable  stand- 
ard airfoils 

3.  Wetted  areas  of  all  components  and  total  heli- 
copter 

4.  For  helicopters  carrying  external  ordnance, 
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pods,  fuel  tanks,  or  range  extension  kits,  dimensional 
scale  drawings  adequate  for  use  in  the  preparation  of 
drag  estimates  for  these  items 

5.  All  applicable  performance  data  in  accordance 
with  USAAVSCOM  ADS- 10 

6.  For  helicopters  with  hulls,  or  for  those  capable 
of  alternate  configuration  with  floats,  analyses  showing 
the  derivation  of  aerodynamic  and  hydrodynamic  data 
used  in  the  performance  calculations,  including  water 
resistance  versus  velocity  and  takeoff  time  and  distance 
versus  velocity,  based  upon  characteristics  of  floats  or 
hulls  as  defined  in  the  Hydrodynamic  Report  (par. 
14-.'.  IS). 

14-3.5  STABILITY  AND  CONTROL  REPORT 

This  report  shall  provide  adequate  data  to  substanti- 
ate that  the  proposed  helicopter  will  meet  the  flying 
quality  requirements,  and  must  provide  the  back- 
ground information  concerning  the  evaluation  of  the 
proposed  configuration  from  a stability  and  control 
viewpoint.  The  stability  and  control  computer  simula- 
tions shall  contain  at  least  the  following  information 
and  data: 

1.  Quantitative  data  showing  compliance  with  the 
flying  quality  requirements  of  Chapter  6 of  this  docu- 
ment and  of  AMCP  706-202.  as  amplified  or  amended 
by  the  solicitation,  at  normal  and  maximum  alternate 
gross  weights;  at  most  critical  forward  and  aft  CG 
locations;  with  and  without  stability  augmentation;  and 
over  the  applicable  speed  range 

2.  V-n  diagrams  for  sea  level  and  best  cruise  alti- 
tude for  normal  and  maximum  alternate  gross  weights, 
within  which  the  bidder  warrants  that  the  helicopter 
will  be  suitable  operationally  and  free  of  undesirable 
blade  stall  effects  such  as  noticeable  loss  of  control, 
erratic  changes  in  flight  characteristics,  excessive  con- 
trol loads,  vibration,  or  other  limiting  characteristics 

3.  Graphs  for  all  flight  conditions,  speeds,  alti- 
tudes, and  configurations  defined  in  the  flying  quality 
requirements.  The  graphs  shall  show  variations  of  the 
stability  and  control  derivatives  over  the  speed  and 
angle-of-attack  ranges  for  which  the  helicopter  is  to  be 
designed,  including  effects  of  aeroelasticity,  power,  and 
significant  external  store  arrangements,  as  applicable. 

4.  Significant  flight  control  system  characterisiics 
and  control  kinematics,  such  as  control  rates;  feel 
forces;  gearings;  control  system  schematics;  longitudi- 
nal, lateral,  and  collective  control  travels  and  cyclic/- 
collective  pitch  ranges  at  0.75R;  directional  control 
travel  and  tail  rotor  pitch  range  at  0.75R 

5.  Special  features  ptogrammed  as  functions  of 
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configuration,  angle  of  attack,  speed,  dynamic  pres- 
sure. etc.,  to  improve  or  alter  flying  qualities 

6.  All  applicable  stability  and  control  data  in  ac- 
cordance with  USAAVSCOM  ADS- 10 

7.  Minimum,  normal,  and  maximum  alternate 
gross  weights.  CGs  and  longitudinal  and  lateral  CG 
limits  measured  from  the  centerline  of  the  rotor  shaft, 
and  moment-of-inertia  data  as  required  for  flight  char- 
acteristic calculations,  including  the  effects  of  various 
significant  external  store  loadings.  The  source  or  deri- 
vation of  weight  aiul  CG  data  must  be  referenced  or 
furnished. 

S.  A summary  table  of  nondimensiona!  stability 
and  control  derivatives,  referenced  to  vehicle  body 
axes,  and  flight  control  system  characteristics  for 
takeoff,  climb/cruise,  approach/descent,  and  dive  con- 
ditions for  several  significant  altitudes,  including  the 
effects  of  significant  external  load  and/or  pod 
arrangements.  Data  shall  be  furnished  for  forward, 
rearward,  and  sideward  flight  as  applicable,  including 
the  effects  of  significant  external  load  configurations. 

9.  Discussion  of  major  problem  areas,  their  impact 
upon  the  final  configuration,  and  information  showing 
why  certain  design  approaches  were  abandoned  or  pur- 
sued 

10.  Information  showing  the  source  of  the  data  pre- 
sented in  Item  3.  When  these  data  are  obtained  directly 
from  wind  tunnel  tests,  the  actual  data  shall  be  pro- 
vided as  appropriate.  When  the  wind  tunnel  data  are 
obtained  on  a model  similar  to  the  proposed  design,  the 
method  of  converting  the  data  to  the  proposed  configu- 
ration shall  be  shown.  Supporting  data  calculated 
theoretically  or  on  the  basis  of  semi-empirical  methods 
must  be  discussed  clearly  and  referenced.  If  bidder- 
generated references  have  not  been  furnished  to  the 
procuring  activity  already,  one  copy  of  such  referenced 
material  must  be  submitted. 

14-3.6  STRUCTURAL  DESCRIPTION  AND 
DESIGN  DATA  REPORT 

This  report  shall  contain  all  required  structural  de- 
sign and  analysis  data,  including  that  for  the  wing 
group,  tail  group,  body  group,  power  plant  cowling, 
engine  mount,  rotor  system,  transmission  installation, 
landing  gear,  operation  of  the  control  system,  external 
hard  points,  and  cargo-carrying  and  restraining  ar- 
rangements on  cargo  floors.  Structural  arrangement 
drawings  required  by  par.  14-4  may  be  referenced  in- 
stead of  being  included  in  this  report.  The  location, 
skin-panel  size  and  material  gage,  and  material  condi- 
tion of  the  skin,  stringers,  longerons,  ribs,  formers. 
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, frames,  and  spars  shall  be  indicated.  Typical  structural 
i design  data  and  design  criteria  to  be  included  shall 
meet  the  pertinent  requirements  of  this  document,  as 
amplified  or  amended  by  the  solicitation,  as  follows: 

1.  A summary  of  gross  weights  used  for  structural 
design,  an  envelope  of  design  and  operational  gross 
weights  versus  CG  limits,  and  applicable  data  concern- 
ing mass  moment  of  inertia 

2.  Flight  load  design  criteria,  including  a summary 
of  all  related  speeds,  as  defined  in  par.  4-2  of  this  docu- 
ment, and  their  derivation;  altitude-Mach  number  dia- 
grams; V-n  diagrams  including  gust  curves  and  buffet 
boundaries;  criteria  for  carrying  external  stores  in  sym- 
metrical and  asymmetrical  flight,  at  weights  up  to  and 
including  the  maximum  alternate  gross  weight  for  take- 
off with  maximum  internal  and  maximum  external 
loads;  and  flight  load  conditions  proposed  for  design  of 
the  various  loading  configurations.  Any  limitations  re- 
stricting takeoff  and  flight  with  all  store  stations  loaded 
to  capacity  in  combination  with  maximum  internal  fuel 
shall  be  stated  explicitly.  Data  shall  show  that  release 
of  any  combination  of  stores,  including  salvo  release  of 
total  helicopter  capacity  store  load,  does  not  produce 
rigid  body  or  elastic  responses  that  result  in  exceeding 
specified  limit  strength.  The  flight  criteria  also  shall 

) include  airspeed-altitude  envelopes  and  a summary  of 
gust,  symmetrical  flight,  asymmetrical  flight,  and  au- 
torotative  flight  conditions  proposed  for  design,  with 
related  speeds  and  load  factors 

3.  Crash  load  design  criteria,  including  a summary 
of  crash  conditions  and  the  des'gn  approach  used  to 
comply  with  these  conditions 

4.  Ground  and  water  load,  as  applicable;  design 
criteria  for  landing,  ground  handling,  tiedown,  and 
miscellaneous  conditions:  the  proposed  landing  design 
load  conditions;  and  the  derivation  of  the  loads  and 
related  speeds 

5.  An  evaluation  of  the  helicopter  relative  to  flut- 
ter, divergence,  mechanical  instability,  other  elastic 
and  aeroelastie  instabilities,  vibration  (including  v ibra- 
tory levels  at  all  personnel  stations),  and  sonic  effects 

6.  Repeated  load  design  criteria  including  normal 
flight  spectrum,  maneuver  load  spectrum,  gust  load 
spectrum,  landing  load  spectrum,  and  other  ty  pical  re- 
peated load  spectra  consistent  with  the  expected  envi- 
ronmental history  of  the  helicopter;  and  substantiating 
data  for  selection  of  loads 

7.  Stress  analysis  data  consisting  of  a brief, 
preliminary  stress  analysis  indicating  sizes,  loads  in 
members,  and  stresses  in  the  major  structural  compo- 


8.  Special  weapon  criteria 

9.  Description  of  the  nature  and  extent  of 
proposed  compliance  with  fail-safe  design  requirements 
from  a structural  standpoint 

10.  Description  of  components,  pans,  or  elements 
of  the  airframe  that  must  be  replaced,  with  stated  inter- 
vals for  these  replacements,  in  meeting  the  repeated 
load  and  fatigue  design  and  construction  criteria. 

14-3.7  POWER  PLANT  ANALYSIS  REPORT 

Thr  «-eport  shall  describe  the  derivation  of  available 
power  for  use  in  calculating  helicopter  performance. 
All  power  losses  and  the  effects  of  speed,  altitude,  and 
temperature  thereon  shall  be  shown.  The  power  losses 
shall  include  those  due  to  the  induction  system  (includ- 
ing induction  system  drag),  airframe,  oil  temperature 
system,  exhaust  system,  1R  suppression  (if  applicable), 
air  bleed  and  power  extractions,  transmission,  gear- 
boxes, propellers  (including  slipstream  and  blockage 
drag),  and  the  effects  of  fuel  temperature  extremes.  A 
thorough  analysis  showing  the  derivation  of  these 
losses  also  shall  be  furnished.  For  turbojet  performance 
or  turboprop  engines,  refer  to  MIL-D- 17984  for  in- 
stalled engine  performance  and  air  induction  system 
data  presentation  requirements. 

14-3.8  POWER  PLANT  INSTALLATION  AND 
FUEL  AND  LUBRICATION  SYSTEM 
REPORT 

This  report  shat!  describe  the  power  plant  installa- 
tion; the  power  transmission  system,  including  shaft- 
ing, gearboxes,  couplings,  and  free-wheeling  units;  and 
the  cooling,  inlet,  exhaust,  engine  control,  engine  start- 
ing. engine  lubrication,  and  fuel  systems.  The  report 
shall  include  the  items  that  follow: 

1.  Engine  installation  features,  mountings,  and  ac- 
cessibility data,  including  engine  accessories  and  con- 
tractor-furnished airframe  accessories  that  supplement 
the  engine  and  transmission  system  installations 

2.  Details  and  schematics  of  engine  installation 
features  such  as  anti-icing,  use  of  engine  bleed  air.  en- 
gine and  rotor  and  propeller  control  systems,  intake 
and  exhaust  systems,  engine  and  accessory  cooling  sys- 
tems. special  engine  configurations,  fire  detection  and 
suppression.  IR  suppression,  and  all  other  applicable 
systems.  Bleed  air  system  descriptions  shall  include  a 
brief  load  analysis  of  available  bleed  air  and  the  de- 
mands of  systems  using  bleed  air  for  appropriate  con- 
figurations and  flight  conditions 

2.  A listing  of  all  connections  (fuel.  oil.  hy  draulic. 
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drain,  electrical,  pneumatic,  mechanical,  etc.)  that 
must  be  disconnected  for  engine  removal 

4.  Description  of  the  starting  system  with  explana- 
tion of  the  functions  of  the  various  components,  identi- 
fication of  the  starter,  external  power  requirements, 
estimated  starting  time,  auxiliary  power  unit  installa- 
tion, etc. 

5.  Complete  fuel  system  schematic  diagram  and 
lubrication  system  schematic  diagram  with  detailed  de- 
scriptions of  both  systems 

6.  Calculation  of  fatigue  and  ultimate  stresses  of 
drive  shafting,  gear  shafting,  and  main  rotor  shaft. 
T ransmission  gear  stresses  and  bearing  life  calculations 
also  shall  be  included. 

14-3.9  FLIGHT  CONTROL  SYSTEM  REPORT 

This  report  shall  discuss  the  flight  control  system 
design  and  philosophy,  and  explain  the  functions  of  the 
components.  Simplified  schematics  shall  be  provided 
to  show  actual  function  of  the  system  and  all  related 
components.  Pilot  control,  rotor  control,  and  control 
surface  travels  shall  be  shown  on  the  schematics.  When 
automatic  stabilization  and/or  other  automatic  flight 
controls  are  proposed,  block  diagrams  and  automatic 
control  system  authority  shall  be  included. 

1 4-3. 1 0 LANDING  GEAR  SYSTEM  REPORT 

This  report  shall  describe  the  landing  system,  includ- 
ing controls,  provisions  for  emergency  operation,  steer- 
ing system,  anti-sV.id  brake  system,  supplemental  or 
alternate  deceleration  devices,  etc.  Calculated  maxi- 
mum loadings  of  wheels,  tires,  and  brakes  produced  by 
the  most  critical  operating  conditions  must  be  pre- 
sented, and  the  adequacy  of  the  proposed  sizes  must  be 
substantiated  for  static  load,  fatigue  life,  and  soft- 
ground  characteristics.  Load  stroke  and  tire  deflection 
data  for  both  the  main  and  auxiliary  gear  shall  be 
shown.  For  skid.  ski.  bear  paw,  and  beaching  gear, 
pertinent  data  shall  be  presented  to  substantiate  the 
adequacy  of  soft-ground  flotation  characteristics  and 
the  size  of  ground-handling  wheels. 

14-3.11  HYDRAULIC  AND  PNEUMATIC 
SYSTEM  REPORT 

This  report  shall  specify  the  type  and  class  of  the 
systems,  as  defined  by  MlL-H-f>440,  MIL-H-XXtM  and/- 
or MIL-P-551X.  describe  the  functions  and  operation 
of  all  major  components  with  reference  to  schematic 
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diagrams,  and  provide  substantiation  that  the  systems 
are  adequate  to  provide  the  required  services. 

14-3.12  ELECTRICAL  SYSTEM  REPORT 


This  report  shall  present  a preliminary  electrical 
load  analysis  substantially  in  accordance  with  MIL-E- 
7016.  The  report  shall  contain  a block  diagram  of  the 
electrical  power  and  distribution  systems,  showing  the 
main  components  and  listing  component  ratings, 
weights,  and  locations.  The  report  shall  include  an 
analysis  stating  the  reasons  for  selecting  the  proposed 
power,  conversion,  distribution,  and  lighting  systems 
and  components.  If  constant-speed  drives  are 
proposed,  such  units  and  their  supporting  components 
(remotely  mounted  controls,  oil  coolers,  reservoirs,  fil- 
ters, etc.)  shall  be  included  in  the  block  diagram  and 
analysis  portions  of  the  report.  The  report  also  shall 
present  information  on  proposed  high-density  harness 
construction,  if  used. 


14-3.13  ELECTROMECHANICAL  ACTUATION 
SYSTEM  REPORT 


This  report  shall  delineate  the  purpose,  principles  of 
operation,  and  control  relationships  of  each  electrome- 
chanical actuation  system.  Environmental  parameters 
and  schematic  diagrams  of  mechanical  linkages  and 
electrical  circuits  shall  be  included. 


14-3.14  ELECTRONIC  SYSTEM  REPORT 


This  report  shall  describe  and  summarize  the  elec- 
tronic system  as  a whole,  including  Government -fur- 
nished equipment.  The  following  items  shall  be  in- 
cluded: system  radio  interference  problems,  heat 
transfer  or  cooling  problems,  moisture  problems  aris- 
ing from  the  cooling  system,  and  the  proposed  installa- 
tion configuration,  arrangement,  and  operation.  In  ad- 
dition, this  report  shall  detail  the  equipment  to  be 
designed  and  furnished  as  contractor-furnished  equip- 
ment (CFE)  anti  shall  summarize  design  rationale,  per- 
formance requirements,  reliability,  maintainability,  mi- 
croelectronics to  be  used,  type  of  cooling,  antennas,  etc. 
If  contractor-furnixued  or  contractor-modified  Gov- 
ernment-furnished items  are  proposed,  their  physical 
characteristics  shall  be  presented. 
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14-3.15  FLUIDIC  SYSTEM  REPORT 

This  report  shall  describe  the  technology,  functions, 
and  operation  of  proposed  fluidic  systems,  including 
sketches  and  block  or  schematic  diagrams  as  necessary; 
and  provide  substantiation  that  the  system  is  adequate 
to  provide  the  required  services. 

14-3.16  ENVIRONMENTAL  CONTROL  SYSTEM 
(ECS)  AND  CREW  SERVICE  REPORT 

This  report  shall  describe  the  environmental  control 
system  for  maintaining  the  crew  and  equipment  envi- 
ronments at  desired  levels,  including  services  such  as 
oxygen,  emergency  oxygen,  suit  pressurization,  ventila- 
tion, anti-blackout  air,  and  communications.  Analyses 
shall  substantiate  the  adequacy  of  the  proposed  sys- 
tems to  provide  the  required  services.  Capacities,  flow 
rates,  temperatures,  pressures,  and  ambient  and  local 
conditions  shall  be  considered  in  the  analyses. 

14-3.17  ARMAMENT  SYSTEM  REPORT 

This  report,  in  conjunction  with  the  armament  in- 
stallation drawings  described  in  par.  14-4. 1 5,  shall  pro- 
vide a unified  and  coherent  presentation  of  the 
proposed  armament  system.  The  report  shall  discuss 
the  reasons  for  the  particular  disposition  of  guns,  bomb 
racks,  rocket  and  missile  launchers,  and  special  arma- 
ment equipment.  The  armament  control  system  shall 
be  described  with  respect  to  the  helicopter  mission  and 
human  factors  engineering.  A discussion  of  the  rearm- 
ing capabilities  of  the  helicopter  shall  be  included  to 
illustrate  the  loading  time,  effort,  and  personnel  re- 
quired. The  anticipated  armament  maintenance  proce- 
dure,  from  the  standpoint  of  accessibility  and  durabil- 
ity, shall  be  described. 

14-3.18  HYDRODYNAMIC  REPORT 

This  report,  required  only  for  helicopters  to  be 
equipped  with  floats  or  hulls,  shall  include  the  follow- 
ing: 

1.  Float  or  hull  line  drawing  (half  sections  and 
profile),  and  hydroski,  hydrofoil,  and  supporting  strut 
drawings,  if  appropriate 

2.  Static  water  line  and  static  stability  data 

3.  Estimated  stability  and  control  characteristics 
(longitudinal,  directional,  and  lateral) 


4.  Spray  characteristics 

5.  Takeoff  time  and  distance  as  derived  in  the  per- 
formance data  report  (par.  14-3.4) 

6.  Water  resistance  curve  as  derived  in  the  per- 
formance data  report  (par.  14-3.4) 

7.  Behavior  in  design  sea  state. 

14-3.19  ESCAPE  SYSTEM  ANALYSIS  REPORT 

This  report  shall  present  the  results  of  an  analysis  of 
the  escape  system;  it  shall  describe  the  system  capabili- 
ties as  required  for  the  helicopter  under  flight  condi- 
tions throughout  the  performance  envelope  (underwa- 
ter escape,  ditching,  etc.).  A system  capability  analysis 
shall  be  based  upon  the  use  of  the  specified  anthropo- 
metric body  size  ranges  and  required  personnel  support 
equipment.  If  applicable,  the  components  that  com- 
prise the  ejection  system  and  the  operational  sequence, 
including  sequencing  of  multiple  ejections, also  shall  be 
described. 

14-3.20  HUMAN  FACTORS  ENGINEERING 
REPORT  AND  PLAN 

The  results  of  the  bidder's  preliminary  analyses,  re- 
flected in  the  proposed  configuration,  shall  be  de- 
scribed in  the  human  factors  engineering  report.  This 
study  shall  identify  the  operation  of  all  aircraft  subsys- 
tems in  sutFicient  detail  to  identify  the  function  of  all 
controls  and  displays,  the  interfaces  between  related 
subsystems,  and  crew  coordination  requirements. 

In  the  human  factors  engineering  plan,  the  bidder 
shall  present  his  proposed  program  for  ongoing  human 
factors  engineering  efforts  to  implement  the  require- 
ments of  MIL-H-46855  and  this  chapter  during  the 
development  program. 

14-3.21  SURVIVABILITY/VULNERABILITY  (S/V) 
REPORT  AND  PLAN 

The  S/V  report  submitted  in  response  to  a Govern- 
ment solicitation  shall  include,  as  a minimum,  the  fol- 
lowing data: 

1.  Vulnerable  area  tabulation  by  type  of  kills  for 
the  specified  threats  (six  to  ten  threat  directions),  with 
and  without  armor  installed 

2.  Scale  drawings  showing  major  components  crit- 
ical to  S/V,  armor,  routing  of  hydraulic  lines  and  major 
electrical  buses 
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3.  Description  of  ail  proposed  protective  armor 
(including  fixed,  flexible,  and  transparent) 

4.  Description  of  emergency  lubrication  provi- 
sions 

5.  Description  of  the  IR  suppression  system,  in- 
cluding the  effectiveness  of  the  system  and  associated 
weight  and  power/performance  penalties 

6.  Preliminary  acoustic  detection  analysis  and  pre- 
dicted detectability  distances  (polar  plot,  or  equivalent) 

7.  Description  of  design  features  that  minimize  ra- 
dar cross  section 

8.  Description  of  design  features  that  enhance 
crash  survivability  and  minimize  the  probability  of 
post-crash  fires. 

A S/V  Program  Plan  shall  be  submitted  in  accord- 
ance with  the  requirements  of  USAAVSCOM  ADS- 11. 

14-3,22  ELECTROMAGNETIC  COMPATIBILITY 
(EMC)  CONTROL  PLAN 


In  this  plan  the  bidder  shall  discuss  and  present  his 
proposed  program  for  controlling  the  electromagnetic 
environment,  and  the  testing  of  all  components  and 
subsystems  contributing  to  the  total  electromagnetic 
environment,  in  accordance  with  the  requirements  of 
par.  9-11,  AMCP  706-203. 

14-3.23  SYSTEM  SAFETY  PROGRAM  PLAN 


In  this  plan  the  bidder  shall  present  a system  safety 
program  plan  that  will  implement  the  requirements  of 
MIL-STD-882  and  Chapter  3.  AMCP  706-203,  during 
the  development  phase.  This  plan  shall  be  prepared  in 
accordance  with  Ref.  1. 

14-3.24  RELIABILITY  PROGRAM  PLAN 


In  this  plan  the  bidder  shall  discuss  and  present  his 
reliability  program  proposed  to  implement  the  require- 
ments of  MIL-STD-785,  Chapter  12  of  this  volume, 
and  par.  10-1  of  AMCP  706-203  during  the  develop- 
ment phase.  The  areas  to  be  covered  include  alloca- 
tions; predictions;  design  reviews;  specification  reviews; 
vendor  and  subcontractor  controls;  manufacturing 
controls;  individual  tests;  flight  tests;  failure  reporting, 
analysis,  and  corrective  action  procedures;  training 
plans;  reports;  and  schedules  proposed  by  the  bidder  to 
meet  the  design  goals.  The  proposed  methods  of 
demonstrating  reliability  at  the  “black  box”  level  and 


at  the  system  level  shall  be  described.  The  report  also 
shall  include  an  analysis  of  the  effectiveness  of  the 
helicopter  weapon  system  and  the  operational  model 
used  in  making  the  analysis.  Block  diagrams  for  relia- 
bility, maintainability,  logistics,  and  manpower  of  the 
operational  model  shall  be  included.  Input  information 
for  effectiveness  evaluation  shall  be  included  and  must 
be  capable  of  being  used  on  a per-sortie  basis,  as  well 
as  on  a multiple — or  continuous  operation — basis. 

Minimum  acceptable  reliability  levels  for  the  overall 
system,  subsystems,  or  components,  and  prediction  and 
allocation  calculations  required  by  the  RFP  and  the 
specifications  or  documents  provided  therewith,  shall 
be  summarized  in  an  appendix  to  the  plan. 

14-3.25  MAINTAINABILITY  PROGRAM  PLAN 


The  bidder  shall  present  his  proposed  maintainabil- 
ity program  to  implement  the  requirements  of  MII,- 
STD-470  and  MIL-STD-471,  Chapter  1 1 of  this  docu- 
ment, and  par.  10-2,  AMCP  706-203,  during  the 
development  program.  Minimum  acceptable  maintain- 
ability levels  and  maximum  times  between  overhauls 
for  the  system,  subsystems,  or  components,  as  required 
by  the  RFP  and  the  specifications  or  documents  pro- 
vided therewith,  shall  be  summarized  in  an  appendix  to 
the  plan.  A separate  section  of  the  plan  shall  describe 
any  special  tools  and  ground  support  equipment  an- 
ticipated or  special  personnel  skills  envisaged  for  main- 
tenance of  the  helicopter. 

14-3.26  PRODUCIBILITY  PLAN 


A producibility  engineering  plan  shall  be  prepared 
and  submitted  to  assure  the  compatibility  of  compo- 
nent and  assembly  design  with  selected  manufacturing 
materials,  processes,  and  assembly  techniques.  It 
should  address  the  following: 

1 . The  techniques  employed  in  the  engineering  de- 
sign phase  in  consideration  of  the  eventual  adaptation 
to  production 

2.  Program  management  authority,  policies,  re- 
sponsibilities, and  controls  for  implementation  of 
producibility  decisions  or  determination 

3.  Program  trade-offs  in  terms  of  weight,  equip- 
ment selection,  manufacturing  and  assembly  tech- 
niques, and  production  costs 

4.  Producibility  engineering  controls,  which,  as  a 
minimum,  should  include: 

a.  Design  controls 
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b.  Critical  engineering  terms 

c.  Quality  control  and  inspection 

5.  Coordination  of  produc:hility  engineering  re- 
quirements 

6.  Engineering  and  manufacturing  interfaces 

7.  Other  producibility  engineering  interfaces. 

14-4  DRAWINGS,  SKETCHES,  AND 
SCHEMATIC  DIAGRAMS 

The  drawings  listed  shall  be  provided,  as  applicable. 
All  major  items  and  features  shall  be  shown,  and  means 
of  access  to  items  requiring  adjustment  or  removal  pre- 
sented. The  scale  must  be  indicated  on  all  drawings. 
These  drawings  shall  not  be  reduced  in  size.The  sketch- 
es and  schematic  diagrams  should  be  larger  than 
report  or  foldout  page  size,  for  detail  and  clarity  of 
information,  and  may  be  referenced  in  the  applicable 
reports  of  par.  14-3  in  which  they  are  discussed.  Where 
necessary  for  clarity,  similar  size  schematic  or  block 
diagrams  may  be  substituted  for  those  already  called 
out  in  the  individual  report  requirements  in  par.  14-3. 

14-4.1  GENERAL  ARRANGEMENT  DRAWING 
AND  SKETCH 

The  general  arrangement  drawing  shall  be  prepared 
in  accordance  with  the  requirements  in  Appendix  A of 
Chapter  4,  AMCP  706-203. 

The  general  arrangement  sketch  shall  be  a simple, 
three-view  drawing,  of  report  page  size,  for  general 
reference  purposes  and  for  use  in  the  HDS  described 
in  par.  14-3.1.  Dimensions  (in  feet)  shall  include  ro- 
tor(s)  diameter;  wing  span,  including  wing  folded/- 
swept,  if  applicable;  tail  span;  height  of  rotor,  tail  and 
fuselage;  tread;  and  wheel  base. 

14-4.2  INBOARD  PROFILE  DRAWING 

This  drawing  shall  show  major  structure,  power 
plant,  drive  system  ana  gearboxes,  equipment,  arma- 
ment. useful  load  items,  entrances,  emergency  exits, 
escape  hatches,  location  of  the  crew  and  their  equip- 
ment, major  instrument  sensors,  computers,  gyro  plat- 
forms. automatic  flight  control  components,  etc.  The 
drawing  shall  include  an  elevation  and  a plan  view,  and 
shall  have  numerous  sectional  views  to  show  the  loca- 
tions of  the  items  of  equipment.  Each  item  shall  be 
labeled  plainly.  The  information  shown  shall  agree 
with  the  weight  and  balance  data  submitted,  and  the 
reference  data  for  the  longitudinal  and  vertical  CO 
information  used  in  the  Weight  and  Balance  Report 


shall  be  shown.  The  scale  of  this  drawing  shull  he 
one-tenth  unless  otherwise  specified  in  the  solicitation. 

14-4.3  STRUCTURAL  ARRANGEMENT 
DRAWINGS 

These  drawings  shall  show  the  essential  characteris- 
tics of  the  structure  of  the  major  components,  including 
the  wing,  body,  hull,  floats,  empennage,  and  rotor  sys- 
tems, as  applicable.  Centerlines  of  the  mam  members 
and  sections  necessary  to  clarify  the  arrangement 
shall  be  included.  Solutions  to  difficult  structural  prob- 
lems such  as  major  discontinuities  shall  be  indicated. 
Wing  folding,  blade  folding,  and/or  any  other  struc- 
tural part  of  the  helicopter  that  is  folded  for  storage  (or 
flight)  shall  be  shown  in  detail,  with  a description  of  the 
operation  and  locking  provisions.  Details  of  the  locks 
and  lock  controls  also  shall  be  shown. 

14-4.4  POWER  PLANT  INSTALLATION 
DRAWING 

This  drawing  shall  indicate  the  complete  propulsion 
system  that  include  engine(s);  fire  protection  provi- 
sions; shrouds;  fuel  system  (including  fueling,  defuei- 
ing,  fuel  jettisoning,  and  venting  arrangements);  oil  sys- 
tem; induction  system;  exhaust  system;  cooling  system; 
water  injection  system;  starter  and  starter  system  com- 
ponents; auxiliary  power  unit;  and  power  transmission 
system,  including  dutches,  brakes,  and  gearboxes  for 
rotor  drives  and  accessory  drives.  Access,  servicing, 
and  removal  provisions  shall  be  shown. 

14-4.5  FLIGHT  CONTROL  SYSTEM  DRAWINGS 

These  drawings  shall  present  the  complete  fbght 
control  system  as  it  will  appear  in  the  helicopter.  The 
drawings  shall  depict  the  pilot's  controls,  cable  runs, 
pulleys,  bellcranks,  pushrods.  idlers,  torque  tubes, 
guards,  etc.,  and  their  locations  in  the  airframe.  Ail 
components  of  the  automatic  flight  control  system 
shall  he  shown. 

14-4.6  LANDING,  BEACHING,  AND  AUXILIARY 
GEAR  DRAWINGS 

These  drawings  shall  show  the  structural  arrange- 
ment of  the  main,  auxiliary,  tail  skill  or  bumper,  and 
beaching  gear;  and  of  the  retracting  mechanism  and 
locks,  if  applicable.  The  length  of  stroke  for  shock 
struts  shall  be  noted,  with  dimensions  shown  for  the 
landing  gear  in  fully  extended,  static,  and  fully  com- 
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pressed  positions.  Data  shall  be  provided,  as  applica- 
ble, for  skids,  skis,  and  bear  paws. 


14-4.12  INSTRUMENT  SYSTEM  INSTALLATION 
DRAWINGS 


14-4.7  HYDRAULIC  AND  PNEUMATIC 

SYSTEM  SCHEMATIC  DIAGRAMS 

On  these  diagrams,  the  pneumatic  systems  shall  be 
presented  separately  or  on  separate  diagrams.  The 
flight  control  and  utility  systems,  when  completely  in- 
dependent of  each  other,  also  shall  be  shown  sepa- 
rately. Where  practicable,  line  diagrams  of  mechanical 
or  electrical  sequencing  or  other  functions  shall  be  pre- 
sented. 


These  drawings  shall  show  the  location  and  identity 
of  components  of  instrument  systems  such  as  pitot- 
static  systems  and  fuel  quantity  gaging  systems.  Wiring 
and  tubing  connections  for  such  systems  also  shall  be 
shown. 


14-4.13  EXTERIOR  LIGHTING  SYSTEM 
DRAWING 


14-4.8  ENVIRONMENTAL  CONTROL  SYSTEM 
SCHEMATIC  DIAGRAMS 

The  pressurization  and  air-conditioning  systems  of 
occupied  spaces  and  of  equipment  spaces  shall  be 
shown  on  a schematic  layout  in  sufficient  detail  to 
allow  system  operation  analysis.  Portions  of  the  system 
that  are  included  with  individual  related  systems,  such 
as  radar  pressurization,  rnay  be  omitted. 


This  drawing  shall  show  the  location  and  candle- 
power  for  each  exterior  light  assembly.  The  angles  of 
obstructed  visibility  of  the  anticollision  light(s)  shall  be 
included.  Special  attention  shall  be  given  to  the  light 
locations  to  prevent  situations  detrimental  to  the  crew's 


14-4.14  ANTI-ICING  SYSTEM  SKETCH 


V. 

! 

f. 


14-4.9  CREW  SERVICE  DRAWING 

This  drawing  shall  present  crew  services  and  sup- 
plies including  oxygen,  emergency  oxygen,  suit  pres- 
surization, ventilation,  anti-blackout  provisions,  and 
communications. 

Tubir.g,  disconnects,  methods  of  routing,  and  attach- 
ments to  the  helicopter  structure  shall  be  included. 
Access  and  provisions  for  servicing  and  removal  of 
equipment  shall  be  indicated.  Similar  data  shall  be 
shown  for  each  crew  member,  as  applicable. 

14-4.10  ELECTRONIC  EQUIPMENT  DRAWING 

This  drawing  shall  show  the  location,  size,  and  iden- 
tity of  each  component  of  electronic  equipment  includ- 
ing antennas,  radomes,  and  all  other  units  carried  ex- 
ternal1}'. Cooling  provisions  and  accessibility 
provisions  also  shall  be  indicated. 

1 4-4. 1 1 INSTRUMENT  PANEL  ARRANGEMENT 
DRAWING 

This  drawing  shall  show  the  arrangements  and  loca- 
tions of  all  instruments  on  the  pilot’s,  copilot’s,  naviga- 
tor's, and  other  crew  members’  panels,  as  applicable. 


This  sketch  shall  show  the  area  of  the  wings,  fuse- 
lage, empennage,  enclosure  bubbles,  canopies,  rotor  sys- 
tems, radome,  power  plant  air  induction  systems,  and 
heating  and  ventilating  systems,  as  applicable,  to  be 
protected  against  ice  accretions.  The  type  of  ice  protec- 
tion system  selected  for  each  of  these  areas  shall  be 
indicated. 


14-4.15  ARMAMENT  INSTALLATION 
DRAWINGS 


These  drawings  shall  present  the  armament  installa- 
tions including  fixed  guns,  flexible  guns  and  turrets 
(with  effective-field-of-fire  diagrams),  bombs, 
torpedoes,  rockets,  guided  missiles,  and  locations  of 
displays  and  controls.  If  contractor-furnished  or  con- 
tractor-modified Government-furnished  items  of 
equipment  are  proposed,  the  characteristics  of  those 
items  shall  be  presented.  Principal  clearances  in  critical 
helicopter  attitudes  and  locating  dimensions  shall  be 
shown,  as  well  as  the  location  of  fire  control  equipment 
with  optical  and  radar  field  of  action  diagrams.  The 
methods  and  equipment,  both  primary  and  backup,  to 
be  used  in  arming  the  helicopter  shall  be  shown,  partic- 
ularly new  or  unique  equipment  aud/or  techniques. 
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144.16  CARGO-HANDLING  ARRANGEMENT 
DRAWING 


copters  equipped  with  hulls  or  floats,  the  anchor  and 
mooring  features  while  waterborne  shall  be  shown. 


This  drawing  shall  indicate  the  internal  and  external 
cargo-handling  and  restraint  features  and  installation, 
including  loading  and  unloading  equipment,  rails, 
ramps,  special  or  roller  floors,  tiedown  restraint  pat- 
terns, external  slings,  cargo  hooks,  winches,  controls, 
and  any  hard  points  for  external  carriage. 


14-4.18  ESCAPE  SYSTEM  DRAWING 


This  drawing,  if  applicable,  shall  show  the  configu- 
ration of  the  system,  means  of  actuation,  location  of 
seats  and  components;  a schematic  diagram  of  the  ejec- 
tion seat  clearance  also  is  required. 


144.17  TOWING,  JACKING,  MOORING,  AND 
TIEDOWN  SKETCH 


REFERENCE 


This  sketch  shall  present  the  towing,  jacking,  moor- 
ing, and  tiedown  provisions  for  the  helicopter.  For  heli- 


1.  USAAAVS  TR  72-8,  Preparation  of  a System 
Safety  Program  Plan  for  Aviation  Systems 
Development,  US  Army  Agency  for  Aviation 
Safety,  Fort  Rucker,  Ala,  July  1972. 
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GLOSSARY 


Absolute  altitude.  The  measured  distance  above  a 
ground  reference,  as  would  be  recorded  by  a 
radar  altimeter.  Also  called  tapeline  altitude. 

Acceleration. 

Angular.  The  time  rate  of 
change  in  angular  velocity 
Engine.  The  time  rate  of 
change  in  gas  generator  speed 
Rotor.  The  time  rate  of 
change  in  rotor  speed. 

Advancing  mode.  Multiblade  mode  where  the  oscilla- 
tion of  the  Ath  blade,  counted  in  direction  of 
rotation,  lags  in  phase  by  Iktt/n  as  compared 
to  Oth  blade. 

Air  resonance.  Same  as  ground  resonance,  but  with 
the  helicopter  in  flight,  or  without  weight  on 
landing  gear. 

Airworthiness.  A demonstrated  capability  of  a heli- 
copter or  helicopter  subsystem  or  component 
to  function  satisfactorily  when  used  within  the 
prescribed  limits. 

Anthropometry.  The  study  of  the  dimensions  and 
ranges  of  motion  of  the  human  body  and  its 
parts.  " 

Arizona  Road  Dust.  Uniquely  defined  particulate 
material  compositions  used  to  test  hydraulic 
and  pneumatic  filters  and  fuel  system  compo- 
nents (see  MIL-F-5504  and  MIL-F-8(jl5). 

Articulated  rotor.  A rotor  consisting  of  a central  part 
rigidly  attached  to  the  drive  shaft  or  rotor  mast 
and  a number  of  blades  attached  to  the  central 
part  by  flapping  and  lead-lag  hinges. 

Attitude  flare.  The  second  of  the  three  stages  of  heli- 
copter landing,  preceded  by  approach  and  fol- 
lowed by  deceleration.  During  attitude  flare 
the  rate  of  descent  is  reduced  and  the  pitch 
attitude  is  increased  above  the  flight  trim 
value. 

Availability.  The  probability  that  the  system  is  oper- 
ating satisfactorily  at  any  point  in  time  when 
used  under  stated  conditions,  where  the  total 
time  considered  includes  operating  time,  active 
repair  time,  administrative  time,  and  logistic 
time. 


Blade  azimuth  angle.  Position  angle  of  blade  in  the 
rotor  plane  measured  from  the  aft  position  in 
the  direction  of  rotor  rotation. 

Blade  chord.  Width  of  the  blade:  the  dimension  in  the 
plane  of  the  blade  at  right  angle  to  the  length- 
wise axis. 

Blade  element  theory.  Rotor  analysis  procedure  in 
which  the  rotor  blade  is  considered  to  be  made 
up  of  individual  blade  elements,  each  of  which 
contributes  to  performance.  Each  spanwise  el- 
ement is  then  considered  as  a two-dimensional 
airfoil  section,  and  the  thrust  and  torque  are 
found  by  integration. 

Blade  incidence.  The  angle  between  the  zero-lift  line 
of  the  blade  section  and  the  plane  of  the  rotor 
disk.  For  a blade  having -built-in  twist,  the 
blade  incidence  is  measured  at  a reference  sec- 
tion, either  root  or  0.75R. 

Blade  pitch.  See:  Blade  incidence. 

Blade  retention  system.  The  mechanism  that  keeps 
the  blade  attached  to  the  hub  against  centrifu- 
gal loading  while  permitting  blade  pitch  varia- 
tions. 

Blade  section.  The  cross-sectional  shape  of  the  blade 
in  a plane  perpendicular  to  its  lengthwise  axis. 

Bode  analysis.  A method  of  analyzing  the  stability  of 
a closed-loop  control  system  by  using  plots  of 
the  response  and  the  phase  angle  versus  fre- 
quency to  determine  both  gain  and  phase  mar- 
gins as  measures  of  system  damping  character- 
istics. 

Boundary  layer.  Region  of  fluid  flow  adjacent  to  a 
solid  surface  which  is  influenced  in  its  velocity 
profile  by  surface  contact  and  fluid  viscosity. 

Breakout  force.  The  minimum  force  required  at  the 
cockpit  for  a pilot  to  initiate  motion  at  a pre- 
scribed control  surface. 

Camber.  Curve  of  the  centerline  of  the  blade  section, 
i.e.,  the  distance  between  the  mean  line  of  an 
airfoil  and  i he  chord  line. 

Chord  line.  Line  joining  the  ends  of  the  mean-camber 
line. 

Climb  efficiency  factor  Kr,  Multiplier  that  adjusts 
theoretical  forward  rate  of  climb  to  account  for 
transmission  efficiency,  rotor  efficiency,  and 
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increases  in  fuselage  download.  Usually  ob- 
I tained  from  flight  test  data. 

Collective  mode.  Multiblade  mode  with  equal  phases 
for  all  blade  oscillations. 

Combat  ceiling.  The  maximum  altitude,  at  a given 
temperature,  at  which  the  aircraft  can  climb  at 
a rate  of  at  least  500  fpm. 

Compound  helicopter.  Vehicle  that  has  a wing  to  re- 
lieve, partially  or  totally,  the  rotor  of  its  lifting 
requirements,  and  that  also  has  an  auxiliary 
propulsion  device  to  relieve,  partially  or  to- 
tally, the  rotor  of  its  propulsion  requirements. 
Confidence  level  A concept  of  statistics  which  states, 
as  a percentage,  the  probability  that  a true 
value  of  a quantifiable  parameter  is  to  be  found 
between  prescribed  limits  (termed  confidence 
limits)  in  relation  to  a quantitative  evaluation 
of  a statistical  sample. 

Control  harmony.  1 he  relationship  among  pitch,  roll, 
and  yaw  controls — in  terms  of  dis- 

placements— -related  to  breakout  forces,  con- 
trol force  gradients,  human  capability,  and 
overall  helicopter  flight  response  and  damp- 
ing. 

Control  power.  Control  moment  per  unit  of  control 
displacement. 

Control  sensitivity.  Maximum  aircraft  angular 
velocity  per  unit  control  input.  Also,  ratio  of 
control  power  to  damping  moment  per  unit  of 
angular  velocity. 

Coriolis  acceleration.  The  tangential  acceleration 
caused  by  a radial  displacement  of  a mass  mov- 
ing in  a rotating  plane. 

Cost-effectiveness  analysis.  A technique  that  defines 
alternative  means  of  accomplishing  a stated 
objective,  and  that  analyzes  both  the  costs  and 
effects  of  each  alternative  as  a basis  for  deci- 
sion-making. 

Cost-estimating  relationship  (CER).  A quantitative 
statement  describing  how  a specified  cost  of  a 
helicopter  system,  subsystem,  or  component  is 
influenced  by  one  or  more  changes  in  the  de- 
sign or  operating  variables  of  the  system. 
Crashworthiness.  The  quality  of  a helicopter  design 
which  aims  at  assuring  the  safety  of  pilot  and 
passengers  in  the  event  that  the  vehicle  is  in- 
volved in  an  accident  or  receives  damage  as  the 
result  of  an  abnormal  condition. 

Critical  decision  point  (CDP).  A combination  of  speed 
and  altitude  at  which,  if  an  engine  of  a multien- 
gine helicopter  became  inoperative,  the  takeoff 
could  be  rejected  and  a safe  landing  made,  or 
the  flight  could  be  continued  with  a prescribed 
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obstacle  clearance.  An  equivalent  definition 
applies  to  landing. 

Cyclic  flare.  Precision  maneuver  associated  with  au- 
torotation, in  which  the  pilot  uses  cyclic  and 
collective  controls  to  place  his  vehicle  within 
narrow  limits  of  height  above  the  ground,  rate 
of  descent,  forward  speed,  and  angle  of  attack. 

Damping  ratio.  Ratio  of  actual  damping  over  critical 
damping  for  which  the  mode  becomes  aperi- 
odic. 

Density  altitude.  Pressure  altitude  adjusted  for  tem- 
perature deviation  from  standard. 

Differential  collective  mode.  Multiblade  mode  where 
adjacent  blades  oscillate  in  counterphase;  only 
possible  for  even-bladed  rotors. 

Divergence.  Nonoscillatory  instability;  may  occur  in  a 
single  degree  of  freedom  system  due  to  nega- 
tive spring-like  forces  or  moments. 

Drag.  Aerodynamic  force  parallel  to  relative  wind 
and  acting  opposite  to  the  direction  of  flight. 

Droop  stop.  The  mechanism  that  is  loaded  by  the 
weight  of  the  rotor  blade  at  rest. 

Dynafocal  mounting.  A mounting  arrangement  appli- 
cable to  helicopter  engine  installations,  which 
is  designed  to  "isolate"  the  helicopter  drive 
system  vibration  frequencies  from  those  of  the 
engine  by  damping  transmissible  forces  at 
resonance  frequencies. 

Dynamic  instability.  An  oscillation  for  which  the  am- 
plitude increases  with  time  without  external 
excitation. 

Dynamic  rotor  model  scaling.  An  attempt  to  match, 
in  a model  rotor,  the  natural  frequencies  and 
ratios  of  aerodynamic-to-inertia  parameters  of 
the  actual  rotor.  This  permits  investigation  of 
flutter,  mechanical  vibration  and  stability,  per- 
formance, and  flying  qualities. 

Emissiviiy.  The  ratio  of  the  rate  at  which  radiant  en- 
ergy is  transmitted  from  a given  body  to  the 
rate  at  which  radiant  energy  would  transmit 
from  a blackbody  of  equal  temperature  in  the 
same  medium. 

Endurance.  The  length  of  time  a helicopter  can  re- 
main airborne  while  using  a specified  quantity 
of  fuel. 

Endurance  limit.  The  magnitude  of  the  repeated  load 
(or  stress)  which  the  structure  can  endure  in- 
definitely. 

Entry  into  autorotation.  The  maneuver  that  begins  at 
the  instant  of  helicopter  power  failure  and  con- 
tinues until  steady  autorotaiion  is  achieved. 
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Fail-sqfe.  A principle  of  design  to  assure  continued 
safe  flight  in  the  event  of  a structural  failure  of 
a component  or  part. 

Failure  Mode  and  Effect  Analysis  (FMEA).  That  anal- 
ysis of  a helicopter  system  or  subsystem  design 
which  traces  the  probable  types  of  failure  that 
could  occur  and  the  criticality  of  failure  in 
regard  to  the  accomplishment  of  system  opera- 
tional objectives. 

Fatigue.  Characteristic  of  a material  that  causes  it  to 
fail  at  a repeated  load  smaller  than  its  static 
load  capacity. 

Fatigue  damage.  Ratio  of  the  number  of  repeated 
load  applications  sustained  to  the  number  at 
which  fatigue  failure  occurs. 

Figure  of  Merit.  Index  of  rotor  efficiency:  mini- 
mum possible  power  required  to  hover  (ideal 
rotor)  divided  by  actual  power  to  hover. 

Figure  of  Merit  Rati'  Method.  Method  of  predicting 
rotor  performance  based  on  empirical  evalua- 
tion of  isolated  rotor  whirl  stand  test  data. 
Particularly  useful  at  high  rotor  loading  condi- 
tions. 

First  harmonic  motion.  A motion  proportional  to  the 
sine  or  cosine  of  the  azimuth  angle. 

Flapping  motion.  Blade  motions  in  a plane  perpen- 
dicular to  the  plane  of  rotation. 

Flare  angle  of  attack.  Highest  angle  from  which  a 
helicopter  can  be  rotated  nosedown  to  a level 
attitude  in  the  time  for  which  rotor  energy  can 
be  used  to  develop  hovering  thrust. 

Flexure;  flexplate.  Part  of  the  rotor  hub  having  a low 
bending  stiffness  in  the  flapping  plane,  allow- 
ing flapping  motions  of  the  blade  under  load. 

Flight  idle  (power).  The  power  required  to  maintain 
governed  rotor  speed  at  minimum  rotor  load 
conditions. 

Flight  spectrum.  A descriptive  array,  including  esti- 
mates of  the  frequency  of  occurrence,  of  each 
maneuver  that  a given  helicopter  design  is  ex- 
pected to  perform  in  operational  use. 

Floating  hub.  Rotor  unit  in  which  the  assembly  is 
mounted  to  the  vertical  mast  by  means  of  a 
universal  joint,  through  which  power  to  the 
rotor  is  passed. 

Flueric  device  or  system.  A fluidic  device  or  system 
which  accomplishes  its  function  without  the 
use  of  moving  mechanical  elements. 

Fluidics.  The  use  of  fluids  to  sense,  process,  display, 
and  control  functional  changes  in  physical  sys- 
tems. 

Flutter.  The  seif-excited  oscillation  of  an  aerody- 
namic surface  and  its  supporting  structure, 


caused  by  a combination  of  aerodynamic,  iner- 
tial, and  elastic  effects  in  such  a manner  as  to 
extract  sustaining  energy  from  the  air  stream. 

Flutter,  blade.  Aerodynamically  induced  self-excited 
blade  oscillations  with  essential  torsional  mode 
content. 

Flutter,  stall.  Aerodynamic  self-excitation  of  a blade 
torsion  mode  by  nonlinear  pitching  moment 
characteristics  at  high  angles  of  attack. 

Flutter,  wake.  Blade  flutter  induced  by  the  rotor  vor- 
tex wake  at  zero  forward  speed  and  low  thrust. 
It  disappears  with  forward  speed  and  moderate 
thrust  loading. 

Flutter,  whirl.  Prop-rotor  airframe  self-excited  oscil- 
lations in  a multiblade  advancing  or  regressing 
out-of-plane  mode.  Whirl  flutter  is  not  a form 
of  blade  flutter,  since  blade  torsion  is  not  essen- 
tially involved. 

Foot-lambert.  Unit  of  luminance  equal  to  l/n  candle 
per  square  foot. 

Free-turbine  engine.  A turboshaft  engine  that  incor- 
porates an  independently  mounted  turbine  to 
transfer  gas  generator  power  to  the  output 
shaft. 

Frequency  response  function.  Complex  valued  func- 
tion obtained  by  setting  s = ita  in  the  transfer 
function. 

Fuselage.  The  structure  that  supports  the  useful  load, 
supports  and  connects  the  dynamic  compo- 
nents, and  provides  an  interface  between  the 
aerodynamic  and  ground  environment. 

Gas  generator.  The  basic  power-generating  section  of 
a turboshaft  engine  consisting  of  a compressor, 
combustion  chamber,  and  turbine. 

Generalized  coordinate.  A time  function  representing 
the  contents  of  a particular  mode  (usually  a 
normal  mode)  in  the  motion  of  an  elastic  sys- 
tem. 

Gimbal-mounted  rotor.  Attachment  of  the  rotor  hub 
to  the  rotor  mast,  allowing  tilting  of  the  rotor 
in  two  planes  perpendicular  to  each  other. 

Ground  idle  (power).  The  rated  power  output  of  the 
engine  with  a control  setting  at  ground  idle. 

Ground  resonance  mechanical  instability.  Rotor-airframe 
self-excited  oscillations  in  a multibladc  regres- 
sing lead-lag  mode  not  involving  aerodynamic 
effects. 

Gust  model.  Mathematical  representation  of  atmos- 
pheric disturbances  to  which  the  helicopter 
could  reasonably  be  subjected. 

Height-velocity  diagram.  That  combination  of  heights 
and  speeds  from  which  a safe  landing  can  be 
made  if  an  engine  becomes  inoperative. 
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Helical  gears.  Gears  that  run  on  parallel  axes  but 
mate  on  helical  surfaces. 

Hertz  stresses.  Highly  localized  compression  stresses 
characteristically  found  in  rolling  machine  ele- 
ments. 

Hooke's  coupling.  A type  of  universal  joint  used  to 
transmit  power  from  one  rotating  shaft  to 
another  whose  axis  is  at  a relatively  large  angle 
to  the  first. 

Human  factors  engineering  (HFE).  The  development 
and  application  of  scientific  methods  and 
knowledge  about  human  capabilities  and  limi- 
tations to  the  selection,  design,  and  control  of 
operations,  environment,  and  material,  and  to 
the  selection  and  training  of  personnel. 

Hunting  tooth.  A tooth  on  a pinion  which  will  not 
mate  with  the  same  space  on  the  gear  on  each 
revolution. 

Impulse.  For  ordnance  or  rocket  devices,  the  measure 
of  total  energy  of  the  device,  expressed  as  the 
product  of  the  average  thrust  multiplied  by  the 
duration  of  energy  release. 

Inplane  soft  blade.  Blade  chordwise  natural  fre- 
quency below  frequency  of  rotor  revolution. 

Inplane  stiff  blade.  Blade  chordwise  natural  fre- 
quency above  frequency  of  rotor  revolution. 

Interchangeable  components.  Components  that  are 
structurally,  physically,  and  functionally  iden- 
tical and  use  the  same  attachment  provisions. 

Isochronous  control  A device  that  maintains  a system 
constant  speed  by  continuously  changing  the 
speed  control  input  in  response  to  any  detected 
error  between  the  actual  and  the  desired  speed. 

Laplace  transformation.  A linear  transformation  al- 
lowing a time  derivative  d/dt  to  be  replaced  by 
the  Laplace  operator. 

Lead-lag  motion.  Blade  motions  in  the  plane  of  rota- 
tion. 

Life-cycle  cost.  The  total  cost  of  ownership  of  a heli- 
copter system  or  subsystem  over  the  system 
life  cycle,  including  all  research,  development, 
test,  and  evaluation  (RDT&E);  initial  invest- 
ment; and  operating  and  maintenance  costs. 

Lift.  Aerodynamic  force  perpendicular  to  the  relative 
wind. 

Load  factor.  The  ratio  of  a given  load  to  the  weight 
of  the  structural  element  which  serves  as  the 
load  reference. 

Loadpath.  The  structural  elements  effective  in  carry- 
ing loads  and  moments  to  the  supporting  sta- 
tions, going  from  the  extremities  to  the  center 
section. 


Load  station.  Coordinate  of  (resultant)  load  applica- 
tion point. 

Long  period  mode.  Aircraft  free  body  pitching  mode 
with  substantial  flight  velocity  changes. 

Mach  instability.  Torsional  moments  on  the  rotor  sys- 
tem, caused  by  distortion  of  the  airflow  across 
the  blade  as  the  blade  tip  speed  approaches  the 
speed  of  sound. 

Maintainability.  A characteristic  of  design  and  instal- 
lation that  is  expressed  as  the  probability  that 
an  item  will  conform  to  specified  conditions 
within  a given  period  of  time  when  mainte- 
nance action  is  performed  in  accordance  with 
prescribed  procedures  and  resources. 

Maneuver.  Any  flight  condition  different  from 
straight  and  level  flight. 

Maneuver  stability.  A measure  of  helicopter  stability 
in  terms  of  pilot-required  control  force  per  unit 
of  normal  acceleration. 

Mathematical  model.  A quantifiable  representation 
of  a system  operating  in  a prescribed  context. 
A mathematical  model  generally  can  be  ex- 
pressed by  a set  of  equations  where  the  known 
factors  are  constants,  the  independent  varia- 
bles are  inputs,  and  the  data  sought  are  the 
dependent  or  output  variables. 

Maximum  power.  The  maximum  power  the  engine 
will  produce  for  a period  of  time  not  in  excess 
of  ten  (10)  min  per  application. 

Mean  line  (airfoil).  The  locus  of  points  one-half  the 
distance  between  the  upper  and  lower  surfaces 
of  an  airfoil. 

Mean-time-to-repair  (MTTR).  The  expected  value  of 
time  required  to  restore  a system  to  a condition 
of  satisfactory  operation. 

Mechanical  flight  control  system.  A reversible  control 
system  in  which  the  cockpit  controls  are  me- 
chanically linked,  by  a series  of  rods  and  bell 
cranks,  directly  to  the  control  horn  of  the  rotor 
blade. 

Mission  capability.  That  characteristic  of  a design 
which  provides  for  the  accomplishment  of  the 
functional  requirements  of  a prescribed  mis- 
sion. 

Mission  effectiveness.  The  value  of  a helicopter  design 
in  terms  of  the  combination  of  its  mission 
availability,  survivability,  and  performance. 

Mission  profile.  A quantitatively  defined  representa- 
tion of  the  sequence  of  maneuvers  which  a 
helicopter  must  perform  to  accomplish  a desig- 
nated purpose,  e.g.,  observation,  transport, 
and  medical  evacuation. 
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Mission  readiness.  A measure  of  the  degree  to  which 
a helicopter  is  operable  and  committabie  to 
start  a particular  mission  at  a random  point  in 
time. 

Modal  representation  of  blade  displacements.  Method  of 
representing  blade  dynamics,  based  upon  the 
assumption  that  blade  displacements  can  be 
represented  by  the  sum  of  a series  of  orthogonal 
functions. 

Multiblade  mode.  A mode  where  all  blades  oscillate 
with  the  same  frequency  and  amplitude  in  a 
certain  phase  relationship  to  each  other. 

Normal  mode.  An  oscillation  where  all  masses  of  an 
elastic  system  have  the  same  frequency  and 
constant  phase  relations  to  each  other. 

Oil  scavenge  ratio.  The  ratio  of  the  rate  of  oil  flowing 
out  of  a gear  case  to  the  flow  rate  of  incoming 
oil. 

Operations  research  (OR).  That  branch  of  manage- 
ment science  which  seeks  to  improve  the  plan- 
ning and  operations  of  physical  systems 
through  analysis. 

Overtorque  (condition).  The  transmission  of  torque 
loads  greater  than  the  maximum  allowable 
torque  loads. 

Performance.  A measure  of  how  well  a helicopter  sys- 
tem is  able  to  accomplish  a designated  mission 
profile. 

Pilot-induced  oscillation.  Pilot  involved  self-excited 
oscillations  of  any  type;  for  example,  air  reso- 
nance caused  by  the  pilot  being  in  the  feedback 
loop. 

Pitch  element.  The  instantaneous  line  of  contact  be- 
tween two  mating  gears. 

Power-operated  flight  control  system.  An  irreversible 
system  in  which  the  pilot,  through  a set  of 
mechanical  linkages,  actuates  a power  control 
which  in  turn  moves  a linkage  attached  to  the 
control  horn  of  the  rotor  blade. 

Power  spectral  density.  A frequency  domain  measure 
of  the  probabilistic  structure  of  a stationary 
random  process. 

Precone  angle.  Angle  between  the  span  wise  axis  of  the 
blade  and  the  plane  of  rotation,  built  into  the 
hub,  that  aligns  the  blade  with  the  lesultant  of 
average  lift  and  centrifugal  load. 

Prescribed  Wake-Momentum  Analysis  (PWMA). Theoret- 
ical three-dimensional  rotor  performance  pre- 
diction method.  Uses  the  basic  strip  momentum 
theory  modified  to  include  the  effects  of  the 
near  wake  by  adding  a wake-induced  “inter- 
ference” velocity  to  the  calculated  inflow. 


Pressure  altitude.  The  absolute  altitude  above  mean 
sea  level  in  a standard  atmosphere  at  which  a 
given  pressure  is  to  be  found.  Recorded  by  a 
standard  altimeter  when  its  zero  setting  is  ad- 
justed to  standard  sea  level  pressure  of  29.92 
in.  of  mercury. 

Proportional  control.  A device  that  maintains  a sys- 
tem constant  speed  by  changing  the  speed  con- 
trol input  in  proportion  to  detected  change  in 
the  output  speed. 

Proportional  feedback.  A feedback  signal  directly 
proportional  to  the  output  of  a given  loop  of  a 
dynamic  system. 

Pylon.  Structure,  mounted  on  the  fuselage,  which 
supports  a main  rotor  at  sufficient  height  to 
provide  clearance  over  the  tail  boom,  tail  rotor, 
fuselage,  and  personnel  on  the  ground. 

Quasi-static  aerodynamics.  Contrary  to  unsteady 
aerodynamics,  the  lift  is  assumed  proportional 
to  angle  of  attack. 

Ram  recovery  loss.  That  portion  of  the  inlet  dynamic 
pressure  which  cannot  be  recovered  because  of 
losses  of  energy  due  to  turbulence  and  wall 
friction. 

Range  index  method.  Method  of  determining  range 
capability  of  a helicopter,  based  upon  an  inte- 
gral expression  for  initial  and  final  gross 
weights.  Normally  evaluated  by  numerical  in- 
tegration. 

Rate  feedback.  Feedback  signal  proportional  to  the 
time  rate  of  change  of  the  output  of  a given 
loop  of  a dynamic  system. 

Refraction.  The  bending  of  a light  ray  as  it  passes 
obliquely  from  one  medium  to  another  of  a 
different  density. 

Regressing  mode.  Multiblade  mode  when  the  oscilla- 
tion of  the  Ath  blade  leads  in  phase  by 
2krr/n  as  compared  to  0th  blade. 

Reliability.  A quantitative  expression  of  probability 
that  an  item  or  system  of  items  will  perform  its 
intended  function  for  a specified  duration  un- 
der stated  conditions. 

Reliability  apportionment.  The  process  of  allocating 
quantitative  reliability  goals  to  components  or 
subsystems  of  a system.  The  process  is  used  to 
control  the  attainment  of  the  quantitative  reli- 
ability objective  for  the  total  system  design. 

Replaceable  components.  Components  that  are  inter- 
changeable, except  that  their  installation  re- 
quires use  of  ordinary  hand  tools  to  make-ad- 
justments. 

Rigid  rotor.  A rotor  whose  blades  are  rigidly  attached 
to  a rigid  hub. 
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Rotor  mast.  Drive  shaft  that  imparts  rotation  to  the 
rotor  and  transmits  flight  loads  to  the  air- 
frame. 

Rotor  solidity.  The  ratio  of  the  total  blade  area  of  a 
rotor  to  the  disk  area  swept  by  the  rotor. 

Rotor  speed.  Rate  of  rotation  of  the  rotor  around  its 
axis. 

Ryder  scoring  index.  Result  of  a standard  test  proce- 
dure to  measure  the  load  capability  of  a lubri- 
cant. 

Scavenge  flow.  The  portion  of  airflow  through  an  air 
particle  separator  which  carries  dirt  particles 
overboard. 

Scoring  hazard  rating.  A measure  of  gear  design  qual- 
ity which  expresses  the  tendency  for  an  operat- 
ing gear  set  to  break  down  oil  film  or  otherwise 
wear  excessively  or  destroy  itself. 

Sectionalization.  Those  provisions  in  a helicopter  de- 
sign to  allow  ready  removal  or  reorientation  of 
subsystems — rotor  blades  and  tail  boom — to 
reduce  weight  or  protrusion  and  thus  ease 
transportation  and  storage  and  preclude  han- 
dling damage. 

Seesaw  hinge.  Hinge  in  the  hub  of  a two-bladed  rotor; 
perpendicular  to  rotor  mast  and  lengthwise 
axis  of  the  rotor.  (Also  called  “teetering” 
hinge). 

Service  ceiling.  The  maximum  altitude,  at  a given 
temperature,  at  which  the  aircraft  can  climb  at 
a rate  of  100  fpm. 

Short-period  mode.  Aircraft  free  body  pitching  mode 
with  little  flight  velocity  change. 

Shuffling.  Sometimes  used  for  phenomena  described 
under  air  resonance. 

Single-spool  engine.  A turboshaft  engine  with  the  out- 
put drive  mechanically  connected  to  the  gas 
generator  (also  known  as  fixed  shaft  engine). 

Southwell  diagram.  Method  of  plotting  blade  fre- 
quencies against  rotor  speeds  to  determine 
coincidence  of  exciting  and  resonant  frequen- 
cies. 

Specific  fuel  consumption  (SFC).  The  ratio  of  fuel 
weight  consumed  per  unit  of  time  to  the  deliv- 
ered power  of  the  engine.  For  helicopter  en- 
gines, SFC  is  measured  in  pounds  of  fuel  per 
brake  horsepower  hour;  for  turbojet  engines, 
pounds  of  fuel  per  hour  per  pound  of  thrust. 

Specific  power.  Power  produced  in  the  turbine  cycle 
by  each  pound  per  second  of  airflow.  This  in- 
dex, which  tends  to  establish  the  overall  engine 
volume,  is  a function  of  both  cycle  pressure 
ratio  and  turbine  inlet  temperature. 
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Spectrum  of  flight  (of  loading).  Tabulation  of  time 
spent  in  each  flight  condition  in  an  average 
flight. 

Speed  stability.  A measure  of  helicopter  stability  as 
the  variation  in  the  rate  of  change  of  pitching 
moment  with  speed. 

Spline.  A machine  element  consisting  of  integral  keys 
(spline  teeth)  and  keyways  (spaces)  equally 
spaced  around  a circle  or  circular  segment. 

Stability.  That  quality  of  a helicopter  which  deter- 
mines its  ability  to  return  to  an  established 
flight  condition  following  a disturbance. 

Stability  derivatives.  Those  terms  in  an  equation  of 
motion  which  describe  the  relationship  be- 
tween the  aerodynamic  forces  or  moments  act- 
ing on  a helicopter  and  the  linear  or  angular 
displacements  or  velocities  from  which  they 
result. 

Static  stability.  A measure  of  helicopter  stability  as 
the  variation  in  the  rate  of  change  in  pitching 
moment  with  angle  of  attack. 

Steradian.  The  unit  of  solid  angle  or  the  solid  angle 
that  subtends  a surface  on  a sphere  equivalent 
to  the  square  of  the  radius. 

Subharmonic  mode.  A mode  with  a natural  frequency 
equal  to  a fraction  of  the  rotational  frequency 
(1/2  or  (1/3  . . . etc.  ' 

Supercooled  water.  A condition  in  which,  in  the  ab- 
sence of  a nucleus  for  crystallization,  water 
droplets  can  remain  in  a liquid  state  even 
though  the  temperature  is  below  the  freezing 
point. 

Survivability.  A measure  of  the  degree  to  which  a 
helicopter  system  or  subsystem  can  withstand 
a prescribed  manmade  environment  or  inad- 
vertent operational  accident,  and  still  accom- 
plish a desired  mission. 

Swashplate.  Structural  element  with  a rotating  and  a 
nonrotating  portion  which  transfers  control  in- 
puts to  the  rotating  blades. 

Synchropter.  A helicopter  design  which  uses  two  in- 
termeshing laterally  displaced  rotors. 

System  life  cycle.  A quantitative  estimate,  usually  ex- 
pressed in  years  beyond  the  delivery  of  the  first 
production  unit,  of  the  expected  or  intended 
period  of  operation  of  a helicopter  system. 

Tail  boom.  Structure  that  attaches  longitudinal  con- 
trol and/or  directional  control  surfaces  or  de- 
vices to  the  fuselage,  e.g.,  a tail  rotor  and  its 
mechanical  drive. 

Task  analysis.  An  analytic  process  used  to  determine 
the  human  behavior  requirements  of  a man/- 
machine  system.  The  process  involves  the  de- 


velopment  estimates  of  the  sequential  tasks  re- 
quired of  man  and  machine.  Within  each  task, 
behavior  steps  are  isolated  in  terms  of  percep- 
tions, decisions,  memory  storage,  and  motor 
inpu.s  as  well  as  errors  expected. 

Thermionic  cooling.  A process  by  which  heat  can  be 
transferred  from  one  side  of  a bimetallic  junc- 
tion to  the  other  by  imposing  an  electrical  po- 
tential across  the  junction. 

Thrust.  Resultant  of  airloads  on  a rotor  in  a direction 
perpendicular  to  the  plane  of  rotation. 

Time  between  overhauls  (TBO).  Duration,  usually  ex- 
pressed in  hours  of  operation,  of  a mechanical 
or  other  system  which  defines  when  the  system 
shall  be  overhauled.  Initially  arbitrarily  set, 
the  duration  is  adjusted  based  on  experience. 

Topping.  The  maximum  gas  generator  speed  at  which 
the  engine  is  allowed  to  run. 

l ransfer function.  Ratio  of  output  over  input  in  terms 
of  the  Laplace  operator. 

Trim.  A helicopter  is  “trimmed"  in  steady-state  flight 
when  the  resultant  forces  and  moments  on  the 
helicopter  are  equal  to  zero,  and  the  force  on 
the  pilot’s  controls  is  equal  to  zero. 

Trim  controls.  A system  of  pilot  set  devices  used  to 
stabilize  a helicopter  for  a given  flight  condi- 
tion or  reduce  a pilot’s  workload  by  nulling 
forces  on  primary  contro' 

Underslinging.  Distance  betwet  “etcring  hinge 
or  gimbal  center  of  < mu  be  point  of 

intersection  o'  i \ ngthwist  of  the 

blades. 

Variable  geometry  eng  •!  I ngine  that  < <«.  lia- 

ble stators  in  the  compressor  and/or  variable 
vanes  in  the  turbine  section. 


Vertical  bounce.  Rotor-airframe  self-excited  oscilla- 
tions in  a muitiblade  collective  mode. 

V-ii  diagram.  A plot  of  helicopter  forward  velocity 
Fagainst  normal  load  factor  n.  Generally,  this 
diagram  is  used  to  define  the  regime  of  struc- 
tural adsqt,o<*v  of  t’.ie  design. 

Vortex  ring  stai  ’it'Ou  in  which  rot-  carries 

with  it  a air  rotating  down  thn.  .'.ie 

middle  c - rotor  and  up  on  the  ie, 
becoming  vcry  unstable  after  a short  period 
and  making  the  helicopter  difficult  to  control. 

Vortex  theory.  Basis  for  including  three-dimensional 
considerations  in  rotor  blade  performance  cal- 
culations. Includes  an  analysis  of  the  rotor 
vortex  system  and  the  character  of  the  gene- 
rated wake  structure. 

Wargaming.  A technique  which  predicts  the  proba- 
ble outcome  of  a prescribed  military  conflict  by 
simulating  the  engagement. 

Weaving.  Sometimes  used  for  phenomena  like  those 
described  under  whirl  flutter  (see  Flutter, 
whirl)  when  they  occur  in  helicopter  flight. 

Weight  fraction.  The  ratio  of  the  weight  of  a desig- 
nated helicopter  subsystem  to  the  helicopter 
design  gross  weight. 

Weight  growth  factor.  An  empirically  developed  mul- 
tiplier that  is  used  to  estimate  the  increase  in 
design  gross  weight  that  results  from  an  in- 
crease in  payload  weight. 

Wind  tunnel  wall  corrections.  Corrections  to  be  ap- 
plied to  wind  tunnel  test  results.  For  rotors,  a 
function  of  the  wake  skew  angle  and  the  di- 
mensions of  the  tunnel  test  section  with  respect 
to  the  rotor  diameter. 

Windage.  The  air  movement  caused  by  rotating  ma- 
chinery. 
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AC  — alternating  current 
a.c.  — aerodynamic  center 
ADF  — automatic  direction-finder 
AE  - absorbed  energy 
AFBMA  - Anti-Friction  Bearing 

Manufacturers  Association 
AFCS  - automatic  flight  control  system 
AGARD  - Advisory  Group  for 

Aeronautical  Research  and 
Development 

AGMA  - American  Gear  Manufacturers 
Association 

AH  - attack  helicopter 
AI  — autorotative  index 
AIDS  - Airborne  Integrated  Data 
Systems 

AN  — Air  Force-Navy  Aeronautical 
Standards 

AND  - Air  Force-Navy  Design 
Standards 

APU  — auxiliary  power  unit 
AQS  - Airworthiness  Qualification 
Specification 

ASOAP  - Army  Spectrometric  Oil 
Analysis  Program 
ASE  — automatic  stabilization 
equipment 

aSK.  - automatic  station-keeping 
ASPA  - Armed  Services  Procurement 
Act 

ASPR  - Armed  Services  Procurement 
Regulation 

ASW  — antisubmarine  warfare 
ATF  - automatic  terrain-following 
BIT  - builtin  test 
BPR  — bypass  ratio 
CAS  - calibrated  airspeed 
CDP  - critical  decision  point 
CDRL  - Contract  Data  Requirements 
List 

CER  cost-estimating  relationship 
CEVM  -■  consumtnable  electrode  vacuum 
melt 

cf  constant  frequency 
CFE  contractor-furnished  cquipmcn. 


CF/S  — convertible  fan  shaft 
CG  - center  of  gravity 
CH  - cargo  or  transport  helicopter 
COFC  — container-on-flatcar 
COP  - coefficient  of  performance 
CONUS  - Continental  U.S. 

CP  - center  of  pressure 
CRT  - cathode  ray  tube 
CSD  - constant-speed  drive 
CSM  - controlled-speed  hydraulic- 
motor 

DAVI  - Dynamic  Antiresonant  , 
Vibration  Isolator 
DB  — duplex  "back-to-back" 

DC  - direct  current 
DF  — duplex  “face-to-face" 
dN  - diametef  times  rpm 
DT  - duplex  tandem 
D/T  - diameter-to-torque  ratio 
EARS  - engine  air  particle  separator 
EB  — electron  beam 
ECM  - electronic  countermeasure 
ECS  - environmental  control  system 
EEL  --  equivalent  exposure  level 
EL  - electroluminescent 
EMC  - electromagnetic  compatibility 
EMI  - electromagnetic  interference 
ENCOMS  - Engine  Control  and  Monitor 
Systems 

EPNL  - effective  perceived  noise  levels 
ESEOD  - Equivalent  Sharp  Edge  Orifice 
Diameter 

FARADA  - failure  rate  data 

FMEA  - Failure  Mode  and  F.flect 
Analysts 

FMR.  - Figure  of  Merit  Ratio 
FOD  foreign  object  damage 
FORTRAN  - formula  translation  computer 
language 

OF  growth  factor 
UFAE  Government-furnished  airborne 
equipment 

GIF  Government -furnished 
equipment 

GRP  Generalized  Roioi 
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Performance 

OSH  ~ ground  support  equipment 
HFE  — human  factors  engineering 
HLH  — heavy  lift  helicopter 
HOGH  - hover  out-of-ground  effect 
H-V  - height-velocity 
HV  — heating  value 
IAS  - indicated  airspeed 
ID  - inner  diameter 
IDHP  - Interservice  Data  Exchange 
Program 

IFB  - Invitation  for  Bid 
IFF  - Identification  Friend  or  Foe 
IFR  - instrument  (light  rules 
IGE  - in-ground  effect 
IR  — infrared 

ISO  - International  Organization  for 
Standardization 

IVSI  — instantaneous  vertical  speed 
indicator 

JAN  — Joint  Air  Force-Navy 
Standards 
L/D  - lift/drag 
L/d  — length  to  diameter 
LDP  — landing  decision  point 
LOH  - light  observation  helicopter 
MAC  — Military  Airlift  Command 
MC  — mission  capability 
MGT  — measured  gas  temperature 
MMH/FH  — maintenance  manhours  per 
flight  hour 

MOI  — moment  of  inertia 
MS  — Military  Standard 
— margin  of  safety 
MTBF  - mean-time-between-failures 
MTBMA  — nican-tinic-betwccn-maintenancc 

actions 

MTBR  — mean-time-between-removals 
MTMTS  — Military  Traffic  Management 
and  Terminal  Service 
MTTR  — mean-time-to-repair 
NAS  — National  Aeronautical 
Standards 

NASA  — National  Aeronautical  and 
Space  Administration 
O&M  - operation  and  maintenance 
OD  — outer  diameter 
OEI  — one  engine  inoperative 
OGE  — out-of-ground  effect 
OH  — observation  helicopter 
OR  — operations  research 
OSD  - operational  sequence  diagram 
OWE  - operating  weight  empty 


PCE  - positive  continuous  engagement 
PIDS  - Prime  Item  Development 
Specification 

PIO  - pilot-induced  oscillation 
PIP  - product  improvement  program 
PNI.  - perceived  noise  levels 
POI  - product  of  inertia 
PTO  - power  takeoff 
P-V  - pressure- velocity 
PWMA  — Prescribed  Wake-Momentum 
Analysis 

QAD  - quick  attach-detaeh 
QC  - quality  control 
QEC  - quick  engine  change 
QI  - quantitative  index 
R&D  — research  and  development 
RFP  — Request  for  Proposal 
RFQ  - Request  for  Quotation 
ROC  Required  Operational 
Capability 

R/C  — rate  of  climb 
RH  — relative  humidity 
SAC  — Standard  Aircraft 
Characteristics 

SAE  — Society  of  Automotive 
Engineers 

SAS  - stability  augmentation  system 
SAWE  - Society  of  Aeronautical  Weight 
Engineers 

SDP  — System  Development  Plan 
SFC  — specific  fuel  consumption 
S-N  — failure  load  to  number  of  cycles 
to  failure 

SPS  — secondary  power  system 
SRP  — seat  reference  point 
SSPP  - System  Safety  Program  Plan 
S/V  - Survivability/Vulnerability 
_ TAB  - Technical  Abstract  Bulletin 
TACAN  _ tactical  air  navigation 
TAS  _ true  airspeed 
TBO  _ time  between  overhauls 
TEQ  _ twin-engine  climbout  torque 
TH  _ training  helicopter 
TIT  _ turbine  inlet  temperature 
TOFC  — trailer-on-flatcar 
TOGW  _ takeoff  gross  weight 
TRU  — transformer  rectifier  unit 
TSFC  — thrust  specific  fuel  consumption 
UH  - utility  helicopter 
vf  — variable  frequency 
VFR  — visual  flight  rules 
VOR  — very  high-frequency 
omnidirectional  range 
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V/STOL  - vertieal/short  takeoff  and 
landing 

VTOL  - vertical  takeoff  and  landing 


VWS  — voice  warning  system 
WAT  - weight-altitude  temperature 
WBGT  — Wet  Bulb  Globe  Temperature 
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SPECIFICATIONS,  STANDARDS,  AND  OTHER  GOVERNMENTAL 

DOCUMENTS 


The  listed  Governmental  documents  are  referenced 
in  the  text. 

MILITARY  SPECIFICATIONS 
MIL-P-116,  Preservation.  Methods  of 
MIL-C-501 1,  Charts.  Standard  Aircraft  Characteristics 
and  Performance.  Piloted  Aircraft 
MIL-W-5013,  Wheel  and  Brake  Assemblies;  Aircraft 
MIL-T-5041,  Tires,  Pneumatic,  Aircraft 
MIL-W-5044,  Walkway  Compound,  Nonslip,  and 
Walkway  Matting,  Nonslip 

MIL-W-5050,  Walkway,  Coating  and  Matting,  Non- 
slip, Aircraft,  Application  of 
MIL-M-50%,  Manual,  Technical,  Inspection  and 
Maintenance  Requirements.  Work  Cards.  In- 
spection and  Lubrication  Requirements. 
Manual,  Technical,  Acceptance  and  Functional 
Check  Flight 

MIL-E-5272,  Environmental  Testing,  Aeronautical  and 
Associated  Equipment,  General  Specification 
for 

MIL-E-5400,  Electronic  Equipment.  Airborne.  Genera! 
Specif  cation  for 

MIL-H-5440,  Hydraulic  Systems,  Aircraft  Types  I and 
II  Design.  Installation  and  Data  Requirements 
for 

MIL-A-5498,  Accumulators,  Aircraft  Hydropneumatic 
Pressure 

MIL-C-5503,  Cylinders:  Aeronautical,  Hydraulic  Ac- 
tuating General  Requirements  for 
MIL-F-5504,  Filters  and  Filter  Elements  Fluid  Pres- 
sure, Hydraulic  Micronic  Type 
MIL-F-5509,  Fittings.  Flared  Tube,  Fluid  Connection 
MIL-G-5514,  Gland  Design;  Packings.  Hydraulic,  Gen- 
eral Requirements  for 

MIL-P-5518,  Pneumatic  System;  Aircraft,  Design,  In- 
stallation and  Data  Requirements 
MIL-R-552Q,  Reservoirs:  Aircraft  Hydraulic.  Nan- 
separated  Type 

MIL-W-5521,  Washer,  Aircraft  Hydraulic  Packing. 
Back-up 

MIL-T-5578,  Tank,  Fuel,  Aircraft,  Self-seating 
MIL-H-5606,  Hydraulic  Fluid.  Petroleum  Rase.  Air- 
craft, Missile,  and  Ordnance 
MII.-'I-5624,  Turbine  Fuel,  Aviation,  Grades  JP-4  and 
J P-5 


MIL-P-5954,  Pump  Unit,  Hydraulic,  Electric  Motor- 
driven  Fixed  Displacement 

MIL-T-5955,  Transmission  Systems,  VTOL-STOL, 
General  Requirements  for 

MIL-P-5994,  Pump,  Hydraulic,  Electric  Motor-driven. 
Variable  Delivery 

MIL-E-6051,  Electromagnetic  Compatibility  Require- 
ments, Systems 

MIL-G-6162,  Generators,  30-volt,  Direct  Current,  Air- 
craft Engine-driven,  General  Specification  for 
MIL-T-6396,  Tank,  Fuel,  Oil,  Water-alcohol,  Coolant 
Fluid,  Aircraft,  Non-self-sealing,  Removable, 
Internal 

MIL-G-6641,  Gearbox,  Aircraft  Accessory  Drive,  Gen- 
eral Specification  for 

MIL-T-6845,  Tubing,  Steel.  Corrosion-resistant  (304), 
Aerospace  Vehicle  Hydraulic  System,  1/8  Hard 
Condition 

MTL-E-7016,  Electrical  Load  and  Power  Source 
Capacity.  Aircraft,  Analysis  of 
MIL-T-7081,  Tube.  Aluminum  Alloy.  Seamless, 
Round,  Drawn,  6061  Aircraft  Hydraulic 
Quality 

MIL-F-7092,  Fittings.  Cargo  Tiedown,  Aircraft 
MIL-T-7378,  Tank.  Fuel.  Aircraft,  External.  Auxiliary. 
Removable 

MIL-S-7471,  Shaft,  Power  Transmission.  Aircraft. 
Model  Specification  for.  Outline  and  Instruc- 
tions for.  Preparation  of 
MIL-M-7700,  Manual,  Flight 
MIL-L-7808,  Lubricating  OH,  Aircraft  Turbine  Engine 
Synthetic  Base 

MIL-P-7858,  Pump,  Hydraulic,  Power-driven.  Fixed 
Displacement 

MIL-F-7K72,  Fire  and  Overheat  Warning  Systems, 
Continuous,  Aircraft,  Test  and  Inst, illation  of 
MIL-H-X50I,  Heliocpter  Flying  and  Ground  Handling 
Qualities,  General  Requirements  for 
MIL-T-X504,  Tubing.  Steel.  Corrosion-resistant  (304). 
Aerospace  Vehicle  Hydraulic  Systems.  An- 
nealed. Seamless  and  Welded 
MIL-P-8564,  Pneumatic  System  Components, 
Aeronautical.  Genera!  Specifications  for 
M1L-B-X5X4,  Brake  Systems,  Wheel,  Aircraft,  Design 
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MIL-A-8591,  Airborne  Stores  and  Associated  Suspen- 
sion Equipment,  General  Criteria  for 
MIL-E-8593,  Engine,  Aircraft,  Turboprop,  General 
Specification  for 

MIL-F-8615,  Fuel  System  Components,  General 
Specifications  for 

MIL-T-8679,  Test  Requirements,  Ground,  Helicopter 
MIL-P-8686,  Power  Units;  Aircraft  Auxiliary,  Gas-tur- 
bine Type,  General  Specification  for 
MIL-S-8698,  Structural  Design  Requirements, 
Helicopters 

MIL-H-8775,  Hydraulic  Systems  Components,  Aircraft 
and  Missiles,  General  Specification  for 
MIL-F-8785,  Flying  Qualities  of  Piloted  Airplanes 
MIL-H-8790,  Hose  Assemblies,  Rubber,  Hydraulic, 
High  Pressure  (3000  psi) 

MIL-H-8795,  Hose  Assemblies,  Rubber,  Hydraulic, 
Fuel-  and  Oil-resistant 

MIL-A-8806,  Acoustical  Noise  Level  in  Aircraft.  Gen- 
eral Specification  for 

MIL-V-8813,  Valves;  Aircraft,  Hydraulic  Pressure  Re- 
lief, Type  II  Systems 

MIL-F-8815,  Filter  and  Filter  Elements,  Fluid  Pres- 
sure, Hydraulic  Line,  15  Micron  Absolute,  Type 
II  Systems 

MIL-A-8860,  Airplane  Strength  and  Rigidity,  General 
Specification  for 

MIL-A-8861 , Airplane  Strength  and  Rigidity,  Flight 
Loads 

MIL-A-8862.  Airplane  Strength  and  Rigidity,  Land- 
plane  Landing  and  Ground  Handling  Loads 
MIL-A-8865.  Airplane  Strength  and  Rigidity,  Miscella- 
neous Loads 

MIL-A-8866,  Airplane  Strength  and  Rigidity,  Reliabil- 
ity Requirements,  Repeated  Loads,  and 
Fatigue 

MIL-A-8870.  Ai. plane  Strength  and  Rigidity  Vibration, 
Flutter,  and  Divergence 

MIL-H-8K41,  Hydraulic  Systems,  Manned  Flight  Vehi- 
cles, Type  III,  Design.  Installation  and  Data 
Requ  ire  men  ts  for 

MIL-A-8897,  Accumulators.  Hydraulic,  Cylindrical, 
3.  (XX)  psi  Aircraft  Type  II  System 
MIL-R-X931.  Reservoirs,  Aircraft  and  Missile.  Hydrau- 
lic, Separated  Type 

MIL-F-9490,  Flight  Control  Systems — Design  Installa- 
tion and  Test  of.  Piloted  Aircraft,  Genera!  Spec- 
ification for 

VUI.-D-I7984,  Data  Presentation  Requirements.  In- 
stalled Engine  Performance  and  Hr  Induction 
System 


MIL-C-18244,  Control  and  Stabilization  Systems,  Auto- 
matic Piloted  Aircraft.  General  Specification 
for 

MIL-F- 18280,  Fittings,  Flareless  Tube.  Fluid 
Connection 

MIL-H- 18325,  Heating  and  Ventilating  Systems.  Air- 
craft, General  Specification  for 
MII.-F-18372,  Flight  Control  Systems 
MIL-T-18847,  Tank,  Fuel,  Aircraft,  Auxiliary  Exter- 
nal, Design  and  Installation 
M1L-E-19600,  Electronic  Modules,  Genera!  Aircraft 
Requirements  for 

M1L-P- 19692,  Pumps,  Hydraulic,  Variable  Delivery. 
General  Specification  for 

MIL-O-19838,  Oil  Systems,  Aircraft,  Installation  and 
Test  of 

MIL-G-21480,  Generator  System,  Single  Generator. 
Constant  Frequency  Alternating  Current,  Air- 
craft, Class  C,  General  Specification  for 
MIL-P-22203,  Performance  Data  Report  for  Standard 
Aircraft  Characteristics  Charts  for  Piloted 
Aircraft 

MIL-F-23447,  Fire  Warning  Systems,  Aircraft  Radia- 
tion Sensing  Type,  Test  and  Installation  of 
MIL-L-23699,  Lubricating  Oil,  Aircraft  Turbine  En- 
gines, Synthetic  Base 

M1L-W-25140,  Weight  and  Balance  Control  Data  (For 
Airplanes  and  Rotorcraft) 

M1L-L-25467,  Lighting,  Integral,  Aircraft  Instrument. 
General  Specification  for 

MIL-H-25579,  Hose  Assembly,  Tetrafiuorocthy/ene. 

High  Temperature.  Power  Plant,  Aircraft 
MIL-V-25675,  Valves,  Check.  Miniature,  Hydraulic. 
Aircraft  and  Missile 

MILP-25732,  Packing,  Preformed.  Petroleum  Hy- 
draulic Fluid  Resistant  2 7S F 
MIL-T-27422,  Tank.  Fuel.  Crash-resistant,  Aircraft 
M1L-D-27729,  Detecting  System.  Flame — Smoke.  4ir- 
craft  and  Aerospace  l 'chicles.  General  Perform- 
ance, Installation  and  Test  of 
MIL-H-38360,  Hose  Assembly.  Tetrufiuorocthy/enc. 
High  Temperature.  High  Pressure.  Hydraulic 
and  Pneumatic  Cap.  Fluid  Tank  Filler 
MI1.-F-383G3.  Fuel  Systems.  Aircraft.  Design.  Perform- 
ance. Installation.  Testing,  and  Data  Require- 
ments. General  Specification  for 
Mil  - S-3S399,  Starter.  Pneumatic.  Aircraft  Engine. 
General  Speei/ieotn  ui  for 

Mil  -1  -38453.  F.n  vironmental  Control.  Environmental 
Protection  and  Engine  Bleed  hr  Se\tem\.  4 c 
craft  and  tne’ufi  l aunehed  \h\\de\.  Genera! 
Speed  tea  t ton  tor 
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MlL-H-46855,  Human  Engineering  Requirements  Jar 
Military  Systems,  Equipment  and  Facilities 
MIL-S-58095,  Seat  System.  Crashworthy.  Sonejection. 

Aircrew,  General  Specijication  J'or 
MIL-T-81259,  Tie~downs,  Airframe  Design.  Require- 
ments Jar 

MILITARY  STANDARDS 

MIL-STD-209,  Stinging  Eyes  and  Attachments  for  Lift- 
ing and  Tying  Down  Heavy  Military 
Equipment 

MIL-STD-2t0,  Climatic  Extremes  for  Military 
Equipment 

MIL-STD-250,  Aircrew  Station  Controls  and  Displays 
for  Rotary  Wing  Aircraft 

MIL-STD-454,  Standard  General  Requirements  for 
Electronic  Equipment 

MIL-STD-470,  Maintainability  Program  Requirements 
(For  Systems  and  Equipments) 

MIL-STD-471,  Maintainability  Demonstration 
MIL-STD-473,  Maintainability  Verification/ Demon- 
stration Evaluation  for  Aeronautical  Systems 
MIL-STD-704,  Electrical  Power,  Aircraft,  Characteris- 
tics and  Utilization  of 

MIL-STD-721,  Definitions  of  Effectiveness  Terms  for 
Reliability,  Maintainability,  Human  Factors, 
and  Safety 

MIL-STD-785,  Reliability  Program  for  Systems  and 
Equipment  Development  and  Production 
MIL-STD-800,  Procedure  for  Carbon  Monoxide  Detec- 
tion and  Control  in  Aircraft 
MIL-STD-8 10,  Environmental  Test  Methods  for  Aero- 
space and  Ground  Equipment 
MIL-STD-850,  Aircrew  Station  Vision  Requirements 
for  Military  Aircraft 

MIL-STD-882,  System  Safety  Program  J'or  Systems  and 
Associated  Subsystems  and  Equipment:  Re- 
quirements for 

MIL-STD-1306,  Ftueric  Terminology  and  Symbols 
MIL-STD-1333,  Aircrew  Station  Geometry  for  Military 
Aircraft 

MIL-STD-1374,  Weight  and  Balance  Data  Reporting 
Forms  for  Aircraft  (Including  Rotorcraft) 
MIL-STD-1472,  Human  Engineering  Design  Criteria 
for  Military  Systems,  Equipment  and 
Facilities 

MS  3325,  Design  Standard  for  2.653  Be  Square  Drive 
Pad  — Accessory 

MS  3326,  Design  Standard  for  5.000  Be  Square  Drive 
Pad  — Accessory 

MS  3327,  Design  Standard  for  5.000  Be  Round  Drive 
Pad  — Accessory 

MS  3328,  Design  Standard  for  8.000  Be  Round  Drive 
Pad  — Accessory 


MS  3329,  Design  Standard  J'or  10,00  Be  Round  Drive 
Pad  — Accessory 

MS  28773,  Retainer,  Packing  Backup,  I etrafluoro- 
ethylene.  Straight  Thread  Tube  Fitting  Boss 
MS  28775,  Packing,  Preformed,  Hydraulic,  Plus  275 
Deg  F,  (O  Ring) 

MS  28778,  Packing,  Preformed,  Straight  Thread  Tube 
Fitting  Boss 

MS  33566,  Fitting,  Installation  of  Flareless  Tube, 
Straight-threaded  Connector 
MS  33575,  Dimension,  Basic,  Cockpit,  Helicopter 
MS  33620,  Chart,  Hose  Selection 
MS  33649,  Bosses,  Fluid  Connection  — Internal 
Straight  Thread 
MILITARY  HANDBOOKS 

MIL-HDBK-5,  Metallic  Materials  and  Elements  for 
Aerospace  Vehicle  Structures 
MIL-HDBK-17,  Plastics  for  Flight  Vehicles 
MIL-HDBK-23,  Composite  Construction  for  Flight 
Vehicle 

MIL-HDBK-217,  Reliability  Stress  and  Failure  Rate 
Data  for  Electronic  Equipment 
MIL-HDBK-300,  Technical  Information  File  of  Aeros- 
pace Ground  Equipment 
AMCP's 

AMCP  706-127,  Engineering  Design  Handbook,  Infra- 
red Military  Systems,  Part  One 
AMCP  706-i28(S),  Engineering  Design  Handbook,  In- 
frared Military  Systems,  Part  Two  (U) 

AMCP  706-130,  Engineering  Design  Handbook,  De- 
sign for  Air  Transport  and  Airdrop  of 
Materiel 

AMCP  706-134,  Engineering  Design  Handbook, 
Maintainability  Guide  for  Design 
AMCP  706-136,  Engineering  Design  Handbook,  Ser- 
vomechanisms, Section  /,  Theory 
AMCP  706-191,  Engineering  Design  Handbook,  Sys- 
tem Analysis  and  Cost-Effectiveness 
AMCP  706-202,  Engineering  Design  Handbook,  Heli- 
copter Engineering — Part  Two,  Detail  Design 
AMCP  706-203,  Engineering  Design  Handbook,  Heli- 
copter Engineering — Part  Three,  Qualification 
Assurance 

AMCP  706-285,  Engineering  Design  Handbook,  Ele- 
ments of  Aircraft  and  Missile  Propulsion 
AMCP  715-3,  Proposal  Evaluation  and  Source 
Selection 

MISCELLANEOUS 

FAR  Part  21,  Certification  Procedures  for  Products  and 
Parts 

FAR  Part  25,  Airworthiness  Standards  Transport  Cate- 
gory Airplanes 


M-3 


AMCP  706-201 


FAR  Part  27.  Airworthiness  Standards:  Xormal  Cate- 
gory RotorcraJ't 

FAR  Part  29.  Airworthiness  Standards:  Transport  Cate- 
gory Retorcraft 

FAR  Part  133.  Rotorctaft  External  Load  Operation 

AR  70-38.  Research  Development . Test,  and  Evalua- 
tion of  Materiel  for  Extreme  Climatic 
Conditions 

AR  70*39,  Research  and  Development  Criteria  for  Air 
Transport  and  Airdrop  of  Materiel 

AR  95-1,  Army  Aviation.  General  Provisions , and 
Flight  Regulations  for  Army  Aircraft 

AR  70f  *8,  Engineering  for  1 ransportabllity  Program 

AR  705-50,  Army  Materiel  Reliability  and 
Maintainability 

AMS  6260,  Steel  Bars,  Forging,  and  Tubing  (SAE 
9310) 

AMS  6263,  Steel  Bars,  Forging,  and  Tubing  (SAE 
9315) 

AMS  6265,  Steel  Bars,  Forging,  and  Tubing  (SAE 
9310),  Premium  Quality.  Consummate,  Elec- 
trode Vacuum  Melted 

AMS  6415,  Steel  Bars,  Forging  and  Tubing  (SAE 
4340) 

AMS  6440,  Steel  Bars,  Wire,  and  Forgings 

AMS  6444,  Steel  Bars,  Forgings,  and  Mechanical  Tub- 
ing, Premium  Bearing  Quality,  Consumable 
Electrode  Vacuum  Melted 

AMS  6490,  Steel  Bars,  Forgings,  and  Mechanical  Tub- 


ing. Bearing  Quality.  Consumable  Vacuum 
Melted 

AN  6227,  Packing.  O Ring  Hydraulic 
AN  6289.  Sut — Flu  red  Tube  Universal  Fitting 
AN  7516,  Fitting.  Cargo  Airplane  Tie  Down 
AND  10050,  Bosses,  Standard  Dimensions  for  Gasket 
Seal.  Straight  Thread 

AND  10064,  Fitting — Installation  of  Flared  Tube, 
Straight  Threaded  Connectors 
AND  10230.  Reference  Chart  Aircraft  Engine  Acces- 
sory Drives 

DA  TB  55-100,  Transportability  Criteria,  Shock  and 
Vibration 

FAA  ADS-53,  Development  of  a Power-Spectral  Gust 
Design  Procedure  for  Civil  Aircraft 
SD-24,  Design  and  Construction  of  Rotary  Wing  Air- 
craft Weapon  Systems,  General  Specification 
for 

TB-MED-175,  Etiology,  Prevention,  Diagnosis,  and 
Treatment  of  Adverse  Effects  of  Heat 
TM  55-650,  Highway  Transportability  Criteria  for  the 
U.S. 

USAF  SB  No.  526,  Contaminants.  Cabin  Air,  Maxi- 
mum Allowable  Concentration  of 
USAAVSCOM  ADS-10,  Air  Vehicle  Technical  De- 
scription Data,  September  1972. 
USAAVSCOM  ADS-11,  Survivability/Vulnerability 
Program,  September  1972. 
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A-scale  reading.  13-28 
AC  generator.  9-10 
AC  systems.  9-6 
Accelerated  flight. 

power  required  in.  3-161 
Acceleration.  3-140 
Acceleration  capability, 
normal.  3-161 
Accelerometer.  6-78 
Access  doors.  1 1-7 
Access  openings,  4-47 
Accessibility,  11-6,  11-10 
Accessories,  7-4,  7-55,  8-20,  8-27 
bleed-air-driven,  8-21 
mechanically  driven,  8-21 
redundancy  requirements,  8-22 
remote  mounting,  8-22 
Accessory  drive  pad,  7-56 
Accessory  drive  pads,  7-56 
Accessory  drives,  7-55 
Accumulator,  9-22 

diaphragm-type,  9-30 
piston-type,  9-30 
Accumulators,  9-27,  9-28 
bag-type,  9-29 

Acoustic  detection  analysis,  14-8 

Acoustical  concepts,  13-27 

Actuators,  9-25 

Acutating  cylinders,  9-27 

Additives,  7-75 

Adiabatic  flow,  9-45 

Aerodynamic  excitation,  4-123 

Aerodynamic  requirements,  13-2 

Aerodynamics,  3-2 

Aerospace  Gearing  Committee,  4-73 

AGARD,  6-26 

AGMA,  4-73,  7-20,  7-78 

AIDS  capabilities,  11-8 

Air  and  power  extraction,  8-22 

Air  bleed,  9-24 

Air-cycle  systems,  9-64 

Air  entrainment,  9-24 

Air  Force-Navy  Aeronautical  Design  Standard 
(AND),  7-56 

Air  induction  anti-ice,  8-25 

Air  induction  system  anti-icing.  8-12 

Air  induction  system  inlet  location,  8-6 


Air  induction  system  pressure  losses.  8-6 
Air  outlets.  9-62 
Air  resonance.  5-19 
Air  turbine  system,  9-6 

Airborne  Integrated  Data  Systems  (AIDS),  11-8 
Airborne  monitoring  systems,  1 1-8 
Aircraft  life.  4-6 
Airflow.  4-50 

Airfoil  characteristics.  4-52 
Airfoil  sections.  14-3 
Airfoils. 

symmetrical.  4-59 
Airframe  modification,  5-9 
Airspeed, 

"red-line",  4-2 
Airspeed-altitude, 
definitions,  3-146 
Airspeed-altitude  limits,  3-146 
Airspeed  system.  3-167 
Aii  worthiness  qualification  specification.  14-3 
Alarm  system,  3-153 
Alignment,  1 1-4 
"All-weather"  operation,  6-28 
Allowable  temperatures.  9-59 
Altitude,  3-146 

Altitude  dependence  of  power  output.  3-93 

Altitude-select  modes,  6-80 

AMCP  706-127,  8-16 

AMCP  706-127  and  -128(S),  8-14 

AMCP  706- 1 28(S),  8-16 

AMCP  706-130,  13-5 

AMCP  706-134,  12-1 

AMCP  706-136,  2-6,  2-8 

AMCP  706-191,  2-1,  12-7 

AMCP  706-201,  12-16 

AMCP  706-202,  3-72,  4-47,  6-27,  7-78.  9-21.  9-52. 
12-16,  14-4 

AMCP  706-203,  3-155,  4-41.  4-125.  4-131.  4-133. 
7-58,  8-16,  9-2,  11-2,  12-9.  12-16,  14-1,  14-3. 
14-8,  14-9 

AMCP  706-285.  3-43,  3-45,  3-46.  3-88 
AMCP  715-3,  14-1 

American  Gear  Manufacturers  Association 
(AGMA),  7-18 
Amplitudes,  5-3 
AMS-6260,  7-73 
AMS-6263,  7-73 
AMS-6265,  7-73 
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AMS-6415,  7-73 
AMS  6440,  7-3 
AMS  6444,  7-3 
AMS  6490,  7-' 

Analysis,  4-86 

partial  system,  5-35 
total  system,  5-35 
Analytical  methods,  3-2 
AND  10050,  9-32 
AND  10064,  9-32 
AND  10230,  8-21 
Angle  of  contact,  7-16 
Annular  space,  7-73 
Antecedent  requirements,  12-10 
Anthropometries,  13-12 
Anticycling  protection,  9-16 
Antirotation,  7-38 
Antitorque  power  required,  8-26 
Antitorque  rotor  drive  shaft,  7-64 
Antitorque  rotor  transmission,  7-46 
Aperiodic  divergences,  5-18 
Application,  12-10 
Apportionment,  12-9,  12-10,  12-12 
Apportionment  activity  sequence,  12-12 
Apportionment  techniques,  12-12 
Apportionment/prediction,  12-14 
Approach,  3-144 
APU,  9-62 

compressed  air  bleed  combined  with  combustion 
products,  8-34 
compressed  air  power,  8-34 
shaft  power,  8-33 

APU  combination  energy  transfer,  8-35 

APU  direct  drive  energy  transfer,  8-35 

APU  electrical  energy  transfer,  8-35 

APU  hydraulic  energy  transfer,  8-35 

APU  performance,  8-36 

APU  pneumatic  energy  transfer,  8-35 

APU  space  optimization,  8-35 

APU  trade-off  considerations,  8-34 

APU  weight  optimization,  8-35 

APU/helicopter  interface  considerations,  8-36 

AR  70-38,  9-59 

AR  70-39,  13-5 

AR  705-50,  12-2 

AR  705-8,  13-4,  13-5 

A R 95-1,  6-28,  13-32 

Armament  system  report,  14-7 

Armor,  7-56,  14-8 

Armor  protection.  9-37 

Arms  1 ransportaiion  l,nf*UM‘'-rmp  Agency,  13-5 


Articulated  rotor,  3-66,  8-37 
ASE, 

automatic  hover,  6-83 
automatic  navigation,  6-81 
automatic  terrain-following,  6-84 
automatic  transition,  6-83 
pilot-assist  modes,  6-75 
ASE  altitude-hold  and  altitude-select,  6-79 
ASE  attitude-hold,  6-75 
ASE  automatic  turn  coordination,  6-78 
ASE  control  stick  maneuvering,  6-77 
ASE  guidance  modes,  6-81 
ASE  hardover  failures,  6-85 
ASE  heading-hold/select  mode,  6-76 
ASE  passive  failures,  6-85 
ASE  velocity  vector  control,  6-80 
ASPR  3501,  14-1 

Assessment,  12-9,  12-10,  12-12,  12-14 

Assessment  activity  sequence,  12-13 

Assessment  techniques,  12-12 

Assistance,  13-5 

Associated  matrices.  5-9 

Asymmetrical  flight.  4-14 

Asymmetrical  landings,  4-22 

Atmospheric  contaminants,  13-32 

Attitude,  3-151 

Audiometer,  13-28 

Augmentation  systems,  3-87 

Autogyro,  3-1 

Autokinetic  effect,  13-16 

Automatic  coupling,  6-82 

Automatic  flight  control  systems,  6-61 

Automatic  stabilization  equipment.  6-75 

Automatic  stabilization  equipment  (ASE),  6-73 

Automatic  stabilization  equipment  failures,  6-85 

Automatic  stationkeeping,  6-84 

Automatic  test  equipment,  11-6 

Autorotation.  3-165 

basic  mechanism  of,  3-151 
entry  into,  3-152 
forward  flight,  3-154 
rate  of  descent  in.  3-154 
vertical,  3-153,  3-154 
Autorotational  capability  indices,  4-28 
Autorotational  characteristics.  3-151 
Autorotational  dive  speed.  4-2 
Autorotational  landings.  4-17 
Autorotalivc  index  .4/,  3-165 
Auxiliary  fuel  tanks,  3-120 
Auxiliary  power  unit.  7-56 
Auxiliary  power  unit  (APU),  8-3,  9-13 
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Auxiliary  power  unit  (APU)  installations,  3-33 
Auxiliary  power  units,  9-34,  11-10 
Auxiliary  propulsion, 

turbofan  and  turbojet,  3-86 
Availability,  2-5,  12-1,  12-15 

complexity,  and  reliability,  12-1 
Available  rate  response,  6-61 
Avionic  cooling,  9-63 
Axes, 

body,  6-2 
choice  of,  6-2 
gravity,  6-2 
stability,  6-2 
Axial  flow,  5-27 
Axial  plane,  7-16 
Axis  systems,  6-1 

B 

Backup  rings,  9-31 
Baffles,  13-29 
Balance, 

dynamic,  5-36.  5-38 
static,  5-36 

Balance  weight  attachments,  5-38 
Balance  weights,  5-38,  7-61 
Ball  bearing,  7-25 
Ball  joint  bearing,  7-83 
Ball  spline,  7-69 
Band  pass  filtering,  7-59 
Barometric  altitude-hold,  6-79 
Barrelling,  7-84 

Barrier  filter  (porous  media),  8-8 

Base  circles,  7-17 

Base  procedure  CDP.  3-170 

Basic  stability  and  stabilization  systems,  6-6 

Batteries,  8-31 

Battery,  9-13.  9-|9 

Ream  deflection,  4-87 

Bearing. 

ball/roller,  7-25 
cylindrical  roller,  7-23 
double  row  spherical.  7-30 
double  row  thrust,  7-26 
preloaded,  7-28 
spherical-ended,  7-28 
support  roller,  7-2S 
Bearing  cages,  7-38 
Bearing  installations,  7-25 
Bearing  life.  4-68 
Bearing  loads.  7 47 
Bearing  stillness.  7-os 


Bearing  stress,  7-78,  7-80 
Bearing  support,  7-68 
Bearings.  4-72,  7-3,  7-12,  7-24,  7-65 
accessory,  7-25 
angular  contact,  7-26,  7-30 
antifriction,  7-22 
back-to-back,  7-26 
Conrad,  7-25 
duplex  ball,  7-26 
face-to-face,  7-26 
oscillating,  7-31 
plate  thrust,  7-26 
preloaded,  7-23 
race-to-shaft,  7-28 
resilient  laminated,  7-32 
restraining,  7-9 
roller-roller,  7-26 
special  purpose,  7-26 
supporting,  7-28 
thrust,  7-9 
Beeper  control,  6-78 
Bell  stabilizer  bar,  6-14 
Belt  drives,  7-85 
Bending  frequencies,  7-87 
Bending  modes,  7-87 
Bending  stresses,  4-60 
Bennett,  3-1 

Berne  International  Clearance  Diagram,  13-11 
Best-range  speed,  3-117 
Bifilar  absorber,  5-14 
Bifilar  pendulum  absorber,  7-88 
‘ Birth"  failures,  12-7 
Blade  element  theory.  3-4,  3-19,  3-72 
graphical  method-NASA  charts,  3-21 
iterative  procedure,  3-20 
numerical  methods.  3-21 
Blade  flutter,  5-18 
Blade  folding.  7-45 
Blade  stall.  3-20.  3-148,  4-88 
Blade  twist.  3-30.  4-49 
Blast  overpressures.  4-42 
Bleed  air  healing.  *MO.  9-03 
Bleed  air  penally.  9-4 
Bleeding.  9-29 
Blow  by.  9-31 
Blowers.  9-6’. 

Body  dimensions.  I M2 
Body  heal  vonieni.  1 ’>  >0 
Boolean  logic.  12  12 
Boolean  li  mil  tables.  1 ' ! ! 
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Bootstrap  cycle.  4-64 
Bootstrap  reservoir.  9-24 
8oresighting.  4-124 
Broke  valves.  4-27 
Brakes.  7-64 

Braking  conditions,  4-33 

Branch  circuits,  4-38 

Bray  ton  cycle.  3-52 

Breakout  force,  (>-54 

Breakout  forces,  6-56 

Breyuet  endurance  equation.  3-127 

Brcruet  range  equation,  3-123,  4-5 

Brushless  DC  starter-generators,  4-6 

Buckling,  4-61,  4-1 10 

Built m test  (BIT),  1 1-10 

Builtin  aids,  1 1-7 

Builtin  inspection  aids,  11-10 

Builtin  test,  1 1-3 

Bulk  moduius,  4-42 

Bundled  conductors,  4-2<_ 

Bureau  of  Weapons  Failure  Rate  Data  Program 
(FAR  ADA),  12-5 
Bus  fault  protection,  4-17 
Bus  faults,  4-17 
Bus  system,  4- 18 
Bus  voltage,  4-15 
Bypass  ratio,  3-87 

C 

Cabin  wall  construction,  13-24 
Cage  plate,  7-12 
Calibration,  11-4 
Camouflage,  2-10 
Canopy  enclosures,  13-26 
Cargo  vehicles,  13-10 
Carrier,  7-12 

Cartridge-boosted  electrical  ...arting  systems,  8-33 
Cathode  Ray  Tube  (CRT),  13-17 
Cavitation,  4-29,  9-36 
Ceilings, 

service  and  combat,  3-133 
Center  of  gravity  envelope.  10-4 
Center  ol  gravity  (rave1,  6-21 
Centra!  Miration  9-23 

Centra!  hydraulic  systems  vs  remotely  located 
packaged  hydraulic  systems,  9-22 
Centofugal  forces,  7-62 
Centrifugal  (Inertial)  s n irator,  8-10 
Centrifugal  stresses,  4-60 
CHR  derivation,  2-18 
CPR  display  formats.  2-17 


CP.Rs, 

use  of,  2- 1 8 

CP’  AC  system  with  onboard  ARC.  9-13 
CG. 

single-rotor  helicopters.  6-21 
tandem-rotor  helicopters.  6-23 
Chance  failures,  12-7 
Check  valve,  9-32 
Check  valves.  9-27,  9-37 
Chip  detection,  7-58 
Churning.  7-43,  7-48 
Ciena.  3-1 
Cit  stiil  breakers,  9-6 
C'earance,  6-21 
Climb,  3-14! 

forward,  3-130 

time,  fuel,  and  distance  required  to.  3-133 
vertical,  3-133 
Climb  angle,  3-131 
Climb  efficiency,  3-130 
Climb  to  cruise  altitude,  3-111 
Climb  velocity,  3-131 
Clothing, 

protective,  13-30 
Clutch,  7-45 

cam-roller.  7-2 
freewheeling,  7-70 
overrunning,  7-69 
roller,  7-77 
sprag,  7-2 

sprag  overrunning.  7-69 
Clutch  drive  mode  loads,  4-70 
Clutch  free-wheel  mode  loads,  4-71 
Clutch  races, 

overrunning,  7-72 
Clutches,  7-2,  7-69 
Coated  assembly,  11-4 
Coefficient  of  performance,  9-65 
Coleman  theory.  5-15 
Collapse  pressure,  9-31 
Collective  control,  4-76,  6-26 
Collective  pitch  signal.  8-40 
Combination  heaters,  9-62 
Combustion  heaters,  9-63 
Combustor,  3-46 
Common  problems,  ' 38 

Compatib  My  between  the  drive  system  and  the 
engine  and  engine  con* rol  system,  5-46 
Competitions  14-1 
Complexity.  12  2 
Component  development,  12-2 
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Component  failure  modes.  0-35 
Compound  configurations.  3-26 
Compound  helicopter.  3-1.  4-4.  4-5 
autorotation.  3-33 
rotor.  3-29 

Compound  helicopter  performance.  3-32 
Compound  helicopters.  4-6.  6-60 
auxiliary  propulsion,  3-30 
directional  control.  3-30 
preliminary  design  considerations.  3-27 
selection  of  configuration  parameters.  3-28 
torque  balancing,  3-30 
wing,  3-28 

Compressor,  3-45,  9-42,  9-56 
Compressor  bleed,  9-55 
Computer  simulation  models,  2-12 
Computer  simulations,  14-4 
Concentrated  masses,  7-67 
Condensation,  9-61 
Conditions, 

landing,  4-17 

Configuration  and  arrangement,  13-1 
Configuration  restraints,  13-1 
Configuration  selection,  3-101 
Configurations, 
feasible,  3-101 
minimum  cost,  3-104 

minimum  weight  and  minimum  size,  3-104 
Coning  angle,  3-68,  4-62 
Connections,  14-5 
Connectors, 

brazed  and  welded,  9-26 
permanent,  9-26 
Conservative  design,  12-2 
Constant-frequency  AC  system,  9-10 
Constant  hazard,  12-8 
Constant-speed  drive  system,  9-6 
Contactor,  9-14 
Contamination,  9-55 
Continuous  wire  detection  systems,  8-29 
Contract  Data  Requirements  List  (CDRL),  14-1 
Contrast  ratio,  13-14 
Control,  6-1 
lateral,  3-61 
longitudinal,  3-61 
pitch  and  roll,  6-35 
vertical,  3-61 
yaw,  6-38 

yaw  or  duectioral,  3-61 
Controi  characteristics, 
determination  of,  6-35 


Control  feel,  6-54 
Control  force  sensitivity,  6-57 
Control  forces,  6-56 
Control  free-play,  6-58 
Control  harmony,  6-58 
Control  input,  6-11 
Control  inputs,  4-49 
Control  kinematics.  14-4 
Control  linkage,  6-58 
Control  loads,  3-148 
Control  margin,  3-150 
Control  motion,  6-34 
Control  position. 

physical  phenomena  involved,  6-40 
single-rotor  helicopters,  6-40 
tandem-rotor  helicopters,  6-41 
Control  position  vs  speed,  6-39 
Control  power,  3-96,  6-28 
Control  power  considerations, 
other,  6-34 

Control  power  requirements.  6-29.  6-34 

Control  principles,  13-21 

Control  sensitivity,  6-25,  6-28 

Control  sensitivity  and  damping  requirements.  6-29 

Control  surface  balance, 

and  stiffness  criteria,  5-38 
Control  surface  reversal,  5-36 
Control  system  description,  4-76 
Control  system  lags,  6-26 
Control  systems,  6-54 
Control  valve,  9-43 
Control  valves,  9-33 
Controllability,  3-150 

Controlled-speed  hydraulic  motor  system.  9-6 
Controls, 

isochronous,  8-41 
lower,  4-86 
static  strength,  4-88 
stiffness  requirements,  4-89 
structural  concepts,  4-89 
synch  ropters,  6-41 
upper,  4-87 
Cooling,  9-59,  13-31 
Cooling  fan,  9-42 
Cooling  power  requirements.  8-20 
Cooling  system  air  inlet,  8-20 
Corrective  maintenance,  1 1-6 
Correlation  analysis,  2-18 
Corrosion,  7-81 
Cost, 

constant  dollar,  2-16 
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direct,  2-16 
discounted,  2-16 
incremental,  2-15 
indirect,  2-16 
inflated,  2-16 
investment,  2-16 
life  cycle,  2-14 
operating,  2-16 
opportunity,  2-16 
Cost  analysis,  2-13 
Cost  concepts,  2-14 
other,  2-16 

Cost  data  development,  2-17 
Cost-effectiveness,  3-91,  3-104 
Cost-effectiveness  analysis,  2-13,  2-19 
Cost-effectiveness  methodologies,  2-4 
Cost-estimating  relationships  (CER),  2-16 
Cost  estimation,  2-16 
Costs, 

amortized.  2-16 
joint,  2-16 
nonrecurring,  2-14 
recurring,  2-14 
Coupling,  5-2,  6-19 
Bendix.  7-84 
curvic,  7-54,  7-85 
flanged,  7-54 
flexible,  7-54 
laminated  ring,  7-82 
mechanical,  7-81 
Coupling  problems,  7-81 
Couplings,  4-75,  7-54,  7-61.  7-68.  7-69 
contoured  diaphragm,  7-55 
crown  spline,  7-55 
crowned  gear,  7-84 
elastomeric,  7-81,  7-84 
flexible  disk,  7-83 
glass  fiber  flexure,  7-83 
laminated  disk,  7-55 
laminated  ring.  • ?. 
rigid,  7-54 

Cracking  pressure,  9-30 
Crash  environment,  4-29 
Crash  load  design  criteria,  14-5 
Crash  loads,  4-28 
Crash  safety,  9-2 
Crew  complaints,  7-58 
Critical  decision  point,  3-167 
Critical  function,  12-4 
Critical  speed,  7-67 
Critical  speeds,  7-63 


Cross-coupling,  6-59 
Cross-shafting,  7-52 
Crown  gear,  7-7,  7-8,  7-9,  7-15 
Cruise  at  constant  altitude,  3-111 
Cumulative  damage  hypothesis,  4-133 
Current  transformers,  9-16 
Current  unbalance,  9-16 
Cycle  parameters, 

selection  of  design  point,  3-53 
Cyclic  flare,  3-158 
Cyclic  pitch,  3-65,  4-76 
Cycloconverter  system,  9-6 

D 

DA  TB  55-100,  13-5,  13-10 
Daily  inspections,  11-9 
Dampers,  7-61 

Damping,  5-6,  5-16,  5-34,  6-7,  6-25,  6-31,  6-33,  6-60 
pitch  and  roll,  6-7 
Damping  force  limiters,  5-33 
Data  base,  12-11 
Data  requirements,  14-2 

DAVI  (Dynamic  Antiresonant  Vibration  Isolator), 
5-11 

DC  electrical  systems,  9-6 
DC  generator,  9-6,  9-14 
DC  systems,  9-5 
Deadman's  curve,  3-158 
Deceleration,  3-145 
Decoupling, 

pitch-roll,  6-8 

Defense  Documentation  Center  Technical  Abstract 
Bulletin  (TAB),  12-5 
Deflection,  7-38 
Deformation,  4-86 
Defueling,  8-27 
Degrees  of  freedom,  5-5 
Dehydrator.  9-42 
Depot  level  spares,  1 1 -2 
Depth  of  assessment,  12-10 
Derating.  12-2 
Derivatives, 

pertinent  rotor,  6-7 
Descent  to  landing  site,  3-112 
Descent  velocities.  4-26 
Design,  9-35 

Design  considerations,  7-17 
Design  constraints,  3-9| 

Design  criteria, 

work  platform,  4-45 
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Design  influence  on  availability,  12-15 
Design  limit  flight  speed,  4-1,  4-2 
Design  limit  loads,  7-59 
Design  reviews,  11-1,  12-14 
Design  support  tests,  12-14 
Design  synthesis,  3-90 
Design  techniques,  11-3 
Design  weight  estimate, 
preliminary,  10-2 
Detection  avoidance,  2-10 
Determination  of  loads,  4-81 
Development,  12-9 
Deviations,  14-2 
Diagnostic  aids,  12-2 
Diagnostic  systems,  7-58 
Differential  current  fault  protection,  9-16 
Differential  current  protection,  9-15 
Differential  fault  protection,  9-17 
Differential  pressure  indicators,  9-23,  9-31 
Dimensional  clearance,  13-25 
Direct  control,  3-65 
Direct  current  system  protection,  9-14 
Direct  support  spares,  11-2 
Disconnect  control  stick  maneuvering,  6-77 
Disconnect  stick  steering,  6-79 
Disk  warpage,  7-87 
Distortion,  7-38 
Distribution, 

aerodynamic  load,  4-106 
Divergence,  5-1,  5-37 
Divergence  phenomenon,  7-62 
Documentation,  14-1 
DOD  noise  limits,  13-28 
Doors,  1 1-7 

Doors  and  hatches,  4-45 
concentrated  loads,  4-46 
deflection  criteria,  4-47 
design  criteria,  4-45 
distributed  loads,  4-46 
emergency  jettison,  4-47 
production  tolerance,  4-47 
removal  and  replacement,  4-47 
si/e  of  openings,  4-47 
Doppler  guidance.  6-82 
Download  test  facilities.  3-41 
Downtime,  12-16 
Drag.  4-53 
body.  3-2 
effective.  3-117 
induced,  3-2 


Drag  estimates,  14-4 
Drain  filter,  9-23 
Draining,  9-29 
Drawing,  14-9 

cargo-handling  arrangement,  14-11 
crew  service,  14-10 
electronic  equipment,  14-10 
escape  system,  14-11 
exterior  lighting  system,  14-10 
inboar  profile,  14-9 
instrument  panel  arrangement,  14-10 
power  plant  installation,  14-9 
Drawings, 

armament  installation,  14-10 
flight  control  system,  14-9 
instrument  system  installation,  14-10 
landing,  beaching,  and  auxiliary  gear,  14-9 
sketches,  and  schematic  diagrams,  14-9 
structural  arrangement,  14-9 
Drift  and  heading  velocity  control,  6-82 
Drive, 

coaxial,  7-55 
constant-speed,  8-21 
friction  belt,  7-55 
variable-speed,  8-21 
Drive  designs,  8-22 
Drive  line  mismatch,  7-81 
Drive  scissors,  4-76 
Drive  shaft  life,  7-59 
Drive  system,  7-17 

Drive  system  design  philosophy  and  design  criteria, 
5-39 

Drive  system  dynamics,  5-39 
Drive  system  mathematical  methods,  5-40 
Drive  torque,  4-63 
Drive  train, 
main,  7-26 

Droop  stop  pounding,  4-83 
Dry  sump.  7-40 
Dual  actuators,  9-37 
Duct  hisses.  8-7 
Ducted  fan.  8-26 
Ducts,  9-62 

Dunkerley's  formula.  7-62 
Dynamic  absorbers.  7-88 
Dynamic  balance.  5-37 
Dynamic  instability.  6-71 
Dynamic  pressure.  3-148,  4-50 
Dynamic  stability  boundaries.  5-35 
Dynamic  system.  6- 1 8 
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Dynamics  and  vibration, 
airframe.  5-3 

E 

EAPS  system.  8-6 
Economic  analysis,  2-13 
elements  of.  2-13 

ECS  conceptual  development.  9-62 
ECS  design  requirements,  9-59 
ECS  distribution  systems,  9-62 
ECS  trade-off  studies  and  selection,  9-66 
Effect  of  rotor  characteristics,  5-46 
Effectiveness  criteria, 
forms  of,  2-13 
Efficiency,  7-44 
Egress  openings,  4-48 
Ejectors.  8-20,  9-63 
Elasticity  and  restraints,  7-65 
Elastomer,  7-32,  9-31 
Electric  fan,  8-11 

Electrical  distribution  system,  9-20 
Electrical  heaters,  9-62,  9-63 
Electrical  load  analysis,  9-5 
Electrical  system,  9-1 
Electrical  system  reliability,  9-19 
Electrical  system  report,  14-6 
Electrical  system  safety,  9-19 
Electrical  systems,  9-5 
emergency,  9-19 

Electroluminescent  (EL)  displays,  13-17 
Electromagentic  interference  (EMI),  9-21 
Electromagnetic  compatibility  (EMC),  9-20 
Electromagnetic  compatibility  (EMC)  control  plan, 
14-8 

Electromechanical  actuation  system  report,  14-6 
Electron  beam  welding,  4-74 
Electronic  feedback  systems,  6-19 
Electronic  system  report,  14-6 
Electrostatic  filter,  8-8 
Emergency  and  authority  limitations,  8-42 
Emergency  egress,  13-25 
Emergency  environments,  13-25 
Emergency  loads,  9-20 
Emissivity  factor,  8-14 
End  thrusts,  7-69 
Endurance,  3-126 
analysis,  3-126 

effect  of  gross  weight  and  altitude  on,  3-127 
Endurance  level  diagram,  4-137 
Endurance  limit,  4-125,  4-133 
Energy  absorption,  4-95 


Energy  method.  3-169 

Energy  methods,  3-14 

Energy  states,  3-161 

Energy  transmissibility  curve,  9-39 

Engine, 

gas  turbine,  3-52 
reciprocating.  3-51 
turbofan,  3-86 
turbojet,  3-87 
turboshaft,  3-51 
Engine  air  bleed.  8-25 
Engine  air  induction  system,  8-2,  8-5 
Engine  air  particle  separator  (EAPS),  8-2,  8-8 
Engine  analytical  design,  3-56 
Engine  and  rotor  damping,  8-38 
Engine  bleed  air  ejector,  8-1 1 
Engine  characteristics  and  selection,  3-51 
Engine  compartment  cooling,  8-19 
Engine  Control  and  Monitor  Systems  (ENCOMS), 
11-8 

Engine  control  system,  3-57 
simple,  3-57 
variable-geometry,  3-58 
Engine  cycle  modifications,  3-52 
Engine  exhaust  ejector,  8- 1 1 
Engine  exhaust  noise,  8-13 
Engine  inlet  temperature,  8-25 
Engine  installation,  8-4,  13-2,  14-5 
Engine  installation  losses,  8-24 
Engine  limit  control  requirements,  8-37 
Engine  lubrication, 

cooling,  and  exhaust  systems,  8-2 
Engine  maintenance,  8-23 
Engine  mount  installation,  8-5 
Engine  mounting  and  vibration  isolation,  8-4 
Engine  mounting  forces  and  reactions,  8-4 
Engine  parameters,  8-30 
Engine  partial  power  operation,  3-56 
Engine  performance  relationships,  3-93 
Engine  power  losses,  8-12,  8-24 
Engine  power  output  shaft,  8-1 
Engine  pressure  ratio,  3-48 
Engine  replacement,  8-1 
Engine  response,  8-39 
Engine  restraining  points,  8-4 
Engine  safety  requirements,  8-3 
Engine  selection,  8-1 
Engine  starting,  9-5 

Engine  starting  and  power  control  lever  systems, 
8-43 

Engine  starting  system,  8-2 
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Engine-starting  systems,  8-29.  9-34 
Engine  torque.  4-36 
Engine  transmission.  7-52 
Engine  vibration  isolation.  8-4 
Engine/ airframe  integrated  control  system.  8-36 
Engine(s)  ofl /inoperative  conditions.  3-165 
Entry  openings,  4-47 
Environmental  conditions,  12-4 
Environmental  considerations,  13-24 
Environmental  control  system.  13-30 
Environmental  control  system  (ECS)  and  crew 
service  report,  14-7 
Environmental  control  systems,  9-58 
Environmental  profiles.  12-11 
EP  greases.  7-84 
Epicyclic  reductions,  7-7 
Equations,  10-3 
Equations  of  motion,  5-5 
Equipment, 

cabin,  4-119 

externally  installed,  4-120 
Equipment  and  stores,  4-32 
Equipment  bays,  1 1-7 
Equipment  load  types,  4-120 
Equipment  outside  cabin,  4-120 
Equipment  types,  4-119 
Equivalent  Sharp  Edge  Orifice  Diameter,  9-45 
Escape  system  analysis  report,  14-7 
Estimated  Weight  Report,  14-3 
Estimation, 

analytical,  10-3 

statistical,  10-3 
Evacuation  aids,  13-27 
Evaporative  heat  exchanger,  9-65 
Excitation  failures,  9-17 
Exciting  frequency,  7-87 
Execution  of  activity,  12-10 
Exhaust,  13-2 
Exhaust  duct,  3-47 
Exhaust  1R  emissions,  8-16 
Exhaust  performance  losses,  8-13 
Exhaust  pressure  rise,  8-24 
Exhaust  subsystem,  8-13 
Exhaust  wake,  8-13 
Exit  access  routes,  13-26 
Exit  doors,  13-26 
Exit  location,  13-26 
Exits, 

explosively  created,  13-26 
Expansion  turbine,  9-64 
Exponential  distribution,  12-7,  12-8 


External  cargo,  4-42 

rigidly  attached.  4-42 
sling-loaded,  4-43 
External  equipment, 

other  considerations.  4-124 
preliminary  sizing,  4-125 
substantiation.  4-125 
External  load  mission,  3-113 

External  store  aerodynamic  load  determination.  4-40 

External  store  analysis.  4-40 

External  store  center  of  gravity.  4-40 

External  store  design  criteria.  4-39 

External  store  dynamic  loads.  4-40 

External  store  installations.  4-39 

External  store  substantiation.  4-40 

External  store  weight,  4-40 

External  stores, 

asymmetrical  loadings,  6-52 

effects  on  static  and  dynamic  stability.  6-52 

F 

FAA  aDS-53,  4-109 
Face  seals,  9-36 
Fail-safe,  4-89.  7-53 
Fail-safe  design,  14-5 
Failure  detection  methods,  7-58 
Failure  distribution,  12-7 
Failure  Mode, 

Effects  and  Criticality  Analysis.  12-14 
Failure  Mode  and  Effect  Analysis  (FMEA).  12-13 
Failure  modes,  7-80,  12-14 
Failure  rate,  2-7 
Failure  rates,  12-3,  12-5.  12-11 
Failure  warning  systems,  7-57 
False  alarm,  7-58,  7-59 
False  alarms,  7-58 
Fans,  8-18 
FAR  Part  133,  10-1 
FAR  Part  21.  10-1 
FAR  Par'  25,  5-39 
FAR  Part  27,  4-118.  10-1 
FAR  part  29.  4-16.  10-1 
FAR-29,  7-85 
Fatigue,  7-39,  14-6 
Fatigue  analysis,  4-6,  4-13 
Fatigue  considerations, 
fuselage,  4-100 

Fatigue-critical  components.  4-125 
Fatigue  failure,  7-57 
Fatigue  failures,  7-80 
Fatigue  life,  4-6,  4-125,  4-133 
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infinite,  4-137 

Flight  control,  9-21 

Fatigue  life  determination,  4-125 

Flight  control  analysis,  9-39 

Fatigue  loading,  7-59 

Flight  control  subsystems,  9-33 

Fatigue  loadings,  4-17,  4-126 

Flight  control  system  characteristics,  14-4 

Fatigue  loads,  4-86 

Flight  control  system  report,  14-6 

Fatigue  properties,  4-132 

Flight  control  systems,  9-27 

Fatigue  strength,  7-79 

Flight  dynamics,  6-28 

"••tult  currents,  9-20 

Flight  envelopes,  4-3 

It  isolation  systems,  12-16 

Flight  load  design  criteria,  14-5 

't  protection,  9-16 

Flight  load  determination,  4-41 

'■'&  Tree  Analysis,  12-13 

Flight  loading  conditions, 

Feedback  system,  6-18 

basic,  4-5 

Feedbacks,  6-25 

Flight  or  alternate  support  functions,  8-34 

Feeder,  9-20 

Flight  paths, 

Figure  of  Merit,  13-3 

calculation  of,  3-169 

Fillets, 

Flight  safety  reliability,  12-1 

unground,  7-23 

Floating  hub,  3-69 

Filling.  9-29 

Floating  parts,  7-69 

Filter,  9-42 

Floating  shaft  end,  7-83 

Filter  elements,  9-23 

Flooring, 

Filters,  9-27,  9-31 

durability.  4-45 

Filtration,  9-21 

interchangeability  and  replaceability,  4 

Finite  element  analysis,  5-8 

Flooring  and  work  platforms,  4-44 

Fire  containment,  8-29 

Flooring  design  criteria,  4-44 

Fire  detection,  8-29 

Floquet’s  theory,  5-22 

Fire  extinguishing,  8-29 

Flow  charting,  13-18 

Fire  prevention,  8-28 

Flow  comparator,  9-38 

Fire  protection,  8-3 

Fluid,  9-27 

Firewall,  13-2 

Fluid  compressibility,  9-42 

Firing  frequency  dynamics,  4-41 

Fluid  discharge,  9-56 

Fitting, 

Fluid  level,  9-29 

end,  7-85 

Fluid  storage,  9-29 

flared,  9-26 

Fluid  temperature,  9-24,  9-26,  9-41 

reusable,  9-26 

Fluid  velocity,  9-24 

swage,  9-26 

Fluidic  applicability,  9-46 

Fittings,  4-121,  4-125,  9-27,  9-32 

Fluidic  applications,  9-47 

Fixed  aerodynamic  surfaces,  3-26 

Fluidic  auxiliary  equipment,  9-55 

Fixed  weight  penalty,  9-3 

Fluidic  comparison  with  equivalent  electroi 

Flanged  outer  ring,  7-31 

system,  9-55 

Flap,  3-60 

Fluidic  complexity,  9-46 

Flapping  angle,  4-62,  7-49 

Fluidic  component  development,  9-47 

Flapping  hinge  offset,  6-6,  6-10 

Fluidic  design  and  test  specifications,  9-47 

Flapping  instability,  5-18 

Fluidic  development  cost,  9-46 

Flapping  motion,  3-66 

Fluidic  environmental  capability,  9-47 

Flapping  restraint,  6-10 

Fluidic  flight  test,  9-55 

Flapping  stability  margin,  5-22 

Fluidic  maintenance.  9-46 

Flare,  3-156 

Fluidic  parameters,  9-47 

Flared  tubing,  9-32 

Fluidic  power  requirements,  9-47 

Flareless  tubing,  9-32 

Fluidic  production  cost,  9-46 

Flexible  coupling,  7-46 

Fluidic  reliability,  9-46 

Flight  characteristic  calculations,  1 4 -4 

Fluidic  sha[>e,  9-46 

MO 


AMCP  706*201 


INDEX  (Continued) 


Fluidic  size  and  weight,  946 

Fluidic  stability  augmentation  systems,  946 

Fluidic  system,  9-50 

Fluidic  system  design  requirements,  9-50 
Fluidic  system  mechanization,  9-50 
Fluidic  system  performance,  946 
Fluidic  system  report,  14-7 
Fluidic  systems,  945 
Fluidics,  9-1 

Fluidics  compared  to  electronics,  946 
Flutter,  5-1,  5-37,  6-72 
stall,  5-20 
wake,  5-20 
Flutter  analysis, 
classical,  5-19 
Flying  qualities,  6-1 
Flying  quality,  144 
Flying  quality  requirements,  6-61 
Focke,  3-1 

J Fogging,  13-15 

i Force  feel,  6-54 

i Force  levels,  9-39 

Force  proportional  control  maneuvering,  6-78 
J Forces, 

| reaction,  4-41 

I Forcing  frequency,  5-9 

! Foreign  object  damage  (FOD),  8-7 

Forward  flight,  3-14,  3-94 
j structural  constraints,  3-147 

j Forward  tilt,  7-44 

Fractional  Assessment,  12-13 

Fragmentary  Assessment,  12-13 
Frequencies, 
natural,  5-6 
Frequency,  5-2,  5-3 
Frequency  of  occurrence,  4-126 
Frequency  separation,  5-37 
Fretting,  7-38 

Fretting  corrosion,  7-79,  7-83,  7-84 

Frozen  azimuth  analysis,  5-20 

Fuel  and  lubrication  system  report,  14-5 

Fuel  and  lubrication  systems,  8-27 

' uel  consumption,  3-52,  3-127 

fuel  feed  systems,  8-27 

Fuel  flow,  3-5S.  3-113 

Fuel  flow  m climb,  3-100 

Fuel  flow  m forward  flight,  3-100 

Fuel  flow  in  hover,  3-100 

Fuel  heating  value,  348 

Fuel  requirements,  3-100 

Fuel  storage,  13-2 


Fuel  system,  8-2,  8-27,  14-6 
Fuel  tank  support  structure,  4-95 
Fuel  tanks,  8-27 
Fuel  weight  ratio, 
available,  3-102 
required,  3-102 

Fuel  weight  ratio  method,  3-103 
Function  analysis,  13-18 
Fuselage  fail-safe  aspects,  4-100 
Fuselage  load  curves, 

specific  maneuver  and  landing  condition,  4-98 
Fuselage  load  determination,  4-96 
Fuselage  preliminary  sizing,  4-102 
Fuselage  structure,  4-90 
Fuselage  substantiation,  4-102 
Fuselage  unit  shear, 

moment,  and  torsion  distribution,  4-96 
Fuselage  weight  distribution,  4-96 

G 

Gas  turbine  engine  characteristics,  343 
Gas  turbine  engine  cycle  description,  3-43 
Gas  turbine  engine  process  analysis,  345 
Gear, 

case-hardened,  7-22 
load-rating  limitations,  7-18 
pressure  angles,  7-12 
ring,  7-1 1 
straight  bevel,  7-7 
sun,  7-9 

Zerol  bevel,  7-9 

Gear  and  bearing  loss  calculations,  743 

Gear  and  bearing  loss  predictions,  7-42 

Gear  and  bearing  losses,  742 

Gear  and  transmission  power  losses,  3-97 

Gear  loadings,  7-8 

Gear  mounting,  7-8 

Gear  pitch  line  velocities,  7-43 

Gear  pressure  angle,  7-5,  7-7 

Gear  ratios,  7-5 

Gear  stresses.  7-6,  7-9,  7-12 

Gear  systems,  7-14 

Gear  teeth  stresses,  7-5 

Gear  tooth  size.  4-68 

Gear  train,  7-17 

Gear  types,  7-18 

Gearbox  design,  7-23 

Gearbox  lubrication.  7-23 

Gearbox  weight,  7-24 

Geared  lran.*mis\,on  types.  ’-5 

Clearing. 
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double-helical.  7-24 
miscellaneous,  7-12 
Gears.  7-2 
bevel.  7-7 

case-hardened.  7-22 
circular  arc,  7-13 
compound  planet.  7-24 
cone-drive,  7-12 
conformal,  7-13 
double-enveloping,  7-13 
double  helical,  7-7 
duplex  tandem,  7-31 
helical,  7-7,  7-24 
herringbone.  7-7 

high-ratio  compound  planetary,  7-12 

idler.  4-74 

involute  spur,  7-5 

multiple  row  planetary,  7-12 

parallel  axis,  7-14 

recess  action.  7-18,  7-23,  7-24 

ring,  4-72 

single  row  planetary,  7-12 
spiral  bevel,  4-71,  7-8,  7-24 
split  path  planetary,  7-12 
spur,  7-5,  7-24 
worm,  7-12 
Gear  teeth,  7-13 

General  arrangement  drawing  and  sketch,  14-9 
General  support  spares,  11-2 
Generalized  mass,  5-7 

Generalized  Rotor  Performance  (GRP)  Computer 
Program,  3-21 
Generator  feeders,  9-20 
Generator  field  voltage,  9-15 
Generators,  7-56,  7-57 
Geometry,  14-3 
Glands,  9-31 
Glare,  13-15 
Glauert,  3-1 
Glide  distance,  3-156 
Goodman  diagram,  4-132,  4-137 
Government-furnished  Equipment  (GFE),  14-3 
Governors, 

slow  time  constant,  8-41 
Graphical  techniques,  3-92 
Ciraphs,  14-4 
Grease  lubrication,  7-48 
Gripping  angle,  7-70 
Gross  weight, 

minimum  design,  4-3 

Gross  weight  and  rotor  speed  distributions. 


determination  of,  4-128 
Gross  weight  summary,  14-5 
Ground  effect. 

hover,  3- 1 1 
Ground  handling,  4-1 
Ground  idle  rotor  speed, 
determination  of,  4-36 
Ground  maneuvering,  4-33 
Ground  resonance,  3-69,  5-1,  5-15,  5-19,  7-87 
method  of  analysis,  5-16 
Ground-speed-hold  system,  6-82 
Ground-speed-select  system,  6-82 
Ground  support  equipment,  11-6 
Ground  Support  Equipment  (GSE),  11-10 
Ground  support  functions,  8-34 
Ground  warning  unit,  7-59 
Growth  potential,  4-66 
Gust  alleviation,  6-16,  6-67 
Gust  alleviation  systems,  6-62 
Gust  influence,  4-16 
Gust  load  factors, 

conditions  requiring,  4-16 
Gust  loading,  4-108 
Gust  loads  during  maneuvers,  4-17 
Gusts,  4-15 
Gyratory  systems, 
mechanical,  6-14 
Gyro,  6-18 
Gyros,  6-67 

Gyroscopic  effects,  7-67 
Gyroscopic  moment,  7-49 

H 

Handholds,  4-48 
Handling  equipment,  11-11 
Hard  points,  4-2 
Hardover,  6-73 
Hardware  Contract,  10-5 
Harmonic  drive,  7-12 
Hatch  openings,  13-26 
Heading-select,  6-76 
Hearing  loss,  13-27 
Heat  balance,  13-30 
Heat  exchanger,  7-40,  9-64 
Heat  exchangers,  8-17,  9-65 
Heat  loss,  7-44 
Heat  loss  rates,  9-61 
Heat  rejection,  7-41,  9-22 
Heat  sinks,  13-32 
Heat  sources,  13-32 
Heat  transfer,  9-60 
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Heating.  9-59,  13-30 
Heating  and  ventilating  systems.  9-62 
Height-velocity  curve.  3-158 

multiertgine  helicopters.  3-160 
single-engine  helicopters.  3-158 
Height-velocity  (HV)  limitation  curve.  3-167 
Height-velocity  profile.  3-138 
Helicopter,  3-1 

Helicopter  preliminary  design  study,  3-90 
Helicopter  system  definition,  12-10 
Helix  angle,  7-7 
Helmholtz  resonator,  9-36 
Hertz  stress, 

inner  race,  7-71 
“Hertz”  stresses,  7-22 
High  control  power,  6-34 
High-temperature  insulations,  9-20 
High-voltage  DC  system,  9-6 
Highway  transport,  13-5 
Hiller  control  rotor,  6-14 
Hinge  moment,  9-40 
Hinged  doors,  11-7 
Hingeless  rotor,  5-23 
/ Holzer  Method,  5-8 

Homogeneous  equipment,  12-8 
Hooke’s  coupling,  7-68 
Horizontal  stabilizer,  4-102 
Hose  assemblies,  9-27 
Hoses,  9-36 
Hot-gas, 

solid-propellant  gas  generator  systems,  9-43 
Hot  gas  cycle,  3-50 
Hot  gas  turbine  generator,  9-19 
Housing,  7-23,  7-38 
Housings,  7-3 
Hover,  3-94,  4-12 
Hover  at  landing  site,  3-112 
Hover  at  takeoff,  3-110 
Hover  ceiling,  3-105 

method  of  analysis,  3-106 
Hover  height  control,  6-24 

Hover  power  required  in  ground  effect  (IGE),  3-9y 
Hover  power  required  out-of-ground  effect  (OGE), 
3-97 

Hovering  flight,  3-3 

three-dimensional  prediction  method,  3-7 
vertical  drag/thrust  recovery,  3-12 
vortex  theory,  3-6 
Hub  moment,  3-149 
Hub  rotor, 

floating,  5-33 


Human  factors.  4-124.  11-3,  11-7 
Human  factors  engineering.  13-12 
Human  factors  engineering  considerations.  13-25 
Human  factors  engineering  report  and  plan,  14-7 
Human  factors  system  analysis.  13-17 
Hunting  tooth,  7-6 
Hydraulic  accumulators.  9-29 
Hydraulic  and  pneumatic  system  report,  14-6 
Hydraulic  boost.  4-80 
Hydraulic  component,  9-35 
Hydraulic  distribution  system.  9-32 
Hydraulic  filtration.  9-23 
Hydraulic  fittings.  9-32 
Hydraulic  fluid,  9-23 
Hydraulic  fluids,  9-21 
Hydraulic  hose,  9-33 
Hydraulic  packaging,  9-25 
Hydraulic  power,  9-1,  9-56 
Hydraulic  power  output,  9-40 
Hydraulic  pump,  8-22,  9-23 
Hydraulic  pumps,  9-27 
Hydraulic  reservoir,  9-24 
Hydraulic  reservoirs,  9-28 
Hydraulic  system, 
routing,  9-35 

Hydraulic  system  class,  9-27 

Hydraulic  system  operation,  9-27 

Hydraulic  system  power  analysis,  9-39 

Hydraulic  system  type,  9-26 

Hydraulic  system/component  design,  9-27 

Hydraulic  systems,  9-1,  9-21 

Hydraulic  trade-off  considerations,  9-21 

Hydraulic  transmission,  9-10 

Hydraulic  tubing,  9-32 

Hydrodynamic  data,  14-4 

Hydrodynamic  report,  14-7 

Hydrofluidic  control  system,  9-56 

Hydrofluidic  stability  augmentation  system,  9-50 

Hydrofluidic  yaw  damper,  9-46 

Hyprid  gears.  7-13 

Hypoid  pinion,  7-13 

I 

Icing,  6-28,  13-15 

IFR  stability  and  control  characteristics,  6-27 

Implementation,  11-1 

Impressed  blade  pitch,  4-49 

Independence,  12-8 

Induced  velocities,  4-58 

Induction  motors,  9-20 

Inertial  separator,  8-8 


I- 1 3 


ff*tt S^-Vf ^P^TS'  ’ ■ XT?VTr,',,3’V^  P^rry3r. ;’  .ir^TT^ 


AMCP  706-201 


INDEX  (Continued) 


Inertial  separators,  8-8 
Inertial  systems,  6-82 
Inflow,  4-51 

Infrared  or  surveillance  detection  system,  8-29 

Infrared  radiation  suppression,  8-13 

Infrared  signature,  9-63 

Infrared  suppression,  13-2 

Inlet,  3-45,  13-2 

Inner  race,  7-70 

Innovation,  12-4 

Inplane  forces,  5-2 

Inplane  shear,  5-13 

Inspection,  11-9 

Inspection  validation  program,  11-9 
Inspection  windows,  11-7 
Instabilities,  14-5 

aeromechanical,  6-72 
effect  of  rotor  configuration  on,  5-32 
flapping,  6-72 
free-body,  6-72 
Instability,  5-1 

analytical  methods,  5-35 
coupled  rotor-airframe  lead-lag.  5-30 
important  parameters,  5-16 
multiblade  flapping,  5-27 
Instability  analyses, 

coupled  rotor/airframe,  5-26 
Installation,  7-37 

Installed  power  and  tip  speed  selection,  3-101 

Installed  power  charts,  8-26 

Instantaneous  axis,  7-14 

Instrumentation,  9-37 

Insulation,  8-16 

Insulation  methods,  8-17 

Integrated  Assessment,  12-13 

Integrated  control  requirements,  8-37 

Intensity  level,  13-27 

Interaction  curve,  7-49 

Interchangeability,  11-3 

Interference,  7-38 

Interior. arrangement,  13-2 

Intersecting  axes,  7-14,  7-18 

Interservice  Data  Exchange  Program  (IDEP),  12-5 

Intra-reliability  trades,  12-3 

Inverter,  9-6 

Inverters,  9-7 

Invitation  for  Bid  fIFB),  10-5.  14-1 
Involute,  7-17 
IR  shielding,  8-14 
IR  suppression.  14-8 

IR  suppression  with  cooler!  surfaces,  8-16 


Isolated  AC  system  protection,  9-15 
Isolation  system, 
passive,  7-88 
Isolation  systems,  7-87 
active,  7-88 
Isothermal  flow,  9-45 


Jacking  and  mooring  conditions,  4-35 

Jacking  loads,  4-35 

Jet  engine,  3-30 

Jet  pump,  9-56 

Jettisoning,  4-41,  6-27 

Jettisoning  of  stores,  6-51 

Jettisons, 

forced,  6-51 
Joints, 

Cardan  and  Hooke’s,  7-84 


Keys,  7-77 
Keyways,  7-77 


Lag,  6-31 

Lagrange  method,  4-57 
Lagrange’s  equation,  5-41 
Landing,  3-167 

Landing  attitude  requirements,  4-18,  4-23 
Landing  capability,  3-139 
Landing  decision  point  (LDP),  3-167 
Landing  gear,  4-32 

structural  sizing,  4-118 
Landing  gear  design  substantiation,  4-119 
Landing  gear  system  report,  14-6 
Landing  performance,  3-144 
Landing  requirements. 

design  limit.  4-17 
Landings, 

symmetrical,  4-17 
Lateral  impact,  4-31 
Lead-lag,  3-60 
Lead-lag  instability,  5-18 
Leakage,  9-44 
I-evel  flight.  4-12 
Life-load.  7-22 
Life-hiad  relationship,  7-22 
Lift.  . 3 

Lifting  and  aerial  towing,  4-43 
Lifting  devices. 
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auxiliary,  4-5 

Lifting  surface  dynamics,  5-36 
Light-emitting  displays,  13-17 
Light  transmission, 

reflection,  and  fogging,  13-15 
Lighting, 

flood,  13-16 
red,  13-15 
white,  13-15 

Limit  control  forces,  6-57 
Limit  load  factors, 
control  of,  4-11 
Limit  of  action,  7-16 
Line  of  action,  7-16 
Line  size,  9-24 
Line  velocity,  9-24 
Liners,  7-3 
Load, 

cubic  mean,  4-66 
static  design,  4-86 
Load  analysis,  4-68 
Load  criteria, 

ground  condition,  4-84 
Load  cycle, 

ground-air,  4-64 
Load  determination, 
landing  gear,  4-115 

Load  division  current  transformer,  9-17 
Load  factor  capability,  4-5 
Load  factor  determination,  4-112 
Load  factors,  4-10 
limit,  4-10 

Load  factors  for  other  than  normal  gross  weights, 
4-13 

Load  paths,  4-96,  4-123 
redundant,  4-89 
standby,  4-89 
Load  protection,  9-16 
Load  reactions, 
control,  4-95 
Load  sensor,  9-22 
Load-sharing,  7-11,  8-42 
Load  sources,  4-77 
fuselage,  4-91 
Load  specfa.  4-66 
Loading, 

wing  and  empennage,  basic  considerations,  4-103 
Loading  analysis  co  nputer  program,  4-103 
Loading  conditions, 
combined,  4-111 
flight  and  takeoff,  4-3 


miscellaneous,  4-36,  4-64 
special,  4-39 

Loading  requirements,  4-1 

Loadings, 

cargo  and  passenger  floor,  4-95 
fuselage,  other,  4-95 

Loads, 

aerodynamic,  4-41 
air,  4-120 

alternating  design,  4-87 
applicable,  4-5 
blade  control,  4-82 
cabin  equipment,  4-121 
control  system,  4-81 
crash,  4-94 

critical  condition  selection  and  superposition  of 
fuselage  system,  4-98 
drive  shaft  and  coupling,  4-74 
drive  system  reaction,  4-95 
endurance,  4-64 
equipment,  4-119 

equipment,  determination  of,  4-121 
externally  attached  equipment,  4-122 
fatigue,  4-64,  4-68,  4-84 
fiapwise,  4-63 

flight  maneuver,  4-56,  4-91,  4-120 

float  gear,  4-118 

folding,  4-65 

free-wheeling  unit,  4-70 

2,iound-handling,  4-109 

gust,  4-56,  4-93 

hard-point,  4-39 

hoisting,  4-65 

hub,  4-62 

induced  or  secondary.  4-96 

inertial,  4-104 

inplane,  4-63 

internal,  4-101 

internal  equipment,  4-122 

landing,  4-1.  4-93 

limit,  4-2 

limit  pilot  effort.  4-81 

main  and  tail  rotor  gearbox.  4-69 

main  housing.  4-74 

main  rotor  control,  4-83 

main  transmission  bevel  gear  stages.  4-"M 

maneuver,  4-64 

mechanical  drive  system.  4-65 

miscellaneous  controls.  4-84 

mooring  and  tiedown.  4-65 

uuH'ring.  jacking,  hoist,  and  sling.  4-KH> 
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overpressure.  4-41 
pitch  link.  4-87 
planetary  gear  stages,  4-72 
reserve  energy,  4-118 
rotor,  4-49 

rotor  acceleration,  4-36 
rotor  braking,  4-39 
skid  gear.  4-115 

spur  and  helical  gear  systems,  4-73 

starting  and  shutdown,  4-64 

static.  4-39 

steady,  4-68 

stop-banging,  4-65 

suspension,  4-40 

system  failure  effects,  4-84 

towing,  4-35 

towing  and  transport,  4-35 
transport,  4-36 
vibratory,  4-40,  4-121 
wheel  gear,  4-115 
wind,  4-65 
Localizer  mode,  6-81 
Lock,  3-1 

Lock  number,  6-21 

Locking  ring,  7-31 

Locknut,  7-31 

Logic  analysis,  7-59 

Logic  diagrams,  12-11 

Logistics,  12-16 

Long-period  mode,  6-66 

Longitudinal  impact,  4-31 

Losses  between  engine  shaft  and  main  rotor,  8-26 

Lubricant,  4-72 

Lubricants,  7-75 

Lubricating  oil,  7-40 

Lubrication,  7-3,  7-37,  7-39,  7-47,  7-75,  7-84,  9-36 
circulating,  7-39 
oil  jet,  7-84 
splash,  7-39 

Lubrication  system,  14-6 
Lubrication  system  components,  7-40 
Lubrication  systems,  7-39 

M 

Mach  instability,  4-83 
Maintainability,  2-5,  2-8,  9-2,  11-1,  12-16 
Maintainability  design  guidelines,  ll-I 
Maintainability  program  plan  11-1,  14-8 
Maintenance,  9-2 
Maintenance  allocation,  11-2 
Maintenance  concept,  11-1 


Maintenance  effectiveness,  2-8 
Maintenance  environment,  1 1-2 
Maintenance-induced  faults,  11-2 
Maintenance  problems,  11-1 
Maintenance  reliability,  12-1 
Maintenance  support  structure,  11-2 
Malfunction,  9-17 
Maneuver  criteria,  6-55 
Maneuver  limit  loads,  4-10 
Maneuver  loads,  4-56 
Maneuver  spectrum, 

composite,  determination  of,  4-126 
Maneuverability,  3-150 
Maneuvering  performance,  3-160 
Maneuvers  (symmetrical  flight),  4-12 
Manual  reversion,  9-21 
Manufacturing  phase,  12-9 
Margin  of  safety,  4-87,  12-4 
Margler,  3-2 

Mass  balance  of  control  surface,  5-38 
Mass  properties,  10-4 
Mass  property  analysis,  10-4 
Mast, 

stationary,  7-44 
Master  gear,  7-8 
Master  standard  part  list,  11-6 
Material,  7-87 
Material  allowables,  4-87 
Materials,  4-125,  5-37,  7-80,  11-8 
bearing  ring,  7-38 
Mathematical  methods,  7-63 
Mathematical  model,  12-6,  12-7,  12-14 
Matrix  iteration,  5-8 
Matrix  methods,  5-40 
Maximum  seeking  methods,  3-92 
Mean-time'  between-maintenance-actions  (MTBMA), 
2-5 

Mean-time-to-repair  (MTTR),  2-5 
Mechani-seal,  7-33 
Mechanical  feedback  systems,  6-18 
Mechanical  overrunning  clutch,  9-18 
Mechanical  power  extraction,  8-22 
Mechanical  speed  sensing,  9-18 
Mechanically  driven  fan,  8- 1 1 
Metallurgy,  7-80 
MIL-A-5498,  9-27,  9-29 
MIL-A-8591,  4-40 
MIL-A-8806,  13-28 
MIL-A-8860,  4-5,  7-52 
MIL-A-8861,  4-5,  4-16 
MIL-A-8862,  4-33,  4-34,  4-35,  4-119 
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MIL-A-8865,  4-5 
M1L-A-8866,  4-5.  5-56.  5-38 
MIL-A-8870,  5-34.  5-36.  5-38.  7-52 
MIL-A-8897.  4-27.  4-24 
MIL-B-8584.  4-33.  4-27 

MIL-C-18244.  6-67.  6-75.  6-76.  6-77.  6-78.  6-74. 
6-80.  6-82 

MIL-C-501 1.  3- 110.  3-127.  3-146.  3-147.  14-3 
MIL-C-5503,  4-27 
MII.-D-17484.  8-24.  8-25.  14-5 
MIL-D-27724.  8-24 
M1L-E- 14600.  11-3 

MIL-E-38453.  4-48.  4-54.  4-61.  4-62.  13-30.  13-32 

MIL-E-5007,  8-8 

MIL-E-5272,  4-44 

MIL-E-5400.  9-44.  9-54 

MIL-E-6051.  9-20 

MIL-E-7016.  9-5.  14-6 

MIL-E-8593.  4-38,  8-5,  8-31.  8-44 

MIL-F- 18280,  9-27.  9-32 

MIL-F-18372,  9-48 

MIL-F-23447,  8-29 

M1L-F-38363,  8-2,  8-27 

MIL-F-5504,  9-31 

MIL-F-5509,  9-27,  9-32 

MIL-F-7872,  8-29 

MIL-F-8615,  8-27,  9-49 

MIL-F-8785,  6-59,  6-63.  6-85 

MIL-F-8815,  9-27,  9-31 

MIL-F-9490,  6-75,  6-76,  6-77,  6-78,  6-79,  6-80,  6-82, 
9-27,  9-48 
MIL-G-21480,  9-6 
MIL-G-5514,  9-31 
MIL-G-6162,  9-5 
MIL-G-6641,  7-57 
MIL-H-18325,  13-30,  13-32 
MIL-H-25579,  9-27,  9-33 
M3L-H-38360,  9-27,  9-33 
MIL-H-46855,  13-25,  14-7 
MIL-H-5440,  9-24,  9-26,  9-47,  14-6 


MII.-HDBK-472.  1 1-1 

MII.-HDBK-5.  4-66.  4-86,  4-87,  4-110.  7-22 

Mil. -I. -23699.  7-19,  7-22.  7-40,  7-75 

MII.-I. -25467.  13-15 

MII.-L-7808.  7-19,  7-22,  7-40.  7-75 

MII.-M-5096.  11-9,  11-10 
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MII.-O- 19838.  8-28 

MII.-P-116.  13-4 

MIL-P- 19692.  9-27 

M1L-P-22203.  8-26 

MIL-P-25732.  9-31 

MIL-P-5518.  9-48.  14-6 

MIL-P-5954.  9-27 

MIL-P-5994.  9-27 

MIL-P-7858.  9-27 

MIL-P-8564,  9-48 

MIL-P-8686,  8-33 

MIL-R-5520.  9-27.  9-28 

M1L-R-8931.  9-27.  9-28 

MIL-S-58095,  4-32 

MIL-S-7471,  7-57 

M1L-S-8698.  4-2,  4-3,  4-5.  4-11,  4-12.  4-13.  4-15. 

4-16,  4-18.  4-26,  4-33.  4-39.  4-59,  4-87.  4-115, 

4-119,  4-120.  5-34.  5-34,  7-52.  7-56 
MIL-STD-IOO,  11-4 
MIL-STD-1 306,  9-47 
MIL-STD-1333,  13-13 
MIL-STD-1374,  10-1,  10-4,  10-5.  14-3 
MIL-STD-1472.  4-45.  4-46.  4-47.  4-48,  4-84.  13-3. 

13-17 

MIL-STD-209,  13-5 
MIL-STD-210,  9-59 
MIL-STD-250,  13-13,  13-17,  13-24 
MIL-STD-454,  11-7 
MIL-STD-470,  11-1,  14-8 
MIL.-STD-471.  14-8 
MIL.-STD-473.  11-2 
MIL-STD-704,  9-5.  9-6,  9-16 
MlL-STD-721,  11-1 


i MIL-H-5606,  9-23,  9-27,  9-47 
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6-59,  6-60,  6-61,  6-62,  6-64,  6-66,  6-73,  6-74, 
6-85,  9-47 


MIL-H-8775,  9-27,  9-47 
MIL-H-8790,  9-27,  9-33 
MIL-H-8795,  9-27,  9-33 
MIL-H  8891,  14-6 

M1L-HDBK-217,  12-5,  12-7,  12-10,  12-11 
MIL-HDBK-300,  1 1-1 1 


M1L-STD-800,  13-32 
MIL-STD-8I0,  9-49 


MIL-STD-850.  13-14 
MIL-STD-882,  13-25,  14-8 
M1L-T-18847,  8-27 
MIL-T-27422.  8-27 
MIL-T-5041,  4-33 
MIL-T-5578,  8-27 


MIL-T-5624,  8-2 
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MIL-T-6396,  8-27 
MIL-T-6845,  9-27,  9-32 
MIL-T-7081,  9-27,  9-33 
MIL-T-7378,  8-27 
MIL-T-8504,  9-27,  9-32 
MIL-T-8679,  7-52 
MIL-V-25675,  9-27 
MIL-V-8813,  9-27 

MIL-W-25140,  10-1,  10-2,  10-4,  10-5,  14-3 

MIL-W-5013,  4-33 

MIL-W-5044,  4-48 

MIL-W-5050,  4-48 

MIL-W-5521,  9-31 

Military  Airlift  Command  (MAC),  13-5 
Military  specification  requirements,  9-26 
Military  Traffic  Management  and  Terminal  Service 
(MTMTS),  13-5 
Miner’s  Rule,  4-133 
Minimum  control  power  margin,  6-61 
Minimum  Information  technique,  12-12 
Minimum/Maximum  Method,  12-11 
Misalignment,  7-23,  7-30,  7-33,  7-46,  7-54,  7-56, 
7-61,  7-68,  7-81,  7-83,  7-84 
Misalignment  coupling,  7-68 
Misalignments,  7-8,  7-54,  7-78,  7-81,  7-83 
Miscellaneous  data,  14-3 
Mission  capability  (MC),  2-5 
Mission  completion,  12-5 
Mission  effectiveness,  2-1 
Mission-effectiveness  equation,  2-3 
economic  factor,  2-4 
operational  factors,  2-4 
Mission  performance,  3-104,  9-21 
Mission  profile,  2-11,  3-110,  4-6 
Mission  profile  definition,  3-110 
Mission  profile  elements,  3-110 
Mission  profiles,  4-3,  4-6 
Mission  readiness,  2-3,  2-5 
Mission  reliability,  12-1 
Mission  requirements,  12-5 
Missions,  4-6 
Modal  functions,  4-57 
Mode  coupling,  5-18 
Mode  shapes,  5-6 

Mode  shapes  calculated  by  Porter's  method,  5-42 

Modular  design,  11-4,  11-8 

Mf)dularization,  12-16 

Modules,  1 1-7 

Moisture  separator,  9-42 

Moment  restraint,  7-65 

Moments  of  inertia,  10-4 


Momentum  theory,  3-3 
Monopropellant,  9-19 
Monte  Carlo  simulation,  12-6 
Mooring  loads,  4-35 
Mortality  functions,  12-7 
Motion, 

equations  of,  6-3 

Motor-driven  hydraulic  pump,  11-10 
Mount  stiffness,  4-123 
Mounting, 
gears,  7-23 

tail  rotor  gearbox,  749 
Mountings,  7-31 
Mounts, 

offset,  7-44 
MS  3325,  7-56,  8-22 
MS  3326,  7-56,  8-22 
MS  3327,  7-56,  8-22 
MS  3328,  7-56,  8-22 
MS  3329,  7-56,  8-22 
MS  33566,  9-32 

MS  33575,  6-26,  6-37,  6-59,  13-14 
MS  33620,  9-33 
MS  33649,  9-32 
MTBF,  12-7 
Mufflers,  9-63 
Multiblade  flutter,  5-27 
Muscular  strength,  13-13 
Myklestad  Method,  5-8 
Myklestad’s  method,  7-64 

N 

Nap-of-the-earth,  2-10 

NAf  A Parts  Reliability  Information,  12-5 

Natural  frequencies,  7-87 

Natural  frequency,  5-9,  7-65,  7-68 

Negative  load  factors,  4-11 

Nickel  cadmium  (NiCad)  batteries,  8-31 

Nodalized  beam,  5-12 

Noise,  3-151,  13-27 

Noise  absorptive  material,  1 3-29 

Noise  control,  13-29 

Noise  exposure,  13-28 

Noise  level  and  suppression,  13-27 

Noise  spectrum,  13-27 

Nondimensional  stability  and  control  derivatives, 
14-4 

Nonextrusion,  9-30 
Nonintersecting  axes,  7-18 
Nonlinear  analysis,  8-42 
Nonlinearity,  5-34 
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Nonparallel  operation,  9-19 
Nonparallel  shafting,  7-24 
Nonstandard  parts,  11-6 
Normal  acceleration  control,  6-65 
Normal  mode  solution,  5-6 
Normal  modes  and  natural  frequencies, 
methods  of  calculating,  5-7 

0 

Oblique  flow,  5-29 

OEI  range  and  endurance,  3-166 

OEI  takeoff  and  landing,  3-167 

Offset  gearbox,  7-56 

Oil  condition  detectors,  7-58 

Oil  cooler,  7-40,  8-28 

Oil  cooling  fan,  7-56 

Oil  flow  requirements,  7-41 

Oil  jets,  7-40 

Oil  lines  and  couplings,  8-28 

Oil  pumps,  7-40 

Oil  reservoir,  7-40 

Oil  system  components,  8-28 

Oil  systems,  8-28 

Oil  tanks,  8-28 

Onboard  warning  system,  7-59 
One  engine  inoperative  (OEI), 
performance  with,  3-165 
One-g  dive,  4-12 
One-way  clutches,  4-70 
Open  circuit,  9-17 
Open-phase  protection,  9-17 
Operating  pressure,  9-27 
Operational  environment,  12-3 
Operational  factor  analysis,  2-5 
Operational  profiles,  12-11 
Operational  sequence  diagramming,  13-20 
Operations  research  (OR),  2-2 
Operator/maintainer  information  requirements, 

13-20 

Optimization.  3-104 
Optimization  in  helicopter  design.  3-90 
Optimization  techniques.  3-92 
Orifices.  9-45 

Out-of-limit  conditions.  7-59 
Outer  race.  7-70 
Output  force,  9-45 
Output  shaft.  7-49 
Overflow.  9-29 
Overhaul  life.  7-22 
Overhauls.  1 1 -X 
Overhead  masses.  4-32 
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Overrunning  capability,  7-75 
Overspced  protection,  9-18 
Overvoltage  circuit,  9-16 
Overvoltage  protection,  9-15 
Overvoltage  relay,  9-16 
Overweight,  10-1 
Oxidation,  9-24 
Oxygen,  13-32 

P 

Parallax,  13-16 

Parallel  AC  system  protection,  9-17 
Parallel  axes,  7-18 
Parallel  operation,  9-18 
Parallel-shaft,  7-24 
Parametric  analysis,  3-90 

basic  relationships  for,  3-92 
Parametric  studies,  5-42 
Partial  failure  indicator,  4-90 
Partial  power  cycle  analysis,  3-48 
Payload,  3-107 

Payload-range  capability,  3-109 
effect  of  altitude  on,  3-113 
Peak  engine  torque, 

determination  of,  4-38 
Peak  hydraulic  power,  9-41 
Perfect  restoration,  12-8 
Performance,  2-10 
Performance  calculations,  9-3 
Performance  Charts,  14-3 
Performance  criteria,  2-1 1 
Performance  data  report,  14-3 
Performance  effectiveness,  2-11 
Performance  (overall),  2-3 
Performance  requirements,  2-11 
Personnel, 

safety  and  effectiveness,  13-25 
Personnel  emergency  egress,  13-2 
Personnel  protection.  13-2 
Phase  sequencv  relays.  9-16 
Pilot-induced  oscillation,  5-19 
Pilot-induced  oscillations.  6-24 
Pilot  relay.  9-14 
Pilots.  7-78 
Pitch.  6-33.  13-27 
Pitch  change  hinge.  3-60 
Pitch-cone  coupling,  fc-72 
Pitch  cones.  "T-I4.  7-15 
Pitch  control.  0-3°.  P-h2.  "MS 
Pitch  coupling.  4-4l> 
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Pitch  element.  7-14 
Pitch  elements.  7-13 
Pitch-flap  coupling.  6-72 
Pitch-lag  coupling.  5-25 
Pitch  links.  4-76 
Pitch  plane,  7-15,  7-16 
Pitch  surfaces.  7-15 
Pitch/cone  coupling,  6-26 
Pitching  moment.  5-13 
Pitting.  7-18.  7-21.  7-22 
Pivoting,  4-34 
Planet  pinions,  7-6 
Planetary  gearing,  7-11 
Plans,  14-3 
Pneumatic  fluid,  9-41 
Pneumatic  power,  9-55 
Pneumatic  starter,  9-13 
Pneumatic  system, 

airborne  compressor-charged,  9-42 
Pneumatic  system  analysis,  9-45 
Pneumatic  system  installation,  9-44 
Pneumatic  systems,  9-1,  9-41 
Policy,  12-16 
Poppet  valves,  9-36 
Porter’s  method,  5-41 
Position  proportional, 
control  system,  6-77 
Potential  energy,  7-64 
Power, 

accessory,  3-96 
auxiliary  propulsive,  3-96 
constant-frequency,  9-5 
induced,  3-15 
main  rotor,  3-94 
main-rotor  induced,  3-94 
main-rotor  profile,  3-95 
parasite,  3-18,  3-95 
profile,  3-3,  3-17 
variable-frequency,  9-5 
Power  boost,  9-2 S 
Power  boost  actuator,  9-33 
Power  constraints,  3-147 
Power  control  systems,  9-24 
Power  extraction,  8-25 
Power  loading,  3-102 
Power  loss,  9-62 
Power  losses,  7-18,  7-42,  14-5 
Power  management  requirements,  8-36 
Power  management  system,  8-3 
Power  plant  analysis  report,  14-5 
Power  plant  installation  report,  14-5 
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Power  required,  3-32,  3-113 

comiMund  helicopters,  calculating  procedure  for, 
3-32 

level  flight,  3-2 
total,  3-4 

Power  required  in  forward  flight,  3-99 
Power  required  to  climb,  3-99 
Power  requirement, 

total  helicopter,  3-97 
Power  requirements,  3-93 

Power  requirements  for  tandem-rotor  configurations, 
3-95 

Power  source,  9-19 
Power  supplies,  9-55 
Power  systems,  4-80 
Power  train  effects,  3-14 
Precession,  6-59 
Prediction,  12-9,  12-10,  12-11 
Prediction  activity  sequence,  12-11 
Prediction  techniques,  12-11 
Preliminary  design, 

objective  functions,  3-90 
Preliminary  design  considerations,  1 3-3 
Prescribed  Wake-momentum  Analysis  (PWMA),  3-7 
Pressure  angle,  7-17,  7-23 
Pressure  angles,  7-13 
Pressure  drop,  9-62 
Pressure  drop  analysis,  9-45 
Pressure  gage,  9-43 
Pressure  gages,  9-42 
Pressure  indicator,  9-37 
Pressure  jet  systems,  3-70 
Pressure  loss,  9-44 

air  induction  system,  8-24 
Pressure  ratio, 

optimum  design,  3-53 
Pressure  ratios, 

compressor,  3-56 
Pressure  regulator,  9-27 
Pressure  relief  valves,  9-30,  9-42 
Pressure-sensing  elements,  9-37 
Pressure  sensors,  7-58,  9-37 
' ressure  switches,  9-42 
Pressure  transmitters,  9-37 
Pressurizing,  9-29 
Price,  2-16 

Prime  item  development  specification,  14-3 
Priorities,  2-3 

Probability  density  function,  1 2-7 
Probability  maps,  12-i'. 

Problem  areas,  14-4 
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Producibility  plan.  14-8 
Product  improvement  programs  (PIP),  10-1 
Products  of  inertia.  10-4 
Profile  power.  3-45 
Profiles.  12-10 
Program  life  cycle.  12-4 
Prohl’s  method.  7-64 
Propeller.  3-30.  4-103 
ducted.  3-84 
pusher.  4-103 
shrouded.  3-83 


Qualification  assurance  program,  14-3 
Qualification  phase.  12-4 
Quality  control.  12-4 
Quantity-measuring  fuse.  9-3K 
Quick  attach  and  detach.  7-56 
Quick  engine  change  (QEC).  8-1 
Quick  release  fasteners.  11-7 


Propeller  analytical  procedures,  3-7 1 
Propeller  and  rotor  whirl  fiutter/propeller  and  rotor 
divergence,  5-36 
Propeller  blade  definition,  3-72 
Propeller  definitions,  3-73 
Propeller-nacelle  whirl  flutter,  5-38 
Propeller  performance  calculation  method.  3-74 
Propeller  propulsion,  3-78 
Propeller  selection,  3-71 
Propeller  selection  procedure,  3-72 
Propeller  types,  3-71 
Propeller  weight,  3-75 
Propellers, 

helicopter  application,  3-71 
Proportional  control  system,  8-37 
Propulsion,  3-42 
primary,  3-80 

Propulsion  system  analysis,  3-42 
Propulsion  system  cooling,  8-16 
Propulsion  system  fire  protection,  8-28 
Propulsion  techniques,  3-42 
Propulsive  devices, 
auxiliary,  3-75 
other,  3-75 
Prototype  tests,  5-35 
Psychological  considerations,  13-25 
Pullup,  4-12 
Pump, 

lubrication,  7-45 
pressure,  7-40 
scavenge,  7-40 
Pump  output  curve,  9-39 
Pumps,  9-27 
Pylon  elasticity,  5-37 


QAD  adapters,  7-57 
QAD  pad,  8-21 
Quadricycle  gear,  4-19,  4-25 


Race  deflection,  7-73 
Race  deflections.  7-73 
Races. 

cylindrical.  7-73 
Rack.’  7-15 

Rack  and  panel  installations.  11-7 

Radar  altitude-hold.  6-80 

Radar  cross  section.  14-8 

RADC  Reliability  Central.  12-5 

Radial  flow.  4-55 

Radial  flow  corrections.  3-22 

Radial  shear.  5-13 

Rail  transport,  13-10 

Ram  air  drag  penalty,  9-4 

Ram  drag,  8-24 

Ram  effects,  3-118 

Random  fadures,  12-8 

Range,  3-113 

effect  of  altitude  and  gross  weight  on.  3-119 
ferry,  3-120 

variation  with  gross  weight,  3-118 
Range  capability, 

effect  of  wind  on,  3-120 
Range  extension,  3-120 
Range  index  method,  3-118 
Range  parameter, 
generalized,  3-123 
Rate-measuring  fuse,  9-38 
Rate  of  climb,  3-130 
Rate  restrictors,  4-79 
Rates  of  motion,  9-39 
Rayleigh  Method,  5-9 
Rayleigh-Ritz  Method,  5-9 
Rayleigh’s  method,  7-63 
Reaction  drive  system,  3-42 
P.eaction  loads,  7-44 
Reaction  system, 

hot  (or  warm)  gas,  3-49 
tip  drive,  3-49 
Reaction  systems,  3-49 
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Real  gas  flow,  3-50 
Real  resource  utilization,  2-15 
Rear  ramp,  13-3 
Reducing  drive,  7-44 
Reduction  ratio,  746 
Reduction  ratios,  7-11,  7-12 
Redundancy,  9-33,  12-2 
Redundancy  equations,  12-11 
Refueling  system,  8-27 
Regeneration,  3-52 

Regenerative  gas  turbine  engine,  8-16 
Regression  analysis,  2-18 
Reheat,  3-52 

Reliability,  2-5,  2-6,  3-51,  :,  9-35,  12-1,  12-2 

safety,  and  survivability/vulnerability  trades, 
12-3 

Reliability  and  human  factors  engineering  trades. 
12-3 

Reliability  and  maintainability  trades,  12-3 
Reliability  design  criteria,  12-5 
Reliability  engineering,  12-1 
Reliability  estimating,  12-6 
Reliability  improvement,  12-2 
Reliability  model,  12-11,  12-15 
Reliability  modeling,  12-7 
Reliability  models,  12-4 
Reliability  prediction,  12-3,  12-11 

apportionment,  and  assessment,  12-9 
Reliability  program  plan,  12-13,  14-8 
Reliability  requirements,  12-5 
Reliability  statistics,  12-6 
Reliability  substantiation,  12-13 
Reliability  substantiation  during  design,  12-13 
Reliability  substantiation  during  test,  12-14 
Reliability  tests,  12-14 
Relief  valve,  943 
Relief  valves,  9-27 
Repeated  load,  14-5 
Replaceability,  11-4 
Reports,  14-3 

Request  for  Proposal  (RFP),  10-5 

Request  for  Quotation  (RFQ),  10-5 

Reseating  pressure,  9-30 

Reserve  allowance,  3-112 

Reserve  energy  design  considerations,  4-27 

Reserve  energy  requirements,  4-26 

Reservoir  installation,  9-29 

Reservoir  level  sensing,  9-39 

Reservoirs,  9-27,  9-36 

Residual  value,  2-16 

Resonance,  5-1 
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Resonances,  4-100 

Resonant  frequencies,  5-13 

Restraint,  13-5,  13-10 

Restraint  systems,  4-95 

Restrictors,  9-32 

Reverse  braking,  4-33 

Reverse  power  protection,  9-17,  9-18 

Reversed  flow,  3-18 

Rigid  rotor,  8-37 

Ring  shaft,  7-38 

Risk  analysis,  12-14 

Rod  seal,  9-31 

Roll  and  yaw,  6-33 

Rolf  control,  6-30 

Roller  end  wear,  7-38 

Roller  gear  drive,  7-12 

Roller  skid,  7-39 

Rollover,  4-31 

Rotation,  3-140,  3-145 

Rotor,  5-2 

floating  hub,  3-60 
fully  hinged,  5-33 
hingeless,  5-34 
seesaw,  5-33 
semihinged,  5-33 
semirigid  (teetering  hinge),  3-60 
working  states  of  a,  3-1 
Rotor  airloads,  4-49 
Rotor  and  propeller  analysis,  3-59 
Rotor  blade  loads,  4-39 
Rotor  blade  stresses,  3-148 
Rotor  blades,  5-2 
Rotor  brake, 

controllable,  7-86 
Rotor  brake  clearances,  7-87 
Rotor  brake  requirements,  7-86 
Rotor  brake  safety  features,  7-86 
Rotor  brake  service  experiences,  7-87 
Rotor  brake  sizing  considerations,  7-87 
Rotor  brake  system, 
fu!!-on/ful!-ofT,  7-86 
typical.  7-86 

Rotor  brake  systems,  7-86 
Rotor  brakes,  7-4,  7-85 
Rotor  clearance,  13-1 
Rotor  configurations,  3-59 
Rotor  control  systems,  3-37,  3-60 
Rotor  Figure  of  Merit,  34.  3-98 
Rotor  forces,  5-1.3 
Rotor  hub. 

offset  hinge,  3-60 
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Rotor  hub  characteristics,  4-62 
Rotor  hub  geometry,  3-60 
Rotor  load  prediction, 
analytic  approach,  4-57 
Rotor  loads,  4-57 
analysis,  4-62 

preliminary  design  considerations,  4-59 
Rotor  motion, 

elements  of,  3-65 
Rotor  position  and  motion,  4-52 
Rotor  power  supply,  3-37 
Rotor  sensitivity,  6-16 
Rotor  solidity,  3-29 
Rotor  speed  and  power  ranges,  4-12 
Rotor  speed  requirements,  8-36 
Rotor  stiffness,  6-36 
Rotor  system  dynamics,  6-3 
Rotor  system  instabilities,  5-17 
Rotor  system  response,  8-37 
Rotor  tip  speed,  3-29 
Rotor  transient  loads,  4-56 
Rotor  types,  3-59 
Rotor  whirl  tower  testing,  3-41 
Rotors, 

articulated,  4-39 
characteristics  of,  3-67 
flex-hinge  or  strap-hinge,  3-60 
fully  articulated,  3-60,  3-67 
fully  rigid  or  hingeless,  3-60 
jet-driven,  3-70 
modified  two-bladed,  3-69 
rigid,  4-39 

rigid  or  hingeless,  3-60,  3-69 
semirigid  or  floating-hub,  3-60 
shaft  driven,  3-70 

two-bladed  teetering  semirigid,  3-68 
Ryder  scoring  index,  4-72 

S 


S-N  diagram,  4-132 
SAE  involute  standards.  7-79 
Safe-life,  7-52 
Safe-life  designs,  4-89 
Safety.  9-2.  9-35.  12-16 

maintenance,  and  reliability,  9-44 
Sample  calculations.  5-43 
SAS. 

other  considerations.  6-75 
SAS  hardover  failures.  6-73 
SAS  hardware,  6-67 
SAS  monitoring,  6-74 


SAS  null-offset  failures,  6-74 
SAS  passive  failures,  6-73 
SAS  redundancy,  6-74 
SAS  system,  6-34 
SAWE  Handbook,  10-4 
SA.341,  3-86 

Scavenge  pump,  7-24,  8-11 
Scheduled  maintenance,  1 1 -6 
Schematic  diagrams, 

environmental  control  system,  14-10 
hydraulic  and  pneumatic  system,  14-10 
Scoring,  7-9,  7-23,  7-42 
Scoring  index  value,  7-19 
Scoring  probability  rating,  7-19 
SD-24, 

Volume  II,  6-80 
Seal, 

floating,  7-36 
pressure-balanced,  7-36 
slinger,  7-33 
Sealing,  9-36 
Seals,  7-33,  9-31 
contacting,  7-34 
face-rubbing,  7-35 
felt,  7-33 
heavy-duty,  7-34 
integral,  7-33 
labyrinth,  7-33,  7-36 
land-riding,  7-34 
separate,  7-35 
wiping,  7-35 

Seat  and  restraint  system  design,  4-32 
Secondary  power  system,  8-2 
Sectionalization,  13-4 
Selection,  12-2 

Self-contained  power  sources,  8-31 

Self-sufficiency,  8-34,  1 1-10 

Sentri-seal,  7-34 

Separation,  13-2 

Service  life  calculation,  4-135 

Serviceability,  12-15 

Servicing,  11-6 

Servo-actuator.  9-22 

Servomechanisms.  9-42 

Servos,  6-67 

Shaft. 

input.  7-49 
thick-walled,  7-65 
thin-walled.  7-65 
Shaft  angle.  7-7 
Shaft  critical  frequencies.  "’-M 
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Shaft  critical  speeds,  7-62 

Shaft  deflections,  7-61 

Shaft  design,  7-59 

Shaft  design  criteria,  7-69 

Shaft  design  parameters,  7-59 

Shaft  drive  system,  3-42 

Shaft  dynamic  considerations,  7-61 

Shaft  dynamics,  7-62 

Shaft  end  configurations,  7-61 

Shaft  fatigue  strength,  7-60 

Shaft  horsepower  extraction  penalty,  9-4 

Shaft  installation,  7-85 

Shaft  limit  loads,  7-59 

Shaft  maintenance,  7-61 

Shaft  noise,  13-29 

Shaft  static  strength,  7-60 

Shaft  strength/weight,  7-59 

Shaft  system  weight,  7-60 

Shaft  vulnerability,  7-61 

Shafting,  7-53 

hypercritical,  7-61 
subcritical,  7-54,  7-61,  7-69 
supercritical,  7-54,  7-61,  7-69 
transmission,  7-2 
Shafts,  7-59 

large-diameter,  7-61,  7-62 
nonuniform,  7-63 
size,  7-62 

small-diameter,  7-62 
uniform,  7-64 
universal,  7-61 
Shield, 

standard,  7-33 
Shipment  preparation,  13-4 
Shock  mounts,  4-122 
Short-circuit  protection,  9-15 
Short  circuits,  9-16 
Shot-peening,  7-23 
Shuttle  valve,  9-42 
Side  force,  7-44 
Sign  conversion,  4-104 
Signal  processing,  7-59 
Similar  E quipment  Technique,  12-11 
Similar  Function  Technique,  12-11 
Simulation  modeling:  an  example,  2-19 
Single-blade  coupled  pitch-flap-lag  instability,  5-25 
Single-blade  flapping  instability,  5-21 
Single-blade  flutter  and  torsional  divergence,  5-19 
Single-blade  instability  analyses,  5-19 
Single-rotor  transmission,  7-52 
Sinking  velocity,  4-18 


Size  and  weight  limitations,  13-5 
Sketch, 

anti-icing  system,  14-10 
towing,  jacking,  mooring,  and  tiedown,  14-11 
Skewed  flow,  4-55 
Skid  gear,  4-18,  4-24 
Sling  load  bounce,  4- 1 23 
Slings, 

aerodynamic  loads,  4-43 
asymmetrical  loading,  4-43 
combined  loads,  4-43 
static  loads,  4-43 
Slipper  seals,  9-31 
Snap  rings,  7-31,  9-36 

Society  of  Aeronautical  Weight  Engineers  (SAWE), 
10-1 

Society  of  Automotive  Engineers  (SAE)  standards, 
7-78 

Solar  heat  transmission,  9-61 

Solenoid  valve,  9-25 

Solicitations,  14-1 

Solid  bus,  9-18 

Sonic  analysis,  7-58 

Sonic  orifice,  9-56 

Sound  level,  13-27 

Source  bus  system,  9-20 

Southwell  diagram,  5-14 

Spare  parts,  1 1-2 

Special  GSE,  1 1-1 1 

Special  tail-gear  conditions,  4-34 

Special  tool,  1 1-7 

Special  tools.  11-6 

Specific  fuel  consumption,  3-93 

Specific  fuel  consumption  (SFC),  3-44 

Specific  power,  3-44 

Specific  range  parameter  computation,  3-113 
Spectrometric  oil  analysis,  7-58 
Spectrometric  Oil  Analysis  Program,  7-57 
Spectrum  testing,  4-136 
Speed, 

autorotational  dive,  4-2 
cruise,  4-2 

design  limit  flight,  4-1,  4-2 
endurance,  4-2 
maximum  level  flight,  4-2 
“never-exceed”,  4-2 
operating  limit  flight,  4-2 
Speed  capability  of  helicopters,  3-26 
Speed  for  maximum  rate  of  climb,  4-2 
Speed  for  minimum  rate  of  descent,  4-2 
Speed  stability,  6-39 
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calculation  of.  6-41 
Speeds. 

design  flight.  4-2 
Spiral  angles.  7-13 
Spline. 

clamped-up.  7-85 
eurvic.  7-78 

design  consideration.  7-78 
major  or  minor  diameter  fit.  7-78 
side  fit,  7-78 
Spline  capacity.  7-79 
Spline  lubrication.  7-80 
Splines.  7-68.  7-77 
ball,  7-54 

high-capacity,  7-79 
involute,  7-78.  7-80 
straight,  7-54 
Split  bus,  9-17,  9-18 
Sprag, 

positive  continuous  engagement,  7-74 
Sprag  clutch  design.  7-71 
Squire,  3-1 

St.  Venant’s  principle,  4-101 
Stability,  6-1 

dynamic,  6-9,  6-47 
effects  of  external  stores,  6-48 
effects  of  weapon  recoil,  6-52 
external  stores,  angle  of  attack,  6-48 
external  stores,  attitude,  6-49 
high-impulse,  single-shot  weapons,  6-54 
high-rate-of-fire  weapons,  6-53 
longitudinal,  6-9 

medium-  and  low-rate-of-fire  weapons,  6-53 
sling  loads,  6-54 
speed,  6-7 
static,  6-7 

Stability  and  control, 
definitions,  6-1 
fundamentals,  6-1 
Stability  and  control  report,  14-4 
Stability  augmentation,  4-81,  6-60,  9-21 
Stability  augmentation  system,  4-76,  9-33 
Stability  augmentation  system  failure  analysis,  6-73 
Stability  augmentation  systems,  6-28,  6-62 
Stability  constraints,  3-150 
Stability  derivatives,  6-5 
Stability  requirements,  6-60 
Stability  substantiation  criteria  and  methods,  5-34 
Stabilization, 

automatic,  6-11 
Stall,  4-52 


Standard  Aircraft  Characteristics.  14-3 

Standard  parts,  11-5 

Standard  test  equipment.  11-11 

Standard  versus  nonstandard  parts.  12-16 

Standardization.  1 1-5 

Starter  parameters,  8-31 

Starting  system.  14-6 

Starling  system  selection,  8-30 

State-of-the-art.  7-57 

Static  analysis.  4-14 

Static  deflection  curve.  7-63 

Statistical  significance.  12-6 

Steady-state  aerodynamic  coefficients,  4-62 

Step  height,  13-3 

Steps.  4-48 

Steps  and  handholds,  4-48 
Stewart.  3-2 
Stiffness,  7-73 
Stodola  Method.  5-8 
Storage  bottle  system,  9-42 
Straddle  mounting.  7-23 
Stress,  4-62 

surface  compressive,  7-7 1 
Stress  analysis,  14-5 
Stresses,  4-66,  7-71 
allowable,  7-19 
contact,  7-8 
race  hoop.  7-73 

Structural  description  and  design  data  report.  14-4 

Structural  design,  4-29,  4-102 

Structural  failure,  4-86 

Structural  fuse,  7-61 

Structural  index,  10-4 

Structural  resonance,  4-87 

Suboptimization,  3-92 

Substantiation, 

airframe  structural,  4-90 
control  system,  4-75,  4-85 
landing  gear,  4-112 
wing  and  empennage,  4-102 
Substantiation  of  mission  equipment  installations, 
4-119 

Substantiation  requirements,  4-22 
Substantiation  testing,  12-14 
Substantiation  testing  process,  12-15 
Subsystem  selection,  9-2 
Suction,  9-29 
Supporting  data,  14-4 
Surface  durability  rating,  7-18 
Survivability,  2-3,  2-9,  8-20,  9-35,  9-37 
Survivability/reliability,  9-23 
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Survivability/vulnerability  (S/V)  report  and  plan, 
14-7 

Survivable  accidents,  4-29 

S/V  Program  Plan,  14-8 

Swashplatc,  4-76 

Switches,  9-6 

Symmetrical  flight,  4-10 

Synchronizing  bus,  9-18 

System  and  component  reliability,  12-4,  12-6 

System  complexity,  2-5 

System  index  of  reliability,  12-7 

System  line  and  fitting  trade-olT,  9-25 

System  pressure  trade-offs,  9-21 

System  reliability,  12-3 

System  requirements, 

budgetary  considerations,  2-2 
design  cycle,  2-3 
military,  2-1 

System  safely  program,  13-25 

System  Safety  Program  Plan  (SSPP),  12-16,  14-8 

System  selection,  7-5 

System  stops,  4-81 

System  success  diagrams,  12-11 

System  trade-offs,  4-21 

T 

Tail  rotor,  3-80,  8-26,  8-37 
drive,  7-44 
swiveling,  3-83 
Tail  rotor  drive  shaft,  7-62 
Tail  rotor  response,  3-150 
Tail-wheel  gear,  4-18,  4-25 
TakeolT  and  climb,  4-12 
Takeoff  and  landing,  3-137 

procedure  for  calculating,  3-170 
Takeoff  distance, 
minimum,  3-138 
TakeolT  performance,  3-140 
TakeolT  weight  penalty  method,  9-3 
Tandem-rotor  drive  system,  7-52 
Tandem-rotor  interference,  3-23 
Tangential  velocity,  4-50 
Task  analysis,  13-21 
Task  descriptions.  13-21 
last  and  ground-handling,  4-33 
Taxiing.  4-34 
I U MT.I)  175,  13-31 
leelering,  3-60 
Teflon.  9-31 


Temperature,  9-41 

Temperature  dependence  of  available  power,  3-93 
Temperature  rises,  7-58 
Temperature  warning,  7-58 
Temperatures, 
allowable,  7-48 
Tensile  preload,  7-49 
Terminal  facilities,  13-5 
Test  limit  criteria,  12-3 
Testing,  12-3,  12-9 
qualification,  7-85 
reliability,  7-85 
Tests, 

proof  and  burst  pressure,  7-85 
Thermal  analysis,  13-32 
Thermal  capacity,  9-20 
Thermal  control,  8-16 
Thermal  efficiency,  3-44 
Thermal  stress,  13-30 
Thermionic  cooling  systems,  9-66 
Thermocouple,  9-66 
Thermocouple  detection  system,  8-29 
Three-point  braked  roll,  4-33 
Throwaway  elements,  9-23 
Thrust, 

tail  rotor,  7-48 
Thrust  vector,  4-62 
Tiedown  and  lifting  points,  13-5 
Time  Between  Overhauls  (TBO),  7-56,  1 1-8 
Time  Only  approach,  12-12 
Time-to-failure,  12-4 
Time/Data  method,  12-12 
Tip  jet,  3-51 
Tip  loss,  3-6 
Tip  loss  factor,  3-6 
Tip-mounted  engines,  3-70 
Tip  speed,  3-102 
Titanium,  9-27 
TM  55-650,  13-5 
Tooth, 

spherical,  7-84 
Tooth  bending  strength,  7-21 
Tooth  loads,  7-11 
Tooth-phasing,  7-11 
Tooth  strength  rating,  7-18 
Tooth  surface  finish,  7-42 
Torque,  3-70,  4-66,  7-71 
engine,  4-36 
engine  output,  4-38 
net,  4-38 

peak  transient,  4-38 
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temperature  effects,  4-38 
Torque  capacity,  7-71 
Torque  loading,  7-60 
Torque  loads,  7-74 
Torsion  frequencies,  7-88 
Torsional  deflections,  7-79 
Torsional  instabilities,  7-62 
Torsional  natural  frequencies,  7-61 
Torsional  oscillating  loads,  7-61 
Torsional  oscillation,  8-37 
Touchdown  speed,  3-157 
Trade-off  analyses,  12-3 
Trade-off  studies,  11-1 
Trade-offs  among  constant-pressure, 

variable-flow;  constant-flow;  and  load-sensitive 
hydraulic  systems,  9-22 
Transducers,  9-58 
Transformer-rectifier,  9-13 
Transient  load  factor  capability,  3-162 
Transient  peak  pressure,  9-25 
Transient  softening,  6-77 
Translational  control,  6-67 
Transmission, 

combining,  7-44,  7-51 
intermediate,  7-51 
main  rotor,  7-44 
single-rotor,  7-45 
tandem-rotor,  7-45 
Transmission  design,  7-44 
Transmission  efficiency,  7-41,  8-26 
Transmission  quieting,  13-29 
Transmission  requirements,  7-14 
Transmission  system,  9-20 
Transmission  systems,  7-1 
Transportability,  13-2,  13-4 
air,  13-5 

Transverse  contact  ratio,  7-16 
Transverse  plane.  7-16 
Tricycle  gear,  4-18,  4-23 
Trim  actuators,  4-79 
Trim  characteristics,  3-171 
Trim  controls,  6-56 
Trim  systems.  6-60 

Truck  size  and  weight  limitations.  13-10 

Tube-joining,  9-44 

Tubing.  9-27.  9-32.  9-44 

Turbine.  3-47 

Turbine  cooling.  3-55 

Turbine  engine. 

Reynolds  number  effects,  3-48 
Turbine  engine  cooling,  3-47 


Turbine  engine  cycle, 

other  considerations,  3-47 
Turbine  engine  gas  properties,  3-48 
Turbine  engine  leakage,  3-47 
Turbine  engines, 

coupled  and  free  power,  3-52 
Turning,  4-33 
Turnover  angle,  13-3 
Two-point  braked  roll,  4-33 

U 

Ultimate  stresses,  14-6 
Unbalance,  7-61 
Underfrequency,  9-16 
Underspeed,  9-16 
Underspeed  protection,  9-18 
Undervoltage  protection,  9-16 
Universal  fittings,  9-32 
Universal  joint,  7-68 
Universal  joints,  7-84 
Unlimited  life,  7-60 
Unsteady  aerodynamic  effects,  4-55 
Unsymmetrical  braking,  4-33 
USAAVSCOM  ADS- 10,  14-4 
USAAVSCOM  ADS-11,  14-8 
Useful  load,  3-110,  10-5 
fixed,  3-109 
Utility  functions,  9-33 
Utility  hydraulic  system  analysis,  9-41 
Utility  systems,  9-24 

V 

V-n  diagram,  4-12 
V-n  diagrams,  14-4 
Valve,  9-45 
Van  loading,  13-10 

Vapor-cycle  refrigeration  systems,  9-65 

Variable-frequency  AC  electrical  system.  9-10 

Variable  gain  devices.  8-41 

Variable-stability,  6-61 

Variable-stability  aircraft.  6-29 

Variable  vanes.  3-58 

Variable  weight  penalty.  9-3 

Vehicle  design.  4-26 

Vehicle  designs. 

evaluation  of.  4-21 
Velocity  vector  control,  6-82 
Ventilation,  9.<,2.  13-32 
Vertical  and  forward  resultant  velocity.  4-31 
Vertical  bounce.  5-19 
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Vertical  drag  calculation, 

fxilar  area  moment  of  inertia  ratio  method,  3-13 
strip  analysis,  3-13 
Vertical  impact,  4-31 
Vertical  stabilizer,  4-103 
Vf  AC  system,  9-10 
VFR/1FR  flight.  6-27 
Vibration.  3-151.  5-3,  13-25,  13-29 
effects  of,  5-3 
free,  5-1 
mechanical,  5-3 
nonperiodic,  5-3 
rotational,  5-3 
self-excited,  5-1 
translational,  5-3 
Vibration  absorbers,  4-81,  5-9 
Vibration  analysis,  5-5 
Vibration  characteristics,  5-17 
Vibration  control,  5-4 
Vibration  control  analysis,  5-4 
Vibration  design  criteria  and  considerations,  5-17 
Vibration  excitation  sources,  5-13 
Vibration  isolation,  5-10 

mathematical  methods,  5-10 
Vibration  isolator,  8-5 
Vibration  level,  7-87 
Vibration  monitoring,  7-58 
Vibration  mountings,  8-5 
Vibration  reduction,  5-9 
Vibration  signal,  7-58 
Vibration  sources,  5-14 
Vibrations,  5-1 
forced,  5-1 
Vibratory  loads, 
rotor,  5-4 
Vision,  13-13 
Visual  acuity,  13-14 
Visual  areas, 

optimal,  13-16 
Visual  effects,  13-15 
Voltage  drop,  9-20 
VOR  and  TACAN,  6-81 
Vortex  ring,  3-153 
Vortex  ring  state,  3-2 
Vortex  tube  inertial  separators,  8-8 
Vulnerability,  2-10 
reduction  in,  2-10 

W 

Walsh-Healey  Act,  13-28 
Warmup,  3-110 


Water  hammer,  9-25 

Waterborne  transport,  13-10 

Weapon  clearance,  13-3 

Weapon  mounting,  6-27 

Weapon  platform  stability  requirements,  6-26 

Weapon  selection  controller,  6-27 

Wearout  failures,  12-7 

Weather  protection,  6-28 

Wedging  angle,  7-70 

Weibull  distribution,  4-132 

Weight, 

basic,  3-109 

basic  structural  design  gross,  4-3 
documentation,  10-5 
empty,  3-109,  10-3 
gross,  4-1 

maximum  alternate  design  gross,  4-3 
operating,  3-109 
takeoff  gross,  3-107 

Weight-altitude-temperature  characteristics,  3-170 
Weight  analysis,  9-7,  9-10,  9-13 
Weight  and  balance,  10-1 
Weight  and  balance  control,  10-1 
Weight  and  balance  determination,  10-4 
Weight  and  balance  report,  14-3,  14-9 
Weight  and  balance  status,  10-5 
Weight  and  CG  factors,  4-20,  4-26 
Weight  comparison,  9-1 1 
Weight  control,  7-52 
Weight  control  plan,  14-3 
Weight  control  program,  10-2 
Weight  control  status  reporting,  10-4 
Weight  definitions,  10-8 
Weight  engineering  group,  10-2 
Weight  engineers,  10-2 
Weight  estimates,  7-24 
Weight-estimating  relationships,  3-101 
Weight  estimation  and  calculation,  10-3 
Weight  growth  factor,  10-1 
Weight  penalty,  2-7 
Weight  prediction, 
preliminary,  10-3 
Weight  statement, 
summary,  10-5 
Weight  system, 
target,  10-2 
Weights, 

definition  of,  3-107 
gross,  4-2 

Wet-Bulb  Globe  Temperature  (WBGT),  13-31 
Wet  sump,  7-40 
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Wetted  areas.  14-3 
Wheatley.  3-1 
Wheatley  method.  3-19 
Wheel.  ' 

brakes,  and  tire  heating.  4-33 
Wheel  (skid)  height.  3-106 
Whirl  nutter.  5-19.  5-27 
Whirl  mode.  5-36 
Whirling  speed.  7-62 
Wind  tunnel.  6-5 
Wind  tunnel  data.  14-4 

presentation  of  results,  3-40 
Wind  tunnel  data  reduction,  3-40 
Wind  tunnel  model,  5-35 
Wind  tunnel  model  instrumentation,  3-37 
Wind  tunnel  model  test  procedures,  3-40 
Wind  tunnel  models, 

design  considerations,  3-36 
dynamic.  3-35 
powered,  3-35 
special,  3-35 

Wind  tunnel  models  with  rotors, 
design,  3-37 

Wind  tunnel  models  without  rotors,  3-36 
Wind  tunnel  testing,  3-33 

airframe  drag  and  stability  studies,  3-34 
support  of  a project,  3-33 
Wind  tunnel  testing  of  actual  hardware,  3-36 
Wind  tunnel  tests, 
other,  3-41 

Wind  tunnel  two-dimensional  airfoil  tests,  3-36 
Wind  tunnel  wall  corrections,  3-40 
Windage,  7-43 

Windage  and  churning  losses,  7-43 
Windmill  brake  state,  3-2 
Winds,  3-120 

Wing  and  empennage  structural  design  requirements, 
4-109 

Wing  area,  3-28 

Wing  flaps,  3-28 

Wing  incidence,  3-28 

Wing  location,  3-28 

Wing  span,  3-28 

Wing  stall,  4-109 

Wing/  rotor  lift  sharing,  3-32 

Wings, 

effect  of,  3-163 
Winterization  kit,  9-63 


X-22A,  3-86 
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y axis.  6-2 

Yaw  dampers,  6-27 

Yntema's  Method.  5-14 
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z axis.  6-2 

Zoom  maneuver.  3-156 
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cutout  correction*.  In  reducing  the  test  data,  rotor 
whirl  stand  performance  is  adjusted  for  ground  effect 
using  the  Cheeseman  and  Gregory  correction  (par.  3- 
2. 1.1. 8),  and  the  results  at  discrete  tip  Mach  numbers 
are  cross-plotted  to  provide  performance  at  the  three 
Mach  numbers  presented. 

There  are  inherent  variants,  which  should  be  recog- 
nized whenever  this  method  is  used,  and  which  contrib- 
ute to  the  scatter  on  the  plotted  data  points.  These 
include: 

1.  Tip  shape 

2.  Airfoil  section 

3.  Leading  edge  abrasion  strip  geometry 

4.  Reynolds  number. 

Blade  planfora  and  Metton  camber  are  two  other 
important  parameters  that  need  to  be  considered  in 
detail  rotor  design.  Blade  taper  has  an  effect  upon  rotor 
performance  similar  to  that  resulting  from  increased 
blade  twist.  Both  factors  tend  to  provide  a more  uni- 
form inflow  distribution;  this  relieves  the  blade  loading 
at  the  tip,  which,  in  turn,  reduces  Up  losses  by  decreas- 
ing the  strength  of  the  Up  vortex.  In  addition,  the  com- . 
bined  power  saving  derived  from  lower  induced  and 
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profile  drag  losses  can  be  significant  at  high  rotor  load- 
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demonstrated.  Effects  of  various  airfoils  upon  hov 
performance  (horsepower  required)  can  be  appro 
imated  by  use  of  Eq.  3-7  with  Cb  adjusted  for  t 
appropriate  section. 
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Fig.  3-12.  Blade  Twist  Correction  — Bowline; 
=»  —8  deg 
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geared  to  meet  specific  performance  requirement  i for  a 
particular  flight  regime,  and  wind  tunnel  test  programs 
are'  conducted  to  optimize  the  section  characteristics 
•ought.  Section  pitching  moment  characteristics  nor- 
mally are  the  undesirable  side  effects  of  camber  in  a 
routing  wing,  insofar  as  rotor  control  load  and  blade 
stilfness  requirements  are  concerned.  However,  means 
of  minimizing  inherent  pitching  moments  have  been 
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